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Preface 

This thesis is the result of an attempt to synthesize a logical 

aerodynamic vehicle for use by future expeditions on the planet Mars. 

It represents a reasonable extrapolation of the elements of Earth 

aircraft and engine design to the Martian environment, based on current 

technology. It is not my intent to imply that the numerical values 

presented are absolutely certain, but rather to show their magnitude 

relative to the design and performance of Earth aircraft. 

I wish to thank Capt. E. M. Römer of the Aeronautical Engineering 

Department, Institute of Technology, for his suggestions and guidance 

as my adviser. Useful suggestions for the engines were also made by 

Capts. J. p. Thomas and L. A. Hamilton of the Mechanical Engineering 

Department. Many other suggestions were obtained from discussions with 

Capt. W. L. Haygood, who was doing a companion thesis on aerodynamic 

flight in the atmosphere of Venus. Many thanks also go to my wife, 

Carol, for her encouragement and invaluable assistance in preparation of 

the manuscript. 

One final point I should like to make, in deference to Congressman 

Daniel Flood of Pennsylvania, who claims that military pilots should do 

nothing but fly. I feel that my pilot experience greatly increased my 

knowledge and insight of the problems of aircraft design. 

John R. Stetson 
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Abstract 

This thesis presents the preliminary design of a long range, powered 

aerodynamic rehlole for subsonic flight in the Martian atmosphere. Prom 

a surrey of literature concerning Mars, a logical atmospheric structure 

is defined. Performance calculations and specific weight estimates of 

se/eral power plant types show an atmosphere-breathing turboprop engine 

is the most efficient. Calculations of range variation with wing loading 

and aspect ratio show that a vehicle with a Martian wing loading of 15 

and aspect ratio of 16 has a range of 8100 miles with a 0.038 payload 

fraction. Structural weight, layout, performance, and static stability 

are discussed for a 26,300 Earth pound vehicle. 

vii 
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PRELIMINARY DESIGN Oí' A SUSTAINED-FLIGHT VEHICLE 

IN THE ATMOSPHERE OF MARS 

I» Introduction 

A manned expedition to Mars must have the means for mobility at the 

destination. The evidence that Mars possesses an atmosphere suggests an 

aircraft as one likely method of transportation about the planet. It is 

the purpose of this paper to propose a powered aerodynamic vehicle that 

will operate efficiently in the atmosphere of Mars. 

Although Mars has only one fourth the surface area of Earth, no 

measurable amount of surface water has been discovered. Thus the Martian 

land mass to be explored is nearly ninety per cent of the Earth's land 

mass, about thirty million square miles. The circumnavigation distance 

is 13,300 miles. An aircraft may be a most useful vehicle for reconnai¬ 

ssance and for transportation of men and supplies, since travel by air 

avoids many unforeseen problems of surface mobility. 

Initial design of a Martian aircraft should be directed toward a 

vehicle capable of long range and short field operation. Thus the 

vehicle to be considered will be of low mass and subsonic design. The 

structure, powerplant, and fixed equipnent will be fabricated on Earth and 

transported to Mars by rocket. For extensive operations on Mars, it will 

be necessary to manufacture fuels locally. Thus it is further assumed 

that suitable raw materials for fuel production exist on the Planet. 

The most distinctive features of Mars that affect powered aerodynamic 

flight are the low density and inert nature of the atmosphere, and the 

1 
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reduced gravitational force. Prom a survey of the literature concerning 

Mars, a model atmosphere is defined. The thermodynamic performance of 

several types of propulsion systems is then investigated. Consideration 

is given to both self-contained propellant engines and atmosphere¬ 

breathing engines using chemical heat sources. Engine selection is based 

on minimum mass of powerplant and fuel per horsepower hour. 

The airframe is then designed by estimating the ranges of a family 

of vehicles as a function of wing loading and aspect ratio for a payload 

of 1000 Earth pounds. From selection of a wing loading and aspect ratio, 

the preliminary layout of a vehicle is then synthesized. Consideration 

is given to methods for short field operation and to structural loads. 

From the preliminary layout, a more accurate weight estimate is 

obtained and the variation of range and landing field length with payload 

is then calculated. Finally aerodynamic performance, single-engine 

operation, and static stability are investigated. Systems design is not 

considered. 

Preliminary studies of the feasibility and uses for a Martian 

aircraft have also been done by Cartaino (Ref 4) and Godwin (Ref 11s 

125-129). 

2 
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\ 

U» The Atmosphere of Mars 

Positive evidence of the existence cf an atmosphere on Mars is 

indicated fron observations of these planetary features! 

(1) Seasonal variation of the sise of polar caps. 

(2) Increase in brightness of the planet toward the edge of the 

disc. 

(3) Existence of a twilight zone on the disc. 

(4) Occasional appearance of haze and clouds. 

Detailed investigation of the properties of the Martian atmosphère has 

been continuing since as early as 1923 (Ref 36). 

oom iosition 

Carbon dioxide is the only atnospheric gas that has been positively 

identified. The amount of 0¾ is estimated to be two per cent by volume, 

which is 50 times the concentration of 0C2 on Earth (Ref 28). Water 

vapor and free oxygen, if present, exist in quantities too small to be 

detected by observation through the Earth's atmosphere. Infrared spectra 

indicate that the polar caps are a thin layer of ice or hoarfrost, which 

implies that water vapor is present (Ref 28). The kinetic theory of 

gases predicts that lighter gases fedrogen, helium, methane) will easily 

escape the weak gravitational attraction of the planet. Thus the 

remainder of the atmosphere is presumed to be nitrogen plus a small 

amount (1-2¾) of argon from radioactive decay of potassium 40 (Ref 22). 

Structure aud Thenaodynamc Properties 

Surface temperatures measured by infrared emission have been 

3 
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recorded as high as 33 degrees 0 at subsolar points, with a diurnal 

variation of 50 degrees 0 or more in the equatorial regions. Sight time 

temperatures in the winter hemisphere are as low as -70 degrees. The 

maximum daily temperature occurs about one-half hour after local noon, 

which indicates a surface thermal diffusivity higher than that of the 

moon, but not as high as loam on Earth (Ref 30). Because of the large 

diurnal variation of surface temperature, it is estimated that the 

temperature of the base of the atmosphere is 20 to 30 degrees below 

daytime surface measurements. Therefore an average ambient surface 

temperature of 0 degrees 0 is generally assumed. It is expected that 

this will result in strong vertical convection currents during mid-day 

(Ref 36:292). 

Because of the lower surface gravity of Mars, the structure of the 

atmosphere is expected to be much “flatter" than that of Earth. A 

temperature lapse rate of about -3.7 degrees C per kilometer is estimated 

by measurement of cloud temperatures (Ref 18). A stratosphere in radi- 

“tive equilibrium is assumed to exist, but estimates of the height of a 

definite tropopause vary from 5 to 45 Km (Ref 36). The temperature of 

the stratosphere is estimated to be between -90 and -140 degrees C. 

(Ref 35). 

Surface pressure is calculated from measurements of cloud heights 

and temperatures and from the polarisation of reflected light. Agreement 

exists among several observers for an average surface pressure of 85 

millibars (1.234 psi). This gives a surface atmospheric density of 

1.06 X lCrWcm3 (0.000206 slugs/ft3). The variation of pressure and 

density with altitude is assumed to be adiabatic. Deviations from 

4 
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adiabatic Win be .iccr in the lower ataoephere, but will not be 

Id the region of a stratosphere (lief 13..5). Ihe 3Urfa(.e pressure 

rresponds roughly to Earth atmospheric pressure at 57,000 feet; but 

pressure decreases much less rapidly with height on Mars, so that atmos¬ 

pheric pressure is the sme on both planets at an altitude of about 92,000 

toet. Table I gives a comparison of data on Mars from several investi¬ 

gators, Reasonable agreement is obtained for all values except for the 

height of the trcpopause« 

Investigator (Ref) 

Table I 

A Comparison of Data on Mars' Atmosphere 

¡¡ay ^ 

Hess (13 

Kopal (20) 

Kuiper (22) 

Urey (35) 

Vaucouleurs (37) 

Surface Max Iropo_ lapae 

Pressure Surface pause Rate 

èLü. ÜL (desAn) ®2) 

0.66 

0.3 

2.0 

2.2 

80 

85 

89 

85 

30 

30 

30 

30 

45 

Si-25 

30 

5-45 

3.7 

3.9 

3.75 

3.7 

380 

372 

380 

391 

(a) Early measurements of C0o were fnur^ k« 1 
upwards (Ref 28:3) ^ ^ow ^ were revised 

Other Atmospheric Features 

From extensive temperature and cloud movement data gathered over 

certain periods, attempts have been made to construct surface weather 

charts for ¡fers. From plots of surface temperature gradients, it is 

5 
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6“ ïertlCal ^ ““ «locitie, ^ the fMe aw 

Phere are .«ewhat lea, then on Earth. Observations of the textor, 

the dividing line between day and night, indicate that the surface is ’ 

»ooth a* free of sh** nonntains and depressions greater than 3500 feet, 

he absence of sharp nowntain ranges atsi oceans, the lesser water vapor 

content than on Earth, and the longer Martian year (695 Earth days) are 

all factors that would eive a 
give a »re pronounced regularity of weather on 

Mars (Ref 13:1-11). 

The density and size of Mars sueeest tw « 
ggent that no more than a small, 

heavy (iron) core exists. Thus it is probable that a nagnetic fi.ll, if 

belts around the planet. It is suggest«,, however, ttat a Martian 

ionospheric "E" layer exists near an altitude of 320 Km (Ref 20). 

A Model Atmosphere 

Based on the assumptions of perfect gas law behavicr and an 

adiabatic troposphere, a model atmosphere for Mars is defined as shown 

m Table II. Additional data on the atmosphere is shown in Appendix A. 

Ibele (Ref 15:384) j*. ^ 
ea values of Martian atmospheric viscosity, 

thermal conductivity, and Prandtl number as a fw*< , . 
uumoer as a function of temperature 

for more detailed thermodynamic calculations. 

6 
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Table II 

A Model Martian Atmosphere 

Composition 

Nitrogen 
Carbon Dioxide 
Argon 

Molecular Weight 

Mean Surface Air Temperature 

Surface Pressure 

Surface Density 

Temperature Lapse Rate 

Tropopause Height 

Ratio of Specific Heats 

Surface Sonic Velocity 

Surface Gravity 

Relative Gravity (Earth = l) 

97 mol$ 
2 
1 

28.3 

0 deg C 

85 mb (1.234 psi) 

1.06 X 10“4gm/cc (0.000206 slugs/ft3) 

-3.75 deg C/Km 

30 Km 

1.405 

1100 feet/sec 

372 cm/sec^ 

7 
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HI» Selección of a Propulsion Unit 

The two most important factors that influence selection of a power 

plant are specific weight and specific propellant consumption. As the 

flight time increases, however, the specific propellant consumption, here¬ 

after referred to as SPC, becomes the dominant factor. Thus in order to 

select the best propulsion system for a long range subsonic aircraft it 

is necessary to compare the SPC on Mars of severa types of engines. 

Atmosphere-Breathing Engines 

Although the Martian atmosphere is presumed to be chemically inert, 

the performance of gas turbine engines will be very similar to perform¬ 

ance in the Earth's atmosphere, except that both fuel and oxidizer must 

be supplied to the thermal cycle. Specific thrust, specific horsepower, 

and SPC have been calculated for several theoretical turboprop, turbojet, 

and turbofan engines on liars at subsonic flight velocities and different 

c.cle pressure ratios (Appendix B). Figure 1 shows the variation of 

horsepower SPC (KPSPC) with compressor pressure ratio for different 

engine types and using two different fuel/oxidizer heat sources. 

Stoichiometric mixture ratios were assumed for simplicity with a com¬ 

bustion efficiency of 0.95. Machinery efficiency was taken to be 0.9. A 

turbine inlet temperature of 2000° F was assumed, since the inertness of 

the Martian atmosphere should permit the use of higher tenperature 

resistant metals such as columbina or molybdenum for turbine blades 

(Ref 21:9; ref 2:26). 

8 
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Figure 1 

Horsepower Specific Propellant Consumption 
of Powerplants in a Martian Atmosphere 

9 
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Rocket-Turbine Engines 

The use of a rocket-turbine, or "turbcrocket", is suggested by 

Erase (Ref 21) as an efficient propulsive unit in very thin atmospheres. 

In such a unit the high kinetic energy of the exhaust gases of a con¬ 

ventional cnemical rocket is converted into shaft horsepower by inter¬ 

position of a multistage turbine between the rocket thrust chamber and 

expansion nozzle. The advantage of such an engine is that no compressor 

power is required, as in a turboprop, and thus the'weight of a compressor 

is eliminated. Such an engine will be very light, but all of the working 

fluid must be carried by the vehicle. Because of the presence of a 

turbine, the temperature of the combustion chamber must be lowered to 

turbine-blade limits by dilution of the stoichiometric mixture ratio. 

The SPC of a rocket-turbine has been calculated for two different 

fuel/oxidizer combinations (Appendix B) and is shown in Figure 1. The 

SPC of a high temperature rocket, for comparison, is more than 5 times 

higher at 0.7 Mach (iable III). Although the rocket-turbine will have a 

low specific weight, it is evident that for long flight times the rocket- 

turbine will be superior only if hydrogen is one of the propellants. 

Other Powerpiant Types 

Because of the similarity of the Martian atmosphere to very high 

altitude conditions on Earth, certain qualitative conclusions may be made 

regarding other chemical propulsion units. A ramjet cycle, using 

bipropellants as ohe heat source in an inert atmosphere, has been found 

to give poor performance relative to pure rockets (Ref 12). The pulsejet, 

while limited to the subsonic speeds under consideration, is undesirable 

for piloted aircraft due to its severe vibration and high intensity of 

10 
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noise (Ref 39:103)» Krase (Ref 21:16) suggests that a reciprocating 

(Otto cycle) engine nay have a lower SH3 than a rocket turbine but will 

have a higher specific weight. 

Nuclear Propulsion 

Although the SPG for an atmosphere-breathing nuclear propulsion unit 

will be nearly zero, the specific mass of such a system is high even on 

Earth. Because of the very low atmospheric density on Mars, the power- 

plant mass for a given jxjwer would increase by a factor of 4 to 5 over 

that for direct cycle nuclear-powered aircraft (AN?) on Earth. Thus the 

minimum mass for ANP systems on Mars may be so large that they will never 

be competitive with systems in which chemical propellants are produced 

from a stationary nuclear power source (Ref 21:5-7). 

Propellant Selection 

For extensive airborne operations on Mars, it will then be necessary 

to produce propellants from nacive materials. It is premature to speculate 

which substances exist on ohe crust of Mars that could most easily be 

converted into energetic fuels. Only carbon dioxide has been positively 

detected (Ref 35). Vaucoulours (Ref 37) suggests that the infrared 

spectrum of the dark areas gives evidence of C-H heavy organic molecule 

bonds. Thus it is possible that hydrocarbons and hence^^tröleum may be 

present. Spilhaus (Ref 29) suggests that the seasonal color changes on 

Mars are similar to the color changes of nitrogen tetroxide with 

temara uure. 

Possible reactions with atmospheric nitrogen were considered by 

Krase (Ref 21:23). Only reaction with boron to produce non-crystalline 

boron nitride shows any prcr,iise of practical application, however the 

11 
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telífera ture of reaction is about 2200° f vhich is rather high for turbo- 

machinery. Host other exothermic reactions with nitrogen yield crys¬ 

talline products which are also unsuitable for turbomachinery. The sane 

problems occur with the reaction of high energy borane, silane, and 

lithium fuels with oxygen (Ref 34). 

An estimate of HPSPC of a theoretical turboprop and turbojet for 15 

different fuel-oxidizer combinations has been calculated (Appendix B) 

and is shown in Table III. Although the liquid hydrogen-liquid oxygen 

system has by far the lowest SPC (highest thermal efficiency), the low 

bulk density and the cryogenic nature of these chemicals would require 

a massive fuel system and external storage system to reduce boil-off to 

acceptable levels. The production of liquid hydrogen and liquid oxygen 

from water vapor on Mars would also require the development of light¬ 

weight, efficient dissociation equipment. 

From Table III it is seen that a fuel-oxidizer combination, both of 

which are ncn-cryogenic, that has the lowest SPC is a stoichiometric 

mixture of n-octane and nitrogen tetroxide (N204). Such a mixture is 

non-hypergolic, which is a desirable safety feature of a manned vehicle, 

and one or both of these substances may exist in its native state on 

Mars. 

Engine Selection 

From Figure 1 it is seen that, at subsonic speeds, the turboprop 

engine operates at the lowest SPC for n-octane - N204 fuel. Table III 

shows that choice of propellants does not alter the optimum engine unless 

hydrogen is used as a propellant for a rocket-turbine. 

12 
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Table III 

Horsepower Specific Propellant Consumption 
of Turboprop and Turbojet Engines on Mars 
for Selected Fuel/Qxidizer Combinations 

Flight Speed: 770 ft/sec (0.7 Mach) 
Compressor Pressure Ratio: 15 
Turbine Inlét Temperature: 2000 deg F 
Machinery Efficiency: 0.9 
Combustion Efficiency: 0.95 
Turboprop Propeller Efficiency: 0.8 
Stoichiometric Mixture Ratio 
SPC: Earth lbs fuel per thrust HP hr. 

Symbol 

c2h2 
n-CsHie 

N2°4 
n2H2 
C2H5OH 

Chemical 
Ammonia 
Acetylene 
Normal octane 
Nitrogen tetroxide 
Hydrazine 
Ethyl alcohol 

Fuel/Oxidizer 

H2 + O2 
C2H2 + O2 
n-CgHig + O2 
C2H2 + N2O4 
N2H2 + O2 

Bulk Specific 
Gravity 

0.25 

0.33 
0.96 

1.09 

1.05 

Turboprop 
SPG 

1.46 
1.72 

1.99 

2.19 

2.25 

Turbojet 
SPC 

2.72 

3.07 
3.61 

3.97 

4.25 

Remarks 

(b) 

C2H«0H + 0? 

NH3 + O2 
n-CsHig + N2O4 

^2¾ + H2O2 
N2H4 + N2O4 

C2H3OII + N2O4 

N2H4 + H2O2 
n-CgHpg + H2O2 
NH3 + N2O4 
C2H5OH + H2O2 

0.98 
0.88 
1.19 

1.19 

1.24 
1.20 

1.16 

1.24 

(a) Approximate (Ref 19) 
(b) Turborocket SPC 1.34j 
(c) Turbofan SPC 3.60 

2.28 
2.38 
2.43 

2.46 
2.64 

2.80 
2.82 
2.83 

2.86 
2.95 

4.18 

4.51 

4.55 

4.62 
5.00 

5.19 

5.50 
5.40 
5.50 
5.70 

Rocket KPSPC 7.0 
Source: Appendix B 

(c) 

13 
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The performance of an n-octane - N20^ turboprop is discussed more 

fully in Appendix C. From the performance charts in Appendix C it is 

seen that for a flight speed of 0.5 Mach the maximum specific equivalent 

horsepower occurs at a compressor pressure ratio of 13, while the 

equivalent SBC decreases asymptotically as pressure ratio increases. 

Thus an operating pressure ratio of 15 is selected for a turbine tempera¬ 

ture of 2000° F. Assuming an arbitrary 500 lbs. thrust required at 0.5 

Mach, the specific weights of a turboprop, turbojet, turbofan, and rocket- 

turbine are estimated (Appendix D). Figure 2 shows the total weight of 

powerplant and fuel as a function of time of flight. Evidently a turbo¬ 

prop is the optimum powerplant for flight times in excess of 2i hours. 

H 
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2 3 
Flight Time in Hours 

Figure 2 

Specific Mass of Pov/erplant and Fuel 
as a Function of Flight Time 

15 
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IV. Aerodynamic Design 

Selection of an airframe must be based upon assumption of a mission 

^01, a utility vehicle capable of both reconnaissance «wri trans¬ 

port, a compromise must be made between long range and endurance and short 

field capability. These requirements suggest a "conventional" subsonic 

design. The empty mass of the vehicle should be of such size and Earth 

weight that it can be manufactured and packaged on Earth and transported 

to Mars by rocket projects of the foreseeable future (Ref 5). The vehicle 

should also have safety features that give it a reliability approaching 

that for Earth flying, since escape by parachute will not be desirable in 

the hostile Martian environment. 

Thus the following criteria are specified as a design basis: 

Maximum possible but not over 13,300 
miles (circumference of Mars). 

Speed 

Payload 

Field length 

Gross weight 

Engines 

Crew 

it per sec (0.5 Mach at surface). 

1000 Earth pounds. 

As short as possible. 

26,300 Earth lbs (10,000 lb wt. on Mars). 

Two turboprop. 

Two 

For ease of calculation, some data is presented in terms of Martian pounds 

weight, since it is the vehicle weight that must be aerodynamically sup¬ 

ported. Data is presented in Earth pounds only when comparison with 

Earth values is desired: 

W(lbs wt. on Mars) = g'M 

where g1 = 0.38 is Martian gravity relative to that on Earth, and M is 

Earth weight in pounds. 

16 
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ÜlSg Thickness Ratio, Sweepback. and Taper Ratio 

Wing thickness ratio and sweepback are determined directly from 

the design cruise Mach number. Ihe ,;ing critical lisch number is set at 

cruise lisch number plus 50 uph. Prom the generalized dsts of Corning 

(Ref 6: Chap. 2, p. 2-13), a „hickness ratio of 0.153 is selected for 

tero sweepback of the wing quarter-chord line. Wing taper is selected 

so as to give an elliptical spanwise load distribution. Such a load 

distribution may be approximated by a taper ratio of 0.4 (Ref 6, Chap. 

3, p. 2). 

Wing Loading and Aspect Ratio 

For the design of aircraft that have a specified range requirement, 

the optimum wing loading is the highest that will permit a given landing 

field length. The optimum aspect ratio is then that which gives the 

lowest operating cost per mile. Given the above design basis for a 

Martian craft, a compromise must be made between a high wing loading for 

maximum range and a low wing loading for short field length. However, 

as is shown in Figure 3, the range for a given wing loading is greatly 

affected by choice of aspect ratio. 

Nominal ranges of a family of vehicles with four different wing 

loadings, and aspect ratios from four to 24, were calculated (Appendix E), 

The family of vehicles considered was based on the design criteria listed 

above plus the additional assumption that the fuselage length be three- 

fourths of the wing span. The following variables were considered in 

estimating the ranges of the vehicles: 

(1) Wetted area of airframe. 

(2) Changes of Reynolds number with dimensions of major components. 

17 



A
/
o
j
7
?
/
r
*
a
/
 
/
?
,
 

GA/AE/6l»d 

Figure 3 

amige oí martian Turbooron Vehicles 
as a Function of Wing Loading and Aaoect Ratio 
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(3) Change of wing thickness ratio due to varying wing loading and 
aspect ratio. 

(4) Variation of structural weight with wing loading, thickness 
ratio, and aspect ratio. 

(5) Variation of powerplant weight due to differences in the power 
. required at cruise. 

Weight's of structure and fixed equipment were estimated from Corning 

(Ref 7: Cr.ap 2, p. 27-35) with the modification that structural mass, 

rather than weight, is a function of gross weight on Mars. An effective 

span efficiency factor (e) of 0,85 was used for estimation of induced 

drag. Although in general the span efficiency will decrease with 

increased aspect ratio, thereby reducing the optimum aspect ratio at a 

given wing loading, it is general practice for preliminary design studies 

to assume a constant value for (e) (Ref 7: Chap. 2, p. 37j Chap. 7, p. 14). 

From the calculations of lift-ndrag ratio and fuel weight, range was 

then estimated from the Brequet range equation assuming flight at constant 

L/D (cruise-climb), A mean value for HPSPC of a turboprop engine at 0.5 M 

and 6 Km altitude (20,000 ft) was assumed since this method is only approxi¬ 

mate for a turboprop (Ref 26:193). Figure 3 shows the nominal range as a 

function of wing loading and aspect ratio, and Figure 4 shows the relation 

between range and landing field length. 

Figure 4 suggests a wing loading of I5 lb/ft^ on Mars as a compromise 

for long range and short field length. This is equivalent to an Earth 

wing loading of 39.5. Although Figure 3 indicates an optimum aspect 

ratio of 21 with this wing loading, a lower span efficiency factor and 

possible aeroelastic and control problems may be realized from such a high 

aspect ratio. Therefore, a wing aspect ratio of 16 is selected for 

further study. 
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Landing-Field Length 1000 Feet 

Figure 4 

Variation of Range with Landing-Field Tonrr+v, 
for a Family of MarUan fircraft ^ 
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Airfoil Selection 

For the selected wing loading of 15, the desired lift coefficient 

will be 0.534 or greater and a thickness ratio of O.I53 has already been 

established (Appendix E). The cruise Reynolds number based on mean 

geometric chord is about 2 x 106. From a study of several NACA airfoils 

(Ref 1), ohe airfoil NACA 632-6l5 was selected as suitable for the design 

conditions. The 632-6l5 has the following two-dimensional characteristics 

at Ren = 3 x 106: 

0.266 chord 

-0.11 (constant) 

-4 deg 

0.11 deg-1 

1.45 

.006 

High Lift Devices 

For take-off and landing a maximum lift coefficient of 3.0 was 

assumed. From data on high lift devices (Ref 26:80-01), it is estimated 

that a flap area/wing area ratio of 0.30 will give a C^ of 3.0 for 

0.40c Fowler flaps deflected 40 degrees and a Handley-Page automatic 

leading edge slot. For the wing planform selected, a flap area/wing area 

ratio of 0.30 corresponds to 65 per cent span flaps. After correcting 

for drag due to landing gear, flaps, slots, and ground effect on induced 

drag, the L/D for take-off and landing configuration is estimated to be 

9.85 (Appendix F). 

Aerodynamic Center 

Pitching Moment Coefficient 
about Aerodynamic Center 

Angle of Attack for 
Zero Lift 

Lift Curve Slope 

Maximum Lift Coefficient 

Minimum Drag Coefficient 

21 



GA/AE/61-8 

Power Loading 

In general the power loading is detenained by the take-off field 

length requirement. However, a brief calculation shews that because of 

the high siÆcific weight of turboprop powerplants on Mars, the power 

required for a take-off field length equal to landing field length would 

require an engine whose weight approaches the gross weight of the air¬ 

craft. Since powerplant weight is critical, the power required for 

cruise at 550 fps at 3 Km (10,000 feet), plus a margin of 10^, is used as 

basis for engine selection. Thus for a propeller efficiency of 0.80, the 

total power required for two engines is 612 ESHP at cruise. This is a 

power loading of 17.5 corrected to Mars' static surface conditions. 

Propeller Selection 

Given the power per engine required for cruise at 550 fps, two pro¬ 

peller diameters were selected from a general propeller chart (Ref 7: Chap. 

8, p. 7; Ref 26:149) and the variation of propeller efficiency with speed 

was calculated (Appendix F). A four bladed propeller with a diameter of 

14.4 feet and a total activity factor of 600 (wide blade area) will have 

efficiency of 0.84 from 0.3 to 0.5M at sea level. A constant speed pro¬ 

peller should have a maximum rpm of 1060 at 550 fps. It must be full- 

feathering and reversible in pitch for maximum reverse power during 

approach and landing. Assuming a reduction gear efficiency of 0.95, the 

propulsion efficiency of the turboprop engine will be 0.80. 

Assist Take-Off System 

The static thrust of the two turboprop engines may be estimated at 

2.5 times the static ESLf, and a 10^ thrust augraentation may be obtained 
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b} water-alcohol injection (Ref 23:223-225). 'thus the static thrust of 

the turbo props is 1570 lbs. Doing the approbations for take-off dis¬ 

tance suggested by Perkins and Hage (Ref 26:194-196), the unassisted 

take-off ground run would be 21,000 feet for a coefficient of rolling 

friction of 0.05 (Ref 17: Chap. 14, p. 62). lake-off distances may be 

reduced to the order of the estimated landing field lengths (about 5000 

feet) by use of rocket thrust on the underside of the fuselage. For 

example, a total engine thrust of 5470 lbs acting for 36 seconds will 

give a take-off ground run of 3900 feet. A brief investigation shows 

that an auxiliary rocket engine using the same propellants as the turbo¬ 

prop engines produces 3900 lbs thrust with a propellant mass flow rate of 

0.47 slugs per second and an expansion pressure ratio of 21. The nozzle 

exit diameter would be 6.1 inches and the engine hardware would have a 

weight of about 15 lbs wt. (Ref 31:223). The total weight of propellant 

burned on take-off is 208 lbs wt. This weight may be added to the design 

gross weight of the vehicle since it is never aerodynamically supported. 

Structural Load Factor 

From the discussion of the Martian atmosphere by Hess (Ref 13:9-11), 

it is expected that wind velocities on Mars will in general be less than 

those encountered on Earth with the exception of strong vertical currents 

near the surface during daytime. Table IV shows gust load factors at 

Martian ground level as a function of flight speed and gust velocity. It 

is seen that a load factor of 2.5 would provide structural protection 

against gust velocities equal to those of heavy thunderstorms on Earth 

(Ref 32:55). Since 2.5 is generally accepted as the lower limit for 

maneuvering load factor (Ref 36:57), this value is selected as the limit 
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load factor. Using a safety factor of I.5, 

factor of 3.75. 
this Uives a structural load 

Table IV 

Gust Loads at Martian Surface as a Function 
of Flight Speed 

Level Flight Expressed in Martian "g" 

Gust Velocity 

(feet per second) 
Flight Speed (feet per second 

330 1 440 550 

30 

60 

90 

Source: Appendix F 

1.33 

1.66 

1.99 

1.44 

1.88 

2.32 

1.55 

2.10 

2.64 

üg-igni Fstimtion 

Empty weight of „he vehicle my now be more accurately estimted. 

Structural weight is estimated fron empirical relations used in the 

aircraft design c<urse of the Institute of Technology, modified to 

xp “S structural mss as a function of vehicle weight on Mars. The 

estimated structural weight ï q in ^ ,-, 
weight is m reasonable agreement with the values 

obtained previously from Corning (Ref 7- rupn 0 , 
g -<el ChaP* 2, p. 27-29) that were 

used to select optimum aspect ratio. Table V ™ 
* lable V cobres centonenL weight 

fractions on Mars with those for Marth aircraft of the sane gross mss. 

^ ihe weight values obtained by the above method m,W bo checked for 

validity by comparing the estimated wing weight with the theoretical 

weight of material needed to su-Dort fv^ ™ .• 
1 maximum bending moment on the 

Assuming „ single aluminum spam of mectanpilam cross section and 
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a parabolic mass distribution, the minimum structural mass needed to 

support the wing is 30.8 slugs (Appendix F). This compares favorably 

with the estimated wing mass of 54.6'slugs (670 lbs wt.), which includes 

mass of Fowler flaps, control surfaces, slats, and other equipnent. 

Vehicle Layout 

The center of gravity of each major component is estimated from 

Corning (Ref 7: Chap. 4, p. 4I). Fuel, fuel system, payload, landing 

gear, and fixed equipment are assumed to be centered about the aircraft 

c.g. The wing is then positioned longitudinally on the fuselage such 

that the aircraft c.g. is at the one-quarter mean aerodynamic chord 

position. The empty weight total moment of the vehicle is 119,200 

ft-lb (Table VI gives dimensions and positions of major components 

referred to the nose of the aircraft). 

Layout calculations are presented in Appendix F. From the data of 

Corning (Ref 7: Chap. 2, p, 58), the fuel capacity of a wet wing is 9330 

lbs wt. of propellant. 'Ihus all fue] can easily be stored in the wings 

about the aircraft c.g. A tricycle landing gear is selected. The main 

gear are suspended from the underslung nacelles and retract into the 

inboard wing section. 

The optimum angle for the thrust vector on take-off roll is three 

degrees above horizontal for a smooth runway. The wing angle of 

incidence with the fuselage is also three degrees. Figure 5 shows a 

preliminary three-view of the aircraft. 
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Table V 

Weight Estimation of Martian Aircraft 
Gross wt. 10,000 lbs on Mars (26,300 Earth lbs.) 

Component 

Wing (including 
flaps and slats) 

Fuselage 

Tail Surfaces 

Landing Gear 

Nacelles (2) 

Structure 

Engines (2) 

Propellers (2) 

AÏ0 Rocket 

Powerplant 

Fixed Equipment 
(Systems) 

Crew (2) 

Fuel System 

Weight on MarsW Weight Weight Fraction for(b) 
-.Uksi- Gross Weight Similar Earth Aircraft 

670 

427 

178 

235 

100 

1610 

1100 

220 

Já 

mi 

620 

175 

180 

.067 

.043 

.018 

.023 

.010 

.161 

.110 

.022 

.002 

.134 

.062 

.018 

.018 

.130 

.076 

.036 

.065 

.034 

.323 

.167 

.068 

.018 

Total Empty Weight 

Weight Remaining for 
Payload and Fuel 

Total Weight 

3920 

6080 

10,000 

.392 

.608 

.667 

.333 

(a) Calculations in Appendix F (b) Ref 7: Chap. 8, p. 12* 
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Table VI 

Layout Dimensions of a Martian Aircraft 

asäg-Wglght 10,000 Jàs, (26.300 Rflyt.h ; 

Fuselage Length 

Fuselage Maximum Diameter 75 Feet 
Wing Span 7 
Root Chord 103 
Tip Chord 9.23 

Mean Aerodynamic Chord 3.69 
Quarter-chord Sweepback 6*87 
Horizontal Tail Span 0 
Horizontal Tail Root Chord l6*^ 
Horizontal Tail Tip Chord 7#8° 
Vertical Tail Height 3.12 
Vertical Tail Root Chord -14,1 
Vertical Tail Tip Chord 10,1 
Nacelle Length 4*04 
Nacelle Diameter 11.0 
Propeller Diameter 3.4 
A.T.O. Rocket Nozzle Diameter 

0.52 

Stations (Referred to nose of aircraft): 

Plane of Propeller 
Leading Edge of Wing Root Chord 
Leading Edge of Wing M.A.C. 
Aircraft c.g. 

Stick-fixed Neutral Point 
A.T.O. Rooket Nozzle 

Leading Edge, Vertical Tail Root Chord 
Leading Edge, Horizontal Tail Root Chord 
One-quarter Vertical Tail M.A.C. 
One-quarter Horizontal Tail M.A.C. 

Lateral Positions (Ref. Fuselage Center-Line); 

Nacelle Center-line 
Half-wing M.A.C. 

Angle Between Wing M.A.C. 
Angle Between Tail M.A.C. 
Angle of Incidence of A.T 

and Fuselage 
and Fuselage 

.0. Nozzle 

Source: Appendix F 

5 Feet 
25.7 
28.12 
28.70 
30.42 

31.88 (Appendix G) 
60 

64.9 
67.2 
69.37 
69.65 

11.0 Feet 
22.1 

3.0 Degrees (up) 
4.6 Degrees (Down) 
3 Degrees 
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Ihree-View of a Martian Aircraft 
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V. Flight Perfomiflnftft 

Range . , 

Based on the design of Chapter IV, the variation of range with pay¬ 

load is determined graphically. The variation of theoretical equivalent 

parasite drag coefficient with speed and altitude was calculated, and 

drag rise due to compressibility was estimated. Curves of power required 

as a function of weight, speed, and altitude were then drawn. Variation 

Of equivalent specific propellant consumption with speed and altitude for 

rated power is obtained from Appendix C. Equivalent SPC is assumed to 

be nearly independent of power output for a given flight condition. Thus 

the variation of miles per pound weight of fuel with gross weight, speed, 

and aloitude is determined. Fi-om a graph of miles per pound fuel vs. 

aircraft weight for a given flight plan, a graphical integration gives 

range as a function of fuel weight or payload (Appendix G). 

Figure 6 shows all-out range as a function of payload for a vehicle 

of 26,300 Earth pounds (818 slugs) at take-off. For 1000 Earth lbs. 

payload, the all-out range is 8100 miles for a cruise climb from 6 Km 

(20,000 feet) to more than 18 Km (60,000 feet). The speed for 

range in cruise-climb averages 0.45 Mach, which is an average speed of 308 

miles per hour. The average lift-drag ratio for maximum range is 23.5. 

Landing Field Length 

Figure 6 also shows landing field length as a function of payload 

for landing with Si pounds weight of fuel reserve. The field length is 

based on the distance fron clearing a 50 foot obstacle at a speed of 1.3 

tines power-off stall speed, to touchdown at 1.2 tines power-off stall 
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Figure 6 

™ÄÄK;“ Ä-C«» 
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speed, to a full stop. The total distance is then multiplied by a safety 

factor of l/O.7» The high touchdown speed is assumed due to possibility 

of surface turbulence during the daytime. For a C^Max of 3.0, the 

lift-drag ratio during landing approach is estimated to be 9.65. A 

ground deceleration rate of 8 ft/sec^ is assumed for the ground run. 

Touchdown speeds vary from 167 fps (114 mph) with minimum fuel to 264 

fps (180 mph) for landing immediately after take-off. 

The field length can be reduced considerably by decreasing the lift- 

drag ratio during approach. Because of the thin atmosphere, the use of 

air brakes would not be efficient. A brief calculation shows that to 

decrease L/D by a factor of one-half would require a flat plate surface 

area of 160 ft . By use of reverse propeller pitch during approach, L/D 

can be effectively decreased to 2.63 for landing at minimum weight 

(4,000 lbs wt.). This gives a glide angle of 20.8 degrees. Use of 

reverse propeller during ground run will also increase the deceleration 

rate. A value of 10 ft/sec2 is assumed for calculation of ground run 

with reverse power. For short field operations, the field length may be 

reduced further by use of devices such as landing skids or arresting gear. 

Rate of Climb and Gliding Distance 

Figure 7 shows the power available and required at ground level. 

Additional power charts are si.own in Appendix G. From the charts of power 

available and required, the maximum rate of climb at ground level, fully 

loaded, is 710 feet per minute without use of rocket assist. The time to 

climb to 6 Km (20,000 feet) is 34 minutes. The service ceiling fully 

loaded is about 10 Km (33,000 feet), but increases rapidly with decreasing 

weight to over 20 Km (67,000 feet). 
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figure 7 

Power Curves for a Martian Turboorop 
at Surface Level 
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Fron the power charts, the minimum rate of sink at ground level 

varies fron S90 feet per minute fully lauded to 540 feet per minute at 

4000 lbs wt. The maximum aircraft lift-drag ratio with no propeller drag 

varies from 24.8 fully loaded at ground level, to 23 at high altitude and 

low weight. This gives a nominal glide ratio of 15 miles per kilometer 

altitude. 

Single Engine Performance 

Power required in take-off configuration (gear and flaps down), 

fully loaded, is 406 HP at take-off speed. From the power charts, it is 

seen that level flight can be sustained with two engines operating without 

rocket-assist. For one engine failure at tali e-off, flight can easily be 

maintained by use of rocket-assist, which will rapidly reduce fuel weight 

for landing immediately after take-off. Without rocket-assist the single¬ 

engine ceiling is ground level at 9000 lbs wt. The rudder is designed so 

that minimum control speed for single-engine operation at full power is 

always less than stall speed. Using the approximations of Perkins and 

Page (Kef 26:324-329), a rudder area of 0.27 vertical tail area and a 

rudder deflection of 5.6 degrees will give full single-engine directional 

control. 

Static Stability 

Longitudinal stick-fixed stability was estimated using data from 

Etkin (Ref 10:446-479) and Perkins and Hage (Ref 26:88). The airfoil 

data for the MCA 632-6l5 was corrected for the effects of aspect ratio, 

body and nacelles, and downwash at the tail. For a horizontal tail 

surface of 89.1 ft2, the stick-fixed neutral point of the aircraft is at 
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0.463 M.A.C. Thus the stick-fixed static mrgin is 0.213 M.A.C. or 1.46 

feet. The pitching monent coefficient about the aerodynamic center is 

0.170 for a symmetrical tail section at an angle of incidence of 0.6 

degrees to the fuselage center-line. The aircraft is trimed to the lift 

coefficient for maximum range (CL = 0.8), and has a pitching moment 

coefficient derivative with respect to angle of attack of 0.207 per 

degree. These values are in reasonable agreement with those for Earth 

aircraft (Ref 26:216). 

Directional suck-fixed stability was estimated from data of Perkins 

and Hage (Ref 26:318-326). For a vertical tail surface equal to 15 per 

of wing area, high wing configuration, and power-off flight, the 

yawing moment coefficient derivative with respect to yaw is 0.0011 per 

degree. This value is acceptable for Earth aircraft. 
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VI. Sumary and Conclusions 

The results of this investigation show that powered aerodynamic 

flight appears to be an efficient means of transportation on bars. The 

design that has been considered is capable of reaching any point on the 

surface of Mars from any other point with a payload of 2700 Earth pounds. 

It has a cruise speed of 0.45 Mach and a maximum speed of 410 miles per 

hour at ground level. The two engines use relatively low-energy, storable 

fuels, and the vehicle size and mass is comparable to that of an Earth 

DC-3. 

There appear to be tliree major differences in the environment of Mars 

that alter the results of aircraft design from conditions on Earth: 

(1) The atmosphere is inert. 

(2) Atmospheric surface density is only one-eleventh of Earth 
sea-level density. 

(3) The force o. gravity is only two-fifths of Earth's gravity. 

The resulo of the first difference is that both fuel and oxidizer must be 

supplied to any thermodynamic engine cycle. This increases the mass 

specific fuel consumption of an engine nearly five-fold over equivalent 

Earuh values. The effect of the second difference is an eleven-fold 

increase in the specific mass of profilers and atmosphere-breathing 

engines on Mars. The low density also increases stall speeds and take-off 

and landing distances. The third effect is a reduction in the weight of 

a given mass that must be aerodynamically supported. This not only 

resulos in a significant reduction of vehicle structural mass ratio, but 

it also partially offsets the mass penalties im¡x>sed by (l) and (2). 

xhus the net, result of all three factors is a considerable increase in 
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range and payload capabilities over that for corresponding Earth aircraft. 

Despite the high specific mass of propellers and atmosphere-breathing 

turbomachinery, for long ranges at subsonic speeds a turboprop engine has 

the highest overall efficiency using storable fuels and oxidizers. A 

light-weight rocket-turbine engine offers improved efficiency for flight 

times less than two hours of if hydrogen is used as a working fluid. 

Range is highly dependent u^n choice of wing loading and aspect 

ratio. In addition, because of the high powerplant specific mass, power 

loading should be as high as cruise drag permits. A Martian wing-loading 

of 15, a power loading of 17.5, and an aspect ratio of 16 combine to give 

an aircraft range of 8100 miles with a 1000 Earth lb. payload. However, 

this results in a take-off ground run of 21,000 feet. Use of a 40 lb. 

liquid rocket-assist take-off unit will reduce take-off distance to 3900 

feet with a range penalty of only 36 miles. Landing field length can be 

reduced to 3000 feet by use of reverse power during approach and ground 

roll. 

Considerations of fuel storage, engine-out performance, balance, and 

static stability indicate that no special problems exist for this type of 

design. Preliminary studies of the Martian atmosphere indicate that 

strong thermal currents may exist near the surface during the daytime, but 

otherwise the air may be less disturbed than is Earth's atmosphere. The 

strucuure of this aircraft is designed to withstand severe gust loads, but 

the effect of gusts on the stability of the vehicle is unknown. 

Recommendations for further study include investigation of the nature 

of Martian surface terrain, and an estiiation of vehicle operating cost 

as a function of design variables. 
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Appendix A 

Suture of thg ^fartian AtoospherP 

. Glïen the C0EP0SitiOT °f the a^mosPhere (Table „), the roleoular 

weight is obtained from 

* = ^ XC02(,H)002 / Xa(W)a 

X is the nole fraction of each component. Thus 

W= (0.97)(28) / (0.02)(44) / (0.01)(40) = 28.3 

Similarly, the molal heat capacity of the atmosphere 

given by 

(A 1) 

at 0 deg. C. is 

WP - XN2 (yN2 ^ XC02(Cp)C02 ^ XA^Cp)A (A 2) 

Using values for Cp at 0 deg. C. from Perry (Ref 27), 

Op = (0.97)(6.96) / (0.02)(8.61) / (0.01)(4.97) ; 

6.97 Btu/mole-deg F 

Then from 

7 = _£e__ 
-^0 

the ratio of specific heats is 

/ = I.405 

Surface sonic velocity is then given by 

(A 3) 

(A 4) 
40 



GA/AE/61-8 

Thus 

asl = y/íl^P?)(l?4?)f492)f32.;r = 1100 ft/sec 

The variation of temperature, pressure, 

defined by assuming an adiabatic troposphere 

lapse rate of -3.75 deg C/Km. Then 

T = Tsi - 3.75 h (Km) 

which becomes 

and density with altitude is 

(Ref 13î3) and a temperature 

(A 5) 

-1-=1- 0.0137 h 
Tsl 

Thus 

(A 6) 

and 
(A 8) 

(A 9) 

a 
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Table VII shows these properties of the Martian atmosphere to a height of 

21 kilometers. 

Table VII 

Properties of the Martian Atmosphere 

to 21 Km (69,000 feet) 

h T 
Km ?t 

0 0 1.0 

3 9,850 .959 

6 19,700 .918 

9 29,550 .876 

12 39,400 .835 

15 49,200 .794 

18 59,050 .753 

21 68,900 .712 

_E_ P _a_ 

psl asl 

l.o l.o l.o 

.864 .900 .970 

.742 .808 .959 

.630 .719 .937 

.532 .638 .915 

.446 .562 .892 

•371 .492 .870 

•305 .427 .845 



GA/AE/61-8 

Appendix B 

Performance of Gas Turbine and 

Reaction Powerplants on Mars 

General equations may be developed for a thermal jet cycle, and then 

be modified for application to a turbojet, turboprop, rocket-turbine, 

Station (0) ambient conditions 
(1) air intake 
(2) compressor face 
(3) compressor discharge 
(4) turbine inlet 
(5) turbine discharge 
(6) nozzle exit 

The umt of mass used in engine performance calculations 

is that mass which weighs one pound on Earth 

The work 

adiabatic 

done by the compressor per pound of entering air 

compression with an efficiency 7 , is given by 

(wc), for an 

(B 1) 

where h is specific enthalpy and J is mechanical equivalent of work. Mow 
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for constant specific heat 

(h3 - h2) = Cp (t3 - t2) (B 2) 

Then from the isentropic relation 

(B 3) 

thus for Cp constant 

(B 4) 

where T2 is stagnation temperature for a given flight Mach number: 

/ (B 5) 

Similarly the work done by the not gases expanding through the 

turbine per pound of entering air (Wt), is expressed by 

(B 6) 

where f/a is lbs of fuel/oxidizer added per pound of entering air and 

is turbine efficiency. 
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The kinetic energy of exhaust gases leaving the nozzle with velocity 

Ve nay be expressed by 

(B 7) 

for a nozzle efficiency ^ . For the special case of ^ ® ^ s ^ , 

(B 6) and (B 7) nay be combined to give the total work done by the exhaust 

gases during expansion through turbine and nozzle, W™ 

- WT +(1 + f/a)|f£ = j Tl/l+f/a) (h/^-hg) (B 8) 

'Sc 

Assuming a mean soecific heat for the hot gases in expansion,and using 

the relation 

equation (B 8) becomes 

(B 9) 

(B 10) 

For optimum expansion of the exhaust gases = P0, and for burner 
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pressure efficiency ^ 

(B 11) 

For a ran efficiency p 

(B 12) 

Substituting (B 11) and (B 12) into (B 10) gives 

where prmed quantities refer to values at nean expansion tenperatures of 

exhaust gases. 

Since both fuel and oxidizer are being added to the air cycle, the 

quantity f/a nay not in general be negligible. The value of f/a nay be 

estinated by 

(B 14) 

for a conbustion efficiency ^ . Cpa is nean Cp of the air alone in 

46 



gVaE/61-8 

Cüi^bustioR chamber and is the heat of combustion of the fuel/ 

oxidizer combination per pound of propellant from reactants at ambient 

temperature to products of combustion at temperature T^. Assuming a 

stoichiometric reaction: 

aA + bB -V mM + uN 

then 

AH - _ /W ah! ~4. 
Has»*, A4 /n AH& rn* A/ 

71 

/yyi (Mh/) M />? 7mwTn 

V 
far»*. /3 -+- (B 15) 

where A Hf>orr is heat of formation of comnonent in Btu/mole. A 
^ form 

data is tabulated at different temperatures by Edse (Ref 9). 

For a compressor efficiency 7? , the temperature is given by 

(B 16) 

where is defined by (B 5). 

Thus for a given T0, , T4 (turbine inlet temperature), and 

fuel/oxidizer combination, equations B 4, B 5, B 13, and B H define the 

specific power output and specific fuel consumption of any thermal-iet 

cycle. 
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Turbojet Performance 

For the turbojet cycle, the vork done on the turbine wheel equals the 

work done by the compressor, neglecting accessory loads 

Wt = Wc (B 17) 

Substituting into equation (B 8) 

Wtn = ,Jc + + (b 18) 
%c 

or 

-2gn 
(1+f/a) 

(Wtn - Wc) (B 19) 

From the momentum theorem, the specific thrust of the turbojet is 

Fs = (1 + f/a)Ve-Vo 

gc (B 20) 

Then the thrust specific propellant consumption is 

TSPC = 36OO (f/a) lb fuel/ox 
Fs lb thrust hr (B 21) 

For comparison with propeller-powered units, it is desirable to express 

(B 20) and (B 21) in horsepower units. Since thrust specific horse¬ 

power is 

(THP)s>:i = FsVo 
J 550 

(B 22) 
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the thrust horsepower specific propellant consuirption becomes 

HPSPC = 3600 (f/a) lb fuel/ox 
(THP)Sp HP hr 23) 

Turboprop Performance 

For a turboprop engine with propulsive efficiency ^ , there are 

two contributions to the thrust horsepower. The thrust horsepower of the 

propeller is given by 

(THP)prop = P, <"’t - Wc)/550 (B 24) 

neglectdng accessory loads. The thrust horsepower of the nozzle exhaust 

gases is then 

(THP)n = (/+ f/a) VeVo - Vo2 
550 gc (B 25) 

Thus the total specific thrust horsepower of the turboprop is 

(THP)sp = (THP)prop + (THP)n 

= _Z£_ (Wt-Wc) + (1 + f/a) VeVo - V02 
550 TTTT'- 550 gc 

It is convenient to reduce the dependence of horsepower on 

an ecuivalent horsepower for the turboprop by 

(B 26) 

by defining 

(-HP)sp (B 27) 
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Tnen from (ß 26) 

^ ~ VK + (1 + f/a) VeV02 
55° ~Ï5Ô T 

But from (ß 8) 

yt - “tn - d + f/a) 

(B 28) 

(B 29) 

Then (ß 28) becomes 

(EHP)sp - Wtn - Wc + (l+f/a)VeV02 - (l+f/a)Ve2 

Tmrr 
(B 30) 

since wtn and Wc are independent of Ve, it can be seen by differentiation 

( 3 ) with respect to Ve, that (jiHP)sp is a maximum (Ref 14:379) for 

V. = V e o 

?/* 

Substituting (B 31) into (B 30) and simplifying them 

(B 31) 

gives 

(ehp) = w. - y 
sp tn c + 

550 ll00gc-* 
1+f/a (B 32) 

Which defines the specific power output of a turboprop. The eouivalent 

specific propellant consumption is then given by 

ESPC - 3600( f/a1) lbs fuel/ox 
(EHP) sp HP hr (B 33) 
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and fron (B 27) the thrust horsepower specific propellant consumption 

will be 

HPSPC - 3600(f/a) lbs fuel/ox 
(EHP)sp^ HP hr (B 34) 

Rocket-Turbine Performance 

For the rocket-turbine, the compressor work term vanishes, Wc = 0, 

and Wt becomes the turbine work done per pound of exhaust gases. Then 

equation (B 8) is modified to 

“'■tn 
(B 35) 

and (B 10) becomes 

(B 36) 

For optimum expansion P6 = P0, and P4 will be combustion chamber pressure. 

As for the turboprop, the specific thrust horsepower consists of two terms 

(THP)sp = (THP)propt (THP)n = tVe„0 
550 <B 37) 

Then from (B 27) and (B 35) 

(2HP) = Wtn + VeVo - Vef_ 
550 550gc^ 1100gc 

(B 38) 
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and, as for the turboprop, EHP can be shown to be a maxiraun when 

(B 31) 

Substituting into (B 38) gives 

(EHP)sp = wtn + 
550 1100gc V1 lb fuel/sec (B 39) 

The thrust horsepower specific propellant consumption is then 

HPSPC = 3600 lb propellant (B 40) 
7, (fflP)sp HP ^ 

In general stoichiometric mixture ratios cannot be used for rocket- 

turbines designed to operate at a given turbine temperature. The 

combustion temperature must be lowered by dilution of the propellants 

with fuel or an inert substance such as water. The HPSPC can be calculated 

much more easily if snecific impulse data is available for a given pro¬ 

pellant mixture at a given combustion temperature and chamber pressure 

(Pef 21:11). 

Since ideal exhaust velocity, Ve, is related to specific impulse by 

(b a) Ve = Tsp gc 

the kinetic energy of the exhaust is 

If this kinetic energy is substantially all converted into shaft horse- 
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HPSPC = (3600) f;wi lb propellant 
HP hr 

(B 43) 

Rocket Performance 

The thrust HPSPC of a pure rocket can be obtained directly from 

specific impulse data by 

HPSPC - (3600)($50) lb propellant , 
V IspVo HP hr 4 

Turbofan Performance 

Consider an auxiliary compressor (or fan) placed forward of the 

primary compressor in a turbojet cycle (station 2 on the diagram of page 

43). From the discharge of the auxiliary compressor, let X lbs of air 

per lb of combustion (primary compressor) air be bypassed around the 

combustion and turbine section and discharged through a nozzle. Both 

compressors are driven by expansion of primary exhaust gases through the 

turbine. The derivation of performance equations is lengthy; in the 

interests of brevity, only the results are presented: 

The exhaust velocity of the bypass air, Vep, is given by 

(B 45) 

where ^ is nozzle efficiency of bypass duct, 

i s 

is 

is 

total temperature of ambient air (as before) 

pressure ratio of auxiliary compressor 

auxiliary compressor efficiency 
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The exhaust velocity of the combustion products and primary (Ve^) is 

given by 

where is pressure ratio of primary compressor, and Wc is total 

compressor work: 

K: S K ^ ^ 

ti "|(B 47) 

for 

Then the specific thrust is given by 

1 + f/o 
L-±-X . 

Vp, + - V, 
lb thrust 

bC 
lb total air/sec 

(B 48) 

and the thrust specific fuel/ox consumption is 

rSFC = 3600 (f/a) lb fuel/ox 
(1 + x) lb thrust-hr (B 49) 
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From a graphical plot of TSPC vs. X with as a parameter (Figure 8) it 

is seen that the optimum. SPC occurs at Vei = Ve2. 

Calculations 

Values of thrust HPSPC have been calculated from the preceding 

equations for the following systems: 

(1) Turboprop and turbojet engines using 15 different combi¬ 

nations of fuel and oxidizer at a speed of 0.7 Mach at ground level. A 

compressor pressure ratio of 15 and turbine-inlet temperature of 2000 deg 

F was assumed. The results are presented in Table III of the test. 

(2) Turboprop and turbojet engines using a liquid H2 - liquid 

O2 heat source. A flight speed of 0.5 Mach was selected for comparison, 

and compressor pressure ratio was varied from 5 to I5. 

(3) Turboprop and turbojet engines using an n-octane -N20y heat 

source at a flight speed of 0.5 M. Compressor pressure ratio was varied 

from 5 to 20. 

(4) Rocket-turbine engines using an H2 - 02 heat source and an 

n-octane - 1¾ - H20 propellant combination. Expansion ratio was varied 

from 10 to 40. 

(5) A high-temperature 

at a speed of 0.7 M. 

rocket engine using Hp - 02 propellant, 

(6) a turbofan engine family using an n-octane - ffO heat 

source et . speed of 0.7 f. For a total compressor oressure ratio of 15, 

the optimum bypass ratio and ausiliary compressor pressure ratio was 

determined graphically from Figure 8. 

The results of (7) through (4) are shown in Figure 1 of the text. 

The minimum SPC of the turbofan was corrected to a speed of 0.5 Mach for 
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comparison with other engines in Figure 1. 

Mechanical efficiency of compressor and turbine, nozzle and ram 

efficiencies, were taken to be 0.9 for all calculations. Burner pressure 

efficiency and combustion efficiency was assumed to be 0.95. Propeller 

efficiency, when used, was taken to be 0.8 and includes the efficiency 

of reduction gearing. Temperature of reactants was taken as 25 deg C., 

which is near the stagnation temperature of the ambient air. Heat of 

formation values for reactants were obtained from Refs. 19, 25, and 27. 

Heat capacity data was obtained from Ref. 31:98-99. Kean heat capacity 

values were used for the compressor, combustion, and expansion sections 

of the cycle. The ratio of specific heats for compressor and expansion 

section was obtained from the relation 

y = c, 

where RQ is the universal gas constant. 

Sample Calculation 

Turboprop and turbo .jet at 0.5 Mach 

= 15 
T^ = 2000 deg F 

T0 = 32 deg F 

Fuel/ox: + N20, 

(B 50) 
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Assuming a stoichiometric reaction 

’8h18 + ^ k204 6^- N2 + 8CO 2 + 9H20 

From Ref (27) 

n-C8H18(l) = -107,500 

%°4 <S> 

From Ref (9) 

N2 

co2 

h2o 

AH' = + 4010 

xcnro F 

AH' = + 14,550 

~ ,3.no^ AH' = - 146,000 

tato? 
AH' =- 85,900 

rdf to 

Btu/mole 

Btu/mole 

Btu/mole 

Btu/mole 

Btu/mole 

Then from equation (B 15) 

r 
AH * = -9(85,900) -8(146,000) + 6^(14.550) -6^(4010) + 107,500 

¿ 5H + 6|- (28) 

= -2550 Btu/lb fuel-ox 

at 0.5 M, from eou (B 5) 

r = -- fn > 

From (B 16) 

= -h 
JHZ 
0.1 

O.Z8Í ■ 
Of) - ! - /no R 
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iron Ref 31:98-99, at mean temperatures of air during compression and in 

the combustion chamber, the specific heats are 

cd = 2^2 = 0.255 Btu/lb °F 
28 

CDa = M = 0.28 Btu/lb °F 
28 

Then from (B 14) 

f/a = (0.28)(2460 - 1190) = 0.147 lb prop. 
(0.95)(2550) lb air 

Assuming a mean expansion temperature of 2000 °R, from Ref 31:99 the heat 

capacity of combustion products is 

cp comb ~ 9(10.1) + 8(13.3) + 63:(7.9) O.36O Btu/lb °F 
Pr°a 514 + 6£ (28) 

while the heat capacity of expanding hot air is 

cpa “ M = 0.282 Btu/ lb °F 

Thus the mean heat capacity of the exhaust gases is (approximately) 

Cp' = 0.282 + (0.147)(0.360) = 0.290 Btu/lb °F 
I.I47 

The molecular weight of combustion products is given by 

irJ = 
comb 
prod 

9 (18) + 8(u) + 61(28) 
9+8+6^ 

29.6 
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Thus the molecular weight of the exhaust is 

f'^exhaust ~ — (QüáH ¿9.6 _ 2g 5 
I.I47 0 

Then from equation (B 50) 

/ 
/ 

0.290_ = I.32 
0.290 - 1^99 

28.5 

From equation (B 13) 

Wtn = (°*9)(778)(0.290)(2460)(1.147) 

= 276,000 

1-/ 
0.95)(0.9)15 

ft lb 
lb/sec 

.242 
72§6 

while from equation (B 4) 

Wc = (778)(0.255)(517) 
0.9 

^^0.286_2 
133.000 ft lb 

lb/sec 

Then from equation (B 32) for a turboprop 

(EH?)sp = 143.000 + (550)2(1.U7 - I.60) = 255 HP 

550 (1100)(32.2)(0.8)2 

and from equation (3 34) 

HPSPC = 13600)(0.147) = 2.59 lb fuel 
(0.8) (255) "HP hr 
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For a turbojet, .from (B 19) 

fps 

From (B 20) 

jj-»!^) (<^840) - 550 - 84.5 lb thrust 
32*2 lb/sec 

From (B 22) and (B 23) 

®SPC = Í1600) (0.H7) = 6.25 lb fuel 
(84.5)(550) HP hr 
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Appendix C 

I_erfonnance of an n-Octane/NoO^ Turbo ¡»roo on Kars 

Fro» the general equation for turboprop eeuivalent horsepower, 

equation (B 32), the variation of eouivalent horsepower with co»pressor 

pressure ratio is calculated by assuming different values of Figure 

9 shows the variation with /f at a speed of 0.5 Mach. The calculation is 

Identical to the sample of Appendix B. For co»parison, curves for differ¬ 

ent turbine-inlet tenperatures and for turbojet TSPC are shown. 

Figure 9 shows a maximu» EHP for a compressor pressure ratio of 1¾ 

for a 2000 deg F turbine-inlet temperature. From a comparison of the 

corresponding SPC curve of Fi^re 1, a pressure ratio of 15 is selected 

for a speed of 0.5 Mach. 

The variation of specific equivalent horsepower with speed and alti¬ 

tude is then determined by the assumption of constant compressor blade- 

tip speed (suggested by E. M. Römer). The condition of constant blade- 

tip speed (: i ves 

i 

r tzl 

- Cons/anf 
(C 1) 

for any V, i' roip equation (B 16), then 

T -r -. 2L 
3 l 

tT-/ Co»s 
(C 2) 
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and hence the compressor temperature rise is constant. 

Further, from equation (B 4) 

(C 3) 

Then, neglecting small changes in mean C? of the compressor gases, the 

compressor power is constant for all M and altitudes. 

Variation of T0 and sonic velocity with altitude is obtained from 

Appendix A. Variation of T2 with M is obtained from equation (B 16). 

Then from (B 13), (B 14), (B 38), and (B 33), the variation of specific 

EBP and ESPC is determined as shown by the sample calculation of Appendix 

B. Variation of ESPC with Mach number and altitude up to 12 Km is shown 

in Figure 10. This data is used in future range calculations. 

The variation of mass rate of flow through a given engine is then 

determined by assuming constant engine rpm. Por constant rpm the volume 

flow rate of air through the compressor face is essentially constant 

(Ref 14:387). Then the mass rate of flow is given by 

= i'vw; p, , % 
V V1 (C 4) 

From the perfect £as law 

e. (C 5) 
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But from equation (B 12) 

A. r" 
/f ~ 

and for an adiaba tic atmosphere 

/ 

Substituting (c 7) and (c 6) into (C 5) 

(C S) 

where T, is related to speed aad T0 by (B 5) and T0 is a function of 

altitude (Appendix A). 

Thus for an arbitrary engine developing 1000 1HP at 0.5 Mach at 

surface level 

i.HP = 1000 
(ooHP) Sp 254 

3.94 lb/sec 

~ 517° R (Appendix B) 

m 
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= (0.000206)(32.2) - O.OO662 (Appendix A) 

So 

D = (0.9)(317)2,5 = 0.00673 
v 492 

Thus 

Vol. flow rate = A2V2 = 3.94 = 505 ft3/sec 
0.00673 

= constant 

Then for any speed and altitude 

" = 585 ^ = (585)(0.9) 5 

or 

IT) = 526 
(c 9) 

From ecuation (0 9) the variation of rti with speed and altitude is 

determined, and from 

^ = * CJIP)SP (CIO) 

the equivalent horsepower as a function of speed and altitude is 

calculated and shown in Figure 11. 

The static surface LHP of this engine is 887 ¿HP and from equation 

(C 1) the static compressor pressure ratio is 16.5. 
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Equivalent Horsepower of a 
Turboprop Engine on Mars 
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Appendix D 

¿stination of Powerplant ¿eights 

Turboprop 

speo.fio mass of a 1'artian turboprop engine can be estimated by 

comparing the horsepower that the engine would develop at Earth sea-level 

«th similar Earth engines. For a given cycle pressure ratio and temper¬ 

ature ratio, the specific horsepower of a Mars e^ine will be the s„e on 

earth, if the effect of different blade-Heynolds numbers on machinery 

efficiency may be neglected. Then for a given engine size and rpm 

(constant volume flow rate) 

(EHP) 
© 

(D 1) 

where the subscrints refer to Kars and Earth conditions respectivelv 

Specific Earth weights for 41 turboprop ermines have been tabulated 

by Lancaster (Pef -.r* 
' ’ r agines by Wilkinson (Ref 38:33), 

and for 13 engines by Judge (Ref 16-/2/-/20 . 
V- .4m.4 425). A graphical plot of 

specific weight vs. LHP does not reveal anv rO 
reveal any clear-cut empirical relation 

between weight and power. Specific weights ran~e 'rom n ^ ik/ 
b ranbe urom 0.38 lb/EHP to 

0.83 for 500C HP class engines ui+>i +v, i 
engines, with the lower values being indicated 

for axial-flow high pressure ratio engines. Thus, assuming the mass 

penalty of a more complicated fuel/ox metering system is offset by high 

turbine temperature operation, the value suggested by Hesse (Pef U:375) 
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of 0.44 Ib/EHP is assumed to be reasonable. Then from (D 1) the specific 

mass of a static turboprop on Mars is given by 

(0.44)/ÍLf ) = (0.44) 0,002378 = 5.1 Earth lbs 
0.000206 ehp 

weight of reduction gearing is included in this figure. 

Propeller 

In general, propeller specific mass is a function of shaft horsepower 

rating. Specific Earth weights for propellers are tabulated by Teichmann 

(Ref 32: 261-262). From a general propeller chart (Ref 26:149), it is seen 

that for a given propeller efficiency, a Martian propeller may be related 

to an Earth propeller by the approximate relation 

jL 
C "3 
/* 

J 
c ^ -V -j 

(D 2) 

where J is the advance ratio and Cp is th* power coefficient, given by 

J = 60V 
ND (P 3) 

0 = -HP 
P n Ã5 (D 4 

where N is rpm and D is propeller diameter. 
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substituting into (D 2) gives 

(D 5) 

Then comparing ¿arth and Mars propellers that absorb the same power at 

the same velocity gives 

P D (D 6) 

from which the diameter of a Mars propeller must be related to an Earth 

propeller by 

- 

Substituting the respective densities gives 

(D 7) 

¿V _ \ rz3 78 

d9 - V ^ 3Æ 

Thus the diameter of a Mars propeller must be about 3.4 times the 

diameter of an Earth propeller in order to have the same efficiency at 
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one o ame power loading and speed. Assuming propeller mass is oroportional 

to diameter, then the specific mass of a Mars propeller is 3.4 times the 

specific mass of an Earth propeller for the same power. From p.ef 32:461- 

262, the specific mass of 4-blade Earth propellers at low powers varies 

from 0./-5 to 0.30 lb/HP. Thus a reasonable value for specific mass of 

propeller on Mars is 1 Earth lb/HP. 

The specific mass of a turboprop propulsion unit including propeller 

is then 6.1 at static conditions. Assuming a cruise speed of 0.5 Mach 

(550 fps) and a propeller efficiency of 0.8, from the power chart for a 

turboprop (Figure 11), the cruise specific mass is 

(6,1)Ç887) = 6.75 Earth lb 
(0.8)(1000) THP 

Turbojet 

several empirical formulas for the specific Earth weight of turbojet 

engines have been developed: 

From Corning (Ref 6:chap 2, p.31) 

Weight (lbs) = 2-8(Tss1)*75 

where Tssl is static sea-level thrust. 

From Corning (Ref 7:chap 2, p. 31) 

Weight (lbs) = 1.95 (10'^) T n 1*55 
SoJL 

From the aircraft design course of the Institute of Technology 

^ Specific wt. = 0.15 + 5 X 10~^T 
SSI 

(D 8) 

(D 9) 

(D 10) 
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From Figure 9 for a turbojet at 0.5 M and 15 

Fs = 84.6 

then using relation (C 1) and the turbojet equations of Appendix B 

Fs = 107 
static 

Then for an engine developing 500 lb thrust at 0.5 Î', the static thrust 

at Earth sea-level nay be approximated by 

TSS1 = (500) X 

sstatic 
F s 

= (500)(107)(.0765) 
(84.6)(.00673) 

- 7200 lbs thrust 

The weights from equations (D 8 - D 10) are then 

(D 8) 2200 lbs on Earth 
(D 9) 1890 lbs on Earth 
(D 10) I36O lbs on Earth 

Using a mean value from the above of 1820 lbs the cruise specific mass of 

the turboiet on Ears is 3.63 Earth Ib/lb thrust = Earth lb/HP. 

Others 

Mass of a turbofan is estimated as 125^ of turbojet mass for the 

same thrust level or 4.55 Earth lb/HP at 0.5 Mach. 

A specific mass of 0.15 Earth lb/EHP for rocket-turbine engines on 

Mars is suggested by Erase for large units (Ref 21:13). To this must be 
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■Jded the sane propeller as for a turboprop, thereby giving the rooket- 

turbme unit a specific mass of 1.44 4arth lb/THP at a propeller 

efficiency of 0.8. 

Specific Mass of Powerolant plus Fuel 

The total specific nass per horsepower Is then given by 

(sp mass)pp + fuel = (sp nass)pp + (THPSFC)(t) (D 11) 

Fron the SPC values at 0.5 Mach (Figure 1), the engine and fuel nass 

reouired per HP Is shown as a function of flight tine in Figure 2 of the 

text. 

The unit of mass used in these calculations is that 

one pound on Barth. 
mass which weighs 
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Appendix E 

Range and Field Length of Martian Aircraft 

As a Function of 

Wing Loading and Aspect Ratio 

Range 

The range of an aircraft flying in the Martian atmosphere can be 

estimated by a modification of the Breguet range equation (Ref 4:26). 

For a vehicle of mass m 

dm z -(THPSPC)(THP) (E i) 
dt 

where THPSPC is thrust horsepower SPC in terms of Earth lbs. of propellant 

per HP-hr. 

THPSPC = ESPC 

But % 
THP = DV 

375 

for V in miles per hour, and 

Range r \\¡¿t 

Combining these four equations gives 

Range r — HÍJkJrn 
O cespc) 

For cruising flight 

L = W 

(E 2) 

(E 3) 

(E 4) 

(E 5) 

(E 6) 



where V/ is vehicle weight on Mars. But 

W = mg' (E 7) 

where m is the unit of mass that weighs one pound on Earth and g' is the 

relative gravity on Mars with respect to Earth. Combining with equation 

(E 5) then gives 

(E 8) 

In general ESPC varies with both speed and altitude for a turboprop 

engine (Fig 10). As a first approximatiorij however, some mean value for 

(ESPC) may be selected. Then for flight at constant (l/d) and r> 
(p 

Range = yi^ 
ESPC (E 9) 

Now 

üb = W0 
m w (E 10) 

and for a fuel weight Wf 

W = /Jq - Wg 

Substituting into (E 9) 

(E 11) 

/ Range in miles r f 
espo, ( (E 12) 
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Now by definition of lift and drag coefficients 

L = Çl 
D CD 

where, for cruising flight, from equation (E 6) 

(E 13) 

and 

(E H) 

where 

+• AC, 
'Comp 

ire 

(E 15) 

(E 16) 

Let span efficiency factor (e) be constant at 0.85 (Ref 7: chap 7, p. 13). 

Drag rise due to compressibility, AC , is determined by flight 
v CoTH jO 

Nach number, t/c, AR, and (^. Parasite drag coefficient, C^p, is a 

function of wetted area of the airframe and Reynolds number of flight. 

Fuel weight can be found from 

wf = '^o ~ ^struct._^pp_^payload_^fixed eouip* (E 17) 

From Corning (Ref 7: chap 2, p.29), for a given sweepback and taper ratio, 

structural weight can be expressed as a function of W0, W/s, t/c, and AR. 

Powerplant weight, Wpp, is a function of powerplant specific weight, 

already determined (Appendix D), and power'loading. Let power loading be 
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specified by the power required at cruise. Since 

HP. ret«/ 
DV . 4psyV, 

Sfo ' S'so (E 18) 

then powerplant weight is a function of speed, w/s and Cp. Fixed equip¬ 

ment can be assumed to be a function of gross weight (tf0). Then for a 

given payload, fuel weight is a function of W0, w/s, t/c, AR, Cp, p , 

and speed. 

Consider a family of vehicles with w/s and AR as the independent 

variables: 

Cruise-climb 
initial cruise 
sweepback (| chord) 
taper ratio 
payload 
gross weight 
engines 
crew 
fuselage length 
average fuselage diameter 

^CRo ■ ^cruise / AM equal to 

constant (L/d) 
550 fpsd 3 Km (0.51M) 
0 
0.4 
380 lbs wt (1000 Earth lbs) 
10,000 lbs wt on Mars 
two turboprop 
two 
3/4 of wing span 
5 ft 

50 mph 

For a given U/s and AR, wing-thickness ratio (t/c) can be determined 

from the general charts of Corning (Ref 6: chap 2» PP 2-13). A Cn 
Jcomp 

is then obtained from p. 39 of the same reference. With W/s, t/c, and AR 

specified, wetted area of wing and. fuselage is known for the above 

conditions. From a study of turboprop engine sizes (Refs 16; 23; 38), a 

nacelle length of 11 ft. and cross-sectional area of 9 ft2 are reasonable 
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^000 , fry clasg engines on Earth. From Corning (Ref 7: chap 4, 

PP. 38-39), reas^nabie vaIues for tall.surl.ace area ^ ^ giTen ^ 

= £ Swing 
AR (E 19) 

and 

^.Ttr* = 0*1 Swing (E 2o) 

Thu« the wetted asnea of the aircraft is known as a function of wing load- 

ing and aspect raatio. 

The skin friaction coefficient, Cf, for each major component is a 

function of Reynollds number based on component length. Assuming turbulent 

flow because of pimpeller slipstream, Cf is given by the equation of 

Franritl (p>ef 3:70)() 

0.455 
(logioRen)¿.58 (E 21) 

For the wing, the characteristic length is the mean geometric chord, 3. 

But 

t - 
I (E 22) 

For the fuselage 

^ fuse “ = 3/4 VfeR) (g 23) 

¡•or the nacelles, lnac = 11 ft. For both tail surfaces at low tail aspect 

ratios, characteristic length for each will be nearly the siune. Then 

assume 

'Vt. = Sl.T. ' / 
V .- -- - 
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Structural weight may be estimated by an empirical equation of 

Corning (Ref 7: chap 2, p. 29). In general, structural mass will be a 

function of gross weight (not mass). Thus the equation is modified for 

use on Mars to 

K)K) (Ei5) 

where K terms are correction factors for wing-thickness ratio and aspect 

ratio, height of fixed equipment is taken as % of gross weight plus two 

crew at 230 Farth lbs each. 

weight of , 
structure in = q 

lbs. wt. 

9.6 Wo 

Sample Calculation 

Let Lartian wing loading be 15 lbs wt/ft^ and aspect ratio equal 16. 

From equation (E 14) and using p at 3 Km 

^ i(.90)(2.06)(10-4)(550)¿ " 0*534 

then 

CD= (0-53,1)2 
V (.85)(16) 

= 0.0067 

A M(50mph) = (50) /88\ / 1 \ / 1 \ : 0. 
\S0/ uioo/ \0.97J 

From Fig 2:23 (Ref 6) 

07 

= 0.0005 

Mach number of initial cruise is 

V = J50 / 1 \ = 0.51 
1100 Vo.97/ 
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) 

Then fron Figs. 2:7, 2:8, 2:9 (Ref 6) 

t/c = 0.153 

From Ibele (Ref 15:385), the viscosity of the Martian atmosphere at 3 Km 

is 3.44 (IO“''’) slugs/ft-sec. Then 

Ren = (2.06) (10~4) f.90) ($50)L = 297,000 L (E 26) 
(3.44) (lO-'O 

where (L) is component length. 

Now 

w>*} ^ rA-ie r 
/- C, A W- 

(E 27) 

where Cf is given by equation (E 21). Wetted area of wing is corrected 

for blanketing effect of fuselage and nacelles and for thickness ratio 

(K^h)• Then 

O. fíí 

J ~ ]fS~ÂR - + 
? 

7TS m K. th ((,^217,000^) 

íízJãK 
4- V S 

■z.s'e -h 

(E 28) 

U°3a ^,000(\)WW 
Z.Í6 -h 

(1)(2)0/) ~s~ 

(Uj^woôotfõJiy * 

81 



GA/AE/61-8 

î.ow 

S - 10,000 = 667 ft2 
15 

From Fig. 6:3 (Ref 7) 

Kth = 2*°6 

f0r “ine ^ t811 ^to (E 28, wlth « . 16 glves 

% 
0^55= 0.0302 

CDp should be increased by a factor of 10j£ 

interferences (Ref 7: chap 6, p. 5). Thus 

Cpp z (0.0302)(0.455)(1.10) = 0.0166 

to account for miscellaneou£ 

and 

So 

1¾ = 0.0166 / 0.0005 / 0.0067 r 0.0238 

5 = ä = = 22.4 
u bD 0.023S 

From (E 18) 

HP. 
‘ /z(,?'0é,í'/0’>^38) 

SSO 

= ï-ï/r HP 

^rom Figure 11, for the same propeller efficiency thp 
iciency, the power required at 

550 fps at surface level is then 
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THF = (448) (1000) z 470 HP 
(95Õ) 

Let engine power available be 110$ of power required. From Appendix D, 

the specific weight on Mars of a turboprop at 550 fps is 

(0.38) 6.75 Earth lb = 2.56 lb. wt 
THP THP 

Thus powerplant weight is 

(1.10)(469)(2.56) r 1,320 lbs. wt. 

Structural weight is given by (E 25). Kt/C and are given by Figs 2:19 

and 2:20 (Ref 6): 

/300 ¡¿s cj/ 

Weight of fixed equipment is 

(0.05)(10,000) / (2) (230)(0.38) = 675 lbs wt. 

Payload weight is 380 lbs wt. Thus weight of fuel plus fuel system is 

10,000 - 1320 - 1300 - 675 - 380 = 6325 lbs wt 

For this large fuel fraction, let fuel system weight be 0.03 times fuel 

weight. Then 

W» I 6325 I 6140 lbs wt. 
1.03 

For cruise at constant (l/d), assume a mean value for ESPC at 0.5 Mach and 
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6 Kn altitude. From Figure 10, ESPC = 1.95 Earth lbs/HP-hr. Then for a 

constant propeller efficiency of 0.8, from equation (E 12) 

(37/)(0.6)(11.+) , / 
(/• if) (o. iq) / - a é/f- 

m¡/es 

Figure 3 shows calculated range for y/s of 5, 10, 15, and 20, and at 

aspect ratios from 4 to 24. 

Landing Field Length 

Landing field length is based upon the horizontal distance from clear¬ 

ing a 50 ft. obstacle to touchdown (S^q)» plus the ground roll distance to 

a full stop (SG). The total distance is then multiplied by a safety 

factor of 1/0.7 to allow for variations in pilot technique. The loss of 

kinetic and potential energy of the vehicle during approach is equal to 

the work done by retarding forces: 

COS y (E 29) 

where V50 is speed clearing a 50 ft. obstacle, VTD is touchdown speed, F 

is retarding force (drag), and is the angle of approach given by 
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The aircraft load factor during approach is 

n L 
W 

but 

- U/cos y 

thus 

( E 31) 

(E 32) 

Cos y - sn 
(E 33) 

Because of the possibility of vertical currents near the Martian surface, 

it is desirable to touchdown at a speed well above stall speed, Vso. 

Therefore, let 

V50 r 1,3 VS0 (E 34) 

and 

VTD =1.2 Vso (e 35) 

Combining (E 31) through E 35) with (S 29) gives 

_L 
0. 0/0z. [/ 

Jo /• ¿0 (E 36) 

The ground run is given by 

2 

-2a, 
(E 37) 

c'5 
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where a is ground deceleration rate. For the retarding force all drag, 

then combining (E 36) and ¢1 37) 

s, = 

_L_ 

O 
0. 0/02 1/ -hfO 

SO 

0.72 /jo 
-d 

(E 38) 

where 

/79 

(»yj 

Max 

(E 39) 

and for landing, wing loading is 

Let CLmax = 3.0. By use of reverse propeller thrust or landing skids, 

deceleration rate may be taken as -10 ft/sec^ (Ref 7: chap 8, p.10). 

Although in general (L/d) during approach will be a function of aspect 

ratio, it may be assumed constant by appropriate use of air-brakes during 

approach. Assuming an (L/D) of 9 during approach, then cosy » 1. 

Landing field lengths for wing loadings of 5, 10, 15, and 20 are shown in 

Figure 4» The aspect ratio for maximum range was used to determine Wf/W0. 

86 



GVas/61-8 

Sample Calculation 

^ Wsh.o. - 15 

At the aspect ratio for maximum range, 20, the fuel ratio, WfAl0, was 

calculated to be 0.610. Then from (E 40) 

(y/s)land = 15 (1-0.610) = 5.85 

Then from (E 39) 

Í (£06)(/0-+)(3.0) 
= /.81(/0+) 

From (E 3c) 

(.0/01)(/.8/)(/0+) ¿SO S (0-71)(/8/)(/0+) 

/0 

3 SSO ■f'Qe ) 

Using a safety factor of l/0.7: 

Landing field length = 5080 feet 

The same calculation for an AR of 16 gives a landing field length of 

5030 feet. 

Take-Off Field Length 
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i 

and 

ds - vdt (E 42) 

then 

(E 43) 

where 

(E 44) 

T is propeller thrust during take-off 

R is total ground and air resistance 

Now 

R = D / yu (W-L) (e 45) 

whereis coefficient of rolling friction. Equation (E 45) may be 

rewritten 

ft ~ D -y'/ -hjjW 

= S(C0 -f(CL) 

rre 

(E 46) 
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From the method of Hartman (Ref 26:196), the optimum for minimum 

resistance during take-off roll is obtained by differentiating (E 46) 

f - ■ if* (¾. V = 0 (E 47) 

from which 

c //77¾ AR 
z (E 48) 

Ground effect on induced drag can be approximated by assuming a span- 

efficiency factor, e, of unity (Ref 26:196). Then E 46 becomes 

(E 49) 

combining with (E 43) and E 44) gives 

>9 = no. 
y dv 

(E 50) 
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Assuming constant thrust and vehicle weight during take-off roll, equation 

(E 50) integrates to 

% 
i/( a (E 51) 

For propeller driven aircraft,.9 Or may be used as take-off Cr (Ref 7: 

chap 8, p.10). Thus 

4 f (E 52) 

For a turboprop engine, the static thrust can be approximated by the 

relation (Ref 23:223) 

Tssl = 2*5 (EHP)ssl 

Substituting (E 52) and (E 53) into (E 51) gives 

(E 53) 
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a reasonable value of ju for a semi-snooth runway is 0.05 (Ref 17: chap 

14, p. 62). And 

Co + AC. f AC, 
ua. 

(E 55) 

Consider the vehicle with wing loading of 15 aud aspect ratio of 16. 

From Figure 2-68 (Ref 26) 

AC0 = 6 = 0.009 
657 

A Cn = 0.030 (30° Fowler Flaps) 
uflaps 

From the range calculation (p.82), C^p = 0.0166 and (EHP)cruise 

= (U5) (1.10) = 612 HP 
(0.8) 

Then 

On = 0.0166 + 0.03 + 0.009 = 0.0556 

From Figure 11 

(EHP) ssl = (612)(887) 
(95Ö) 

571 

Use of water/alchol infection may increase static EHP by 10% (Ref 23:225). 

Then 

(ERFOt.o. = (571)(1.10) = 630 
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Take-off thrust is then 

T = (2.5)(630) : 1570 lbs. 

and 

4 + ^ = 0.02/4- 

Then for CTrTnnY = 3.0 and g = 12.2 ft/ sec2, take-off field length from 
o' 

equation (E 54) is 

_/£_ 

(/Z. z)(t. 06)(/0' +)(, OSM - 03/+) 
X 

//70 - (.0^)(/0, ¿nroj 
/¿/o - /üv-Æcm> /-,02/+) 

MM -1 

S. n = 21,000 feet t.o. 7 

CO 
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Appendix F 

Layout Calculations 

Propeller 

From a general propeller chart, it is seen that propeller efficiency 

is a function of the parameter j/Cp 3 (Ref 26:149), where J is advance 

ratio and Cp is power coefficient. For rpm of N 

J = 60V 
ND (F 1) 

while 

thus 

(F 2) 

J¿_ = P'VP'' 
“ (¿ft HP)''* 

From Figure 3-20 (Ref 26), for high propeller efficiencies at low speeds 

let (j/Cpl ^) be 3.5 at V = 550 fps and 3 Km altitude. From Appendix E, 

EHP available at cruise is 612 HP, or 306 HP per engine. For a nominal 

propeller efficiency of 0.8, nozzle specific thrust can be estimated from 

Appendix B by 
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So 

If HP/i 

But from Figure 9, at 550 fps (EHP)sp is 254 HP/lb. Then turboprop shaft 

horsepower is given by 

3Ö6 /- íiíL 
(i¿+)(o.b) 

” 21+ HP 

For a reduction gear efficiency of 0.95, then power delivered to the 

propeller shaft is 

(294)(0.95) = 280 HP 

From (F 3) the required propeller diameter is 

D - (ssf'issohzao)'*- 
(2 oi)^(/0-%io),%(sso)^ ‘ heé 

Now the blade tip Mach number is given by 

= M \ 1/+- jr 
emit ji (F 5) 
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Then if blade tip speed is limited to 0.9 M, 

¿./6 

Then 

(ND)max = (60)^0) = 15,300 fpm 

and 

Nmax = 15.300 = 1060 rpm at 550 fps 
14.4 

Cp = (Rfl.6)3 « 0.235 

For a 4-blade single rotation propeller, the total activity factor will 

be 600, and the power adjustment factor will be 0.8 (Ref 26:150). Then 

CpX = 0.235 = 0.294 
0.8 

Then from Figure 8:4 (Ref 7), efficiency is 0.86. Correcting for profile 

drag losses (Figure 8:5), Ay = -0.02. . Thus net propeller efficiency 

is O.84. Then overall propeller - reduction gear efficiency is 

?? = (0.8+)(0.9½) = o.QO 

which was originally assumed in all previous calculations. Propeller 

efficiency at all speeds, altitudes and power levels can now be determined 

oc 
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immediately from equations (F 3), (F 4), (F 5), Figure 9, and the general 

propeller charts for the given propeller diameter of 14.4 ft. (Ref 7: 

chap 8, pp 7-9). Then from EHP values of Figure 11, the thrust horse¬ 

power availabij at all speeds and altitudes may be determined. 

Mean Aerodynamic Chord 

The length of M.A.C. is given by 

M.A.C.= 2/3 (Cr / Ct - crCt A 
c¡7ct/ (F 6) 

where Cr is root chord and C^. is tip chord. For a trapezoidal half-wing 

of taper ratio 0.4 

S = i (Cr / Ct) b/2 
2 (F 7) 

2t = 0.4 
Cr 

For S = 667 ft^ and AR = 16 

2(Ul) 

Ct -- (7.11)(0. ï) 3, <0 7 -fee/ 

Then 

MAC. - ¾ (/Z.71)- (3.C>?)(?,Z3) 
/Z. 92 

/ß&Z1 (o.Q7 
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Lateral position of M.A.C. is given by 

Then 

_2_. 
(F 8) 

= 1/3 (.^,/,7.38) 
X (12.92) 

ÍM1 
2 

22.1 feet 

Tail Surfaces 

Tail area is selected to provide static stability. Preliminary 

estimates are obtained from Corning (Ref 7: chap 4> p.38). 

“Wr 'AT 
(^¡^) (y), A C.)^;, 

I Mr 

(F 9) 

(F 10) 

where C^t is horizontal tail volume based on wing M.A.C. and is 

vertical tail volume based on wing span. 

For lht = Ivt = b/2 

Cht = 1 

Cvt = 0.075 
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Then 

Sht = : 89.1 ft2 

S,* = (0.075)(667)(103^ r 100 ft2 
(51.5) 

Fuel Storage 

Space available for fuel storage nay be approximated from Corning 

(Ref 7: chap 2, pp 58-60). For wet wing storage from tip to tip between 

15% and 65$ chord, from Figure 2:29 (Ref 7), available fuel volume is 2180 

gallons. From Table IH, the approximate bulk specific gravity of 

propellants is 1.19. Then the weight of fuel that can be stored in the 

wing is 

(2180) (62.4)(1.19) = 22,300 Earth lbs 
(77487 

= 85OO lbs wt on Mars 

Gust Load Factor 

Load factor due to gusts can be estimated from Corning (Ref 7: chap 

12, pp 5-7) 

/71 = 
(F 11) 

where V 

a is slope of lift curve VW 

u is peak gust velocity 

V is flight speed 
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K . MS s, 
^-3 

is gust alleviation factor (F 12) 

z(Ÿs) 
is airplane mass ratio (7 13) 

C is mean geometric chord 

Slope of lift curve is given by 

(7 14) 

where 0, is slope of 2-D lift curve 

f is a correction factor for taper ratio 

For the selected airfoil, = 0.11 deg-1 

From Figure 2-55 (Ref 26, f = 0.997 

or. 
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Then 

a = (m) (o.//) 

/ ^ (JZÉlMi 
/¿ TT 

= aof/r J.]' 

= Ka</nr> 

C 
= 6. -fé /tftf ^ 

Then for fully loaded aircraft at surface level 

Z(/s)_ 
(Z.0i)(/0-*Xé.K)(S-.S8)(/i.l) 

330 

/f = (oM}(33oI 
330 /- f.l ~ 0. 8éé 

m ^ !-b íííh>0±!)(£ie)Ç8í<.) ,, 
^zToï) ^ 

= //-0. 332 ^'7 ^ / 

Table IV shows n as a function of u and V 
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'//eight Estimation 

Empirical weight equations used in aircraft design course of the 

Institute of Technology are 

V/ rvMr>) 
/ _ JM 
yr ccs a 

o.S 

(s 15) 

W, 
i-'f o.if 

fus* ~ D (#) b/J 
i 0. /7 

(F 16) 

where Wwing is wing weight in Earth lbs 

wfuse is fuselage weight in Earth lbs 

W is gross weight of aircraft in lbs force 

A is taper ratio 

is sweepback 

is fuselage length in feet 

is max. fuselage diameter in feet 

is structural load factor 

z 0.012 

z 0.8 

A 
L 

D 

n 

K, 

K 2 

Then 

K,.,, = / (uf ’' 
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= 1768 Earth lbs = 670 lbs wt. on Kars 

wfuse = (0-8)('75)1*15(7)0*25(37,500)0-1'7 

: 1123 Earth lbs = 427 lbs wt. on Mars 

\i 
= 2.5 Earth lb/ft2 (Ref 32:146) 

stail 

^tail = (2«5)(100 / 89.1) i 472 Earth lbs 

= 178 lbs wt on Mars 

Wl.g. = ^ oi’ 81,085 weight before take-off 

= (0.06)(10,000 / 300) 

= 6I8 Earth lbs 

= 235 lbs wt on Mars 

"nacelle = 20$ oi’ engine / propeller weight (Ref 7: 

chap 8, p.22) 

- (0.20)(1320) = 264 Earth lbs = 100 lbs 

wt on Mars 

Structural Wing Mass Required to Support Bending Moment 

Consider the maximum bending moment at the wing root for a fully- 

loaded aircraft with no fuel in the wings. Let the moment arm for lift 

on the half-wing be at the lateral position of the M.A.C. Let the 

moment arm for dead weight of half-wing, engine, and propeller be 11 ft. 

Then maximum bending moment M^^ is 

^max = (10,000)(3.75)(22.1) - -g (670 / 1320 / 100)(3.75)(11) 

: 372,000 ft-lb 

= 4,460,000 in-lb 

Also 

Then 

» and 

10 
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The bending modulus of rupture, fbr, is defined by 

i'br = ¡W (h/2) (p 17 

where h is height of a rectangular beam cross-section, and I is moment of 

inertia for a rectangular section. 

I = bh3 = Ah2 
12 12 

(F 18) 

where A is cross-sectional area. For a wing thickness ratio of 0.153, the 

maximum root thickness is 

h = (0.153)(9.23)(12) = 17 inches 

Assuming sectional stability, fbr may be taken as the ultimate tensile 

strength (Ref 24:13). Aluminum 2024 alloy extrusions have ultimate tensile 

strength of 70,000 psi (Ref 24:82). Then combining (F 17) and 18), the 

root cross-sectional area of a single aluminum spar of mean height of 16 

inches is 

" hfT " ^f)60»000? = 24 in2 
hr fbr (16)(70,000) 

For nearly elliptical spanwise load distribution, assume cross sectional 

«rea increases as the square cf distance from the wing tip. Then volume 

of aluminum spar is 

Vol.z 1/3 Ar(b/2) = 1/3 (24)(51.5)(12) 

= 4950 in3 

Density of 2024 a is 0.1 Earth lb/in3, then 

¿eight of wing supports = (495)(2) = 990 Earth lbs 

=376 lbs wt on Mars 

123 
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Aircraft Center of Gravity 

Let X be the distance from nose of aircraft to leading edge of 

component. Let d be the distance from leading edge of component to 

component c.g. as suggested by Corning (Ref 7: chap 4, p.41). Weight of 

fuel, fuel system fioced equipment, landing gear, and payload is assumed 

centered about aircraft c.g. The wing is then positioned so that the air¬ 

craft c.g. is at 0.25 M.A.C. (1.72 ft): 

Component Weight 
lbs 

ying 670 

fuselage 427 
tail 178 
nacelles (2) 100 
engines (2) 1100 
propellers (2) 217 
crew (2) 175 
A.T.O. rocket I5 

2882 

Location d 
of c.g. ft. 

O.4OM.A.C. 2.75 

0.35 L 26.2 
0.25 K.A.C. 2.60 
O.4O ln 4.4O 
O.4O ln 4.40 
Xvr3 0 
nose 0 
nozzle 0 

Total moment : (2882) (xw /1.72) 

Solving the above equation for Xw gives 

X Moment 
ft. ft - lbs 

xw 670 (Xw / 2.75) 
0 11,200 
67.2 11,950 
xw-3 100 (xw / 1.4) 
Xw-3 1100 (Xw / I.4) 
Xw-3 217 (Xw - 3) 
5 875 
60 900_ 

2! = total moment 

Xy z 28.7 feet 

Thus aircraft c.g. is at 

^-8.7 / 1.72 i 30.42 feet ref. nose 

For total empty weight of aircraft (including landing gear, fixed equip, 

ment, and fuel system) of 3920 lbs wt, the total moment empty is 

(3920)(30.42) = 119,000 ft-lbs 
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Slots 

For the selected airfoil, : 1.45 „lth no naps> ^ pigure 

¿-51 (Ref 26), a A Cj of I.55 can be obtained from Fowler type flaps with 

a flap area/wing area ratio (sf/s) of 0.30. Using O.4O chord Fowler flaps 

with a flap span bf on a trapezoidal wing-planform, then 

Sf - (0.4 Cj- / 0.4 Cf) bf (F 19) 

where Cr is wing root chord and Cf is wing chord at bf/h of wing span, 

Let 

bf/b = X 

Then for a trapezoid with a taper ratio of 0.4 

= 2' (Gr / C^)b = 0.7 Crb 

So 

Sf - 0«2 (Cr / Of) 
s " 0.7 Cr 

But 

Cf - Gt 

Cr - Ct 

Since Ct = 0.4 Cr then 

Cf - 0.4 Cr 
ü.fc Cr 1-X 

cr / Cf - 1.4 Cr = 0.6 Cr(1-x) 

(F 20) 

(F 21) 

(F 22) 

(F 23) 

(F 24) 

(F 25) 
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Cr / Cf 
= 2 - 0.6 X (F 26) 

Combining with (F 22) 

Sf 
= (4/7) X (1 - 0.3 X) (F 27) 

Then for - 0.30, solving for X gives 

X = kf/b “ 0.65 

or Sf/S = 0.30 corresponds to span flaps and gives 

clmax of 3.0. Use of leading edge slats will inhibit 

decrease L/d for take-off and landing. 

For the basic aircraft at low speeds Cj^, = .017 

From Figure 2-68 (Ref 26) A 0^ Q = .009 

A°Dflaps : -055 
and 

an aircraft 

tip stall and 

Estimating drag due to slots from Figure 2-51 a (Ref 26) 

slots = 

Thus CDo = 0.126 

CDi = 13.-0)/ = 0.179 including ground effect 
77" (16) 

Then C]-) for take-off and landing = 0.305 

(L/D) 
t.o. and land - M - 9.85 

.305 
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Appendix G 

Performance and Stability Calculations 

3over Required 

Horsepower required is given by 

DV . 
Sfo " ¿SO 

Let J = ^ 

then 

(G 1) 

(G 2) 

But for an adiabatic atmosphere 

and 

& 

(G 3) 

(G 4) 

1C7 
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Then for / r I.4 

^0.1 W0./+i,f) ^/, 

(G 5) 

Substituting values for ^ asl) and s into (G 2) 

= r?. 01.)(/0^) (//<n) 

(0 6) 
y ^ /. /+3 i 

~ /66; ^ Í 

where 

AC0 
ton» (G 7) 

77-(2 /9^ 7T(8f)0¿) 

c. 

4-2.7 
(G 8) 

(G 9) 
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But 

<r£ - Ç 
(G 10) 

So 

C = Ia/_ 

VJ (G u> 

Drag rise due to compressibility, ACpcoinpj is a function of Mcrd-M, which 

in turn is a function of aircraft 0^. 

Parasite drag, Cpp, is a function of speed and altitude, since 

(G 12) 

An equivalent parasite drag coefficient may be defined as 

(G 13) 

where is the total wetted area of the aircraft. For this aircraft 

the total wetted area is 2980 ft2. At 550 fps and 3 Km altitude - 
opi - 

0.0166 (Appendix E). Thus 

Cp. = (0,0166) ^667) - 0.00372 
2980 
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Applying the equation of Prandtl, for turbulent flow, to the equivalent 

parasite drag 

ty - 0.455 
(lOg^Re^^bö (G 14) 

where Ren is Reynolds number of flow based on some fictitious length. 

Assuming the Sutherland law for variation of viscosity with temperature 

(G 15) 

Then Ren may be expressed as 

/fe = 
u A. 

A- 

(G 16) 

From C-p = 0.0C372 

(^gio^)" 
.5S 

0.455 
0.00372 

122.4 

which gives Ren 
nl 

2.82 STnce at this speed 
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and altitude, M = 0.51 and O.863, then 

Pa/ _ (tetiOô') 
A ” (o-f/Xo.ete)0'”’ Cô7(/õc) 

Thus for any speed and altitude 

= ¿.07 (/o') 
(G 17) 

Then from (G 12), (G 13), and (G 14), at any speed and altitude 

cPpi ^ 

CDp ^ 

logloRën 
2.58 

logloRe 
nlJ 

(G 18) 

U<j n fojj = /a £.07(/0^ + M + 0,6+(01^ ^ 

h» fe», <s. f-r 

(019) 

= /.os/ - o./sr-fa -0.0in ^y- 

(G 18) and (G 19) define Cpp for any speed and altitude. 

Values of horsepower required as function of î'ach number were 

calculated for altitudes of 0, 6, 12, and 18 kilometers, at vehicle 

weights of 10,000, 8,000, 6,000, and 4,000 lbs wt on Mars. The power 

required curves are shown in Figures 7, 12, and 13. 
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Sample Calcul«tinn 

Weight 8000 lbs 
Altitude 6 Km (20,000 ft) 
Speed 0.40 Mach 

Prom Appendix A £ = 0.742 

From eon (G 11) 

then 

CL = B 
1B3)(0.742)(0.4)2 

0.811 

CDi = ÍP»8ll)2 = 0.0155 
42.7 

From Figures 2:7 and 2:9 (Ref 6), at CL = 0.811 

^CRd = 0.511 

From Figure 2;23 (Ref 6) 

A cD 
comp .0001 

From (G 19) 

loElQ2eN 

l°SlOReNi 
= 1.051 - 0.155 log10 

0.4 
0.0993 log,Q 1 - 

0.742 

Then from (Q 18) 

On = 0.0166 
(0.976)2.58 

0.0176 

ir 

/ 

0.976 
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Tiien 

(¾ r .0155 /.001 / .0170 = 0.0332 

and from (G 6) 

HP read = (166,700)(0.742)1,1^ (0.4)3(0.0332) 

r 252 HP 

Range 

Range for a turboprop aircraft is best found from 

0 

where r is miles per lb. wt. of propellant. 

s- = Ü /7._ 

(S®> 2' 

for V in ft/sec and ESPC in Earth Ibs/HP-hr. Then 

L. = (io)Om) M 
(8e)(o. 38) ) 

n O. /*3 

= -IlZáLÍ_^ 
Cespc) /i. ut 

For a given I , h, and }îP repd is obtained from power curves. 

(G 20) 

(G 21) 

(G 22) 

ESPC for 
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a given M and h is obtained from Figure 10. £ can be found by the method 

of Appendix F. Figure 14 shows r for vehicle weights of 10,000, 6000, and 

6000 lbs and at altitudes of 0, 6, and 12 Km. 

Example: Weight 8000 lbs 
Altitude 6 Km 
Speed 0.40 Kach 

From Figure 12 HP reqd = 252 

From Figure 10 
ESPC = 1.97 Earth lb/HP-hr 

Assuming a propeller-reduction gear efficiency near 0.8 

EHP recd/engine = ¿52 x | = 3.58 

From equation (F 3) 

-i- = 114,-4)^(0.206)1^ (0.91^ Í0.4) (305/,) _ 3.22 
(¾)1^ (550)1/3 (158) V3 

From Figures 8:4 and 8:5 (Ref 7), with a reduction-gear efficiency of 0.95 

Then from (G 22) 

p = 0.95 (0.86 - .02) = 0.80 

(1975)(0.7/,21-143(0.8^./.1 
(1.97)(752) 

- 1.21 mi/lb wt 
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inspection of Figure 14, the maximum r for a given aircraft weight may 

be selected. Figure 15 shows r as a function of weight for a cruise-climb 

and constant altitude flight. Range for any initial fuel weight is 

obtained by graphical or approximate integration of Figure 15. Figure 6 

shows the integration of Figure 15. 

Static Stability 

Stick-fixed longitudinal stability is determined by the method of 

Etkin (Ref 10:23-26, 446-479). From the airfoil data, the aerodynamic 

center of the wing section (hw)in fraction of f-'.A.C. is 

hy = 0.266 

From figure g.S, 1 (Ref 10), the forward shift of the neutral point due to 

fuselage effect is 

Ahn = -0.143 

From the same figure, an additional forward shift due to nacelles is 

Ahn = -0.01 

Thus the neutral point of the wing-body-nacelle combination, reduced by 

5$ for high-wing configuration is 

hnwb = 0*'c66 - °*95 (0.143 / 0.01) - 0.121 

The pitching moment coefficient about a wing section is given by 

= -0,11 deB-1 
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Flight Velocity - MPH 

Figure 12 

Power Curves for a Martian Turboorop 
at 6 Km (20,000 ft.) 
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Plight i'iäcxi «urnbor 

ö ..Silo. '5W 
Flight Velocity - MPH 

iJö" 

Figure 13 

Power Curves for a Martian Turbonrop 
at 12 Km (40,000 ft.) 
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Figure 14 

Miles per Pound of Propellant 
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Correcting for 3-D effect of aspect ratio and taper ratio (Ref ^6:88-89) 

Qf'ac = (1.05)(-.11) = -.115 deg -1 

From Figure B.8,k (Ref 10), the change in pitching moment due to fuselage 

effect is 

(%B) = -0.056 

The correction for high wing configuration is + .004. Thus the pitching 

moment coefficient of wing-body combination is 

0po = -.115 -.056 = -Q..171 deg ~1 

From Appendix F, the lift-curve slope of the wing (a) corrected for aspect 

ratio is 

aw = .0975 deg~l 

From Figure B.l, 4 (Ref 10), the correction factor for fuselage effect is 

0.99. Thus the lift-curve slope of the wing-body combination is 

= (.99)(.0975) = .0966 deg “1 

From Figures B.6, 1-1 (Ref 10), by interpolation for taper ratio and 

extrapolation for aspect ratio, the downwash angle at the tail is given by 

é = £ ^ 
0 

(X (G 23) 
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'...ere 

anu 

£0 - O, ! Z ótey 

- 0.Z8 

Using a symmetric horizontal tail airfoil with the same lift-curve slope 

as the wing, then for a tail aspect ratio of 3 

/ / JZiA 
7T/)/t 

0. // 

/ A 
Í 7T 

0. 066 c/ey ' 

Assiuning a tail efficiency factor (power-off) of 0.9, then 

at in situ = (.066)(.9) = 0.0593 deg"1 

The horizontal tail volume referred to wing-body neutral point 

v'h = -L'l ( 
m.a.c. Vs/ 

is given by 

(G 24.) 

»here l't is distance from tail a.c. to ui^-body neutral point. Taking 

the tail i M.A.C. as the position of tail a.c., then from the aircraft 

layout, 

l't 69.65 - 28.70 - (0.121)(6.87) =40.12 ft 

171 
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mus 

Vu = (40.1-) (S9.1) = 0.780 
(6.87) (667) 

The lift-curve slope of the aircraft is given by 

= 0,0972 ¿sj 

The aircraft stick-fixed ne.mral point is then given in fraction of 

I'.A.C. by 

/? 

- 0. 3 <?-Z 

(G 26) 

Thus the stick-fixed neutral point is at 

hn = 0.342 + 0.121 0.463 K.A.C. 
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ror the aircraft c.g. at 0.¿5 M.A.C., the static margin is then 

(hn - h) = .463 - .25 = 0.213 M.A.C. = I.46 feet 

The slope of the pitching moment curve is then 

Cm^ = a(h-hn) = (0.0972)(-.213) = -0.0207 J«*'' (q 27) 

The horizontal tail volume referred to aircraft aerodynamic center is 

given by 

vHn = V - 2í (i>n - hnub) = 0.7S0 - 89a (.342) = 0.734 (G 28) 
S 667 

The pitching moment coefficient about aircraft a.c. is then 

= Cm^¡, + *4, (6° (« 29) 

Tail incidence angle it is selected so that 

C*. " Cl. ^ = 0 , ” ** »OL (G 30) 

for OL corresponding to cruise CL of 0.8 

Substituting values for (0 29) and (G 30) and solving 

simultaneously gives 

i-j. = 7.6 deg 

Cm - 0.170 

J 

(down) 
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üince the zero lift angle of wing section is -4 deg, then for a wing- 

fuselage incidence angle of 3 deg, the tail-fuselage incidence angle is 

-4.6 deg. 

Stick-fixed directional stability is determined from data of Perkins 

and Hage (Ref 26: 318-326). The derivative of yawing-moment coefficient 

with respect to yaw, Cn^ , is estimated by adding the values due to air¬ 

craft components: 

contribution from wing (no sweepback) 
contribution from fuselage 
contribution from nacelle 
correction for high-wing configuration 
contribution from propellers 
Vertical tail aspect ratio 
effective aspect ratio due to end plate effects 
lift-curve slope of V.T. (Ref 26; Fig 8.8) 
vertical tail volume 
vertical tail efficiency (power off) 

0 
+ .0006 deg“l 
+ .00002 
- .0002 

+ .00007 
1.5 
3.1 
0.046 deg-l 
0.0567 
0.9 

« 

Contribution to 

CQto ÿ^v.t 

of vertical tail is given by 

~ O'vr Kr Jvr 

-6^6)(.0^7)(.9) = -0.0013 
(G 31) 

correction for high wing 

Net Cn from all components 

+ O.OOO5 

-0.0011 deg-l 

Rudder Control for Sinrle Engine Stability 

For single-engine operation at full power with no side-slip, then 
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where Cn is yawing moment coefficient 

Çr is rudder deflection 

Cn is yawing monent contribution of one engine. k • 6 • '-> 

where CD is drag coefficient of aircraft 

is inonent arm of propeller thrust 

Maximum Gq will occur at maximum Then 

(/. 4-S) 

TT (c. dï)(l(t>) 
+■ o. ô/y a 0(0(0 

Adding IO** to account for asymmetrical effects gives 

Cns.e. max ~ -ÍH1 (.066)(1.10) = 0.0080 
ÏÏÔ3) 

i 

(G 32) 

(G 33) 
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Now 

C, - -iX. 
(G 34) 

where ar is lift curve slope of vertical tail with rudder. 

(G 35) 

where ^is control surface effectiveness. Using a criterion of one degr 

of yaw per one degree of rudder, then 

ee 

c = c y, Ô, C~0 // c/éj O'f'f 

Combining (G 34), (G 35), and substituting values 

T = (.0011) = 0.47 
(.046)(.0567)(.9) 

From Figure 5-33 (Ref 26) 

Jrudder 
SVT 

= 0.47 

Correcting Cn^ for power-on conditions (tail in propeller slipstream) 

(Ref 26:238) 

1 
~ (-.0011)(1.307) = -0.00144 deg-1 

•y 

Then from (G 34) 

£ for S.ij. control — -.008 = 5.6 degrees 
-.00144 

i 
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ï Appendix H 

Lists of Symbols Used in Calculations 

Because of the nature of this design problem, many of the standard 

symbols used in aerodynamics, thermodynamics, and thermochemistry may 

have overlapping meanings. For this reason the symbols are separated 

into three groups: those related to engine performance calculations, to 

aerodynamic design, and to aircraft stability. 

•> Engine Performance Symbols: Appendices A, B, C, and D. 

a 

CP 

v 
^pa 
EHP 
ESPC 

f/a 
F rs 
g 

Êc 
h 

AH 

^ %orm 
HP 
HPSPC 

Isp 
J 
M 
MW 
ih 
P 

Ro 
T 
V 
W 
V 

y 

1' 

speed of sound 
heat capacity of compressor gases 

heat capacity of hot expansion gases 

heat capacity of air in combustion chamber 

equivalent horsepower (turboprop) 
equivalent specific fuel-ox consumption 

mass ratio of fuel and oxidizer to air 
specific thrust 

acceleration due to gravity 
unit conversion factor 32.2 
specific enthalpy 

enthalpy per mole 

heat of formation 

horsepower 
thrust-horsepower specific fuel-ox consumption 
specific impulse 

mechanical equivalent of heat 
Mach number 
molecular weight 
mass flow rate 
pressure 

compressor pressure ratio 

universal gas constant 

temperature 
velocity 

-specific power or work 
turbofan bypass ratio; mole fraction 

ratio of specific heats 

ratio of specific heats of hot expansion gases 
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burner pressure efficiency 

efficiency 

? density 

Subscripts: 

b 
c 
e 
n 
o 
P 
r 
si 
t 

$ 

d* 

combustion 
compressor' 
nozzle exit 
nozzle 

free stream, ambient conditions 
propeller 
ram 
surface level 
turbine 

Earth 

Mars 

Aerodynamic Design Symbols; 
Appendices D, E, F, and G. 

A 
a 
a 

AR 
b 

c 

^ ^Dcomp 
Cn. 

ACDl.g. 

CD0 

Cdp 
Cf 
cf 

Cp 
Crt 

cl 
Cp 
c Lpx 
cr 
ct 

wetted area of component 
ground acceleration rate 
slope of aircraft lift curve dC,/d 
sonic velocity 1 

theoretical two-dimensional lift-curve slope 
aspect ratio 
wing span 
flap span 

mean geometric chord 
drag coefficient 

compressibility drag coefficient 

induced drag coefficient 

increment in drag coefficient due to landing 

coefficient of all drag except induced drag 

parasite drag coefficient 

wing chord at outboard edge of wing flan< 
equivalent parasite drag coeffie^ P' 

horizontal tail volume coefficient 
lift coefficient 

gear 

power coefficient 

adjusted propeller power coefficient 
root chord 
tin chord 
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uvt 
c.g. 
D 
D 
d 
e 
EHP 

ESPC 
F 
f 

^br 
g' 
h 
I 
J 
K 

L 
L,1 
M 
m 

mcrd 

^-max 
m.a.c. 
N 
n 
R 
r 
Re. n 
Re 

S 
Sp 
Sf 

Srt 

^to 

s50 
Tn 

Tss] 
t 
t/c 
THP 
u 
V 
^so 

Vtd 
V50 
W 
Wo 

nl 

vertical tail volume coefficient 
center of gravity 
drag 
propeller diameter 
distance to component c.g. 
span efficiency factor 
equivalent horsepower 

XÍ^enVPeCÍfÍC consumption 

correction facto/fo^p» Stir*’ ^ Pl“S reïerSe p0"er 
bending modulus of rupture 
relative gravity 
altitude, height 
moment of inertia 
propeller advance ratio v/ND 
correction factor, gust alleviation factor 

characteristic length of component 
Mach number 
mass 

critical drag Mach number 

maximum bending moment 
mean aerodynamic chord 
propeller rpm 
aircraft load factor 
aircraft resistance during take-off ground run 
miles per pound of propellant 
Reynolds number 

Reynolds number at initial cruise conditions 
wing area 

landing-field length = Srn + s„ 
wing-flap area D G 

hoTilw'taU^aZ fr°" t0UChd0Un t0 st°P 

take-off field length 
vertical tail area 

nofr^t Clearlr* 50 f00t 0bStaCle t0 touchdown 

thrust at static surface conditions 
time 
wing thickness ratio 
thrust-horsepower 
effective gust velocity 
velocity 
stall speed, power off 
touchdown speed 
speed clearing a 50 foot obstacle 
weight in pounds force 
fuel weight 
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T,r 
'vO 

'pp 
rc 

lv' 

X 
y 

y 

S 

A 

X 
A 

f 
or 

initial weight 

powerplant weight 

wing loading 

longitudinal^station referred to nose of aircraft 
ateral station from fuselage center-line 

glide angle 

pressure ratio p/pSL 

propeller efficiency x reduction gear efficiency 
temperature ratio T/Tqy 

oL 
sweepback 

taper ratio 

coefficient of rolling friction 

viscosity 

airplane mass ratio 

density 

density ratio p A 

Stability Symbols: Appendix G. 

a 

at 
awb 
a.c. 
b 
CM 
n 
UM, ac 

'wb 

CM0 

% 
Gm 

CN 

%s.e. 
cn hrT 

hn 

hnwb 
hw 
H 

i't 

V’H 

VHn 
Vvt 
yn 

aircraft lift-curve slope dCL/d 

lift curve slope of horizontal tail 

lift curve slope of wing-body combination 
aerodynamic center 
wing span 

pitching moment coefficient 

Pitching moment coefficient about wing a.c. 

pitching moment coefficient about aircraft a.c. 

Pitching moment coefficient about a c nf ; 

slope of pitching „ent coeffSc„; ^ ^ C0“0n 

yawing moment coefficient 

yawing moment coefficient due to one engine inoperative 

erivative of yawing moment coefficient w.r.t. yaw 

position of aircraft c.g. in fraction of 1' A C 
stick fixed neutral point of aircraft in fraction of V A p 
aerodynamic center of u-inrr v. d i-ion oí K.A.C. 

. ’ . °f """e-Wy combination in fraction of M.J c 
wing a.c. in fraction of K.A.C. * ' 
tail incidence angle 

distance from tail a.c. to wing-body neutral ooint 

horizontal t^ ^ t0 Point horizontal tail volume referred to aircraft a r 
vertical tail volume a.c. 

moment arm of propeller thrust 
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V* angle of attack 

rudder deflection angle 

€ downwash angle 

7„r vertical tail efficiency 

7" control surface effectiveness 
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