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SUMMARY 

incoming 
report covers diffusers which emninv infJ ari6 enumerated and evaluated. This 
sion or a combination of the two. ^perime^Uv external compres- 
pressure recovery, the capture-area ration?Values °f ^ total 
those determined from available theories for ?re comPared with 
eussions which in general refer to axisvmmpfr U °f dlfiusers. The dis- 
applied with equal validify to two-dimensTo^a USUalIy may be 
cific problems of the latter are treated Thp lff ?' fH°wever> s°me spe- 
considered in some detail as are the problems of osmUaUng ^ ** 

SOMMAIRE 

personiques" d^^Vmesure^misUlV^r"?^^6^ de PriSes d'air su- 
moyensde ralentissement de l’écouleme it riP’pnf de Cet exP°sé- Les 
ete dénombré et estimé. L'esposé comi rpn^ h Vltesse subsonique ont 
interne et externe, aussi bien qu^en combim'ison^n dlfÎUSeUrS de comPression 
perimentales de la récupération de pr^ss on A P" comPare valeurs ex¬ 
capture d'air, et de la traînée extéLure Hp ” !U rapP°rt de Surface de 
partir de théories établies pour tous tvæs ’ aUX vaIeurs déduites à 
considerations, bien que rapportant à dlflaseurs; Le plus souvent, les 
s’appliquer de toute validité aux diffuseurs bid^P^^0 axisymmétrique, pourront 
des questions particulières aux ceux-ci Lp^Tfff10^68' Toutefois’ on traite 
aborde, .ussi bien que des questions Posées^Vé^^^ °nt 

533. 697. 2:533. 6.011.5 
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SYMBOLS

Only those symbols which are frequently used are defined here; all others are de­
fined where they are used.

A

a

V

D

F

£

i

M

M

s
m

P

R

Re

s

T

cross-sectional area

local velocity of sound

additive drag coefficient

supercritical external drag coefficient

cowl-drag coefficient

specific heat at constant pressure

specific heat at constant volume

drag; flow distortion parameter; diffuser characteristic slope 

additive drag 

cowl drag 

thrust

frequency of pulsation, cps 

length

Mach number = V/a 

Mach munber at cowl lip 

design Mach number 

shock Mach number 

mass; mass flow 

pressure

universal gas constant = 1715 ft^/sec®®F 

Reynolds number = — P--

specific entropy 

temperature



volume; velocity 

axial distance 

radial distance 

angle of attack 

ratio of specific heats - c /c 
P V 

boundary-layer thickness; cowl-lip angle 

boundary-layer displacement thickness 

external cowl-lip angle 

internal cowl-lip angle 

diffuser efficiency 

boundary-layer momentum thickness 

cowling parameter 

cone semi-angle 

shock-wave angle 

coefficient of viscosity 

density 

flow angle 

flow angle at cowl lip 

Subscripts 

designated stations 

free-stream 

cowl-lip 

exit station 

innerbody surface 

stagnation or total 



Superscripts 

son<c or critical conditions 

average value of parameter 



1. Introduction 

at the SameT^TcUciroXe^e%XrbtlyCOnlPrel:enSlVe and yet' 
the current research of specialists in each'area ’ S?” ''“P16 defmlti0'ls t0 

hi textbooks STÂhÂTretre10^? Wh,1Ch 
no. only is given^SÄ ^ ^ 

prebUnl^hic“,8 b^„0ÄaU0nS C“rre"Uy - Sciaiiaed 

srrÄ~“!“twB“Ä“ 
ncVnfSfon%^ts^ 
momentum that can be imparted to the air by heating * maximum 

a supersonic* ^“a^ *S one hwhich decelerates 
one which completely convert«? tho *1C speed and a subsonic diffuser as 
pressure ener« nlever TcoilS C e."e/F ln a s,,bsoni<: stream ‘"‘o 
some diffuser mtoou^tt's eeneXlmZU, fa Ü ‘S 0f‘e“ Called a 
sonic diffuser, i.e. tlie ini« sreid uT“ n 0' ^ a aupersonlc “d a sub- 
Mach number has a low subsonic^alne Ai,uy S[*pers0Ilic and the combustor 
for a supersonic mistóe usXis tisvmmmT/J^" des‘^d 
often used when the ramiet i<? inro \ ^ • *nC’ a bvo-dimensional design is 

metric confieurations thev ma™ o i- j • 1 &eneraily refer to axisym- 
two-dimensimial configuration P in general with e(ïual validity to the 

nal to it, or^it may1be^effected*bv^a ^ ^ diffUSer itSelf or exter- 
pression. Diffusers may also be^lacc r1^11^10"^ external and internal com- 
inß to the type and 

non-viscous^sÏtnctXIree111^6^^611,!dÍffUSer f°r the flow of ^ ideal 
problems. However viscas forc'eï ra ^ nUmber presents relatively ^w 
plex shock patterns shock LSftv ? ^ lgn°red SinCe they cause ^ni¬ 
as vortex sKs te^he spilled noí y’some ^ in ^ duct as wel1 
for by semi-empirical theories but manv ra h theSe effects may b® accounted 
means. Thus, although the existing ao L a” be a®sessed only by experimental 
putation of certain portions of the flow the°ry P61"111118 accurate com- 
largely an art re^K ^ 1 ' ÜVer_a11 design of an inlet ^8 
based on experie^ The^de rar aü" of considerable judgment 
pertences in accelerating toTsteïït f X 0 ! numl?fr ^ a vehicle ex¬ 
angle of attack often required in climb and aS W6 1 aS the variations in 
problems in the design of an ontirnnrnnff^ mane^er> increase many fold the 
in is intended to indicate not onlv Hip imÍUS!r‘* The material presented here- 
types and methods of computing tUflow^telds indices’ diifuser 
aid the reader in understanding the arTas in whlí but also to iumg me areas in which judgment is essential to the 
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design of a practical, efficient inlet. Typical experimental results will illus¬ 
trate the non-theoretical aspects of the design process and will indicate the 
performance levels attainable with certain basic and conventional designs. They 
will also show the effect of many modifications made to specific models tested 
under limited conditions. Many problems and alternatives will be discussed, 
but the ultimate solution and the choice of a diffuser design will depend on the 
desired flight characteristics and physical limitations of the proposed vehicle. 

2- Diffuser Performance Parameters 

Before discussing the various diffuser designs it is necessary to es¬ 
tablish some standards by which their usefulness and efficiency may be assessed. 
The performance of an inlet diffuser is related to three basic characteristics. 
They are the magnitude and quality of the pressure recovery, the capture- 
area ratio (or mass-flow ratio), and the total drag of the diffuser. These 
characteristics are discussed briefly in this section. They will be treated 
in more detail in relation to the various types of diffusers to be discussed in 
the following sections. Quantitative values derived from simple theory will 
be compared with those obtained experimentally. The over-all worth of a dif¬ 
fuser must always be determined by simultaneously assessing all three charac¬ 
teristics since the gain in one is often achieved at the expense of another. It 
should also be borne in mind that the most serious aspect of the engine-inlet 
problem is concerned with off-design operation: none of the characteristics 
should deteriorate rapidly under conditions of overspeed or underspeed or at 
angles of attack. Experimentally determined performance data will be pre¬ 
sented in subsequent sections for each diffuser type and modification. 

In actual vehicles many compromises have to be made in order to 
achieve an acceptable performance throughout the variations of flight Mach num¬ 
ber, angles of attack, and sideslip as well as variations in the properties of 
the atmosphere. A variable-geometry inlet often achieves a better compromise 
than may be possible with a fixed-geometry diffuser. 

2 • 1 Total Pressure Recovery 

Although efficient diffusion prescribes that the final static pressure 
be as high as possible, it is more usual to measure the efficiency in terms of 
the total pressure recovery. Since at any Mach number the ratio between the 
static and total pressures is a constant, there is no loss of generality in using 
one form of pressure rather than the other. Diffuser efficiency, r?‘, is then 
defined as d 

nd = V/pta (2-1) 

where subscripts j and 3 refer to the inlet and exit (combustor) stations re¬ 
spectively. 

The total pressure loss is composed of the viscous losses and the 
shock losses, neither of which are amenable to exact calculation. The shock 
loss may be estimated by a knowledge of some of the properties of the shock, 
i.e. , whether normal or oblique, the Mach number at which it occurs, or the 
position at which it occurs. In actual practice only the losses through attached 
bow shocks may be known with any degree of accuracy. The nature of most 
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other shocks is complicated by the interaction of the shock and the boundary 
layer. What is usually treated as a simple normal shock in the throat of a 
diffuser channel actually is a complex shock system occupying a length many 
times the equivalent diameter of the duct. Total pressure losses, calculated 
for basic diffuser configurations with the assumption of simple, normal shocks 
at known stations, will be included in each section and will be compared with 
experimental data. 

One of the important features of the total pressure recovery that is 
sometimes ignored when assessing diffuser performance is the quality of the 
flow at the exit, i.e., the pressure (or velocity) distribution over the exit area. 
This is most critically affected during angle-of-attack operation, at which time, 
large separated areas may occur in the subsonic ducting. Unevenly distributed 
mass flow may cause less efficient burning than a lower but evenly distributed 
pressure recovery over the combustor region. An often-used measure of the 
flow quality or flow distortion, D, is given by 

D = ^pt max ' Pt min^Pt av 

However, such an expression should also be supplemented by a pressure con 
tour in order to make it of real value. Examples of such contours and dis 
tortion factors are shown in Fig. 2-1, taken from Ref. 1. 

Capture-Area Ratio or Mass-Flow Ratio 2.2 

The second characteristic of a diffuser that is used in rating its 
effectiveness is its capture-area ratio or its mass-flow ratio. 

A 
N 

In the sketch above 
A = cross-sectional area of the entering stream tube 

o 
Ai = cross-sectional area of the diffuser entrance. 

the maximum mass that could enter is 
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which reduces to the capture-area ratio, A /Ax. It may be noted that here, 
and in cases where the diffuser entrance is^n the free stream, the subscripts 
o and “ are used interchangeably for the flow characteristics at station o. 

The capture-area ratio may be measured in a wind tunnel by the use 
of a throttling plug (preceding page) which is adjusted to produce a sonic throat 
of "effective" area A^. Continuity of mass flow gives 

Ao "o Vo = ^ »N VN <2-3> 

which by assuming that the total temperature remains constant down the duct, 
may be transformed into 

where the total pressure, p , is assumed to be the same as p , the recovery 
w r 

pressure actually measured by a rake upstream of the throttle. The value of 
Aj^ usually is determined beforehand as a function oi the throttle setting by 

using a simple normal-shock diffuser with swallowed shock. As the area A„T 
N 

is decreased, the normal shock is forced farther upstream in the diffuser until, 
at the critical condition, the shock rests on the rim. Since A0 = Ax as long 
as the shock remains in the duct (i.e., during supercritical operation) and since 
T). may be measured, the effective value of A can be calculated from Eq. 2-4 
for each position of the throttle setting. 

A few typical curves of pressure recovery as a function of capture- 
area ratio are shown in the sketch below. Such curves will be discussed fully 
under the headings of the various types of diffusers (Sections 3 and 5). 

In general the pressure recovery rises rapidly to a peak value as AN is de¬ 

creased. The peak pressure recovery may or may not coincide with the criti¬ 
cal point. As the shock is expelled, the pressure recovery drops with varying 
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iegrees oí rapidity While lt¿ “s“alys advisable to accept some 
ture at the design Mach number, it is smnetl inc performance 
spill-over at the design condmon ‘"3»%^%““^ A./A, with Mach num- 

rÄ.r ÄÄ“rr designi in Sections 3 and , 

2.3 Inlet Drag 
The third parameter by which the merit oiaWIuser i^sse.^d is 

the total drag of the diffuser. The Jj*8wCa°™Pdrag and skin-friction drag. At 
the cowl itself and is made up ^ wave drag is amenable to 
small angles of attack with no sP^‘°^r’ ^ec 6>3 0f Section 8 of the Hand- 
calculation by the methods disc^s' f 0) The skin friction is discussed in 
book of Supersonic Aerodynamics (Ref.^)^ Th^ more {uUy in Sections 13 
the same volume (Subsec. 6-1) Handbook When the drag of the diffuser 
and 14 of the previously mentioned Han t ^ ^ whole miSSile, it is necessary 
is to be considered separately fr downstream of the cowl shoulder for 
to take the reference station far en0^h th effect 0f the bow shock wave, 
the ambient pressure to have ^LTliP a^d must be corrected for 
The theoretical cowl drag is £ased ™ h p p he change in cowl drag due 

r£5= at :ars Ä6 Xdfis usually f0u^ ex^r—y. 

¿m* da’ 

* thP «înill-over drag is known as the additive 

Tre rriitivb drag. The “.diHve drag in nsimlly ‘‘^‘Lr“dei 

^’aÂrof'tÎe^b! 

Application ol Newton’s second law of motion to the flow shown in the above 

sketch gives 
(2-5) 

AoP° 

+ DA - A: Pr = Pi Ai V? - P0 A0 V0 
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p"s tZXi be C0Zbined wm ^ « is 
a*dlfierences be^e™XTea8ur^7 UletSame tesl8' i e-. 
sure, p,. Using this tact, Eq. 2-5 may bs witteS a“ ,ree-Stream stallc P™’ 

DA = Pco ¿1 ^(1 
P_ 

y M?) - i . 
ÃT 

Ma 2-6 

«cttonV1“!! ‘t n0rmal ,0 the lree_ stream direction over the cross 

to calculate'D. from Eq^-^^r^onu/A^th11']! lsen^opic'tlow tables, J A 4 « o in terms of Ao/A,, the known free-stream con¬ 
ditions and the known value of Aj. 

shock and oSfin'txpre^sirfor me ads01;6 re?1StlC ,81^ detached 
axisymmetric diffusers which have the «n .dltni: drag of two-dimensional and 
since a diffuser with I deSi? sh^î a ‘¡f1"1 at ^ cowl “P- »“«s^r, 
Sidérations, both of the above methods are°o, somewtaTíademtó iSst ‘ ^ 

that due to spiU^overTauMd ITT“'6 ,0 ^ is 
spill-over for an ^ 

MsdemSs^emilé™ wyiedtgÄ ^ Pr®fsure over the surface AB. 
vicinity of AB. For two-dimensional Hit?6 pr0i*?rtl®s of ilow field in the 
able to calculation since the romnroc • users ^16 ^ow readily amen- 
metric diffusers the flow f^ Wa,VeS are linear' For axially sym- 
tics calculation (Refs. 4 5 and 61 A by means of a characteris- 
is given in Ref. 7. The’calculated adriiHvi^1^ ®xample of such a calculation 
designed for M = 3.5 and M - 5 ia Qhn e dra^,for isentropic-spike diffusers 
a function of the cowl-îfp Itiion and T Flgf- 5'15’ 5-17' and 5-21 as 
ures 5-22 5-23 and <r- • ^16 ^ree'streain Mach number. Fig- 
Mach number in the range of 2 informatlon as a function of design 

formance may te* ‘íf1 “er a"gls-of-attack per¬ 

siga Mach number aS zero a^íe of a.i7k PnT t* uall°Wed tor at ,he d8- 
conditions the total external draz is nnt si * * lS ortululte thst under such 
shock is expelled, the smiled n™ u û a WayS ‘ncreased' whs» the normal 
drag may decreaU slgnmcantlí^ni co ^8 lhe ““’‘‘“P Prsssure 
spin-over. H»e“er, wtore a comc¿ XT? ÍOr the drag due to er, wnere a conical shock from an innerbody falls outside 
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the cowl lip and causes supersonic spill-over, the cowl-lip drag will increase 
unless the Mach number behind the shock is less than about 1.4. 

Sometimes the diffuser performance is improved by bleeding off some 
or all of the boundary layer on the innerbody or inner cowl surfaces (see Sec. 8). 
In such cases the drag must take into account the introduction of the bleed air 
into the free stream. 

The following sketch shows how the total external drag at zero angle 
of attack and at a constant Mach number is made up and particularly how rapidly 
the additive drag increases with increased spill-over. 

The following sketch from Ref. 1 shows the typical variation of 
the drag components for supercritical flow as a function of Mach number for 
a diffuser designed to operate at M = 3. 
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Diffusers designed to optimize the pressure recovery, capture-area 
ratio, and external drag are discussed in Ref. 8 as well as in the next three 
sections. The analysis of experimental results has shown that the düfuser drag 
is of such importance in the design of long-range cruise missiles that it is of¬ 
ten desirable to compromise the external compression in order to minimize 
the cowl drag. For a maximum-thrust missile, the pressure recovery is of 
{aramount importance, and hence design emphasis is laid on the inlet rather 
than the cowl. 

Source: Ref. 1 
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3. Internal-Compression Diffusers 

Theoretically it is possible to compress the flow isentropically from 
supersonic speed to sonic speed by duct contraction and then by duct expansion 
to decelerate the subsonic i’ow to the required terminal velocity. A reverse 
de Laval nozzle, as shown in the sketch below, is such a diffuser. 

In the absence of viscous forces the required compression would involve no 
losses. However, even under such ideal flow conditions the diffuser would be 
impractical for a ramjet inlet because it would operate only at precisely the 
design inlet Mach number. If the throat area were too small (in terms of the 
inlet Mach number and area ratio) the flow would choke, and if it were too 
large the flow would not reach the sonic critical speed and hence would reac¬ 
celerate downstream of the throat. It is, however, readily adaptable to wind- 
tunnel diffusion. In real flows, viscous forces may not be neglected and further¬ 
more the viscous losses in a reverse de Laval nozzle employed as a diffuser 
may be much greater than when the same nozzle is used as an effusor, because 
when the boundary layer undergoes compression it is more likely to separate 
than when it is undergoing expansion. Because of this, a reverse de Laval noz¬ 
zle, in practice, is never free from shocks. 

3.1 Normal-Shock Diffusion 

The next most simple theoretical approach to an internal-compres¬ 
sion type of diffuser is one in which all the supersonic compression is achieved 
by means of a single internal normal shock. In this case the losses, apart 
from those due to viscosity, are dependent upon the Mach number at which the 
shock occurs. They are zero at M = 1 and increase with increasing Mach 
number. The total pressure recovery through a normal shock is shown by the 
lowest curve of Fig. 6-1 for Mach numbers from 1 to 8. The ideal normal- 
shock diffuser then would be a de Laval nozzle with the normal shock occurr¬ 
ing at the throat. This may not be achieved in reality. In the first place the 
area of the throat varies with the boundary-layer thickness, which is a function 
of the properties of the flowing gas. Secondly, it has been shown (Ref. 9) that 
the shock is not stable when it occurs upstream of the throat, or even at the 
throat, but must stabilize itself in some position downstream of the throat and 
consequently at a velocity in excess of sonic. A stable shock with onset of 
supersonic flow downstream of the throat implies a throat somewhat larger than 
a sonic throat, i.e., A^ ^ A*. It also involves a pressure loss since the shock 
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no longer actually occurs at M = 1. If the back pressure is such that the shock 
occurs upstream of the throat, it will emerge from the duct and stand in front 
of the opening creating an effective external compression diffuser, as shown 
below. 

Flow Spill-over 

ao "o > > 

\— Expelled Shock 

This diffuser cannot be started, or the shock re-swallowed once it has been 
expelled, unless the throat-to-inlet area ratio is equal to or greater than that 
shown in curve B of Fig. 3-1. This limiting area ratio is found by assuming 
that the normal shock is on the lip, i.e., in the critical position. The area 
ratio, 
M 

o 

i A1i 

Aj/Aj, is that found from the Mach number behind a normal shock at 

B 
= (A*/A) (1 * ^ Má‘/a (rMô - V) 

1 
y-1 

M 

y + 1 
rV - 1 

(3-1) 

The values shown in Fig. 3-1 are based on y = 1.4. Once the flow is started, 
i.e., the shock swallowed, the area may be reduced to the value shown in 
curve A 

Actual area ratios at which such diffusers have operated are shown 
for comparison in Fig. 3-1. The difference between the theoretical curve A 
and experimental data gives a good estimate of the viscous losses. It may be 
seen that the curve of experimental values follows curve A quite closely, al¬ 
though the increase in actual throat area varies from about 16% of the isen- 
tropic value at M = 2 to 100% at M = 5. 

a /a \ • K a ramj.et having such a diffuser with fixed area ratio, (AVA, or 
Aj/Aj), is accelerating as shown by the arrow in Fig. 3-1, the shock will not 

be expeiled at the point P but will remain swallowed until the Mach number of 
is reached. However, if the same missile is decelerating, the shock 

wil! not be expelled at Q but will remain swallowed until point P is reached., 
Thus the position of the shock for conditions between curves A and B will de¬ 
pend on its previous history. To offset this "hysteresis" effect, the diffuser 
will require a "starting" value of At/A. (curve B), or else the missile will 

have to over speed until the shock is swallowed. 

than to ramjets ^ 0Í diffusion is applied t0 wind tunnels more successfully 
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The total pressure recovery for a single-shock internal-compres¬ 
sion diffuser, assuming non-viscous flow is shown in Fig. 3-2. In the opti¬ 
mum case, i.e., with area ratios of curve A in Fig. 3-1, the shock would 
occur ata sonic throat giving a shock pressure recovery of 1.0. If the throat 
has the minimum area required for starting (curve B of Fig. 3-1), the highest 
pressure recovery is achieved when the normal shock occurs at the throat. 
The Mach number at which this shock occurs is found by compressing isen- 
tropically from Mœ at the inlet area, Aj, to at the given throat area, A^. 

The pressure recovery in this case is given by curve B in Fig. 3-2. When 
the shock of this diffuser is at the point of being expelled, i.e., at the entrance, 
tne pressure recovery is shown by curve B' which is the normal-shock recovery 
at the free-stream Mach number. In actual practice, the pressure losses due 
to viscous effects will have to be included. They will depend on the Reynolds 
number of the flow, i.e., on the temperature, pressure, and velocity of the 
air flow and the length of the duct. 

The outstanding advantages of the simple, fixed-throat, normal-shock 
diffuser are the low external drag that may be associated with it and the sim¬ 
plicity of construction. The main disadvantage is that the large area ratio re¬ 
quired for starting such a diffuser gives rise to low efficiency once the shock 
is swallowed. The efficiency may be much improved by closing down the throat 
after shock-swallow; however, the mechanical complexity of such an operation 
and the additional weight required do much to counter its usefulness in a ram¬ 
jet. A second disadvantage of the normal-shock diffuser is that the length of 
the convergent section required to compress to sonic conditions without flow 
disturbance gives rise to a thick boundary layer at the throat. Thirdly, the 
duct requires an extended throat region for the complex normal-shock system. 
At moderate Mach numbers, it has been shown that a throat length of about 
four times the throat diameter gives the most satisfactory results. The throat 
length may, however, be reduced by the insertion of a vortex trap or subsonic 
dump. The above features of the simple inlet are increasingly detrimental as 
the free-stream Mach number increases. 

For these reasons, this type of diffuser usually is limited to flight 
Mach numbers less than about 1.6 where the pressure recovery is high and 
the hysteresis effect small. This type of diffusion is applied to wind tunnels 
more successfully than to ramjets. However, because of its inherent simplicity 
and low drag, a good deal of effort has been exerted toward finding methods 
of overcoming its disadvantages. Methods oí varying the inlet-to-throat area 
ratio will be discussed in the next section. Methods of controlling the boundary 
layer and minimizing flow distortion will be treated in Section 8. 

3.2 Variable-Area Diffusers 

Performance of a fixed-geometry diffuser deteriorates rapidly at 
Mach numbers other than the design Mach number. Above the optimum Mach 
number, the throat area is larger than necessary and the efficiency drops off 
due to increasing throat shock losses. Below the optimum Mach number, the 
throat is not large enough and the inlet flow breaks down giving a strong shock 
in front of the diffuser with attendant high drag and low efficiency. It is there¬ 
fore theoretically desirable to employ variable-geometry devices to alleviate 
these adverse effects as well a& to overcome the heavy penalty of the starting 
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the most dir^Le^80isVb7emp^yi^rflex!bieea b.een.devised- oi 
walls of a two-dimensional diffuser ë ..exible P^ates to form two opposite 
in the Mach mSr2 5 to 4 o acdl,,uscr for fl™s 
Flexible platea oí contZt ïlkness were den.CS a ^ GUnther ln 10- 
shown in the following sketch deflected by two sets of levers as 

SHïHfSt " “>~“S 
was achieved by seveX^r^XPTKolSXe“.r TZ 
throateS ActuallyS'betause ^oTtiTeñecv compression t0 sonic velocity at th 

lay/r' ÂÍFt* " “ertoÄc^cSrr wÄ 
moat diffuaers, a geneS ZcLlTTà wUlTSaffnTcuíã r“0" “ 

transhttlng «Zwy Tan^aZmmeWcX“1 a” ,^° ,‘S mCanS °'1 shown in the sketch below Y uct. A typical configuration i¡ 
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In an arrangement of this type, the duct entry area and the minimum area are 
varied simultaneously giving rise to quite rapid changes in the contraction ratio. 
A typical plot of the contraction ratio as a function of the translation of the 
centerbody is shown in the following sketch. The diffuser with which this ratio 
is associated was designed for operation at Mach numbers from 2 to 3. 

t ' « 
A I « 

TheSwWftst stringent requirements of the starting contraction ratio are further 
MiJÉfefSned by the presence of the oblique shock caused by the centerbody tip. 
ForiSiripletely internal compression this shock must lie within the duct. (Op¬ 
eration with the shock outside the duct is discussed in Section 4.) The shock 
and its reflections from the duct walls reduce the Mach number at which the 
normal shock occurs. Mossman and Pfyl in Ref. 11 describe an experimental 
investigation of axisymmetric diffusers with translating innerbodies. Their first 
model had a conical-tipped innerbody and a small-angle conical frustum as the 
annulus. In the second model, the two surfaces were designed to give a uni¬ 
form longitudinal pressure gradient from entry to throat. A third model was 
designed by the method of characteristics to eliminate all strong shocks from 
entry to throat. They concluded that the first model gave the best pressure 
recovery in the range 2.1 * M * 2.7 and the second in the range 2.7 s M £ 3.0. 
In all models, even the third one, there is a small inclination between the free 
stream and the inner cowl surface. This virtual wedge angle produces an ob¬ 
lique shock (anc reflections) that further reduces the Mach number at which the 
normal shock occurs. The values of the pressure recovery for several inter¬ 
nal-compression diffusers are shown in Fig. 3-2. 

Similar oblique shocks, of course, also occur in a practical reverse 
de Laval nozzle in which the purely isentropic nozzle is shortened to prevent 
undue boundary-layer growth. Although it has been shown in Ref. 11 that pres¬ 
sure recovery is greatly improved by the use of boundary-layer bleeds, the net 
value of such bleeding is questionable when the drag increment due to the spill¬ 
age is taken into account. This study has not been pursued since interest is 
now focused on high supersonic Mach numbers for which isentropic-spike dif¬ 
fusers are more appropriate. 
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3.3 Perforated Convergent-Divergent Diffusers 

Varying the physical contraction ratio of a diffuser by means of flex- 
i1' Plates °r a translating spike, as discussed in the preceding subsection, is 
readily applicable to wind-tunnel diffusion. As an inlet diffuser for ramjet 
vehicles its beneficial effect is somewhat cancelled by the added weight of the 
required mechanisms. In addition, the rapid velocity fluctuations that may oc- 
ur in flight would necessitate a very sensitive and rapid throat control It 

must also be remembered that if the shock is ever regurgitated during flight 

diffuser6"16 0Í COntraction ratio would be required for restarting^ 

« AS an alternative t0 controlling the area ratio, one may control the 
mass flow passing through the throat. This control may be achieved by per- 
forating the convergent section of the diffuser. Evvard and Blakey (Ref. ^2) 
the1Cinra^dMth!. requ,ired size and pacing of such perforations as a function of 
Iff ,! / fi?aCh .nu™oer and lnlet geometry and estimated the subsonic flow co¬ 
efficient through the holes. Tests were made at M = 1.85. At zero angle of 

thef t0tf! pressure recovery was increased from 0.838 to 0. 931 by means 

ItÄTive degrees^ t0 ^2° three 

ratvihi,°îf th® attractive features of such a diffuser is its "self-adjusting” 
“ he Sh0Ck iS detached and the flow in the converging section L 

the prefsure differential (assuming afree-stream static pressure on 
outer surface) causes flow through the perforations, thereby reducing the 

spill-over and moving the shock closer to the inlet. If the perforated area is 
Ipnf Jrf0Ugh the Sh0Ck iS ultimately swallowed. When the flow in the conver- 
Wnediffect1 ol th^H^H the rnass^f/fow is greatly reduced, due to the com- 
“ C Pf ,thf redu^fd Pressure differential and the increased speed of the 
through íhpthe hf°leSH The relationshiP between free-stream speed, mass flow 
taken^from R^ff°12 °nS’ ^ ^ Sh0Ck p0sition is shown in the following sketch 

M > 1 

-"Shock 

(a) Normal Shock Ahead of Inlet 

M < 1 -Uu<-iuu, 
M > 1 

(b) Normal Shock Partly Swallowed 

M * i 

Shock •- 

(c) Normal Shock Near Throat 
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wíltrMte8t1 Qer'Lmade by Hunczak “<f Kremzier (Rei. 13) for eimilar ta- 

holes w“ of the orterTfTl d"' ‘Ü? Sha,rp"ed|îed (1-e" '»“»tóreunk) 
flow coefficient was determined tobe” 5 f A^ïcimum 8ub80nlc 

”“8 «°» c°‘ ^ «• obtained with a peak pressur^covery”“1"“™ 
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Fig. 3-2. Comparison of theoretical and experimental total pressure 
recovery vs Mach number; all internal compression; Mœ = 1 to 8; 
y = 1.4. 
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' Prsvious pager ware blank., therefore not filmed. | 

4. Oblique-Shock Diffusers 

The use of an internal oblique shock as a means of reducing the 
Mach number at which the normal shock occurs has been described in the pre¬ 
ceding subsection. Greater flexibility of operation is achieved if the compres¬ 
sion through the oblique shock takes place externally. The shock attached to 
the tip of a central body eliminates the starting problem and the hysteresis ef¬ 
fect associated with the internal-compression diffuser. 

Since this idea was put forward by Oswatitsch, such diffusers usually 
bear his name. The basic principles are illustrated in the following sketch. 

The diffuser is said to be operating critically when the heat released by the 
burner is of such magnitude that the back pressure maintains the normal shock 
at the cowl lip. If the back pressure is less than its critical value, the shock 
is in a stable position downstream of the cowl lip. Such operation is said to 
be supercritical. When the back pressure exceeds its critical value, the nor¬ 
mal shock is detached from the cowl lip giving subcritical flow. These three 
flow regimes are shown in the sketch below. 

Supercritical Subcritical 
Operation Operation Operation 

At the design Mach number the conical shock is usually assumed to graze the 
cowl lip, i.e., there is no supersonic flow spill-over. The relationship be¬ 
tween the pressure recovery and the capture-area ratio during the three types 
of operation may be seen in the sketch on page 4. During supercritical opera¬ 
tion the mass capture is a maximum and the pressure recovery increases as 
the shock moves toward the cowl lip. If there is 100% mass capture, the pres¬ 
sure recovery reaches its peak as the shock reaches the cowl lip, i.e., the 
critical point, and drops as soon as the normal shock is expelled. If the coni¬ 
cal shock does not impinge upon the lip, supersonic flow is spilled even in the 
supercritical regime, and the mass-flow ratio is less than one. The peak 
pressure recovery does not always occur at the maximum mass-flow ratio, but 
is dependent on the cowl geometry and the relative position of the innerbody and 
the cowling. By a judicious combination of external compression and variation 
of the duct area, a diffuser may be designed to operate over a wide range of 
flight conditions. 
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pressure increases as The numbeToToblique shTT’ ^ recovered stagnation 
of the total pressure losses across a seriT, sinoe 1116 
loss across a single oblique shock leading toThí W6ak fh°Cks is Iess than the 
The same principle may be carried to its^imn a terminal Mach number, 
which will give rise to an infinite numhpr nf 1 nd a contlnuous curve designed 
such an "isentropic surface" the flow vpinr hVery Wtak waves- By means of 
the sonic value without incurring iv sS- * ^ ^ reduced’ in the°ry. to 
imposed upon such an isentropic compressioTwiT^ limitations ^ch are 
A single-cone inlet will give adsnua^TÏÏ? 1 06 dlscussed in Subsec. 5.1. 
than about 2.0) but at higher fPeht mUT* at low Mach numbers (less 
spike inlet is generally more efficient " ^ " double-co^ or isentropic- 

oblique-shoe?diffusTare?816" WhlCh ^ Performance of an 

'' 0™ewÄlt THST881"* ‘-e-. a tingle cone 
or an ísentropTc' ^ (slTZ t U 

2- The position of the cowl lip with respect to the innerbody tip. 

3. The position and shape of the "shoniHpr" 
spect to the cowl lip. houlder of the innerbody with re- 

4. The geometry of the cowl lip. 

5' st™ZaiZ' affirm,S°h" 1 ^ annular fow„- 
and the aft potS of ta“^,^ SUriace of the 

fm'“:l‘:e0feco;0“trutaaSe8C^a7 deSign stnce its ef- 
compression. However, it may have fir rTaílí” co^parison with the external 

iSection 9) and ‘he bou^ary-iayer dev¡lopmSi„leeCL0tn(Sleh:,i0r8,8tabÜity 

4.1 Single-Cone Diffusers 

conical nos™6 SÍmPteS‘ oblll)ue-shock diffuser employs an innerbody with a 
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The basic design parameters are: 

0g = semi-angle of the nose cone 

Qi = angle between the axis and the line joining cone tip and cowl lip 

6. = interior cowl lip angle 

6e = exterior cowl lip angle 

The maximum diameter of the innerbody, its shape at the maximum diameter, 
and the shape of the inner and outer cowl walls also must be chosen to give 
stable, unseparated flow in the duct as well as minimum external drag. 

The nose angle, 0 , should be chosen small enough to prevent shock 
detachment at the lowest Mich number it will encounter and yet sufficiently 
large to minimize the length of the conical tip and the boundary-layer growth 
thereon. Angles between 25 and 30 deg have been found satisfactory at Mach 
numbers from 1.8 to 5.4 (Refs. 16, 17, and 18). Inlet length is also a sig¬ 
nificant consideration for many applications. 

The theoretical pressure recovery for inviscid flow has been calcu¬ 
lated as a function of the Mach number and the cone angle. The calculations 
assume that the cowl lip is situated on the conical shock. A first case assumes 
that the normal shock occurs at the duct entrance. A second case incorporates 
the maximum contraction ratio (apply curve B of Fig. 3-2) for shock-swallow 
associated with the average Mach number, Ms, at the duct entrance. The dif¬ 
ferent flow regions are shown in the sketch below. 

The values of the Mach number and streamline angle behind the conical shock, 
Mj, and the Mach number, M , along any ray from the cone tip in the coni- 

s 
cal flow field may be found as a function of Mæ and 0g in Kennedy's tables of 

supersonic conical flow (Ref. 19). The average Mach number, Ma, before the 
normal shock is taken as (Mi + M )/2, although this value is only approximately s 
true in axisymmetric flow. The calculated pressure recovery for both the above 
cases is shown in Fig. 4-1 as a function of Mœ and 6g. From this figure the 

advantage of a combination of external and internal compression may be seen. 
Although there is definitely an optimum cone angle for each Mach number, its 
value is not critical. The spread of cone angles within which the pressure re¬ 
covery drops by 2% from the maximum is indicated by the bars on the curves 
of Fig. 4-1. Figure 4-2 gives the optimum cone angle as a function of Mach 
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number and also shows the pressure recovery associated with that optimum 
value for both cases. Experimental data from several sources are included 
for purposes of comparison with the theoretical values. The difference between 
the calculated and the experimental values consists largely of the viscous losses 
which are ignored in these calculations. 

The internal cowl-lip angle, 6., usually is designed to be slightly 

smaller than the normal streamline angle produced in the conical flow field. 
While this produces a weak wedge shock, giving further local compression on 
the interior cowl-lip surface, it also tends to minimize the wave drag on the 
cowl exterior surface. Care should be taken to avoid, at the lowest flight Mach 
number, a detached internal lip wedge shock since this shock would cause ex¬ 
cessive air spillage. The external cowl-lip angle, is usually determined 

by the value of 6., the degree of sharpness of the lip, and the cowl thickness 

dictated by structural requirements. In most cases a sharp lip is preferred 
in order to minimize the pressure drag; however, a blunt lip may reduce the 
additive drag by delaying the expulsion of the normal shock. This phenomenon 
is due to the fact that the stagnation point moves inside the cowl as the inlet 
mass-flow ratio diminishes. Such an effect is illustrated below. 

With no spill-over the stagnation point is at A. but it moves around tc B as 
the capture-area ratio diminishes. 

For optimum performance at the design Mach number and zero angle 
of attack, the bow shock from the conical nose should impinge on the cowl lip. 
In this position there is no additive drag, i.e., Ao/A. = 1. At the same time 

the internal ducting should be designed to give a slightly increasing area be¬ 
hind the lip in order to stabilize the shock on the rim. The design was first 
suggested by Ferri and such a diffuser often bears his name. More often the 
duct is of the convergent-divergent type with the throat area optimized for start¬ 
ing the diffuser. The area variation of the internal ducting is usually the re¬ 
sult of a compromise between the desire for a flat, low-drag cowl and the need 
for a gradual turning of the innerbody to prevent flow separation. 

For off-design operation the position of the innerbody in relation to 
the cowl and the distribution of the duct cross-sectional area must be optimized. 
As the centerbody is translated along the axis the longitudinal distribution of 

22 



the duct cross-sectional area varies. In the ultimate design of a ramjet vehicle 
many compromises must be made. The operating characteristics at all required 
Mach numbers and angles of attack must be known in order to calculate the per¬ 
formance throughout the whole range of a flight. Even when the geometry may 
be varied in flight, it may be necessary to take less than optimum conditions 
at the design Mach number in order to provide sufficient thrust during climb- 
out or to assure stable operation during the high angles of attack demanded by 
prescribed maneuvers. 

Tests at M = 5.4 which are described in Ref. 18 show how critical 
the relative position of nose and cowl lip may be. The design model operated 
supercritically at a mass-flow ratio, m8/moc, of 0.96. Retraction of the cone 

by 0.01 in., i.e., an increase of (~32 deg) by 0.2 deg allowed 100% mass 

capture for all supercritical operation. How critical this improved flow cap¬ 
ture may be is ultimately dependent on the tactical requirements of the vehicle. 
Perhaps more significant is the fact that when the bow shock was slightly with¬ 
in the cowl, the inlet operated with high mass-flow ratios for angles of attack 
of 3 and 4 deg whereas with shock-on-rim, there was a large amount of flow 
spillage even at 2 deg angle of attack. 

The most suitable position of the throat in the duct is dependent on 
the nose and inlet geometry and on the flow parameters. When the spike is 
translated to give the maximum mass-flow ratio at several Mach numbers, the 
optimum rate of internal expansion is strongly dependent on the Mach number 
range within which the diffuser must operate. The shape that gives a gradual 
rate of internal expansion for the highest Mach number may give a too-rapid 
internal contraction when operating at the lowest Mach number. 

It is also important that the rate of change of the duct area be very 
small in the region of the throat. It has been shown to be even better to have 
a constant-area section at the throat. The optimum length of this section varies 
with Mach number. However, in a diffuser with internal as well as external 
compression, the normal shock occurs at an almost constant Mach number not 
mucn greater than one and hence the throat length need not vary. At moderate 
free-stream Mach numbers it has been shown that a throat length of about four 
times the throat height gives the most satisfactory results. 

Typical total pressure recoveries for single-cone inlets are shown 
in Fig. 4-3 as a function of mass-flow ratio for M = M^ = 1.8, 2.0, 3.85, 

and 5.4. Thu effect of small angles of attack (under slightly different test con¬ 
ditions) is shown in Fig. 4-4. The systematic degradation of pressure recovery 
with increasing angle of attack may be seen for all Mach numbers. 

The effect of translating the spike was tested at M = 1.8 and 2.0 
and reported in Ref. 16; some of these results are shown in Fig. 4-5. As the 
spike was moved out of the inlet to reduce 8l from 41.6 deg to 37.4 deg, the 

effect on the additive drag and the drag of the cowl was quite marked, where¬ 
as the pressure recovery showed relatively little change. 
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The first was concfrn^íít^reduciáe1'teSt models of Ref. 17. 
proving the pressure recovery by b'4d^ ofTth/^ ^ the SeC°nd With im- 
By going from a relatively steep cowl (6 = 38 3 ^727^ !ayer- 
flat cowl (6 = 4 deg and ô - 0 . 6 1 = -2 deg) t0 a 

e 6i 0 de^> the pressure-drag coefficient at M = 3 85 
was reduced from 0 112 to 0 nn? J'00 
Inlet mass-now ratio was rfdScId frZTis “ 0 SlTd ,he maxim“m 
recovery from 0.32 to 0.285. The rres^urp iLl d the total Pressure 
flow in the vicinity of the sharp shoulder of the innpdhLPrÍmarÍly t0 seParated 
of the low-drag cowl as shown in the sketch^below ^ dlCtated by the 

^>1/8” Holes 

Low-Angle Cowl 

value andC the "inlet miss-flow r^^nc^eS to^ SiTb t0 ^ °rÍgÍnal 
ary layer through a double row of stae4reHi/0 °' 925 by bleedlng 0« the bound- 

atTiT« 

r^“as0fsSn In ^ ^ d~" “ 

proved the pressé rewvery^by^o^o^th^ Tbe inlets not °nly im- 
better pressure distribution at the diffuser oniw entK bUt ^80 resulted in a 
latter improvement was most marked at fi 11 fh°Wn in Fig' 4"6> This 
that these inlets had no significant effect on tL gle 11 may be noted 
lets closen there was a considerable re^n Í mass'flow ratio. With the in- 

did not aPPear when the boundary layer wa^ removed!^ íl0W ^ ^ dUCt WhiCh 

compute the^asïnow^n^^icllisX’ húetl? C°nÍCal flow 1116017 to 

r/mrrsôcS 
at angles of attack which a^Ä ^ ^ 
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at which the shock lust grazes the cowl Up. The 
given in Fig. 4-8 for free-stream Mach numbers from 1.5 to 3.5. The limit 
ing value is also shown as a function of the Mach number. 

4.1.1 Probe Diffusers 

Occasionally a bluff surface, in which a dish homing sy81®“ “»y be 
installed is required in the centerbody of a diffuser. The consequent detached 
shock with its high pressure losses and high drag, demands heavy penalties 
from^both the aerodyuamlc and propulsive viewpoints. A simple probe pro- 
trudine from the nose cap may produce a How regime comparable to ttot o 
a conical tip and thus it may satisfy the aerodynamic requirements without 
ieonardizing the guidance system. The performance of such a probe on a hei. - 
isphericidand on^a flat-capped central body of a diffuser is described by Dean 
in Ref. 21. Sketches of the two models are shown below. 

rrpots in which the probe length was varied were run in a free jet at M - 1.8. 

eq“ m ¿“orn^rn ñf22r^ derconT d^« ™ 

^^pX^^hcs:^rshow?raAn-r^¿th^1drrL\^ 
SfrrgÂbe le^rmÄ [mal^e^ vPry at 
zero angle of attack is shown as a function of the capture-area ratio in ig. 
where U is compared with that of a single-cone diffuser. It may be seen that 
the nressure recovery of the probe attached to a spherical head is as high 
(~ 0 875) as that of the single-cone diffuser. However, since there is more 
smll-over in to probe configuration the additive drag will also be higher. It 
mav also be seenfrom this figure that the flow field due to the probe becomes 
unstable as the spill-over increases and that the diffuser is inoperable or cap 
X area ratiosÏÏ^een about 0.73 and 0.87. The effect on the pressure re¬ 
covery of angles o^attack of 3 and 6 deg is shown in a ^ =r m 
Fig 4-11. The formation of a strong shock on one side of the diffuser and 
the loss of a large part of the separation cone on the other side results in 
lower°pressure recov^es. However, if the probe is aligned with the free- 
stream whenThe difuser is at an angle of attack, the losses are reduced as 

shown in Fig. 4-12. 

The length of the probe was shown to be an important parameter in 
determining the stability of the diffuser operation. At the test Mach number 
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.‘imesÄÄtoTU'rt TlZIr'i0n ™ f0Und t0 ^ ‘»ree 
body with respect to the cowl inlet wa^le! f, Zl Z posltion of tlK bluff 
probe length. WaS also found to be a critical function of 

by Moeckef anoUEvans^n'1, 'Z ‘j93’ and 2-10 are reported 
tack the pressure recovery L 1.. S .° f0Und that at zer0 an8lb of at- 
solid conical-nosed innerbody0 ™ass'flow ratl° are comparable to those of a 
diffuser efficiely is “yreducS ' ^ “ SmaU angles 01 ^ ^ 

4.2 Double-Cone Diffusers 

covery than one witTaWsiíigl^0shoÍkUeThe0^dd rÍ11 gfVe a better pressure re- 
sion not only improves the pressure reJnL ^dltion of some internal compres- 
the normal shock. P reC°Very but may aIso assist in stabilizing 

* 

shocks to clescfa th"ecdllUUpr ás sÂlto^etVbSSw“’6 0b“qUe 

isentropic. When^his^ilw^trikes* the' Sh0C^’ AB’ the flow is conical and 
producid, the cu^reX^o ^^ BC’ iS 
oer in the conical region In the region h !°n oi 11 ow anSle and Mach num- 
the flow is rotational À S.rmal shock Rn * the CUrVed Second shock 
occur near a throat in the annular Hurt D’ 0j°ur at the lip or may 
employ all external comneoinn n ’ • > the double-cone diffuser may 
pression compression or a combination of external and internal com- 

analyzed thefl^He^ Kennedy (Ref. 23) has 
numbers. Calculations which include the^ff b<fie.s/,or a Wlde range of Mach 
even at the highest Mach numbers used ^ rotatiofnality show tbat 
not appreciably impaired is i «u0 . Ax ^be accuracy of the results is 
neglected. Included in Ref 23 are the^ra!*^ Wh6n tbiS entropy variation is 
ber, and the flow orientïion L ¿1 me?h C00rdinates’ the Macb num- 
ables on both sides of the cure¿ shock andT ’ WeU as the ñ™ aari- 
tions for the curved shocks and for tte l^fÄ “UT- S,Uríaces- E<lua- 
conical and curved shocks are also included ^ Tabl^fl “lersa<:t¡0" of lt'c 
material, permits the reader to recoÄ 
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different biconic inlets over a wide ranero nf , 
Figs. 4-13 and 4-14 give the Dosition of M Î n#umbers. Table 4-2 and 
shocks as well as the flow character)c-Hro ^ °f lntersection of the two 
of the free-etre» “ ÍUnCU°n 

by using ^ Pre8SUre reC0,ery may 1,6 obtained frt"” the data in Ref. 23 

00 oo v3 *4 

“y ab°c-. (see sketch below). 

Pt,/Pt" s vÄ“eybit °c;Mrrk usin6 - ^ 

Pta/Pt' averaged.10 “ mam,er for each mesh P>iM along the shock and 

Vt:z7:^:::zzñTby usinE the mesh ^ 

Sttsu^ot^r" “of "h"tha" a‘ ‘bo enlranee, it „ay 
number a, that station i^y" “Örder^o atiS 

e^Tamsb!fort!curÄt£d,lL',tl8 “h ÜS CUrVed Shock ^ al thc <»«“bor 

and the average flow deflection in front of the second shock as („ + ^,/2. 

The flow direction behind the second shock is taken as is S 
sketch) throughout its length. (fl' + 0C ) (see above ss 

give the prJssure^recovery ïd^bt í COnsftruc‘the c^ves of Fig. 4-15 which 
a wide range of cone Ss f• f°r MaCh numbers from 2 to 6 and 
first case deals with both external alï interna?^ ^ been considered- The 
traction being the "starting throat" for fhí a 1 compression> the internal con- 6 starting throat for the average entering Mach number. In 
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'ZfTur'iï «ZZTiï 'ZZ/ZTZ* the normal 

-»s aco„e ÄE ZLzz* “ "s«u- s 
may be seen from this figure that thp maximum pressure recovery it 
insensitive to Mach nomter bif ,k^ .í’’“'"“”1 ilrst co“ “6le is Svel. 

rapidly with Mach number, ¿rticularly ta the'ífaíh nîm?? COne ^816 varies 
y me mach number range below four. 

using the stop?iíS°n¿Sgofav^e trom the ^hhsdy data and those 

realistta a^h rmberS 0t 2 3 926^5^3^, ^4° de8 ^ realistic assumptions, the short method „nwl a *• 5’1233- spite of the un- 
covery by only about one-half of “ne f í ^ the total Pressure re- 
by two per cent at the highest Mach mmhL 1 aLthe Iowest Mach number and 
of course, give any information ÍÍouí theTow field meth0d does not’ 

'Ow field as does the Kennedy method! 

of over-simplificatioUnatrthe «rs^place TusT^011 contains known areas 
pression is achieved by a single ¡fimnió t lS a®sumed diat the ultimate com- 
ality the shock is usuiy a k"“!1 shock a‘ throat, ta “, 
occurs downstream oí the throS Thí ^ ,yStem and ls slaWc «ly when it 
somewhat smaller throat than the one cale w s^stem does, however, allow a 
and thus provides a compeStag error ^ Under ^ assumpitans 

tore ^ ílzz - 
the flow angle and creates no „h,,„ . ,8Cntrol>lc- that is equal to 

coreries Z C°W‘ ^ would ^ asLtataTwith the ^16 ls coveries shown in Fig. 4-16. at6d W th the maxmium pressure re- 

l^edS ire S^rom1 Itefs*617°and 2568^TT]1"168 f°r double-cone dif- 

^Ä^i np“bThé r las 

retrai on^6' ^ differenceabXle“themaUcTuarpS^ recoveries are shown 
retical one increases as the Mach m,mH0 actuaI Pressure loss and the then- 
Viscous forces that are negtact““! ZZcZZT ^ ‘S dUe “a‘'JVtotae 

tórnal now^rtmwSg^fxterS cwí'd" mer“S 0P“mlzt”8 the in- 
Two versions of the 20-35 deg biconir « ^ drag are reP°rted in Ref. 1 
nal flow was turned very gradually and Were made- 10 one the inter 

a«r‘Tteeas 0f the c0wl *ere 2« a^S 4¾ Ttho Ts? “0re Sl,arply- The area. The pressure recovery as a - f the maximum cross-sectional 
ot attack is shown for the ^ 

measurements and the^wl^ra^from^ntí SaÎïld models was obtained by force 
skin friction was computed and the add Uve drï Jrfssure measurements The 
last two components from the totaf drag dr^ determined by subtracting the 
are shown as a function of Mach number in F^g 4- ÏT í 

m rig. 4 18. Tney are normalized 
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with respect to the ideal thrust coefficient, i.e., that with no pressure losses. 
It may be seen that the drag penalty of the deeper cowl more than outweighs 
lhe nnprwcd flow due to the more gradual turning at the shoulder of the in¬ 
né r body • 

.,. . 1Q yhe critica1 total pressure recovery at angle of attack is shown in 
iig. 4-19 together with the associated supercritical mass-flow ratio. For a 
vihd assessment of the worth of such a diffuser at angles of attack, these 
graphs should be considered in conjunction with those of Fig. 4-20 which eives 
the flow-distortion contours at the diffuser exit. Large areas of separated 
flow or an unbalanced pressure distribution at the exit due to angle of attack 
operation would be unsatisfactory for the propulsion requirements. In the par- 
ücular diffuser of these tests, the flow-distortion parameter (Ref. 1) was as 
would be expected, greater with the low-drag cowl than with the high-drag one. 

„ (, . oT.he9_excte™al ^ ^tertal cowl-lip angles for these models were 
32.1) deg and 27.6 deg. The latter angle is smaller than the flow angle of the 
entering stream at that point and therefore causes another oblique shock from 
the lip It is often advantageous to position the spike so that the second ob- 
lique shock strikes the inner surface of the cowl rather than grazing the lip. 

coverynSUieS ^ internal oblique shock a«d consequent improved pressure re- 

. _The Æct ,0f translating the spike at the design Mach number is 
shown in Fig. 4-21. When the spike is moved further from the cowl lip both 
¡ÎL™88“/^ ratl° aad the Pressure recovery deteriorate. With spike re- 
traction, l°0% mass flow is achieved at the expense of an 8 to 10% loss in 
critical total pressure recovery. Furthermore, the retracted spike in con- 
junction with the gradually curved shoulder of thè innerbody gives stable sub- 
critical flow down to a mass-flow ratio of 0.6. The same effect was obtained 

by a slight extension of the cowl. at MD = 3.85 (Ref. 17) 

.. . Th<LeííeCt 0f translating the spike to give the optimum shock con- 
oo iiiCh numbers less than the design Mach number is shown in 

rig. 4-22. The critical pressure recovery of the model with the translating 
spike shows a slight improvement over that of a fixed-geometry model for Mach 
numbers between 2 and the design Mach number of 3. The improvement of 
the mass-flow ratio is much more marked. The same figure shows the slight 
further improvement in both critical pressure recovery and mass-flow ratio 
due to a more gradual expansion of the subsonic duct (see tests of Ref. 25). 

Figure 4-23 (from Ref. 25) shows a comparison of the supercritical 
external-drag coefficient for the fixed-geometry model and for the two versions 
of the translating-spike diffuser. A significant decrease in drag is obtained 
by the variable geometry at Mach numbers less than 3.0. This improvement 
however, will ultimately have to be assessed in terms of the additional weight 
required for the translating mechanism. ë 

y 

Boundary - iay e r effects show up very strongly in the operation of the 
two-cone diffuser. The advantage due to the double cone is often offset by the 
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"bridging" effect of the boundary laver at thp 
faces, as shown in the sketch belw. 1 ^ °f 016 conical sur' 

five spike geometry but also may iLhfc n0t °niy changes the effec- 
is generally agreed that such separation takes^ modified shock Pattern. It 
thus may be alleviated or entirely eliminated^hvp aCe. 0nly in laminar flow and 
sure btnindary-layer transiUon Wore to tancLre 5 tte"^6 ^ Up t0 e"' ure 4-24 shows the effprt nf fir. Juncture of the two surfaces. Fie- 
for a biconic inlet; both pressure rern™ °n ^ pressure recovery at M = 3.85 
proved at all angles of attack included tmafSS'flow ratio are much im- 
Almost identical results were obtains hv ^ ,test excePt the highest (9 deg), 
just upstream of the juncture between Hip b aPplying suction to a ring of holes 
the diffuser to opera¿ upTa^ e of aS“^'.,^ meth0d all«cd 
provement is the fact that the mass flow Í * Vv? 0if-settmg this im- 
now. Bridging has also been alSãw bv thet“»^ y ^ of 11,6 Wced 
which passed about If to 2% of the tow ma“s Um (teFv!)* lnnerbodj' throueh 

flow at the dtffuser wTaiid may cause P00'' 1uality 
premature choking of the subïnic diet ^ be resl)0”s«'ls foi 
which provide improved duct flow are discuss“ mutton 8 ary'layer CO"lro1 

flow instability ^s ^ 
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Table 4-1 

Coefficients in the '¿quation of the Curved Shock of a Biconic Diffuser 

M A B C D 

20 10 2.1297 
2.4431 
2.8387 
3.3694 
4.1538 
5.5457 

0.00300 0.41889 
0.00172 0.56011 
0.00095 0.68393 
0.00052 0.80130 
0.00020 0.91795 
0.00009 1.04145 

0.014181 0.0001995 
0.014385 0.0002264 
0.015033 0.0002682 
0.015889 0.0003286 
0.016811 0.0004121 
0.017531 0.0005204 

20 12.5 2.1297 
2.4431 
2.8387 
3.3694 
4.1538 

0.00267 0.33701 
0.00144 0.49121 
0.00076 0.61930 
0.00035 0.73369 
0.00006 0.84559 

0.015552 0.0002356 
0.014633 0.0002341 
0.014956 0.0002819 
0.015466 0.0003310 
0.015859 0.0003847 

20 15 2.1297 
2.4431 
2.8387 
3.3694 
4.1538 
5.5457 

0.00302 0.24096 
0.00118 0.42031 
0.00057 0.55024 
0.00035 0.66545 
0.00014 0.77296 
0.00006 0.88047 

0.018494 0.0003274 
0.015433 0.0002752 
0.015208 0.0003060 
0.015209 0.0003413 
0.015577 0.0004131 
0.015850 0.0005149 

20 20 2.4431 
2.8387 
3.3694 
4.1538 
5.5457 

0.00134 0.24045 
0.00048 0.40333 
0.00005 0.52581 
0.00007 0.62818 
0.00004 0.72099 

0.019465 0.0004315 
0.016134 0.0003658 
0.014625 0.0003360 
0.014956 0.0004476 
0.016271 0.0006712 

25 10 2.0665 
2.3604 
2.7296 
3.2188 
3.9260 

25 15 2.3604 
2.7296 
3.2188 
3.9260 
5.1233 

25 20 2.7296 
3.2188 
3.9260 
5.1233 

-0.00025 0.13050 
0.00086 0.31332 
0.00077 0.44802 
0.00039 0.56032 
0.00012 0.66438 

-0.00051 0.14089 
0.00045 0.31503 
0.00019 0.43879 
0.00012 0.54276 
0.00003 0.63992 

0.00034 0.13727 
0.00012 0.30283 
0.00006 0.41575 
0.00002 0.51109 

0.019890 0.0003524 
0.016952 0.0003122 
0.016448 0.0003467 
0.016834 0.0004147 
0.016555 0.0004260 

0.021571 0.0004826 
0.017628 0.0004089 
0.016428 0.0004080 
0.016086 0.0004468 
0.015888 0.0005148 

0.022852 0.0006600 
0.017201 0.0004587 
0.015952 0.0004837 
0.015225 0.0005259 

Equations of the shock fronts: x = -A + By + Cy2 - Dy3 (see Subsec. 3.3.2) 
where the origin is at the juncture of the cone surfaces. 
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Table 4-2 

20 

20 

20 

20 

25 

25 

25 

Parameters at Point of Intersection of Curved and Conical Shocks 
of a Biconic Diffuser 

10 2.1297 
2.4431 
2.8387 
3.3694 
4.1538 
5.5457 

12.5 2.1297 
2.4431 
2.8387 
3.3694 
4.1538 

15 2.1297 
2.4431 
2.8387 
3.3694 
4.1538 
5.5457 

20 2.4431 
2.8387 
3.3694 
4.1538 
5.5457 

11.065 18.129 
10.775 14.883 
9.833 11.919 
8.576 9.314 
7.146 7.035 
5.625 5.038 

8.641 16.359 
8.791 13.592 
8.225 10.974 
7.243 8.600 
6.062 6.502 

6.589 14.861 
7.138 12.517 
6.840 10.160 
6.121 7.999 
5.163 6.059 
4.068 4.331 

4.246 10.635 
4.546 8.813 
4.271 7.008 
3.693 5.336 
2.959 3.827 

<Pp 

1.441 19.093 
1.640 20.852 
1.871 22.491 
2.148 24.018 
2.500 25.433 
2.976 26.751 

1.351 21.409 
1.547 23.304 
1.769 25.034 
2.036 26.589 
2.369 28.011 

1.256 23.635 
1.449 25.726 
1.667 27.517 
1.923 29.122 
2.238 30.560 
2.652 31.863 

1.234 30.33 
1.442 32.51 
1.677 34.30 
1.956 35.84 
2.329 36.861 

36.124 
33.045 
30.435 
28.180 
26.199 
24.433 

36.124 
33.045 
30.435 
28.180 
26.199 

36.124 
33.045 
30.435 
28.180 
26.199 
24.433 

33.045 
30.435 
28.180 
26.199 
24.433 

10 

15 

2.0665 4.193 
2.3604 5.181 
2.7296 5.370 
3.2188 5.097 
3.9260 4.559 

2.3604 2.779 
2.7296 3.429 
3.2188 3.485 
3.9260 3.228 
5.1233 2.812 

12.798 1.215 
11.175 1.402 
9.392 1.607 
7-669 1.842 
6.083 2.127 

9.265 1.203 
7.988 1.408 
6.595 1.634 
5.261 1.895 
4.042 2.224 

23.13 41.644 
25.14 38.495 
26.90 35.873 
28.49 33.651 
29.842 31.737 

29.84 38.495 
31.92 35.C73 
33.63 33.651 
35.12 31.737 
36.279 30.066 

20 2.7296 1.781 
3.2188 2.226 
3.9260 2.224 
5.1233 1.994 p 

6.797 
5.758 
4.639 
3.568 

+ 10 

1 

1.187 
1.417 
1.666 
1.958 

36.456 
38.413 
39.971 
41.301 

35.873 
33.651 
31.737 
30.066 

The units of xp and yp are 

determined by the required 
dimensions of the inlet. 
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Fig. 4-2. Maximum total pressure recovery and the cone 
angle at which it occurs as a function of Mach number 
(some experimental values); M = 1 to 6; y = 1.4 
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Fig. 4-3. Experimental total pressure recovery vs mass-flow 
ratio for single-cone inlets operating at design Mach 
number; M = 1.8, 2.0, 3.85, and 5.4; y = 1.4. 
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v Re/ft = 2.040 X 10e 

(Ref. 16 ) 

Blunt Lip 
Boundary-Layer Bleed 

Re/ft = 2.267 X io6 

(Ref. 16) 

Blunt Lip 
Boundary-Layer Bleed 

Fig. 4-4. Experimental maximum total pressure recover 
vs angle of attack for single-cone inlets; M = 1. 
2.0, 3.85, and 5.4} y = 1*4} (¾ = 0 to 9° 00 
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í 
a = e° 

df = 41.6° 
Distortion = l8.2c¿ 

Inlets Open 

a = 6° 

= 41.6° 

Distortion = 12^ 

Source: Ref. 16 
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Fig. 4-7. Mass flow ratio for an intake at angle of 
attack; conical spike. (Source: Ref. 20) 

= 33°. (Source: Ref. 20) 



Fie 4-9. Sketches of typical flow conditions with long and short 
probes on blunt-nosed diffusers; shock detached and swallowed; 
H = 1.8; y = 1.4. (Source: Ref. 21)
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Fig. 4-10. Comparison of experimental total pressure recovery 
for two probe diffusers, a single-cone diffuser, and a 
normal-shock diffuser vs capture-area ratio; M =1.8- 
a - 0 ; y = 1.4. (Source: Ref. 21) °° 
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Fig. 4-13. Mach number behind point of shock intersection 
free-stream Mach number for biconic inlets; M = 2 to 5 6' 
0Si - 20 and 25 ; 0 + e = 30, 35, 40, andœ450; J = 1.4. 
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Free-Stream Mach Number, M 
1 00 

Fig. 4-14. Flow inclination behind point of shock intersection vs free- 
stream Mach number for biconic inlets; M =2to5.6;0 =20 

® ’ S! 

and 25°; 0. + 0_ = 30, 35, 40, and 45°; y = 1.4. (Source: Ref. 23) 
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Fig. 4-15b. Calculated total pressure recoveries of biconic inlets 
as a function of cone angles and free-stream Mach number; all 
external compression; = 2, 3, 4, and 6; y = 1.4. 

47 



8 1.0 

0.8 

\ 
N 

•P 
O. 

>, 
U 
OI 
> 
o 
U 
(1) 
ai 
i) 
h 
» 0.6 M 
(A 
0) 
ki 
a 
fi 

o 

O 0.4 

E 
3 
E 

•H 
X 
Ctf 
S 

0.2 

\ N 

\ \ 

» 

« 

\ 
, \ 
\ \ 
\ \ 

b \\ 

f Extern 
_ wCompre 

OaII Ex 
^Extern 
^Compre 

_1 

al and Int 
ssion (Ref 

ternal (Re 

al and Int 
ssion (Ref 

_1 

\ \ 
\ 

ernal 
. 17) ft 

\ 
\ 

\ \ 
\ \ 
\ \ 
\ \ 

f. 25) 

ernal 
. 25) 

\ V 

\ 
\ 
s 

\ N 
\ V 

Xw > 

2 3 4 5 

Free-Stream Mach Number, M 
7 on 

Fig. 4-16. Comparison of calculated and experimental maximum 
pressure recovery and associated cone half-angles for bi¬ 
conic inlets vs free-stream Mach number; M = 1 to 6- 
Y = 1.4. 00 ’ 

48 



o 

flj 
« 

» 
o o 

o o o o" o o o 
00 7 

1 e 1 
d/ d ‘ÄaaAooaa aanssaad ib^oj, 

•O iH 
u a 
0 rt • 

■« <H 

0 CO « 
•H C- 
+-> • 
« <N 
U 

» -r 
o ^ 

4) 
y 

3 
0 

<H CM CO 
I 
(0 - 
w t- 
rt os • 
S • •'J' 

u 
> 

II 
>> 8 
>h a N 
V 
^ • •» 
O O to 
y aí o 
O -H l-H 
u a 

(fl X 
o 
'h U LO 
3 -H • 
m c N 
m o 
o u h 
y h 
a a V 

<H 
H • - 
o tfl y 

•M rH BJ 
0 ? 
+J o 

y » 
h o 
rt bfi 
+J rt 
a u 
y V 
e i 

•H ? 
y o 
y 
a 
X TI 
w a 

cd 

TD 
c 
cd 

pH O 

II 

■ I 
J3 *H 

H 00 O 
I *H • 

Ä eo 

bu 
•H 



s 

h 
D 

JD 
S 
3 
Z 

JS 
U 
rt 
S 

E 
rt 
<D 
h 

m 
i 

<D 
0) 
U 
b. 

8 

,1 ‘îuaiofjjao3 isnjqx Î9N 

<« 
o 

a o 
o -H 
•h c 
■M o 
o o 
C -H 
3 JD 

rt (0 
rH 

ta jt 
rt O 

u 
bc 
tí bc 
h (Í 
•o h 

•o 
(0 I 
3 ? 
a o 

•H (H 
E 

•O 
4-> ß 
W A 
3 
U I 

Æ JS 
JJ bC 

•H 
•H JS 
O 

h 
«S O 
m <h 
3 

«H ^ 
ci 0) 
> JD 

E 
H S 
tí C 
4J 
c x: 
<d u 
E rt 

■h S 
b 
(U S 
a « 
x a» 

cë 

as 
u 
3 
O 

CO 

co 
O 

LO 

<N 

+J 

\ 
as 

DS 

w 

00 
r-C 

I 

U 
as 

JC 
•H 
a 

bC 
•H 



C
r
i
t
i
c
a
l
 
T
o
t
a
l
 
P
r
e
s
s
u
r
e
 
R
e
c
o
v
e
r
y
,
 

S
u
p
e
r
c
r
i
t
i
c
a
l
 
M
a
s
s
-
F
l
o
w
 
R
a
t
i
o
 

Fig. 4-19. Critical total pressure recovery and associated 
supercritical mass-flow ratio as a function of angle of 
attack for high- and low-drag cowls; biconic spikes; 
M = 3.01, 2.73, 2.44, and 1.97; Re/ft = 2.5 x 108. 
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ig. 4-20. Flow-distortion contours at the ** 
two cowls at M = 3.01; a = 0 and î0o-dÍffU-er eXÍt for 

Re/ft - 2.5 X 10®. (Source: Ref. 1) 
Y = 1.4; 
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oí = 0°; Re/ft = 2.5 X io8. (Source: Ref. 1) 
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5. Isen' ~‘opic -Spike Diiiusers 

,, a® exIernaI compression is achieved by means of multiple shocks 
rather ihan by one or two shocks as described in preceding subsections, the 
pressure recovery will improve as the shock strength diminishes. Carrying 
this concept to its limit, the spike may be designed so that the flow is isen- 
tropic, i.e., all shocks are reduced to Mach waves and may be made to co¬ 
alesce at a single point. Such compression, if continued to the sonic velocity 
theoretically involvas no total pressure loss. Practical design considerations 
such as available length, viscous effects, the limit of external compression dic- 
tated by a consistent she k solution at the point of coalescence, and reasonable 
cowi-iip drag preclude a completely isentropic compression to the sonic veloc¬ 
ity. However, several practical inlets have been developed which are based 
on the principle of isentropic compression. The various aspects of these de¬ 
signs will be discussed. 

5.1 Design Considerations 

5.1.1 Length 

The length of a true isentropic spike would be impractical. Not 
oniy would the needle-like tip be structurally unstable but the long spike would 
give rise to a boundary layer which would be very thick by the time the flow 

SiUbS?ü1CnUCt' Furthermore> in most practical engine installations, 
the over-all length allowance is limited and a very low initiai spike angle would 
be impractical. Consequently a conical tip is used in conjunction with an other¬ 
wise isentropic spike. The value of the pressure recovery associated with a 
conical tip may be found from 

■•s _ 

P, ti 

(y+1) M3 sin3 0 
w 

(y-1) M3 sin3 0 + 2 
w 

-J2L 
y-1 

(r+1) 

2y M3 sin3 0 - (y-1) 
w ' 

1 
y-1 

(5-1) 

where 
M - free-stream Mach number 

0w = shock-wave angle. 

WeLSVht^kn”iyi^rBldered as a Sh0Ck >" 

Associated values of M, 0^, and the cone semi-angle, 0 , may be 

found from such tables as Refs. 26 through 29. Calculated values oi the pres¬ 
sure recovery are shown in Fig. 5-1 as a function of the Mach number for 
various values of 0g. The best choice for an initial cone angle usually is made 

after a composite design study of the vehicle has brought out the relative in- 
fluence of pressure recovery, inlet length, and angle of attack on anticipated 
thrust, maneuver, and range requirements. Connors and Meyer (Ref. 24) sug- 
?r<!û?e Ut?e °ua C0"iCal tip whose attached shock has a total pressure recovery 

u ‘ ®rum^augh and Konrad> in unpublished studies on diffuser design for 
Mach numbers from 3 to 7, use a constant tip angle of 15 deg in order to main¬ 
tain a spike of short length. A large amount of data is also available for an 
isentropic spike with a 20 deg (semi-angle) cone tip designed for Maih 4.15 
iiignt of a ramjet engine with a severely limited volume. 
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Practical Limits of External Compression 

The ideal isentropic compression is limited in extent. There are two 
entirely separate and distinct design criteria to be observed for satisfactory 
performance of an isentropic spike; one dependent on the shock waves' coales- 

cS wuhTrcSwrfip016 other on ^ ^°011 waves r,isuitin,s itís “"o- 

Shock-Wave Coalescence.-From the point of intersection of the 
shockwave and the compression fan there arises a vortex sheet and also there 
is usually a reflected wave as shown in the sketch below. The vortex sheet 
adjusts itself until the pressure and the flow direction are the same on either 
side of it, i.e., pa = pb in the terminology of the sketch. The pressure ratio, 

Pa^P®’ as a faction of Moo, and the flow deflection, <p, is most easily obtained 

from graphs (Refs. 27 and 28) since there is no convenient explicit function by 
which it may be calculated. The curves of pa/pœ vs <p for various values of 

Mœ are shown in Fig. 5-2. The same figure shows the value of Pc/pœ for an 

isentropic compression. They are obtained by the use of reverse Prandtl-Mever 
expansions These calculations are valid only in the immediate vicinity of the 

£nt/;i,Wïen auco"lcal UP is used 016 expansion begins at the Mach number 
behind the bow shock and the static pressure recovery is the product of that 
through the bow shock and that due to the flow deflection along the isentropic 
part of the spike surface. 

Shock 

If there is no reflected wave the pressures p and p will be equal, 
21 C ~ 

and the only possible flow deflection angle at each Mach number will be tha 
CTlVfln n\7 trio infAv*C£}s> + if\rt /„ _a / _ 

Where there is 
. - «.1151c a\ caun iviacn 

given by the intersection of the p /p^ and p /p curves. 
ä ® c ® 

reflected wave, its deflection will be equal in value but opposite in sign to tha 
of the isentrope. Possible values of the flow deflection will be found whert 
lines of such slope intersect the shock polars. The limiting condition occurs 
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il'V'lH/- i; !'* i j * i , 

at a point on the isentrope, e.g., A, B, or C, from which the reflected wave 
will be tangent to the polar. The tangent points, T^, Tg, and T^., arc shown 

in Fig. 5-2. Enlargements of the critical regions at Mach numbers of 3 and 
6 are shown in Fig. 5-3, since they exemplify, respectively, a compressive 
and an expansive reflection wave. In these enlargements the local pressures 
have been related to the stagnation rather than the static pressure. The values 
of the limiting compression Mach number, Mp, and the limiting flow angle, <pp, 

are shown as a function of the free-stream Mach number and the cone tip angle 
in Fig. 5-4. The maximum pressure recovery associated with these conditions 
is shown in Fig. 5-5 for the cases of a normal shock occurring either just in¬ 
side the lip or at the minimum "starting" throat. In a practical design, the 
cowl lip is often placed slightly below the point of intersection of the compres¬ 
sion waves and on the conical shock of the design Mach number. This ensures 
that the vortex sheet does not enter the diffuser where it could cause serious 
flow separation. 

Cowl. Lip Flow Conditions.--Tne second criterion for the limiting 
value of the isentropic expansion is derived from a consideration of the flow 
characteristics at the cowl lip. Experimental investigation has shown the cowl- 
lip angle to be one of the most critical design parameters. The nomenclature 
used in connection with the cowl lip is shown in the sketch below. 

It is required that the shock caused by the incoming flow will not detach from 
the internal or external cowl-lip surfaces. The critical incidence, 6., of the 

inner cowl surface must be evaluated at the lowest Mach number anticipated, 
and hence may be defined by 

where <p^ and Mp are the flow direction and Mach number after the last per¬ 

missible compression wave, and (ô)M is the limiting wedge angle for shock 
P 

attachment at Mp. For a given free-stream Mach number and flow direction, 

each value of Mp uniquely determines a value of </)p and (ô)M and hence of 

ôj. Critical values, i.e., lower limits, of 6. vs Mp for free-stream Mach 

numbers from 2 to 8 and various tip configurations are shown as curves A in 
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Pli». 5-ea, b, and c. An upper limit (shown by curve D) Is „laced n « h 
the requirement nf an j . / ve u; is placed on 6 by 

¿“Trir—rr • - 
of 4 deg is shown as curve C in Fia s fiK a, 1 1 & hp angle 
same set of figures is the limiting value oÍ'm h0/^11 by curve D on the 
sheet criterion. The values of 6 tbJ P ^ ^ vort“- 

C are d,„se that fuUiH I ' ^ ^ * CUrVe D “d ^ curve 
tached lip-ahocïcriïïa ^ ''»«sx-sheet and the at 
as a function Macttm^ ^ Fi^ 5-6 fre^ 

should include not only the lm thlcWn 1 "" 4e and \ 
in order to allow for viscous effe^^Ml0 “ ^ faclor ot about 4 «eg 
hence minimum additive drag durinc alT rr h Î °nly ^P61"8011^ spillage and 
f1owanaHlySiS ^0.8110^ be madtÄf ef^ thT SUpercritical operation, 

attack (see^ubsecf 

-esign Mach number 1» order J increa^^^T^rS^ 

The pressure recovery will increasp ac m a 

decreases, the critica, value o, 6. increases Th^ r^’ ^ Mp 

may be indirectly associated with ¿gher values of 6 ' ^ 

values of 6, mean still higher values of 6 a d *' hand’ high 
external wave drag. The fact that 6 h 8 3 C°nSequem increase in the 

always at least a minimum cowl drag ‘for uT T” ^ ^ ^ ‘S 
internal-compression diffuser mav ¿ ]ype of diffuser whereas an all- 
optimum value will be detfrmS ÎotÂ “„„S C«1 drag. The 
will also have to take into account ,, COnsldera'10“ <>' 4e a"d 6! bot 
geometry of the Innerbody and the a^uli rca^.CO'“raCUOn ratlos give'> ^ the 

5.1.3 
lOXiscid Comgression Surface Design 

extent of external compressioí (Te^MP°f isentroPic spike and the 
viscid isentropic surface of the spite. P ’ neXt Step is to design the in- 
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The calculations start at P, a point on the conical nose shock which is a speci¬ 
fied distance from the cone axis. Values of M and <p (flow direction) at P, as 
well as along all rays emanating from the cone tip, may be determined by the 
Taylor-Maccoll method and are listed in cone-how tables such as Refs. 19 and 
30. The method of characteristics for irrotational, axisymmetric flow is then 
used to calculate the local Mach number and streamline angle in all parts of 
the field. Irrotational flow may be assumed since no entropy gradient exists 
normal to the streamlines aft of the straight conical shock. The left running 
characteristic from P has an inclination of <Pp + + 180 deg, where <Vp is 

the Mach angle at P. The boundary curve, PQ, of the characteristics net is 
constructed in short segments whose end points lie on adjacent rays in the coni¬ 
cal field. The inclination of each segment is made equal to the average of the 
inclinations of the two ends. This construction is continued until the character¬ 
istics line meets the cone surface at Q. Each subsequent characteristics line 
starts from P, has an arbitrary increment of turning, and is continued until it 
meets the streamline passing through Q. This streamline forms the isentropic 
surface and is developed incrementally until the flow inclination behind the last 
characteristics line from P is equal to some predetermined value (equal to or 
less than that given in Fig. 5-4). The non-compressing surface is generated ' 
by a straight line which is drawn tangent to the compressing surface at the ter¬ 
minal point R. The Mach number increase along this surface, and along all 
the streamlines of the non-compressing flow, results in an approximately con¬ 
stant Mach number along a line normal to the flow drawn from the point of 
shock intersection. 

An example of the calculation of an axially symmetric isentropic 
spike is given by Kennedy in Ref. 31. A more detailed method for the use of 
characteristics in axially symmetric flow may be found in Refs. 6 and 32. Con¬ 
tours have been calculated by Connors and Meyer (Ref. 24) for isentropic spikes 
with conical tips whose shocks cause a 1¾ loss in total pressure. The coor¬ 
dinates of the surfaces are given in Fig. 5-8 and the surface Mach number and 
flow direction in Fig. 5-9 for design Mach numbers from 2 to 4. Similar in¬ 
formation from the same source is given for two-dimensional wedge-type inlets 
in Figs. 5-8 and 5-10. The position of the focal point is indicated in the fig- 
ures. The Mach number at the focal point is that given by the compression 
limitations in Fig. 5-4. Figure 5-11 gives the surface coordinates for a series 
of axisymmetric isentropic spikes with 15 deg tips and Fig. 5-12 gives the sur¬ 
face Mach number and flow inclination. Design Mach numbers from 2.5 to 6.5 
were considered. Similar information is available for other initial cone angles. 

5.1.4 Duct Design in the Cowl Lip Region 

Subsequent to the external compression process, the flow must nego¬ 
tiate the strong bow shock system, usually referred to as the normal shock. 
At the same time the flow within the cowl lip must be turned to the axial di¬ 
rection as rapidly as possible in order to minimize cowl drag. A too-rapid 
turn may lead to high internal total pressure losses. An optimum design may 
be evolved for a given application by weighing the relative effect of these two 
factors. 

For operation with the normal shock at the cowl lip, or just inside 
it, the turning surface of the spike and the inner surface of the cowl must be 
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adjusted as shown in the following sketch. Both the inner and outer cowl sur¬ 
faces in this case are composed of two straight sections extended by tangent 
arcs. 

A line from the cowl lip, normal to the flow, intersects the non¬ 
compressing surface at N. From this point the turning surface begins. The 
shape of the arc is determined by the required area variation in the entrance 
of the annulus. 

If the required cowl-lip angles and the flow direction allowed by the 
limiting compression result in too great a contraction ratio, it may be neces¬ 
sary to undercut the turning surface as shown below. 

Where the cowl angles are critical, i.e., the drag or the structurai load is 
critical, it may be necessary to sacrifice some of the allowable external com¬ 
pression (see Fig. 5-4) in order to stay within the possible range of flow turning. 

It is often desirable to incorporate .some internal compression by 
means of area variation in the ducting. In a typical long-range missile, an 
area reduction of 0.09 A. slightly downstream of the cowl lip was found to give 

the lowest shock loss and highest pressure recovery in the turning region. In 
this case it is necessary to place a further limitation on the turning surface to 
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required geometry STSnt « ,he “P- The 

Surface 

compressing surface and the oblique stock from th T !°n’ T’ °f ^ non- 
of the surface is delayed beyond the point T ^ ^°Wl lip' U turning 
causing the reflected shock to detach fI J deflection will be too great 
reflection or a lambda shoc^ On theThe^h^d f°rm either ^ 
T an expansion lan will occur upstream of thà Ü SUrface ^1-°8 before 
m the total pressure loss. Careful choice of thp^ causing an increase 
How field is of increasing importance 

nular duct will depend ^the C¿^?ofOÍoMrafrOSVSeCtÍOnal area along an- 
tended. The same considerations th?t f°r WhiCh 4,16 diffus"r i8 in- 
innerbodies also will apply to isentrooic Hn« dlf,Cussed ln elation to conical 
an all-external-ccmpression inlet it Æ K1Experience has sh°wn that for 
cowl lip generated by straighí Unes whicî S ' t0 the surfaces °f the 
generate the remaining cowl surfaces A <shninto 016 arcs which 
s ream of the lip has toen fouÏÏ to tove t Section do^n- 
shock system in lower Mach “umlir investStoS”8 °n ^ 

affected by the differential heatingX rates°of the lnlel duct area is 
tures. The materials from which ttev innerbedy and the cowl struc- 
thickness of the struts which join then/a r* onstructed and the position and 
matching between diffuser andcombusSr f ^0ng the factors that disturb the 
tion 9) or thrust degrSati^f may Result afUnCtionof time- Buzz (see Sec! 

Off-Design Operation 

Mach numbers beto^the^deTim valup^faT^06 °í a suPersonic diffuser at 

-rÄ.rrS8"ent “f - -” - rryeÄm»Ä" 

most the reversenofStherdesiímPaim?ys^sSer,In,1^fÍñtmrl^he^oc¡ríntersecUoñ 
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as in thTqoTL^^ variables where- 

SuÄsÄ SeÄ “ “i nferaTtt“nh 
coefficient, and the flow parameters at the ratl0,.the additive-drag 
number and prescribed surface Th« «î T 1 P for any free-stream Mach 
in the off-design network as they do tn Ute oTdes^nalJsT8 ^ COa'eSCe 

A 
out by Kennedy (Ref. 7) for fS^deg"conical UDDed*^!18 alS° haS carried 
“/--: 5 ,nd »• . The ¿owl wasd?raXä'Är:rCnikr„deS^. ^ M = 3.5 and 5. The cowl was translT^ , . fentroplc spikes designed for 
and then in an axial direction as illustrated in ihe ISA'sS C°niCal Sh<>Ck 

Direction of 
Translation 

compression (see Fig^f?-4f and^omnres^onsideied: ^ maximum allowable 
stream Mach numbers ess thanKmaxil"um; 2) three fré¬ 
tions of the cowl at each îreTstre^m uZ 3) five t0 eight Pi¬ 
eters may be seen in Figs. 5-13 throueh 5-2nlbehr' ValueS 0Í these Paran‘- 
of the additive drag, the capture area rat" ti,hlC!LSh0W calculated values 
inclination at the cowl lip as functions of the c ^ nUmber’ and the flow 
Mach number, and design Mach number tv. c°wI_llP position, free-stream 
for any of these cases it is necessary to efs,timate the pressure recovery 
stream tube (station o) equal to that in front nf ^h maSS fl0W °f entering 
lip, i.e., 4 tftat in front of the normal shock at the cowl 

A P. o Ft o At Pt 
íwr = [Ã7Ã^ 

or t 

A1 Ax "'t 

(5-2) 

(A/A*>. = r ■ ST ■ Ï7 (A/A,,c 
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A /Aj is given in Figs. 5-14 and 5-18; p. /p is the pressure recovery through 
0 \ lo 

the bow shock; (A/A*)q is found from tables. The throat area, A^, generated 

by CN is a cone frustum whose radii are yc (known) and yN (to be found either 

graphically or by computation). (A/A*)t derived from Eq. 5-2 allows the eval¬ 

uation of M. and the ratio p. /p. from tables. The pressure recovery of the 
t 12 

inlet is then p. /p. • p. /p. . Figure 5-21 shows the shock pressure recovery 
t3 \ \ o 

calculated by this method for a few representative cases for the MD = 3.5 dif¬ 
fuser. The associated additive drag is also shown in this figure. 

Cross-plots of the additive-drag and capture-area ratio as a func¬ 
tion of both design and free-stream Mach numbers from 2.25 to 5 are given in 
Figs. 5-22 through 5-24 for y/yp of 1.0, 0.98, and 0.96 and the cowl lip on 

the design conical shock where yp is the ordinate of the focal point of the com¬ 

pression waves at the design Mach number. These figures (from Konrad) show 
the effect of operating at below-design Mach numbers. The vertical scales on 
Figs. 5-23 and 5-24 have been exaggerated to facilitate the reading of the data. 

A diffuser designed to give a maximum total pressure recovery at 
the design Mach number may be severely limited in its climb-out capabilities 
due to excessive spillage and consequent additive drag at below-design Mach 
numbers. However, it must be remembered that a reduced mass flow may 
allow the engine to burn a richer fuel mixture and hence produce a greater 
gross thrust. At the same time the net thrust may be reduced by the associ¬ 
ated additive drag. The optimum mass-capture ratio will depend on the ve¬ 
hicle configuration and the combustion characteristics. One means of increas¬ 
ing the capture-area ratio v/ithout excessive additive drag at below-design Mach 
numbers is to locate the cowl lip on the conical shock of the design Mach num¬ 
ber but at a radial position less than that of the intersection of the conical 
shock and compression fan. In this case the reduction of additive drag is ac¬ 
companied by a reduction in the total pressure recovery at the design Mach 
number. Other methods of reducing the additive drag involve the use of vari¬ 
able-geometry features such as variable cowl vents or a translating spike. The 
variable vents discharge the spillage flow at a very low angle. It has been 
amply demonstrated that the additive drag may be much reduced by this method. 

The extreme angles of attack sometimes encountered during lateral 
maneuvers of the vehicle tend to cause an inlet to expel a strong bow shock on 
the leeward side. This bow shock imposes a pressure gradient on the inner- 
body boundary layer which may cause a gross flow separation from che body, 
resulting in large discontinuities in the external aerodynamic charactei istics 
and the possibility of engine flame-out. 

Major effects on the limits of flow separation have been obtained 
by altering the position of the normal shock in the inlet, i.e., by varying the 
mass spillage through cowl vents or by modulating the combustor heat release. 
This effect was also demonstrated by varying the cowl-lip position and thus af¬ 
fecting the shock position, pressure recovery, and air capture at angle of at¬ 
tack. A change of inlet and exit areas would produce the same results. The 
inlet flow area may be reduced by forward translation of the nose cone. 
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Agreement in the angle of attack at which separation occurred was 

eeometrv Marh " Va^ous sc^led models by proper simulation of flight model 
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Fig. 5-1. Calculated total pressure recovery through a conical 

= ! lUDCt\Zn °A free-streara Mach number and cone semi¬ 
angle; 2 s Mœ s 10: 5° s et. s: 35' 1.4. 
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Fig. 5-3b. Critical regions of shock polars showing expansive 
reflection waves; Mœ = 6; y = 1.4. 
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Free-Stream Mach Number, M 

Fife. 5-4. Limits imposed on flow parameters b; 
sheet criterion vs free-stream Mach number 
spike, 15 and 25° tip; y = 1.4; 2s M^s 8. 
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Cowl-Lip Angles, 6. and 6e deg 

Fig. 5-6a. Critical cowl-lip angles determined by vortex-sheet criterion 
and shock attachment for various free-stream Mach numbers; isentropic 
spike; M = 2 to 8; y = 1.4. 
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Fig. 5-6b. Critical cowl-lip angles determined by vortex-sheet criterion 
and shock attachment for various free-stream Mach numbers; 15° cone 
tip-, M = 2 to 8; y = 1.4. 
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Flg. 5-6c. Critical cowl-lip angles determined by vortex-sheet criterion 
and shock attachment for various free-stream Mach numbers; 25° cone 
tip; M =2 to 8; y = 1.4. 
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Fig* 5-7. Maximum and minimum cowl-lip angles determined by 
vortex-sheet and shock-attachment criteria vs design Mach 
number; isentropic spike, 15 and 25° tip; y = 1.4 
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Radial Distance to Cowl Lip, yc/(yc)design 

Fig. 5-13. Calculated additive-drag coefficient at off-design 
Mach numbers; cowl lip on design conical shock; M_ = 3.5 

and 5.0; 2.23 s s 4.59; 15° tip isentropic spikes. 
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- Maximum Compression Allowed 
by Vortex-Sheet Criterion 
i.e., <o = 41° 

s 
Compression Less than Maximum 
i.e., <ps = 36° 

Fig. 5-14, Calculated capture-area ratio at off-des 
numbers; cowl lip on design conical shock- 15° 
tropic spikes; M = 3.5 and 5.0; 2.23 s M < 4.5 
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-Maximum Compression Allowed 
by Vortex-Sheet Criterion, 
i.e., <¿>s = 41° 

-Compression Less than Maximum, 
i.e., <PS = 36° 

Fig. 5-15. Calculated Mach number at cowl lip at off-design 
Mach numbers; cowl lip on design conical shock-, 15° tip 
isentropic spikes-, Mp = 3.5 and 5.0; 2.23 £ M^ s 4.59. 
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Radial Distance to Cowl Lip, yc/(yc)design 

Fig. 5-16. Calculated flow angle at cowl lip at off-design 
Mach numbers; cowl lip on design conical shock; 15° tip 
isentropic spikes; = 3.5 and 5.0; 2.23 <; M <: 4.59. 
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Fig. -18. Calculated capture-area ratio at off-design Mach 
irabers; cowl lip at constant radial distance; 15 tip 
sentropic spikes; Mp = 3.5 and 5.0; 2.23 s ^ 4.59. 
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5-19. Calculated Mach number at cowl lip at off-design Mach 
numbers; cowl lip at constant radial distance; 15° tip isen- 
tropic spikes; m! = 3.5 and 5.0; 2.23 s M^ s 4.59. 
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Fig. 5-21. Calculated total pressure recovery and associated additive- 
drag coefficient at off-design Mach numbers; MD = 3.5, 15° tip 
isentropic spikes, y = 1.4. 
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Fig. 5-22. Theoretical additive-drag coefficient and capture-area 
ratio for 15 tip isentropic-spike diffusers at below-design 
Mach numbers; cowl lip at design focal point; 2.0 s M„ s 5.0' 
2.25 ^ <; 4.75, 
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6. Comparative Evaluation 

.. u. . Throughout this section, stress has been laid upon the fact that 
® evaluat101' of a ramjet diffuser can be made only in terms of the 

associated engine characteristics and of its prescribed range or mission How! 
ever, a few generalized comparisons may be made which will assist the de 

cSmol1”1“"8 ,he fleld 0' C"°iCe ,0r * ^ of desfrS óp^raun¿ 

6.1 -Mach Number Range of Basic Diffusers 

The maximum theoretical pressure recovery for the basic diffimpr 

aTaZa íLtíf “rleSS iS, Sh°*" in ri«' 61- ^eMreJUZ 
hQo Th f 1 assumes a simple normal shock at the lip and the second 
has the maximum internal contraction allowed by the entering Mach number with 
a simpie norma! shock at the associated minimum throat. These values musí 

onsidered in conjunction with the diffuser drag and off-design performance. 

shook Hiffnü !h0Wn ^ not only does 016 Performance of the normal- 
shock diffuser deteriorate rapidly with increasing Mach number but at the same 

man T¿ySSÍS eífeHCt inCreaSeS- ItS drae however, may be ke^t Tr 
in !he iTh M gi! anu double-cone innerbodies give high pressure recoveries 
i" „ ^aCh nUmber rangfe’ but as the number of oblique shocks is ! 
to net th™stra8 18 alS° lnCreased' ^ he“ce the« may be but litUe gain in 

6.2 Performance Comparison 

„ C°nnors and Woollett (Ref. 17) have combined the experimentallv 

SP r^r~rCS f0Í a single'c°ne- a double-cone, and an isentrop/c! 
«zeroS of attok T°bemanCe 1 hyPOthetlCal ramlel operaUng 
fu ^ « g 1 attack- The pressure recovery and the mass-flow ratio of Zm 241Ch HW«r, ?eslBned for a Mach number of 3.85 are given in 

in the next two ataches ^ n0SeS' They are ““Pnned 

Maximum Total Pressure Recovery Mass-Flow Ratio 

6 
a 
b 
c 
d 

where 

0.75 1.00 

I 

atza Single Cone 

bEZa Single Cone (Low-Angle Cowl) 

c ES3 Double Cone (Tip Roughness) 

d m Isentropic Spike 
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sure drag was deterained^ex^rimentólly'”1’fïLr The C0Wl pres' 

d^e^Äi^Är^rr? “ c~ 
S" Ä S'« r as£~ ~"~ 
drag, anda complete loss of momentum inth.^nï, 8J, a minlmum additive 
mum additive diag The fom^f^^n ?“led ilow resulted ln 3 maxi- 
three diffusers U showi lu the uert säcT drag coem«'"‘a «or the 

External-Drag Coefficient 

0,1 P 
^ H / ' 

SSUSMK 

0,2 0.3 

1ÜC1ÍÜ»A Vn “fX 
A = Additive 

C = Cowl 

F = Friction 

a“'tS «^"cieücnil« 8A00omt; rat* 0 024 
sumption for each missile^ Ä theC «Äh“' ^ 'Uel 

Specific Fuel Consumpti on 

1.0 1.5 2.0 2.5 3.0 

mmmMmm Min Max 

spike (wUh minimum additivTdraS have’anoro^0110!61 C°ne ^ the isentroPic 
Which is about 14% lower than J of theX?e^ 

thrust, the relativ!? Mrine^siz^mav t» iS t0 produce the same net 
following sketch relate! the en^ne 

Maximum Diameter in Terms of Single-Cone Diameter 

0 0,2 0*4 0.6 0.8 1.0 

«CÃ“1'*'68 that Smaller engl"e sl“i; a« lihked to high pressure- 
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o , . ^scope of ^611, investigation, i.e., angles of attack up to 
LJ! L k = 3-8 L Cu°TrS and Woollett (R61- 17) found that the isentropic 
inlets which gave the highest pressure recoveries at zero angle of attack were 
more sensitive to angle-of-attack effects than either the single- or double-cone 
inlets. However, by accepting a decrease in the mass-flow ratio at zero angle 

Í'*e'L ?y rfLtracting fb® cowl> 1116 range of angle-of-attack operation 
surface6 eXtended wlthout flow separation from the upper portion of the spike 

99 



M
a
x
i
m
u
m
 
T
o
t
a
l
 
P
r
e
s
s
u
r
e
 
R
e
c
o
v
e
r
y
,
 

Fig. 6-1. Maximum theoretical total pressure recovery vs 
design Mach number for various basic diffusers: M = 1 
to 8; y = 1.4. ’ D 1 
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Fig. 6-2. Effect of tip roughness on total pressure recovery of 
an isentropic-spike inlet vs mass-flow ratio; a - 0 to 9°; 
M = 3.85; Y = 1.4; Re/ft = 1.0 x lo6. (Source: Ref. 17) 
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7. Two-Dimensional Diffusers 

Feasibility studies concerned with a hypersonic transport (Ref. 33) 
have indicated a preference for two-dimensional engine configurations for very 
high Mach number flight applications. Such a design offers a number of aero¬ 
dynamic as well as mechanical advantages over an axisymmetric design. Aero- 
dynamically, the two-dimensional design allows additive lift to be associated 
with diffuser additive drag and by using a plug exit nozzle, lift is obtained as 
a result of the under-expanded exit flow from the nozzle. Mechanically, the 
two-dimensional design permits simpler geometric variations in both the dif¬ 
fuser and the exit nozzle. Furthermore, the plug exit nozzle allows the super¬ 
sonic portion of the nozzle to be cooled by radiation. 

The theoretical limitations imposed on the compression produced by 
an isentropic wedge may be computed in a manner similar to that of the axi¬ 
symmetric case (Subsec. 5.1). The results of such calculations for initial- 
wedge angles from 0 to 15 deg for Mach numbers from 2 to 8 are shown in 
Fig. 7-1 which also shows the maximum pressure recovery for the case of a 
horizontal cowl with no internal compression, i.e., with a normal shock on the 
cowl lip. It may be seen from this figure that the requirement of a horizontal 
cowl causes a significant reduction in the pressure recovery over that allowed 
by the vortex-sheet criterion. However, the pressure recovery may be im¬ 
proved by including some internal contraction. For the near-optimum case of 
M = 1.4 behind the wedge shock from the cowl lip, the pressure recovery is 
shown in Fig. 7-2. 

In order to meet the requirements of all the criteria of Subsec. 5.1 
in a diffuser to operate over a range of high Mach numbers, it is essential 
that both the shape of the innerbody and its position with respect to the cowl 
lip be readily varied. Calculations in the range of M = 3 to M = 7 for such 
two-dimensional inlets with initial wedges of 9 deg and 15 deg have been car¬ 
ried out by Konrad (unpublished APL study). Figure 7-3 illustrates the flexi¬ 
bility required in the isentropic surface as well as the cowl position and throat 
area. It may be noted that the axial motion of the throat position associated 
with the 15 deg wedge is about half of that for the 9 deg case. The 15 deg 
initial wedge results in greater throat heights and is thus less sensitive to in¬ 
accuracies of positioning the throat normal to the inner cowl surface. These 
mechanical advantages associated with the larger wedge angle may well out¬ 
weigh the decrease in pressure recovery in comparison with the smaller wedge 
angle. 

A two-dimensional internal-compression inlet for Mach numbers from 
2.5 to 4.0 has been discussed briefly in Subsec. 3.2 and will be discussed 
more fully in the next section, since boundary-layer bleed and the consequent 
drag penalty are critical. 

Carrière and Leynaert in Ref. 20 have calculated the mass flow of 
a two-dimensional intake of limited width. They have investigated the effects 
of spill-over at angles of attack up to 10 deg in the presence and absence of 
side plates. They show that the side plates reduce the mass-flow loss to a 
small percentage of the total mass flow even at below-design Mach numbers. 
On the other hand, these losses amount to as much as 10% when the side plates 
are taken off. The theoretical values have been checked by experiments at 
Mach numbers of 1.63 and 1.96. 
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fnco. Leynaert and Brasseur in Ref. 34 describe a two-dimensional dif- 

^ ,er King °f a Mach 2 transP°rt The elements of the wind- tunnel test model are shown in the sketch below. 

2. 
ft 

Scoop 

1 - Cowling 

2 - Entering Ramp 

rLÍa0™ ar?owy ïe varied ior off-design flight conditions by means of a 
at the cowTuo2 ThifrnSSUreS that ^ compression waves are always focused at the cowl hp. This ramp is a continuous compression profile- at its down 

: Ho™ eXe Ï a riable-entry bou^ry-layer t?aP which^revtts f£ se^ 
The tunnel wall represents the wing surface; the diffuser is placecTa 

sec 8 5S1 In th0pm lt(î “ a,trap f0r thG Wing boundary layer (see s2b- 
dee and the fiiîïf ¿mtial angle of the compressing surface was 16 
«oL h ff 0¾6 WaS 19 deg- The sl°Pe of ^he first part of the sub¬ 
sonic diffuser was -2 deg. Although the flow turned through 21 deg, there was 
no evidence of separation and the flow distribution in the diffuser was reason¬ 
ably uniform. The mean efficiency of the inlet was 0.935 when 2 5% of the 

rrjrjÄ.1"10 ^trap- °“ ^ ^des*- 

u,4 . ^0ider and SzPiro in Ref. 36 have calculated the thermodynamic and 
obUque-shock data for hypersonic double oblique shocks in a real gas and have 

Ä ?hr,T“? 10 0,6 intake of a hypersonic “iffuser ™ 
ktnpHP P 01 1 imP°rtant Parameters are the entropy increase and the 
kinetic energy coefficient. These are shown in Figs. 7-4 through 7-7 for Mach 

fTmTtoTdeg0 3°’ angleS 0f attaCk fr0m ° t0 6 deg’ and f0r -dge aSs 

Henderson in Refs. 59 <tnd 60 uses ä mäDDinff orocedurp tn nhfaín 
a systematic qualitative description of the flow conditions at the ttree-sS 

frlTmes?J,slmPa WedBe ^ Ttx ‘"»-«ream Mach number ?s from 1 to 5 and the wedge angle from 0 to 40 degrees. 
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Fig. 7-1. Theoretical total pressure recovery baseà on limits imposed 
on compression by the vortex-sheet criterion and shock attach¬ 
ment; isentropic wedge, 0s = 0 to 15°; shock attached to 

horizontal cowl; M = 2 to 8. 
00 
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Fig. 7-2. Theoretical total pressure recovery vs free-stream Mach 
number for an isentropic-wedge diffuser operating at on-design 
Mach numbers; e„ =0 to 15 5 horizontal cowl; M = 1 to 8. 
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Fig. 7-4. Entropy increase vs M for a = 0 deg; 
d = 5, 10, 15, 20, 25, and 30 deg. 
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o, deg 

Fig. 7-5. Entropy increase vs a for M 
from 8 to 30 (even numbers). “ 
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Fig. 7-6. Kinetic energy coefficient vs M for d = 5, 
10, 15, 20, 25, and 30 deg; a = 0 3eg. 

Fig. 7-7. Kinetic energy coefficient vs a for 
from 8 to 30; d = 10 deg. 
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8. Boundary-Layer Problems 

The growth of boundary layer on the surfaces of a ramjet inlet may 
cause problems in many areas of the diffuser. The boundary-layer displace¬ 
ment thickness effectively changes the surface contours, often critically affect¬ 
ing nose shapes and minimum area regions. Not only does the boundary layer 
vary with altitude and missile velocity, but it is also affected by the pressure 
gradient and heat transfer associated with each surface. Contour corrections 
may be made to include (at a particular Reynolds number), the effects of the 
first two parameters but at present, quantitative effects of pressure gradient 
and heat transfer cannot be determined with accuracy. 

Under the effect of adverse pressure gradients caused by either the 
surface slope or shock interactions, the boundary layer may cause flow sepa¬ 
ration from the diffuser walls. Under certain conditions, as shown below, the 
pressure recovery may be improved by boundary-lryer effects but this improve¬ 
ment is at the expense of air capture. 

Non-Viscous Flow Viscous Flow 

The sketch also illustrates the effect of boundary-layer growth on the shape of 
the surface. In this case the biconic inlet has virtually been changed to a 
multiconic inlet at off-design conditions. 

Boundary-layer problems in diffusers may be divided into two groups: 
growth and separation on the compressing surface and shock-interaction effects 
in the throat region with subsequent separation in the subsonic regime. It will 
be seen that this division is somewhat arbitrary. When the minimum section 
occurs at the cowl lip its boundary-layer problems are closely related to those 
of the compressing surface, i.e., are due more to boundary-layer build-up than 
to the shock interactions that complicate the flow at a minimum section in the 
annulus. In this section the problems will be discussed briefly and a descrip¬ 
tion given of some corrective measures that have been suggested. 

8.i Basic Boundary-Layer Equations 

In most problems, satisfactory solutions may be obtained by con¬ 
sidering the inlet flow as composed of two more-or-less independent compon¬ 
ents, i.e., a potential non-viscous flow and a boundary-layer flow. However, 
in reality the presence of shock waves not only produces rotational flow but 
may set up iterative interactions between the shock regions in the boundary 
layer and in the so-called potential flow. 
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In laminar flow, the velocity distribution is usually assumed to bear 
a linear relation to the boundary-layer thickness, 6, i.e., 

= (ï) 0 < y < 6 
(8-1) 

V = V_ at y * Ô 

where 

V = stream velocity at any distance, y, from the wall 

V = free-stream velocity 

In turbulent flows the velocity distribution is usually given by 

it l/n 
rr = {\) 0 < y < ft 
* oo 

(8-2) 

where 

n = a numerical parameter 

and as before 

V = Vm at y * Ô 

Reference 37 gives the empirical relation between n and the Reynolds number 
as 

(8-3) 

The Reynolds number may be given in terms of the density and the viscosity, 
either of the free stream or of the flow adjacent to the wall, i.e., 

When Re is 106, Eq. 8-3 gives n ~ 7. This value has been verified exper¬ 
imentally and is often used in calculations over a much wider range of Reynolds 
numbers than Eq. 8-3 would allow. 

The boundary-layer displacement thickness, ft*, indicates the dis¬ 
placement distance of the streamlines due to the boundary layer and is given by 

(8-4) 
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A third useful form of boundary-layer thickness is known as the 
momentum thickness, 0, or the thickness which will account for the loss of 
momentum due to the boundary layer. It is given by 

Numerical values of the ratio, 8/6, 6*/6, and 6*/0 are tabulated to five deci¬ 
mal places in Ref. 37 for 0.1 < M < 1.0 (AM = 0.1) and 1.0 < M < 10.0 
(AM = 0.4) with n = 5, 7, 9, and 11. The values of 6*/6 and 6*/fl for n = 7 
are repeated here in Table 8-1 to four significant figures. 

In calculating duct flow characteristics, viscous corrections are usu¬ 
ally made by considering the "effective" area, i.e., the geometric area reduced 
by the boundary-layev displacement thickness. The displacement thickness, 6*, 
generally is taken as the appropriate correction in order to maintain the con¬ 
tinuity of mass flew. It will be shown that 6* is dependent upon the Reynolds 
number of the flow and that the geometric correction therefore will be accurate 
for only a limited range of pressures and temperatures at the design Mach num¬ 
ber. However, when an inlet, corrected for a specific Reynolds number, is 
used for off-design Reynolds numbers, a further correction may be made by 
calculating the difference between the actual and initial boundary-layer thickness. 

8.1.1 Boundary-Layer Thickness in Two-Dimensional Flow 

Some of the most easily applied formulas derived by Tucker (Ref. 37) 
for the calculation of boundary-layer thickness along a surface are summarized 
below. 

Zero Pressure Gradient. --In a duct of uniform cross section and 
moderate length, the Mach number and static pressure are not changed appre¬ 
ciably by the growth of boundary layer. In this case the change in momentum 
thickness between two points, a and b, may be expressed as 

Sb ’ 0a = 0-0254 
Lrt 

M(1 + y à - M2) 

l/7 
(xb3/7 - xa6/7) (8-6) 

for y = 1.4 and "wall" values of density and the coefficient of viscosity, u 

or 

0-0 = 0.0254 
b a 

“t + 

L- Pt 
M 

1/7 

(x, 
6/7 6/7\ 

) a ' 

(8-7) 

for free-stream values of the parameters, 
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where 

X = distance measured from effective origin of boundary-layer 
development 

M = average free-stream Mach number in the interval a to b. 

Th!uül!meriCal coefficient in 1116 above equations is dimensional, and thus the 
method requires careful use of consistent units (i.e., the slug-foot-second sys- 

t degrees The required boundary-layer dis- 
M r7ÍCkü!SSí 6 ’ 18 Í0Und from 6*//0, which is Siven as a function of M in Ref. 37 and also in the last column of Table 8-1. 

..... Since the Mach number is assumed to be constant along a duct in 

Tt H K° P!!SSUre gradient’ P°int a may be chosen as the beginning 
of the duct and b as the point at which boundary-layer corrections are required^ 

^Jsit|ve or Negative Pressure Gradient. -Where a negative prés¬ 
ure gradient exists, i.e., where dM/dx is positive, one has 

6, = 0.0218-1 1 

a/? 

x Pf 

Hv 
Bh Si (Dk - D ) + 6 A B. b dM ' b a a a t (8-8) 

For a positive pressure gradient 

6b = 0.0218 ¢. J'7 . dx 
b dM (C. - Co) + 6 Au B (8-9) 

where 6 is given in wall values of the parameters. The values of A B C 

^ ? Yf-n8176". in n®*' 37 f0r 016 same range of Parameters as 6/6, etc.’ 
(see p. 113), and are presented in Table 8-1 for n = 7. According to Eq. 8-3 

?^rfuStriCted t0 regimes where the Reynolds number is in 
tf‘e neighborhood of 10® (based on free-stream characteristics). 

♦h* K In Eqs. 8-8 and 8-9, x is the average distance from the origin of 
the boundary layer, to all points in the interval a to b, and M is an average 

^nnwbefuin, interval- The accuracy required and the value of dM/dx 
will dictate the length of the interval to be chosen. 

8.1.2 Boundary-Layer Correction for Axially Symmetric Flow 

i* i (R®** 37) also describes an iterative method for boundary- 
layer caicuiätion in an axially symmetric duct. The duct is divided into a num¬ 
ber of segments, each of which is replaced by a conical section passing be¬ 
tween the end points of the segment as shown in the following sketch. 
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a 

b' 

S ar® apparent sink or source points for the first two segments, ab 
and ab . For each segment it is necessary to know the Mach number at a 
and b, i.e., Ma and Mb; the average distance, x, from the effective origin 

of the boundary layer; and the average distance, r, from the source or sink. 
When the pressure gradient is positive in the flow direction (i.e., subsonic 
divergent flow or supersonic convergent flow with dM/dr negative), then 

=0.02181 
S vTV 

x p* 

a/? 

\ dM r (Cb ' Ca) + (8'10) 
0 b 

For a negative pressure gradient in the flow direction (i.e., subsonic conver 
gent flow or supersonic divergent flow with dM/dr positive) 

6b =0.02181 \ ^t\/7 
B, 

x Pf 

dr _r_ 
b dM rL 

r 
(D - Da) + 6o A B, 

b a a a b r 
b 

(8-11) 

Values of the constants A, B, C, and D are given in Table 8-1 and the con¬ 
ditions appertaining to them are listed in Subsec. 8.1.1. The value of Ô* 
required for correcting a nozzle contour is obtained from calculated values of 

^ ValuM Ò*(Ò g/ven in Table 8-1' The constants in the equations 
imply the use of the slug-foot-second system of units. 
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In moderate Mach number flow, the boundary-layer correction is 
usually small compared with the dimensions of the core of potential flow. In 
hypersonic flow the boundary layer thickens rapidly with increasing Mach num¬ 
ber and it may easily occupy a large part of the cross-sectional area. Large 
temperature differentials give rise to great variation in the heat-transfer rates 
between the gas and the walls. It becomes evident that the viscous effects may 
no longer be regarded as corrections to the potential flow, but must be taken 
into account in the basic flow equations. 

Persh and Lee (Refs. 38 and 39) have refined the methods of cal¬ 
culating turbulent boundary layer by including the variation in skin friction due 
to heat transfer. The effects of pressure gradient have not been included. 
However, it is felt that their influence on the skin friction and on the velocity 
profile will be relatively small. Both the two-dimensional and the axially sym¬ 
metric cases are fully worked out by Persh and Lee. Table 8-2, taken from 
Ref. 39, presents values of 6*/b and 6/6 for Mach numbers from 0 to 20, 
(T - T )/Tœ from -10 to +10, and n = 5, 7, 9, and 11. In the foregoing, 

T is the actual wall temperature, T is the equilibrium wall temperature, and 
W G 

n is the velocity exponent (see Eq. 8-3) 

Van Driest (Ref. 40) gives turbulent skin-friction and heat-transfer 
coefficients for a flat plate as a function of Reynolds number for M from 0 to 
10 and T /T from 1.0 to TVT at each Mach number. The Prandtl number 

\y oo t ® 

is assumed to be unity. Equations are given from which the boundary-layer 
thickness may be calculated. 

Enkenhus and Mahtr (Ref. 41) have made boundary-layer calcula¬ 
tions which include real-gas effects. The factors taken in account are: 

1. The change in the thermodynamic and transport properties of air at 
high temperatures. 

2. The diffusion of atomic species which recombine and release addi¬ 
tional heat to the wall. 

3. The effect on skin friction and heat transfer of a highly cooled wall. 

Since the formulas used are of a semi-empirical nature, the results must be 
treated with some reservation until they have been justified experimentally. In 
particular, it is known that the boundary-layer thickness is very sensitive to 
the skin-friction law employed. In order to determine the growth of a turbu¬ 
lent boundary layer under conditions that exist in ramjet air-intakes, Standen 
(Ref. 42) has employed the concept of mass entrainment. He has used this con¬ 
cept to derive an auxiliary equation for the calculation of the shape parameter, H. 

8.2 Boundary Layer on the Compressing Surface 

The frictional resistance of a compression surface to the flow will 
produce a boundary layer of significant thickness. An effective compression 
surface is thereby produced which will affect the entire compression field and 
can profoundly alter the air capture, pressure recovery, and arag characteris¬ 
tics of the inlet, even in the absence of separation. For some inlet designs, 
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therefore, it may be desirable to calculate 
ness along the surface and "correct" the 
desired inviscid flow field. 

boundary-layer displacement thick- 
geometrical surface to produce the 

be corrected Ts COhnditiun for which a compression surface should 
, 1 SeneraUy obvious except in the case of a cruise vehicle 

single operating point is outstandingly important. Any correction to 
the spite contour for displacement thickness will be associated ^ith a specific 
altibide and Mach number, and since the performance of an air Me" 
sensitive to the relative positions of the cowl lip and the effective compression 
othei^ró ír perío.rmance of the corrected diffuser should be evaluated for all 
other conditions of interest. Where the performance is critical "he process 
may require iteration. ^ ine process 

• i * • . Adjustment of a compression surface is not always practiced Tf an 
miens t° be operated over a wide range of Mach numbers altiSs and ZlTs 
fbaÄtsUcs dtSlg"- Up0n ils ofi-d^‘P> performwtce cnaracteristics, will have to be chosen. The considerable effort reauired tn 

uaUoii'OUtF?r Joundary:1:iyer calculations probably is not justified in such sit- 
boundarv laveMs^hM^ai !nl?ts’ the calculations are more justifiable since the 

ndary layer is thick and viscous phenomena are of major importance. 

tire length of the^íoundary layer may be laminar over the en- 
hJhio™ 0f the 14 Spike‘ The p°sitive pressure gradients produced bv a 
double-cone or isentropic compression surface usually will caSsf a gÜ 
thickening and separation of the laminar boundary layer ThisTs sLet^pi 

S„?r nflnf SlnCe 11,6 fl0W re-"^hes to tte Sáce d«„stVam 
ridging will however, present a drastically altered compression surface to 

cantlreTwfth ^' !",altered shock W*™ which leads to Tower air 
capture (with the associated increase in additive drag) and reduced nressurp 
recovery. It has been shown that this phenomenon occurs only in laminar flow 

Ceft^smoTr t^medî lt0aaPPly -«“«™^ess tocÄo“ 
Mets at M 3 as i , dlscontinuity in the slope. Tests on biconic 

® } M T 3,8J5ish°w not 0Iüy an increased supercritical mass-flow ratio 
due to a roughened tip but also show that the flow detachment at the engine face 
was delayed from 6 deg angle of attack to nearly 9 deg by The rougtaess (M. T) 

laver suction ?f alleviating bridging is by means of boundary- 
layer suction. Bridging did not occur and the total pressure recovery increa serf 

~s ¿troT c^T^^,01 ^ air mass “« was^tthdrawTthrough 
L21f0US lsentr°Plc] sPlke maiie of sintered bronze (Ref. 17). Angle-of-attack 
f®1^ r."iance was also improved by this technique. However i/comparison 

of toe^poTou/sX.^ the r0Ughened tÍP gaVe h6“61 reSUltS ^ in 

8.3 Boundary Layer in the Throat Region 

lems EVeJhnJwn?hary layei^/nJthe region may give rise t0 many prob¬ lems. Even under the simplified assumption of a single normal shock in the 
minimum-area section the boundary-layer displacement SiXess °s epical 
Kigh pressure recovery through the nose shock demands a long slender spike 
which produces a thick boundary layer by the time the flow reaches the inlet. 
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eocc„Spv'ae jf““ l0SS ^ alM 
nw’- y lch 18 a “Inimum at this ¿¡„t pr^LPy ,large PeroeMage of the 
pea mteractioas of the horary layee with 

ration is apt to occur when t¡w ¡Ttr cowl ^P* boundary-layer sepa- 
near the diffuser throat. The mo« obviairapídly over the innerbo^y 
more gradually, implies an increased cîïïf ¿emedy> that of turning the flow 
external-drag penalty. Boundary lav^r angle and hence an increased 
R^P ^Tn haS been found effective1 irovided^h1"1111^^617 downstream of the 
Both circular perforations and slots have n- f 18 n° internal impression 
bleed flow. The sketches below are of iln ^ satisfact°ry for abSut a 1% 
flow separation. ™ are of configurations that have prevented 

Variable Bleed 
Slot 

Isentropic Spike 
Single Cone 

(Low-Angle Cowl) 

30 deg cónica/noses-* hlww^S'?10*?”1 s,ots on thb «Pa of both 25 and 

SbjLrf'6.1' t0n furt¡ler downstream mj. the tip ^ allo*8<l 
. y b bleed at the diffuser entrance are Ho.. variat'0Ils of boundary- 
tn the sketch below. are «'“■'■bed in Hef. 25 and are shown 

U^uup 
Th öiui 

ar^layfr^c^*^”^1 ^ middle one> 

« 
of Mach number in the test range from M 1 T^ to ih h rati0 as a function 
?} 3-°\ ft may be noted that the maximum ,1' ? 1 the design Mach number 
the design Mach number using the first recovery Improvement occurred at 
bers below this value the ?Ut at 411 test Mach nL 

range was shown by the scoop wUh' its^ntr^íp^0™^6 through the 
P in Us ootrance normal to the stream. 
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The recovery gains are reduced as the Mach number decreases. Part of the 
reduction in mass-flow ratio is due to the 2% by-passed flow. The effective¬ 
ness of the optimum bleed system at angles of attack up to 10 deg is shown 
in Fig. 8-2. The gain in pressure recovery is reduced as both the angle of 
attack and the free-stream Mach number increase, but even at 10 deg and 
M = 3.0 the bleed system still has a slight advantage over the system with¬ 
out bleed. The increase in cowl and flow-spillage drag with this scoop is 
shown in Fig. 8-3 together with the net thrust ratio (F - D_ - D.)/F.. , 

c A ideal 
which is based on the assumption of engine matching at the critical condition 
for each Mach number. At M = 3.0 the use of bleeds increases the propul¬ 
sive thrust by 22% even after accounting for the bleed-flow drag. 

In diffusers with a considerable amount of compression the boundary 
layer reacts with the normal shock and creates an extensive shock region. 
Elongating the throat tends to stabilize the shock, but at the same time in¬ 
creases the boundary-layer thickness and often creates flow separation. In 
such a case the desired pressure recovery may be bought at the cost of a poor 
pressure distribution at the diffuser exit, as well as the penalty of additional 
weight due to the long throat. 

One of the most successful ways of improving the throat flow is by 
means of what is known as a dump or sometimes as a vortex trap. In the 
sketch below the dump is preceded by a bound ary-layer bleed gap. 

A 
lBii7miJ}jjJszjM/J*rffrrssjst7777}77/r//WJ77r}7WS7Z, 

In tests of such a diffuser at M^ = 3.85 (Ref. 44) it was shown that the over¬ 

all performance was the same as for a well-designed conventional diffuser. 
However, the pressure recovery had achieved its peak value at a distance equal 
to 1.25 diameters from the cowl lip (point A on the sketch) which is about one- 
quarter of the length of the conventional diffuser. This saving in weight and 
internal drag is of considerable importance in assessing the over-all perform¬ 
ance of the vehicle. The frictional losses of the long, conventional annulus 
are traded for losses in dynamic head due to the incomplete mixing at the abrupt 
area discontinuity. The pressure distribution at three stations along the dump 
diffuser is shown in Fig. 8-4 for recovery levels corresponding to supercriti¬ 
cal, critical, and subcritical flow regimes. The flow distortion is seen to be 
quite small, especially in the case of the critical flow. It may also be noted 
from this figure that the high-energy air is at the inner wall of the annulus in 
supercritical flow and moves across to the outer wall during subcritical opera¬ 
tion. The diffuser gave good recovery characteristics up to 8 deg angle of 
attack. 
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Another method of improving the conditions at the minimum annulus 
section is by means of a scoop or pitot device. Many modifications of such a 
method were incorporated by Carr and Gunther in a two-dimensional diffuser 
(Ref. 45) and were tested at Mach numbers of 3.5 to 5.0. The essentials of 
the diffuser are shown in the sketch below. 

Both the contoured compression plates and the enclosing side plates were flexi¬ 
ble and capable of being shaped by means of mechanical actuation in order to 
provide suitable area ratios for starting and for steady supersonic flow. The 
throat height was also adjustable. The supersonic compression of the diffuser 
proved very efficient but the normal-shock system was stable only when situa¬ 
ted far downstream of the minimum section. Since the relatively high Mach 
number at that station resulted in poor normal-shock recovery, this part of 
the diffuser to a great, extent nullified the good performance of the supersonic 
portion. The remedy consisted of capturing only the high-energy central core 
of the throat flow. By this means the subsonic pressure recovery was much 
improved. The penalties, however, are high. Compensation must be made for 
the internal drag of the scoop itself as well as its additional weight. In these 
particular tests up to one-third of the air mass was bled off. This presents 
not only the problem of reduced mass flow to the engine face but also the prob¬ 
lem of either using the bleed or dumping it overboard. If the by-passed air is 
re-expanded to free-stream static pressure and ejected as a rearward jet it 
will, at least theoretically, provide a source of thrust to compensate for a part 
of the drag increase. Many design refinements have been tried with both sub¬ 
sonic and supersonic flow in the by-pass ducts and though considerable im¬ 
provements have been made in the net thrust, the standard of achievement is 
still below that required. 

An axially symmetric diffuser with much less boundary-layer suction 
than that described in the above paragraph has already been discussed and il¬ 
lustrated on page 24 and its pressure recovery shown in Fig. 4-6. The drag 
penalty associated with the by-pass flow was not estimated. It may be noticed 
from the second sketch on page 24 that there is also a rearfacing step in the 
innerbody of the diffuser. This device has been found helpful in stabilizing the 
normal shock and also in preventing separation of the boundary layer. 

A boundary-layer trap employed in the two-dimensional inlet of a 
supersonic transport is described by Leynaert in Ref. 35 and is shown in the 
sketch below. 
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The flow deflection behind the normal shock is about 25 dee causimr flow rio 

h7crhPriofÍíoo Jhí ™dimefntary form and the large size of the trap provide a 
high degree of freedom for a wide range of flows. The flow divides at R tho 

cïf!!? edge of to® downstrea“ vane of the trap. The more rapid air streams 
can overcome the local compression near R and flow along the wall into the 
dufuser The less rapid ones recompress near R and expand into toe deÏÏ 
E»™1" «« » ¡el. The dividing streamline is Srmted in pI?cUce 
taahnn« .‘L0"0110?8 m 1116 dow"6trcam part oi the diffuser, and thus the flue- 
Si ï COníUStl0n region are automatically compensated by the varia¬ 
tions in the mass flow through the trap. y 

orirfff i J1" m0St 0f to® Preceding examples toe penalties of extra weicht and 
Indtoe ftoa?r^,rSS0C!hted ^ boundary-layer bleeding have been pointed out 
In toe final analysis toe complexity of operation, the volume required and thP 
cost of manufacture would have to be considered q » and the 

8.4 Boundary Layer to the Subsonic Diffuser 

n . Shoemaker and Henry (Ref. 46), in an effort to obtain high perform- 

toveVLüoStothfn80111? d*ífuser’ investigated toe effectiveness of boundary- 
layer suction in toe annulus downstream of the minimum section. The boundary 

onyhntiTnSfrem^Ved 011,011811 Í0Ur’ ^ or eight rows of equally spaced SS 
on both outer and inner walls of toe diffuser as shown in toe sketch befow 

A (1/2" d.) 

B (3/8" d.) 

C,D (1/4" d.) 

íâ crS rows°C ¡Td^,S A,“d^; SiX'rOW ““ eighl-row 8ucUon ädled C d D resPeclively. The equivalent conical ancle of toe dif 
fuser was 10 deg. It was found that toe pressure recovery was^uite sensitive 

. ® r^ti0 the mass flows through toe inner and outer walls. Figures 3-5a 
sb°w to® improvement in pressai c recovery due to removing 5¾ and 10¾ 

of toe totol mass flow. Measured pressure recoveries (f™m Ref “f of a 
10 deg and a 5 deg diffuser without suet ton are shown for comparison It mav 
be seen that less than 5¾ suction in toe short diffuser acîieve7a pressure T 

aSf g°í>d a! 01511 m a 5 deg difiuser without the penalty of added weight 

ÄÄÄ ThlS ^ taS 10 * * £ PowTS 

8.5 Fuselage Boundary Layer 

So far only toe diffuser of an independently operating ramtet ha« 
been considered. Sometimes a two-dimensional diffuser o?aZtofana5 
symmetric diffuser may be located along the fuselage or under the wing of a 
larger craft. In this case the accumulated boundary layer of the fuselage may 
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enter the inlet. This condition is usually alleviated by lifting the inlet par¬ 
tially or completely above the boundary layer. ^ 

The diverted air may often be used for auxiliary systems, but in any case as 
much momentum as possible must be recovered and the drag taken into ac¬ 
count in the net thrust of the system. 

„ X* u tests at M = 2 are reported in Ref. 20. The inlet model 
was attached to a floating plate let into the tunnel floor. The plate, which rep¬ 
resents the fuselage, has boundary layer associated with a high Reynolds num- 
er simulating flight conditions. In the sketch below is shown the drag and the 

efficiency in terms of the capture-area ratio, for boundary-layer traps in which 

, = \ ? ?v5, Fr0m sketch lt may be seen that the higher trap not 
only extends the operating limits of the inlet, but increases the maximum cap¬ 
ture-area ratio as well as the efficiency of the inlet. However, the improve- 
ment must be weighed in terms of the increase in drag, which in this case is 
about 2¾ of the maximum over-all thrust. 
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Seddon in Ref. 48 considers the effect of fuselage boundary layer 
entering a ramjet inlet which is operating sub-critically. His interest is in 
the effect of the normal shock on the entering boundary layer. If the free- 
stream Mach number is greater than about 1.3, the shock itself will cause the 
boundary Uyer to separate; if it is less than 1.3 and the boundary layer turbu¬ 
lent, the thickened shock may deform the boundary layer and any adverse pres¬ 
sure gradient will cause separation of the flow. The essential features of such 
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enter the inlet. This condition is usually alleviated by lifting the inlet par¬ 
tially or completely above the boundary layer. ^ 

The diverted air may often be used for auxiliary systems, but in any case as 
much momentum as possible must be recovered and the drag taken into ac¬ 
count in the net thrust of the system. 

« V tests at M = 2 are reported in Ref. 20. The inlet model 
was attached to a floating plate let into the tunnel floor. The plate, which rep¬ 
resents the fuselage, has boundary layer associated with a high Reynolds num- 
ber simulating flight conditions. In the sketch below is shown the drag and the 
emciemy in terras of the caph,re-area ratio, for boundary "ye7tra?i„wh“h 
y = ' a? ?-5- From Uü» sketch it may be seen that the higher trap not 
only extends the operating limits of the inlet, but increases the maximum PCap- 

St'™«ryU0 as ^ However, the^prove- 
"J!“1 ghed in terms oi H16 increase in drag, which in this case is 
about 2¾ of the maximum over-all thrust. 
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Seddon in Ref. 48 considers the effect of fuselage boundary layer 

Sí inlet. is operatinK sub-critic ally. His interest Jin 
die effect of the normal shock on the entering boundary layer. If the free- 
stream Mach number is greater than about 1.3, the shock itself will cause the 

/hYrtl tLS?ailate; *ÍVS less than 1.3 and the boundary layer turbu¬ 
lent, the thickened shock may deform the boundary layer and any adverse ores- 
sure gradient will cause separation of the flow. The essentiaMeatres of such 
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flow are shown in the following sketch 

uic uuv; i ctiiu öenind me separation point is a dead-air region extending into tl 
separated from the main duct flow by a zone of turbulent mixing. The extent 
of this region is dependent on further pressure gradient and is therefore to 

losTduTto rn^,b'e; A" e“ntl1 Study ^ s1“" tS pressu« ^ t0 the turbulent mixing may be the major term in the total pressure 
loss. This is shown in the sketch below. pressure 



Table 8-1 

(a) Subsonic Flow 

O'ÎO 1.000 

°*20 9.5605 

°-30 35.0436 

°-40 86.1217 

0*50 109.1174 

0«60 287.0373 

°*70 439.2610 

0.80 621.7789 

0.90 827.9143 

1.00 1049.2641 

B ç 

1.000 0 

0.1046 0.4999 

0.02854 0.5708 

0.01161 0.5929 

0.005913 0.6025 

0.003484 0.6075 

0.002277 0.6106 

0.001608 0.6126 

0.001208 0.6141 

0.000953 0.6152 

5 6^6 

0 0.1253 

5.6783 0.1264 

31.2372 0.1281 

100.4080 0.1305 

243.5969 0.1336 

494.4231 0.1373 

885.9813 0.1416 

1447.3937 0.1465 

2201.1412 0.1519 

3161.3698 0.1578 

6!Z0 

1.290 

1.304 

1.326 

1.357 

1.398 

1.447 

1.505 

1.572 

1.649 

1.734 



H 

1.00 
1.04 
1.08 
1.12 
1.16 

1.20 
1.24 
1.28 
1.32 
1.36 

1.40 
1.44 
1.48 
1.52 
1.56 

1.60 
1.64 
1.68 
1.72 
1.76 

1.80 
1.84 
1.88 
1.92 
1.96 

2.00 
2.04 
2.08 
2.12 
2.16 

2.20 
2.24 
2.28 
2.32 
2.36 

2.40 
2.44 
2.48 
2.52 
2.56 

2.60 
2.64 
2.68 
2.72 
2.76 

Table 8-1 (Cont) 

(b) Supersonic Flow 

B 

1.0000 
1.0865 
1.1733 
1.2600 
1.3459 

1.4307 
1.5137 
1.5946 
1.6730 
1.7485 

1.8208 
1.8897 
1.9548 
2.0160 
2.0732 

2.1261 
2.1749 
2.2193 
2.2594 
2.2952 

2.3268 
2.3541 
2.3774 
2.3966 
2.4120 

2.4236 
2.4316 
2.4361 
2.4373 
2.4354 

2.4304 
2.4227 
2.4124 
2.3996 
2.3844 

2.3672 
2.3479 
2.3268 
2.3041 
2.2798 

2.2541 
2.2272 
2.1992 
2.1702 
2.1403 

1.0000 
0.9204 
0.8523 
0.7937 
0.7430 

0.6990 
0.6606 
0.6271 
0.5977 
0.5719 

0.5492 
0.5292 
0.5116 
0.4960 
0.4824 

0.4703 
0.4598 
0.4506 
0.4426 
0.4357 

0.4298 
0.4248 
0.4206 
0.4173 
0.4146 

0.4126 
0.4113 
0.4105 
0.4103 
0.4106 

0.4115 
0.4128 
0.4145 
0.4167 
0.4194 

0.4225 
0.4259 
0.4298 
0.4340 
6.4386 

0.4436 
0.4490 
0.4547 
0.4608 
0.4672 

0 
0.3886 
0.7450 
1.0741 
1.3795 

1.6646 
1.9319 
2.1838 
2.4223 
2.6488 

2.8650 
3.0720 
3.2709 
3.4626 
3.6481 

3.8279 
4.0028 
4.1734 
4.3402 
4.5036 

4.6641 
4.8221 
4.9780 
5.1319 
5.2844 

5.4355 
5.5857 
5.7351 
5.8840 
6.0326 

6.1810 
6.3295 
6.4783 
6.6276 
6.7774 

6.9280 
7.0795 
7.2321 
7.3859 
7.5411 

7.6979 
7.8563 
8.0164 
8.1786 
8.3427 

ÜZÇ 6 */8 

0 
0.4226 
0.8774 
1.3643 
1.8827 

2.4320 
3.0114 
3.6199 
4.2564 
4.9196 

5.6082 
6.3208 
7.0559 
7.8120 
8.5873 

9.3805 
10.1897 
11.0134 
11.8499 
12.6977 

13.5552 
14.4209 
15.2932 
16.1708 
17.0522 

17.9362 
18.8214 
19.7067 
20.5908 
21.4729 

22.3518 
23.2265 
24.0963 
24.9603 
25.8178 

26.6679 
27.5102 
28.3441 
29.1689 
29.9843 

30.7898 
31.5851 
32.3698 
33.1435 
33.9061 

0.1578 
0.1603 
0.1629 
0.1656 
0.1683 

0.1711 
0.1739 
0.1768 
0.1798 
0.1828 

0.1859 
0.1890 
0.1922 
0.1954 
0.1987 

0.2020 
0.2053 
0.2087 
0.2121 
0.2156 

0.2191 
0.2226 
0.2261 
0.2297 
0.2333 

0.2369 
0.2405 
0.2441 
0.2478 
0.2515 

0.2552 
0.2589 
0.2626 
0.2663 
0.2700 

0.2738 
0.2775 
0.2813 
0.2850 
0.2888 

0.2925 
0.2962 
0.3000 
0.3037 
0.3075 

1.7336 
1.7701 
1.8080 
1.8474 
1.8882 

1.9303 
1.9739 
2.0190 
2.0654 
2.1132 

2.1625 
2.2132 
2.2653 
2.3188 
2.3737 

2.4300 
2.4877 
2.5469 
2.6074 
2.6694 

2.7328 
2.7975 
2.8637 
2.9313 
3.0003 

3.0706 
3.1424 
3.2100 
3.2902 
3.3662 

3.4436 
3.5223 
3.6025 
3.6841 
3.7671 

3.8514 
3.9372 
4.0243 
4.1129 
4.2026 

4.2942 
4.3869 
4.4810 
4.5765 
4.6734 
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Table 8-1 (Cent) 

MAB d b*/t 6 Ve 

2.80 2.1096 0.4740 
2.84 2.0782 0.4812 
2.88 2.0463 0.4887 
2.92 2.0139 0.4965 
2.96 1.9812 0.5048 

8.5091 
8.6778 
8.8490 
9.0228 
9.1994 

34.6574 
35.3972 
36.1253 
36.8416 
37.5461 

0.3112 
0.3149 
0.3186 
0.3223 
0.3261 

4.7717 
4.8714 
4.9724 
5.0749 
5.1787 

3.00 1.9481 0.5133 
3.04 1.9149 0.5222 
3.08 1.8814 0.5315 
3.12 1.8479 0.5412 
3.16 1.8143 0.5512 

9.3788 
9.5612 
9.7468 
9.9357 

10.1280 

31.2386 
38.9191 
39.5877 
40.2444 
40.8890 

0.3297 
0.3334 
0.3371 
0.3408 
0.3444 

5.2840 
5.3906 
5.4986 
5.6080 
5.7188 

3.20 1.7808 0.5615 
3.24 1.7474 0.5723 
3.28 1.7141 0.5834 
3.32 1.6810 0.5949 
3.36 1.6481 0.6068 

10.3238 
10.5233 
10.7267 
10.9341 
11.1456 

41.5219 
42.1428 
42.7521 
43.3496 
43.9357 

0.3480 
0.3517 
0.3553 
0.3589 
0.3625 

5.8309 
5.9445 
6.0594 
6.1757 
6.2934 

3.40 
3.44 
3.48 
3.52 
3.56 

1.6154 0.6190 
1.5830 0.6317 
1.5510 0.6448 
1.5193 0.6582 
1.4879 0.6721 

11.3614 44.5102 
11.5817 45.0735 
11.8065 45.6256 
12.0361 46.1666 
12.2706 46.6967 

0.3660 6.4125 
0.3696 6.5330 
0.3731 6.6548 
0.3766 6.7780 
0.3802 6.9027 

3.60 1.4570 0.6864 
3.64 1.4264 0.7011 
3.68 1.3963 0.7162 
3.72 1.3666 0.7318 
3.76 1.3373 0.7478 

12.5102 
12.7550 
13.0052 
13.2610 
13.5224 

47.2161 
47.7248 
48.2231 
48.7112 
49.1891 

0.3836 
0.3871 
0.3906 
0.3940 
0.3974 

7.0287 
7.1560 
7.2848 
7.4150 
7.5465 

3.80 1.3086 0.7642 
3.84 1.2802 0.7811 
3.88 1.2524 0.7985 
3.92 1.2250 0.8163 
3.96 1.1982 0.8346 

13.7899 
14.0634 
14.3432 
14.6295 
14.9224 

49.6571 
50.1153 
50.5640 
51.0032 
51.4331 

0.4008 
0.4042 
0.4076 
0.4109 
0.4143 

7.6794 
7.8137 
7.9493 
8.0864 
8.2248 

4.00 1.1718 0.8534 
4.04 1.1459 0.8727 
4.08 1.1205 0.8925 
4.12 1.0955 0.9128 
4.16 1.0711 0.9336 

15.2222 
15.5290 
15.8431 
16.1647 
16.4939 

51.8540 
52.2660 
52.6692 
53.0639 
53.4502 

0.4176 
0.4209 
0.4241 
0.4274 
0.4306 

8.3646 
8.5058 
8.6484 
8.7923 
8.9377 

4.20 1.0472 
4.24 1.0237 
4.28 1.0007 
4.32 0.9782 
4.36 0.9562 

0.9550 
0.9768 
0.9993 
1.0222 
1.0458 

16.8310 
17.1762 
17.5297 
17.8918 
18.2626 

53.8283 
54.1984 
54.5606 
54.9150 
55.2620 

0.4338 
0.4370 
0.4402 
0.4433 
0.4465 

9.0844 
9.2325 
9.3819 
9.5328 
9.6850 

4.40 0.9347 
4.44 0.9136 
4.48 0.8929 
4.52 0.8728 
4.56 0.8530 

1.0699 
1.0946 
1.1199 
1.1458 
1.1723 

18.6425 
19.0317 
19.4303 
19.8388 
20.2572 

55.6015 
55.9338 
56.2590 
56.5773 
56.8880 

0.4496 
0.4527 
0.4558 
0.4588 
0.4618 

9.8386 
9.9936 

10.1499 
10.3077 
10.4668 
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Table 8-1 (Cent) 

M A B 

4.60 0.8337 1.1994 
4.64 0.8149 1.2272 
4.68 0.7964 1.2556 
4.72 0.7784 1.2847 
4.76 0.7608 1.3144 

4.80 0.7436 1.3448 
4.84 0.7268 1.3759 
4.88 0.7104 1.4077 
4.92 0.6943 1.4402 
4.96 0.6787 1.4735 

5.00 0.6634 1.5075 
5.04 0.6484 1.5422 
5.08 0.6339 1.5777 
5.12 0.6196 1.6139 
5.16 0.6057 1.6510 

5.20 0.5921 1.6888 
5.24 0.5789 1.7275 
5.28 0.5660 1.7670 
5.32 0.5533 1.8073 
5.36 0.5410 1.8485 

5.40 0.5290 1.8905 
5.44 0.5172 1.9334 
5.48 0.5058 1.9772 
5.52 0.4946 2.0219 
5.56 0.4837 2.0676 

5.60 0.4730 2.1142 
5.64 0.4626 2.1617 
5.68 0.4525 2.2102 
5.72 0.4425 2.2597 
5.76 0.4329 2.3102 

5.80 0.4234 2.3617 
5.84 0.4142 2.4142 
5.88 0.4052 2.4677 
5.92 0.3965 2.5224 
5.96 0.3879 2.5781 

6.00 0.3795 2.6348 
6.04 0.3714 2.6927 
6.08 0.3634 2.7518 
6.12 0.3556 2.8119 
6.16 0.3480 2.8732 

6.20 0.3406 2.9357 
6.24 0.3334 2.9994 
6.28 0.3263 3.0643 
6.32 0.3195 3.1304 
6.36 0.3127 3.1978 

Ç D 6^ô 

20.6859 57.1937 0.4649 
21.1252 57.4922 0.4679 
21.5753 57.7843 0.4708 
22.0366 58.0702 0.4738 
22.5091 58.3501 0.4767 

22.9934 58.6241 0.4796 
23.4897 58.8923 0.4825 
23.9982 59.1548 0.4854 
24.5193 59.4118 0.4883 
25.0533 59.6635 0.4911 

25.6005 59.9098 0.4939 
26.1613 60.1511 0.4967 
26.7360 60.3873 0.4995 
27.3249 60.6186 0.5023 
27.9283 60.8450 0.5050 

28.5467 61.0668 0.5077 
29.1804 61.2840 0.5104 
29.8297 61.4968 0.5131 
30.4951 61.7051 0.5158 
31.1769 61.9092 0.5184 

31.8754 62.1091 0.5210 
32.5912 62.3050 0.5236 
33.3246 62.4968 0.5263 
34.0760 62.6848 0.5288 
34.8459 62.8689 0.5314 

35.6346 63.0494 0.5339 
36.4427 63.2262 0.5364 
37.2705 63.3994 0.5389 
38.1186 63.5692 0.5414 
38.9873 63.7357 0.5438 

39.8772 63.8988 0.5463 
40.7887 64.0586 0.5487 
41.7224 64.2153 0.5511 
42.6787 64.3690 0.5535 
43.6580 64.5196 0.5559 

44.6611 64.6673 0.5582 
45.6884 64.8120 0.5606 
46.7403 64.9540 0.5629 
47.8175 65.0932 0.5652 
48.9206 65.2298 0.5675 

50.0500 65.3636 0.5698 
51.2064 65.4950 0.572Õ 
52.3903 65.6238 0.5742 
53.6025 65.7502 0.5765 
54.8434 65.8741 0.5787 

6!z! 

10.6273 
10.7891 
10.9524 
11.1170 
11.2830 

11.4504 
11.6192 
11.7893 
11.9608 
12.1337 

12.3079 
12.4836 
12.6606 
12.8390 
13.0187 

13.1999 
13.3824 
13.5663 
13.7516 
13.9382 

14.1262 
14. 3156 
14.5064 
14.6986 
14.8921 

15.0870 
15.2833 
15.4809 
15.6800 
15.8804 

16.0822 
16.2853 
16.4898 
16.6957 
16.9030 

17.1117 
17.3217 
17.5331 
17.7459 
17.9601 

18.1755 
18.3925 
18.6107 
18.8304 
19.0514 
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Table 8-1 (Cent) 

M A 

6.40 0.3002 
6.44 0.2997 
6.48 0.2935 
6.52 0.2874 
6.56 0.2814 

6.60 0.2755 
6.64 0.2699 
6.68 0.2643 
6.72 0.2589 
6.76 0.2536 

6.80 0.2484 
6.84 0.2433 
6.88 0.2384 
6.92 0.2335 
6.96 0.2288 

7.00 0.2242 
7.04 0.2197 
7.08 0.2153 
7.12 0.2110 
7.16 0.2068 

7.20 0.2027 
7.24 0.1987 
7.28 0.1947 
7.32 0.1909 
7.36 0.1872 

7.40 0.1835 
7.44 0.1799 
7.48 0.1764 
7.52 0.1730 
7.56 0.1697 

7.60 0.1664 
7.64 0.1632 
7.68 0.1601 
7.72 0.1570 
7.76 0.1540 

7.80 0.1511 
7.84 0.1482 
7.88 0.1454 
7.92 0.1427 
7.96 0.1400 

8.00 0.1374 
8.04 0.1348 
8.08 0.1323 
8.12 0.1299 
8.16 0.1275 

B ç 

3.2664 56.1137 
3.3363 57.4140 
3.4076 58.7450 
3.4801 60.1073 
3.5540 61.5016 

3.6292 62.9287 
3.7058 64.3890 
3.7838 65.8834 
3.8632 67.4126 
3.9441 68.9773 

4.0264 70.5782 
4.1101 72.2161 
4.1954 73.8918 
4.2822 75.6060 
4.3705 77.3595 

4.4604 79.1532 
4.5519 80.9879 
4.6449 82.8643 
4.7396 84.7834 
4.8359 86.7460 

4.9339 88.7530 
5.0336 90.8052 
5.1350 92.9035 
5.2381 95.0490 
5.3430 97.2425 

5.4496 99.4849 
5.5581 101.7773 
5.6684 104.1207 
5.7805 106.5159 
5.8945 108.9640 

6.0104 111.4660 
6.1282 114.0231 
6.2479 116.6362 
6.3696 119.3064 
3.4933 122.0349 

6.6191 124.8227 
6.7468 127.6710 
6.8767 130.5810 
7.0086 133.5537 
7.1427 136.5904 

7.2789 139.6924 
7.4173 142.8609 
7.5579 146.0970 
7.7007 149.4019 
7.8457 152.7771 

P 6 VA 

65.9957 0.5809 
66.1150 0.5830 
66 2321 0.5852 
66.3470 0.5873 
66.4597 0.5894 

66.5704 0.5916 
66.6790 0.5937 
66.7855 0.5957 
66.8901 0.5978 
66.9928 0.5998 

67.0936 0.6019 
67.1926 0.6039 
67.2898 0.6059 
67.3852 0.6079 
67.4789 0.6099 

67.5709 0.6118 
67.6613 0.6138 
67.7500 0.6157 
67.8372 0.6176 
67.9228 0.6195 

68.0069 0.6214 
68.0896 0.6233 
68.1707 0.6251 
68.2505 0.6270 
68.3289 0.6288 

68.4059 0.6306 
68.4816 0.6325 
68.5560 0.6342 
68.6291 0.6360 
68.7009 0.6378 

68.7715 0.6396 
68.8410 0.6413 
68.9092 0.6430 
68.9763 0.6447 
69.0423 0.6465 

69.1071 0.6481 
69.1709 0.6498 
69.2336 0.6515 
69.2953 0.6532 
69.3560 0.6548 

69.4156 0.6564 
69.4743 0.6581 
69.5320 0.6597 
69.5888 0.6613 
69.6447 0.6628 

ôîZS 
19.2739 
19.4976 
19.7228 
19.9493 
20.1772 

20.4065 
20.6371 
20.8692 
21.1026 
21.3374 

21.5736 
21.8111 
22.0500 
22.2903 
22.5319 

22.7749 
23.0193 
23.2651 
23.5122 
23.7608 

24.0107 
24.2619 
24.5146 
24.7687 
25.0240 

25.2808 
25.5390 
25.7985 
26.0594 
26.3217 

26.5853 
26.8503 
27., 1167 
27.3846 
27.3536 

27.9243 
28.1962 
28.4693 
28.7440 
29.0201 

29.2975 
29.57a2 
29.8534 
30.1370' 
30.420« 

128 



Table 8-1 (Cent) 

H 

8.20 
8.24 
8.28 
8.32 
8.36 

8.40 
8.44 
8.48 
8.52 
8.56 

8.60 
8.64 
8.68 
8.72 
8.76 

8.80 
8.84 
8.88 
8.92 
8.96 

9.00 
9.04 
9.08 
9.12 
9.16 

9.20 
9.24 
9.28 
9.32 
9.36 

9.40 
9.44 
9.48 
9.52 
9.56 

9.60 
9.64 
9.68 
9.72 
9.76 

9.80 
9.84 
9.88 
9.92 
9.96 

10.00 

A 

0.1251 
0.1228 
0.1206 
0.1184 
0.1162 

0.1141 
0.1120 
0,1100 
0.1080 
0.1061 

0.1042 
0.1023 
0.1005 
0.09873 
0.09698 

0.09527 
0.09360 
0.09196 
0.09035 
0.08878 

0.08724 
0.08573 
0.08425 
0.08280 
0.08138 

0.07999 
0.07862 
0.07728 
0.07597 
0.07469 

0.07343 
0.07220 
0.07099 
0.06980 
0.06864 

0.06750 
0.06638 
0.06528 
0.06421 
0.06315 

0.06212 
0.06110 
0.06011 
0.05913 
0.05818 

0.05724 

B 

7.9931 
8.1427 
8.2947 
8.4490 
8.6058 

8.7649 
8.9266 
9.0906 
9.2572 
9.4264 

9.5981 
9.7724 
9.9493 

10.1289 
10.3111 

10.4961 
10.6838 
10.8743 
11.0677 
11.2638 

11.4629 
11.6648 
11.8697 
12.0775 
12.2884 

12.5023 
12.7193 
12.9393 
13.1626 
13.3889 

13.6185 
13.8514 
14.0875 
14.3269 
14.5697 

14.8158 
15.0654 
15.3184 
15.5750 
15.8350 

16.0986 
16.3658 
16.6367 
16.9112 
17.1895 

17.4715 

C 

156.2238 
159.7433 
163.3368 
167.0059 
170.7520 

174.5762 
178.4802 
182.4654 
186.5332 
190.6851 

194.9227 
199.2475 
203.6609 
208.1646 
212.7601 

217.4492 
222.2333 
227.1143 
232.0936 
237.1735 

242.3552 
247.6406 
253.0316 
258.5299 
264.1373 

269.8559 
275.6873 
281.6337 
287.6968 
293.8788 

300.1817 
306.6073 
313.1579 
319.15352 
326.6417 

333.5795 
340.6508 
347.8575 
355.2020 
362.6866 

370.3136 
378.0854 
386.0043 
394.0728 
402.2931 

410.6677 

D 

69.6997 
69.7537 
69.8069 
69.8593 
69.9108 

69.9615 
70.0114 
70.0605 
70.1088 
70.1564 

70.2033 
70.2494 
70.2948 
70.3395 
70.3835 

70.4268 
70.4694 
70.5115 
70.5528 
70.5936 

70.6337 
70.6732 
70.7122 
70.7505 
70.7883 

70.8255 
70.8622 
70.8983 
70.9339 
70.9690 

71.0036 
71.0376 
71.0712 
71.1043 
71.1369 

71.1690 
71.2007 
71.2319 
71.2627 
71.2931 

71.3230 
71.3525 
71.3816 
71.4103 
71.4385 

71.4664 

ô*/ô 

0.6644 
0.6660 
0.6675 
0.6691 
0.6706 

0.6721 
0.6736 
0.6751 
0.6766 
0.6781 

0.6796 
0.6810 
0.6825 
0.6839 
0.6853 

0.6868 
0.6882 
0.6896 
0.6910 
0.6923 

0.6937 
0.6951 
0.6964 
0.6977 
0.6991 

0.7004 
0.7017 
0.7030 
0.7043 
0.7056 

0.7069 
0.7081 
0.7094 
0.7106 
0.7119 

0.7131 
0.7143 
0.7156 
0.7168 
0.7180 

0.7191 
0.7203 
0.7215 
0.7227 
0.7238 

0.7250 

30.7051 
30.9908 
31.2778 
31.5661 
31.8560 

32.1471 
32.4396 
32.7336 
33.0288 
33.3254 

33.6234 
33.9230 
34.2236 
34.5258 
34.8293 

35.1343 
35.4406 
35.7481 
36.0573 
36.3677 

36.6794 
36.9926 
37.3072 
37.6230 
37.9402 

38.2590 
38.5789 
38.9003 
39.2232 
39.5474 

39.8730 
40.1998 
40.5280 
40.8578 
41.1887 

41.5212 
41.8552 
42.1902 
42.5267 
42.8646 

43.2040 
43.5448 
43.8867 
44.2302 
44.5750 

44.9212 
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Table 8-2 

Displacement Thickness Ratio and Momentum Thickness Ratio as a 
Function of Mach Number and Heat Transfer for n - 5, 7, 9, and 11* 

n = 5 
M_ 6*/6 8/6 

8 0.5924 0.0402 
10 0.7099 0.0242 
12 0.7774 0.0165 
14 0.8215 0.0121 
16 0.8525 0.0093 
18 0.8753 0.0074 
20 0.8927 0.0060 

8 0.6205 0.0358 
10 0.7220 C.0226 
12 0.7837 0.0158 
14 0.8253 0.0117 
16 0.8549 0.0091 
18 0.8769 0.0072 
20 0.8938 0.0059 

6 0.4827 0.0574 
8 0.6438 0.0324 

10 0.7328 0.0213 
12 0.7896 0.0152 
14 0.8288 0.0114 
16 0.8572 0.0088 
18 0.8784 0.0071 
20 0.8948 0.0058 

6 0.5334 0.0484 
8 0.6637 0.0297 

10 0.7426 0.0201 
12 0.7952 0.0146 
14 0.8322 0.0111 
16 0.8593 0.0087 
18 0.8799 0.0070 
20 0.8959 0.0057 
* 

Two-dimensional flow; 

n = 7 n 
fl*/6 6/6 6*/6 

0.5304 0.0366 0.4826 
0.6552 0.0229 0.6110 
0.7304 0.0159 0.6915 
0.7810 0.0118 0.7468 
0.8173 0.0092 0.7870 
0.8443 0.0073 0.8174 
0.8651 0.0060 0.8409 

0.5590 0.0330 0.5112 
0.6682 0.0215 0.6248 
0.7375 0.0153 0.6991 
0.7853 0.0115 0.7515 
0.8201 0.0089 0.7901 
0.8462 0.0072 0.8195 
0.8664 0.0059 0.8424 

0.4189 0.0507 0.3720 
0.5833 0.0302 0.5358 
0.6801 0.0204 0.6373 
0.7442 0.0147 0.7063 
0.7894 0.0112 0.7560 
0.8227 0.0088 0.7931 
0.8480 0.0071 0.8215 
0.8677 0.0058 0.8438 

0.4683 0.0438 0.4195 
0.6042 0.0278 0.5573 
0.6909 0.0193 0.6487 
0.7504 0.0142 0.7131 
0.7933 0.0109 0.7603 
0.8253 0.0086 0.7959 
0.8497 0.0069 0.8235 
0.8689 0.0057 0.8452 

see Subsec. 8.1 or Ref. 39. 

9 n = 11 
9/6 6*/6 9/6 

0.0335 0.4441 0.0310 
0.0216 0.5742 0.0205 
0.0153 0.6581 0.0147 
0.0115 0.7170 0.0112 
0.0090 0.7604 0.0087 
0.0072 0.7934 0 0070 
0.0059 0.8191 0.0058 

0.0306 0.4725 0.0285 
0.0204 0.5883 0.0194 
0.0148 0.6662 0.0142 
0.0112 0.7221 0.0109 
0.0088 0.7637 0.0086 
0.0071 0.7957 0.0069 
0.0058 0.8208 0.0057 

0.0454 0.3355 0.0412 
0.0282 0.4971 0.0264 
0.0194 0.6012 0.0185 
0.0142 0.6738 0.0137 
0.0109 0.7269 0.0106 
0.0086 0.7669 0.0084 
0.0070 0.7979 0.0068 
0.0057 0.8223 0.0056 

0.0398 0.3812 0.0366 
0.0261 0.5187 0.0246 
0.0185 0.6131 0.0177 
0.0137 0.6810 0.0133 
0.0106 0.7314 0.0103 
0.0084 0.7700 0.0082 
0.0068 0.8000 0.0067 
0.0057 0.8239 0.0056 
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Table 8-2 (Cent) 

n = 5 
HL à*/6 9/6 

n = 7 
à*/6 0/6 

n = 9 n 
6_*/Ô 0/6 f_*/6 

4 0.3916 0.0726 
6 0.5722 0.0422 
8 0.6809 0.0274 

10 0.7516 0.0191 
12 0.8003 0.0140 
14 0.8354 0.0107 
16 0.8614 0.0085 
18 0.8814 0.0068 
20 0.8969 0.0056 

T 
œ 

0.3287 0.0630 
0.5072 0.0387 
0.6226 0.0259 
0.7009 0.0184 
0.7563 0.0137 
0.7970 0.0106 
0.8277 0.0084 
0.8515 0.0068 
0.8701 0.0057 

= -2 

0.2846 0.0557 
0.4579 0.0356 
0.5763 0.0244 
0.6593 0.0176 
0.7195 0.0133 
0.7644 0.0103 
0.7987 0.0082 
0.8254 0.0067 
0.8466 0.0056 

0.2515 
0.4187 
0.5380 
0.6241 
0.6877 
0.7358 
0.7730 
0.8021 
0.8254 

0 0.1674 0.1188 
2 0.2847 0.0927 
4 0.4669 0.0584 
6 0.6032 0.0375 
8 0.6959 0.0254 

10 0.7598 0.0182 
12 0.8052 0.0135 
14 0.8384 0.0104 
16 0.8635 0.0083 
18 0.8828 0.0067 
20 0.8979 0.0056 

0.1257 0.0970 
0.2278 0.0786 
0.4000 0.0523 
0.5391 0.0348 
0.6389 0.0242 
0.7100 0.0176 
0.7619 0.0132 
0.8006 0.0103 
0.8301 0.0082 
0.8531 0.0067 
0.8713 0.0056 

= 0 

0.1005 0.0817 
0.1904 0.0680 
0.3516 0.0471 
0.4899 0.0323 
0.5932 0.0229 
0.6691 0.0169 
0.7255 0.0129 
0.7683 0.0101 
0.8013 0.0081 
08272 0.0066 
0.8479 0.0055 

0.0837 
0.1638 
0.3146 
0.4504 
0.5554 
0.6344 
0.6942 
0.7401 
0.7758 
0.8042 
0.8269 

0 0.3315 0.0820 
2 0.3967 0.0700 
4 0.5204 0.0494 
6 0.6289 0.0338 
8 0.7093 0.0237 

10 0.7674 0.0173 
12 0.8098 0.0131 
14 0.8414 0.0102 
16 0.8654 0.0081 
18 0.8841 0.0066 
20 0.8988 0.0055 

0.2682 0.0712 
0.3302 0.0618 
0.4528 0.0450 
0.5660 0.0317 
0.6534 0.0227 
0.7185 0.0168 
0.7671 0.0128 
0.8040 0.0100 
0.8324 0.0081 
0.8547 0.0066 
0.8725 0.0055 

= 2 

0.2258 0.0626 
0.2839 0.0551 
0.4028 0.0412 
0.5172 0.0296 
0.6085 0.0216 
0.6782 0.0162 
0.7313 0.0125 
0.7721 0.0098 
0.8039 0.0079 
0.8291 0.0065 
0.8492 0.0054 

0.1953 
0.2495 
0.3638 
0.4776 
0.5711 
0.6439 
0.700S 
0.7441 
0.7786 
0.8061 
0.8283 

= 11 

e/6 

0.0499 
0.0330 
0.0231 
0.0169 
0.0128 
0.0101 
0.0081 
0.0066 
0.0055 

0.0704 
0.0599 
0.0429 
0.0301 
0.0217 
0.0162 
0.0124 
0.0098 
0.0079 
0.0065 
0.0054 

0.0558 
0.0496 
0.0379 
0.0278 
0.0205 
0.0155 
0.0121 
0.0096 
0.0078 
0.0064 
0.0054 
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n = 5 
ôVô cí/6 

Table 8-2 (Cont) 

n = 7 n = 9 n 
à*/à 9/6 6V6 e/6 6*/6 

0 0.4249 0.0644 0.3562 
2 0.4691 0.0571 0.4000 
4 0.5613 0.0430 0.4942 
6 0.6506 0.0308 0.5890 
8 0.7213 0.0223 0.6666 

10 0.7744 0.0166 0.7264 
12 0.8141 0.0126 0.7721 
14 0.8442 0.0099 0.8073 
16 0.8673 0.0079 0.8347 
18 0.8854 0.0065 0.8563 
20 0.8998 0.0054 0.8736 

0.0576 0.3079 0.0518 
0.0516 0.3503 0.0469 
0.0397 0.4438 0.0367 
0.0291 0.5408 0.0274 
0.0214 0.6224 0.0204 
0.0161 0.6867 0.0155 
0.0124 0.7367 0.0121 
0.0098 0.7757 0.0096 
0.0079 0.8064 0.0078 
0.0065 0.8308 0.0064 
0.0054 0.8505 0.0054 

0 0.4887 0.0536 0.4189 
2 0.5214 0.0486 0.4523 
4 0.593 9 0.038 2 0.5280 
6 0.6693 0.0284 0.6091 
8 0.7321 0.0210 0.6785 

10 0.7809 0.0159 0.7337 
12 0.8182 0.0122 0.7768 
14 0.8469 0.0097 0.8104 
16 0.8691 0.0078 0.8368 
18 0.8867 0.0064 0.8578 
20 0.9007 0.0053 0.8747 

00 

0.0489 0.3683 0.0446 
0.0446 0.4014 0.0410 
0.0357 0.4777 0.0332 
0.0269 0.5615 0.0255 
0.0203 0.6350 0.0194 
0.0155 0.6946 0.0149 
0.0120 0.7419 0.0117 
0.0096 0.7792 0.0094 
0.0078 0.8088 0.0077 
0.0064 0.8325 0.0063 
0.0053 0.8518 0.0053 

0 
2 
4 
6 
8 

10 
12 
14 
16 
18 
20 

0.5361 0.0461 0.4669 
0.5617 0.0424 0.4936 
0.6208 0.0344 0.5565 
0.6856 0.0263 0.6267 
0.7419 0.0199 0.6873 
0.7869 0.0152 0.7406 
0.8221 0.0119 0.7813 
0.8494 0.0094 0.8134 
0.8709 0.0076 0.8389 
0.8879 0.0063 0.8593 
0.9016 0.0053 0.8758 

0.0427 0.4155 0.0394 
0.0395 0.4424 0.0366 
0.0323 0.5065 0.03 04 
0.0251 0.5799 0.0238 
0.0198 0.6466 0.0185 
0.0149 0.7021 0.0144 
0.0117 0.7468 0.0114 
0.0093 0.7825 0.0092 
0.0076 0.8111 0.0075 
0.0063 0.8342 0.0062 
0.0053 0.8530 0.0052 

0.2717 
0.3125 
0.4039 
0.5014 
0.5854 
0.6528 
0.7060 
0.7480 
0.7813 
0.8081 
0.8297 

0.3294 
0.3618 
0.4376 
0.5224 
0.5985 
0.6612 
0.7116 
0.7518 
0.7840 
0.8099 
0.8311 

0.3754 
0.4021 
0.4663 
0.5412 
0.6105 
0.6690 
0.7168 
0.7554 
0.7865 
0.8118 
0.8324 

= 11 
6/6 

0.0470 
0.0428 
0.0341 
0.0258 
0.0195 
0.0150 
0.0117 
0.0094 
0.0076 
0.0063 
0.0053 

0.0410 
0.0378 
0.0310 
0.0241 
0.0185 
0.0144 
0.0114 
0.0092 
0.0075 
0.0062 
0.0052 

0.0365 
0.0340 
0.0285 
0.0226 
0.0177 
0.0139 
0.0111 
0.0090 
0.0074 
0.0061 
0.0052 
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Table 8-2 (Cont) 

n = 5 
M» e/6 

n = 7 
6V6 0/6 

n = 9 
6V6 0/6 

0 0.5732 0.0406 0.5053 
2 0.5940 0.0378 0.5273 
4 0.6435 0.0313 0.5805 
6 0.7000 0.0245 0.6424 
8 0.7509 0.0189 0.6994 
0 0.7926 0.0146 0.7470 
2 0.8257 0.0115 0.7855 
4 0.8519 0.0092 0.8163 
6 0.8726 0.0075 0.8409 
8 0.8892 0.0062 0.8607 
0 0.9025 0.0052 0.8768 

0.0380 0.4539 0.0353 
0.0355 0.4764 0.0332 
0.0297 0.5313 0.0280 
0.0235 0.5964 0.0224 
0.0183 0.6573 0.0176 
0.0143 0.7091 0.0139 
0.0114 0.7515 0.0111 
0.0091 0.7857 0.0090 
0.0075 0.8134 0.0074 
0.0062 0.8359 0.0061 
0.0052 0.8542 0.0052 

0.4133 
0.4358 
0.4914 
0.5582 
0.6217 
0.6765 
0.7218 
0.7588 
0.7890 
0.8136 
0.8337 

= 11 
0/6 

0.0330 
0.0310 
0.0264 
0.0214 
0.0169 
0.0134 
0.0108 
0.0088 
0.0072 
0.0060 
0.0051 
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Fig 

A Ram Scoop (Ref. 25) 

_ Ram Scoop of Height Equal to 
^ Boundary—Layer Thickness (Ref. 25) 

□ Flush Slot (Ref. 25) 

—No Bleed, 20# Cowl (Ref. 1) 

I (See p. 118) I 

2.1 2.3 2.5 " 2.7 2.9 3.1 

Free-Stream Mach Number, 

8-1. Comparison of critical performance of double-cone 
diffusers utilizing various types of suction slots for e 
boundary—layer control; 1.9 < < 3.1; Re/ft - 2.5 x 10 , 
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Fig. 8-2. Effect of boundary-layer bleed on critical 
performance of double-cone diffusers at angle of 
attack; a = 0 to 12°; 2.44 ^ s 3.01; y = 1.4; 

Re/ft = 2.5 X 10®. 
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Free-Stream Mach Number, M 
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Fig. 8-3. Effect of ram scoop on net-thrust ratio and cowl- 
plus-spillage drag coefficient; double-cone diffuser; 

1.9 < Mœ < 3.1; Re/ft = 2.5 x ioe; y = 1.4. 
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Fig. 8-4. Total pressure profile at various axial stations 
along a dump diffuser; Mœ = 3.85; Re/ft = 8.6 x 104. 

137 



T
o
t
a
l
 
P
r
e
s
s
u
r
e
 
L
o
s
s
 
C
o
e
f
f
i
c
i
e
n
t
,
 
A
p
t
/
p
 

138 



T
o
t
a
l
 
P
r
e
s
s
u
r
e
 
L
o
s
s
 
C
o
e
f
f
i
c
i
e
n
t
,
 
A
p
^
/
p
 

139 
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9. Diffuser Buzz 

Diffuser "buzz" may be defined as unstable, subcritical operation 
associated with fluctuating internal pressures and a shock pattern oscillating 
about the diffuser entrance. In stable subcritical operation such as (a) of the 
next sketch, the normal shock may be situated at any point upstream of the 
cowl lip. Its position, and hence its motion, is intimately related to the pres¬ 
sure recovery. During buzz the shock pattern (and the pressure ratio) vibrates 
rapidly about the stable position. A typical succession of shock configurations 
is shown in the sketch below. 

A A 

In (a) the expelled shock, AC, is moving upstream resulting in increased spill¬ 
over and drag. In the limiting upstream position, (b), the shock detaches from 
the cone and allows a large volume of air to be expelled from the inlet. The 
shock reattaches and instantaneously moves to its limiting position downstream, 
which may or may not be within the inlet. This cycle is repeated. 

The alternate swallowing and expelling of the normal shock thus cre¬ 
ates an intermittent flow of air to the engine and is characterized by large os¬ 
cillations of the diffuser and combustion chamber pressures. The intermittent 
flow to the combustion chamber causes inefficient combustion or, in the extreme 
case, extinction of the flame. In one instance of observed buzz in a full-sized 
engine, the following sequence was noted: 

1. Excessive subsonic spill-over 

2. Initiation of the buzz cycle 

3. Combustor flame-out 

4. Reduction in duct pressure 

5. Re-swallow of the normal shock 

The duct flow was thus re-stabilized, the combustor re-ignited, causing the 
shock to be expelled again, and thus the buzz cycle was re-initiated. The re¬ 
peated flame-out and re-ignition resulted in catastrophic damage to the airframe. 
In addition to the structural strain, an intermittent additive drag is created which 
places heavy penalties on the gross thrust of the missile. The problem of inlet 
buzz deserves careful attention since it is unrealistic to expect normal or sat¬ 
isfactory ramjet operation in the presence of this cyclic instability. 

A number of theories, some based on analogies to other forms of 
oscillation, have been proposed in an effort to explain this phenomenon. Al¬ 
though no single theory so far has been able to explain all the characteristics 
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of buzz, each one has added to the understanding of the problem. Some of the 
more fruitful theories, along with their application, will be discussed in the 
following subsection. 

9.1 Theories of Buzz 

According to Ferri's vortex-sheet theory (Ref. 43) the intersection 
of the conical shock with the expelled normal shock creates a vortex sheet, as 
shown in the sketch below (see also Subsec. 5.1). 

B 

As the normal-shock system (BD) moves upstream, the vortex sheet (AC) ap¬ 
proaches the cowl lip and ultimately, under certain off-design conditions, may 
enter the diffuser. The entrance of the vortex sheet within the inlet triggers 
the oscillatory cycle. Since this vortex sheet is associated with a low-energy 
field, it causes boundary-layer separation which in turn chokes the diffuser. 
This choking expels more air, creating a stronger shock and allowing the vor¬ 
tex sheet to move upstream and turn toward the innerbody. This permits the 
boundary layer to reattach and the vortex sheet to move toward the inner cowl 
lip, thus re-entering the buzz cycle. 

When boundary-layer separation occurs on the innerbody, a lambda¬ 
shaped shockwave is present as illustrated in the sketch below. 

B 

A vortex sheet arises from the lambda shock and approaches the cowl lip. 
This initiates the oscillatory cycle in the same manner as the vortex sheet de¬ 
scribed previously. 

Ferri and Nucci (Ref. 43) tested a number of inlets at Mach num¬ 
bers from 1.9 to 2.7 in order to confirm the vortex-sheet theory. It was 
found that the minimum entering mass flow for stable operation is essentially 
a function of the Mach number and of the external geometry upstream of the 
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flow as a function of the cowling parameter for a°WS ^ minimum stable mass 
Mach numbers. The effect o/varvine th^rnn« C°nttip ot 40deg at various 
As with the other theories that hav?befn ïdvanrâ T 6 Z® Sh°Wn in Fig' 9-2- 
provides an adequate explanation for somf caseí bm ív' nSnVOrtex-sbeet ^ory 
one conical-nose inlet, the vortex sheet^vliL ,by n°means for all. In 
below-design Mich number without inciHna h 1 d ^long 016 entire inlet at a 
occurred at an above-design Mach numh^ in same inlet> buzz 
to be far removed from the cowl lip. W 6n vortex sheet was observed 

ratio curve has ^jStiv^sloœ^o/suffiÎ ^ sRation pressure vs mass-flow 
stable under the infCe 0f Ímll di8^ 016,1 016 8ystem i« un- 
tive or very slighüy positive SÜ ^ wüí be in^hf ^ Sl0Pe iS nega' 
same disturbances. Thus the diffuser rhaMr.f Tt}6 m the presence °f these 
the stability of the system It mav he l f1SUC CUrve is an indication of 
for the oscillations to begin buHs ™t?n & £°SitiVe Slope is necessary 
stability. gln’ Dut is not in ltself sufficient to originate the in- 

of the inlet twch1^ (Írn^forces^the formal disturbance causes choking 
along the cone. The pressure in the „ rj^al-shock system to move upstream 
charged from both eiíds of the e^ine^that" ^hiimher builds up and is dis- 
an organ pipe. The normal shock then mnvJ ? engme resonates as would 
lowed to a supercritical position.k Since Sie inleT? 6 /nlet and is 
than the exit discharge rate, the pressure J1* ulow rate is 0160 greater 
creases rapidly a*i the shock paftern mSvfs ^fyct 

characteristics^^oscUlTi^currin/T1^ ^ ^ frequency and wave 
upon the internal geometry of the ramjet This” 1 erfgfd!0user are dependent 
buzz phenomenon to a Helmholtz resonator h]wfd t0 ¡f16 ldea °f comparing the 
ternately accelerated and decelerated as the^i, ? a bUZZ Cycle the air is al‘ 

ÄircÄ “ 
Helmholtz resonator. The frequency of pEo^ i^given ^''ÍS^slS 

a¡, 
2;F (9-ï.) 

where 

1 = length of diffuser 

Vc = volume of combustion chamber 

a, = velocity o( sou«! at a point downstream of the perturbations 

Aj = cross-sectional area of inlet 

from Rdf.”“ ®tere^^mã^beVSMn^tattothef“e*ier"menS C?.mpared ln Fi8- 
theoretical within 15*. Experimenta, and calcS value's 0'^^“ Z 
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pressure-recovery curve, d(p /p )/d(m8/m ) are also given in Fig. 9-3. It 

may be seen that Pearce's condition of a small positive slope as a condition 
of instability holds for most of these data. 

In spite of its success, there have been several criticisms of the 
resonator theory. One objection which would tend to support the vortex-sheet 
theory is the fact that buzz begins abruptly; in resonance it would build up 
slowly. However, the two theories may be compatible rather than opposing, 
since the entrance of the vortex sheet within the diffuser may provide the in¬ 
itial disturbance which is then propagated as a resonating column of air. The 
entrance of a vortex sheet will also cause an abrupt change in the positive slope 
of the pressure recovery characteristic, which tends to fit Pearce's explanation 
and Ferri's observations. It is generally true that an inlet designed to give 
high pressure recovery will be somewhat more sensitive and inherently less 
stable in the presence of spill-over than an inlet giving low pressure recovery 
since the slope of the pressure recovery characteristic curve will tend to be 
more positive. 

Nicolas in Ref. 52 describes experiments at M = 1.45 with a sim¬ 
ple open-nose inlet without a centerbody. The length of the duct, the diffuser 
angle, and the bluntnesu of the lips were varied. Two frequencies were ob¬ 
served; one a high irequency of about 2, 000 cps which was virtually independent 
of the parameters being studied, and the other a low frequency whose wave length 
was about four times the duct length. The latter pulsation was not always pres¬ 
ent. Increasing the bluntness of the lip did not eliminate the separation which 
appears to be associated with the onset of pulsation. The diffuser slope, on 
the other hand, seemed to be of considerable importance. Any circumstance 
that causes sufficient variation in the propagation velocity of the normal-shock 
wave may be the point of departure for a regime of self-sustained oscillation 
of the internal flow. 

Miréis in Ref. 53 analyzes buzz by means of the acoustic analogy 
and comes to the same conclusion as Pearce; i.e., that decreasing the slope 
of the inlet characteristic curve during subcritical operation will tend to in¬ 
crease the range of stable operation. He also deduces a relationship between 
stability and the real part of the acoustic impedance of the inlet. 

9.2 Methods of Control 

The onset and character of diffuser buzz are dependent upon many 
factors, some of which have been theoretically analyzed or experimentally tested 
in order to find a means of controlling or delaying the buzz phenomenon. One 
method of eliminating buzz would be to prevent subcritical operation by assur¬ 
ing that the exit nozzle is large enough to maintain the normal-shock system 
within the annular ducting of the diffuser at all missile or engine operating 
conditions. 

According to Eq. 9-1 the frequency is inversely proportional to the 
square root of the resonating volume. Theoretically, at least, it would be pos¬ 
sible to reduce the frequency to a negligible value by ensuring a large enough 
resonator. Computed values of the frequency for two combustion chamber vol¬ 
umes, one of which was more than twice the size of the other, are compared 
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with test results at M = 2 in Fig. 9-4. As was expected, the frequency de¬ 
creased when the volume was increased. However, a resonating chamber which 

ould phase-out the oscillations would demand a volume prohibitively large for 
most practical applications. y g 

More recently the problem has been substantially solved for two 
siînH1?0 tym 0i .dlffusers> althouSh neither method offers a complete under- 

°[ 016 Phenomenon. One type of diffuser employed clampers in the 
nmüiihH can C0"lbust0rs- . The effect of the dampers on buzz frequency and 
amplitude are shown in Fig. 9-5 in which it may be seen inat the largest can 
combustor completely stabilized the system at zero angle of attack. g Unfor¬ 
tunately the dampers also reduced the pressure recoveries by about 4%. 

niafoH a P?siíive sl°Pe of the diffuser characteristic curve is asso- 
ciated with the oscillation, anything which can prolong a negative slope will 
delay buzzing. Rae, in unpublished OAL tests, designed and testedTt^o- 
oïer" TkhlS d!ffuser has a characteristic curve which "knees- 

Q ,^n ïrning abruPüy> as shown in Fig. 9-6 for two angles of at¬ 
tach at M - 2- 23. It may be seen that not only was the range of stable operation 
proved8^ Wlth 0Í difiuser> but the pressure recovery was also im- 

. . ...11. should be noted that although diffuser buzz is definitely a detri- 
infprptt e^ient combustion, it is ultimately of more academic than practical 
interest. The undue emphasis that has been placed on it by ramjet designers 
stems from the fact that most diffuser performance data are derived from wind- 

kJ6? COïiti?aS are Particularly favorable to unstable operation. 
In actual flight where the diffuser operates as an integral part of an entire en- 

bUtZ 18 leSS likely t0 occur partly because of the stabilizing ef¬ 
fect of the combustion and parUy because of the presence of such factors as 
the air scoops that are included for many purposes. 

9.3 Interaction with Engine Design 

In designing a propulsion system the problem of practical import¬ 
ance is to ensure stable operation at all times. The application of transient 
flow theory is concerned more with the determination of the limits of stable 
inlet operation within which the engine may operate rather than with the de¬ 
scription of the modes of unstable operation. The techniques of mass-flow 
matching between the inlet and the engine to ensure efficient performance over 
the range of flight conditions are well understood once the performance of each 
component is defined. It is standard practice to determine the relations be¬ 
tween inlet mass flow and efficiency for a given inlet geometry from wind-tunnel 
tests, since one-dimensional theory is not sufficiently well developed to permit 
its determination. It is possible to derive similar transient functions for the 
propulsion system and thus permit the application of one-dimensional theory to 
the complete system. y 

In conducting wind-tunnel tests to determine stability limits two 
general types of inlets and associated charactei’sties have been observed.’ The 
first type has a relatively long high-velocity duct separating the inlet from the 
combustion chamber. The duct is followed by a short, almost dump-type sub¬ 
sonic diffuser, and nighly resistive aerodynamic grid for flow smoothing. In 
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rrratr' ^ ^ Su. 
one-third scale models timed (w'ithout simuhuüj? ífS been »h^iocd between 
scale free-jet tests (with and without corXstnr nCO:nb“sto.r damping), and fuU- 
ticipated since the combustor is effectivpiv h 0^rati°n). This might be an- 
high-velocity duct. The reLLce of T®0 fr0m ^ inlet by the long, 
perturbations is very high. Ims thus }° uPstream feeding of 
stability limits by means 0f wind-tu^e 1^1° determine ^ Proper inlet 
type of ramjet engine. 61 tests Wlth a small-scale model of this 

coupled to the ^ombustor^by^eans 'of^relativpi11 tehted iS °ne WhiCh is closely 
tion. Since the duct lacks high natural im^ly !?°rt subsonic diffuser see¬ 
ing in the combustion chamber may ^ ^ “T ^bâtions originat- 
A proper determination of inlet buzz^ limits for thisaî™ effeCt °n the inlet ilow' 
plex problem. In small-scale exnprimonfc rrangement is a more com- 
a function of the flow imoedancp h!6/’ stability limit was shown to be 

ber. Buzz frequency ÏÏ^of course a“f2r" SimUlated Combusti°n cham 
phtude a function of the combustor damnine charaí recflver geometry and am- 
commence. It has been concluded therefore Tha/f 0nce the oscillations 
having low impedance coupling between the rnmh^V01^ ã ^mjet arrangement 
umits may not be adequately defined bv a smanbUSt7 a"d lnlet’ 1116 stability 
inlet alone, but would require a full-scale teS of thf r Wlnd;tunnel test of the 
combustor operating. complete engine with the 

described earlie1? in"Sifbsec T^’mav 1nefeward flow separation phenomenon, 
phenomenon observed at low angles of attack^ Thíff °f ^ classical buzz 
to engine flame-out, which will cause ihe n? ï' Th fIow separation may lead 
and initiation of the Entire c^ fading to re-Jnition 
buzz. The determination of the ifmiïs o^ buzz o^ f°foC0Urse’ closely resemble 
be accomplished with the same sei nf a ° °r fl0W seParation or both may 
given diffuser geomet “ The 8tabU“y ^ a 

ln ‘"“a ^ » minlmZ Mach “ « te dÄTexT "ten eXpreSSed 

rication tolerances and inlet^traneeuMtea^60 ®xperimentaliy determined, fab- 
fully when specifying appropriate engine InTet S'exÎ^aï C°nSidered care- 

approximatioiwîf ^e^Uferentiaf8equation fSr c^“ pexbirb“tlon ^ory to an 
thus obtained the duct transfer function f.or comPressibie duct flow and has 

tions are developed which describe the ducf nlmS^fre ^161,181108' Equa- 
duct areas and volumes, and the damni^ r^ o fre(luency a« a function of 
the steady-state mass flow oressure 1 a functior‘ of the slope of 
agreed reasonably well with the measured reHnnUrVf Tbe catculated response 
etry inlet with by- pass for mamtonirllwr"86'r0m teStS “^^-gaom- 

flight measurements ^ transient sustenTchà60*8. describeii above or in making 
to be sure that the properties measure/b*1»0161^1"8’ U 18 always important 
Phenomena and are not intrinsically “S tole mlTf ‘0 ^ aerody"amic sx.tz.rz f. «s 
duct system which might interfere with the valïïlTthe deflS“" ^ 
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•s^ie-üÄs-r ”!ir»níís? rr=misí 
, ’ ''s 2.3 X 107 s Re/ft s 2.9 X 107. 
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Fie\9-2- Minimum stable mass-flow ratio vs free-stream 
Mach number; single-cone diffuser; g = 27.5 30 

35 , and 40°; 2.3 * 107 s Re/ft s 2.9 x 107. 
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Fig. 9-4. Effect of combustion-chamber volume on frequency of 
pulsation in various single-cone diffusers (experimental 

and theoretical values); V2 «s 2.3V,; = 2.0. 
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Can Combustion-Type Dampers

Capture-Area Ratio, A^j/A,

Fig. 9-5. Effect of dampers on frequency and amplitude 
of diffuser buzz; sing]e-cone diffuser; 0 = 22.75”;

= 1.73. ®
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Fig. 9-6. Performance of single-cone and step-nose 
diffuserj; = 2.23.
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