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THE APPROXIMATE LONGITUDINAL STABILITY 

DERIVATIVES OF A VECTORED THRUST VTOL 

I. Introduction 

The development of the vertical take-off and landing, VTOL, 

airplane has necessitated the increased study of low-speed, nonlinear 

aerodynamics. This area of aerodynamics has been neglected in the 

past and for the good reason that airplanes did not fly at very low 

speed and at extreme angle of attack. A great amount of investigation 

has been undertaken recently on the aerodynamics of pistoned powered 

VTOL's. There is much less information available on the aerodynamics 

and stability of turbo-jet powered VTOL's. The object of this study 

is to investigate the stability and control of a vectored-thrust, 

turbo-jet powered VTOL in transition from hover to conventional 

flight. More particularly, the objective is to estimate the stability 

of the Hawker Siddeley P-1127, Kestrel fighter. 

Several areas were indicated to be of importance. These areas 

were the axis system to be used, the estimation of the aerodynamic 

forces and moments, and the derivation of the stability derivatives 

and the equations of motion. The choice of which area to investigate 

first was obvious because the definition of the axis system was 

necessary for the derivation of the derivatives and the equations of 

motion. It was found that a study of the forces and moments gave a 

firm basis for a physical appreciation of the stability derivatives. 

1 
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Because of the logical calculation sequence, the derivatives were next 

derived and in turn used to solve the equations of motion. 

Axis Systems 

Two axis systems, stability and body, were considered as possibly 

suitable for the calculation of the stability. The stability axes are 

somewhat conventional in stability calculations. However, stability 

axes are defined in relation to the velocity of the airplane and, 

because of the possible low speed and extreme angle of attack of the 

vectored-thrust VTOL, were considered unsuitable. A body axes system 

centered at the center of mass and defined by the fuselage datum line 

with the X and Z axes in the plane of symmetry gives a constant 

reference for all flight conditions. Because a continuous solution 

from hovering flight through conventional flight was to be attempted, 

this body axes system appeared most suitable. The body axes used are 

represented by the OX, OY, and OZ axes in Fig. 1. 

The performance of the airplane could also be solved in this body 

axis system. However, it was felt that an Earth axis system gave a 

Clearer representation of the performance. The Earth axes permit 

direct calculation of angle and rate of climb, horizontal velocity 

and acceleration, and angle of attack. More important than the ease 

of calculation, is the fact that during transition the airplane is 

usually flown with a constant reference angle to the horizontal Earth 

axis. The Earth axes are OX', OY1, and OZ' in Fig. 1. 

F orces and Moments 

A knowledge of the forces and moments on the airplane in all 

flight conditions is necessary to solve the performance and stability 

2 
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problem. A dilemma is present in the performance and stability problem 

of a VTOL airplane. To get a true solution of the steady flight 

stability, it is necessary that the forces and moments be found for a 

nonaccelerating airplane. This solution may be readily found, but the 

VTOL airplane is seldom flown in the transition speed regime at steady 

speed. For stability reasons the vectored-thrust VTOL is rapidly 

accelerated through tha transition. The flight conditions and the 

forces and moments of a rapidly accelerating airplane are very much 

different from those of an airplane in nonaccelerating transition. 

The stability solution for the accelerating transition is accurate if 

all the affects of the acceleration are accounted for in the stability 

derivatives and the equations of motion. It is very difficult, however, 

to estimate all the acceleration effects. However, a quasi-steady 

solution of the accelerating transition may be affected assuming that 

the aerodynamic forces and moments and the stability derivatives of 

accelerating flight are not greatly different from those of steady 

flight at any instant. The quasi-steady solution assumes that the 

changes in circulation and vorticity occur quickly enough that the 

forces and moments are negligibly affected. 

The steady flight conditions give an accurate stability solution, 

and the unsteady flight conditions with a quasi-steady solution has 

inherent errors. However, the airplane is usually flown in the 

accelerating transition. It was felt that both solutions should be 

attempted in an effort to answer the following two questions. Is there 

a large difference in the stability as found for the accelerating 

airplane as compared to the airplane at steady speed and if so, which 

more truly represents the stability of the airplane? 

4 
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In both types of transition there are problems unique to the 

vectored-thrust VTOL. When the airplane is in transition, the thrust 

vector and inlet air momentum vector change direction and magnitude. 

Because of this momentum change, forces and moments will result and 

some method must be found to approximate them. It is also necessary 

to find the derivatives of these forces and moments for the stability 

solution. 

The jet interference effects caused by the large negative pressure 

differential below the airplane produced by the thrust must be 

investigated. The jet interference will affect the inlet air momentum, 

wing lift and moment; and horizontal tail downwash, lift and moment. 

The greatest effect on the stability is caused by the tail and the 

estimation of the tail downwash is very important. The change of the 

inlet air momentum is important only at the hover. 

The last important problem may be called the nonlinear aero¬ 

dynamics of the airfoils. Three questions arise from nonlinear aero¬ 

dynamics. What is the effectiveness of an airfoil at an unstalled 

angle of attack but at very low airspeed? Is there any way to estimate 

the effect of an airfoil when it is stalled? At what angle of attack 

does the airfoil unstall and does it become effective gradually or 

abruptly? These questions are not easy to answer and are in an area 

of aerodynamics in which little information is available. 

Stability Derivatives * 

After the forces and moments are known, the knowledge of their 

varia* in is used to compute the stability derivatives. This knowledge 

is necessary for the performance solution and thus the calculation of 

5 
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the derivatives does not necessitate much additional labor. Most of 

the symmetry and acceleration assumptions normally used to eliminate 

certain of the derivatives are applicable. 

The form that the derivatives take is dependent upon the dimen¬ 

sionality of the solution. The nondimensional analysis has had some 

traditional value but is not considered necessary because of the 

increased use of computers. Nondimensionaling with respect to free 

stream velocity results in meaningless values at zero and very low 

speeds. No advantage can be seen to nondimensionalize with an 

artificial parameter. The dimensional analysis permits a clearer 

physical appreciation and is considered more practical for VTOL 

studies. 

Equations of Motion 

The equations of motion are derived with respect to the body 

axes and dimensional for consistency with the derivatives. There is 

no reason to believe that the linearized equations will not give a 

good approximation of the stability. The accuracy of the approximation 

of the forces and moments does not warrant the use of the nonlinear 

equations. The solution of the equations of motion completes the 

stability solution. 

6 
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II« P-1127 Description 

The P-1127, Hawker-Siddeley, Kestrel fighter is the first opera¬ 

tional vectored-thrust VT'OL in the world. The tactical fighter was 

designed to take off and land vertically from prepared surfaces, and 

also fly supersonic. It also has very short take off and landing 

characteristics from unprepared surfaces. 

The outward appearance of the vectored-thrust VTOL is very 

similar to that of any fighter. The one distinguishing feature is the 

position of the exhaust nozzle or nozzles on the bottom or side of the 

• The exhaust nozzles of the P—1127 are rotatable from rear¬ 

ward in a line with the engine center line through an angle of 100°. 

This enables the P-1127 to hover and even fly backward. The P-1127 is 

powered by a Pegasus V engine with a rated thrust greater than the 

take off weight of the airplane. 

The controls of the P-1127 look similar to most airplanes. The 

most important of the normal controls for longitudinal calculations 

is the all movable stabilator, which has maximum incidences of 12° 

and -10°. The airplane also has reaction controls for yaw, pitch and 

roll at low speeds. The only important reaction control for longi¬ 

tudinal stability is the pitch control. Pitch reaction control is 

provided by thrust from nozzles in the nose and the tail. Air for the 

thrust is provided by bleed air from the low pressure compressor, and 

the amount of bleed air available is dependent on engine speed. The 

amount of pitch control used is determined by the pilot with the 

control stick. The rear nozzle thrust is connected to the tail plane 
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movement by a hydraulic jack, whereas the forward nozzle thrust is 

controlled directly by the control stick displacement. 

The flaps of the P-1127 are plain and capable of two positions, 

up and 50° down. The airfoils are all symmetric. 

There are several interesting characteristics to be noted about 

the design of the P-1127. The intakes are necessarily large to permit 

the large air mass flow of the high by-pass engine. The wings have a 

large anhedral angle, 12°. Finally, the center of mass is unusually 

far forward probably because of the position of the engine. The 

C.G. range is approximately from 0.095 to 0.145 of the mean aerodynamic 

chord. For a summary of the P-1127 geometry see Fig. 2 which has been 

reproduced from Reference 1. 
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III. Performance Estimation 

As previously noted, it was necessary to calculate the performance 

in two distinctly different transitions. Because of the unique natures 

of the accelerating and nonaccelerating transitions, two separate 

calculations were needed. Both transitions were solved in an Earth 

axis system. The axis system and the various reference velocities and 

angles are presented in Fig. 3 with arrows indicating positive 

directions. The forces and moments involved in each transition are 

the same, however, their treatment in each i:¿ different. The forces, 

moments and moment arms are presented in Fig. 4. 

The performance equations for the transitions are the same with 

the exception of the right side. The X force equation: 

-LtfB sinQ -Dwb cosP -Lt sin© -Fr sin0o + 

(T1+T2) cos(ój+6oT+0o) -Fu s 0 nonaccelerating 

= (W/g) dux/dt accelerating 

The Z force equation: 

-Lyg cose +Dwb sinG -Lf cosG - (TJ+T2) sin(6j+0oT+0O^ ~ 

Fr COS0Q + W + Fj + Fy = 0 nonaccelerating 

= (W/g) dwz/dt accelerating 



GAM/AE/68-11 

11 



GAM/AE/68-11 

/ 
/ 



GAM/AE/68-11 

The M moment equation: 

Lwb cosa(h-hnwg) + (£N+h) (Fw-Fj) cosSq + 

D^bzwb cosa + CTi(h-hji) + T2Íh-h'p2)l sin(ój + 9oT) _ 

Lq- (hq-h) + Mr + Mq = 0 nonacceierating 

=í o accelerating 

In most performance estimations only the X and Z equations are used 

and the tail forces are neglected. In attempt for greater accuracy, 

the moment equation was included. The inertia term, lyy d0/dt, of the 

accelerating moment equation was assumed negligible. The forces and 

moments must be discussed before the method of solution can be 

understood. 

Aerodynamic Lift and Drag 

The aerodynamic lift and drag were computed using the USAF 

Stability and Control Patcom. It was originally desired that this 

estimation would not be necessary, as experimental lift and drag curves 

would have been more accurate. However, the use of the Datcom provides 

an interesting approximation and is representative of the information 

which would be available in the design of an airplane. 

In all calculations an average t/c of .08 for the wing and .07 

for the tail was used. The geometric parameters, aspect ratio, tip 

to root chord ratio, mean aerodynamic chord, etc. , were either given 

by Reference 2 or calculated from the geometry. The employment of the 

lift and drag in the two transitions is considerably different and must 

« 
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be discussed in the sections concerning the solution of the performance 

equations. 

The conventional definitions were used: 

lWB = l/2pV2SwCLyB 

°WB = 1/2pV2SwCdwb 

Lt = l/2pV2SCLT 

Ma.c. = l/2pV2sw0CMa.0. 

The problem was then to estimate CLWB, CDHB, CLT and 

SlWB’ ScwB’ ^LT’ and * The eTuati°n: 

CLWB s aWB^aW+iW^ = CL0 + aWBa 

is accurate assuming the usual linear lift curve. The nonlinearity of 

the lift curve was neglected, which is essentially assuming that at 

the minimum angle of attack the boundary layer attaches over the 

entire wing instantaneously. The flapped lift coefficient was 

computed for fifty degrees (full) flaps only. The P-1127 has no 

intermediate flap position. 

There is no simple expression for the drag coefficient, although 

it could be represented by a polynomial of form: 

CD ■ cl<*4 + C2a3 + C3CX2 + C401 + C5 

The tail drag was neglected. 

‘-Ma.c. was estimated using the 65-009 airfoil section moment data 

from Reference 3. CMa>c> for zero flap deflection is zero for this 
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symmetric wing. With 50° flaps cMa.c> was estimated by: 

cMa.c. = cma.c. (SWf/S) K 

The horizontal tail is symmetrical and the incidence is variable 

so that: 

CLT = aTat = aT[(l-3e/3a)a+it-e0] 

The same Datcom method was used for the lift of the tail as for the 

wing without flap. Once again nonlinearities were neglected. 

For a detailed calculation of all the aerodynamic force 

coefficients see Appendix A. 

HÎOpwnwash. There are two problems in downwash; first the 

Sc/Sc and e0 in conventional flight must be calculated, and second the 

3e/3a and c0 must be estimated for the transition. The first problem 

is solved by use of the Datcom and is presented in Appendix A. The 

solution presented is for an aircraft angle of attack of 3=. Little 

variation in ae/3a was found from 0= to 6» angle of attack. e0 „as 

considered aero for conventional flight as it could not be predicted 

analytically (Ref 4:23). 

An analytic estimation of the downwash in the transition was not 

attempted. The only accurate method of obtaining the tail downwash 

is by wind tunnel studies of the aircraft model. Such experimental 

information was not available so an order of magnitude approximation 

was attempted. The downwash characteristics of a VTOL similar to the 

P-1127 were found in Reference 5. 

From a study of the data in Reference 5, there appeared to be a 

correlation between the downwash and the thrust coefficient, CT, the 

15 
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free stream exhaust jet velocity ratio, V^/Vj, and the nozzle 

deflection, 6j. The maximum downwash that could be expected was 

approximately 10°. This was determined from the fact that a change in 

the tail incidence of 9° did not quite return the moment to the 

taxi-off value (Ref 5:116). Furthermore, the fact that the moment 

coefficient increased at the same rate with the t^ii at zero incidence 

as with no tail, indicated that the downwash was increasing at the 

same rate as the angle of attack (Ref 5:12). Thus, when there was 

maximum downwash, 3e/3a was equal to one and the tail did not 

contribute to the stability. This analysis did not explain the 

variation of the downwash, however. 

It was expected that zero forward speed with the nozzles vertical 

would result in negligible downwash. Also expected was a maximum 

downwash at some nozzle angle greater than zero, and that the downwash 

for either transition would not be the same. [C^V./Vj )]/sin6j was 

jV:ought to be a reasonable parameter and resulted in Fig. 5. it 

appeared from Fig. 5 that anytime [OpíV^/Vj)]/sinôj was less than 

about one, the maximum downwash could be expected. Also as 

[Cp( V^/Vj )]/sin(5j rapidly increased, e/e^j^ decreased rapidly toward 

zero. 

Information for nozzle deflection of greater than 60° was not 

available. However, in transition [CT(V./Vj)]/sinój approaches infinity 

as 6j approaches 90° so one would expect e/eMAX to approach zero 

(Figs. 6 and 1). As C-p increases and V^/Vj decreases at large nozzle 

deflections, the moment is, in fact, very nearly zero supporting the 

assumption that the downwash is very nearly zero (Ref 5:43,45,46,52). 

It was realized that this analysis was very approximate and that only 
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the trend of the variation of the downwash and perhaps the maximum 

downwash could be accurately estimated. For this reason, linear 

variation of downwash with nozzle angle deflection was assumed. There 

is a discontinuity for the accelerating transition at the 60° nozzle 

deflection because, above this nozzle deflection, the angle of attack 

is such that the airfoils are assumed not to be flying (Fig. 7). 

It has already been shown that the ae/3a is one when the downwash 

is maximum. It was assumed that the 3e/3a will vary directly as down- 

wash with the exception that the 3e/3a becomes the conventional flight 

value instead of zero when the nozzle deflection is zero. It should 

be noted that l-3e/3a is a measure of the tail effectiveness. 

Il 

When the aircraft is in hovering flight, the jet interference 

causes a lower pressure below the aircraft than that above. This 

pressure gradient causes the inlet air to enter the intake at a slight 

angle. The change in momentum as the air is turned down the duct 

causes the force, Fj, at the inlet. If the induced vertical velocity 

is known: 

Fj = (wa/g)Vi 

However, it is most likely that Fj will have to be determined from 

wind tunnel daHa. Fj for the P-1127 in hovering flight is about 

200 Ibf (Ref 2:7). This Fj amounts to an induced vertical velocity 

of about 17 ft/sec. 

Fj is most important at hover; however, it will be present in 

the transition. It has been assumed that Fj will vary linearly with 

% 
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nozzle deflection. There is no basis for this assumption except that 

the force does rapidly become negligible. 

Fy and £1 and T_2 

For a conventional turbo-jet airplane, the inlet momentum losses 

are usually considered as part of the net thrust; thus: 

TneT = ma[(l-f)ue-ux] 

where maux is the inlet-air momentum drag. An assumption necessary 

for this equation is that the air is not turned appreciably from the 

time it enters the inlet until it exhausts. In a turbo-jet vectored- 

thrust VTOL, however, the air is turned substantially because of the 

large negative angles of attack involved in the accelerating transition 

and the nozzle deflection. This turning of the air at the inlet 

necessitates a different treatment of the net thrust. The momentum 

drag is considered separately from the gross thrust. The gross thrust 

is the mass of exhaust matter multiplied times the exit velocity. The 

momentum losses are: (Fig. 8) 

Fw = m=,w a"z Fu = ^aux 

For conventional, non-VTOL, aircraft thrust for constant RPM is shown 

as decreasing until about 250 kts then increasing with speed. Gross 

thrust, as used here, however, steadily increases with speed (Fig. 9). 

It should be noted that the low pressure, cold jet, thrust, although 

less at zero velocity, increases more rapidly with speed than does 

the hot jet thrust. 

20 
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Momentum losses are: 

Fw = mawz and Fu = maux 

Fig. 8 Intake Air Momentum Losses 

Fig. 9 Thrust Variation with Velocity at 95% of 
Maximum Engine Speed 
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It is possible to estimate the gross thrust if fuel and air flow 

are known. However, this information necessarily comes from the engine 

manufacturer, and it is assumed that gross thrust information is 

available. All gross thrust information for this report is from 

Reference 2. 

Thrust data below 85% of maximum engine speed was needed and not 

available so an extrapolation of the known data was used for the 

nonaccelerating transition. 

Fp and Mp 

The longitudinal reaction controls are used to balance the 

pitching moments at transition speeds. The force, and hence the 

moment, used is controlled by the control stick in the cockpit. The 

air for the control jet is supplied from the low pressure compressor 

bleed air and the amount of bleed air available depends on the nozzle 

deflection and the engine speed. 

The maximum amount of bleed air for any given engine speed is 

available when the nozzle deflection is 20° or greater. The bleed air 

available decreases linearly with nozzle angle to zero when nozzles 

are deflected less than zO-'. The force and moment is assumed to vary 

linearly with the bleed air available to the reaction control 

2-Í6)* The amount of bleed air available varies with engine speed 

according to the equation: 

wb = WbMAX Cl-2.14(l-NF/NFd)] (Ref 2:12) 

Some information about the reaction control forces and/or moments 

must be available from the manufacturer. 
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Hawker Siddeley assumes that the bleed air does not reduce the 

thrust appreciably (Ref 2:4). Both front and rear reaction control 

jets are producing thrust contributing to lift. When the nozzle 

deflection is vertical, some of the thrust lost from the engine is 

regained in the reaction jet if losses are neglected. However, as 

the nozzles are rotated, thrust is taken from a vector with angle, 

Ôj+0OT» to the aircraft and regained in a vector with angle 0O to the 

OZ’ axis thus contributing to the lift. This effect is probably 

negligible unless there is a very large reaction control force. 

The variation of all the forces and moments for each transition 

is considerably different. This variation will be discussed in the 

solution of the performance equations for each transition. 

Accelerating Transition 

The accelerating transition is accomplished holding the airplane 

to a fixed attitude angle with the OX* axis. The engine is held at 

constant speed and the nozzles rotated at a constant rate. The 

angles of climb and attack and the velocity are considered variables. 

The reference values for the calculation were: attitude angle, 6°; 

RPM, 95%, and rate of nozzle retraction, 3.5° per second. These values 

were selected because certain performance and stability values were 

available for comparison for this transition (Ref 2:9,10). 

The solution is approximate because the three equations are not 

solved similtaneously. The equations are not independent because the 

moment and force equations are coupled by the tail and reaction 

control terms . 
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The accelerating transition is started from hovering flight. It 

is assumed, although physically impossible, that the pilot simultan¬ 

eously increases the throttle setting to 95% RPM and starts the nozzle 

retraction at a constant rate of 3.5° per second. This causes the 

airplane to initially accelerate straight up causing an angle of 

attack of -90°. As the aircraft accelerates horizontally, the angle 

of attack rapidly increases to angles at which the airfoil boundary 

layer is attached. The angle of attack at which the boundary layer 

is fully attached to the wing was determined by 

“Min = t(Sw-SWf)/Sw]Kac¿min 

Below this angle of attack, it was assumed that the wing was completely 

stalled and no aerodynamic lift nor moment developed and that only 

parasitic drag was effective. 

The general method of solution is started from the hover and the 

reaction moment necessary to balance the moment equation is calculated. 

Using the reaction control force, the X and Z equations are solved 

for the horizontal and vertical accelerations respectively. From the 

acceleration, new velocities are found after an interval of time in 

which the nozzles are retracted. The new angle of climb is found from 

the velocities and this in turn determines the new angle of attack. 

This new information is used to once again solve the moment equation 

and the process is repeated until the angle of attack is -8° at which 

time the tail incidence angle is also calculated. The solution is 

repeated until the nozzle angle is zero. 

24 



GAM/AE/68-11 

Example Solution. To simplify the moment equation: 

M + Mt + Mr = 0 

where: 

M = L^b cosa(h-hnwB) + (^jj+hKFy-Fj ) cosSq + 

zwbDwb cosa + CTj(h-hxi) + T2(h-h-p2)3 sin(6j + 6oT) “ 

l/2pV2STax (hi*-h) [(l-3e/3a)a-eo] + Mq = -Mt-Mr 

The aerodynamic dynamic variables are functions of the angle of attack 

and, in the case of eg an^ 3e/3a, the nozzle angle (Fig. 6). The 

angle of attack and have been fixed by initial conditions in the 

solution of the X and Z equations. The nozzle angle is fixed at any 

instant of time in the transition. The engine speed is held constant 

and Tj and T2 vary only with velocity. The velocity is known from 

initial conditions on the X and Z equations solution, thus Tj. and T2 

may be found from Fig. 9. The moment arms are known from the aircraft 

geometry and Datcom solution (Appendix A). The value M may then be 

calculated. 

The incidence of the tail and the reaction force are interde¬ 

pendent by movement of the control stick, £s. In the solution, the 

reaction moment variation was used because the reaction force 

variation was not available. The variation of both the incidence and 

reaction moment with stick displacement is nearly linear thus both 

curves were linearized by section. The curves are reproduced from 

Reference 2 and presented in Fig. 10 and 11. As an example: 
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Fig. 10 Tail Incidence vs Control Stick 
Displacement 

Fig. 11 Reaction Control Moment vs 
Control Stick Displacement 
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it = (¿s+2)Ci 

Mr = (£s+1.4)C2 

(1) 

(2) 

M-j- = -l/2pV2S'pai’(ht-h) cosat it 

= -Tcit where: cosat 1 

Tc = l/2pV2STat(hT-h) 

M = -MR-MT = -(£s+1.4)C2 + Tc(^s+2)Ci or 

ls - (M+l.4C2 - 2TcCi)/(TcC1 - C2) 

Cj and C2 in this example are only representative constants. Now that 

¿s known, it and Mr are determined from equations (1) and (2). The 

X and Z equations may now be solved. 

The weight is assumed to be constant. Fr is determined by: 

mR = (hRl-h)FRi or Mr = (hR2-h)FR2 

dependent on the sign of Mr. 

The aerodynamic variables Lwb and Lf are easily calculated 

because of their linearity with angle of attack. However, Dwb is 

nonlinear and necessitates the repeated calculation of Cp from the 

Datcom unless Cp versus angle of attack is plotted. The plotting 

of the graph enables one to use a computer solution as the Cp-a curve 

may be linearized by sections or a polynomial may be formed by the 

least squares method. A standard computer program will compute this 

polynomial which takes the form of: (Appendices B and C) 
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Cd * Cia4 + C2a3 + C3a2 + C4a + C5 

Knowing all the variables and the velocity the accelerations may be 

solved. 

The solution for the particular velocity, angle of attack, nozzle 

angle, time from start of transition, etc., is now completo. The 

calculation for entering conditions of the next time interval must 

be performed. The new velocity, nozzle angle, thrust and angle of 

attack are needed prior to resolving the moment equation. 

The velocity is found by summing the velocity vectors in the 

horizontal and vertical directions which are in turn found from the 

accelerations already calculated. The velocity vectors may be 

expressed by a Taylor series: 

wz (NEW) = ws (OLD) + dwz/dtAt + d2wz/dt2 (At)2-*« 

uX (NEW) = ux (OLD) + dux/dtAt + d2ux/dt2 (At)2***. 

Using a time interval of one second, it was determined that only 

the frrst derivative was necessary. Thus the new velocities become: 

wz (NEW) = wz (OLD) + dwz/dt 

ux (NEW) = ux (OLD) + dux/dt 

and: 

V2 (NEW) = w2 (NEW) + u2 (NEW) 

It should now be recalled that the rate of nozzle retraction was 

specified at 3.5° per second so that the new nozzle angle is now 
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Ój (NEW) = fij (OLD) - 3.5° 

The new angle of attack is found from the new calculated angle of 

climb and the constant attitude. 

0 = tan"1 (-^2/1½) 

and: 

a = 0o - 0 

The new thrust is simply found from Fig. 9, entering with the new 

velocity. Thus the entering parameters for the next solution have 

been completely specified. The calculations are repeated until the 

nozzle angle reaches zero and the transition is then completed in 

about 23 seconds. Because of the repetitive nature of the calcula¬ 

tions, the solution lends itself well to the use of a computer. The 

appropriate 7094 computer program written in Fortran language is 

presented and explained in Appendix B. 

Nonaccelerating Transition 

The nonaccelerating transition is accomplished as though the 

airplane were flown in steps by increments of airspeed. The forces 

and moments necessary for equilibrium are solved at the hover. The 

airspeed is then advanced an increment, 10 ft/sec, and the new forces 

and moments solved. Although not essential, level flight and constant 

angle of attack were assumed as being the practical way to fly this 

transition. In the solution, an angle of attack of 6° was used to 

agree with the constant attitude of the accelerating transition. 
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Unlike the accelerating transition engine speed, thrust, and nozzle 

angle are variable. 

The general method of solution is similar to the accelerating 

transition in that the solution of the moment equation is used to 

solve the force equations. The moment equation is solved for the tail 

incidence and reaction moment much the same as in the accelerating 

transition. The X and Z equations are then solved simultaneously for 

the thrust and nozzle deflection necessary for equilibrium. An example 

solution is the best way to illustrate the entire procedure. 

Example Solution. The moment equation is first solved in 

hovering flight. There is no velocity so the only moments involved 

are due to thrust and the induced inlet downwash force, Fj. The moment 

equation is then solved as before for the incidence and reaction 

moment. With Fr being found as before, the X and Z equations may be 

simplified: 

Lwb sin0o + Dwb cos0o + Lt sin0o + Fr sin0o + Fu 

= -Fi = (T1+T2) cos(6j+0QT+0o) 

-Lwb cos00 + Dwb Sin0o - Lt COS0O - Fr cos©0 + w + F! - Fw 

= F2 = (T1+T2) sin(ój+0oT+0o) 

All of the forces, excepting thrust, may be solved with either the 

fixed velocity, zero at hover, and angle of attack or by the solution 

of the moment equation. Dividing the force equations: 

tan(6j+0oT+0o) = -Fz/F! 
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and: 

(T1+T2) = F2/sin(6j + 0oT‘*‘9o) 

or: 

(T1+T2) = “Fi/cos(6j+0oT+6o^ 

With the thrust solution, the forces and moments of equilibrium are 

complete for this fixed velocity and angle of attack. 

To once more solve the moment equation, the new velocity is 

specified: 

V(NEW) = V(OLD) + AV 

The angle of attack is unchanged and it is assumed that with small AV 

the thrust and nozzle deflection have not changed appreciably. 

However, to solve the moment equation, T^ and T2 must each be known 

and only T1+T2 has been solved. The equation: 

(T!+T2) = Tx (1+k) 

will solve Ti if k is known, k is easily found from engine charts as 

it varies with only velocity and total thrust. For a computer 

solution, however, some continuous method of solution for k is 

necessary. By use of a chart such as Fig. 12, an approximate value 

of k may be found for all flight conditions. (See computer program 

Appendix C.) 

There are two problems to be considered in the nonaccelerating 

transition. The first is how to treat aerodynamic lift and drag 

at slow speed. The second is the variation of reaction control force 

with engine speed. 

« 
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Fig. 12 k, T2/T1, vs Total Thrust 
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Fig. 13 Engine Speed as a Function of Thrust and Velocity 
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At very low speeds it is possible that the lift and drag may not 

be equal to their linear values, i.e.: 

LWB * l/2pV2S aWB a 

However, with consideration for the magnitude of the thrust and weight, 

the assumption that the aerodynamic forces are equal to their linear 

values at low speed is considered to give little error. 

In the nonaccelerating transition the thrust and hence, the 

engine speed, vary and become relatively small toward the end of the 

transition. It will be remembered that reaction control force varied 

linearly with bleed air flow and that bleed air varied with RPM: 

Wb = WbMAX Cl-2.14 (1-Nf/Nfd)] 

A series of charts could easily be made presenting the variation of 

reaction control force with control stick displacement for the range 

of engine speed values. This information would normally be available, 

however, if only the information at one engine speed, as an example 

95% is known, the following method may be used. The reaction control 

moment and tail incidence for 95% of maximum engine speed are solved 

as in the accelerating transition. The reaction control moment for 

the actual engine speed is then compared to that of 95% by the bleed 

air ratio: 

wb .95 = wbMAX U-2.14 (.05)] = .893 wbMAX 

wbNF = cb WbMAX where: Cb = [1-2.14 (NF/NFD)] 

wbNF = (Cb/0.893) w^ ,95 

% 
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and: 

«BNF = (Cb/0.893) Mr #95 

The control stick displacement for this reaction moment is then 

deterroined by: 

¿s = (mRNf/c2) "l*4 

and the corresponding i-^ by: 

it = (¿5+2)0! 

The accuracy of this solution may be checked by the balance of the 

moment equation: 

M1 + mRNF + Mj = Error 

Mx is the original moment. When Mx + Mrrr + M<r = 0, one has a 

perfect solution. However, the solution may be iterated to a pre¬ 

scribed error, E, by checking: 

I Ml + Mpjjp + M-p I < E 

If the error is greater than E, one-half the value of the error is 

taken and added to M and the calculation repeated. 

M(NEW) = M(OLD) + Error/2 

and: 

M(NEW) + Mr >g5 + MT = 0 

This has the effect of increasing or decreasing Mr .95 and hence 

Mrnf depending on the sign of the error and converges the iteration. 
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The thrust is easily found from the solution, but the RPM must 

be calculated from the thrust. From Fig. 13 there appears, from the 

even spacing of points, to be about a linear variation of thrust with 

speed at any one engine speed. Also there is a linear variation of 

thrust with engine speed at any one speed. With the total thrust 

known, it is then possible to determine the RPM by: 

t.95-Tx _ RPM.95-RPMx 
T.95 ~ RPM>g5-RPM0 for zero velocity 

RPMX-RPMV v 

” RPM25cT ” 250 

or with numbers for the P-1127 

[13,950-(1^12)] .95-RPKx 

13,950 = TÛT— 

pp = Q. _ ^3,950-(7^12)30.45 
13,950 

RPMV = -^--OeVk = RPMx-.08Vft 
250 ~ 423 

The solution of the nonaccelerating transition is .-e; sated until 

the nozzle is rotated to zero angle. The complexity ot the solution 

demands a computer solution which is presented in Appendix C. 
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IV. Stability Derivatives 

The stability derivatives are functions of the flight conditions 

at any particular instant in the transition. Since the acceleration 

effects on the derivatives are assumed to be negligible, the same 

expressions may be used for both transitions. Since body axes are to 

be used instead of the Earth axes of the performance solution, the 

force and moment equations must be changed. 

X = -Fw sinôg -Fj sinôg +Lvíb sina -DWB cosa + 

Lp sinat + (TP+T2) cos(6j+0QT)-^u cosSg 

z = Fw cos0g +Fj cos0g “Lyg cosa -L-p cosat -Dwb s^na “ 

Fu sin0g -Frj -FR2 - (T1+T2) sin (6j + 0gx) 

M = -FRjOiRp-h) +FR2(hR2+h) + (Fw-Fj) cos0g (£N+h) - 

Fu sin0g (£N+h) + [(Fw-Fj) sin0g + Fu cos0g] ze + 

(Lwb cosa + D^g sina)(h-hnWg) + (Dyg cosa -LWg sina)z^g + 

sin(6j+0gx)[Ti(h-hxi) + T2(h-hj2)] - 

cosa^ [Lx(hx-h) + Dj z] + sinat [Dx(hx-h) + Lp z<p] 

Many derivatives may be negligible and some moment arms so small as 

to make the moment negligible. The derivatives of each equation will 

be derived separately. 
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X Derivatives 

ÎÇu • 

ax 
3u 

3Fwsin0o 3Fjsin0o aL^ßSina SD^ßCosa 

3u 3u 3u 3u 

SL^sino-t 3(TitT2)cos(6j+0oT) 3Fucos0o 

3u + 3u 3u 

The derivation of each temn is perfonned: 

3DyßCOsa 31/2pV2SCp(u0tu)/V 

3u ~ 3u 

31/2PVS(u0+u) 

3u 

, au 3(uo+u) 
= V2pSCD [(Uotu) U + V ] 

3¾ 
where: -r— = 0 

3u 

3V 3[(uo+u)2 + w02] 2 Uq+u 

3Ü = 3u = “V 

3(Uq+u) 
where: -r- = 1 

3u 

thus: 
3V 
3u 

cosa 

3Dygcosa 

3u 
VaPSCß [(uq+u) cosa + V] ^/2PVSCg (1 + cos2a) 
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3(LWBsino) 3(1/2PV2SCLWB w0/V) 

3u 3u 

3(^^73^ w0) 

3u 

= 1/2pSCLHb w0 

where : 
3Cj 

3u 

3wc 
3u 

= O 

3(Lwgsina) 
thus: -::=- = 1/ 

3u 
- / 2PVSClví3 sino cosa 

3(L<j<sina^) 3( ^^pV^SfCi/r sina-^) 

3u 3u 

3Ctt Ssinat 
1/2PST[v2(sinat + CLT -a-u-' ) + 

av2 
CLT sinat 1^- ] 

3a4 
= V2PSt(V2Cl«p cosat + 2Cj_tV sinat cosa) 

äOt (1 - 3e/3a)a .3a 

3Í-3ü- = (1 - 3e/3o,) Tü 

The assumption that is zero until a is in the linear range of the 

CLT vs at curve, permits the approximation: 

a 
w. 

[(Uq+u)2 + w02] 
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Also, for a given transition cq and 3e/3a have been allowed to vary 

only with nozzle angle. 

Thus: = 0 and (-1^) = 0 
3u 3u '•Bcr 

_3wq_ 

9a _ [(uq-^)2 ^ wq2]1/2 WoCup-t-u) 

3u 3u V3 

3(Li-sinat ) 

3u 
1/2PVS^ [2Clx sincx^ coso + 

(1 - 3e/3a) sino cosa cosu^] 

3(Ti+T2) cos(6j+0ox) 

3u 

3(Ti+T2) 
cos(6j + 6oT) —^- 

= cos(6j+0oT) 

= cos(6j+0Qx) 

SÍTí+Tz) 3V 

3V 3u 

cosa 
3(Tl+T2> 

3V 

3(Fucos90) 9F j 

-9Î- ' co390 9^- = cos60 Y 3Ï- 

If Ujj is thought of as being formed by two velocity vectors uxx, 

u^ in the X and Z directions then: 

3ux 
3u 

3^uxx2 ^ uxz2^ 
2x^2 

Sex 
3u 

^Stx2 + Sez2^ 
V: 

_ ^KX 

" Sc 
COS0Q 
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3Fucos0o w 

3u 
a 2, 
g 

COS^Qq 

similarly: 

3(Fwsin0o) wa 

-- = Y sin20O 

thus: 

3( F ucos0o) 3(Fwsin0o) 

3u 3u 

It may be argued that the air mass flow varies with velocity, but 

as may be seen in Fig. 14, for constant engine speed, the variation 

is very small and most of this is due to increased thrust (Ref 2). It 

is felt that this derivative would be negligible. 

FI has been allowed to vary only with nozzle deflection thus: 

All stability derivatives of Fj are zero and will be neglected 

henceforth. 

wa 
~ Y + sina COS01 - 1/2pVSCD (1 + cos2a) + 

pVSjClt [sinot- cosa - V2 (1 - 3e/3a) cosa^ sinacosa] + 

3(Tl+T2) 
-^- cosa cos(6j+0Ox) 

1 3x 
u " m 3ÏÏ 

Finally: 

3x 
3u 
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Xw 

9x _ 3(Fwsin0o) 

3w ~ ' 3w 
9(Fucos6q) 

" 9w 
9(FlSine0) 9(LWBsina) 

9w + 3w 

9 (D^ffiCOsa) 

9w 
+ aCLTsinat) 9(Ti+T2) 

9w + -- cos(6j+8Q>j<) 

3FW sin0o 
- = sin6o 

9(wzx2 w2z2)1/2 

g 9w 

wa 
~ sine0 cos0Q 

where: 
dw 

9w 
zz 

= - COS 0f 

9Fucos0o 

9w 
wa 

= y sin6o COS0Q 

therefore: 

9(Fwsin80) 9(Fucos0o) 

9w 0 

3(LWBsina) _ 91/2PV2scLWB(wrttw)/V 
9w ~ all -- 

= 1/2PS -V(W°^W) CLWB 
9w 

= ‘/.PS fv(w0+w) Bus. t cLWB t(u0+w) H t 
9w 

9(w0+w) 

9w ]} 

but sina = (w0+w)/V and at the small angles of 

is effective: 

attack where the airfoil 
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a (Wfl-hw) 
V 

thus: 

3CLWB _ acLWB 3“ _ 1 3CLWB x 

3w 3a 3w = V 3a = V aWB 

therefore: 

SLvjBsina 
3w 1/2PVS [aWB sina + CLWB (1 + sin2a)] 

SL^sina^ ^ 31/2PV2SjClt sinat 

3w 3w 

, , . Ssina* 
= 1/2pST [CLT (V2 ——— 

d W 

4 . 3 V2 
+ Slnat Tw~ ) + 

V2 
3C 

sinat 
LT 

3w 

3sinat 

3w 
= cost 

3 a., 

3w 

3 a. 
cosa 

t 3a 
t 3a 3w 

cosat (1 - 3e/3a) 
_ 

3CLT _ 9(-LT 3at 3a aT (1 - 3e/3a) 

3w 3 at 3w 3w V 

3(Li>sinat ) 

^ = 1/2pVSj[(i - 3e/3a)(cosat CB^. + sinat a^) + 

2CBj sinat sina] 
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3(DWBcosa) 3 ^/2Pv2SCD 3(VCnun) 
- * V2pS ■ 3w 3w 3w 

= 1 /2PSUO (CD |X + V 

a VaPSuo CCD sina f aD] « VaPVS cosa CCDsina+sD] 

u 

3(1^12)003(6-5 + 007) 3(Ti+To) 
-- cosi^+eoT) —^ 

, sOTj+Ta) 
= cos(6j+0ox) sina — 

Finally: 

3X 
3w = 1/2PVS CCLWB (1 + sin2a) + aWß sina] - 

Vapvs cosa CaD + CD sina] + 

Va^VSx [(1 - 3c/3a)(CLT cosat + aT sinat) + 

3(Ti+T2) 
2CLt sino^. sina] + —^- sina cos(6j+0OT) 

Z Derivatives 

Z,. • 

32 3Fjcos0o 3Fwcos0o 
+ < 3u 3u 

3Fusin0Q 3LyBcosa 

3u 3u 3u 

aLTcosat _ SPwBsina _ 3(FRi+Fr2) 3(1^12)8^(6^607) 

3u 3u 3U 
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Fr is a control force and: 

3(fRi+Fr2) 

3u = 0 

As previously derived: 

3Fw 
= + (wa/g) sin0o and (wa/g) cos0o 

therefore: 

3(Fwcos0o) 3(Fusin0o) 

3u 3Ü 

The derivations of the remaining terms are very similar to those of 

Xu therefore only final expressions are given. 

3(L^gcosa) 
^ = /2PvSClwb (1 + cos2a) 

3(DWBsina) , # 
-- = V2PVSCB sino cosa 

3(L-j-cosat) , 
- = V2PvstcLT (2 COSÖ cosat + 

(1 - 3e/3a) sina-j- sina cosa] 

3(T1+T2) sin(64t0OT) 3(1^13) 
3Ü - = -3V- cosa sin(,5j + e0T> 

finally: 

If = _1/2PvsClwb (1 + cos2a) - 

1/2pVSTCLT [cosat cosa +(1- 3e/3a) sinat sina cosa] 

3(T +T ) 
1 /2PVSCjj sina cosa-^—— cosa sin(6j + 6QT) 
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Z - i Ü 
u ' m 3u 

2,,. The derivation of Z« is very similar to Xw so only final 

results are given: 

3Z = 3(ficose0) 3(Fwcos9q) 3(Fasine0) 3(LwBcosa) 
3w 3w 3w 3w 

9 (Ljcosou^. ) 3(DWBsina) 3(f’R1+FR2) 

3w 

3(TitT2) sin(6-j-t-e0T) 
~ 3w 

3w 

where: - 3(FwcosQq) 3(Fusine0) w, 
3w 

3(LwBCOsa) 

3w 
a 

g 

3Î s 1/2PVS coso [CLWb sino + aWB] 

3(DwBsino) , 
3w " /zPVS [sin aB + CB (1 + sin2o)] 

3(LTcosot) 

= 1/2pVST [(1 - 3e/3o)(cosot aj - CLT sinc^) + 

2Clt cosat sino] 

3(Ti+T2) sin(6^60T) 3(Tj+T2) 
3w —— _ 3v sina sin(ój+0gi>) 

finally: 
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a ¿i "a i 
Tw = ” *g /2PVS cosa (CLWB sina + aWB) - 

VapVSj [(1 - Se/SaJicosouj- ai> - CLT sinat) + 

2Clt cosat sina] - V2PVS [sina aD + CD (1 + sin2a)] - 

[3(T]+T2)/3V] sina sin(0j+6oT) 

Z = A 12 
w m 3w 

Z^. Zq is very often neglected but was included here because of 

the uncertainty of the magnitude of its affect. Only the tail contri¬ 

bution caused by the change of at was included. The derivation is 

conventional (Ref 6:154,155). The change in the angle of attack of 

the tail is: 

Aat = (ht-h) q/u0 

AZ = - 1/2PV2ST aT cosa^ (hj-h) q/u0 

3Z _ r 1 / r< /, V ^ 3(V2cosatq) 
3q - - [ /2Pst (hT-h)/u0] -^- 

3V2/9q is assiimed negligible. 

3cosout 

3q - sinat3ot/3q = - sina-j- (nT-h)/u0 

3Z _ r 1 / 2 
= - L /2pV ST a-p (hT-h)/u0][cosat - sinat (hT-h)q/u0] 

Allowing only small q perturbation and realizing that sinat is 

necessarily small: 

% 

47 



GAM/AE/68-11 

az 
3q = “ a^. (h^-h) coso^/cosa 

Z - iiz 
q ” m 3q 

Z¿. is also often neglected but is included here. Only the 

tail contribution caused by the lag of the downwash is included. The 

derivation is somewhat different from Etkin's (Ref 4:165). The lag 

in the downwash caused by w is: 

Ae 
3e . (hT~h) 
3a ° Uq 

To get the change in the angle of attack of the tail, the change of 

the downwash must be multiplied by the effectiveness of the tail to 

respond to changes in anglw of attack of the aircraft. 

Thus: 

and 

-Aot =-(1- 3e/3a) 3c/3a 
( h<j>-h) 

u. 

AZ = ’ 1/20V2ST aT (1 - |f> If i 
3Z 

3w 
= - V2PST aT (hT-h) (1 - 3_e j 3_e cosot 

3a 3a cosa 

Derivatives 

In the solution of the performance equations many small terms were 

neglected and they must, for consistency, be neglected in the 

derivatives. They include all terms with Ze, ZWB, DT and ZT reducing 

the moment equation to: 
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M = Fw COS0Q (^jg+h) - Fu sin0Q (-¿jj+h) + cosa (h-hn^g) - 

Lt cosa^. (hT-h) + (h-hnWB) Dyg sina + M0 + [Ti(h-hTl) + 

T2(h-hj2)]sin(6j+0Qx) + FR2(hR2+h) - FR^ihRj-h) - 

Fj COS0Q (-ôjj+h) 

All derivatives of FR and Fj are zero. It will be noticed that the 

resulting M equation consists only of terms of the Z equation and 

moment arms. As may be expected then, the M derivatives are simply 

the Z derivatives multiplied times moment arms. 

!£ = <Vh) ‘COSÍO sir - ^ + 
3 F 3F„ 3M, 

SLygcosa SL-j-cosa. 
^h"hnWB^ 3u (hT-h) ^ + 

SDugsina 3To 
(h_hnWB) -3Ü-+ Sin(6j+0OT) C(h-hTl) — + 

3T2 

(h'hT2> SIT ] 

All of the above terms may be found from Zu except 3M0/3u 

I!!® = a^/zpv^gCMa.c.) a 
3u 3u pVSCMa.c. cosa c 
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3M , 
= /2PVSCLWB ^h_hnWB^ + cos2a) + 

1/2PVS.j.Clt (h-hj) [2 cosa^ coso + 

(1 - de/da) sinaj- sino coso t 

VapVSCß sino coso (h-hj^g) + 

3Ti 3T2 
sin(ój+e0T) cosa C(h-hTl) + (h-h^) — ] + 

pVSCMa.c. coso c 

M - _L. iü 
U ' lyy 3u 

In similar method to Mu and using the Zy, derivative: 

3M w 
3w = (Vh) Y + pVS5sina cMa. c. + 

V2PVS coso (h-l^ygXCLWB sino t aWg) - 

1/2pVS-p (h^.-h) [(1 - de/doMcosoj. a^ - sino^) + 

2CLT cos«t sino] sino sin(6j+e0T) 

3T. 3T 
C "gy“ (h-h^j) + (h-híp2)] + 

1/2PVS (h-hn^g) [sino aD t Cg (1 + sin2o)] 

M _ 1 3M 
"w " I dw 

yy 
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Un ant* For both M and only the tail contribution are 
-q 

considered. 

3M _ - az 
3q " (hT"h) 3q 

9M _ rh 3Z 
I* - <hT-h) 3<, 

M - 1 3M 

q ’ ^ 3q 

M. s 
w lyy 3w 

All of the variables in the derivatives have already been used 

explicitly in the performance solution except 3Ti/3V and 3T2/3V. 

The variation of thrust with velocity was used implicitly and is found 

from the slopes of the curves in Fig. 9. The dimensional derivatives 

Xu, etc., are now used to solve the equations of motion. 

Hawker Siddeley Derivatives 

The stability derivatives of an accelerating transition were taken 

from Reference 2 and used for comparison with those calculated. The 

Hawker Siddeley derivatives were given for velocities from 50 to 220 

knots and hence, comparison at very low speeds was impossible. It was 

necessary to make two conversions to the derivatives. First, the given 

nondimensional derivatives were dimensionalized using the nondimension- 

alizing factors given (Ref 2:7). Second, the derivatives were given for 

a wind axis system centered at the wing-body aerodynamic center and 

were converted to a body axis system also centered at the aerodynamic 

center. The derivatives used for comparison with the Hawker Siddeley 

derivatives were calculated for the body axis at the aerodynamic center 

rather than converting those calculated at the center of mass. 

51 
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The conversion equations were derived by a method similar to 

Babister (Ref 7:696-698). For this derivation, X1 , u' and Z\ w' are 

the forces and velocities aligned with the wind axes and X, u and Z, w 

the forces and velocities aligned with the body axes. The lateral 

axis of each system coincide. The angle between the X and X* and the 

Z and Z1 axes is a. 

Thus: X = X1 cosa - Z* sina 

Z = Z1 cosa - X1 sina 

M = M 

u* = u cosa + w sina 

w' = w cosa + u sina 

V = V 

3x aw» 
3w' 3w 

3z* au» 
3u' 3u 

3Z 3w^ 
3w* 3u iï-) sina 

X|2 *• Xu COs2a — 

Similarly 

Zu ^ Zu» cos^a + (xu, - Zw.) sina cosa - X^t sin^a 

Zw = z;, cos2a t (z;, + X^t) sina cosa + X^i sin2a 
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Z. w 

Z q 

M u 

Mw 

Z¡, cosa 
w* 

Zq, cosa 

cosa - M^t sina 

M^i cosa + Myi sina 

MÎ. cosa w 

The change of the axis system produces significant changes in 

many of the derivatives; principally Xu, Xw, Zu, and Mu. Table I is 

a summary of the calculations and presents a comparison of the values 

before and after the axis shift. 
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V. Equations of Motion 

The equations of motion are derived for the body axis system 

used for the stability derivatives. Only those derivatives for which 

expressions were found in Section IV are retained and the equations 

are linearized. 

Stick Fixed Equations 

A simplified derivation is presented here as the equations are 

standard and complete derivations may be found in any stability and 

control text (Refs 4 and 6). 

ü Equation. 

X0 + AX - mg(sin6o + 0 cos0o) = mû + mq w0 

Subtracting steady reference values: 

AX - mge COS0Q s mu + mq w0 

Assuming small perturbations of u and w only and neglecting higher 

order terms: 

AV - 3X AX = — u 
3u 

3X 
3w 

w 

Dividing by m: 

Xu u + Xw w - g0 cos0q = ù + qw0 

(Xu - s) u + Xw w - (g cos0q + Wq s)0 = 0 

« 
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Z Equation. 

Zq + AZ + mg(cos0o - 0 sin0o) = m(w - Uoq) 

Subtracting reference values: 

AZ - mg 0 sin0Q = m(w - UqQ) 

Assuming small perturbations of u, w, w, and q only and once more 

neglecting higher order terms: 

~ AZ = Zu u + Zw w Z^ w + Zq q 

zuu+zww+Z$w-w+Zqq + _ ge sin0o = 0 

Zu u + (Zw + Z^ s - s) w + (Zq s + u0 s - g sin0o)0 = 0 

H ^quation. Besides the linear, uncoupling and perturbation 

assumptions of the X and Z equations, the assumption of negligible 

spinning rotor inertia is made in the moment equation. 

Mq + AM = lyy 4 

M0 must be zero, therefore: 

AM = iyy 4 

As in the Z equation perturbations: 

^ AM = Mu u + M,, w + M* * ♦ Mq q 

Mu u ♦ (Mw + M^ s) w (Mq - s)s0 = 0 
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The resultant stability determinant is: 

<XU - s)u + Xw w (g cos6q + w_s )0 

Zu u t [Z,, + (Z^ - l)s] w + L(Zq t u0)s - g sineo]0 

MU U + (Mw + Mws) w + (Ma - s) s 0 

= 0 

A reduction of the determinant forms the usual characteristic quartic 

As4 + Bs3+Cs2+Ds + E = 0 

where assuming cos0o = 1: 

A = 1 - 2* 

B Xu + Zw (Xu+Mq) - Zw - Mq - (Zq+u0) 

C - - xu CMq (Z^-l) - Zw - (Zq+u0)] + zw Mq . 

Mw ^Zq+u0) - Zu (Xw - v.’0 M^) - w0 Mu (Z^-l) 

D = - xu CZW Mq - Mw (Zq+u0)] + X„ [Zu Mq - Ku (Zq+u0)] + 

g CZU - Mu (Z^-i)] + wo (zu mw _ Mu zw) 

Z - g (Zu Mw - Mu Zw) 

The solution of the stability quartic is the final calculation of the 

computer programs in Appendices B and C. 
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VI. Results, Conclusions « and Recommendations 

The most notable result of the stability calculations was that 

the P-1127 was unstable in some form throughout most of the transition. 

Although the stability varied between the accelerating and nonaccel- 

erating transitions, there was fairly good agreement between the 

derivatives. There was very good agreement with the Hawker Siddeley 

derivatives in most cases but very poor agreement in two derivatives, 

Xy, and Mw, in certain velocity regimes. A discussion of the perform¬ 

ance, each derivative and the overall stability through the transition 

follows. 

Performance 

The performance of the accelerating transition was compared to 

that given in Reference 2. The nozzle deflection variation with speed 

and the final velocity at end of transition agreed very well as may be 

seen from Fig. 15. This agreement was to be expected as the variation 

and final speed are primarily dependent on the inertial properties of 

the airplane which were given in Reference 2. 

The maximum angle of attack and the minimum climb angle were at 

approximately 100 kts for both the given and calculated values. 

However, the given maximum values of a and 0 were about 7.0° and -1.5° 

respectively and the calculated values only 4.8° and Io. The given 

and calculated angles at the completion of transition agreed somewhat 

better; the given a was 2.5° and the calculated a 2.0°, the given 0 

was 5 and the calculated was 4.0°. It is believed that the disparity 

in values at and below 100 kts is due to the fact that the lift loss 

due to jet interference was not considered. The jet interference lift 
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loss presented by Captain David Archino in AFIT Thesis GAM/AE/68-2 would 

indicate that the maximum lift loss would be in tnis velocity area. 

The difference in the angles of attack would appear to be small but 

this difference is significant in the derivative calculations. Sino 

is important in both the derivative calculations and the conversion of 

the derivatives from one axis system to another. The maximum difference 

of o amounts to a change of sino of 31.6%. The slope of the drag curve 

also changes considerably and affects the value of Xw. A comparison 

of the values of a and 0 is presented in Figs. 17 and 18. 

There was no data with which to compare the performance of the 

nonaccelerating transition. It was learned in correspondence with 

Edwards AFB that the P-1127 stalled at about 130 kts and flew with 

angle of attack of 8° at 140 kts when the nozzles were fully to the 

rear. It is, therefore, felt that steady flight as calculated at about 

160 kts with angle of attack of 6° is reasonably accurate. The 

variation of nozzle angle with speed is shown in Fig. 16. It must be 

noted that the variation is very much different from that of the 

accelerating transition. 

Stability Derivatives 

In the general discussion of all the derivatives, there are 

several possible reasons for error and variation between the different 

transitions. As has already been pointed out, a small error in angle 

of attack can cause a considerable error in the derivatives. It is 

also possible to have compressibility effects in the accelerating 

transition as the Mach number at the completion of the transition is 

about .31. One of the basic assumptions in the accelerating transition 
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was that the acceleration affect on the derivatives was negligible. In 

the comparison of the accelerating to nonaccelerating transition, there 

are two inherent differences which will cause variation in the 

derivatives. First inunediately after hover, the nonaccelerating air¬ 

foils are assumed to be fully effective; whereas, the nonaccelerating 

airfoils are not effective until about 30 kts. In both cases there 

must certainly be some error. Certainly the angle of attack at which 

the accelerating airfoil is effective is very approximate. Also, in 

comparing the two transitions, although the airplane attitude is the 

same to the Earth axis, at no time are the velocity and angle of 

attack the same. To accurately compare the transitions, it would be 

necessary to solve the nonaccelerating transition for exactly the same 

flight conditions as the accelerating transition. Even with all the 

factors involved, the comparison of the given calculated derivatives 

and the accelerating and nonaccelerating derivatives is interesting. 

In most cases the derivatives are not greatly different. 

XM. The comparison of the calculated Xu to that given by Hawker 

Siddeley shows very good agreement until the end of the transition as 

is shown in Fig. 19. The error of 16% at 200 kts is greatest and may 

be caused by compressibility. 

The accelerating Xu increases in value until about 30 kts, when 

the wing becomes effective. As the affect of the induced drag 

increases the value of Xu decreases. The nonaccelerating Xu has a 

smaller value at the hover and immediately begins decreasing because 

the induced drag is assumed to be immediately present. The angle of 

attack during the accelerating transition never reaches the 6° of the 
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nonaccelerating transition, hence the accelerating Xu remains higher 

than the nonaccelerating. The Xu deiivatives are presented in Fig. 27. 

X*. The agreement of the calculated Xw with that given is good 

from 50 kts to 125 kts. However after 125 kts, the two values diverge 

and the agreement is very poor. There are several possible reasons 

for this. First, if only the wing lift contribution were considered, 

Xw would agree well. However when the drag contribution is added 

(primarily the slope of the drag curve) » xw is reduced by about 50%. 

Added to this reduction is another 50% caused by the tail lift which 

acts opposite to the wing lift because of the negative value of the 

tail incidence and the still present downwash. It is very possible 

that the slope of the drag curve could be incorrect because of the 

approximate solution in Appendix A. This error in the slope of the 

curve would not affect Cp greatly but would very significantly affect 

Xw. The tail downwash was an approximation and cannot be considered 

very accurate. The comparison of the Xw values are shown in Fig. 20. 

With reference to Fig. 28, the affect of assuming the nonaccel¬ 

erating wing to be fully effective at a constant angle of attack of 6° 

and the accelerating wing becoming effective at about 30 kts may be 

seen to be similar to Xu. Once again there is some agreement in the 

values and the variation with velocity. These derivatives cannot be 

considered very accurate but the affect on the stability is slight as 

will be discussed later. 

Zjj. This derivative decreases continually with speed as would 

be expected. Zu is highly dependent on and Cpj. The greatest 

difference between calculated and given values occurs around 100 kts 

which is also where the maximum tail downwash and minimum tail 
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effectiveness with angle of attack are assumed. As will be seen later 

in the Mw discussion, it is quite possible that the assumed maximum 

eo is too small and this would cause Zu to be too negative as is 

indicated in Fig. 21. 

The Zu values of the nonaccelerating transition are very close to 

those of the accelerating. The larger value for the accelerating 

transition and the small difference in slope is once more due to the 

difference in angle of attack and assumed effectiveness. Zu for the 

hover is usually considered to be zero but the small negative value is 

caused by the thrust contribution. The accelerating and nonaccelerating 

values of Zu are shown in Fig. 29. 

Zjf. The agreement of the calculated derivative is very good in 

this case. Little can be said about the comparison in Fig. 22. 

The important points to be noted in Fig. 30 for the accelerating 

and nonaccelerating transitions are the nonzero hover value, the 

constantly decreasing Zw with speed and the difference at low speed. 

The nonzero value at hover is once more a thrust contribution. The 

slope of the wing-body lift curve is the primary factor in the deter¬ 

mination of value of Zw and hence, when the wings of both transitions 

are effective, the values are very nearly the same. 

Z*. Hawker Siddeley gave no values for Z^ so no comparison could 

be made. Fig. 31 shows the comparison of the accelerating and non¬ 

accelerating transitions. There is a large difference in the values 

of Z* mostly because of the difference in the assumed tail downwash. 

The now usual difference is seen at low speed due to airfoil 

effectiveness. Between 50 and 110 kts the values are very nearly the 

same. Above 110 kts however, the accelerating tail downwash begins 
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decreasing and the nonaccelerating tail downwash remains constant until 

150 kts. The accelerating begins decreasing before the nonaccel¬ 

erating but both derivatives once more converge at the completion of 

transition. 

Zq. There are no comparison Hawker Siddeley values but the two 

transitions' values are shown in Fig. 32. The only difference in the 

derivatives is at low speed once more due to the airfoil effectiveness. 

M„. The derivatives of Fig. 23 are for the body axis centered at 

the wing-body aerodynamic center, hence there is no contribution from 

the wing-body lift. One would normally expect Mu to be negative 

because of the horizontal tail contribution to the derivative. However, 

for this VTOL configuration Mu remains positive at all times in the 

transition. When the tail is not effective, below 30 kts, the deriva¬ 

tive is positive because of the thrust and drag contribution. As may 

be seen from Fig. 9, the increase of the cold jet thrust with speed is 

much larger than that of the hot jet causing a positive contribution 

to Mu. The P-1127 has a fairly high wing, therefore, the increase in 

drag with velocity causes a positive contribution. When the tail 

becomes effective at about 30 kts there is an abrupt rise in Mu. It 

should be remembered from Fig. 6 that, for the accelerating transition 

the zero-lift downwash and the 3e/3a were considered zero until the 

nozzle angle reached 60°. At a velocity of 30 kts, the angle of 

attack is -5°; the nozzle angle is 55°; the zero-lift downwash is 

58% of its maximum value and the 3e/3a is 0.58. The tail lift vector 

is then directed down so that any increase speed causes a positive 

moment. As the speed increases the angle of attack is increasing 

more rapidly than the downwash thus Mu decreases until about 60 kts. 
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However, as the speed increases past 60 kts, the angle of attack does 

not increase as rapidly as the downwash and the tail ceases to respond 

to changes in the aircraft angle of attack thus Mu rapidly increases to 

a maximum value at 110 kts. The fact that the given maximum value is 

greater than that calculated would indicate that the maximum zero-lift 

downwash may indeed be greater than 10°. At the completion of the 

transition, the calculated tail incidence is negative which accounts 

for the fact that the calculated Mu levels off. 

The values of Mu with the axes centered at the center of mass are 

in general smaller than those for the axes at the aerodynamic center. 

These smaller values are caused by the wing-body lift vector to the 

rear of the center of mass. In the comparison of the two transitions 

in Fig. 33, it is most important to remember that the angle of attack 

of the nonaccelerating transition is always a positive 6°. Because of 

this positive angle of attack, the wing-body lift keeps Mu low for the 

nonaccelerating transition. Mu becomes negative at very low speed 

because the zero-lift downwash is small but increases rapidly as the 

downwash approaches a maximum value. 

Mj,. This derivative is the most important derivative in the study 

of the longitudinal stability. As in non-VTOL aircraft, the value of 

is primarily determined by the effectiveness of the tail to respond 

to changes in the aircraft angle of attack. The comparison of the 

calculated and given Mw is shown in Fig. 24. These derivatives show 

the P-1127 to be more unstable than it actually is because the wing- 

body contribution (not included) has a stabilizing influence. The 

calculated M,,, is less than or equal to that given for all speeds. The 

lesser value of the calculated M,, from 50 to 110 kts is especially 
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interesting. This smaller value could be caused mostly by only one 

parameter, 3e/da. It would appear from Fig. 24 that the calculated 

effectiveness of the tail to angle of attack change is greater than 

it should be. This means that the estimated 3e/3o is not large enough. 

The linear variation assumption of de/da with nozzle angle was 

obviously an over simplification and the de/da must approach one more 

rapidly than estimated. Although not attempted, a second degree 

variation might provfe more accurate. The estimation of cq was also 

very approximate and would affect mostly the maximum value of Mw. 

Fig. 34 shows the correct static stability derivatives for the 

two transitions. It may be seen that in either case the vehicle is 

very nearly neutrally stable or unstable for a good portion of the 

transition. The values of Mw are very nearly the same for most speeds, 

illustrating the dependence of the derivative on the treatment of the 

downwash rather than on aircraft flight attitude. The importance of 

the static stability derivative is illustrated by the fact that the 

dynamic stick fixed stability of the airplane follows very nearly the 

static stability. 

The comparison of the calculated derivative with that given 

by Hawker Siddeley is shown in Fig. 25. The agreement here is not 

very good. is primarily dependent on the value of 3e/3a which was 

allowed to become one at <5j = 30° or V = 110 kts. Allowing 3e/3a to 

become one makes zero. As in Mw this apparently was an over 

simplification but it was the only estimate available. Only the tail 

contribution to the derivative was considered but it is believed that 

any wing or body contribution would not appreciably change the 

agreement. 

« 
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Because of the disagreement with the Hawker Siddeley derivatives, 

very little faith is put in the accuracy of the derivatives calculated 

for the two transitions as shown in Fig. 35. The one important thing 

to note about is that it is stabilizing or neutral in all cases. 

As in the case of Xw, M* does not affect the stability much, and hence 

need not be estimated accurately. 

Mq. The equation for Mq is the conventional tail contribution 

to the derivative. The agreement with the Hawker Siddeley derivative 

shown in Fig. 26 is very good. 

The calculated derivative for the two transitions is believed to 

be quite reliable. For both transitions Mq is zero at the hover. This 

zero approximation is definitely not correct because there will be a 

negative contribution from the air trapped in the intake duct and a 

negative contribution from the momentum vector on the intake. Both of 

the above contributions would be small, however. 

Stability of the Accelerating Transition 

The stability of the accelerating transition may be separated 

into two velocity areas; the stability below 30 kts airspeed when the 

angle of attack is such that the airfoils are ineffective and the 

stability above 30 kts. The stability roots at less than and more 

than 30 kts airspeed are shown in Figs. 37 and 38 respectively. The 

negative half of the imaginary axis has not been shown in either 

figure. 

The stability at airspeed less than 30 kts is characterized by 

three unstable roots, two oscillatory and one real. The one negative 

real root is unimportant. In hovering flight, the airplane is very 
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nearly neutrally stable. The unstable real root causes a time to 

double amplitude of 6.5 sec which is well within the ability of a pilot 

to hold. The instability is accentuated by the second oscillatory 

unstable mode which has a time to double amplitude of 8 sec. I. A. 

Fisher has indicated that the P-1127 is easily controlled in hovering 

flight (Ref 8). As the airspeed increased to 30 kts the one positive 

real root increases causing a greater instability. At about 30 kts 

the calculated roots would indicate a time to double amplitude of 

1.65 sec. If this root is really this large, the pilot would be 

working exceedingly hard to control'the airplane. However, the motion 

is nonoscillatory which should help pilot ease of control. It is 

interesting to note that Fisher has made the same division in speed 

regimes, above and below 30 kts, when discussing the stability. 

However, he indicates that below 30 kts the airplane is manuevered 

quite easily which puts some doubt on the validity of the calculated 

root (Ref 8:4). 

At 30 kts the calculated stability of the airplane changes 

instantaneously because of the assumed instantaneous effectiveness of 

the airfoils. Undoubtedly, the change occurs somewhat gradually as 

the angle of attack increases. However, at 30 kts the angle of attack 

is changing about 3 degrees per second. The wing will probably pass 

through the nonlinear portion of the lift curve in this 3 degrees or 

less. To the pilot then, this transition will seem almost instan¬ 

taneous and the instantaneous assumption of the calculation should be 

quite valid. It should also be noted that although the stability 

changes are very large, the controls necessary for trim do not change 

radically. 

» 
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It may be seen from Fig. 38 that the airplane becomes increasingly 

unstable as the airspeed increases to about 110 kts. As previously 

noted in the discussion of Mw, the static stability follows the same 

trend. The stability is at its worst at 110 kts when the time to 

double amplitude is 2.5 sec. The period of the oscillation is 21.8 sec 

so the oscillation will double its amplitude in only 11.5% of the 

period. This instability would make the airplane difficult but not 

impossible to fly. The pilot would be moving the controls continually 

to keep up with the airplane. Fisher has noted that the P-1127 is 

difficult to fly accurately from 30 100 kts and that the pilot does 

indeed have many control reversals (Ref 8:4). 

As the airplane accelerates past 110 kts, it rapidly approaches 

stable flight becoming completely stable at about 135 kts. After the 

airplane becomes stable the roots produce the normal short period and 

phugoid modes. At the completion of the transition the phugoid mode 

has a period of about 55 sec with a time to half amplitude of 23 sec. 

The short period mode has a period of about 2 secs and a time to half 

amplitude of 0.7 sec. 

Stability of the Nonaccalerating Transition 

The stability roots for the nonaccelerating transition vary 

considerably as the speed increases. For this reason the discussion 

of the stability has been divided into four speed areas, 0-25 kts, 

25 - 90 kts, 90 - 125 kts and 125+ kts. The presentation of the roots 

of the characteristic equation for the four areas is in Figs. 39-42. 

The stability in hovering flight is almost identical to that of 

the accelerating transition the only difference being the thrust and 
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intake air contributions. As the airspeed is increased the airplane 

becomes increasingly unstable to about 25 kts. Unlike the accelerating 

transition, the airfoils are effective hence the airplane does not 

become as unstable as in the accelerating case. The time to double 

amplitude at 25 kts is 2.5 sec. 

At about 25 kts the dynamic pressure is large enough to cause the 

aerodynamic contributions to reverse the trend and the airplane becomes 

more stable as the speed increases. The roots appear to be converging 

to the expected phugoid and short period modes. However as the air¬ 

speed approaches 90 kts the tail downwash is rapidly increasing and 

the static stability is decreasing. 

The most unstable flight in the nonaccelerating transition occurs 

from 90 - 125 kts. As may be seen from a comparison of Figs. 6 and 

7 the nozzle remains rotated down for a longer span of airspeed in 

the nonaccelerating transition. This causes a maximum downwash over 

a longer period and more importantly, causes a larger downwash at a 

higher airspeed. From Fig. 34, it may be seen that the airplane in a 

nonaccelerating transition is more statically unstable over a longer 

span of airspeed than in an accelerating transition. The dynamic 

stability produces the same result. The maximum instability at 125 kts 

results in a time to double amplitude of about 1.5 sec. Unfortunately, 

the P-1127 is seldom flown at steady airspeed in this unstable regime 

so there are no comparative values to validate the results. However, 

it is interesting to note that the airplane is flown by the accel¬ 

erating transition because of the increased stability which has been 

indicated by the calculated results. 
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The stability of the nonaccelerating P-1127 steadily increases 

after 125 kts and becomes completely stable at about 160 kts. At the 

completion of the transition at about 165 kts, the conventional phugoid 

and short period modes have been produced with times to half amplitude 

and periods almost identical to those at the completion of the 

accelerating transition. 

Primary Conclusions 

The validity of the results has been generally supported by the 

agreement of the derivatives and the stability with that of the 

actual airplane. It is felt that the assumption that the airfoils of 

the nonaccelerating transition are immediately effective causes little 

error because of the small difference in the stability at low speeds 

of the nonaccelerating and accelerating transitions. As previously 

stated the assumption of instantaneous boundary layer attachment 

should cause little error because of the rapid rate of angle of attack 

change. A probable error in the estimation of the airfoil effectiveness 

is the angle of attack at which the boundary layer attaches. This 

angle was estimated from experimental airfoil section data in which 

the stall was measured as the airfoil went from unstalled to stalled 

flight. However, the accelerating airfoil is flying from a stalled to 

an unstalled flight condition. In general the difference in the 

direction of the transition causes the stalled airfoil to unstall at 

a higher angle of attack than the angle at which the unstalled airfoil 

stalls. Once again because of the rapid acceleration, this error is 

believed to be small. 
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The greatest error in the study is obviously i„ the linear down- 

assumption. The value of the maximum downwash appears to be 

reasonably close to the actual value. However, it is believed that 

the zero-lift downwash is greater at lower speeds than that estimated. 

It is also doubtful that 9e/3o actually reaches a value of one. When 

more wind tunnel tests have been performed, a suitable parameter based 

on nozzle angle, V.^, wing planform, and tail distance and height 

may be found. The only reasonably accurate method of obtaining down- 

wash information now is by powered-model wind tunnel tests. 

The lift loss and wing moment from jet interference should not be 

neglected. This lift loss occurs in the speed area of the critical 

stability and may contribute appreciably to the stability derivatives. 

Because of the disagreement of the Xu and M. derivatives, the 

affect of Xw, M. and z. on the stability was investigated. Completely 

neglecting the derivatives separately and collectively had negligible 

affect on the stability in hovering flight. Neglecting only x„ had a 

negligible affect throughout the transition. The difference in the 

time to double amplitude at 110 kts was less than .01 sec. Z. a„d 

are interdependent and were considered to be zero together. Neglecting 

Z. and M* reduced the stability at all speeds. The greatest difference 

was at the completion of the transition when the time to half amplitude 

of the short period was increased by .09 sec. at 125 kts the time to 

double amplitude was decreased by only .06 sec. Assuming the worst 

possibility and neglecting all three derivatives collectively also 

resulted in reduced stability at all speeds. In the area of critical 

stability at about 100 kts, the time to double amplitude was reduced 
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by .08 sec. At the completion of the transition the times to half 

amplitude for the phugoid and the short period modes were increased 

by 1*3 sec and .11 sec respectively. It was concluded from this ¿rror 

analysis that Xw, and need not be accurately estimated. This 

conclusion further indicated the validity of the calculated stability. 

Recommendations 

The study of the longitudinal stability should be continued with 

a concentration on the transition of tha airfoils from stalled to 

unstalled flight and a better estimation of the downwash character¬ 

istics. The lift loss and wing moment from the jet interference 

should be included. 

The lateral stability of the vectored thrust VTOL needs to be 

more fully understood. I. A. Fisher has indicated that the P-1127 

is laterally unstable at low speeds (Ref 8:4). 

The programs of Appendices B and C with slight modifications 

could be used to obtain optimum design configurations for a vectored 

thrust VTOL. The variation of such parameters as the intake height, 

center of mass position, and engine position should provide very 

interesting changes in the stability. 
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Fig. 15 Nozzle Angle (Accelerating Transition) 
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Fig, 16 Nozzle Angle (Nonaccelerating Transition) 
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fig* 19 Xu Comparison with Hawker Siddeley Derivative 

CM 
o 

» X 

-2 
Fig* 20. Xw Comparison with Hawker-Siddeley Derivative 

100 200 

-1 

3 
tSl 

-2 

«MM 

Fig* 21 zu Comparison with Hawker Siddeley Derivative 

76 



GAM/AE/68-11 



i 

GAM/AE/68-11 

78 



GAM/AE/68-11 

Velocity, kts 

100 200 

-3* 

O 

-4 

-6 

-8 

-10 

-12 

-14 

Fig. 25 Comparison with Hawker Siddeley Derivative 

a*~ • 5 

-1 ::::::::::::: 

Fig. 26 M Comparison with Hawker Siddeley Derivative 
SI 

79 



GAM/AE/68-11 

80 



GAM/AE/68-11 

3 
N 
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Fig. 30 Zw with Moment Reference at the Center of Mass 
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Fig. 31 Z£ with Moment Reference at the Center of Mass 
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Fig. 32 Zq with Moment Reference at the Center of Mass 
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Fig. 34 Mw with Moment Reference at the Center of Mass 
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Fig. 37 Stability Roots for the Accelerating 
Transition (0-30 kts) 

Fig. 38 Stability Roots for the Accelerating 
Transition (30-: kts) 
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Fig. 41 Stability Roots for the Nonaccelerating 
Transition (90-125 kts) 

Fig. 42 Stability Roots for the Nonaccelerating 
Transition (125+ kts) 
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Appendix A 

Calculation of the Aerodynamic Coefficients 

The aerodynamic coefficients were calculated using the USAF 

Stability and Control Datcom and the values compared with the 65-009 

airfoil of Reference 3 where possible. The P-1127 airfoils were known 

from Fig. 2 and it was known that the airfoils were symmetrical. 

Although the wing was not of constant thickness, to eliminate the need 

for integration an average thickness of 8% was used for the entire 

wing. 

Datcom Reference 

Lift Coefficient of the Wing-Body with Flaps Up 

cla = 6*28 + 4.7(t/c)[l+.00375<|>TE] (per rad) 4.1.1.2-a 

= 6.60 

clo of 65”009 = 6*50 

Se 

aWB = ^CLa)WB = CKN+KW(B)+KB(W)] (CLa)e 4,3 

— = 71 
sw 

(CLo)e is obtained from Fig. 4.1.3.2-11 using the entering 

1/2 
parameter (Ae/K)[82 + tan2Ac^23 • Where: 

K = clo/2Tt = 1,05 

ß = ¿ ! (low speed) 

Ae = be/Se = 2.44 
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be is defined by: (see Fig. 43) 

b| (tan-1Ao - tan^AfE) + 4bect “ 4Se Ä 0 

be = 2.15X102 in = 17.95 ft 

tanAc/2 = tanA0-4/A [1/2(1-1)/(1+1)] 2.2.2-1 

tanAc/2 = *534 thus: 

Ae/K [B2 + tan2Ac/2]1/2 = 2.74 

(^Lo)eZ^e s 1*15 

(CLa)e = 1*15 (2.44) = 2.81 

Kjj = (Cl0)jj %ref/(CLa)e ^e 4.3.1.2-4 

sNref defined as flat plate body area as seen from the nose of 

the aircraft. 

sNref = 29.8 ft2 

(cLa^N * 2(k2-k1) S0/VB2^3 (per radian) 4.2.1.1-a 

VB = 96(ird2)/4 + 78(d/2)2/4 = 9.4xlo5 in3 

ki-kj = 0.6 4.2.1.1-6a 

s 2(0*6) (29.8) (144)/(9.4xl05)2/3 = 0.54 

% =.54(29.8)/(2.81)(132.1) = .0432 

d/b = .27 
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kW(B) = i*24 4.3.1.2-10 

KB(W) s -40 4.3.1.2-10 

<cLa>WB = (-0432+1.24+.40)(2.81)(132.1/186) = 3.35 

• 3.35 

CLMAX s <CLMAX) base + ACLMAX 4.1.3.4c 

(cLMAx) base and Clmax are taken from graphs 4.1.3.4-16b and 

4.1.3.4-17a respectively. The entering parameter for (Clm^) base is: 

(Cj+l) A/6 cosAt.y 

X = ct/cr = 56/140 = .4 

Ci = 0.4 

Entering parameter for CLMAx is: 

(C2+I) A tanA^g 

C2 = 1-1 

(Ci+1) A/B cosAle * (1.4)(2.797)(.765) = 2.99 

(C2+l) A tanALE = (2.1)(2.797)(0.84) = 4.95 

Ay = 1.35 

(CLMAX) base = ,81 

acLMAX s -05 

4.1.3.4- 16b 

4.1.3.4- 17b 

4.1.3.4- 17a 

4.1.3.4- 17b 

2.2.1-8 

4.1.3.4- 16b 
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CLMAX = 0,86 ^wing only) 

aCLMAX = (aCLMAX)base + AaCLMAX 

^aCLMAX^base = 22° 

AotCLMAX = 0 

oClmax = 22° (wing only> 

£ 0.9 and ^iSâiíSâ 4 ,7 

'CLMAX'W loCLMAX;W 

^LMAX^WB " •78»(oCLMAX)WB = 15,4° 

Lift with Flaps Down 50° 

r_sq m + 1 ( ^0^6=0 

c 

24 ... 
25 

.96 (measured from Fig. 44) 

= bfOi - ¿ bf X3 + ^ bf X. = 43 

C£ = Cp - b^ (tanAjjg - tanA^) 

x3 = bf tanALE 

SWf = 86 ft2 

CcLa)fi s [^-.04 (y|| + l)"^] (CLa)6=:0o 

= (.9815)(CLa)6=0 = 3.30 

aclmax = Acimax ^ K 

4.1.3.4-d 

4.1.3.4-18a 

4.1.3.4-18b 

4.3.1.4-5 

6.1.4.2.1 

6.1.4.3a 
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ÛC1MAX = kik2k3 6.1.1.3-3 

^IMAxWïe = *82 

ki = .89 6.1.1.3-6b 

6.1.1.3-7a 

k3 = 1.0 6.1.1.3-7b 

Ac1MAX = •89(.95)(1.0)(.82) = .695 

K = 'l-.08 cos2Ac/4) cos3^4 6.1.4.3-1 

Ac/4 = 34° (from Hawker Siddeley) 

K = .812 

AGlmaX = -695(.463)(.812) = .262 

CLMAX = .78 + .262 = 1.042 

Using 65-009 airfoil with flaps down 60°, Ac^^X = 80 an(^ 

^LMAX = -301, so values appear reasonable. 

A°0cl = -11° 

Ao0CL = -11(.463)(.812) = -4.1° 

For a summary of wing lift curve see Fig. 45. 
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Drag 

/ SB 
(CD^WB s ^CDO^Wb + ^CDi^W + CcDÍa^B 4.3.3.2-a 

SB 

*CDO*WB " CDOW + ÍcDO^b S7 4.3.3.1-a 

(CDOW) s cDf s 2Cf t1 + 2t/c + 100(t/c)4] ¿ 2.32 Cf 

Cf is friction coefficient based on Reynolds number which is: 

K _ £Vc 

<cDO>b = 1*02 Cf [^1 + 
1.5 

UB/d)3/2 aB/d) '] 
Sj + CDb 

4.2.3.1-a 

% 

£b 
d 

495.2 

29.8 

509.92 
74 

16.1 

6.89 

CjjqB = 1«13 Cf 

Where Cf is based on body Reynolds number. 

Both turbulent and laminar flow were investigated. It is quite 

possible that laminar flow may exist on the wing at speeds below 

50 ft/sec. However, at this low speed, drag is a minor force so only 

turbulent drag coefficients were used for simplicity. Table A-l is 

a summary of the calculation of the zero-lift drag coefficient without 

flaps. 

96 



' 

GAM/AE/68-11 

% 
2 

o 
•H 

ra 

o 

a 

en 

§ ° 1 o 
X 1

3
.4

5
 

1
0

.8
4

 

1
0
.2

9
 

9
.8

3
 

9
.3

1
 

9
.0

7
 

8
.7

9
 

8
.5

7
 

8
.5

6
 

8
.3

1
 

8
.0

6
 

7
.8

2
 

7
.5

5
 

6
.5

9
 

! ni » 
fl c/l |c/]m 

1 O 

1 O •"t 
BOX 

.9
4
5

 

.8
4

 

.7
9

 

.7
8

 

.7
4

 

.7
1
5

 

.6
9

 

.6
9

 

.6
8

 

.6
6

 

.6
4

 

.6
2
5

 

.6
0

 

.5
7

5
 

H 0>fr> 
O T) O 

I O O • 
g « 

X 

4
.1

8
 

3
.7

3
 

3
.5

1
 

3
.4

0
 

3
.2

8
 

3
.1

7
 

3
.0

5
 

3
.0

5
 

3
.0

0
 

2
.9

4
 

2
.8

3
 

2
.7

7
 

2
.6

6
 

2
.5

5
 

O bpro 
U Q C O 
! O «H H 

» 
X 

1
2

.5
 

1
0

.0
 

9
.5

 

9
.0

5
 

8
.5

7
 

8
.3

5
 

8
.1

0
 

7
.8

8
 

7
.8

8
 

7
.6

5
 

7
.4

2
 

7
.1

9
 

6
.9

5
 

6
.0

2
 

X 

3
.7

 

3
.3

 

3
.1

 

3
.0

 

2
.9

 

2
.8

 

2
.7

 

2
.7

 

2
.6

5
 

2
.6

 

2
.5

 

2
.4

5
 

2
.3

5
 

2
.2

5
 

tom 
H 4-1 G O 
Il CJ *H iH 
1 * 

X 

5
.4

 

4
.3

 

4
.1

 

3
.9

 

3
.7

 

3
.6

 

3
.5

 

3
.4

 

3
.4

 

3
.3

 

3
.2

 

3
.1

 

3
.0

 

2
.6

 

U> 
>» 1 

^1° 
X 

2
.7

 

5
.4

 

8
.1

 

1
0
.8

 

1
3

.5
 

1
6
.2

 

1
8
.9

 

2
1

.6
 

2
4
.3

 

2
7
.0

 

3
3
.8

 

4
0
.5

 

5
4

.0
 

8
1

.0
 

(O 
bp 1 

veo 
« «H H 

S 
X 

.5
5
4

 

1
.1

1
 

1
.6

6
 

2
.2

2
 

2
.7

7
 

3
.3

2
 

3
.8

8
 

4
.3

3
 

4
.9

8
 

5
.5

4
 

6
.9

2
 

8
.3

 

1
1

.1
 

1
6

.1
 

V
 

ft
/s

e
c

 

10
 

20
 

30
 

4
0

 

50
 

60
 

70
 

80
 

90
 

1
0
0

 

1
2
5

 

1
5
0

 

2
0
0

 

3
0

0
 

97 



I 

GAM/AE/68-11 

Cr2 
a (1 + ójój) + kA 

6l ¿ .003 

fi2 = 1*37 

(1 + 6x62) = 1 + .0041 = 1.0041 ¿ 1 

J a .3(Ci+l) A/ß cosALe {(C1+1)(C2+1) - 

[(C2+I) A tanALj/7]3} = 2.52 

K = 1 

A is based on J and 

4.1.5.2- d 

4.1.5.2- 11 

4.1.5.2- 12 

4.1.5.2-13 

tana _ tana tana 
tana^ tanl5.4° .275 4.1.5.2-14 

nA = 8.78 

Table A-2 is a summary of the induced drag coefficient calculation 

without flaps. 

At most speeds and angles of attack, a sufficient approximation 

for (Cdo)^ is .010. 

C, 
[CD(a):L a a2 + 0.49 f2 ^ «*♦ 

B sb 

C^e = 1•2 

■'-n 
f = = 6.89 

4.2.1.2-9b 

Imax = -012 
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CCi)(a)]g is an order of magnitude smaller than [Cd(o)]^ and is 

safely neglected. 

Drag with 50° Flap Deflection 

, (cLf)‘ 
acDMIN = ACdf Kb + K —^T~ 6.1.7p 

AC^ = .091 6.1.7-19 

_ 59.55 
b " 133.36 

= .45 

Kv = .6 6.1.4.1-2b 

K = 0.8 6.1.7-21 

ACt = .262 

* 

.054 t 0.8(.262)4 
acDMIN - (3.14)(2.797) 

= .054 + .00625 = .060 

(CDo)ave = *060 + .010 = .070 

Gt2 ' CL2 

CDi s iS" (1 + 6162> + ^ 4 iT- + 

See Table A-3 for induced drag coefficient calculations with 

flaps. 

^Ma.c. ^or 50° flap Deflection 

From Reference 7, 65-009 Cinc^4 is obtained. 

Styf 
CMc/4 = ^0/4 Sjj“ K 

K is obtained as in 6.1.4.3-1. 
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TABLE A-4 

Çjíc/4 Calculation With Flaps 

aw ^mc/4 cMc/4 

0 

3 

7 

11 

13 

15 

17 

19 
- 

-.15 

-.175 

-.2 

-.2 

-.2 

-.2 

-.2 

-.2 

-.0565 

-.066 

-.0753 

-.0753 

-.0753 

-.0753 

-.0753 

-.0753 

In all wing-body calculations the angle of attack of the wing 

has been used as a reference. The wing has a constant incidence of 

1.75°; thus, to represent the lift, drag and moment in terms of 

aircraft angle of attack all values must be shifted 1.75°. For a 

summary of all wing-body values with reference to aircraft angle of 

attack see Fig. 45. 

Horizontal Tail Lift 

cla = 6.28 + 4.7(.07) [1+.00375(^] 4.1.1.2-Í 

= 6.28 + .33 = 6.61 

A* 3.26 (Ref 2) 
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tanAc/2 = tanALE-4/A [1/2(1-X)/(l+X)] 2.2.2-1 

A/K [02 + tam2Ac/2] = 3.52 

cLa/A = 1,0° CLa = 3,26 4.1.3.2-11 

Travel of the tail is restricted within the linear variation of 

lift with angle of attacky hence calculation is not necessary. 

See Fig. 47 for tail lift coefficient summary. 

Wing-Body Aerodynamic Center 

a.c.ï CLaB(W) 
*a.c. ^W(B) C^(B) ^)B(W) 

^ (CL«N + + 

cLoN = (previously calculated) 

4.3.2.1-a 

( d ) tanA 

V cr JN cr ^2crJ LE 4.3.2.1-c 

y = -5 4.3.2-l-10a 

x2 = -.5(144) = -72 in 

(”■—-) = -.292 
^ cr -'n 

r^a.co rxa.cp fCre^ 
( - JwfB'» “ ( o_J U J '•V W(B) cre cr 2 c, 

tanA 
LE 

4.3.2.1-d 

^a. c. 

cre 
¿ -.5 4.1.4.2-8 

tanA LE 

B 
= .84, and Ae tanAL£ = 2.05 

« 
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. be 
Cpe * -5- tanALE + ct-— tanATE = 121 in (Fig. 43) 

fl« = 121 = aß5 
Cp 140 *865 

ka.c 

crW(B) 
— = .6545 

^ B(W) = ^B<W, ^ + ® 4.3.2.l-f 

(^) i .34 
're b(W) 

4.3.2-1-11 

* -516 

Se 
CloW(B) * kW(B) (CLa)e = 2.49 4.3.1.2a 

cLob(W) s •i*0(Cija)e = .803 

(^-) * .485 
cr 

This corresponds to hn^g 68 in * 5.65 ft; as a percentage of the mean 

aerodynamic chord this is .1775c. 

Tail Aerodynamic Center 

*0? cre J ^ 

» *#* •31‘* 

^a.c. 

cre 

cre i 

°r ‘ 

xa. c. 

* .6 

,95 (from geometry Ref. 5) 

= .57 

4.1.4.2-8 

This corresponds to .282 of the geometric mean chord. 
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Tail Downwash in Conventional Flight 

The downwash is investigated at o = 3° because this is the 

approximate angle of attack at the completion of the accelerating 

transition. 

(a-ao) _ 90 

18° 

beff 
b 1 4.4.1-30 

2*T _ 16.663 
b ' 11.41 = 1.45 

4.4.1-30 

.6 

ri£) = 
^a-'v .7 

a-0.41CT 

* ' hH - ( .AefP 

bv = beff ■ (beff " bvru 

- (^) 

21 

) (-^) be ru 

tanF - 6.2 

1/2 

4.4.1-31 

4.4.1- 31 

4.4.1- c 

4.4.1-e 

bvru = C0»78(0.10)(1-0.4) 0.003Ac/4] bg^^ = 18.3 4.4.1-f 

, _ 0.56A 
^ ‘ cL 31.3 

bv = 264.42 in 

.565 
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(0€/9o) _ . 
7âë75âTv ‘ -7 4.4.1-32b 

(|f) = 0.42 

The computation of eq is not by Datcom method and is presented in 

the body of the report. 
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Aircraft Angle of Attack 

Fig. 45 Wing-Body Lift and Moment Coefficients, CLyjB and C^g c 
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Aircraft Angle of Attack, a 

Fig. 46 Aircraft Drag Coefficient 

108 



GAM/AE/68-11 

.
 

.
-
.
-

 



/ 

GAM/AE/68-11 

Appendix B 

Computer Program Solution of 

The Accelerating Transition 

The program was written to be as generally applicable as possible. 

Of course, all the aerodynamic coefficients, distances and other 

variables are for the P-1127 only. The program could be used for other 

VTOL airplanes only with extensive changes. However, only small 

changes are needed to solve any P-1127 accelerating transition at 

constant attitude and engine speed. Specifically there are two areas 

of the program which need to be examined if the constant references 

are changed. First the variation of the tail downwash must be reviewed 

by estimating the parameter (CpVœ/Vj)/sin6j. Second the variation of 

with velocity v'ill change if other than 95% maximum engine speed is 

used. This change of thrust will also affect the reaction moment 

available. Most of this information was not available and hence has 

not been included in this report. 

A presentation of the program is in the following pages. The 

program is mostly self explanatory, however, several variables need 

to be defined here for clarity. 

RHO = 1/2 p 

EPI = e0 

ALPHAT = (1 - 3e/3a) a 

PEPIA = 3e/3a 
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Appendix C 

Computer Program for the Solution of 

The Nonaccelerating Transition 

The computer program presented on the following pages for the 

^~T127 in a nonaccelerating transition is very simple to use. It 

should be suitable for any nonaccelerating transition at constant 

angle of attack and weight. Unlike the program for the accelerating 

transition this program has included the variation of engine speed 

and reaction moment. It is believed that the treatment of the downwash 

would be suitable for any possible transition. As in the accelerating 

Program, several variables need to be defined for clarity. 

RHO = 1/2 p 

EPI = e0 

ALPHAT = (1 - 3e/3a) 

PEPIA = 3 e/3a 
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