
REPORT DOCUMENTATION PAGE 
Form Approved 

OMB No. 0704-0188 

The public reporting burden for this collection of information is estimated to average 1 hour per response, including the time for reviewing instructions, searching existing data 

sources, gathering and maintaining the data needed, and completing and reviewing the collection of information. Send comments regarding this burden estimate or any other 

aspect of this collection of information, including suggestions for reducing the burden, to Department of Defense, Washington Headquarters Services, Directorate for Information 

Operations and Reports (0704-0188), 1215 Jefferson Davis Highway, Suite 1204, Arlington, VA 22202-4302. Respondents should be aware that notwithstanding any other 

provision of law, no person shall be subject to any penalty for failing to comply with a collection of information if it does not display a currently valid OMB control number. 

PLEASE DO NOT RETURN YOUR FORM TO THE ABOVE ADDRESS. 

1. REPORT DATE (DD-MM-YYYY) 

09/01/2020 

2. REPORT TYPE 

Technical Report 

3. DATES COVERED (From - To) 

4. TITLE AND SUBTITLE 

Design for a Low-Cost K-Band Communication Satellite Constellation 

5a. CONTRACT NUMBER 

W56KGU-18-D-0004 

5b. GRANT NUMBER 

5c. PROGRAM ELEMENT NUMBER 

6. AUTHOR(S) 

Strickland, Peyton D. 

5d. PROJECT NUMBER 

5e. TASK NUMBER 

5f. WORK UNIT NUMBER 

7. PERFORMING ORGANIZATION NAME(S) AND ADDRESS(ES) 

The MITRE Corporation 

7515 Colshire Drive 

McLean, VA 22102 

8. PERFORMING ORGANIZATION 

REPORT NUMBER 

PRS-19-3626 

9. SPONSORING/MONITORING AGENCY NAME(S) AND ADDRESS(ES) 

Missile Defense Agency 

10. SPONSOR/MONITOR'S ACRONYM(S) 

MDA 

11. SPONSOR/MONITOR'S REPORT 

NUMBER(S) 

12. DISTRIBUTION/AVAILABILITY STATEMENT 

DISTRIBUTION STATEMENT A. Approved for public release: distribution unlimited. 

13. SUPPLEMENTARY NOTES 

Contributing to thesis work at the University of Alabama. 

14. ABSTRACT 

An analysis was conducted on the feasibility of using a 72-satellite constellation at an altitude of 1000 km to communicate 

with both low flying objects and low Earth orbiting (LEO) satellites. In addition, the satellites would be designed to 

communicate with ground terminal locations using radio frequency (RF) transmitters. The proposed satellite constellation 

would provide comprehensive communications coverage across the continental United States. The results of this analysis 

have shown the impracticability of such a solution at this time due to the satellite’s power budget. 

15. SUBJECT TERMS 

Satellite Communications; cost modeling; low earth orbit; satellite constellation; K-Band; radio frequency transmitters; 

communication; 

16. SECURITY CLASSIFICATION OF: 17. LIMITATION OF 

ABSTRACT 

18. NUMBER 

OF 

PAGES 

 
56 

19a. NAME OF RESPONSIBLE PERSON 

Susan Carpenito a. REPORT b. ABSTRACT c. THIS PAGE 

19b. TELEPHONE NUMBER (Include area code) 

781-271-7646 

Standard Form 298 (Rev. 8/98) 
Prescribed by ANSI Std. Z39.18 



Design for a Low-Cost K-Band 
Communication Satellite 
Constellation  
 

Author: Peyton D. Strickland 
  
 
September 2019 

M I T R E  T E C H N I C A L  R E P O R T  
 

 
 
 

 
 
 

Sponsor: Missile Defense Agency 
Dept. No.: P652 
Contract No.: W56KGU-18-D-0004 
Project No.: 0719B1TD-TD 
 
The views, opinions and/or findings 
contained in this report are those of The 
MITRE Corporation and should not be 
construed as an official government position, 
policy, or decision, unless designated by 
other documentation. 
Approved for Public Release; Distribution 
Unlimited. Public Release Case Number    
19-3626 
 
DISTRIBUTION STATEMENT A 
Approved for Public Release; Distribution is 
Unlimited.  
 
Approved for Public Release 
19-MDA-10267 (14 Nov 19) 
 
©2019 The MITRE Corporation.  
All rights reserved. 

 
Huntsville, AL 
 

 
 



Approved By 
 

   ‘’signed’’       14 Nov 19  
 

 

Mike Russell, T843 Date 
Group Lead, Model-Based Architecture & Eng. 



 
 

 
iii 

Abstract 

MITRE funded analysis was conducted on the feasibility of using a 72-satellite 

constellation at an altitude of 1000 km to communicate with both low flying objects and low 

Earth orbiting (LEO) satellites.  In addition, the satellites would be designed to communicate 

with ground terminal locations using radio frequency (RF) transmitters. The proposed satellite 

constellation would provide comprehensive communications coverage across the continental 

United States. The results of this analysis have shown the impracticability of such a solution at 

this time due to the satellite’s power budget.  For this design, the satellite is required to use a 

heritage radio frequency data transmitter to communicate resulting in a cost of almost $5 billion 

for the satellite constellation with a design life of 13 years. Comparison to the historical example 

of the FireSat II satellite provided the validation for the sizing and design of the proposed 

satellite. The satellite sizing models used equations found in Space Mission Engineering: The 

New SMAD [1]. Lastly, the cost estimate was provided by the 2010 version of the Small Satellite 

Cost Model developed by The Aerospace Corporation.  
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 Introduction 

 In August 2018, The MITRE Corporation requested a first-cut estimate of the size, weight, 

power, and cost of using a constellation of 72-satellites at an altitude of 1000 km to communicate 

with both low flying objects and low Earth orbiting (LEO) satellites.  In addition, the satellites 

would be designed to communicate with ground terminal locations using radio frequency (RF) 

transmitters. The area of interest requiring comprehensive coverage as defined by MITRE spans 

from a minimum latitude of 18 degrees North and a maximum latitude of 90 degrees North with 

a minimum longitude of 180 degrees West and maximum longitude of 312 degrees West. This 

results in comprehensive coverage of the continental United States (CONUS) and its 

surroundings. As part of this analysis, MITRE established several design parameters. First, 

MITRE defined the constellation configuration using six orbital planes with each plane 

consisting of 12 satellites at an 85-degree inclination for a total of 72 satellites. Furthermore, 

MITRE established that the communication payloads for each satellite would use RF transmitters 

with a range constraint of 2000 km and laser communication units for satellite-to-satellite cross 

link capability. Lastly, MITRE provided locations for ground stations located across CONUS. 

The satellite design approach described in this technical report was adapted from Space Mission 

Engineering: The New SMAD. 
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 Approach 

2.1 Introduction 

To begin this analysis, a LEO satellite constellation of 72 satellites distributed throughout 

six orbital planes at an altitude of 1000 km and inclination of 85 degrees with a thirteen-year 

design life was established. Once the orbit was established, a coverage model tool was created 

for the proposed satellite constellation using Analytical Graphics Incorporated (AGI)’s Systems 

Tool Kit (STK), a physics-based software package that allows engineers and scientists to 

perform complex analysis of ground, sea, air, and space platforms, through a MATLAB 

interface.  This coverage model tool allows the user to record the percentage of area satisfied by 

time for the given transmitter configuration which can then be used through an iterative process 

to determine the number of transmitters needed per satellite as well as their location. After the 

optimal number of transmitters were determined, an initial spacecraft bus dry mass and power 

estimate were calculated based on the equations in Space Mission Engineering: The New SMAD 

[1]. With these first-order power and mass budgets, a power system model, propulsion system 

model, and an attitude, determination, and control system (ADCS) model were created in 

MATLAB to size the different subsystems of the satellite. Lastly, the Small Satellite Cost Model 

(SSCM) [2] was used to establish a cost model for the proposed satellite design. 

2.2 Constellation Parameters 

The orbital altitude of 1000 km was selected due to communication range limitations of the 

radio used on-board the satellite. An inclination of 85 degrees to enable access to ground 

terminals at high latitude regions. Furthermore, a total of 72 satellites in six orbital planes was 

derived through an iterative process; this process balanced the revisit time of satellites over 
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ground terminals and the ability for cross communications between all satellites with line-of-

sight using laser systems. These numbers are consistent with commercially implemented systems 

such as the Iridium constellation.  

2.3 Coverage Model 

2.3.1 Purpose 

Once the constellation parameters and provided ground terminal locations were both 

known, a coverage model generated to determine the optimal number of RF transmitters needed 

per satellite and their respective orientations to provide an acceptable percentage coverage over 

CONUS and its surroundings at all times. To implement this coverage model, STK was used 

through a MATLAB interface to allow for an iterative approach to be employed.  

2.3.2 Methodology 

First, a scenario was created in STK lasting for 24 hours to ensure redundancy of results 

through multiple completed orbits. Following this, the provided ground terminal locations from 

MITRE were modeled as facilities in the scenario. Next, the constellation of 72 satellites at 1000 

km with an inclination of 85 degrees was modeled.  To do this, a seed satellite was modeled by 

inserting a default satellite at 1000 km with an 85-degree inclination. Subsequently, a generic RF 

transmitter with a maximum range constraint of 2000 km and a half cone angle of 45 degrees as 

prescribed by MITRE was attached to each satellite. Lastly, the Walker Tool in STK was utilized 

to create a Walker constellation, a group of satellites that are in circular orbits and have the same 

period and inclination, of 72 satellites which consisted of six planes with each plane having 

twelve replica satellites of the seed satellite. In addition to being optimized for high-latitude 

coverage, this constellation design also was optimized to allow for line-of-sight laser 
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communication. Line-of-sight laser communication decreased the number of satellites needed 

due to the increase range provide when compared to the performance of the RF transmitters. 

Furthermore, the laser communication provided this range improvement at a fraction of the 

power cost associated with the RF transmitters. 

After the satellite constellation was modeled, STK constellations can be utilized which 

allows a user to group a set of related objects, such as a group of facilities or satellites, into a 

single unit called a “constellation”. A facility, satellite, and transmitter constellation are all 

created. This makes it significantly easier to carry out a coverage analysis using a chain, a list of 

objects (either individual or grouped into constellations) in order of access.  

The path of the chain modeled herein was facilities to satellite, satellite to satellite, and 

satellite to transmitter. In other words, the ground station must be able to see a satellite that can 

see and communicate with another satellite using laser communication. If this chain was valid, 

STK determined the percentage of the area covered given the transmitter’s range constraint of 

2000 km and half cone angle of 45 degrees. This chain was chosen due to another requirement 

established by MITRE that mandated that information must be able to be communicated to a low 

flying object in a timely manner regardless of proximity to ground terminals so that if the low 

flying object is not close to the ground terminals, information can still be transmitted to the rest 

of the area of interest through satellite cross-linking. 

Once the chain was modeled, a coverage grid is created in STK to assign the area of 

interest where coverage is important. CONUS and its surroundings were designated as the area 

of interest with the grid bounds consisting of a minimum latitude of 18 degrees North and a 

maximum latitude of 90 degrees North with a minimum longitude of 180 degrees West and 

maximum longitude of 312 degrees West. Furthermore, the coverage points are placed at an 

altitude of 1000 degrees to coincide with the altitude of the satellites. Lastly, the chain is 
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assigned to the coverage grid as the asset of interest. As a result, when the chain is valid, the 

satisfied area is calculated as a function of time by determining the area in which the transmitter 

can communicate, considering range and field of view constraints. 

Finally, a “Satisfied by Time Report” was generated in STK and exported to an Excel file 

detailing the percentage of area covered as well as the total area covered in meters squared in 

single minute blocks during the 24-hour analysis period. This process is repeated from one 

transmitter pointing nadir to six transmitters (one on each side of the rectangular shaped satellite 

pointed orthogonally). Originally, a single script with a “for loop” adding one transmitter to each 

iteration was utilized; however, due to run time and memory constraints, the original script had 

to be altered. The single script was separated into six separate scripts to avoid run time 

constraints while STK’s No Graphics mode was utilized to free more memory for object and 

coverage analysis storage.  

2.3.3 Coverage Model Output 

With the coverage model finished, the program was run to determine the percentage of 

coverage over the area of interest as a function of time. This process was completed six times to 

find the optimal number of transmitters and their orientation. An example “Satisfied by Time 

Report” is shown below. 
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Figure 2-1 Coverage Model Output 

 

2.4 First-Order Satellite Power Estimate 

Once the coverage model was completed and the optimal number of transmitters per 

satellite was selected, a first-order power estimate was generated. There are two approaches for 

determining a spacecraft’s mass and power covered in SME: The New SMAD. For the first 

approach, as described in section 14.7.1 “SCS Example” on page 432, one can begin with a 

target mass for the entire system and then determine the mass and power available for the 

spacecraft. Conversely, as described in section 14.7.2 “FireSat II Example” on page 435, one can 

start with the payload and then determine the mass and power for the spacecraft. While the first 

method is great for flexible mission objectives, the FireSat II example is used in this analysis 
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since the payloads of RF transmitters and laser communication units have already been defined 

by MITRE and the results of the coverage model. 

Using Table 2-1, the Low-Earth-Orbit with propulsion spacecraft section is used to 

generate a total power estimate (page 424 of SME: The New SMAD [1]). 

 

Subsystem (% of Total Power) No Prop LEO Prop High Earth Planetary 

Payload 43% 46% 35% 22% 

Structure and Mechanisms 0% 1% 0% 1% 

Thermal Control 5% 10% 14% 15% 

Power (Incl. harness) 10% 9% 7% 10% 

Telemetry, Tracking, & Command 

(TT&C) 

11% 12% 16% 18% 

On-board Processing 13% 12% 10% 11% 

Attitude Determination and Control 18% 10% 16% 12% 

Propulsion 0% 0% 2% 11% 

Average Power (W) 299 794 691 749 

 

According to the chart, 46% of the total power is used by the payload. With a total payload 

power consumption already known, the total power for the spacecraft is estimated by dividing 

the payload power by 0.46. This first-order estimate proves to be highly effective in that the final 

estimate for the power consumption of the satellite is significantly close to the final estimate that 

will be derived in the results section. Lastly, in order to accurately model the situation that the 

satellite will not always be operating at full power, it is assumed that the satellite operates a third 

of the day at full-power, a third of the day at half-power, and a third of the day at no-power. 

Table 2-1 Average Power by Subsystem for 4 Types of Spacecraft 
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Furthermore, it is assumed that you can only communicate at full-power during sunlight periods 

where the satellite is able to use power from both batteries and the solar panels. 

2.5 Power System Model 

2.5.1 Purpose 

With a power requirement computed, a system to meet the power demand can be developed. 

The power system is comprised of two components: solar cells and batteries. There is a plethora 

of factors that influence the size and type of solar panels to be used. The first factor that affects 

the size needed is that the surface of the solar array may be eclipsed for extended durations of 

time depending on the satellite’s altitude and inclination. Subsequently, a MATLAB program 

developed by the author was used to calculate the sunlight and eclipse periods for the satellite’s 

defined orbit to determine how much time the satellite’s solar panels will have to collect 

sunlight. Furthermore, there are three types of solar cells that are generally used for satellite 

applications (Gallium Arsenide, Multijunction, and Silicon). These three types of solar cells 

provide varying efficiency levels (higher efficiency, less area) and cost. As a result, the surface 

area of a solar panel needed to produce enough power to fulfill the satellite’s power requirements 

require calculation for all three types to compare the surface area needed and the cost for each 

case to ensure that the optimal solution is being selected. Lastly, the batteries must be designed 

to store the energy derived from the solar panels. To accomplish this task, a MATLAB graphical 

user interface (GUI) linked to STK was created. The following design method was derived from 

Section 21.2 “Power” on page 641 of SME: The New SMAD [1]. 
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2.5.2 Power System GUI Design 

The first step in creating this model was to design a GUI that is easy to use. Designing 

the GUI first also defines the outputs for the program in an orderly manner which streamlines the 

coding process. Keeping in mind that conducting trade-studies is a key goal for this model, the 

GUI allows any user to quickly view results for various power budgets, orbits, design life, and 

battery quantities. The GUI developed for this analysis is shown below. 

 

 

 

 

 

 

 

 

 

 

 

 

2.5.3 Solar Panel Sizing 

 
For the program to calculate the solar panel area needed, the user first must input the 

following information: power needed during eclipse, power needed during daylight, orbit 

altitude, orbit inclination, and mission duration. Mission duration and the average power 

requirements are the two key design considerations in sizing the solar array because photovoltaic 

Figure 2-2 Satellite Power System GUI 
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systems are sized at end-of-life (EOL) to ensure that adequate power can be supplied for the 

entire duration of the mission. 

Once the following design parameters have been input, the power the solar array must 

provide during daylight to power the spacecraft along with recharging the batteries must be 

calculated. 	

𝑃!" =

𝑃#𝑇#
𝑋#

+ 𝑃$𝑇$𝑋$
𝑇$

 

 
 

For direct energy transfer, the eclipse path efficiency and daylight path efficiency were 

approximated as 0.65 and 0.85, respectively; for peak-power tracking, eclipse path efficiency is 

estimated at 0.60 while daylight path efficiency is estimated at 0.80 (page 643 of SME: The New 

SMAD [1]).  STK was used to calculate the length of the eclipse and daylight periods per orbit, 

and the required power production from the solar array was calculated. 

 Generally, the third step in the solar array design process is the selection of the type of 

solar cell; however, since the model for this analysis is conducting a trade-study to determine the 

best solar cell balancing area and cost, all three solar cells were included. Table 2-2 details solar 

cell efficiencies for each type (page 645 of SME: The New SMAD [1]). 

 

Cell Type Silicon Gallium Arsenide Multijunction 

Theoretical Efficiency 29% 23.5% 40+% 

Achieved Efficiency: 

Production Efficiency 

Best Laboratory 

 

22% 

24.7% 

 

18.5% 

21.8% 

 

30.0% 

33.8% 

																														𝑷𝒆 						= 𝑬𝒄𝒍𝒊𝒑𝒔𝒆	𝑷𝒐𝒘𝒆𝒓	𝑵𝒆𝒆𝒅𝒆𝒅	(𝑾)						 
																														𝑷𝒅 						= 𝑫𝒂𝒚𝒍𝒊𝒈𝒉𝒕	𝑷𝒐𝒘𝒆𝒓	𝑵𝒆𝒆𝒅𝒆𝒅	(𝑾) 
																														𝑻𝒆 							= 𝑳𝒆𝒏𝒈𝒕𝒉	𝒐𝒇	𝑬𝒄𝒍𝒊𝒑𝒔𝒆	𝒑𝒆𝒓	𝑶𝒓𝒃𝒊𝒕	(𝒔)	 
																														𝑻𝒅 							= 𝑳𝒆𝒏𝒈𝒕𝒉	𝒐𝒇	𝑫𝒂𝒚𝒍𝒊𝒈𝒉𝒕	𝒑𝒆𝒓	𝑶𝒓𝒃𝒊𝒕	(𝒔)	
  𝑿𝒆 							= 𝑬𝒄𝒍𝒊𝒑𝒔𝒆	𝑷𝒂𝒕𝒉	𝑬𝒇𝒇𝒊𝒄𝒊𝒆𝒏𝒄𝒚		 
  𝑿𝒅 							= 𝑫𝒂𝒚𝒍𝒊𝒈𝒉𝒕	𝑷𝒂𝒕𝒉	𝑬𝒇𝒇𝒊𝒄𝒊𝒆𝒏𝒄𝒚		 

Table 2-2 Performance Comparison for Photovoltaic Solar Cells 

Figure 2-3 Solar Array Power Equation 
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While silicon cells are mature in their development and can have lower cost in environments 

where radiation is not a concern, multijunction cells have become the standard for space 

applications despite their high cost.  What makes them the #1 choice is their high efficiency 

resulting in less area required to produce the same amount of power comparative to silicon cells. 

Using the best laboratory efficiencies provided above, the power output for each solar cell is 

calculated by multiplying the efficiency by the solar constant 1,368 W/𝑚!. 

 Next, the beginning-of-life (BOL) power per unit area is determined using the following 

equation: 

𝑃%&' = 𝑃(𝐼$ cos 𝜃 

 

The solar cell power output calculation is provided in the previous step when the solar cell type 

is selected. Inherent degradation quantifies the loss in performance and is assumed to be 0.77 

(page 644 of SME: The New SMAD [1]). Lastly, the sun incidence angle is the angle between the 

vector normal to the surface of the array and the Sun line. Although, the solar panel is configured 

to minimize this cosine loss, it is assumed that theta is equal to 23.5 degrees in order to model an 

industry standard worst-case Sun angle assumption to ensure power production requirements are 

always met  (page 647 of SME: The New SMAD [1]).  

The last step is the calculation of the EOL power per unit area which can then be used in 

conjunction with the solar array power calculated in the first step to calculate the area required. 

 

 

 

 

																														𝑷𝒐 						= 𝑺𝒐𝒍𝒂𝒓	𝑪𝒆𝒍𝒍	𝑷𝒐𝒘𝒆𝒓	𝑶𝒖𝒕𝒑𝒖𝒕		C𝑾 𝒎𝟐⁄ F						 
																														𝑰𝒅 							= 𝑰𝒏𝒉𝒆𝒓𝒆𝒏𝒕	𝑫𝒆𝒈𝒓𝒂𝒅𝒂𝒕𝒊𝒐𝒏	 
																														𝜽								 = 𝑺𝒖𝒏	𝑰𝒏𝒄𝒊𝒅𝒆𝒏𝒄𝒆	𝑨𝒏𝒈𝒍𝒆	(𝒅𝒆𝒈)	 
																												 Figure 2-4 Beginning-of-Life Power Equation 
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𝐿$ = (1 − 𝐷)'	

                                  𝑃)&' = 𝑃%&'𝐿$    

𝐴!" =
𝑃!"
𝑃)&'

 

 

Several factors degrade a solar panel’s performance. Lifetime degradation of the solar panel 

occurs due to thermal cycling, material degradation, and space debris impact among others. First, 

the lifetime degradation can be calculated by the first equation in Figure 2-5 for which the 

degradation per year for silicon, gallium arsenide, and multijunction are 3.75%, 2.75%, and 

0.5%, respectively (page 647 of SME: The New SMAD [1]). Next, the end-of-life power was 

calculated using the beginning-of-life power and lifetime degradation (2nd equation in Figure 2-

5).  Finally, the solar array area can be calculated by dividing the solar array power by the end-

of-life power, and the mass of the solar array is estimated by multiplying the solar array power 

by .04. 

2.5.4 Battery Sizing 

Energy storage plays a vital role in the electrical-power subsystem allowing the 

spacecraft to continue operating in eclipse periods and peak-power demands. For the satellite 

under consideration with a thirteen-year design life, secondary (rechargeable) batteries were 

selected. Although Nickel-Cadmium and Nickel-Hydrogen are commonly used secondary 

batteries, Lithium-Ion was selected based on its significant volumetric and energy density 

advantages. 

																															𝑳𝒅 							= 𝑳𝒊𝒇𝒆𝒕𝒊𝒎𝒆	𝑫𝒆𝒈𝒓𝒂𝒅𝒂𝒕𝒊𝒐𝒏 
																															𝑫								 = 𝑫𝒆𝒈𝒓𝒂𝒅𝒂𝒕𝒊𝒐𝒏	𝒑𝒆𝒓	𝒀𝒆𝒂𝒓				 
																															𝐋									 = 𝑺𝒂𝒕𝒆𝒍𝒍𝒊𝒕𝒆	𝑳𝒊𝒇𝒆𝒕𝒊𝒎𝒆	(𝒀𝒆𝒂𝒓𝒔)	 

					𝑷𝑬𝑶𝑳 		= 𝑬𝒏𝒅	𝒐𝒇	𝑳𝒊𝒇𝒆	𝑷𝒐𝒘𝒆𝒓		C𝑾 𝒎𝟐⁄ F	
	 	 	𝑷𝑩𝑶𝑳 		= 𝑩𝒆𝒈𝒊𝒏𝒏𝒊𝒏𝒈	𝒐𝒇	𝑳𝒊𝒇𝒆	𝑷𝒐𝒘𝒆𝒓		C𝑾 𝒎𝟐⁄ F	
																															𝑨𝒔𝒂 					= 𝑺𝒐𝒍𝒂𝒓	𝑨𝒓𝒓𝒂𝒚	𝑨𝒓𝒆𝒂	(𝒎𝟐)	
																															𝑷𝒔𝒂 					= 𝑺𝒐𝒍𝒂𝒓	𝑨𝒓𝒓𝒂𝒚	𝑷𝒐𝒘𝒆𝒓		(𝑾)	

Figure 2-5 End-of-Life Power and Solar Array Area Equation 
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The spacecraft’s orbital parameters, especially altitude, determine the number of 

charge/discharge cycles the battery must support.  According to page 650 of SME: The New 

SMAD [1], the depth-of-discharge (DOD) is limited to 30% for LEO spacecraft. As a result, the 

cycle life is increased but the amount of energy available from the batteries during each cycle is 

decreased.  

To determine the size of the batteries (battery capacity), only one equation is required. 

 

𝐶 =
𝑃#𝑇#

(𝐷𝑂𝐷)(𝑁)(𝑛)
 

 
 

 

The eclipse power and length of eclipse per orbit are defined in the solar panel sizing portion of 

the code. Next, the DOD is estimated at 0.30 based on the LEO orbit. Lastly, the number of 

batteries is generally set at two or more for redundancy, and the transmission efficiency is 

estimated at 90% (page 653 of SME: The New SMAD [1]). 

2.5.5 Power System Model Outputs 

With all equations and variables defined, the power system model is complete. The solar array 

and battery information was outputted in the GUI that accomplishes the trade-study task. Figure 

2-7 shows an example output. 

 

 

 

 

 

																															𝑪							 = 𝑩𝒂𝒕𝒕𝒆𝒓𝒚	𝑪𝒂𝒑𝒂𝒄𝒊𝒕𝒚 (W-hr) 
																															𝑷𝒆 					= 𝑬𝒄𝒍𝒊𝒑𝒔𝒆	𝑷𝒐𝒘𝒆𝒓	(𝑾)			 
																															𝑻𝒆 					= 𝑳𝒆𝒏𝒈𝒕𝒉	𝒐𝒇	𝑬𝒄𝒍𝒊𝒑𝒔𝒆	𝒑𝒆𝒓	𝑶𝒓𝒃𝒊𝒕	(𝒉𝒓)	 

													𝑫𝑶𝑫		 = 𝑫𝒆𝒑𝒕𝒉 − 𝒐𝒇 − 𝑫𝒊𝒔𝒄𝒉𝒂𝒓𝒈𝒆		C𝑾 𝒎𝟐⁄ F	
	 	 	𝑵							 = 𝑵𝒖𝒎𝒃𝒆𝒓	𝒐𝒇	𝑩𝒂𝒕𝒕𝒆𝒓𝒊𝒆𝒔	
																															𝒏							 = 𝑻𝒓𝒂𝒏𝒔𝒎𝒊𝒔𝒔𝒊𝒐𝒏	𝑬𝒇𝒇𝒊𝒄𝒊𝒆𝒏𝒄𝒚	

Figure 2-6 Battery Capacity Equation 
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2.6 Delta-V (ΔV) Estimate 

Working with the rocket equation, the ΔV budget was used to create a propellant budget and 

estimate the propellant mass required for the space mission. Higher orbits require more 

propellant for orbit acquisition and de-orbit but less propellant for on-orbit maintenance. With an 

altitude of 1000 km, an accurate estimation method is needed. On page 253 of SME: The New 

SMAD [1], Figure 10-16 provides ΔV budget as a function of altitude for LEO.  Using this 

figure, at an orbit of 1000 km, the ΔV budget is estimated at 691.22 m/s for a design life of 

thirteen years. 

Figure 2-7 Satellite Power System Model Output 
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2.7  Spacecraft Bus Dry Mass Estimate 

With first order estimates of the payload mass, power system mass, and the ΔV budget, a 

first order dry mass estimate was derived so that an ADCS could be designed. First, the payload 

total mass was calculated by adding the weight of the RF transmitters and the laser 

communication units. Once the payload mass was calculated, all other first order mass estimates, 

excluding the power mass estimate (which has already been calculated) were derived from the 

usage of Table 2-3 (page 422 of SME: The New SMAD [1]). 

 

Subsystem (% of Dry Mass) No Prop LEO Prop High Earth Planetary 

Payload 41% 31% 32% 15% 

Structure and Mechanisms 20% 27% 24% 25% 

Thermal Control 2% 2% 4% 6% 

Power (Incl. harness) 19% 21% 17% 21% 

TT&C 2% 2% 4% 7% 

On-board Processing 5% 5% 3% 4% 

Attitude Determination and Control 8% 6% 6% 6% 

Propulsion 0% 3% 7% 13% 

Other (balance + launch) 3% 3% 3% 3% 

Total 100% 100% 100% 100% 

Propellant 0% 27% 72% 110% 

 

The total dry mass was estimated by dividing the payload weight by the percent of dry 

mass for the payload subsystem. For this specific scenario, 64.5 kg would be divided by 0.31 

Table 2-3 Average Mass by Subsystem for 4 Types of Spacecraft 
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(average payload percentage of dry mass for LEO spacecraft with propulsion) to calculate a total 

dry mass. Once this total dry mass has been estimated, the percentage for each subsystem was 

multiplied by the total dry mass until all subsystems’ masses were calculated. The total dry 

estimate listed in the results is slightly greater than the estimate provided using this method due 

to the power mass estimate from the satellite power system model being used instead of the 21% 

listed in SME: The New SMAD [1]. 

2.8 Propulsion System Mass Model  

The spacecraft dry mass and ΔV budget estimates allow for the estimation of the 

propulsion system’s mass. For preliminary design, the rocket equation was utilized to estimate 

the propellant mass.   

𝑀* = 𝑀+[𝑒
∆-

(/+,0-)2 − 1] 
 
 
 

The ΔV needed is within the range for monopropellant thrusters. Subsequently, hydrazine was 

selected as the fuel resulting in a modest 𝐼"# estimate of 218 seconds. All remaining variables are 

known from previous calculations, and the propellant mass was computed. 

 Next, 𝑀#_%"&'() was defined as the propellant mass plus the fuel needed for attitude 

control. The fuel needed for attitude control is much smaller than the propellant mass needed to 

meet the ΔV, so for a first order estimate, it was assumed to be 9% of the total propellant mass. 

Not all the propellant loaded into a tank is usable however. As a result, a 3% margin is applied to 

the usable propellant to account for propellant trapped in the tank, feed lines, or valves [3]. 

Furthermore, there is a measurement uncertainty of about 0.5% on propellant loaded. Thus, the 

total propellant loaded is  

																															𝑴𝒑 				= 𝑷𝒓𝒐𝒑𝒆𝒍𝒍𝒂𝒏𝒕	𝑴𝒂𝒔𝒔	(𝒌𝒈)  
																															𝑴𝒇 				= 𝑫𝒓𝒚	𝑴𝒂𝒔𝒔	(𝒌𝒈)			 
																															∆𝐕					 = 𝑫𝒆𝒍𝒕𝒂 − 𝑽	(𝒎/𝒔)	 
	 	 	𝑰𝒔𝒑 					= 𝑺𝒑𝒆𝒄𝒊𝒇𝒊𝒄	𝑰𝒎𝒑𝒖𝒍𝒔𝒆	(𝒔𝒆𝒄)	
	 	 	𝒈𝟎 					= 𝑮𝒓𝒂𝒗𝒊𝒕𝒚	𝒂𝒕	𝑺𝒆𝒂	𝑳𝒆𝒗𝒆𝒍	(𝒎/𝒔)	

Figure 2-8 Propellant Mass Equation 
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𝑀*123454 = 𝑀*6+3715(1.0 + 0.03 + 0.005) 
 

 

 With the true value of loaded propellant mass calculated, the propellant tank and feed 

system can be sized. 

  

𝑉*_'("$#$ =
𝑀*_4("$#$

𝜌+5#4A  

𝑉*_5!"64# = 0.97(𝑉*_4("$#$) 

𝑉*_544"0# =
𝑉*_5!"64#

(𝐵 − 1)E  

𝑉7(7"4 = 1.2(𝑉*_4("$#$ + 𝑉*_544"0#) 

𝑀7"89 = 2.7086𝑒:;𝑉7(7"4< − 6.1703𝑒:=𝑉7(7"4> + 6.629𝑒:>𝑉7(7"4 + 1.3192 

𝑀*?#!!5?"87 = I1.2𝑉*611385J (.01𝜌*?#!!5?"87) 

𝑀+##$_!@! = 0.15K𝑀*123454 +𝑀7A?5!7#?! +𝑀*?#!!5?"87L − 𝑀7"89 

Figure 2-10 Propellant Tank and Feed System Sizing Equations 

First, the volume of fuel was calculated by dividing the loaded amount of propellant by the 

density of the fuel. The density of the fuel (Hydrazine) is 1.01 kg/L at 293 K (Table 18-8 of 

SME: The New SMAD [1]). Naturally, not all the fuel will be consumed. It is estimated that 97% 

of the volume is usable [3]. Next, the ullage volume was calculated using the usable volume and 

the blow-down ratio.  The blow-down ratio, defined as the final ullage volume over the initial 

ullage volume or the initial pressurant pressure over the final pressurant pressure, was assumed 

to be four, a typical value for modern blow-down propellant tanks. The final total volume was 

calculated adding the loaded volume and the ullage volume and adding a customary 20% margin. 

Finally, the tank mass is now sized using the final total volume using a curve fit of commercially 

available propellant management devices (PMD) propellant tanks. 

																															𝑽𝒑_𝒍𝒐𝒂𝒅𝒆𝒅 					= 𝑽𝒐𝒍𝒖𝒎𝒆	𝒐𝒇	𝑭𝒖𝒆𝒍	(𝑳)  
																															𝑽𝒑_𝒖𝒔𝒂𝒃𝒍𝒆 						= 𝑼𝒔𝒂𝒃𝒍𝒆	𝑭𝒖𝒆𝒍	𝑽𝒐𝒍𝒖𝒎𝒆	(𝑳)			 
                                  𝑩															=		𝑩𝒍𝒐𝒘 − 𝑫𝒐𝒘𝒏	𝑹𝒂𝒕𝒊𝒐		
																															𝑽𝒑_𝒖𝒍𝒍𝒂𝒈𝒆 						= 	𝑼𝒍𝒍𝒂𝒈𝒆	𝑽𝒐𝒍𝒖𝒎𝒆	(𝑳)	 
	 	 		𝑽𝒕𝒐𝒕𝒂𝒍 											= 𝑻𝒐𝒕𝒂𝒍	𝑻𝒂𝒏𝒌	𝑽𝒐𝒍𝒖𝒎𝒆	(𝑳)	
	 	 		𝑴𝒕𝒂𝒏𝒌 										= 𝑻𝒂𝒏𝒌	𝑴𝒂𝒔𝒔	(𝒌𝒈)	
	 	 	𝑴𝒑𝒓𝒆𝒔𝒔𝒖𝒓𝒂𝒏𝒕 = 𝑷𝒓𝒆𝒔𝒔𝒖𝒓𝒂𝒏𝒕	𝑴𝒂𝒔𝒔	(𝒌𝒈)	
	 	 	𝑴𝒇𝒆𝒆𝒅_𝒔𝒚𝒔 				= 𝑭𝒆𝒆𝒅	𝑺𝒚𝒔𝒕𝒆𝒎	𝑴𝒂𝒔𝒔	(𝒌𝒈)	
	 	 	𝑴𝒕𝒉𝒓𝒖𝒔𝒕𝒆𝒓𝒔 		= 𝑻𝒉𝒓𝒖𝒔𝒕𝒆𝒓𝒔	𝑴𝒂𝒔𝒔	(𝒌𝒈)	

Figure 2-9 Loaded Propellant Mass Equation 
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 After computing the mass of the tank and the propellants, the mass of the pressurant and 

feed system require calculation. Currently, the initial operating pressure for the tank is unknown; 

however, an estimation was made from the operating pressure ranges of two candidate thrusters: 

MRE-1.0 and Monarc 445. The operating range for the MRE-1.0 is 0.055 to 3.9 MPa while the 

operating range for the Monarc 445 is 0.5 to 3.1 MPa [4] [5]. A 20% margin over the 3.9 MPa 

was carried so the initial pressure was estimated at 4.7 MPa and the initial temperature at 323 K. 

The pressurant selected was Helium (He). According to the NIST Chemistry WebBook, the 

density for He under those conditions is assumed to be 6.87 kg/𝑚* [6]. The equations for the 

mass of the pressurant and the feed system can now be solved. 

To complete the propulsion system model, the mass of the thrusters needed was 

estimated. For this specific scenario, four thrusters for unloading momentum from the reaction 

wheels and one main thruster for primary propulsion were selected following the example of the 

FireSat II. For the attitude control maneuvers, the candidate thruster selected was the flight-

proven MRE-1.0. The MRE-1.0 has a mass of 0.5 kg, average thrust of 3.4 N, and maximum 

thrust of 5.0 N. For the primary propulsion thruster, the potential candidate thruster is the 

Monarc-445 which has a mass of 1.6 kg and steady state thrust of 445 N. While these thrusters 

should meet thrust requirements, a final decision can be made after more information on thrust 

levels is gathered from the completion of the ADCS model. 

2.9 First Order Estimate of Satellite Dimensions  

A first order estimate of the satellite’s dimensions and mass minus the attitude and control 

system are needed to size the ADCS. With the first order mass estimates finalized and the size of 

several subsystems known a priori, the satellite’s dimensions were calculated through a first 

order approximation process. Although, the ADCS cannot be sized prior to the calculation, it 
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constitutes a very small percentage of the overall size and mass of the satellite. As a result, the 

satellite was sized with a small portion of the volume reserved. To create an estimate of the 

satellite’s dimensions, the author utilized an Excel spreadsheet to document the dimensions of 

each of the parts needed. With an Excel spreadsheet listing the dimensions of each part, 

SolidWorks, a solid modeling computer-aided design and computer-aided engineering computer 

program, can be utilized to create a 3D model to estimate the overall dimensions of the satellite 

body needed to store all the parts.  

2.10 ADCS Model 

2.10.1 Introduction 

The final subsystem to be sized was the Attitude Determination and Control Subsystem 

(ADCS). First, the determination transmitters were selected based off the pointing requirements. 

Once the determination transmitters were selected, the MATLAB model was initialized. The 

MATLAB model required vehicle, orbital, and Earth properties as input to generate the cyclical 

and secular angular momentum per orbit, a single reaction wheel mass, the fuel required for 

momentum dumping over the satellite lifetime, and the thrust required for each momentum 

dumping event.  

 

2.10.2 Determination Transmitters 

The driving force behind the selection of the determination transmitters was the pointing 

requirements of the payload. The RF transmitter described by MITRE has a 45-degree half-angle 

cone; however, the laser communication system does not have this ability afforded to it. Laser 

communication systems often require pointing accuracy to ∓1°. As a result, a star tracker was 
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selected due to its ability to meet this accuracy requirement. Furthermore, a sun sensor was also 

selected in conjunction with the star tracker for redundancy of data and for its ability to help with 

determination during maneuvers such as detumbling. 

2.10.3 Attitude and Control System (ACS) Initiation File 

The purpose of the initiation file was to establish satellite properties and to call the 

functions that will determine the torques on the satellite and subsequently size the reaction 

wheels and thrusters accordingly. The vehicle properties utilized by the program included 

physical dimensions, center of gravity, mass, surface material code, and the lifespan of the 

vehicle. Next, the orbital elements for the proposed satellite were input. The last information 

input was the properties of Earth. Finally, the ACS Sizing function was called by the MATLAB 

script, and the torques and the ACS’ size were estimated. 

2.10.4 ACS Sizing Function 

2.10.4.1 Introduction 
The ACS Sizing function requires inputs of the orbital elements, vehicle parameters, and 

planet parameters to compute the cyclical and secular angular momentum, the reaction wheel 

mass, the ACS fuel mass required, and the thrust required per momentum dump. Several steps 

are required to accomplish this task. First, the vehicle’s 2nd moment of inertia and the time for 

one orbit were calculated thereby enabling calculation and summation of the solar radiation, 

aerodynamic, magnetic, and gravity torques. This process was completed for the entire angular 

range of the orbit (0 to 360 degrees). Using the computed torques, the maximum torques around 

the orbit were integrated to find the total angular moment which was then used to find the 

cyclical and secular angular momentums. Lastly, the reaction wheel was sized using the cyclical 

angular momentum while the ACS propellant mass and thrust required for momentum dumping 
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were sized using the secular momentum dumping. The calculated torques were displayed on a 

polar graph for visualization purposes.  

 

2.10.4.2 Solar Radiation Pressure (SRP) Torque Calculation 
Sunlight (i.e. photons) has momentum, and therefore exerts pressure when it strikes an 

object. The more absorptive the material, the more momentum absorbed resulting in a certain 

pressure force. If the sunlight is reflected, the pressure force felt is twice as much as the pressure 

force if all the sunlight is absorbed. While it is extremely difficult to estimate the true SRP 

because of the varying surfaces used on a satellite, a good first-order estimate can be made by 

assuming uniform reflectance. With uniform reflectance assumed, the following equation is 

appropriate: 

𝑇! =
𝜑
𝑐
𝐴!(1 + 𝑞)(𝑐𝑝! − 𝑐𝑚) cos 𝜃 

 
Figure 2-11 SRP Torque Equation 

The solar constant was assumed to be 1,366 W/𝑚!. The surface material number was one of the 

inputs gathered at the beginning of the ACS Model. Using an Excel spread sheet, the MATLAB 

function gathered the reflectance factor (q) corresponding to the surface material number input 

by the user. Lastly, the angle of incidence of the sun was assumed to be zero degrees (worst-

case). Listed below are the reflectance factors for possible spacecraft surface materials.  

 

 

 

 

 

 

																																				𝑻𝒔 									= 𝑺𝑹𝑷	𝑻𝒐𝒒𝒖𝒆	(𝑵𝒎)  
																																				𝜑										 = 𝑺𝒐𝒍𝒂𝒓	𝑪𝒐𝒏𝒔𝒕𝒂𝒏𝒕	(𝑾/𝒎𝟐)			 
                                 c  									=	Speed	of	Light	(m/s)	
																																				𝑨𝒔 									= 𝑺𝒖𝒏𝒍𝒊𝒕	𝑺𝒖𝒓𝒇𝒂𝒄𝒆	𝑨𝒓𝒆𝒂	(𝒎)	 
	 	 							𝒒										 = 𝑹𝒆𝒇𝒍𝒆𝒄𝒕𝒂𝒏𝒄𝒆	𝑭𝒂𝒄𝒕𝒐𝒓	
	 	 						𝒄𝒑𝒔 							= 𝑪𝒆𝒏𝒕𝒆𝒓	𝒐𝒇	𝑺𝑹𝑷	(m)	
	 	 						𝒄𝒎								 = 𝑪𝒆𝒏𝒕𝒆𝒓	𝒐𝒇	𝑴𝒂𝒔𝒔	(𝒎)	
	 	 								𝜽										 = 𝑺𝒖𝒏	𝑰𝒏𝒄𝒊𝒅𝒆𝒏𝒄𝒆	𝑨𝒏𝒈𝒍𝒆	(°)	
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2.10.4.3 Atmospheric Drag Torque Calculation 
Just as photons have momentum and create pressure upon impacting a spacecraft, air 

particles also have momentum and create pressure when they impact a spacecraft. The density of 

air and pressure decrease exponentially with increasing altitude. As a result, only spacecraft in  

Name Material Number Absorptance Reflectance 

Aluminized FEP 1 0.16 0.84 

Aluminized Teflon 2 0.163 0.837 

Aluminum Tape 3 0.21 0.79 

Black Paint 4 0.95 0.05 

Goldized Kapton 5 0.25 0.75 

Optical Solar Reflector 6 0.07 0.93 

Polished Beryllium 7 0.44 0.56 

Quartz over Silver 8 0.077 0.923 

Silver Coated FEP 9 0.08 0.92 

Silver Paint 10 0.37 0.63 

Silvered Teflon 11 0.08 0.92 

Solar Cells, GaAs 12 0.88 0.12 

Solar Cells, Silicon 13 0.75 0.25 

Titanium (Polished) 14 0.6 0.4 

White Paint (Silicate) 15 0.12 0.88 

White Paint (Silicone) 16 0.26 0.74 

Table 2-4 Reflectance Factors for Commonly Used Spacecraft Materials [7] 
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LEO encounter enough particles to justify an atmospheric drag torque calculation. The 

atmospheric drag was estimated by: 

𝑇" =
1
2
𝜌𝐶$𝐴?𝑉>(𝑐𝑝" − 𝑐𝑚) 

 

 

Figure 2-12 Atmospheric Drag Torque Equation 

 Like SRP, when the center of atmospheric pressure, determined by the spacecraft area 

exposed to the atmosphere in the direction of the orbital velocity (i.e. ram direction), is not 

aligned with the center of mass, a torque occurs. The density of air is estimated using an upper 

atmospheric model derived by NASA: 

𝑇 = −131.21 +	 .00299ℎ  

𝑃 = 2.488(
(𝑇 + 273.1)

216.6
):BB.<;; 

𝜌 =
𝑃

(.2869(𝑇 + 273.1))
 

 
Figure 2-13 Upper Atmospheric Air Model Equations [8] 

The drag coefficient was estimated at a constant 2.2 (as is common practice for a LEO flying 

satellite). The ram area was calculated for the worst-case scenario by determining the largest area 

of all the sides. Lastly, the maximum distance from the aerodynamic center of pressure to the 

center of mass was calculated. 

2.10.4.4 Magnetic Torque Calculation 
The Earth’s liquid core is a dynamo that induces a magnetic field. This magnetic field is 

strong enough to generate effects on the space surrounding Earth, so strong in fact that it 

																																				𝑻𝒂 			= 𝑨𝒕𝒎𝒐𝒔𝒑𝒉𝒆𝒓𝒊𝒄	𝑫𝒓𝒂𝒈	𝑻𝒐𝒒𝒖𝒆	(𝑵𝒎)  
																																				𝜌					 = 𝑫𝒆𝒏𝒔𝒊𝒕𝒚	𝒐𝒇	𝑨𝒊𝒓	(𝒌𝒈/𝒎𝟑)			 
                                𝑪𝒅 			= 𝑫𝒓𝒂𝒈	𝑪𝒐𝒆𝒇𝒇𝒊𝒄𝒊𝒆𝒏𝒕	(𝒎)	 
																																				𝑨𝒓 			= 𝑹𝒂𝒎	𝑨𝒓𝒆𝒂	(𝒎𝟐)	 
	 	 							𝑽				 = 𝑽𝒆𝒍𝒐𝒄𝒊𝒕𝒚	(𝒎𝟐)	
	 	 						𝒄𝒑𝒂 	= 𝑨𝒆𝒓𝒐𝒅𝒚𝒏𝒂𝒎𝒊𝒄	𝑷𝒓𝒆𝒔𝒔𝒖𝒓𝒆	𝑪𝒆𝒏𝒕𝒆𝒓	(𝒎)	
	 	 						𝒄𝒎		 = 𝑪𝒆𝒏𝒕𝒆𝒓	𝒐𝒇	𝑴𝒂𝒔𝒔	(𝒎)	
	 	 	

																																				𝑻						 = 𝑻𝒆𝒎𝒑𝒆𝒓𝒂𝒕𝒖𝒓𝒆	(℃)  
																																				𝑃					 = 𝑷𝒓𝒆𝒔𝒔𝒖𝒓𝒆	(𝒌𝑷𝒂)			 
                                𝝆					 = 𝑫𝒆𝒏𝒔𝒊𝒕𝒚	𝒐𝒇	𝒂𝒊𝒓	(𝒌𝒈/𝒎𝟑)	 
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interacts with the satellite’s weak magnetic residual moment. When the satellite’s residual 

moment is not aligned to the local magnetic field from Earth, the satellite experiences a magnetic 

torque that attempts to align the two. The magnitude of this magnetic torque can be calculated 

using the equation presented in Figure 2-14. 

𝑇D = 𝐷𝐵 = 𝐷
𝑀
𝑅<
𝜆 

 

 

Figure 2-14 Magnetic Torque Equation 

This equation models the Earth’s magnetic field as a dipole. The spacecraft’s dipole moment is 

assumed to be 1 for a small, uncompensated spacecraft. Earth’s magnetic constant is estimated at 

7.18× 10,-	Tm*. Lastly, lambda is a unitless function of the magnetic latitude that ranges from 1 

at the magnetic equator to 2 at the magnetic poles. 

2.10.4.5 Gravity-Gradient Torque Calculation 
The final torque requiring computation was the gravity-gradient torque. Gravity-gradient torques 

arise when the spacecraft’s center of gravity is not aligned with its center of mass with respect to 

the local vertical. The gravity-gradient torque increases as a function of the angle between the 

local vertical and the spacecraft’s principal axes with the gravity-gradient torque always trying to 

align the minimum principal axis with the local vertical. Figure 2-15 provides a simplified 

equation for the gravity-gradient torque for a spacecraft with the minimum principal axis in its Z-

direction is shown below. Earth’s gravitational constant of 3.986× 10!" 	#
!

$
 and a theta value 

equal to 45 degrees (i.e. worst-case scenario) are selected. 

 

 

																																				𝑻𝒈 			= 𝑮𝒓𝒂𝒗𝒊𝒕𝒚 − 𝑮𝒓𝒂𝒅𝒊𝒆𝒏𝒕		𝑻𝒐𝒓𝒒𝒖𝒆	(𝑵 · 𝒎)  
																																					𝝁				 = 	𝑮𝒓𝒂𝒗𝒊𝒕𝒂𝒕𝒊𝒐𝒏𝒂𝒍	𝑪𝒐𝒏𝒔𝒕𝒂𝒏𝒕	(𝒎𝟑/𝒔)			 
                                𝑹				 = 𝑫𝒊𝒔𝒕𝒂𝒏𝒄𝒆	𝒕𝒐	𝑬𝒂𝒓𝒕𝒉E𝒔	𝑪𝒆𝒏𝒕𝒆𝒓	(𝒎)	 
        𝑰𝒛 			= 𝑴𝒐𝒎𝒆𝒏𝒕	𝒐𝒇	𝑰𝒏𝒆𝒓𝒕𝒊𝒂	𝒂𝒃𝒐𝒖𝒕	𝒁	(𝒌𝒈 · 𝒎𝟐)	 
        𝑰𝒚 			= 𝑴𝒐𝒎𝒆𝒏𝒕	𝒐𝒇	𝑰𝒏𝒆𝒓𝒕𝒊𝒂	𝒂𝒃𝒐𝒖𝒕	𝒚	(𝒌𝒈 · 𝒎𝟐)		 
        𝜽				 = 𝑨𝒏𝒈𝒍𝒆	𝒃𝒆𝒕𝒘𝒆𝒆𝒏	𝑽𝒆𝒓𝒕𝒊𝒄𝒂𝒍	𝒂𝒏𝒅	𝒁	𝑨𝒙𝒊𝒔 
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𝑇0 =
3𝜇
2𝑅<

|𝐼E − 𝐼@| sin 2𝜃 

 

Figure 2-15 Gravity-Gradient Torque Equation 

2.10.4.6 Reaction Wheel Sizing 
The reaction wheels were sized for cyclical momentum storage. To determine the mass of 

a reaction wheel, data was collected on several commercially available reaction wheels. With the 

data gathered in MATLAB, a fourth-order polynomial curve was fit to the data to compare the 

momentum storage capabilities of the reaction wheels and their weight in kilograms. From the 

polynomial curve, an approximate mass was selected based off the momentum storage 

capabilities. 

2.10.4.7 ACS Propulsion Sizing 
The ACS propulsion sizing requires five inputs: the mass of the spacecraft, the center of 

gravity, satellite lifetime, the saturation point of a reaction wheel (secular angular momentum), 

and the rate of saturation of a reaction wheel. These were used to compute the momentum 

dumping fuel mass required over the satellite lifetime and the thrust required for a single 

momentum dump. Although the proposed design includes four thrusters for momentum dumping 

and one main thruster, this code utilizes six thrusters (one on each side) and chooses the shortest 

moment arm which will require the largest thrust to design for the worst-case scenario. The 

author assumed that the thruster required for momentum dumping will fire for one second. 

With the worst-case moment arm calculated, the thrust required to dump the momentum 

is calculated (per pulse) using the following equation. 

𝑇 = 	
ℎ
𝐿𝑡

 

 

Figure 2-16 Thrust Per Momentum Dump Equation 

																																				𝑻𝒈 			= 𝑮𝒓𝒂𝒗𝒊𝒕𝒚 − 𝑮𝒓𝒂𝒅𝒊𝒆𝒏𝒕		𝑻𝒐𝒓𝒒𝒖𝒆	(𝑵 · 𝒎)  
																																					𝝁				 = 	𝑮𝒓𝒂𝒗𝒊𝒕𝒂𝒕𝒊𝒐𝒏𝒂𝒍	𝑪𝒐𝒏𝒔𝒕𝒂𝒏𝒕	(𝒎𝟑/𝒔)			 
                                𝑹				 = 𝑫𝒊𝒔𝒕𝒂𝒏𝒄𝒆	𝒕𝒐	𝑬𝒂𝒓𝒕𝒉E𝒔	𝑪𝒆𝒏𝒕𝒆𝒓	(𝒎)	 
        𝑰𝒛 			= 𝑴𝒐𝒎𝒆𝒏𝒕	𝒐𝒇	𝑰𝒏𝒆𝒓𝒕𝒊𝒂	𝒂𝒃𝒐𝒖𝒕	𝒁	(𝒌𝒈 · 𝒎𝟐)	 
        𝑰𝒚 			= 𝑴𝒐𝒎𝒆𝒏𝒕	𝒐𝒇	𝑰𝒏𝒆𝒓𝒕𝒊𝒂	𝒂𝒃𝒐𝒖𝒕	𝒚	(𝒌𝒈 · 𝒎𝟐)		 
        𝜽				 = 𝑨𝒏𝒈𝒍𝒆	𝒃𝒆𝒕𝒘𝒆𝒆𝒏	𝑽𝒆𝒓𝒕𝒊𝒄𝒂𝒍	𝒂𝒏𝒅	𝒁	𝑨𝒙𝒊𝒔 
 
 
	
	 	 	

																																				𝑻					 = 𝑻𝒉𝒓𝒖𝒔𝒕	(𝑵)  
																																					𝒉				 = 𝑺𝒕𝒐𝒓𝒆𝒅	𝑾𝒉𝒆𝒆𝒍	𝑴𝒐𝒎𝒆𝒏𝒕𝒖𝒎	(𝒎𝟑/𝒔)			 
                                𝑳					 = 𝑻𝒉𝒓𝒖𝒔𝒕𝒆𝒓	𝑴𝒐𝒎𝒆𝒏𝒕	𝑨𝒓𝒎	(𝒎)	 
        𝒕					 = 𝑩𝒖𝒓𝒏	𝑻𝒊𝒎𝒆	(𝒔)	 
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The propellant mass required for ACS over the satellite lifetime is then calculated with these 

equations.     

∑F54!#! =	
3 · 𝐿𝑖𝑓𝑒G"7 · 365.25

𝑆𝑎𝑡. 𝑅𝑎𝑡𝑒
 

𝑚HIG+5#4 =	
𝑇 · ∑F54!#! · 𝑡

𝐼!* · 𝑔
 

 

 ∑.%(")"  is the total number of thruster firings required throughout the lifetime of the spacecraft 

to ensure that the reaction wheels can control the attitude of the spacecraft. The numerator of the 

first equation in Figure 2-17 has a factor of 3 because three reaction wheels will need to be 

desaturated each time a momentum dump is required. Lastly, since hydrazine was selected as the 

fuel of choice, the 𝐼"# is 218 seconds. 

2.10.4.8 ACS Model Outputs 
 

This completes the ACS model process. In the Command Window of MATLAB, the 

following items are printed: cyclical angular momentum per orbit, secular angular momentum 

per orbit, reaction wheel mass, the fuel required for momentum dumping, and the thrust required 

per momentum dump. In addition, a polar graph showing the individual and total torques over 

the entire orbit is displayed. An example output screen is shown in Figure 2-18. 

																																	∑𝑷𝒖𝒍𝒔𝒆𝒔 = #	𝒐𝒇	𝑻𝒉𝒓𝒖𝒔𝒕𝒆𝒓	𝑭𝒊𝒓𝒊𝒏𝒈𝒔  
																															𝑳𝒊𝒇𝒆𝑺𝒂𝒕 	= 𝑺𝒂𝒕𝒆𝒍𝒍𝒊𝒕𝒆	𝑳𝒊𝒇𝒆𝒔𝒑𝒂𝒏	(𝒚𝒆𝒂𝒓𝒔)	 
                        S𝒂𝒕. 𝑹𝒂𝒕𝒆 = 𝑾𝒉𝒆𝒆𝒍	𝑺𝒂𝒕𝒖𝒓𝒂𝒕𝒊𝒐𝒏	𝑹𝒂𝒕𝒆	(𝒅𝒂𝒚

𝒔𝒂𝒕.
)	 

             𝒎𝑨𝑪𝑺𝒇𝒖𝒆𝒍 = 𝑨𝑪𝑺	𝑭𝒖𝒆𝒍	(𝒌𝒈)	 
  						𝑻									 = 𝑻𝒉𝒓𝒖𝒔𝒕	(𝑵)	 
  						𝒕										 = 𝑻𝒊𝒎𝒆	(𝒔)	 
  						𝑰𝒔𝒑 						= 𝑺𝒑𝒆𝒄𝒊𝒇𝒊𝒄	𝑰𝒎𝒑𝒖𝒍𝒔𝒆	(𝒔)	 
  						𝒈									 = 𝑮𝒓𝒂𝒗𝒊𝒕𝒚	𝒂𝒕	𝑺𝒆𝒂	𝑳𝒆𝒗𝒆𝒍	(𝒎/𝒔𝟐)	 
 
 
 
        
 
	
	 	 	

Figure 2-17 ACS Fuel Required Equation 
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Figure 2-18 ACS Model Output 

 
 
 

2.11 Cost Model 

With the satellite designed, a parametric cost estimating model can be selected to price the 

constellation. A publicly available special purpose model was selected due to its free nature. 

While SME: The New SMAD [1] presents several publicly available special purpose cost 
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estimating models, the SSCM is selected because of its usefulness in pricing spacecraft weighing 

less than 500 kg. Developed by The Aerospace Corporation, it is assumed that these cost 

estimating relationships (CERs) include the cost of contractor program management, systems 

engineering, product assurance, and I&T. The equations used to determine the CERS are shown  

below, and FY10 dollars have been adjusted to FY18 when utilized.  

 
SME-SMAD WBS 

Element 
CER 

Y = total non-recurring 
cost of development 
plus one protoflight 

flight unit in FY10 $K 

Cost Driver(s) Cost Driver Input 
Range 

Standard 
Error of 
Estimate 
(absolute) 
FY10 $K 

1.1 Spacecraft Bus 
(Alternate CER if no 
component information 
available) 

Y = 1,064 + 35.5𝑋,.!0, X = Spacecraft Bus Dry 
Weight (kg) 

2-400 kg 3,696 

1.1.1 Structure Y = 407 + 19.3X + ln 𝑋 X= Structure Weight (kg) 5-100 kg 1,097 

1.1.2 Thermal Control Y = 335 + 5.7𝑋! X = Thermal Control 
Weight (kg) 

5-12 kg 119 

1.1.3 ADCS Y = 1,850 + 11.7𝑋! X = ADCS Dry Weight 
(kg) 

1-25 kg 1,113 

1.1.4 Electrical Power 
Supply (EPS) 

Y = 1,261 + 539𝑋1.2! X = EPS Weight (kg) 7-70 kg 910 

1.1.5 Propulsion 
(Reaction Control) 

Y = 89 + 3.0𝑋,.!0, X = Spacecraft Bus Dry 
Weight (kg) 

20-400 kg 310 

1.1.6a Telemetry, 
Tracking, & Command 
(TT&C) 

Y = 486 + 55.5𝑋,.*- X = TT&C Weight (kg) 3-30 kg 629 

1.1.6b Command & Data 
Handling (CD&H) 

Y = 658 + 75𝑋,.*- X = CD&H Weight (kg) 3-30 kg 854 

1.2 Payload Y = 0.4X X = Spacecraft Bus Total 
Cost ($K)  

2,600-69,000 
($K) 

 

1.3 Integration, 
Assembly, & Test 

Y = 0.139X X = Spacecraft Bus Total 
Cost ($K) 

2,600-69,000 
($K) 

 

4.0 Program Level Y = 0.229X X = Spacecraft Bus Total 
Cost ($K) 

2,600-69,000 
($K) 

 

5.0 Launch & Orbital 
Operations Support 
(LOOS) 

Y = 0.061X X = Spacecraft Bus Total 
Cost ($K) 

2,600-69,000 
($K) 

 

6.0 Ground Support 
Equipment (GSE) 

Y = 0.066X X = Spacecraft Bus Total 
Cost ($K) 

2,600-69,000 
($K) 

 

Table 2-5 SSCM Earth Orbiting Total Non-Recurring Cost Equations (Development Plus One Protoflight Unit) 
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In addition to providing the equations, SME: The New SMAD [1] also provides an interactive 

Excel sheet for the SSCM that is ready to use. Figure 2-19 presents a screenshot of the Excel file 

used to estimate the cost of the FireSat II spacecraft. 

 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 

Figure 2-19 FireSat II SSCM Excel File 

 To estimate the cost of the entire constellation (total lot cost), the following equation can 

be used. 

𝑇𝑜𝑡𝑎𝑙	𝐿𝑜𝑡	𝐶𝑜𝑠𝑡 = 𝑇1 · 𝑁(BJKLGKL>) 

 

Figure 2-20 Total Lot Cost Equation 

																																				𝑻𝒐𝒕𝒂𝒍	𝑳𝒐𝒕	𝑪𝒐𝒔𝒕 = 𝑪𝒐𝒏𝒔𝒕𝒆𝒍𝒍𝒂𝒕𝒊𝒐𝒏	𝑪𝒐𝒔𝒕	($)  
																																					𝑻𝟏 = 𝑻𝒉𝒆𝒐𝒓𝒆𝒕𝒊𝒄𝒂𝒍	𝑭𝒊𝒓𝒔𝒕	𝑼𝒏𝒕𝒊	𝑪𝒐𝒔𝒕	(𝑺)		 
                                𝑵			 = 𝑵𝒖𝒎𝒃𝒆𝒓	𝒐𝒇	𝑺𝒂𝒕𝒆𝒍𝒍𝒊𝒕𝒆𝒔	 
        𝑺				 = 𝑳𝒆𝒂𝒓𝒏𝒊𝒏𝒈	𝑪𝒖𝒓𝒗𝒆	𝑺𝒍𝒐𝒑𝒆	 
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The theoretical first unit cost is predicted by the SSCM Research, Development, Testing, and 

Evaluation (RDT&E) plus 1st Unit Cost estimate. The number of satellites is equal to the number 

of satellites in the constellation. Lastly, the learning curve slope is estimated at 95% based on 

traditional learning theory estimates. 

While the SSCM predicts the development plus one protoflight unit cost, it does not predict 

the launch cost. As this research effort design a constellation of 72 satellites, predicting the cost 

to launch all satellites is complicated. Table 11-23 “Historical Launch Vehicle Costs” in SME: 

The New SMAD [1] provides the mass capacity for several launch vehicles. The largest mass 

capacity of a vehicle still in use is the Delta IV Heavy which boasts a mass capacity of 22,560 

kg. Using the mass capacity, a rough estimate can be made to determine how many satellites a 

single Delta IV Heavy or similar launch vehicle could carry; however, caution should be used 

with this method. Volume constraints also become a concern when dealing with such a high 

quantity of satellites. After adding the SSCM estimate and the launch vehicle(s) cost, the design-

to-orbit cost is complete. 
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 Validation Efforts 
3.1 Introduction 

While the entire design cannot be validated due to its specific mission objectives, several of 

the developed models can be validated against the FireSat II spacecraft, a textbook example from 

SME: The New SMAD [1]. Overall, the satellite power system model, the propulsion system 

mass model, and the ADCS Model were validated. 

3.2 Satellite Power System Model 
An example test run was executed using the data provided by Table 21-12 “Solar Array 

Design Process” and Table 21-19 “Steps in the Energy Storage Subsystem Design” in SME: The 

New SMAD [1] for the FireSat II spacecraft.  The results of the validation test are shown in Table 

3-1. 

 

 FireSat II Model % Difference 

Solar Array Area (𝑚!) 2.0  1.99 0.5 

Solar Array Mass (kg) 9.6 9.42 1.88 

Battery Capacity (W·hr) 119 116.34 2.24 

 

With a maximum difference of 2.24 %, the satellite power system has been verified to be 

accurate. 

3.3 Propulsion System Mass Model 
To verify the propulsion system mass model, data provided in section 18.8 of SME: The 

New SMAD [1] was utilized. Table 3-2 contains the results of the comparison between the 

FireSat II spacecraft and the model. 

Table 3-1 FireSat II Example Vs Satellite Power System Model 
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Table 3-2 FireSat II Example Vs Propulsion System Mass Model 

 FireSat II Model 

Tank (kg) 8.2 8.2 

Feed System (kg) 3.6 3.6 

Propellant (kg) 41.5 41.5 

Pressurant (kg) 0.13 0.13 

 

As expected, no difference exists between the two because the same equations were used and no 

values were dynamically computed unlike the satellite power system where STK had to be used 

to solve for a daylight and eclipse period length that changes constantly based on the time period 

for the scenario of interest. Subsequently, the propulsion system mass model has been verified as 

being accurate when given the correct dry mass, ACS fuel estimate, and ΔV values. 

 

3.4 ADCS Model 
Verification of the ADCS model was made difficult due to the FireSat II spacecraft’s lack 

of information directly related to using thrusters for momentum dumping. Upon researching 

other potential verification methods, Space Mission and Design (SMAD) [9] had information on 

the cyclical angular momentum per orbit and the fuel required for ACS for the original FireSat 

spacecraft. The numbers used for verification of the model are found in Table 11-13 “Simplified 

Equations for Preliminary Sizing of Thruster Systems”.  
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 FireSat Example ADCS Model % Difference 

Cyclical Angular 
Momentum Per 

Orbit (Nms) 

 
0.4 

 
0.3815 

 
4.625 

ACS Fuel Required 
(kg) 

 
2.43 

 
2.38 

 
2.06 

 
While this verification has the highest percent difference, less than five percent difference is 

more than acceptable.  

 
 

 

 

 

 

 

 
 

 

 

Table 3-3 FireSat Example Vs ADCS Model 
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 Results 

4.1 Coverage Model 
The results from the six iterations are shown below. 

 

Number of 

Transmitters 

Transmitter Orientation(s) 

 

Average Percent 

Coverage (%) 

Average Area Covered (km²) 

1 Down Towards Earth  0.011944 10,579.33 

2 Down Towards Earth and Left 

Face of Satellite 

 
32.89 

 

 
                     29,132,691.79 

 

3 Down Towards Earth and Left 

and Right Face of Satellite 

 
55.12 

 
                     48,822,630.89 

 

4 Down Towards Earth and Left, 

Right, and Front Face of 

Satellite 

 
 

76.014 

 

 
 

                     67,329,614.69 

 

5 Down Towards Earth and Left, 

Right, Front, and Back Face of 

Satellite 

 
 

94.69 

 

 
 
                     83,870,816.93 

6 All Sides 94.69 83,870,816.93 

 

 
Initial estimates of a reasonable percentage coverage over CONUS to justify the cost of this 

program were placed at a minimum of 90 percent by MITRE personnel. Based on the numbers 

gathered through the analysis shown above, five transmitters are the optimal number. After 

Table 4-1 Average % Coverage Over CONUS Per Number of Transmitters on Each Satellite 
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reviewing the power consumption requirements per transmitter (389 Watts), it quickly became 

apparent that five transmitters on each satellite is not effective due to the increased size of solar 

panels needed to produce enough power for a five sensor orientation. As the solar panels grow in 

scale, the rest of the satellite would also have to grow to support the added weight and thermal 

needs. As a result, a two-transmitter orientation with one transmitter looking down and one 

transmitter on one of the sides of the satellite was selected. Because of this orientation, the 

satellite would require an orientation maneuver to communicate with any space object that is not 

in the field of view of one of the two RF transmitters at a given instance to provide an acceptable 

percentage coverage. 

4.2 Satellite Power Budget 
Using the equations from SME: The New SMAD [1], a first order power estimate for the 

satellite was placed at 2,387 Watts. This estimate is reasonably close to the following final power 

budget which was derived through the design iteration process. 

 

 
Item Watts 

(W) 
Quantity 
Needed 

Total Power 
Required 

(W) 
RF Transmitter 389 2 778 
RF Transmitter Computer 178 1 178 
ConLCT (Laser) [10] 80 4 320 
Reaction Wheels (Blue Canyon Tech RWP500) [11] 6 3 18 
Star Tracker VST-41M [12] 2.5 1 2.5 
Fine Sun Transmitter [13] 0.25 1 0.25 
Main Thruster (Monarc-445) 58 1 58 
Momentum Dumping Thrusters (MRE-1.0) 15 4 60 
Thermal Control 238.7 1 238.7 
On-Board Processing 286.44 1 286.43 
Power 214.83 1 214.83 
Structure and Mechanism 23.87 1 23.87 
Total   2178.58 

 

Table 4-2 Final Power Budget 
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As previously discussed, in order to accurately model the situation that the satellite will not 

always be operating at full power, it is assumed that the satellite operates a third of the day at 

full-power, a third of the day at half-power, and a third of the day at no-power. Furthermore, it is 

assumed that you can only communicate at full-power during sunlight periods where the satellite 

is able to use power from both batteries and the solar panels. Thus, the power used for all 

subsequent calculations for the final design is 1,089.3 Watts. 

 
 

4.3 Satellite Power System Results 
 

Using the 1,089.3 Watts estimate, the Satellite Power System model is used to calculate the 

solar array area, solar array mass, battery capacity, and battery mass. Figure 4-1 shows the 

results of the satellite power system model.  

 

 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 Figure 4-1 Satellite Power System Results 
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Based on these results, multi-junction cells using direct energy transfer were selected for the 

final design. An estimated 5.43 𝑚! of solar array weighing 66.42 kg is required to meet the 

daylight and eclipse power requirements. Furthermore, to store the energy from the solar array, a 

battery with a capacity of 1,303.5 W·hr weighing 10.43 kg is needed. 

4.4 Satellite Mass Results  
With the results from the coverage model and the satellite power system model, the 

spacecraft bus dry mass results using the equations from SME: The New SMAD [1] are shown 

below for the satellite designed to complete MITRE’s proposed mission. 

 

 Mass (kg) 
Payload 64.5 
Structure 56.25 
Thermal 4.16 
Power 76.85 
TT&C 4.16 
On-Board Processing 10.41 
ADCS 12.49 
Propulsion 6.24 
Other 6.24 
Total Dry 241.3 

 
 
Again, this dry mass estimation method proves extremely effective compared to the final dry 

mass estimate derived from a part list created after multiple iterations of the design process. 

Table 4-4 shows the final dry and wet mass estimates. 

 

 

 

 

 

Table 4-3 Spacecraft Bus Dry Mass Estimate Using SME: The New SMAD [1] Equations 
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Item Quantity Mass (kg) Total Mass (kg) 

RF Transmitter 2 2.27 4.54 

RF Computer 1 2.27 2.27 

ConLCT (Laser) 4 15 60 

Reaction Wheels (Blue Canyon Tech RWP500) 3 0.75 2.25 

Star Tracker VST-41M 1 0.9  0.9 

Fine Sun Transmitter 1 0.375 0.375 

Main Thruster (Monarc-445) 1 1.59 1.59 

Momentum Dumping Thrusters (MRE-1.0) 4 1 4 

Surface Tension Propellant Tank OST 33/0 [14] 1 13.5 13.5 

Propellant Feed System 1 5.87 5.87 

Solar Panels 1 66.42 66.42 

VES 180 Batteries [15] 7 1.11 7.77 

VES 100 Battery [15] 1 0.81 0.81 

Structure  1 56.21 56.21 

Thermal Control 1 4.16 4.16 

TT&C 1 4.16 4.16 

On-Board Processing 1 10.41 10.41 

Other (Balance+Launch) 1 6.25 6.25 

Total Dry Mass   251.49 

Propellant for ΔV Budget 1 95.54 95.54 

Propellant for Momentum Dumping 1 7.59 7.59 

Table 4-4 Satellite Dry and Wet Mass Results 
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Total Wet Mass   103.13 

Total Mass   354.62 

 

With a total mass of 354.62 kg, the satellite remains in the SSCM range.  

4.5 Satellite Dimensions 
During the creation of the satellite’s part list, the dimensions of each part is also recorded.  

Using this part list, a SolidWorks assembly was created to estimate the overall dimensions of the 

satellite, leaving a small portion of volume for parts whose size could not be easily estimated. 

The dimensions of the various parts and a picture of the SolidWorks assembly are shown below 

(Note: The solar panels are not shown). 

 

Item Dimensions (m or 𝑚!) 

RF Transmitter Length: 0.127; Width: 0.089; Height: 0.165 

RF Computer Length: 0.14; Width: 0.131; Height: 0.159 

ConLCT (Laser) Length: 0.76; Width: 0.29; Height: 0.435 

Reaction Wheels (Blue Canyon Tech RWP500) Length: 0.11; Width: 0.11; Height: 0.038 

Star Tracker VST-41M Length: 0.08; Width: 0.10; Height: 0.18 

Fine Sun Transmitter Length: 0.108; Width: 0.108; Height: 0.0525 

Main Thruster (Monarc-445) Length: 0.41; Exit Diameter: 0.148 

Momentum Dumping Thrusters (MRE-1.0) Length: 0.188; Width: 0.114 

Surface Tension Propellant Tank OST 33/0 Height: 0.896; Diameter: 0.6 

Solar Panels Area: 5.43 

VES 180 Battery Height: 0.25; Diameter: 0.053 

Table 4-5 Satellite Dimensions 
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VES 100 Battery Height: 0.185; Diameter: 0.054 

Overall Dimensions (Structure): Length: 1.143; Width: 0.724; Height: 0.635  

 

 

 

 

 

 

 

 

 

Due to time constraints, some simplifications were made for a few of the part drawings. 

For example, the thrusters are simplified as cylinders. Lastly, as stated earlier, some of the 

volume is reserved for parts that could not be sized easily as shown in Figure 4-2. 

4.6 Satellite Cost Model 
Finally, the SSCM was utilized to price the proposed satellite constellation. The estimated 

cost for the research, development, test, and evaluation (RDT&E) plus the first unit was $74.245 

M in FY$2019 dollars while the estimated cost for the RDT&E and the building of the entire 

constellation is $3.23 B in FY$2019. This cost does not include the cost of launching the 

constellation into orbit. Figure 4-3 displays the derivation of the costs provided above. 

 

 

 

 

Figure 4-2 Satellite SolidWorks Assembly 
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An estimate for the cost of launching the constellation was also needed. The Delta IV Heavy 

was selected as the launch vehicle. With the ability to take a payload mass of 22,950 kg to LEO, 

the Delta-IV heavy could take 70 of the 72 satellites at an estimated cost of $215 M. With only 

two satellites left, a Minotaur IV was selected at a cost of $22 M. Thus, the total launch cost was 

estimated at $237 M. Finally, the design-to-orbit cost was calculated by adding the RDT&E, 

manufacturing, and launch costs and was estimated at $3.467 B. 

 

 

 

 

Figure 4-3 Satellite Cost Results 
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 Conclusion 

Design optimizations of satellite concepts were performed to demonstrate the 

communication capability over CONUS between low flying objects, LEO satellites and ground 

terminals. The analysis from these optimizations has shown encouraging results with respect to 

performance capabilities; however, a constellation design-to-orbit cost of $3.467 B is likely 

limiting.  

The satellite design processes undertaken in this technical report provide insight into 

possible satellite design improvements. The primary objective has been generating useful results 

that can aid MITRE and its sponsors in the systems engineering process at the preliminary design 

and verification level. The goals of the design process have been to optimize the cost of the 

satellite while at the same time meeting the desired performance requirements. 

Upon review of the results, the satellite design does meet the requirements provided by 

MITRE. Coverage over CONUS is provided at an acceptable rate; however, the cost of the 

constellation is limiting. The initial goal for total constellation cost was between $500 M and $1 

B.  This optimized satellite design employs conventional forms of subsystem designs based on 

heritage satellite technology. It is likely that additional improvements in technology will develop 

between now and implementation of such a satellite. The use of composite materials along with 

improvements in monopropellants could bring about better performing and more cost-effective 

solutions. 
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 Recommended Improvements 

6.1 Laser Communication   
 

Although MITRE established a requirement that RF transmitters be used for 

communication between the satellite, low-flying objects, LEO satellites and the ground 

terminals, the ability to use the laser communication system for all communications would 

drastically reduce the size of the satellite. The power requirements of the RF transmitters are 

almost half of the total power budget. If the power budget could be reduced by half, the solar 

panel area will decrease greatly which will also cause a significant decrease in the mass of the 

satellite.  This mass savings will also decrease the mass of other systems allowing for a 

significant cost savings to occur. 

6.2 SolidWorks Drawing 
The SolidWorks drawing should be updated to include more accurate renderings of a few 

of the parts. Time constraints resulted in some approximation methods being utilized such as 

thrusters being approximated by a cylinder. More accurate renderings would allow for better 

visualization and center of mass approximations. 

6.3 SSCM  
The SSCM is considered the best small satellite cost model living up to its namesake. 

While the latest version of SME: The New SMAD [1] was utilized, the SSCM provided in the 

textbook is the 1996 version. Since the 1996 version was released, society has seen the creation 

and exponential growth in the development of cubesats, microsatellites, and small satellites thus 

greatly decreasing the cost to design and build a satellite. The latest version of SSCM should be 

acquired from The Aerospace Corporation to verify and update the cost model.  



 

7-1 

 References  
[1] Wertz, J.R., W.J. Larson. 2011. Space Mission Engineering: The New SMAD.  1st ed. 

Microcosm Press  
[2] Aerospace Corporation. 1996. Small Satellite Cost Model (SSCM). El Segundo, CA: The 

Aerospace Corp. 
[3] Brown, Charles D. Elements of Spacecraft Design. American Institute of Aeronautics and 

Astronautics. Inc., 2002. ISBN: 1-56347- 524-3   
[4] Northrop Grumman. (2018, December 31). “MRE-1.0 Monopropellant Thruster,” 

Northrop Grumman. Available: 
www.northropgrumman.com/Capabilities/PropulsionProductsandServices/Documents/MR
E-10_MonoProp_Thruster.pdf 

[5] Moog. (2018, December 31). “Monopropellant Thrusters,” Moog. Available: 
http://www.moog.com/content/dam/moog/literature/Space_Defense/Spacecraft/Monoprop
ellant_Thrusters_Rev_0613.pdf 

[6] NIST Chemistry WebBook. 2011. Website 

[7] Fortescue et al. 2003. Spacecraft Systems Engineering. 3rd ed. Wiley  
[8] Benson, Tom. “Earth Atmosphere Model, Metric Units,” NASA Glenn Research Center 
[9] Wertz, J. and W. Larson. 1999. Space Mission Analysis and Design.  3rd ed. Hawthorne, 

CA: Microcosm Press and Springer. 
[10] Virtual Market Place. (2018, December 31). “ConLCT,” Available: 

https://virtualmarket.ila-berlin.de/en/ConLCT,p1017337 
[11] Blue Canyon Technologies. (2018, December 31). “RWP500” Available: 

bluecanyontech.com/rwp500/ 
[12] Vectronic Aerospace. (2018, December 31). “Star Tracker VST-41M” Available: 

https://vectronic-aerospace.com/space-applications/star-transmitter 
[13] Bradford. (2018, December 31). “Fine Sun Transmitter” Available: bradford-

space.com/assets/pdf/be_datasheet_fss_2017jan.pdf 
[14] Ariane Group. (2018, December 31). “Surface Tension Propellant Tank OST 33/0” 

Available: www.space-propulsion.com/brochures/propellant-tanks/176lt-n2h4-tank-ost-33-
0.pdf 

[15] Saft. (2018, December 31). “Rechargeable Li-ion battery systems” Available: 
www.houseofbatteries.com/documents/VES.pdf 

 
 
 
 
 
 



 

7-2 

 
 
 
 
 

This page intentionally left blank. 
 



 

A-1 

Appendix A Acronyms 
 

ACS Attitude and Control System 
ADCS 

BOL 
CERs                                    

Attitude, Determination, and Control System 

Beginning-of-Life 

Cost Estimating Relationships 

CONUS 
ΔV 

DOD 
EOL 

GUI 
He 

PMD 
RF 

RDT&E 
STK 

SMAD 
SSCM 

SRP 

Continental United States 
Delta-V 

Depth-of-Discharge 
End-of-Life 

Graphical User Interface 
Helium 

Propellant Management Devices 
Radio Frequency 

Research, Development, Test, and Evaluation 
Systems Tool Kit 

Space Mission Analysis and Design 
Small Satellite Cost Model 

Solar Radiation Pressure 
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