
AD-A008 587 

DISTORTION INDUCED ENGINE INSTABILITY 

Advisory Group for Aerospace Research and 
Development 
Paris, France 

October 1974 

DISTRIBUTED BY: 

National Technical Information Service 
U. S. DEPARTMENT OF COMMERCE 



O'

125123

t* §|
6\
4
<

00
»o
00o
o
«:

ii

Ki'lii
P t- .* Vx'!^

w-

AGAIKM-t-n

\y f

ADVISORY GROUP FOR AFR0SM^:E RESEARCH K. OEVEIOPMEM

AGARD LECTURE SERIES No. 72 

on

~ blSmiHlrflUN STAtKkElft A '

Distortion Induced 

Engine Instability

u, APR 18 19T5
Ap^ inviid for public rclca 

distribution Unliinitod J ySIiXb'J u

NORTH ATLANTIC TREATY .ORGANIZATION

/
DISTRISUTION AND AVAILAMUTY 

ON BACK COVER

i



AGARD-LS-7 

NORTH ATLANTIC TRLATY ORCíANIZATION 

ADVISORY (iROUP FOR ALROSPACt RtSBARCH AND DtVLLOPMtNT 

(ORGANISATION Dll TRAITb Dt l ATLANTIOUb NORD» 

ACiARD Lecture Series No.72 

DISTORTION INDUCED ENGINE INSTABILITY 

The material in this book has been assembled to support a Lecture Series under the sponsorship of 
the Propulsion and Energetics Panel and the Consultant and Exchange Programme of AGARD 
presented on 7 8 November 1974 in London; 11-12 November 1974 at the Wright-Patterson 

Air Force Base (USA); 14 15 November at the Naval Air Propulsion Test Center (USA). 



THE MISSION OF AGARL) 

The mission of AGARD is to bring together the leading personalities of the NATO nations in the fields of 
science and technology relating to aerospace for the following purposes: 

Exchanging .»f scientific and technical information; 

Continuously stimulating advances in the aerospace sciences relevant to strengthening the common defence 
posture; 

Improving the co-operation among member nations in aerospace research and development; 

Providing scientific and technical advice and assistance to the North Atlantic Military Committee in the 
field of aerospace research and development; 

Rendering scientific and technical assistance, as requested, to other NATO bodies and to member nations 
in connection with research and development problems in the aerospace field; 

Providing assistance to member nations for the purpose of increasing their scientific and technical potential; 

Recommending effective ways for the member nations to use their research and development capabilities 
for the common benefit of the NATO community. 

The highest authority within AGARD is the National Delegates Board consisting of officially appointed senior 
representatives trom each member nation. The mission of AGARD is carried out through the Panels which are 
composed ol experts appointed by the National Delegates, the Consultant and Exchange Program and the Aerospace 
Applications Studies Program. The results of AGARD work are reported to the member nations and the NATO 
Authorities through the AGARD series of publications of which this is one. 

Participation in AGARD activities is by invitation only and is normally limited to citizens of the NATO nations. 

The content of this publication has been reprodrced 
directly from material supplied by AGARD or the authors. 

Published October 1^74 

Copyright © AGARD 1974 

533.697.2:629.73.036.3:533.6.048 

National Technical Information Service is authorized to 
reproduce and sell this report. 

Printed by Technical Editing and Reproduction Ltd 
Harford House. 7 9 Charlotte St. London. WIP I HD 

u 



PREFACE 

A propulsion system which is completely stable throughout the M-h and V-n flight 
envelopes is a necessary but elusive condition. Immunity to distorted inlet How must be 
present in the basic design and cannot be added as an accessory following flight test 
failures. Among the major problems of achieving a stable propulsion system (i.e., no stalls, 
surges, or rumbles) are matching inlet and engine designs, knowing when a critical problem 
exists, and introducing corrective design changes in a timely manner. 

This Lecture Series, sponsored by the Propulsio' ai.j Energetics Panel and the 
Consultant and Exchange Programme, discusses sources of distortion and both the aero¬ 
dynamic and mechanical response of engines. Valid techniques for predicting and 
measuring stability are necessary for establishing confidence during development and to 
avoid surprises late in the program during flight test. Specialized instrumentation and test 
procedures, both in engine test cells and flight test, have evolved. Of considerable interest 
is the final lecture on methods to increase tolerance to distorted flow thereby enhantin.; 
stability. Although the Lecture Series is of primary interest to inlet engineers from airframe 
manufacturers and compressor technologists from engine companies, the seven lectures 
include information of value to external aerodynamicists. preliminary designers, test 
engineers, and persons responsible for engine life and integrity. 

Allen E.FUHS 
Lecture Series Director 
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INTRODUCTION TO 
DISTORTION INDUCED ENGINE INSTAG 11ITÏ 

by 
Dr. AI l'n E. Puha 

ProfesHor of Aeronáutica 
Naval loatgraduate School 

Monterey, California 91^40 
United States of Anerlca 

SDNURT 

Propulsion systea instability, which may be caused by distorted inlet flow, is a recurring problem 
which must be solved in each new aircraft development program. Trends in. engine and airframe design 
that keep distortion sensitivity as a continuing problem are discussed. Sources of inlet flow distortion 
are catalogued; this information is used to assess the potential difficulties in development of a variety 
of sircraft types, e.g., fighter, attack, and transport aircraft. Methods for describing distortion 
both experimentally and conceptually are introduced. Suf.'.ilent background is stated to provide a 
perspective of the lecture series. 

IMPORTANCE OF DISTORTION 

Influence on Aircraft Engine Development^”" 

Distorted flow into an aircraft gas turbine can trigger engine instability. The axial flow com¬ 
pressor is particularly sensitive to flow nonuniformities. Compressor stall can lead to engine surge. 
Surge may or may not be serious dejending on the particular propulsion installation and engine. In any 
event, compressor stall and engine surge must be avoided. 

The source of air for the engine and the source of much of the flow irregularities is the inlet. 
Establishing compatibility between the inlet and engine involves a substantial portion of developrent 
effort , both on the part of the airframe manufacturer and the engine contractor. Compatibility must be 
assured before flight and cannot be added as an accessory * hen stability problems develop during flight 
test. 

The effects of distortion on compressor performance and stability are extensively studied during 
engine development. Studies take the form of experimental investigations in the test cell2“^ as well as 
computer analyses using a variety of computer models^. 

From t ie airframe manufacturer's point of view, the development of a new propulsion system requires 
extensive /ind tunnel tests with subscale aircraft and inlet models. As develop,ment progresses, the 
scale of the inlets Increases t om 1/20 to 1/6 and finally to l/1 scale. Accuracy of the complete air¬ 
frame model also increases. 

A continuing aspect of deve.opment is identification of incompatibility between the inlet and the 
engine. The managers may proceed unaware of a compatibility problem or may be overconfident that a 
solution in full scale hardware will be achieved. 

Influence on Aircraft Operation 

Performance of an aircraft is decreased by a series of margina. Each margin requires a heavier and 
larger vehicle to perform a fixed mission. Among the propulsion system margins are buzz or inlet unstart, 
compressor stall, turbine inlet temperature, and mixture ratio limits to maintain combustor flame 
stability. The airframe has its margins also, e.g., transonic buffet, maximum CL, and structural limits. 
The operator of the aircraft add« a few margins. For example, with Increasing pilot proficiency, the 
aircraft can be flown to the verge of spin. 

A balanced aircraft design has all boundaries to performance cloae together. Figure 1 illustrates 
the concept of design balance; actually Figure 1 shows an unbalanced design. Curves of specific excess 
power, Po, as used in the sense of energy maneuverability, are plotted as a function of G-loading with 
power setting as a parameter. With increasing G-loadlng, either positive or negative, Pg decays as a 
result of Increased drag. At a particular power setting and loading, P_ is zero; for example, in Figure 1 
Pg la zero for military power at 4.6G. For higher loading the specific excess power becomes negative and 
the aircraft cannot sustain the maneuver in steady state. 

Structural limits are shown at both the positive and negative boundaries. A boundary is given for 
useful aerodynamic limit. The limit may be, for example, transonic buffet. Also shown in Figure 1 are 
the propulsion stability limits. To achieve high G loading, large angles of attack are necessary. The 
aircraft may be in a tight turn with large yaw angles. Large angles of attack and yaw cause severe 
flow distortion, which in turn induces compressor stall. Propulsion stability limits are established by 
angine surge and compressor stall. 

The aircraft of Figure 1 does not have a balanced design. Due to propulsion Instability, neither 
the positive nor the negative structural limits can be attained. Even if the propulsion stability limit 
la moved to T.2G, transonic buffet at 6.40 limits perfornance. 

Extra weight is necessary for a structural limit of 7.2G. If the operating limits were as depicted 
in Figure 1, the aircraft customer would exert tremendous pressure on the engine contractor to nove tha 
propulsion stability limit toward higher 0. 
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Th» liait« of Figur« 1 »re for a highly trained, 
proficient pilot. A leaa proficient pilot will add 
hla own aargln and will fly the aircraft in order to 
»▼old engine inatabllity or eeeere buffet. Conae- 
quently, aargln« are added in twice—once in basic 
aircraft design and once by the pilot who file» the 
aircraft. 

Noise Caused by Distorted Flow 

Coaaercial aircraft Bust aeet noise specifica¬ 
tions. Been aost allitary aircraft are required to 
satisfy noise llicitationa. One advantage of 
comercial F/STOL aircraft la the ability to operaU 
froa the center of the cityj this fact laposea 
additional noise restriction». 

A certain noise level is generated with uniform 
flow into the aircraft engine. Distorted flow tenis 
to Increase noise level. In one set of experlaents, 
personnel at NASA Lewis Research Center® measured 
a 10 o‘ increase in sound due to flow distortion. 

TRENO. THAT HAVE CAÏÏSED DISTORTION SENSITIVITT 

aircrait, including tne propulsion system, have 
historically been designed for steady corriitiona with 
ainlaun attention to the effect of distorted flow. 
Operation of the aircraft is In an environment which 
is unsteady, and the propulsion system experiences 

have been aircraft that have missed the design goals 
-.- --- —-» extensive modifications were required to meet specifi¬ 

cations. Certain trends in aircraft design deviated enough fron past experience so that problems were 
not recognised in the developemntal phase. This section identifies some of these trends. 

Figure 1. 

distorted flow, 
by a wide margin. 

Operating Liait» Imposed by 
Propulsion System and Air¬ 
frame. 

In the not too distant past there 
After roll-out of the aircraft, 

Expanded Flight Envelop«» 

Modem, multimission, aircraft will experience a wide range of Mach numbers, Reynolds numbers, 
angles of a'tack, and angles of yaw. Figure 2 shows the usual Mach number-altitude performance 

envelope. At high altitude and with slow speed 

Figure 2. Performance Envelope of Supersonic 
Aircraft. 

Introduction of Turbofan 

flight, the Reynolds number is low. At low Reynolds 
number, the flow on compressor blades may be 
transitional or even laminar, whereas the normal con¬ 
dition of boundary layer is turbulent. Thinking of a 
compressor map, the stall line moves downward at low 
Reynolds number. High-and-slow causes propulsion 
stability problems. 

At high Mach number, there are a variety of 
shock waves in the inlet. These shock waves inve in 
response to boundary layer Interaction, unsteadiness 
in ambient atmosphere (e.g., clear air turbulence), 
and other causes. Distortion levels may be higher in 
supersonic flow. 

Also shown in Figure 2 is the boundary of wind¬ 
mill restart. Compressor stall undoubtedly will 
cause flame out. If stall occurs at point A in the 
flight envelope of Figure 2, the pilot must desc< .id 
to lower altitudes and lower Mach number to achieve 
relight. 

Violent flight maneuvers can cause high levels 
of distortion. Figure 1 illustrates regions of pro¬ 
pulsion instability in the velocity-load factor 
(7-n) plane. At low velocities, very large angles of 
attack are necessary to generate lift. Large angle 
of attack adversely influences propulsion sUbility. 
At higher velocities, the angle of attack is less for 
a particular load factor as a result of increased 
dynamic pressure. Unfortunately the increased 
dynamic pressure also means increased distortion 
levels. 

Reference to Figures 1-3 shows that propulsion 
stability depends on Mach number, Reynolds number, 
angle of attack, angle of yaw, and power setting. 

Although a turbojet compressor is not isolated completely from conditions downstream of the turbine, 
there is a such greater degree of isolation than in the case of a turbofan. Disturbances downstream of 
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th« f«n ar« comnlcated diractly to the fan. in 
esaaple le ignition ln an afterburner which has both 
fan and engine core flowe. Ignition aay eauee a 
pressure pulte which appears at the fan discharge 
and results in fan stall. 

A fan typ'lcalljr has a eery snail hub-to-tlp 
ratio. In the root region the fan blade mist be 
highly loaded to achieve un If om work spanwlse. 

Turbofans have a noalnal bypass ratio. Depend¬ 
ing on operating conditions, the division of air 
between engine core and fan changes, flow patterns 
change when bypass ratio changes resulting In 
alteration of blade loading. 

The flow passage geometry out of the fan root 
region Into the engine sore nay Involve large turn¬ 
ing In the radial plane. This is especially true 
In high bypass turbofans. Distorted Inlet flow may 
lead to ipcreased secondary flow losses within the 

passage itself. 

figure 4 sumunrizea those features of a turbo¬ 
fan which increase sensitivity to distorted flow. 

7_8 
Highly Loaded fans and Compressors 

Pressure ratio per stage in compressors has 
had a steady growth since the esrly 1950's. The 
growth is due mainly to increased tip speed 
although blade loadir« has increased also. The 
pressure ratio per stage, fVPji c*n *>• calcu¬ 

lated from 

1 ♦ (1) figure 3. Regions of Propulsion Instability in the 
V-n Diagram. 

where y is the ratio of heat capacities, n is stage efficiency, D is wheel speed, Cp is specific heat 
capacity at constant pressure, Tj is stagnation temferature at the compressor inlet, and AT is the blade» 

' —* Equation (1) shows the strong advantage -- loading . --- _ - 
of increased wheel speed or tip speed. Equation (1) 
also damonstrates that pressure ratio can be in¬ 
creased by either larger U or Af. figure 5(a) 
shows the blade loading of compressors in opera¬ 
tional engines as of 1966. Also shown are per¬ 
formance points for 1970 vintage NASA research 
compressors®. Present day compressors fall in a 
tip speed range 1000 < U < 1600 ft/sec. Blade 
loading is about 0.35 with research compressors 

leading to 0.45 and 0.50. 

figure 5(a) Indicates blade loading decreasing 
as tip speed increases. The rate of decay, or 
negative slope, of the curves is less for the NASA 
research compressors, figure 5(b) esq has lies the 
fact that improved pressure ratio can be attained by 
improvement in blade loading or tip speed. 

To summarize, the growth in pressure ratio per 
stage to date has been obtained by 1arge increases 
in tip speed with only modest gains in blade load¬ 
ing. Current research and development is directed 
toward increased blade loading while maintaining 

efficiency levels. 

SENSITIVITY TO DOWNSTREAM DISTURBANCES 

figure 4. Turbofan features Which Complicate 

Distortion Effects. 
Relative tip Mach numbers on advanced fans and 

compressors are well into the supersonic region. 

^owtriH giving^Icu^losses^0 Distorted flow perturbs the shock waves leading to greater losses or, in 

severe cases, compressor stall. 

Increased blade loading, which is the route to higher pressure ratio per stage that currently is be¬ 

ing investigated, implies larger diffusion factors, tunning angles, or 
experience indicates greater adverse effects due to distorted flow when blade loading is high. 

• Blade loading can be related to lift coefficient or turning angle. 



(a) Blade Loading of Operational Compressors. (b) Pressure Ratio of a Single Stage as a Function 
(Adapted from Reference 7.) 0f Tip Speed. (Reproduced from Reference 8.) 

Figure 5. Relationship of Pressure Ratio Per Stage to Blade Loading and Tip Speed. 

New Aircraft Configurations 

One could assess trends in each of the earious categories of aircraft, i.e., military aircraft such 
as fighter, attack, transport, etc., and commercial aircraft in flight regimes of high-subsonic, tran¬ 
sonic, and supersonic. The aim is to substantiate the statement that there are many new aircraft con¬ 
figurations being examined and that each configuration may generate propulsion stability problems unlike 
those in the past. V/aTOl. aircraft have the moat pronounced changée in configuration and hence represent 
the greatest departures from known technology, ¡fence examples from V/STOL aircraft will be discussed. 

Aircraft are being developed, e.g., the IFV-12A, using ejectors in the wings to achieve thrust aug¬ 
mentation. Primary gases for the ejectors come from the engine exhaust. In hover arei transition, the 
normal exhaust noaale is plugged, and the gases are ducted to the ejectors. The plug can cause back¬ 
pressure on the engine leading to stall. 

q 
Consider the fan-in-ving VTOL configuration . During transition from hover to forward flight, cross 

flow velocities across the fan face develop. Pressure ratio for various parts of the fan vary as the 
wing develops circulation. The local pressure ratio depends on local C differences between the top and 
the bottom of the wing. P 

DISTORTION SENSITIVITY BY ENGINE TYPE AND APPLICATION 

Selection of the engine cycle depends on airciaft mission. Cycle parameters, e.g., pressure ratio, 
bypass rstio, turbine inlet temperature, and fan pressure ratio, are chosen to minimise aircraft takeoff 
gross weight or other criteria of excellence. A particular engine fite a specified mission. The mission 
is defined in part by the flight envelopes of Figures 1 to 1. Based on this reasoning, some general 
statements can be made about the categories of aircraft likely to encounter propulsion instability. 

Figure 6 locates the various types of aircraft in the specific thrust arci specific fuel consumption 
plane. Almost all aircraft fall along a band with a positive slope. Naturally the propulsion engineers 
would like to offer an engine at point B in Figure 6. Unfortunately an engine with very large F/ib and 
small 5FC does not exist. 

For a mission requiring large F/m, for example, a short-range, high-Mach intercepter, a turbojet is 
the best engine choice. Within the turboje. range of engines, as aircraft range increases, the cycle 
pressure ratio Increases. Increased cycle pressure ratio improves SFC. 

Once a turbofan becomes the optimum choice, bypass ratio is a variable to be determined. Two factors 
strongly influence the choice of bypass ratio; these are aircraft range and whether or not the mission 
specifies supersonic, subsonic, or alternative of either supersonic or subsonic cruise. 

Fan pressure ratio must be correlated with bypass ratio. Fan horsepower is determined by these two 
ouantities, and the gas generator of the turbofan can provide only so much power. 

Compressor performance and stability are key elements in achieving propulsion stability. Different 
aircraft place different demands on the compressor. A long range, subsonic transport aircraft places a 
large premium on low SFC. Low SFC can be obtained from two general approaches; one is proper selection 
of cycle parameters, e.g., high cycle pressure ratio, and the other is high efficiency of every component 
Including the compressor. 
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A separate lift engine, which provides 
VTOL and hover capability 1* used aùy a Tew 
ainutes each flight. Low SFC is not impor¬ 
tant; high thrust-to-veIght Is vital. High 
specific thrust Is consistent with large 
thrust-to-weight. High specific thrust is 
obtained fro« a large tenperature rise 
across the combustor. There is a span of 
teaperature from ambient air to turbine In¬ 
let conditions. A fraction of that span is 
used by ran and compressor work. The re¬ 
maining fraction is the combustor incre¬ 
ment. A lift engine has insignificant ram, 
obviously. For a lift engine, low cycle 
pressure ratio is desirable. 

Table I provides a s^'vnary of the pie- 
ceding discussion. These facts can bo com¬ 
bined with the section on trends that have 
caused distortion sensitivity to yield 
perspective on propulsion stability by air¬ 
craft category. Table II is a sumnary of 
propulsion stability problems by aircraft 
type. 

Every aircraft requires developmental 
effort related to propulsion stability. 
Fighter aircraft and intercepters have many 
propulsion design features that must be 
validated. V/STOL aircraft have several 
stability problems unique to that type of 
aircraft. 

SOURCES OF DISTORTION Figure 6. Position of Variou-. Categories of Aircraft in 
the Specific Thrust and Specific Fuel Consump- 

There are many causes for engine in- tion Plane, 
stability, not all of which are related to 
distorted flow. In this section, the sources of distortion are catalogued, 
causes of propulsion Instability distinct from distorted flow. 

There is mention of se* sral 

Tahlo I. Summary of Engine Selection for Various Types of Aircraft. 

Cycle Combustor Bypass Turbine Compressor Fan 
Pressure Temperature Ratio Inlet Efficiency Pressure 
Ratio Increment Temperature Ratio 

LIFT ¿NGIVBS 

INTERCEPTER, short 
range, high Mach 

FIGHTER, short 
range 

FIGHTER, long 
range 

SUPERSONIC BOMBER 

SUBSONIC BOMBER 

ATTACK AIRCRAFT 

ASV 

TRANSPORT, 
long range 

small large 

small larga 

medium large 

large medium 

large large 

large medium 

large med ium 

large small 

large small 

zero maximum 
posa ible 

zero maximum 
possible 

zero maximum 
possible 

less maximum 
than possible 
one 

near maximum 
unity possible 

medium less than 
maximum 

medium less than 
maximum 

large less tnan 
maximum 

large less than 
maximum 

_possible 

not too 
important 

not too 
important 

not 
dominant 

not large 
dominant 

not large 
dominant 

important med ium 

important medium 

Important small 

extremely small 
important 

Engine Transients and Control Response 

Changes in throttle setting, e.g., throttle chop or throttle burst, require the propulsion system 
to seek a new operating point. The control system must move the engine along a succession of points 
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Table H# totrlx o** Propulsion Stability Problems by Aircraft Type. 

Factors Tending to Cause 
Propulsion Stability Problems 
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Large bypass ratio X X X X 

High blade loading X X X X 

High tip speed X X X X X 

Low speed at high altitude X X X X X 

High Mach number flight X X X X I 

Large angle of attack X X X X X 

Large angle of yaw X X X X X 

Fossibility of exhaust recirculation X X« X' X* 

Cross flow at inlet X X X«* 

Valves at engine exhaust X X 

Pressure variations -"i engine due to 
external aerodynamics X X X X X X 

Armament firing X X X X X X X X 

•Where thrust reversera are installed. 

••Cross winds at takeoff and taxi. 

thI|h?nLtXT8!0n lnt^ for“dden regiona. There are lags in any control system, and these lags can caus 
the inlet, engine, and nozzle to be off schedule. 8 

A propulsion system control for a supersonic aircraft is complicated. There are many functions to 
la ver" bleed*? 1 * ^let may require control of angle, bypass door “sitio^S^Ïy 
layer bleed flow, terminal shock position, duct pressure level to avoid overpressure, throat area and ' 

*UX41?rî dU°t va^es- The engine may require control of fuel flow, inlet guide vane’angle, 
controlat^"v int®r8t®Re ^leeds. For the engine, there are several monitoring furetions for the 
raMo t07*1^ °1rerteBf:r,ltur** The noï*le 8y9tera «quire control of throat area, 

c^H^d^^r:;.^11 area> arXi 8*C°ndary fl°- -Uh ^-^ner, have more 

h« „en^/t1’!8'11? ^ ^ a11 Tari*b1« “re not on schedule during transients, distorted flow ma 
«tl derr « C ret*^dlng the trottle in an aircraft flying supersonically. Engine mass flow 
rate decreases. The bypass door should open. Pressure in the duct Increases, and the terminal shock 

J0Ward Hthe lnlet thr°at- Th8 streaml ines that serrate the bypa.is flow from™h. engîne flo, 
j as th" hyP“88 ^001- opens. When the bypass door attains the correct opening, the duct pressure 
decreases, and the shock waves move downstream. Shock wave motion and shifting of dividing streamlines 
cause nonun iforra flow at compressor face. Before the throttle was retarded, the variable ftatora were 

stiver VS1** T9? V tíe enelne- RetartinB ih® >“8» flow finds the stators at small 
stagger ai.gle with control moving toward large stagger angle. This lag makes the stators vulnerable to 

hTh ! ar*!îlrcrrh.thîî' Can fly 8traieht UP supersonically. Even at takeoff, some aircraft can 
ciimb so fast that by the time the aircraft is over the end of the runway, the altitude exceeds the run- 

♦ain°n/gth‘ 3Í* r?te °f Ch<me? °f th8 t0t,ll te,nPerature st the compressor face, i.e., «WH, may be 
ThI IÍ* F1“? 8lB? a?Pli89 t0 * diTe’ art1 the “lr'U8> t0 a cli»b- T“ prevent ¿vertempe«“! of 
the ? î T" 1 n^8t1de=rea98 fuel-air ratio in a dive. To maintain engine RPM^and thrust 
fuel »! rÜ01 inc«a38 fuel-air ratio in a climb. Changes in engine mass flow due to changes in 
uel air ratio can cause the inlet to operate off schedule; a consequence is distorted flow. 

Inlet Aerodynamic Problems 

An inlet designed for supersonic flight has sharp lipa. In low speed flight at high power, the floi 
as a tendency to sepal ite at the lips. Flow separation causes nonuniforo flow at the compressor. 
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Pressure recovery of an inlet depends on ramp angles and contraction ratio. If ^ or 

to distorted flow. 

Boundary layer bleed uses a pattem of small holes in the inlet walls. Hugging the holes, e.g., 
by ice or dirt, can cause a very large increase in distortion leve . 

" spike in position, strut, must be used. Strut wakes are another source of distortion. 

External Aerodynamics 

«.„no. h., b,,, «a. ^ h.. .«T»«r i1*1: "r?;» 

the flow presentea to the inlet. 

Foreign Gas Ingestion 

A foreign zas is any gas with specific gas constant or ratio of heat capacities different than the 
values for air. Even if the temperature of air and the temperature of foreign gas are equu , e 
different speed of sound of foreign gas can cause compressor stall. 

Back Pressure Distortion 

Th. b.., Pr..»™ o.u«a b, pi«,,!« lb. P0..1. lb. 
discussed. Pylon mounted turbofana are su Jet .. greater than at the bottom 
wing is operating at high lift, the pressure at the fan exit near the wing gre 
of the nacelle. This constitutes circumferential dlstortl n. 

Other source, o' downstream disturbe, in a fan duct £ the 

Ktoi S!eran5 uSTu ZZ*' » Z o' sUtor blad«; which shield the fan from the influence of 

the struts; see Reference 184. 

(a) Turbojet Afterhirner 

Afterburner (Reheater) TransienU 

-iixed flow turbnfan afterburner of Figure c) is particularly 
sensitive to transients. During afterburner ignition, a pressure 
pulse may be generated. The pressure pulse propagates upstream 
along the fan duct to the fan outlet. Momentarily the .an sees a 
much larger pressure ratio; fan stall may result. 

Combustion in afterburners tends to be unstable . Screech 
liners are added to suppress combustion instability. In the 
arrangements of either Figure 7(b) or 7(c), pressure waves 
associated with combustion instability can infract with the 
fan The reflection coefficient for a fan is a complex quantity, 
i.e., a phase shift as well as gain or attenuation may occur. 

Splitter Hate Stalls 

A splitter plate In a turbofan engine Is illustrated in 
Figure 4. At those operating points where the core mass flow is 
relatively large, or stated another way, where the byr«« ratio 
is decreased, there is a lerge radial component of velocity. 
Flow separation can occur on the inner surface of tha split ter 
plate as sketched in Figure 4. The separated flow region can 
generate unsteady, nonunifonn flow into the core compressor. 

Vortex Ingestion on Ground 

When the wind blows over the ground, a boundary layer 
develops . This boundary layer may extend 10 ■•tsra or more 
above the ground. As with all boundary layers, the flow Is 
rotational. A turbofan or turbojet pumping air from the 
boundary layer concentrates the vorticity. is analogous 
to the vortex In a draining bath tub; the vorticity present 
in the bath water is concentrated as the tut drains. 
vorticity entering the compressor or fan can affect the stall 
margin in an adverse manner. 

affect 
. The 

(b) Turbofan Duct Bimer 

(c) Mixed Flow Turbofan Afterburner 

Figure 7. Thrust Augmenters 
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Similar vortex ingestion occurs during takeoff of aircraft with aft mounted engines such as 
Caravelle, DC-9, or After brake release while the aircraft is moving slowly, the Reynolds number 
of the flow over the fuselage is small. A ver/ thick boundary layer develops. At the same time, the 
engine inlet appears like a mass sink; the streamtuhe entering the engine diverges widely upstream of 
the inlet lips. The fuselage boundary layer i' ingested. The vorticity could have a deleterious effect 
on compressor stall margin. 

Clear Air Turbulence 

Clear air turbulence (CAT) la generated by a variety of mechanisms including convective currents, 
high-level mountain waves, low-level terrain disturbances, and wind shear. Ulti»»tely the source of 
energy for the turbulence is solar created temperature gradients in the atmosphere. 

So far as the engino is concerned, the clear air turbulence results in a fluctuating velocity 
vector at the engine inlet. Local Mach numbers are varying. Experience has shown that engines which 
successfully qualify under other sources of distortion are not Influenced greatly by CAT. Propulsion 
stability problems due to CAT are rare. 

12 
Stall Hanmershock 

Stall haimorshock is not a cause of engine instability but a consequence. When the compressor 
stalls, it no longer pumps air; the results are almost as if a valve had been closed. A shock wave 
propagates nut the duct and inlet bringing the flow to rest behind it. 

Auxiliary Power 

The engine may supply power in a variety of forms for an array of uses. Power can be extracted in 
the form of bleed air, in the form of hydraulic pressure, or in the form of electrical power from the 
alternators. When power is switched on and off, the engine undergoes transients. If a bleed air valve 
is opened to drive pneumatic actuators somewhere in the aircraft, the mass flow into the compressor 
increases. Pressure ratio drops for a moment. Stages downstream of the bleed port have decreased mass 
flow which alters stage loading. 

Transients due to varying auxiliary power extraction can initiate engine Instability. 

TYPES OF DISTORTION 

Flow distortion is usually identified as pressure, temperature, or a foreign gas type of distortion. 
The types of distortion that are reported in engineering literature and employed to establish propulsion 
system compatibility are a reflection of instrumentation capability^1. A long history of experience in 
dynamic pressure measurement is available; hence stagnation pressure is one measurement. Although most 
total temperature probes are very limited in frequency response (a few Hertz), it was recognized early 
that temperature distortion could cause stall. Consequently temperature distortion is another type. 
Measurements are rarely made of species concentration for foreign gas distortion. Impact of foreign gases 
on compressor behavior is not well known. 

As yet measurements of velocity components have not been accomplished except in isolated tests. 
Furthermore, the vorticity components in a distorted flow must play a role. 

In unsteady flow, spoctral analysis and suitable moments of a distribution function are determined. 
The quantity most frequently measured is stagnation pressure. 

Stagnation Pressure Distortion 

Think of stagnation pressure as a function of three spatial coordinates, r, ¢, and z, and time, t; 
cylindrical coordinates are convenient. Measurements are made at a plane, z « constant, upstream of the 
compressor. See Figure 8. The stagnation pressure is unsteady. A small fraction of the fluctuation is 
spatially in-phase; this can be expressed as 

P(r,6,z,t) • P'(r,6,z,t) ♦ P"(z,t) (2) 

The pressure variation observed by a probe at (r,€,z) consists of a spatially, uncorrelated portion, P', 
plus a spatially correlated pressure, P". 

Stagnation pressure data are conmonly processed in one of two ways^. One method, termed the 
deterministic method, is to plot instantaneous Mpr showing constant pressure contours. From the maps 
distortion indices may be evaluated. The other data .-eduction procedure, which is termed the statistical 
method, is to calculate mean values, correlations, power spectral density, amplitude probability density, 
and similar parameters. In either case, an attempt is made to correlate loes of stall margin with 
distortion parameters. 

15-18 
Stagnation Temporaturs Distortion 

Variations in stagnation temperature can cause compressor stall. Temperature variations may 
involve only air, but frequently a change in temperature is accompanied by foreign gases. 

In one case a turbojet engine surged due to hot air which was cooling air. The propulsion system 
Installation had a secondary air flow around the turbojet; the air was circulated by an ejector nozzle. 
The aircraft was taxiing with the wind up its tailpipe. Reversal of secondary air flow occurred; the 
hot air was Ingested by the turbojet causing stall. 
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Many airport# have grassy areas necr the run¬ 
way. Temperature differences between air adjacent 
to runway surface and nearby grass may be TC F. 
Depending on local winds, or vortices from prior 
aircraft departures, the air temperature may vary 
markedly during takeoff. 

As discussed previously, ingestion of steam, 
rocket exhaust, aircraft exhaust, gun propellant 
exhaust, etc., can cause temferature variations. 
One method to analyse the impact of temperature 
distortioi is to use the parallel compressor 
model. Ti'jpe.-ature variatins cause a shift in 
corrected speed. 

Temperature data are processed in a manner 
similar to pressure distortion. One distinction t 
between pressure and temperature data is the fre-j 
quency response of the respective transducers. 
Consequently, temperature data have limited fre- ç 
quency content. 

» , „ _ t. 19-26 
Foreign Gas Ingestion 

Compressor map» give performance in terms of j 
corrected variables; pressure ratio is plotted asj 
A function of corrected weight flow rate with 
corrected angular speed N/y6 as a parameter. In j 
the derivation of corrected variables, nondimen- j 
sional similarity parameters are first derived. ¡ 
The appropriate nondimensional angular soeed is 
NL/a, where L is a characteristic compressor 
length (e.g., tip radius) and a is a reference 
sound speed. The fact that sound speed is the 
appropriate quantity determining similarity is 
frequently overlooked. Since sou i speed squared 
is given by 

a2 » rRT/M (1) 

it is apparent that foreign gase? can be an important factor. In ¿quation (1) y la heat capacity ratio, 
R is universal gas constant, M is molecular weight, and T is static temperature. 

At room temperature, air has a sound speed of 1120 ft/sec. At the same temperature, steam has a 
sound speed of H20 ft/sec. If corrected angular velocity is properly evaluated (i.e., using sound 
speed instead of b only), pure steam causes a 2?% shift. 

Compressor stalls20 were observed in the A-7A aircraft due to ingestion of steam from the catapult. 
One test that military engines must pass is that due to ingestion of rocket gases. Rocket gases are 

another case where both y and M differ from air. 

MANAGEMENT ASPECTS 

Management Philosophy 

Development of a complex aircraft has many facets; stability is only one of these. However, 
stability is important and merits careful attention by managers. Failure to achieve stability during 

flight test is a major deficiency. 

One key to successful development is to know when the propulsion system is in trouble. To establish 
confidence and to insure compatibility between engine and inlet, it is necessary to conduct an adequate 
test program. The test program, which includes experiments convicted by both the airframe and engine 

companies, should have precise test goals written. 

Traditionally aircraft manufacture is split into two distinct types of companies—the airframe and 
the engine companies. Having stated this well known fact, what are the implications for managers? 
Since two separate companies are involved, there must be an easy flow of information. Establish and 

maintain communication. 

As an example of the need for communication, consider a decision by the engine company to change 
engine mass flow rate. This immediately has an impact on inlvt duct and throat areas as well as spillage 

or additive drags. The airframe company must be aware of such changes. 

Avoid split responsibility. Whoever is responsible must focus attention on the complete aircraft 
and not on the airframe and engine separately. There are three parties involved in the development of a 
new military aircraft; these are the customer, the airframe company, and the engine companies. One of 

these three groups must have or assume complete responsibility. 

If an engine fails Military Qualification Test (MQT), there are serious repercussions for the engine 
company and the customer. There is tremendous emphasis on passing MQT, narhaps to the detriment of a 
complete engine stability developmental effort. Thought and discuss ion* have been given to revamping 

the FFRT/MQT method of qualifying military engines. 

TYPICAL TOTAL 
PRESSURE ARRAY 

AT AN ENGINE 
INLET PLANE 

TIME TIME 

Figure 8. Typical Variation of Absolute Total 
Pressure at the Inlet of a Turbofan 
Engine. (Reproduced from Reference H. ) 
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The inlet/engine, engine/nowle, and airfraw/lnlet/muzle interfacea «uflt be defined preclaely. 
Attempts have teen made to model engine performance ’:nder all operating conditions inclodlng ateady an 
unsteady flow. A successful model provides an extremely effective communication tool. The airframe 
company can run the engine model on its computer using its inlet and nowle models. 

Specifications 

There are a vast array of specifications for procurement of military equipment. Known as >«LSreC, 
the specifications cover everything from application of paint, instruction malais, 
magnetic interference, to blueprint drafting techniques. Some specifications have sections 
to distorted flow. For example, NAVAIR Specification AS 2684, "Engines, Aircraft, Turbojet, and Turbo- 
fan General Specification for," covers "Adverse Inlet Conditions." Adverse conditions Include 
and* uns te ad y distortion, rocket sxhaust ingestion, steam ingestion, anti-icing, atmospheric rain, sand 
ingestion, and engine wind milling. 

A complete mastery of distortion induced engine ir tability bes not been attained. *^dence for 
that statement ia the fact that every major engine company and government propulsion research laboratory 
hís on. r^re distortion indices. Without a complete understanding of distortion induced 
instability, it ia impossible to write a definitive engine specification. However, present day e g 
specifications shoul? and do, reflect the latest thinking that has h*en experimentally verified. 

SAE Aerospace Recommended Practice 

The Chairman of SAE S-16 Coi 
progress as of mid-19^4; his conn 

mlttee, Mr. H. I. 
ents are quoted i 

Bush^, prepared a short resume of the pirpose and 

"The Society of Automotive Engineers (SAE) Aerospace Council Divisional Technical 
Committee S-16 was formed in 1*3^2. The purpose of S-16 is to formulate and propose a 
set of 'Aerospace Recommended Practices' (ARP) to próvida a procedure by “hichthe 
stability and performance of the propulsion system, as affected by inlet flow distort o , 
can be elevated to a key factor in trade studies, interface agreements, engine quali ica- 
tlon, and aircraft flight. An ARP la employed for 'dimensional, design, or performance 
recommendations based on sound engineering principes and which ia intended as a guida 
toward standard engineering practice.' The Committee recognizes that technical disciplines 
that directly affect this important aspect of engine design, developiaent, and “r® 
presently undergoirg rapid technological advances. It also recognlaea that a start nus 
made toward reducing to industry-wide accepted practice the advance that have been made 
over the last five years. Therefore the ARP, while intended as a guide toward standard 
practice, may be subject to frequent change to keep pace wltl experience and technical 

advances. 

"Active, participating membership of the Committee consists of representatives of the 
Air Force Saw NASA FAA, four major engins companies, and seven major aircraft companies. Z 0? ^. £î’h™be.n defined as", work^g outline. Definitions of various term, 
critical to engine stability have been agreed upon. A working outline has e*îf“lshed 
which describes the uses of a distortion descriptor system during various phases of a 
development program. T.chnical guidelines for a distortion descriptor ^ter hsve been 
established which will be used by the Committee as criteria upon which ^ Rescript r 
system to be adopted will be baaed. The Committee expects to formulate this descriptor 
system during the next year, and submit the resulting proposed ARP to the Aerospace 
Council shortly thereaffsr. At that ti* the proposed ARP will probably be made available 

for review." 

STATISTICAL NATltRE OF DISTORTION AND ENGINE INSTABILITr14’ 10-11 

Pressure measured by„a single transducer as a function of time shows a random distribution with a 
few discrete frequencies.1^ The pressure probability density distributions typically have a 
Gaussian snap*; slight skewing may be present^5. Distortion indices, which are derived from pressure 
measurements by algebraic manipulationa, likewise have near-Gaussian shape. 

Since the pressure fluctuations «re random in nature, the contours of pressure map. at th# ?"■- 
pressor face do^ot repeat geometric shape. The function of the distortion index is to reduce the 
«Ô^try of . «P to .single number. For any value of the index, there are -any different map 
Geometries Hopefully the index captures those features of the map geometry causing adverse flow =ond^ 
tlo" £\h. compressor. For a critical value of the distorts index the compressor should hav. zero 
SU11 margin remaining. Values of index larger than critical cause stall. 

Sines the values of the index occur in a random manner, measurement of pressure over a finite time 
span may not yield the peak instantaneous distortion. Jacocks has investigated tre statistics o 
extremum values of distortion, D. Using experimenUl data, he found that D could be represenUd by 

D(y) ■ a ♦ by 

where a is expected or most probable maximum instantaneous distortion, b is the exp^ed r.te of Increase 
of D with uiT and y is a probability variaU related to obeervation time. J.cock. u proposes that 
quantities a aid b be used to characterize an engine/inlet system In lieu of distortion, D. 

. inml»n >id Mcllveen1^. two approaches generally are taken for interpretation of 

mac or distortion index at a frequency near compressor roUtional speed. Compressor benavior is 
determined as a function of the t:me-sequenc. of maps or indie«.. C 
statistical and Involves calculât'.™ of rma values, autocorrelations, cross correlations, power 

(4) 
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spectral density, amplitude probability density functions, etc. These statistical parameters are used to 
assess engine stability. 

Briefly stated, the random character of distortion means that engine stability can be stated only In 
a probabilistic senaej e.g., at Mach 0.8, 21,000 feet altitude, and 18 angle of attack, the probability 
of engine surge with military power is 5Î for a time span of 6 minutes. 

FERSTKCTIVE ON lECTl’RE SERIES 

, , , 14-50 
Sources of Distortior. and Eng'ne/Inlet Compatibility 

As mentioned earlier, the inlet, is the primary source of distortion. Inlets can be designed to 
minimize distortion; e.g., usually increased boundary layer bleed decreases distortion levels Inlet 
parameters influencing distortion include inlet location relative to airframe, compression s-.face design, 
choice of degree of internal compression, bleed, bypass, and location of auxiliary intakes for low-speed, 
high-power, flight. 

What constitutes a complete inlet specification and testl This question will be addressed. 

Correlations can be obtained between pressure recovery, turbulence intensity, and APT/pT. Poor 
pressure recovery frequently results in high distortion. 

There is a trade [ossible to achieve propulsion compatibility. By adding weight and drag, the inlet 
can provide almost any level of flow uniformity. Perhaps the added weight would be better invested in 
the compressor by decreasing stage loading. A trade exists between inlet distortion level and engine 
distortion tolerance. 

Lecture 2 discusses many of the aspects mentioned above. 

. r. 51-142 Aerodynamic Response 

Distorted flow may cause engine surge. The surge is a consequence of compressor stall. Stall 
results from flow separation on stator or rotor blades. The separation phenomena may be steady, l.e., 
confined to a fixed location, or unsteady. Unsteadiness may be the consequence of unsteady distorted 
flow, rotor motion, or rotating stall. Understanding of unsteady stall requires a mastery of unsteady 
boundary layer flows. 

Compressor map.s are altered by distorted flow. Stall lines are depressed. Efficiency contours are 
shifted. Mass flow rates usually decrease. 

One model that is used to describe aerodynamic response is the parallel compressor. Surge sensi¬ 
tivity can be understood by use of this model. Another approach is the critical sector concept. 

Separately, or in combination, pressure, foreign gas, ami temperature distortion can be understood, 
at least partlilly, by the parallel compressor model. 

Lecture 1 addresses aerodynamic response. 

. 141-14^ 
Aeromechanical Response 

The unsteady forces generated by compressor stall can cause large dynamic stresses in the blades. 
In the absence of stall, blade flutter also creates abnormal stresses. Fatigue life of blades is con- 
sunied rapidly by the dynamic response. 

Distorted flow can cause stall in one of the late stages of a multistage compressor. A hammershoek 
forms and passes over the upstream blades creating large transient loads. 

Transient loads generated by or as a consequence of distorted inlet flow are discussed in Lecture 4. 

Prediction Techniques^ ^ 

One goal of analysis and experiments is to develop an ability to piredict compressor instabil.ty as a 
function of distorted flow parameters. Models are developed for three classes of problem depending on 
influence of spatial or temporal features. The models are first, space-depiendent, time-independent; 
second, space-independent, time-dependent; ami third, both space and time dependent. 

Lecture 5 incorporates the analytical models necessary for predicting compireasor stability. 

. 149, 166-180 
Test Techniques, Instrumentation, and Data Processing 

When 40 pressure transducers are providing measurements at a rate of 2000 Hz, every 12.5 seconds 
10° data points are generated, »ta processing must be efficient to avoid large costs and long time 

delay. 

Tests may be conductc** in a propulsion wind tunnel, altitude test facility, test cell, or in flight. 
In any of these tests, the environment for transducers is severe. High temperature, large noise und 
vibration levels, etc., place rigid demands on Instrumentation. 

Lecture 6 discusses how to make the measurements necessary for understanding distortion induced 

engine instability. 
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Method» to Increase Stability and Distortion Tolerance7' 8* 181-18SI 

-tr Zz "S HrL: ^ sulUiMe design. The designer has at his dis|osal such variables as tip clearance, casine treatwnt 
blade aspect ratio, external cavities, operating joint, and solidity. * 

n™ ’•™"- “ith "lrc.r.™ru.l dl.tnrtMl 

CONCU'SIONS 

Propulsion systems must ojerate stably throughout the flight envelóte «e .♦ ki. 
quires a significant fraction of funds a'nd tise^quired to aîrfrar::CaCnd0fp8rotÏÏ:io0n^r“U°n 

Mea.urexent'tei1?'' U ranri,M" ^ 8° Uuit •n«lM sUbllity <”*y be stated as a probability. 
lr.rii.Ir.ee 1 1 h lqU8S are C0"pl*x' and nu*r°u* transducers are needed to quantify distortion and It» 

hi h fc!Ín* ln9b“bnity continues as a problem with each new development. Trends in engine design e g 
higher tip speeds, nighly loaded blades, etc., and in aircraft requirements, e g br^Ï *cb InT *’ 
Reynolds number operation, keep propuljion stability as an active item. * * ™ ^ h ^ 

Engine resjonse, either aerodynamic nr mechanical, is not completely understood although the™ h«v- 

ttér bür8* gaM*iln ^ e“31 decade- t0 the comj.lexity of the problem, it probably will^be a long 
time before attainment of engine stability is reduced to a cook book procedure. ^ 
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1. INTRODUCTTON 

When developing a new aircraft, one of the most time consuming and difficult problems facing the 

Design Engineer is the air intake. The air intake must, in fact, provide for the best possible 

operating conditions for the engine, i-e must be able to operate at maximum or economical rating, 

with both minimized internal (maximum efficiency) and external (minimized external drag) losses.' 

Such a performance over the complete flight envelope would require a high degree of variable geometry 
involving unacceptable weight penalties. 

Therefore, the fina1 jsign will he the result of a number of trade-offs which may be reflected as 

engine operation t aoles caused by flow distortions at compressor face in some flight conditions. 

Predicting all conditions which may arise is not possible, and this is why the first flight of a 

prototype aircraft is always a thrilling experience to those who have managed the project. 

Risks must be minimized to the best possible extent and, to meet this purr ose, considerable design 

work is made providing a few criteria which, even if not generating sole cions for the air intake or 

compressor design, can be used as guide lines by the experimental development engineers. 

We think further progress is still possible through a more detailed analysis of distortion in the 

sense of air intake/engine compatibility. This paper proposes to provide some indications rather 

than to describe methods, since such methods are not sufficiently developed yet. 

The following aspects will be successively reviewed ï 

- The various operating cases of air intakes 

- Air intake/engine compatibility 

- Test facilities required to compensate the lack of theoretical data, and to confirm predictions. 

To conclude, typical examples of air intake modifications aiming at a significant improvement of the 
internal flow will be presented. 

Z. EXAMPLES of intake distortion patterns 

This chapter has been divided in two sections. The first section covers the normal operation, 

i-e the velocity field around the aircraft in an assumed infinite atmosphere is the only factor consi¬ 

dered ¡ in the second section, disturbances due to ground effect are assumed to combine with this 

field : typical examples are a VTOL aircraft taking off and an aircraft slowed down at landing by 
means of a thrust reverser. 

2.1. Normal operation 

In this paragraph, the air intakes for supersonic and subsonic aircraft will be considered sepa¬ 
rately ! 

2.H. Air intake for supersonic aircraft 

As already stated in the introduction, a satisfactory air intake is a prédominent factor 

in making the aircraft successful. This is particularly true for a supersonic commercial 

aircraft, where any efficiency loss in subsonic or supersonic flight and any external drag 

increase (mainly in supersonic flight) corresponding to t % of the installed thrust entail 
a loss of several percent points in payload. 

In all cases, the main concern of the Design Engineer is to select the optimum type of air 
intake for the mission envisaged. 

Three types of air intake outlined in figure 1 can be envisaged : 

- The supersonic external compression air intake 

- The supersonic internal compression air intake 

- The mixed compression air intake. 

Let it be recalled here that, up to an infinite Mach number of 2.5, the best choice is the 

supersonic external compression air intake, because of its acceptable performance and sim¬ 

plicity compared to the other two ; however, beyond Mach 2.5, external losses conside¬ 

rably increased and, to maintain a satisfactory efficiency, the other two typ jat be 
used. 

For instance, when calculating a supersonic external compression air intake, an approach 
in several steps should be used : 

- Calculation of external recompression : The methods ere now well proven for the main 
flow and the wall boundary layer 

- Calculation of normal shock and its interaction with the boundary layer : available 
methods are far from being adequate today 

- Calculation of diffuser : semi-empirical formulae have been proposed by Seddon and 

others. To day, calculation methods provide a satisfactory prediction of the flow; at the 

diffuser outlet, even in the viscous region (three-dimensional boundary layer Ref. 19). 

For the -alculation of diffuser, the inlet conditions, i-e the conditions behind the normal 
shock, must be fully known. / 



This is described in Figure 2. Associated with this interaction! the increased boundary 

layer thickness causing flow separation in the diffuser, a boundary layer diverter had 

to be introduced to stabilize the shock, thereby reducing its effects. A description of 

the flow et the boundery layer diverter as it applies to Concorde is given by figure 3. 

This provides some idea about the significantly disturbed conditions observed at the 

diffuser inlet. Such disturbances are reflected at the diffuser outlet, mainly as total 
pressu*.. distortions. 

In additior, the following effects should be considered « 

a) transient effects i excursion in sub-critical range - pitching up or down, sideslip. 

Consider the Concorde air intake. In zero or negative incidence as well as sub- 

critical conditions, the shear line originating from the focalization point of recom¬ 

pression waves produced by the external ramp penetrates into the air intake (fig.4). 

This results in a quite significant increase of flow distortion in terms of total 

pressure and also in terms of velocity angle, chiefly at the cowl end (fig. 5). 

In sideslip, distortion is caused by a cornet vortex produced on one lateral side and 

entering the air intake (fig. 6). 

Although currently explained, these airflow distortions, with their associated 

efficiency losses, are not prone to a theoretical description. However, when satisfac¬ 

torily understood, guidelines are available to the Engineers to select efficient 
designs. 

In aircraft installations nfiere the engine is supplied through two separate air intakes, 

another type of highly distorted airflow in sideslip conditions is observed. The inves¬ 

tigation of wakes produced at the splitter wall trailing edge is eseential. 

Figure 7 shows the structure of a flow reparation downstream of this trailing edge. 

Here again, such flow separations could be avoided as early as the initial design stage, 

if a better knowledge of boundary layer in diffusers were available. 

b) Unsteady effects : 

Pressure fluctuations with time about the mean values described above, generally larger 

than with internal compression intakes, are essentially due to unsteadiness of shock 

waves in the air intake in particular, but which may also come from the external flow. 

This assumption was confirmed by a considerable amount of experimental work, such 

as work made on the Fill air intakes, and also by Lewis Research Center on a bench 

capable of simulating a Mach number of 2.5 feeding a J05 engine housed in a nacelle 

fitted with an internal compression supersonic air intake. 

Fluctuation amplitude can be quite high, as demonstrated by D.N. Bowditch (ref. 3), and 

as illustrated by figures 8 and 9. These fluctuations can have a significant effect on 

the boundary layer behaviour. Work is being done on this matter. 

Knowledge of shock wave/boundary layer interaction is still very limited, in particular 

in the unsteady flow regime. Considerable work remains to be done, both to know the 
fluctuation frequencies and intensity. 

It should not be forgotten in fact that, •f the presence of the engine can affect the 

amplitude of average and fluctuating distortions as compared to what is measured on 

a air intake tested alone, the presence of a standing wave pattern may create in the 

pattern nodes pronounced interactions with the >. iscous layer which may lead to 
separation. 

This damping phenomenon has already been approached, but using a very simplified 

theory, by Callaghan and Stenning (ref. 5). 

To conclude this review of air intakes for supersonic aircraft, it can be stated that 
three types of distortion may occur : 

- Time averaged variations of moderate total pressure and low velocity angle towards the 

flowpath centerline, and a little higher on the walls in normal operating cases 

- High amplitude variations of total pressure and velocity angle always towards the 

periphery, caused by flow séparation in particular operating regimes of the air intake 
(incidence, sideslip...). 

- Pressure and velocity angle variations about these mean values. 

Chapter 3 describes how these findings should be taken into account. 
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--f ^"t-ikes for sutsonic .nrcraft. 

The air intake of a subsonic aircraft engine nacelle is also based on a trade off 

between a design opti.ired for take-off and a design optin,ired for cruisÍ Üth L 
additional objective of keeping the weight as low as possible. 

In general, the compromise made bv the air intake men .e»-*. * 

Which leads to design a system having an inlet area two 8.^1^0^1 Îake'off’casê8'’ 

(Fig ÎS?a! Íntr0dUCtÍOn °f aUXiUa^ air doors to compensate this defic^y 

distort ions* :CaSe' 3 ^ maSt“"d ^at al“aVS renting TnTxL ' 

¡v!ranraÍÍOnS ' ^ fl°“ ^P^ation occurs in crosswind conditions In fact 
overspeed occurs on the lip, and the diffuser boundary layer cannot stand the 
down required (Fig. lO.fa). Y V cannot stand the slowing 

Vortex swallowing : This is due to ground effect, or to wino effect if the 

installed above the wing, during static running or taxiing ! before arrÎv! g ^thÎ" 

create* \ the or wing surface, and this bounds^ l-V« 

detr "c?ar[oetXhe no '"T' 'th 811 Pr°duci"9 a distortion highly 

- - i=iai îîrirÆ^rdirecLn 
nIüU*KPr!HÍCíable tyPe °f air intake distortion, which can be observed in a clean 

Turbulence raises a less critical problem than in supersonic intakes orouin.H tw 
intake operation can be kept free frcm choking. intakes, provided the 

^ • ^articular caspc; 

To complete our review of intake distortion types, a few Particular ram- 

variations of the incoming flow total temperature are high, should be meñúo“":9 ^ 

Aircraft using a thrust reverser at landing 

- '■'issile firing fror, a military aircraft 
- VTOL aircraft taking off. 

In^the above three configurations, the aircraft air intake is fed with an .. temperature 

If we consider the Concorde air intake (fin 11 ï *♦ 

intake is the thrust reverser efflux mixed with ambient air!66" 3 ^ enterin9 the 

With a ilitary aircraft» the rnissüe exhaust wake ma affect th* rnmni«i+ • ± l. 

n-b“*’ • *■ —-*•-■“ X".lt 

make as cÎmpIetras^ossiblI.^üe^iÏ now -"" ^ been tryin9 to will now discuss how the engine will stand such distortion. 

- -- . ww" ■M-.j.jun ur-r 

„..i,.,...,..u,— ..- ^ •"> ■»« ^ «1. 
.:.:::: ,ir" *’■“» ^ - ..- ... 

3•1• Steady aspect 

3.11. Steady running 

-Whme a WeUtdef|ned fli9ht case, with known external conditions (incidence ancle 

"“Oh nUmber -d ÍPStalled thrust required or engine conditions Îlxed. 9 ’ 

-pii in,"‘* ....... .... b. 

in supersonic flight, either the design geometrv if the flinht r«-- tw 

:::::: i:v, ^ 

test temperature and pressure - can be known from calculation and 
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In steady running, the variations of these parameters relative to an average value 

are small, and therefore, satisfactory compressor operation can be verified by means 

of theoretical calculations. These calculations will successively provide ! 

- from strict methods, the average flow in the flowpath in non viscous conditions, and 

the complete flow around airfoils 

- from semi-ei.,pirical methods which may be uased on Mellor's work, the "secondary" 

flows (viscous flows on walls). 

In these conditions, we oo think we have the adequate means to discuss the engine 

behaviourin steady running as early as the project design stage. However, this repre¬ 

sents a small portion only of the range to be explored. In addition, we have assumed 

that the air intake was a variable geometry des.gn in order to match several flight 

cases. This is known to cause a significant increase of air intake weight, and the 

engineer will be faced with a compromise between performance and weight. 

3.12. Transient running 

In the case of a slow rate variation of flight conditions, this variation can be consi¬ 

dered as a succession of different steady running regimes. This is in as much true as, 

in general, the matched running range of an air intake, in terms of flow and "ach number, 

around a given geometrical configuration is not negligible, ensuring smooth transition 

from one level to the other. 

However, these conditions are not always met. We will mentioned the following few 

examples : 

- Sharp manoeuvers of a military aircraft, the air intake of which can be submitted to 

large variations of the angle of attack or yaw. 

- Cross-wind induced distortions, not compensated by air intake adjustment. 

- Missile firing or tirust reversal. 

Coefficients of influence of these variations on average efficiency were derived from 

detailed experimental work. V.H. BALL and P.A, ROSS have reported such results from 

their work on an air intake designed for a nominal Mach number of 2.2. These results 

are summarized in the following table. 

Influence 

Coefficient 

Configuration : - M^, = 2.2 (Design point) 

- Sharp cowl lip 

- 50 ^ Sideplates 

- Ramp angles 7 - 1A - 25* 

Effect of upwash 

-P- 

- 5« 0« 

+ 0,0175 

0’ <«\ 5» 

- 0,0252 

Effect of Sidewash 

±L 
°"< P< i ° 

- 0,007 

<2» 

- 0,009 

2“<p<3" 

- 0,0105 - 0,0115 

Effect of local 

Mach number 

Tf 
L 

2.1 < Ml< 2.2 

- 0,0015 

2.2 <Ml <2.3 

- 0,0082 

Effect of Mach 

fJumber Gradient 
0^ M <0,10 

- 0,228 

This information enables the aircraft manufacturer to know the theoretical evolutions of 

the powerplant performance, and, in this manner, the order of magnitude of reactions to 

such manoeuvers. However, it will not provide a prediction of the actual behaviour of 

the engine, and will not be able to tell if the engine response will not be quite diffe¬ 

rent, e-g when surge conditions are reached. 

In an attempt to predict the engine surge line in highly distorted airflow conditions, 

a few simplified approaches can be used. Two of these will be described, these problems 

being covered in detail by other authors in this Lecture Series 
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- Method of the equivalent compressor 

On an "iso-ro""", at the design point corresponding to the uniform mean flow representa¬ 

tive of the actual flow, it is possible to compare the extreme operating points corre¬ 

lating to the extreme total pressure levels upstream nf the compressor, assuming the 

downstream pressures are the same in both cases, from fig. 12 (mean point A) it can be 

seen that surge can be reached rapidly if the pressure margin is not adequate. 

When operating with a hign temperature gradient at the compressor face, the axtrc-me 

operating point lies on a reduced "iso rpm" lower than the "iso rpm" corresponding to a 

normal atmosphere and, by assuming that the pressure ratio is maintained, it is also 

obvious that surge may be reached if the pressure margin is no^ adequate (Fig. ’2). 

The above two examples show that in a first approximation, some idea, although not fully 

satisfactory, of the compressor behaviour can be ot taint-d. F-ll irf m-at i. • i.a- pe 

obtained from tests only, and this will be covered in the next chapter. 

?.2. Jnsteadv aspect 

It has been explained earlier that we are unable, for the air i' take, t.i predict the frequencies 

and amplitudes of fluctuations affecting the characteristic parameters. A iso, /.t are unable to 

introduce these unsteady effects into our project calculation methods. 

For the time being, we are in an experimental stage and, in the next chapter, i.e will see • . 

difficult a task these tests are. 

4. CHARACT^IZtTI^. -F -(--. IM-vÇ, 

For e number of reasons stated in the preceding chapters, combined air intake/engint testi- g is 

desirable. 

Obviously, developing these two powerplant components on a single test ted is out of question : this 

kind of test will not e made before the end of the complete development process to validate the c: - 
plet" assembly before the first flight. 

However, it remains that the engine must be tested in as representative aircraft conditions as prssitie 

Therefore the air intake and engine designers must get together to establish ures according to ahich 

both agree eithei not to exceed on the air intake a given valtu. of a criterion to be defined, or to 

guarantee satisfactory compressor operation up to this value. 

In general, these criteria consider steady distortions only. 

Attempts are currently being made to introduce unsteady effects in these criteria. For instance, the 

work made by P.J. MARTIfJ and H. CLYDF MEL1CK (ref.10), whc have tried to defined air intake flow qua¬ 

lity criteria, should be mentioned. 

As it will be seen from the following table, obtaining a target value for these criteria is quihe 

cifficult. The actual flow field around the aircraft and the air intake/engine coupling muse, 

in fact, be considered. In some cases it is not before prototype flight that an accurate value can be 

obtained, and this raises a problem in the aircraft development, since there is nothing which can prove 

that the quality of the prototype air intake will be maintained during the development process. 

For engine tests, introducing the effect of static distortion is relatively easy ¡ on the other hand, 

simulation of dynamic effects leads to very costly and cumbersome facilities. 

The following table shows a typical procedure applied to develop an air intake. The data obtained 
fron, the various tests are also given. 

TEST VARIABLE MEASURE OBSERVATION 

Inlet alone ^ «o , <* , £,*1 
Bleed system 

Buzz limit 

Steady-state Distortion 

uniform How 

in front of inlet 

Integrated intak : 

(partial wind ano 

fore-body) 

e. n 
Buzz limit 

Steady-state Distortion 
Realistic flow in 

front of inlet 

Inlet/engine 

testing in nacelle Some Mm 
6»1 

Bleed system 

Buzz limit 

Steady-state and 

dynamic distortion 

Realistic test for 

inlet/engine inter¬ 

action 
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5. glOUCIM tHE: FLOW DISTORTIONS IN AIR INTAKES 

A number of deficiencies of the available means of dealing with these problems have been highlighted. 

Therefore, investigation work must go on, both from the fundamental point of view mainly in the 

field or shock wave/boundary layer interaction, and to develop calculation methods, which, however 
approximate, take account of our experience. 

Now, the art of the design engineer is to interprete ¡ he must also make the best use of his analysis 
capacity in order to find solutions. 

This applies to the aircraft manufacturer as well as to the engine manufacturer who must pool their 
efforts to achieve the best possible operation of the powerplant. 

ke will give here some examples which yielded significant reductions of distortion levels in air 
intakes. 

Tor concorde, we have mentioned the problems associated with sideslip. It has been found that a 

simple, small-sire cut-back on the external wall is sufficient to achievt practically complete 

elimination of distortion by eliminating its cause, i-e the swallowing of the vortex (fig 13). 

The generation of vortex is prevented by the reduction of the angle of attack of the leading edge of 
this wall due to the front shock being moved rearward. 

In the case of subsonic air intakes, we have mentioned supply problems at take-off, giving rise 

to an inerrase of the Mach number at the diffusor throat, followed by excessive deceleration 

followed by flow separation! in this connection, the introduction of auxiliary doors as a fix to this 

problem was also mentioned. Such doors are not recommended and no longer in use due to the asso¬ 

ciated noise level. Then, it becomes necessary to find either a new fixed air intake design by 

reconsidering the compromise between take-off and cruise requirements, or to introduce new variable 
geometry features as illustrated by fig. 14. 

Many other examples could be presented, but we do not think it is the purpose of this paper to 

describe such examples and to propose -solutions. Instead, our wish was to present the problems 
ana to try to analyze them. 
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AERODYNAMIC RESPONSE 

by 

R G Hercock and D D Williams 

Installation Aerodynamics Department 

iiolls-Royce (1971) Limited 
Bristol Engine Division 

Filton PO Box 3 

Bristol BS 12 7QE 
England 

SUMMARY 

This paper contributes a discussion of the aerodynamic response of turbomachinery 

to steady and time-variant total pressure and temperature distortion. Examples of 

changes in compressor characteristics are presented. Experimental correlations of 
surge margin loss, thr concept of a critical or effective spoiled sector angle and comp¬ 

ressor sensitivity are then discussed in relation to simple theoretical ideas for circjm- 
ferential distortion. The development of the distortion index approach to account for 

the effect of radial and mixed radial - circumferential total pressure distortion and 
the impact of turbulence or unsteady flow is outlined. Comments on foreign gas in¬ 
gestion are made. Some current auditing procedures are described. Limitations of 
isolated spool rig tests are discussed, and surge hammershock data are presented. 

SYMBOLS 

b 

c 

CL 

DC,ID 

f 

f( ) 

Hz 

K 

M 

N 

P 

P 

R 

RMS 

S 

SM 

T 

TC 

t 

V 
a 

V 
r 

w 

X 

A,6 

APRS 

e 

Superposition Factor 

Chord 

Lift Coefficient 

Total Pressure Distortion Indices 

F requency 

Function 

Hertz 

Distortion Index, Reduced Frequency Parameter (WC/2Vr) 

Mach Number 

Engine Speed (rpm) 

Total Pressure 

Static Pressure 

Compressor Pressure Ratio 

Root Mean Square 

Sensitivity (APRS per unit distortion index) 

Surge Margin 

Total Temperature 

Total Temperature Distortion Index 

Time 

Axial Velocity 

Rotor Relative Velocity 

Mass Flow 

Axial Distance 

Change 

Loss of Surge Pressure Ratio (AR/Rsu) 

Circumferential Position 
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SYMBOLS 

9* Circumferential extent of total pressure regions below the mean value 

U) Circular frequency 

Subscripts 

c Critical,circumferential, corrected 

e Effective 

i Instantaneous 

N Constant corrected speed 

NO Nori.ial operating 

r Radial 

su Surge 

t Total 

w Constant corrected flow 

Superscripts 

( ) Rate of Change 

( ) Mean or Average Value 

Note:Other symbols are defined in the text and appendix. 

1. INTRODUCTION 

Tne main aim of this paper is to discuss the effects of inlet flow distortion on 

overall compressor and engine stability characteristics. Details of blade or stage 

response, eg blade row, wall or corner stall, and the important question of stage 

matching will not be addressed in depth. As the aerodynamic response of compressors 

and engines to prescribed distortion patterns is extremely complex and particular ex¬ 

periences are as yet difficult to generalise, specific cases are chosen by way of 

example to illustrate some of the more important considerations that arise. 

The synthesis of engine response from rig compressor test rc'ults can pose con¬ 

siderable problems, particularly for by-pass engines, due to difficulties of accounting 
completely for component rematching, spool/spool interactions etc, within the engine, 
which can modify significantly rig compressor response data and distortion indices. 
For such reasons engine tests with distortion during early phases of engine development 

are important. The effects of Reynolds number, ageing, manufacturing and control 
tolerances, bleed and power off-take affect clean surge margin and hence contribute to 

engine distortion tolerance. Accuracy questions and the non-deterministic nature of 
time-varient distortion, which has helped explain engine ’drift’ surges, add statistical 

elements to engine distortion response. 

In order to properly describe flow distortion at the inlet/engine interface the 

variations of the major flow variables, eg total pressure, temperature, velocity compo¬ 
nents, static pressure ana flow angularity, from their spatially-uniform steady mean 
values need to be evaluated.References 1, 2, 3, 4, 5. The mean values themselves 

require to be defined consistently. Reference 6. A consequence of the need to inter¬ 
face between inlet and engine components, which implies inlet-engine flow interference 

effects may not be represented correctly during component testing, coupled with the 
practical need to contain the measurement task to manageable proportions, is that it 

has become usual in all but cases of closely coupled inlet/engine installations operat¬ 

ing in highly curved flew fields to consider only the question of total pressure and 

temperature distortion. Clearly, situations where this simplified description may be 

considered adequate must be distinguished from those where it may not. The distinction 

is fundamental for example to the selection of distortion indices and appropriate 

component test facility and programme requirements. 

A considerable body of total pressure distortion response data now exists on 
various compressor and engine designs. Rather less is known about total temperature 
distortion. An increasing need for a unified practical approach to the subject has been 
felt. Efforts towards this goal have been considerably assisted by appealing to theoret¬ 

ical models in order to provide the necessary physical insight, and some theoretical 
concepts, eg the parallel compressor theory. References 7, 8; rotor 1 lade and row dynamic 
response theories,References 9, 10, 11, 12, 13, 14 15, and various actuator disc methods, 

References 3, 16, 17, 18, 19, have proved to be valuable in this respect. By and large 

however due to the evident complexity of the aerodynamic problems involved available 
theoretical methods are limited in scope and inlet/engine compatibility is still largely 
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an experimental subject 

2. TOTAL PRESSURE DISTORTION 

2.1 DISTORTION GENERATION 

The traditional method of testing compressors with spatial distortion uses gauze 
screens of varying blockage to generate 'steady' distortion. Alternative methods of 
producing the distortion utilise air jets to discharge high velocity air againr.t the 
incoming flow so producing local momentum defects, References 20, 21, 22. As virtually 
all aerodynamic processes are unsteady and the importance of turbulence-generated time- 
variant distortion on compressor stability is now firmly established, References 20, 23, 
24, 25, 26, 27, 28 29, the term 'steady' requires consideraole qualification. Distortion 
can be regarded so only if turbulence intensity and its scale in relation to a character¬ 
istic compressor dimension, eg annulus width, is small; time-variant and time-averaged 
spatial distortion patterns are then sensible identical and low response instrumentation 
may be used to describe the distortion. It is currently held that screen-generated dis¬ 
tortion falls into this category. 

To simplify experimental testing and help identify numerical distortion indices 
initial compressor work is performed generally with pure circumferential and radial 
profiles using 'classical' or square-wave screens. Later testing may include mixed 
radial/circumferential profiles and representative in’rt patterns to develop general 
distortion indices and refine compressor sensitivities, ie rates of loss of surge pressure 
ratio (APRS) with distortion index. Further testing with turbulence generators, inlet 
simulators, ar.d with the actual inlets follow,References 4, 26, 30, 31. 

Figure 1 shows a typical distortion screen assembly. 

2.2 GENERAL RESPONSE CHARACTERISTICS 

Examples of the effects of various screen-generated patterns on compressor perform¬ 
ance maps are illustrated in Figures 2, 3 and 4. In Figure 2 the clean and distorted 
characteristics of a five-stage, 2.5 pressure ratio axial flow research compressor are 
shown. The compressor was tested with three square-wave screens of 45°, 90°, and 1350 
ang.lar extents. Distortion level, defined as (Pmax-Pmin)/P was 4%, approximately, at 
design flow. Results are shown in terms of mean inlet and exit total pressures derived 
from 48 circumferential rake positions (a rotatable screen was used to achieve accuracy). 
Changes in non-dimensional flow and efficiency were small and the shapes of the constant 
speed lines remained invariant. Significant losses of surge pressure ratio occurred 
despite the comparatively modest distortion level. Similar results were achieved at 
increased levels. Compressor exit static pressure was found to be sensible constant 
during the tests. 

Figure 3, Reference 4.presents response data for a seven-stage high specific flow 
0.315 hub/tip ratio transonic compressor. Moderate intensity distortions having spoiled 
sector angles less than 90 hag little effect on stall pressure ratio. An increased 
intensity 90 screen and a 180° screen produced dramatic changes in the shapes of the 
constant speed lines, flow and efficiency. The compressor was tested with square-wave 
tip-low and linearly-distributed tip-low radial distortions, a square-wave hub-low 
radial, and a mixed tip-low radial/90 circumferential distortion, (Figure 4). Tip-low 
distortion increased corrected flow and surge pressure ratio. Hub distortion reduced 
flow and surge pressure ratio. The favourable effect of tip distortion more than off¬ 
set losses due to circumferential distor+ion in this case. 

Numerous ad hoc results are available in the literature. Circumferential distort¬ 
ion is found generally to be destabilising; radial distortion can, depending on its 
location and intensity, stabilise or destabilise a compressor. 

Table I shows examples of losses of surge pressure ratio due to screen-generated 
square-wave circumferential distortion for single and multi-lobed patterns c.rca design 
speed. 

TABLE I - APRS DUE TO CIRCUMFERENTIAL DISTORTION 

Spoiled 
Sector Angl . 

(o-)° 

Single-lobe Multi-lobe 
Reference 

315 270 180 90 60 45 30 

2 
X 
90 

2 
X 
60 

2 
X 
45 

4 
X 
45 

4 
X 

22| 

Su r ge 
Pressure 
Ratio Loss 

A PRS% 

(constant 
flow ) 

- - 8.6 6.5 4.5 - 0.5 1.8 - - 0.7 - 5 

0.7 2.2 5.0 6.5 - 4.8 - - - 4.2 - 0.9 7 

- - 9.0 9.6 9.2 - 7.3 - 7.2 - - - 38 
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It is weil established, both experimentally and analytically, that multi-lobed 

£nrjesrse ^ leSS than °r equal to that °f single-lobed patterns having , he same 
creen blockage. Due to relatively high resistance to circumferential flow between 

^ePendln9 blade gaps, circumferential distortion persists, generally 

<5urnptnrUated f’t°.th'’ rear stages of the compressor so causing higher losses in 

h^h? Pî HUíe rD Í° lntGrmediate to high speed regime when rear stages are more 
ance’tt/f’îo^i'c adial dist°rtions tend to wash out in early stages as spanwise resist- 
inffuln Í1»? Î comparatively low. Radial distortion thus exerts a bigger destabilising 
influence at lower speeds when front stages are highly loaded. 9 

The effect of distortion on corrected flow, pressure ratio and efficiency may 

*^g"lflcant rematching of the installed compressor so producing operating line 
shifts which may act to reduce surge margin and so destabilise the engineP In general 
compressor performance changes and spool rematching cannot be quantified by means of ’ 
distortion indices invented to correlate losses in surge pressure ratio. 

hAwínTheidlSt0rtÍ?'VeS?°nSG °f LP con,Pressors of turbofan engines, particularly those 
wisp fiClOSe’C?UplGd sP^ters separating by-pass and core flows, is complicated by span- 
senLaír ^“P1^.result lng fzom by-pass ratio changes. Fan core and by-pass flows have 

ratio chararî»Cief18 ^S;rearesentln9 average or 'split' efficiency and flow/pressure 
ratio characteristics, defined on either side of the dividing stream line and have 

hav^sho *ta^land operating lines, References 32, 33. Single and multi-stage fan tests 
have shown that steady circumferential distortion located within the by-pass stream mav 

«use srgnifr^nt losses in the LPC-IPC or core compressor surge pressure ratio due to 

lntelfArradlat outllow.wlthln the fan and downstream of the conventional inlet/engine 
interface instrumentation plane (Figure 5). Independent throttling of core and bylpass 
flows is an essential facility requirement for distortion tests on these fin units P 

dependenta1^ piel i**c ^V rGSPonse characteristics are complex and highly configuration 
iependent. Results are presented in Reference 34. 

Distortion transfer characteristics can differ markedly along the blade span 

’h34, Reference 35 Presents an extreme result for a single stlgl trans¬ 
it thl huh “h6" dlst°r^on.att?nuatton occurred at the tip together with amplification 
at the hub. Because of the intrinsic design difficulties of by-pass fan desians it i- 
important that hub-low distortions are minimised. • P designs it is 

0 I" order to contain compressor test programmes to manageable proportions it is 

ZltT, l-lmpOItT t0 identify sPGcific distortion pattern! assIciUKuI plîtilular 
wllk ¡hIIiHShIIr V ln.the ProPulsi°n system design-development programme. clreful 
work-sharing between rig and engine testing is necessary. 

-u"9-«6 -nStS wlth rePresentaiive inlet distortions are reported in References 36 
37, rU, 39, 40, among many others. Engines which employ variable elements ea comnr<U«:r,r 

blading, resized turbine stator throats, final nozzll area, bleed oif-Tkl'ol In-bTJiinr,. 

It thIV ^"®talled compressor surge margin are extr nely useful tools for distortion work"’ 
i "♦íí0mpreÜ80í dlstort:lon response to be established in situ so that problems 

associated with synthesising engine response from the results of rig component tests a-e 

IvmmVen?ed' TIStK °n f^xed geometry engines involve identifying the slrge-inducinq 
in terms of the engine primary control variables. An increasing awareness of the 

.. lc^ty of accounting accurately for engine stability response in terms of numerical 
distortion indices has led to a greater emphasis on the use of 'pattern descriptors' 
for example, for engine qualification, F 1 descriptors' - 

2.3 SURGE LINE LOSS CORRELATIONS - CIRCUMFERENTIAL DISTORTION 

Rotor Blade Response 

,.. Experimental results have shown that surge pressure ratio reduces with increasino 
distortron width.G-, and intensity, 'P - Pmin)/P. Regions of total IlellureSIlirtll 

average promote pre-whirl, reductions in axial velocity, local static pressure chanaes 
and hence transient increases in rotor blade loading. For some combinations If hlld!’ 
stagger angle and pitch/chord ratio the behaviour of an individual bilde 

™“> th*' °‘ *" i*»1*'«* ..rofoil L“hà, u c"" 
sider aerofoil lift response to distortion. Departures from isolated blade response 

fillds!" hl5h Solldlty' low sta95®r cascades due to interference between blade flow 

In passing through the circumferential distortion the rotor blade experiences 

thllriinil ZVnslt'riTi'« llllT^tL 
and Horlol^rlnsïiriullîl^? 

Hi loV, -adG - uniform~flow^and 
Lift response trajectories computed for a square-wave 0O° nAttoT-r» , 

P«t»rb«i.n5 , bl»,.« having a „..„"u" T¿VltZ““1 
gure 6. As spoiled sector angle,6", increases for a given perturbation the Hit 

promote st.U as ‘n 
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reduced frequency parameter, K. Increasing K leads to improved stability. Figure 7 
illustrates these results, which are in qualitative agreement with test experience. A 

tendency is seen for a 'critical' sector width, 91 , (ie a width beyond which very little 

or n„ change in intensity is required to promote stall) to exist at a given K. 

In deriving Figure 7 a stall lift coefficient equal to the steady stall value has 

been assumed in the absence of an adequate theory for predicting unsteady stall. This 

is clearly inadequate and much further work is required here. Reference 41 presents 
normal force results derived from hign response rotor blade static pressure recordings 

aimed at yield:nn experimental data in this area. 

It should be recalled that the above applies to rotor stall induced surges. Compres 
sor instability may, of course, be promoted by stator stall, wall, or corner stall, etc. 

Effective Minimum Total Pressure 

In an attempt to overcome the dynamic stall problem an effective incidence or 
effective minimum total pressure, which lags the 'instantaneous' value may be hypothesised, 

Reference 42, 43. Blade stalls and rotor-induced surges are then supposed to occur 
when the effective incidence or distortion intensity is such that steady stall or fixed- 
throttle sirge pressure ratio limits are reached. This approach obviates the need to 

calculate dynamic lift overshoot but substitutes an equivalent need to evaluate appropri¬ 

ate time constants. 

For a simple first order system it may be shown that an effective distortion 
intensity may be defined for single-lobe square-wave circumferential distortions such 

that : _ 

(P - P . )/P 
^_min e'_ _ 

IP - P . . )/P 
v min i" 

Here, Pmin i represents 

reduced frequency parameter. 

" ® A. J 
-1 1 

1 

e -9'/2K 

-n/K e ' 

e- 

2A 

the actual total pressure in the e~ sector and K is the 

Results from this equation and a comparable second order analysis are presented in 

Figures 8 and 9. The 'effoctive' sector angle (Figure 8) is of the same order as the 
•critical* sector angle predicted by the Sears/^lorlock analysis. Intensity 'shape 

factors' are also similar (Figure 9) and are of the same order as single stage fan test 

results, Reference 44. 

Sensitivity 

A simple application of the parallel compressor theory indicates for a strictly 

vertical compressor constant speed line that the loss of surge pressure ratio 

APRS A (p _ Pmin e)/P 

The ordinate of Figure 9 then becomes the sensitivity, Si, where 

APRS 
Si = -=-— 

(P - Pmin i)/P 

Sensitivity expressed in these terms represents the rate of loss of surge pressure 

ratio with distortion intensity. 

Si = 1 for S' > 8" crit 

Si < 1 for 9* < 8* crit 

The approaches of References 42, 43, 44 are conceptually similar. 

As square-wave distortions seldom occur in practical installations and blade 

response evidently depends on the wave form of the distortion, 'form factor' considerat¬ 
ions arise, and it is interesting to speculate on the validity of traditional square- 

wave screen tests. 

Cascade Effects 

Current theoretical analyses of cascade lift response to oscillatory or spatial 

distortions suggest that flow interference between individua, blades tends to result in 

a more nearly quasi-steady response. This suggests that critical or effective sector 

angles for cascades may be lower than those of isolated blades, particularly at the low 
values of reduced frequency parameter representative of current blade designs, say 0.04 
to 0.20. If this is so it suggests cascades may have higher effective stall intensities 

than isolated blades. 

Multi-stage Compressors 

Rotor blade lift response may be expected to have a direct bearing on single stage 

compressor stability response to distortion when stall is initiated in the rotor row. 
Theoretical analyses point to the idea of a critical or effective distorted sector width, 
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ThCpuWlnÎrrtHÎ!^ISîîted4î? rc“dVcedJfre<îuency Parameter and hence to blade dynamic response 
They introduce 'sensitivity' and effective distortion intensity concepts 

Results from such analyses cannot sensibly be 
sors in an a-priori quantitative sense due to the 
influence their stability response - stage design 
propogation or transfer characteristics, inter-row 
the ideas developed for isolated blades appear to 
machines. Figure 10 shows an arbitrary estimate o 
above approach. Trends agree tolerably well with 
The concept of a critical sector angle has been es 
Reference 7. 

carried across to multi-stage compres- 
large number of considerations which 
and matching, stator stall, distortion 
volume dynamics, etc. Nevertheless 

have close counterparts in multi-stage 
f compressor response based on the 
experimental observations (cf Table 1). 
tablished experimentally for some time| 

comPress01 theory provides a means for estimating multi-stage comor- 
evi» Uty resP°nse to circumferential distortion. The theory assumes compressor 

dii.o:??“’:«:::!“'’":;":«1 coir'i*,i<'"s *h°i“d be b*‘ed °" “ •««.i». 
(P - P . )/P min e'' 

(P - P . )/p 
min e'' 

(f> • Pmin i>/P for > e-. 

P . .)/P min i'' for e~ < 8' 

In the latter case, for square-» 
effective distortion ir 

ire 

!se for square-wave distortions, simple area weighting allows 
known intensity to be evaluated once actual intensity, e", and ai 

removed,tie,abOVe considerations are correct then all û PRS dependency on e*should be 

iPRs = f (e; (p - p . .)/p\ 
v min i7' / 

should reduce to 

APRS = f {(p . p . \/p\ 
min e" / 

A compressor sensitivity, Se. may then be defined such that 

Se = APRS 

(P - P . )/P 
min e' 

in general, Se, may be expected to depend on distortion intensity lev-] As stan« 
matching varies with speed there appears to be no fundamental reason why q- ‘which reares 

speed oí fîow * 3 8ta9e dynan,lc response factor, should not vary wifh compressor 

research1compressor?* 18 9 FÍ9Ure 12 Presents sirailar results for a four-stage 

as thePr:e\i:ct%r:aPîurÎSofn8ciutÏc:ï%Latr:Î1:ig?r:LeS?:LtÏ?n:Lh^nedendsed *?be cruder 
has been found for the data of Reference 38 Where evidíníjeplítuíes from AgZee™n' 
compressor assumptions occur, eg, the bending of the corrected soíed liíl of p? P^Uel 
agreement with theory is less good, Ref erences 4 7 Neverthd occ ne».?f Fl9ure 3, 
correlations have been achieved An important asoeet to reasonable experimental 
such correlations is that of m^surëment «cüÏa“P ° ^ ln mind 10 attemPting 

Figui^lS °^crical^uai°W■ estaPlished experimentally for five compressors is 
igure 13. Critical values are lower at reduced flow. It has been found that 

ÏÎÎdi?trinS19e-rfÎ?rmurtrTreSSOrS than f0r HP comPressors. No satisfactory predicting 8c for multi-stage compressors has yet been established. V 

re 14, (based on the data of Figure 11) illustrates tow sensitivity Se varies 
ortion intensity. Se is generally greater but tends to unit/at íígheí’fíows 
ompressor speed characteristics are more nearly vertical, and as intensity 
le, as more of the (steepening) speed characteristic is used up. V 

The 
shown in 
general 1 
method of 

Figu 
with dist 
where the 
increases 

2.4 SURGE LINE LOSS CORRELATIONS - RADIAL DISTORTION 

compressor. Stability response is strongly dependent on stL^ H»1- deS1?ned "ulti-stage 

matching of these stages. Reference 20. As they tend to be highly deCeïëped Jëg ífíÜ- 
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crease flow capacity) continuous updating of distortion response data is required. It 

may be expected that highly loaded single stage fans tend to be more sensitive to such 
distortions than multi-stage units. Fixed-geometry multi-stage compressors are gen¬ 

erally more sensitive at intermediate to low speeds when front stages are more highly 
loaded. This result is illustrated in Figure 16a which presents turbojet engine surge 

pressure ratio loss correlations for various square-wave radial distortions .Reference 38. 
The radial distortion index reflects hub-tip radial pressure differences defined in the 

annulus areas indicated. In this case some hub spoiling was found to be beneficial. 

Tip spoiling destabilised the compressor. 

The hub performance of low hub/tip ratio turbofans is particularly sensitive to 

hub-low distortion: the relatively flat characteristics of the blade root sections 

means that work available to make up a flow defect is limited so that distortion attenu¬ 

ation tends to be poorer - which impacts core engine stability. Hub blade speeds are 

relatively low so that root sections tend to be highly loaded. 

Theoretical treatments of radial distortion using axisymmetric computer solutions, 

possibly with zero wall velocity, de Haller number, or diffusion factor as indicators of 
incipient stall may provide insight into radial distortion response. Stage stacking 
problems and the need for surge criteria arise. 

Data on the effects of representative inlet profiles are comparatively sparse. Re¬ 
sults obtained from compressor rig tests using square-wave screens may be misleading in 

this respect, particularly on low hub/tip ratio designs, as flow defect regions are 

exaggerated and radial rematching may consequently be unrepresentative. 

It is believed that generalised correlations of APRS with distortion for different 

compressor designs in pure radial distortion is not possible within the current state of 

the art for the above reasons. To illustrate this point Figure 16b presents correlations 
of APRS with a radial distortion index identical to that used in Figure 16a for the seven- 

stage compressor result given in Figure 4. While sensitivity trends with flow are the 
same the stability response is in the opposite sense, for example tip low distortions 
stabilise the compressor. 

2.5 SURGE LINE LOSS CORRELATIONS - MIXED DISTORTION 

The distortion response of advanced technology engines is complex and its description 

is essentially one of developing experimentally more sophisticated numerical distortion 

indices to achieve adequate stability correlations. \s stated earlier different indices 

may be required to account for losses of surge pressure ratio and rematching. A conseq¬ 

uence of the atténuation of radial distortion is that HP spool sensitivity is predomin¬ 

ately a question of its response to residual inlet circumferential distortion. As HP 

spools can exert strong stabilising influences on LP spools, designing for engine tol¬ 
erance requires balancing surge margin requirements and sensitivities on both. Optimum 

distortion indices will differ for both. It follows that the inlet/engine interface 
descriptor represents a compromise expression and engine response data scatter arises. 

The accuracy to which distortion indices and compressor surge pressure ratio losses - 
which represent differences between comparatively large quantities, can be defined in 
mixed distortion adds to the difficulties of correlating mixed distortion data. An 
ostensible failure of one index to correlate one set of compressor response data as well 

as another does a different set may, in fact, merely represent sampling inaccuracy, for 

example. The problem is particularly acute for time-variant distortion. A 10% l^ss of 

surge pressure ratio is very significant. Sampling errors may account for up to - 2% 
correlation scatter. 

Figure 15 indicates the order of magnitude of surge pressure ratio loss for various 

levels of the DC ( écrit) index, (Appendix), for eight compressor designs. The data 
covers a range of circumferential and mixed distortion, and engine speeds. 

2.6 DISTORTION INDICES 

Correlations of losses of surge pressure ratio due to circumferential distortion 

using comparatively simple indices of the DC ( 0crit) type have, in general, worked well, 
and, at least in some cases, agreed with parallel compressor theory extremely closely. 

The treatment of radial distortion is less amenable and adequate theoretical guide lines 

have not as yet been developed. For mixed distortions comprising circumferential and 

moderate radial distortion components comparable correlations of turbojet engine response 

have been achieved using radially-averaged pressures, Reference 7. Bypass engine response 
has been correlated using DC (écrit) parameters defined separately for core and by¬ 
pass flows, utilising appropriate datum mean total pressures. 

A major compatibility goal, Reference 45,is the evolution of numerical descriptors or 
indices which are sufficiently general that all major aspects of distortion shape, intens¬ 

ity etc, which affect surge pressure ratio are correlated with minimum scatter. Efforts 
over the past few years have led to the development of complex algebraic indices which 
contain terms that are assigned values once compressor response has been established 
experimentally. These are based on the idea that compressor response to complex patterns 
may be built up by superposition of pure circumferential and radial response data. 

In simplified terms: 
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(APRS)n,i*ed * <AFRS)C + b ( A PRS) R 

Where b represents a superposition factor 

intensitytlevel”y diSt0rtion index by K and assuming sensitivity, S, is independent of 

( A PRS)C 

( APRS)r 

(ApRs)c+R 

so that 

K 
‘C + R = ( 

SCKC 

sr-kr 

aC+R 

J_C 

SC + R 

A.K_ 

C+R 

-) Kc + b( 

C + R 

-) Kr 

circumfe^ntfl^16^ f°rra / ^eref ore the definition represents a linear combination of 
circumferential, and radial distortion indices. This type of index is capable of con 

extent factÍr'0raIndnêach m£ T wei9htin9 termsi kr circumferential extent factor^ and each mäy be chosen to be a maximum value with Respect to radius 

An important feature is that tux'iomachinery response data is implicit in the def^Ui^n 

been suîgested^rîie ^sr^SOUndly baSed than PurelV descriptive complex indices that have 

elements15 CUrrently held that a general distortion index should comprise the following 

Magnitude or Intensity 

Shape factor 

Spatial extent factor 

Multiples per revolution 

Sensitivity 

Superposition factors 

Weighting factors 

for ,0r frequency response need, to be specified 

Such indices are flexible, more difficult to comprehend physically, and mav demand 
a large amount of compressor test data in order to be evaluated In ^¿w of accuracy 

questions and the lack of coordinated data available in the literature it is not clear 

t present to what extent current complex descriptors have bettered simpler ones either 

correiating particular compressor/engine experience or in improving practical prospects 
of universality. It appears reasonably certain however that indices sufficient1 
to describe turbomachinery stability response to arbitrary distorUonsíccurateív wilt 
necessarily be complex and expennve to evaluate. Clearly, it is important to identify 

dominant patterns at the inlet/engine interface to minimise descriptor complexity 

(see Appendix^?8 °f ^ tyPe 46, and -Method D-, Reference 47, 

KA^ = Ke + b.Kra^ 

ID = b.Sc.IDC + Sr.IDR 

indices stch Is S K« Kcl iZIa*' ®arller radially.weighted circumferential 
*naices such as KD2. K9 , KC2. (see Appendix). Direct comparison of these indices is 
not m general possible as numerical exponents differ in specific anoliratinnc LI * 
to standardise the descriptor system are underway. sP®cific applications. Efforts 

Indications of the relationships between some of these and the Berit based indinos 

IKÄ rcîym'“ I" FÍ,T 17 <KD2 - bC12Q) ,»nd Figúre ^ 
2 - DC120), using subsonic inlet steady state data. The various descriptors anroo 

iroLS°m ^ Wel1 withÍn.the data sc«tter shown, indicating that lu^e-tldLilg di«"? 
ions may be expiessed in terms of alternative indices in this particular else Simiîlr 
agreement was found when comparing KC2 and DC90. ’ ilar 
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A comparison of calculated and experimental losses of surge pressure ratio, based 
on method D, is shown for a wide range of radial, circumferential and mixed distortions 
in Figure 20, Reference 48. 

2.7 TIME-VARIANT DISTORTION 

Dynamic or time-variant distortions arise from a number of sources external to and 
within the inlet and are generally of the in-phase spatially uniform (buzz) type, or, 
more generally, contain significant out of phase spatial components arising, for example, 
from turbulence. The question has now been studied for over a decade and is a fundamental 
stability issue where intake flow is significantly unsteady. References 49, 50, 51, 52. 

In-i'hase (Oscillatory) Flows 

The major feature of flows occurring at frequencies higher than those which invoke 
engine control system response is dynamic stage mismatch promoted by interstage and 

interspool volume lags and dynamic blade row response. The problem is amenable to theor¬ 

etical treatment using analytical methods based on steady stage characteristics and, for 
the greater part, on lumped unsteady continuity, momentum, and energy conservation 

equations utilised to account for interstage volume lags. References 53, 54, 55, 56, 57. 
Where stage characteristics are well defined results have proved quite successful in 
predicting undistorted surge lines and oscillatory distortion response. Typical results 
are shown in Figure 21. Further experimental work remains to be done to clarify the 
range over which analytical assumptions may be regarded as valid. 

Models with combined dynamic blade row response have been discussed in References 
58 and 59. 

Some of the main turbomachinery response considerations are: 

- Fixed throttle surge lines do not indicate stability limits in oscillatory flow. 

- The main mechanism of stage mismatch is amplitude attenuation and phase shift at 
constant frequency. 

- Large interstage and spool exit volumes are destabilising. Thus LP compressors 
of bvpass engines tend to be more sensitive to unsteady flow due to large bypass 
duct volumes. 

- Compressors tend to be more tolerant to oscillatory inlet flows at low frequency 
and at very high frequency. 

- Stages matched away from stall and having steep characteristics tend to be more 
stable. 

Spatial Distortion 

Early work aimed at improving stability correlations was based on using spatially- 

averaged RMS total pressure turbulence levels. While correlations improved, these were 

^ar fron' satisfactory - principally because RMS levels, themselves stationary quantities, 
could not properly account for spatial phase differences of the unsteady flow and hence 
dynamic distortion. Developments have subsequently shown that the major stability 

features of turbulence- induced distortion can be described as an extension of steady- 

distortion concepts to a time scale of the order of a rotor revolution- typically 
5 milliseconds (200 Hz). This has meant that sophisticated data acquisition and proces¬ 

sing techniques utilising high response instrumentation and analogue/digital computation 

have been developed to handle the enormous quantities of data involved: For an inlet 

test point of 16 seconds a total of 16 x 10 distortion patterns and indices could be 

involve^ in a full digital analysis, implying, for a 40 pitot probe array no less than 

64 x 10 so-called instantaneous readouts would need processing. A programme involving 
150 test points would imply 3.4 million indices and 98 million pitot readings. To 

contain the computational task to sensible limits analogue data processing is required, 

Reference 46, digital processing being restricted to providing detailed information circa 
the peak distortion. Engine tests during which time-variant distortion data are obtained 
require that the peak "surge inducing distortion event" be identified. 

A typical result, derived from a full-scale inlet-engine assembly tested under 
simulated supersonic flight conditions is shown in Figure 22. The lower curve shows total 
pressure recovery, representing in-phase oscillations, for a time period of approximately 

350 milliseconds prior to the appearance of a surge hammershock at the inlet instrumentat¬ 
ion plane. The upper curve represents spatial distortion expressed in terms of the 

DC90 distortion index. Peak distortion occurred within 20 ms of the appearance of the 

hammershock indicating this was the surge inducing event. The time lag (usually between 

10 to 25 ms,Reference 39) represents the time for the distorted flow to stall the compres¬ 
sor stages and for the resulting hammershock wave to propogate forwards to the instrument¬ 
ation plane. The majority of engine testing involves identifying this peak distortion 
in terms of aircraft, inlet, and engine primary variables. 

It is currently believed that stability response to peak time-variant distortion 
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may be simulated by means of screens. Support for this view is shown in Figure 23, 
Reference 23, 63. 

A number of recent developments have indicated that further work is required: 

(1) To evaluate time-variant distortion transfer characteristics across LP 
compressors. This is required to establish HPC dynamic response correctly. 

(2) To establish the variation of filter cut-off frequency or digital averaging 

time with engine speed - Dynamic response considerations, analogous to those 
for in-phase oscillations (involving stage matching), indicate that stability 

is significantly affected. Data,Reference 51,confirms this and suggests that 
averaging times might vary from 0.5 to 4 UP rotor revolutions. 

(3) To improve data acquisition monitoring and accuracy. 

(4) To determine the length of time required on test condition to establish that 

representative peak distortions have been experienced,Reference 64. 

An important iesult which emerges from the above considerations together with those 

of the previous section is that the nature of engine stability response to peak time- 

variant distortion remains probabilistic or statistical. Reference 39 has indicated, 

for example, that the surge-inducing peak distortion level, expressed as K g , exceeded 

previous peaks only in 73^ of all surge cases investigated. Time-averaged distortion 

was a poor indication of engine stability response. 

Efforts have had to be made to understand the mechanisms of random processes - 
studies which rely heavily on applying statistical methods,References 60, 61, 62. Some 
progress has been made in estimating time-variant distortion from local RMS total pres¬ 
sure recordings,Reference 49. 

3. TEMPERATURE DISTORTION 

Inlet temperature distortion, arising from such sources as hot-gas ingestion during 

thru>t reversal, V/STOL operations, armament firing, and from steam ingestion, can cause 

serious performance losses, engine control and stability problems,References 8, 42, 43, 
65, 66, 67, 68, 69. Designing for ingestion avoidance rather than for tolerance is thus 

a major aircraft and powerplant activity - it is common practice on a wide range of 

civil transport aircraft for example to vector reverser jets to achieve the best ingestion- 
free reverser cancellation boundaries. Contributory reasons for avoiding time-variant 
ingestion from such sources are, firstly, that, once it has started, it is difficult to 

limit to values dictated by available engine stability margins; and, secondly, temper¬ 
ature distortion, unlike pressure distortion attenuates only to a small extent through 

the engine and therefore affects downstream engine components to a greater degree. 

Figure 24 shows, by way of example, the time-variant growth of temperature dis¬ 
tortion due to near field ingestion of exhaust gases of the Pegasus/llarrier V/STOL 

installation, illustrated in Figure 25. The aircraft was held down for these tests in 

grder to investigate maximum temperature distortion characteristics. Maximum (peak to 

peak) temperature distortion is represented by the difference between the upper and lower 

lines of the figure. Temperature rise is expressed as a percentage of excess front 

nozzle temperature above ambient and was approximately 100°C for this engine. Peak 

local temperature distortion did not exceed 16°C due to shielding of the inlet by the 
relatively cold front nozzles. Temperature rise rates are slow. Surge was not experienced 

Temperature distortion generated at compressor exit as a consequence of inlet total 
pressure distortion attenuation across the compressor may also be a significant factor 
in destabilising a downstream compressor and needs to be taken into account in compati¬ 
bility audits. 

Steady Spatial Distortion 

Figure 26, produced from Reference 66,illustrates, for a turbofan engine, typical 

losses of surge pressure ratio that can be experienced due to steady spatial distortion 
by an HP compressor having a representative surge margin. The right hand diagram presents 

a correlation of the compressor data and compares predictions from the parallel compres¬ 

sor hypothesis. A correlation parameter,(Tmax 9 crit - Tl. having Ocrit = 120° approxi- 

I 
mately, was found to be best in this case. For complete loss of surge margin, ûPRS = 20¾. 
the permissible distortion level is approximately 10¾. Thus, referring to Figure 24, an 
installation having, say, a front nozzle excess temperature of 10O0SC and a 6¾ mean 

temperature ingestion characteristic would experience surge, f the high temperature 
region were sufficiently great and located near the hub, aboi ,. two-tenths of a second 

after nozzle rotation to the vertical position - approximately half way up the maximum 

temperature rise characteristic. Ingestion, once allowed to start, would have proved 
difficult to stabilise. 
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A more general attempt to correlate steady spatial distortion data available is 
presented in Figure 27. This incorporates the data of References 8 and 66 and uses the 

generalised TC8 crit parameter. Reference 8 presents comparable pressure and temperature 

sensitivity data for a turbojet engine operating in the high speed regime, pressure and 

temperature 180° extent distortion data being expressed as (maximum - minimum)/average. 

Loss of pressure ratio was defined either at constant speed or constant corrected flow, 
(Table n ). 

TABLE II - TEMPERATURE DISTORTION SENSITIVITIES 

... .Max - Min. 
Distortion, (-) 

' average 7 
Sensitivity, S = APRS/Distortion 

Constant Nc Constant 

Total Pressure 0.6 0.5 to 1.0 

Total Temperature 0.62 0.75 

In these terms sensitivities are of comparable order jnd correlations were found 
to be better when APRS was formulated at constant corrected speed. To use such correl¬ 
ations, however, changes in corrected flow with distortion need also to be defined. 

The results of turbofan tests. Reference 66, show that a total pressure distortion 

having a magnitude and extent directly related to that of the imposed total temperature 
distortion can be produced as the flow passes through the turbomachinery. The same 

effect was not observed during the turbojet engine tests reported in Reference 8. In 
the turbofan case surge was promoted by the effect of the temperature distortion on the 
HP compressor, local shifts in the operating points occurring at virtually constant 

pressure ratio due to changes in corrected speed - as assumed by the parallel compressor 
theory . 

Rapid Inlet Temperature Transients 

The treatment of transient temperature distortion requires the use of high response 
measurement techniques similar to those needed for treating time-variant pressure dis¬ 
tortion (Section 2.7). Such techniques have not generally been used largely due to the 

intractability of the ingestion problem, the practice of designing to avoid ingestion, 

and the difficulty of simulating it properly in rig compressor and engine test facilities. 
Controlled experimental work has been carried out to establish the effect of rapid 

temperature transients, typical of those experienced during gun and rocket wake ingestion, 
eg,2000 C to 8000 C/sec, in fixed portions of the inlet duct, References 66, 68. 

Data from steat.. ingestion tests, which include representative pattern growth, are 
also available. Reference 69. 

Early NASA tests on a turbojet engine. Reference 68,showed that dynamic stage mis¬ 
match and stall, followed either by recovery, surge, or flameout could occur during rapid 
temperature ramps, depending on ramp rate Three important observations were made:- 

Engine response to uniform temperature ramps was stable provided ramp rates did 
not exceed lOOO C/sec, approximately. 

For rates above this threshold value stage stall and surge occurred rapidly, 
within 20 milliseconds approximately, due to a transient shift in corrected speed 

at sensibly constant pressure ratio - transient pressures throughout the 
compressor had not had time to change. 

The additional compression work during the transient was approximately offset 
by heat transfer effects. 

It may be shown from the flow conservation equations and the latter observations 

that the transient temperature rise at entry to any stage for a ramp input is given to 
a first order by a simple gas transport equation:- 

( 6 T ) 
' t 'stage 

( 6Tt) 
comp 

inlet 

Tt.(t - x_) 
Va 

At high corrected speed, circa design, if stage stall may be assumed to be a suffici¬ 

ent condition to promote surge (rear stages are well matched) then, as mechanical speed 

is constant, equating ( &Tt)stage to the value required for stage stall at constant stage 

pressure ratio, given by:- 

( 6Tt) 
stage 
stall 

^t^NO 
entry 

W JT)2Nn 

j"/ ^>«.1 
1 
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a first estimate of the inlet temperature rise necessary to cause surge may be made. 

The time to surge from the commencement of the temperature rise is then given by:- 

The above considerations apply for an unlimited temperature ramp. For an inlet 

temperature spike stage stall would occur when: 

stal 1 

Figure 28 shows the result of applying this method to available experimental results 
for unlimited ramps. The data includes that for ramps in hot sectors of less than 360 

circumferential extent. The experimental scatter of the data may in part reflect diffi¬ 

culties in the measurement of last transients. 

At sufficiently low ramp rates surge does not occur as the time to stall is suffi¬ 
ciently long to allow stage pressure ratio to drop Little is known about the magnitude 

of this threshold value. Correlations suggest about 1200°C/sec. Some data indicate 
quasi-steady response at about 1O0 milliseconds, the corresponding threshold rate being 

in the region of 500 to lO0O°C/sec. Figure 28 illustrates the need for information at 
lower temperature distortion rates, of the order of those expected during thrust reversal 
or V/STOL operations. The correlation suggests a critical combination of distortion 

extent and rate exists. 

At off design conditions it is unlikely that a single stage stall criterion would 

provide a sufficient condition for surge prediction due to stage mismatching. A stage-by- 

stage dynamic compressor model similar to that developed for in-phase pressure oscillations 

would be required. 

4. COMBINED TEMPERATURE AND PRESSURE DISTORTION 

Inlet temperature distortion, when encountered in practice, is usually accompanied 

by total pressure distortion or superimposed on base-line inlet pressure distortion. 

Attenuation of pressure distortion through the compressor creates temperature distortion. 
In general both are time-variant problems. It is evident that the spatial orientation 

of locally high temperature zones in the inlet may not coincide with zones of minimum 

pressure. As pressure distortion propogates through the compressor the created temper¬ 

ature distortion may be spatially out of phase - the maximum temperature zone may be 

rotated 45° to 90° or so in the direction of rotation relative to the pressure distortion 

zone. References 8, 66. 

The effect of superimposed temperature and pressure distortions of 90° circumferential 

extent on the HP compressor of the Spey engine, is shown in Figure 29. These tests were 
conducted with maximum temperature and minimum pressure zones superimposed. APRS is de¬ 

fined at constant corrected flow. 

Reference 8 presents an excellent treatment of this question: It is shown that 
superpositioning 180° extent pressure and temperature distortion exerts the largest de¬ 
stabilising influence; diametrically opposed distortions having considerably less 
effect - to the point where pressure distortion induced instability may be cancelled by 

imposing the appropriate temperature distortion. The major effects may be predicted 

using a simplified parallel compressor theory. Figure 30, reproduced from Reference 8, 

compares predicted and measured results on the basis of APRS defined at constant speed. 

The question of overlapping is important to that of stability auditing. The worst 
destabilising configuration is that given by superimposed distortions which may readily 
be predicted by the parallel compressor theory. 

A PRS, APRSp + b. APRSX 
total 

Very little or no controlled experimental work appears to have be^n done on combined 
time-variant total pressure and temperature distortion. 

5. STABILITY AUDITING PROCEDURES 

On all but the simplest powerplants or those with an established and relevant histor¬ 

ical background the development of a compatible propulsion system requires that inlet 

distortion and engine stability response characteristics be evaluated sufficiently early 
in the system development cycle for distortion considerations to impact component design. 
The foregoing has shown the subject to be extremely complex, requiring a high degree of 
cooperation between the aircraft and engine manufacture, procurement agency and customer. 
Adequate distortion indices, means of assessing performance and stability, and test 

techniques need to be evolved if the risk of encountering flight stability problems is 
to be minimised.Reference 31. 
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¡3ix interrelated phases of the propulsion 
identified. These are summarised in Table III 

system evolutionary process may be 
Reference 63. 

TABLE III - STABILITY EVALUATION PHASES 

PHASE ACTIVITY DURING 
PHASE 

PROPULSION SYSTEM 
STATUS AT END OF 

PHASE 

Conceptual 

Studies 
Analytical Evaluation of 

many aircraft and propul¬ 

sion system configurations. 

Candidates that can 
potentially meet 

requirements. 

Preliminary 
Design 

Design, analysis and test 

of inlet and engine compo¬ 
nents . 

Mission defined. 

Propulsion system 
defined. 

Development Development of required 
quality by continuing 

analysis, component and 
engine tests. 

Propulsion system ready 
for qualification. 

Data Bank established. 

Engine 

Qualification 
Definition and certifi¬ 
cation of the flight 
engine. 

Engine with acceptable 

performance and stability 
quality at specified 
conditions. 

Flight Test Inlet and engine improve¬ 
ments are flight tested 

to produce best combinat¬ 
ion of performance and 
stability . 

Aircraft with acceptable 

performance and stability 
quality over flight and 
manoeuvre envelopes. 

Operational 

_ 
Production configuration 
used by customer. 

Operational capability 
defined. 

Theengine -ability audit may need to include all or some of the following major 

Identification of Datum Surge and operating lines 

Performance changes due to distortion 

Surge line losses due to distortion (component sensitivities) 

Distortion transfer characteristics 

Engine component rematching 

Spool flow interference 

Reynolds number effects on surge, operating lines, and sensitivities 

Horse-power and bleed off takes 

Engine throttle and reheat transients 

Inlet/engine dynamic coupling 

Engine manufacturing tolerances 

Control system (operating line) tolerances 

Distortion effects on control system sensors 

Leterioration 

Accommodation fixes (eg, fuel dipping, blow-off) 

is given below:- pressure distortion at a given corrected flow or speed 

A PRS 
total APRSd + b. APRS, = ( SpA + bST CT>Kpi 
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where , 

= Pressure Distortion Attenuation Factor 

= Temperature Distortion Generation Factor 

Subscripts 1 and 2 refer to LP compressor inlet and exit, respectively. 

Hence, if available surge margin, taking account of operating line shifts due to 
distortion, is such that :- 

A = Kp2/Kpi 

ct = 'S'a^'Vi 

smhpc 
A PRS. 

total 

smhpc 

then, Kpj = “ 
[S A 
.P 

+ b ST CT 

'] 
ie Engine Inlet Distortion Tolerance of HP Spool 

= Available Surge Margin 

Overall Sensitivity 

The denominator in this expression represents a "lumped” sensitivity incorporating 

LP compressor distortion transfer terms. In practice the auditing process is more in¬ 
volved because of the need to account properly for the various factors listed above, eg 
Reynolds number, rematching, interference, bleeds, etc. Computer solutions are usually 
used. 

Compressor Rig Test Limitations 

It is becoming increasingly evident that great care is required when reading across 
to tie engine distortion response characteristics established from compressor rig tests. 
Some of the factors involved are :- 

- Reynolds number differences (eg for installed HP compressors). 

- The effects of rig duct volumes which are generally unrepresentatively large so 

that dynamic response to in-phase and time-variant spatial distortion and transfer 
characteristics may be affected. 

- Spool interactions in the presence r,i distortion may be atypical, eg, due to 
exit static pressure distortions imposed by the downstream spool. 

- Close-coupled compressor exit diffusers may be destabilising, particularly for 
lower pressure ratio fans, Reference 70. 

- Engine component rematching is not represented during testing, eg, dynamic core/ 
bypass flow coupling. 

- Representative temperature distortion tests are difficult to implement. 

It should be borne in mind therefore that synthesising stability response from rig 
data is not an exact science. It follows that a degree of flexibility in interpreting 
pre-engine test estimates is necessary 

6. FOREIGN GAS 

In this paper attention is restricted to consideration of gases that may enter the 
inlet as a consequence of armament wake ingestion, specifically from rockets. Engine res¬ 
ponse depends not only on temperature and pressure distortion but also on the quantity 

and nature of the gas ingested - which is virtually impossible to define adequately at 

the inlet/engine interface. The complexity of the total problem has led to the advocat¬ 
ion of simulated rocket wake tests. Reference foH. 

A large rocket may have the following relevant characteristics :- 

Mass Flow 

Exhaust Velocity 

Exhaust Pressure 

Flame Length 

Plume Diameter 

40 to 50 lb/sec for 2 to 3 seconds 

7000 to 8000 ft/sec 

1000 psia 

Exhaust Temperature 2000oK 

50 ft 

2 to 3 ft 
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Wake ingestion promotes time-variant pressure and temperature distortion whose 
(varying) spatial extent at engine entry depends on altitude, inlet and rocket location, 
launch trajectory; aircraft forward speed, attitude and engine power setting. Engine 

stability may be affected by gas chemical composition and its concentration relative to 
the inlet .\ir supply and the duration of the ingestion. Burning within the ingested 

wake may continue to occur. 

Approximate examples of gas product weight concentrations are shown tabulated for 
illustration:- 

TABLE IV - PRODUCT WEIGHT CONCENTRATION 

Product 

Concentration 

(10'3 Gram Mol 
per Gram) 

Gram 

Molecular 

Weight 

Weight Product 
(Wproduct/wgas) 

% 

Aluminium Oxide A12°3 3.03 101.96 30.8 

Carbon Dioxide CO^ 0.84 44.01 3.7 

Carbon Monoxide CO 8.85 28.01 24.8 

Hydrogen H^ 11.90 2.016 2.4 

Water H^O 5.36 18.02 9.7 

Nitrogen N^ 2.90 28.02 8.1 

Hydrochloiic Acid Gas HCL 5.56 36.46 20.3 

Free Hydroxyl Radicle (OH) 0.001 17.008 - 

Chlorine CL 0.01 35.45 - 

The effect on the engine depends upon the weight of product ingested in relation to 
the engine airflow demand;- 

WWW 
^ product ^ ^ product ^ w gas 

W . W W . 
air gas air 

and, for bypass engines, on how much enters the core engine. 

Carbon monoxide and hydrogen are fuels. Considering, by way of example, a low 
altitude condition for a bypass engine having an airflow demand of 400 lb/sec and a total 
fanrcore flow ratio of 2.7, (BPR = 1.7) then for full ingestion of 40 lb/sec of gas, 
the by-weight concentration of these products to air is approximately: 

Fan Flow: CO*? SV 3 ; \\2% XL 0.3 

Core Flow: COW JY 9 ; H % JY 0.8 

On the basis of a seven-stage single-spool turbojet engine test the core flow quanti¬ 

ties may be sufficient to cause surge by creating a fuel rich situation, Figure 31. 

The main results from these tests, in which products and gun gases were injected 
cold, were: 

Nit rogen 

Carbon Dioxide 

Hydrogen 

Carbon Monoxide 

Simulated Gun Gas 

No effect for quantities up to 12% by weight of airflow. 

Slight drop in engine speed and jet pipe temperature for 
quantities up to 13.6%. 

Small Quantities - acceleration due ".o overfuelling. 

Increased Quantities - Overfuellii.g surge followed by recovery 

and flame flashback. 

(Engine response was dictated by instantaneous flow rate and 
not the total quantity of gas ingested). 

Small Quantities - Overfuelling Acceleration. 

Larger Quantities - Overfuelling Surge. 

Overfuelling Acceleration and Surge at 22% weight flow. 
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It is extremely difficult to decide to what extent gas chemical composition in¬ 

fluences engine stability response to rocket wake ingestion. The cold gas tests refer¬ 

red to above indicate foreign gases may be destabilising-depending on their composition, 

the quantity ingested and its spatial location. Reference 67 indicates however that 
compressor mismatch and operating point trajectories during simulated rocket wake in¬ 

gestion tests were not changed though the products of combustion were. 

7. SURGE HAMMERSHOCKS 

One of the problems involved in stressing fixed and moving inlet structures is that 
of dynamic loads experienced during engine surge. Compression and expansion wave over- 
and under-pressures relative to pre-surge steady levels occur as a consequence of flow 
breakdown within the compressor. Pressure amplitudes depend on engii.c operating condi¬ 

tions, inlet design and operational environment. Stressing for such loads involves 
determining pressure ratios and wave forms or signatures at various locations within the 

inlet and, in particular, at the inlet/engine interface. The initial 'shock wave* fol¬ 

lowing surge initiation is a characteristic of the engine stalling process, the rare¬ 
faction waves depend upon inlet configuration. Cyclic surge may occur, typical frequencies 

being of the order of 10 Hz. The surge cycle comprises a flow stoppage/reversal period 

represented by the 'four wave transi' time' and a recovery period of approximately the 

same duration, Reference 7. 

Discussions of surge hammersbocks may be found in References 27, 34 and 72. 

Figure 32 presents interféce overpressure data correlated against overall compressor 

steady state pressure ratio immeiiately prior to surge. The data obtains from equili¬ 
brium surge experience on various turbojet and turbofan engines. The data is scattered 
due to the statistical nature of ;he surging process, asymmetry of the shockwave front 

and measurement inaccuracies, etc. The Olympus data obtained is from a wide range of 

sources representative of ground, subsonic and supersonic flight conditions. The over¬ 

pressures at the interface may be thought of as representing a compressor delivery back 

pressure level attenuated via the complex wave reflections that occur within the compres¬ 

sor. Each engine may be expected to have its own characteristics. 

Reasonable first order estimates of the overpressure may be accomplished using shock 
theory provided a mass flow assumption after the shock is made. Thus for a uniform shock 

propogating upstream against the flow in a constant area duct: 

where, K = (W^ - = Relative mass flow change across the shock 

Mj = Flow Mach number upstream of the shock 

Mg = Shock Mach number relative to upstream flow conditions 

p = static pressure 

A useful approximation is presented in Reference 72 in the unique form: 

Overpressure T arameter A P 

P M1-26 r i 

* f (K) 

For complete flow stoppage behind the shock, (K = 1), a reasonable approximation 
to the interface surge overpressure has been found at moderate to intermediate levels of 
overall pressure ratio. Thus for a duct steady state Mach number of 0.5 immediately 
prior to surge an overpressure of approximately 1.9 is predicted. The corresponding ¿hock 

propogation Mach number relative to the upstream flow is approximately 1.35. At higher 
overall pressure ratios the assumption of flow stoppage is inadequate and flow reversal 

behind the shock has to be invoked to explain the experimental shock strengths. 

Turbofan overpressures are generally less than those of turbojets due to the ex¬ 

pansion of the shock as it leaves the core engine and expands to the full compressor face 
area. Reference 72 presents a theoretical model utilising the flow conservation equations 

which accounts for the effect. It may be shown that these predictions may be approximated 

closely by a simpler application of the shock expansion theory of Reference 73 provided 
that the hammershock is regarded as propogating through the f’n prior to its expansion. 

Wave rise times at the interface - an important ingredient in panel and moving vane 

dynamic response calculations can be surprisingly low, approximately 5 to 15 milliseconds. 
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Superscripts 
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by 

F. Sisto 
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Stevens Institute of Technology 
Hoboken, New Jersey 07030, USA 

SUMMARY 

Physical mechanisms are discussed which lead to the aeromechanical response of axi¬ 
al-flow fan and compressor components when these machines operate with a distorted inlet 
flo>'. Steady response of blades, vanes and discs are considered briefly. Forced exci¬ 
tation of rotating components are treated in some detail. The specific form of the 
exciting gusts are elucidated. Self-excited vibrations of rotor blades and stator vanes 
are considered as stemming from the general degradation of flow with distortion. Shaft 
and disc vibrations are also discussed as possible aeromechanical responses to distorted 
flow. The role of various forms of damping and the use of composite materials are de- 
scrioed with attendant problems in application through design. Remedial action available 
tc the aeromechanical engineer is discussed with the objective of ameliorating the adverse 
effects of distorted-induced structural response. 

INTRODUCTION 

The extent to which the elastic flexibility of a turbomachine structure contributes 
to, or interacts with, the distortion of the throughflow is at present a moot point. 
Nominally the elastic deflections of blades, vanes, discs and shafts are not considered 
to affect the distribution of flow velocity vectors, total pressures, etc. throughout 
the machine. There may be important shortcomings in this assumption, but it is universal¬ 
ly made, stemming from the extreme complexity of assuming otherwise. (An exception that 
may more easily be calculated relates the local setting am-.» of a blade or vane to the 
aerodynamic moment distribution radially along the member. In turn the setting angle is 
a determinant of the aerodynamic moment and so blade flexibility may be shown to affect 
the local velocity triangles and hence the modification of flow distortion within the 
machine; the effect is akin to the static torsional divergence of a wing. In almost 
every practical instance the magnitude of this flexibility effect will be negligibly 
small.) Hence it will be assumed as has been the case heretofore that the distortion 
which may be present is describable in terms of velocity, pressure, temperature and for¬ 
eign gas distributions; inquiry is then made as to the consequent behavior of the struc¬ 

ture. 

In treating the aeromechanical response of structure, the nonuniformity of clows in 
time and space will be taken as given quantities. Other lecturers will deal with the 
prediction, measurement, amelioration, etc. of distorted flow. The distortion may be 
radial and/or circumferential, steady or nonsteady. 

In the instance of nonsteady distortion it is difficult to include the nonsteadiness 
in the analysis or in the consideration of aeromechanical response. This is particular¬ 
ly true if the nonsteadiness is a random process with only a statistical description. 
The recourse in this situation is to treat the distortion as steady if statistically it 
is present more than, say, 25% or 30% of the time and to ignore it otherwise. On the 
otherhand, if the nonsteadiness is periodic in time, then the predicted behavior of the 
structure may be obtained by Fourier analysis, if a forced vibration* is implicit. 

If a self-excited vibration is under consideration, then the period of the nonsteadi¬ 
ness of the distortion must be roughly an order of magnitude greater than the period of 
the characteristic vibration and the nonsteadiness of the flow may then be treated quasi- 
steadily. Otherwise it may be assumed that insufficient time is available for the self- 
excited amplitudes to build up appreciably. 

GENERALIZATIONS CONCERNING EXPECTED PHENOMENA 

Subject to the approximation and exceptions discussed in the foregoing Introduction, 
the distortion of the throughflow in an axial turbomachine may be treated as steady for 
the purposes of analysis and prediction. This steadiness is with respect to a reference 
frame fixed to the housing, hence stator vanes will never be subject to forced excitation 
directly from distorted flow; the possibility of self-excited vibration (flutter) remains, 
as well as indirect excitation from the wakes and potential disturbances attributable to 

adjacent rotor blades. 

*By this description turbulent flow defined by its power spectrum is analyzed as a forced 

vibration problem. 

A 
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By similar reasoning one may rule out radial distortion as a source of forced vi 
bration for either stator vanes or rotor blades. Unquestionably a major potential so 

of vibration is the passage of ro or blades through strong circumferential distortion 

patterns. 

& nr transient time dependence of the flow distortion has the potential for 

affecting blades and vanes equally; surge and hammershock (because of their low frequency 
of reoccurrence) foreign gas ingestion, foreign object ingestion are phenomena whi-h may 

trnatpd as aoeriodic The excitation may be important due to the suddenness of change 
Ïn loading or else Se ¿peeing condition after the change may be conducive to self ex¬ 

citation.9 Structural component typical natural frequencies are measured in hundreds and 

even thousands of Hertz. Hence any distortion which, although 
1 frequency of reoccurrence of 10 Hertz or less (typical for surge) may practically be 

treated as aperiodic in terms of its effect on the structure. 

The rotating structure in axial turbomachines consists not only of the rotor blades, 

but the drums and discs =s well to which they are a^ached and the supporting shafts an 

beannas Periodic loading and unloading of rotor blades in distorted flow may under 
certain circumstances provide circumferentially asymmetric loading to the entire rotating 

assembly this type of system may then in turn develop instabilities of its own related 
t* excitation ofits characteristic modes. Small wall thicknesses of both stationary 

and rotating structural members, characteristic of lightweight aircraft ^sturbine de 

sign may resonate directly when subjected to pulsating pressure loading of sufficient 

magnitude at the proper frequency. 

Finally, the harmful nature of any of these aeromechamcal instabilities will usual¬ 

ly be related to the amplitude of oscillatory strains in the 
equilibrium amplitudes, in turn, will be dependent not only on the strength of the exci 
tation (or self-excitation if such a term may be used) but also on the aerodynamic and 

structural damping in the system. 

INDIRECT EFFECTS OF INLET DISTORTION 

A thick annulus boundary layer is a form of inlet distortion that may stall the 

rotor blade tips and give rise to a rotating stall pattern of limited radial extent. 

More general or severe distortion may stall or surge an axial compressor giving rise to 
thrown», W refer, ,o the c.,e 

only local, but the net integrated massflow reverses sign. In the latter case the sud 

j "forward release of the compressor discharge pressure (coexisting with the flow re 
v«sír!m2nes a preis«* wav£ or moving shock travelling through the compressor into 

the inlet, the so-called hammerwave or hammershock. 

The degradation of flow quality implicit with a distorted inlet may give rise to 

unusually high turbulence levels and a migration of local incidence °n s^ors and rotor 

= ,ieh t-hit thick wakes with sizable momentum defects are produced by the respective ai 
q s1"“ f e« vH qCk e by low energy regions of the inlet distortion pattern may 
íorcí* radía! distribution Sf the throighflow producing unnaturally low or negative in¬ 

cidences in some stages of an axial compressor. 

All of the foregoing are examples of the indirect effects of inlet distortion in 
oroducing potentially harmful aerodynamic environments for blading at operating conditions 

these pheno.eL tn the ebseece of distortion. For this reason not 

nniv mu<5t the direct effect of inlet distortion on aeromechamcal response be considere , 

but^for a complete assessment of unstable behavior the subsidiary effects of distortion 

must be considered as well. 

RESPONSE OF STRUCTURE TO STEADY LOADS 

effects rtnaSÄ ^S'onses Â^thí «“pV;" 

bru"? “sÂi!!;;.r^t5nrtïr„“ûlà^i“èd^r.2rri“rt5:*p“5ii”oic' 

^^“““„^rer't^tls'.^r^e^l'stSS^orSrnS'preli^Lr^r^Z.tíors^f 

rit«itortpd inflow- the aeroelastician must presume the local flow properties are known 
»d“n“io«[ ïïit' Ir^ ani -*».«• aro dSrivabl. fro- chord«!., pressor, distribotion 

and/or static pressure and vector momentum changes across the blade row. 

With steady local loads applied to the blade, considered to be a tapered twisted 
hoam nf variable cross-section, and due consideration of centrifugal loads if any, the 

deflected position of the airfoil may be predicted by straightforward structural /- 
sis The results of such calculations, generally in accord with experience, are such 

that no untoward problems are commonly encountered. The so-called gas loads 

•It is an interesting fact that steauy aerodynamic moment coefficients are rarely, if 
everíCalculated for cascaded airfoil either theoretically or from experimental data. 
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sufficiently different from undistorted design conditions as to create new problems. 
Tip rubbing! or other interference of fixed and moving members cannot usually be attri¬ 

buted to this type of inlet distortion. A subsidiary reason for this is probably due to 
the fact that at the aerodynamic match point rotor blades are usually leaned in the 
centrifugal field to remove one half of the gas bending stress. Hence, for normal blades, 

either doubling or else entirely removing the gas loads would not normally have a strong 
effect on changing the tip deflection of the rotor blade; its equilibrium deflectec posi¬ 

tion is largely dominated by the intense centrifugal loading measured in the tens of 

thousands of g's. 

As noted previously this severe centripetal acceleration of ;ach rotor blade may 
account for an unexpected shift in steady aerodynamic performance due toth* amount of 

untwist produced in the initially "as manufactured twisted blade [ij. whe modifi 
cation of untwist attributable to aerodynamic moment is gensrally negligible by compan 

son. 

Changes in axial shaft and thrust bearing loads attributable to steady radial dis¬ 

tortion are also of small consequence. 

RESPONSE OF STRUCTURE TO TRANSIENT LOADS 

Significant transient loading of compressor or fan structure will usually be associ¬ 

ated with a gross change in the throughflow that is either truly aperiodic or o. very 
low frequency. Examples may be related as noted previously to compWMor stall, surge 

hammershock [2], bistable inlet operation, foreign gas 
operating experience over the years has indicated the need to consider in the mechanic«1 

desian ohase of an aircraft engine the possibility of ingesting solid objects including 
birds. PThese latter considerations are frequently based on facture mechanics including 

estimates of impact energy absorption and will usually include, at leaot in the c 

bird ingestion, a subsequent experimental proofing phase. Other than 
dynamic or other forms of damping are not significant in Umiting the first peak excur 

sion strains imposed by this type of "mechanical’ loading there will oe no further con 
sidération here of this problem; structurally safe foreign object ingestion is routinely 

provided by engine designers. 

The sudden changes in throughflow, however, ha./e really not beenadequately treated 

either analytically or experimentally. The problem is closely related to the aeroelastic 

. .îngli airfoil passim through a sh.rp-.dge 9»« iront in th. 
such as might be produced by a remotely originated blast wave. As in Fig. 1» the biast 

front can have any orientation e relative to the airfoil flight direction 8° that both 
chordwise u„ and normal wq components of the gust are experienced and the velocity (and 

direction)UQf gust penetration Up can have any value. For this situation the rate of 

penetration Up and the gust components are given by 

U = U, + U. esc 6 
p I D 

U = V, sin e 
g b 

w = V, cos 0 
g b 

where Uf is the flight speed and Vb is the increment of fluid velocity experienced by 
oarticles as they are overtaken by the olast front. The two-dimensional lift and moment 
responses to wq Calculated for this example [3] show that the asymptotic steady state is 

approached more or less rapidly as a direct function of the speed of Pe"etration(or 

speed of overtaking if the gust approaches from the trailing edge). A lift over-hoot 

obtained soon after gust encounter provided Up is large enough. 

Thp laraest two dimensional lift overshoot is obtaineu for example with infinite 
speed of penetration and an incompressible fluid (Wagner’s problem); the impulse imparted 
tl the airfoil is equal to that of a mass of a cylinder of air (diameter equal to the 
chord) travelling with the gust velocity wg. By assuming this impulse is aPP^®f 
linear oscillator simulating the elastically mounted airfoil it may be shown that the 

maximuir^oscillatory excursión that may be expected will be of the order of 

h * wg mair/(“omfoil) 

where ma;r is the mass of the aforesaid cylinder of air and mf0ii the mass of the airfoil, 

«Ch fo^Sr.“ span. The quantity *0 is the circular natural frequency of the vane or 
blade in bending. This result is modified by the assumption that inasmuch as the lift 

gust Is .pprox.^tely 2., times the »spon.s to . »ertlc.l gust^ 

of the same intensity, a combined effective gust intensity, which takes into account both 

components, is " [3] 

w = 1 -OS6 + 2Qq sin ®) 

where a0 is the steady angle of attack. The same conclusion is reached in [4]. 

Replacing wg in the previous expression by w and relating a0 to lift coefficient 

through 

C. = 2nKsina 
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where K is a lattice-effect coefficient [5] it is it is found that 

(cose + —n sine)V. 
HA D 

2t(j_h = 
o 

This peak value of the "tip" velocity is a parameter used as a criterion for predicting 
fatigue failure in bending. For typical values in the hammershock situation the velocity 

may easily exceed the nominally dangerous values in the range of 1 to 3 feet/second [6]. 
Factors which exacerbate the problem are low thickness ratio profiles and low density 
materials such as Titanium, high density air such as in rear stages at high flight speed 

and low altitude, heavy loading such as high pressure ratio per stage and large gust 
velocities on the order of 10 to 100 feet per second. The analysis could be extended 
for large finite gust penetration velocities Up, bu*' the infinite value seems to yield 

the most dangerous initial impulse. 

An important shortcoming in the foregoing analysis is related to the treatment of a 

single [7] airfoil rather than the cascade; another improvement that is needed is the 
inclusion of compressibility of the fluid in the analysis. Both these effects have been 

formulated by a number of investigators in terms of the behavior of a plane acoustic wave 
propagating either upstream or downstream into an infinite cascade. These infinitesimal 
perturbation analyses [8] [9] [10] would suffice to give the first order effects being 

sought except that none have conducted extensive studies of the resulting blade loadings; 
the emphasis has been on the reflection and transmission of the acoustic waves although 
presumably the blade loadings could have been extracted from the theory. 

No studies of any kind, either experimental or analytical, are known to have been 

made on the aerodynamic moment resulting from aperiodic forcing and the resulting torsion¬ 

al blade or vane response. 

Most likely the entire phenomenon, whether torsion or bending, is not important when 
the disturbance is truly aperiodic since the vibration would soon damp out due to aero¬ 
dynamic and other forms of damping. However, if a compressor or fan were to be operated 

unintentionally in a cyclic surging or stalling condition, the required number of cycles 
for fatigue and consequent failure could be amassed in a short period of time. With the 

exceedingly high centrifugal stresses in modern fan and front compressor rotor blades one 

may even encounter situations conducive to low cycle fatigue. 

Since the excitation tends to be rotationally symmetric and to impose purely axial 

loads on rotors and shafts the response of these structures is usually quite safe; they 
are very stiff in the axial direction with exceedingly high natural frequencies in their 

longitudinal modes. An exception might be the "umbrella mode" of a bladed disc assembly, 
particularly when a very light disc is used or else when a low hub/tip ratio implies 
long, limber rotor blades with minimal root restraint. 

PERIODIC LOADS 

By far the most significant aeromechanical response attributable to inlet distortion 
is the periodic forcing experienced by a rotor blade operating in a circumferential dis¬ 

tortion. The relative inflow condition to a specific rotor blade will consist of a super¬ 
position of terms with harmonic time variation. The frequency of a general term will be 
60 nN Hertz where n is an integer and N is the rotational speed in rpm. In theory one 

may conceive of completely rotationally periodic distortion patterns with two, three or 
more distortion patches about the flow annulus. However, in practice this periodicity 
will not be exact and so n = 1 and all higher n are always present to some degree. 

The periodic inf’ow conditions at a specific radius will be defined by the circum¬ 

ferential distributions of pressure, t' mperature and vector velocity cf the absolute 

flow. A transformation to rotor coordinates will, in turn, define the inflow conditions 
relative to the individual rotor blades. Theoretical analysis or interpretation of ex¬ 

perimental data for the aeromechanical response must then recognize the centrifugal and 
Coriolis accelerations to which the arbitrary vibrating turboblade is subject. In other 

words the mode shapes, stresses and natural frequencies of rotating rotor blades will be 

different from their static (non-rotating) values and this factor must be clearly recog¬ 
nized in theoretical and experimental work. 

The absolute distorted flow at any radius may be expressed in terms of periodic 
functions of the circumferential coordinate. Referring to Fig. 2, it may be seen that 

the expressions 

v' = -vo - Z vn cos[nn (x-y tan 4>0) + <n] 

(where n is the wave number equal to the inverse radius meisured from the compressor axis 

of rotation) satisfy the conditions of circumferential periodicity of absolute flow magni¬ 
tude and direction. Furthermore, exactly the same distortion exists at another axial 
station except for being indexed circumferentially to account for the mean swirl angle of 

the flow, 40. The latter statement is known to be an approximation in distorted flow; 
the distortion varies with axial direction so as to satisfy boundary or end conditions 
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associated with the presence of a bounding cascade [11]. However the variation is small 

tor distances associated with axial depth of one blade row. In effect the influence of 
upstream and downstream blade rows are neglected insofar as they attenuate the distortion 
with axial distance. 

Under these assumptions the application of the two dimensional incompressible con¬ 
tinuity,equation revealsthat - Xn and un = tan *0 vn for n>l. Hence -u' = Un ♦ 
tan $0 V and -v' = v0 v where — u 

CD 

v = £ v cos[nn(x-y tan 4)+¾] 
n=i n o *n 

Fixing t, ; coordinates to the chord of a particular rotor blade, the field position 
or a point ï on the chord depends on time and is given by 

X = cçsine-Ut 

y « -cçcose 

where \ is dimensionless with respect to the chord, c. By direct resolution of the com¬ 

ponents u , v and -0 the components of relative velocity along and normal to the airfoil 

where 

(U-Uq) sine + vq cos ß - v(taniosinß-cosß) 

(U-Uq) cose - vq sin 6 - v(sinß+tantocosß) 

= i; v cos (nn[ (sine + tanr„ cosß)ct-ut] + x ) 
n=i n o s J *n 

The disturbance is seen to sweep over the airfoil chord with a celeritv. or oust nene+r*- 
tion velocity - t 

U 
sine + tan» cose, 

o 

The components of the gust velocity are 

u 

where 

and 

v ¿c »o cos (40+e) 

v sec 40 sin (»0+e) 

U cos fn 

sin(e+»o) 

n=l 
cos [n(wt-?lt Ç) - x„] 

ouc/(2Up) , nU 

The lift response of an airfoil to gu§ts* in the oncoming flow consisting of any 
one of the Fourier harmonics appearing in v has been studied extensively [12] [13] [14] 

15; [ 16_. The effect of cascading has been considered [17] [18] [19] [20] as has the 
effect oi. thickness and camber [21] [22]. The more important and difficult influence 
of compressibility of the fluid 'ias also been tackled [23] [24]. 

The net result of these theoretical studies and developments indicate that the lift 
and moment are in effect given by the quasisteady values for very low frequency nm of 

the transverse gust and low wave number 2nkp of the chordwise gust. As the frequency and 
wave number increase the magnitudes diminish and nonzero phase angles develop between 

the gust excitation and the lift or moment. The phasing can be either positive or nega¬ 
tive. 

What would appear to be an exception to the previous general statement occurs when 
the compressibility of the fluid is taken into account [25] [23]. For certain combina¬ 

tions of frequency, cascade geometry and relative Mach number the so-called condition of 
aerodynamic resonance is defined (in acoustic studies this is termed "cut-off"). At 
these conditions the oscillatory lift and moment on the rotor blade vanish; however at 

Mach numbers very close to resonance rather larger magnitudes of the lift and moment 
may be obtained. Thus near cut-off conditions it is not clear that the effect of in¬ 
creasing frequency or wave number will account for decreased magnitudes of lift end/or 
moment. A specific study of this point would seem to be important. 

*It is interesting that for »0+e = 90 degrees no chordwise gust is experienced independ¬ 
ently of the value of U. 
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VIBRATORY RESPONSE 

The specific reduction in magnitude is not so important as the phasing of the os¬ 
cillatory lift or moment response. This is because the vibration that is set up by the 
oscillating force (moment) is subject to a second complete set of lift and moment reac¬ 
tions attributable to that oscillatory motion. Thus the forcing is of aerodynamic nature 
ue to the inlet distortion; the aerodynamic response to the ensuing oscillatory morion 

can be estimated by considering the relative upwash associated with the vibration in a 
main stream that is to the first order undistorted. By such a consideration, equilinrium 
oscillatory amplitudes will obtain when lift and moment amplitudes and phasings are auch 
as to feed the same amount of energy in from the distortion as is fed out in aerodynamic 
damping. In the entire consideration the frequency is a known quantity. 

There is in the literature a great paucity of such resonant amplitude studies of a 
quantitative nature. Some incompressible results [26] [27] [4] are available for single 
airfoils and none for cascades. It would seem, again, that such parametric investiga¬ 
tions would be extremely interesting and valuable using the rudimentary theories that are 
already available. A gross approximation valid for blade bending oscillations in trans- 
verse gusts of small wave number (wave length large compared to the chord) is the assump¬ 
tion [28 that the vibratory bending velocity will be equal at each instant to the gust 
velocity. This theory gives crude correlation with experience under certain conditions, 
but is powerless to predict torsional oscillations. 

For the transverse gust and bending oscillation these theories [27] (4] predict 
velocity ratios as displayed in the following table, 

Mass 
Ratio** 

0.0015 

0.0020 

Maximum Bending Velocity 
Maximum Gust Velocity 

Reduced 
Frequency 0.05 

1.01 

0.1 

1.0 

1.01 

0.2 

0.94 

1.00 

0.5 

0.90 

0.88 

1.0 

0.70 

TABLE 1 

These results show a modest departure at the higher frequencies from the rule-of-thumb 
tip velocity rule. Some results for forced torsional oscillations [26] in a stream with 
fluctuating incidence show that the angular amplitude of the blade motion may be several 
times the angular amplitude of the incidence variation for low reduced frequencies. 

Reffrence 28 ' 18 an excellent review of the practical aspects of distortion-induced 
olade vibrations. In addition to the diagnostic technique of constructing an interfer¬ 
ence diagram (plotting blade natural frequencies and engine order lines against rotation¬ 
al speed to observe the potentially dangerous intersections) it is noted therein that 
the most important intersections are associated with the first six engine orders and 
that the blade failures which do occur are usually confined to the lower modes of vibra- 
tion. Thus, the interference diagram which may be drawn for each rotor, is an alert 
that dangerous forced vibrations may be present at the lower mode-lower order intersec¬ 
tions. The actual harmonic content of the distortion at the order of the intersection, 
f?rctîîe Partic“lar circumferential distortion existing, will determine the actual danger 
of fatigue-producing vibrations. The means of assessing the harmonic content is of course 
by direct Fourier decomposition of the measured or predicted distortion pattern. However, 
most Fourier series have coefficients which decrease inversely with the order n of the 
harmonic after the first few leading terms. It is for this reason that the lowest en¬ 
gine orders of forcing frequency are most important. 

The discussion up to this point has been quasi-two-dimensional. Physical reasoning 
has been confined to consideration at some radius where both distortion and blade vibra- 
tory déplacement are in some sense representative. In fact the resonant amplitude which 
will be attained by a rotor blade will depend on the integrated energy input all along 
the radius from root to tip and its equalization with a similar integral for the energy 
consumed in damping [29!. These integrals, in turn, will depend on the radial distribu¬ 
tion of the circumferential distortion and on the vibratory mode shape of a typical 
blade. A particular harmonic of the circumferential distortion will tend to be in phase 
with itself radially (i.e. in the previous analytic description xn would tend not to 

radially). Excepting fundamental bending and fundamental torsion, a particular 
radial portion of a rotor blade vibrates out of phase with adjacent radial portions. 
Hence in the higher modes energy input cancellation tends to occur at different radii- 
the integrand of the energy input integral changes sign. It is by reasoning of this na¬ 
ture that the higher vibration modes tend not to be so dangerous. 

* With penetration velocity equal to flow velocity 

**Mass of a cylinder of air, diameter equal to the chord, as a fraction of the mass of 
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Conversely, consideration of radial variations illuminates the possibility of a 
different kind of forced excitation of a rotor blade. When the phase angle of a particu¬ 

lar harmonic of a circumferential distortion does vary with radius (xn not constant) the 

peak excitation will be experienced at successive instants of time at successive radii. 
A kind of travelling load on a beam will resonite the beam if the speed of travel attains 

certain critical values. This effect '29 [30] [31] can be the cause of those few high¬ 

er mode vibrations that do occur infrequently since this skewing of the distortion pat¬ 
tern may account for a threefold, or more, amplifications of the blade response, assum¬ 
ing a linear damping law. The phenomenon may be particularly important as one of the 
indirect effects of inlet distortion; thick rotor wakes of high momentum defect may 

stroke the following stator vanes to resonance in a higher mode. For a radial trailing 

edge the wake leaving the rotor will also be initially radial. As the wake is convected 
downstream, however, it will become non-radial and therefore develop the capability of 

applying a travelling load to succeeding stators. The effect is equally applicable to 

either bending or torsional vibrations. The travelling load phenomenon should be kept 
in mind by the aeromechanical engineer as a potential cause for unusually high resonant 
stresses in a higher vibration mode. 

The previous analytical considerations have described inlet distortions in terms of 

velocity perturbations in the absolute flow. This was for illustrative purposes and be¬ 
cause the aerodynamics of unsteady flow is available as a tool for analysis. For dis¬ 

tortions consisting of either temperature or molecular composition distortion, no such 
analytical tool is available. In these instances the best that can be done for the 
moment is to treat the compressor or fan according to the "parallel compressor" theory 

This will give the extremo values of quasisteady lift and moment to be experienced by a 

rotor blade; the frequency may be supplied by the number of distortion zones or their 
integer multiples taken together with the compressor speed. Unsteady flow effects may 

then be estimated (reduction of lift and moment amplitudes and phasing with respect to 
flow disturbances) using equivalent reduction and phase for the velocity disturbance 
problem. This latter procedure is highly approximate but seems to be the only obvious 

correction that can be reasonably applied. A theory which connects total pressure, 
total temperature and foreign gas distortions by expressing each of these in terms of a 
vorticity , 32 distortion appears to be too esoteric for practical applications at 
present. 

TURBULENCE 

Under the assumption that turbulent excitation of a compressor or fan blade is ran¬ 

dom, it is possible to relate the power spectrum of the resulting vibration to the power 
spectrum of the excitation. Having the vibration record of a blade excited by turbulence 
it is possible to process the signal in a spectrum analyzer and deduce the total damping 

of the system. Some tentative results of such a procedure on a running compressor [33] 
nav<_ indicated that the total damping, aerodynamic plus mechanical, may typically be of 

the order of 0.10 in fundamental bending, of the order of 0.03 in second bending and of 

the order of 0.02 in fundamental torsion, all values expressed as logarithmic decrements. 
A further deduction is that the damping factor is not appreciably affected by stalling 

of the blades, and in either event, stalled or unstalled, the factor is chiefly of aero¬ 

dynamic nature. Hence, increased amplitudes, or stresses, in the stall should be associ¬ 
ated with increased levels of turbulence and consequent turbulent excitation. 

These results must be considered very provisional since stall flutter, a phenomenon 
that is known to occur, is entirely attributable to negative aerodynamic damping in the 

blade stall regime. It .s probable that the amplitude and frequency conspire to govern 
the effective aerodynamic damping, particularly if periodic stalling and unstalling occur 

during a cycle of vibration; the latter is a nonlinear phenomenon, exhibiting hysteresis, 
entrainment of frequency, etc. 

There seems to be no reason why the aeromechanical responses for gusts of the form 
of Ug and Wg described previously should not be worked out. Then parametric studies of 
turbulent forcing may be conducted in which the excitation as well as the damping may be 

formulated. This theory would parallel the analysis of [20] [34] for attached flow and 
ij. for stalled flow and would allow the lift and moment for each frequency component 

in the turbulence spectrum to be computed as an input to the response calculation. 

SELF-EXCITED INSTABILITIES 

In addition to the possibility of increased levels of turbulence attributable to 
inlet distortion, the degradation of flow in an axial turbomachine may lead to the onset 

of self-excited blade vibration (stall flutter) or self-excited fluid oscillation (stall 
propagation) at operating conditions where the phenomenon would not be observed in the 

absence of distortion. Typically the stall limit line on the compressor map is lowered 

by distortion, bringing it closer to the operating line and reducing the so-called stall 
margin. Thick annular boundary layers, or annular regions or outright separation, are 

particular inlet distortion characteristics that give rise to premature or particularly 
severe self-excitation. 1 

The effects of propagating stall may be treated from an aeromechanical point of view 
exactly as any other periodic gust. The frequency, however, is not an integer multiple 

of the rotational speed; the nonintegral speed is usually between 40 and 60 percent of 

the rotor speed and the number of stall patches in the annulus may vary between one and 
ten. Since the latter number may not be predicted analytically with ary certitude, the 
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interference diagram may not be constructed before experimental data on a particular 

machine have been obtained. An important point to note is that both rotor blades a 
stator vanes [36] must be analyzed for resonance, the major instance where 
this must be done. (The other case that comes to mind is the rotor stator wake interac 

tion that always occurs, but at exceedingly high excitation frequencies compared to ro 
tating stall.) Some progress toward predicting the fine grain details of stall patterns 
number^intensity, extent and frequency - has been made recently [37] but the only reli¬ 

able analysis must still rest on the procurement of experimental information. 

Stall flutter has been a major concern of jet engine designers and users for three 

decades. It has so far defied analysis and successful prediction of the phenomenon is 
confined to the presence or absence of flutter based upon empirical correlation. Osc 

latory strain amplitudes cannot be forecast. Since ¡tailing of the front stages is in¬ 
volved, the premature stall attributed to distortion will aggravate the manifestation of 

flutter. 

The correlation which has been and continues to be used is iliustrated in Fig. 3. 
Here, the experimentally determined (or at best empirically correlated flutter boundary 

and the blade row operating line are shown in coordinates of blade incidence or “o* 
angle and reduced relative velocity, W/(bu) each taken at some characteristic radius. 

The nondimensionaliration factor be is the product of blade or vane semichord and fre¬ 

quency of the vibration. The lower limit of the flutter boandary.t®"^o^°,He7 " 
neighborhood of reduced velocity equal to 1.0 to 1.3 for torsional motion and 
for bending motion. However, the lateral extent and exact shape tend to vary and be » 

function of the many geometrical and aerodynamic parameter defining the physical bla e 

row and its environment. Hence, the need for empiricism. 

Recently, some progress has been made in modeling th® unstea^ ®ef°^na,nThis0Inalv- 
airfoil with time-varying extent of separation on the suction surface [35J. This y 

sis now being extended to cascade flow holds promise of guiding the f5“®13" 
tion of governing parameters if the analytic results can be shown to display all the 

essential features of stall flutter behavior. 

An interesting manifestation of stall flutter may occur during compressor surge. 

The period during which the flow is reversed is two or three orders of greater 
than the period of natural blade vibrations. Consequently, sufficient time is available 

for the vibrations to build up to appreciable magnitude during ' 
Examining the velocity triangles in a compressor with reversed throughflow, see • « * 
it becomes quite clear that the combination of high incidence and sharp trailing (now 

leading) edge conspire to assure fully separated flow from the suction surface. An 
analytical theory is available for predicting the oscillatory lift and moment on the 
cascade airfoils^ 38] under these circumstances. The theory affords satisfactory pre- 

dictive capability for this rather special case. 

ROLE OF DAMPING 

Three forms of damping are usually discriminated: aerodynamic, material and struc¬ 

tural. 

The aerodynamic damping arises from the vibratory motion of a blade or vane in an 

airstream; the out-of-phase component of lift or moment will damp out a bending or tor¬ 

sional vibration if the reaction lags the motion. The theoretical formulation of aero¬ 
dynamic damping has exactly the same physical model as for the impressed loads due to 

gusts. In the former case the boundary condition requires annihilation of the upwash 
due to the blade vibratory velocity; in the latter the boundary condition requires anni 

hilation of the upwash due to the gust velocity. In this sense the results of aero- 

dynamically forced resonance calculations may be expected to be more accurate than the 
particular choice of aerodynamic assumptions might be; the same assumptions govern both 

the impressed lift (moment) and the damping lift (moment). This general concept is len 

additTonal8credulity by the well established fact that the aerodynamic damping is in most 

cases the predominant contribution to the total damping. 

A characteristic of aerodynamic damping that is not universally appreciated is its 

role in self-excited instability, or flutter. Since there is no forcing present it is 

the very fact of negative aerodynamic damping which explains the presence of vibration. 

As already noted material damping, the hysteretic dissipation of frictional energy 

„►„mm,nr, from rvclic straining of the blade material, is usually small compared to the 
aerodynamic component of damping. Some metals have higher damping factors than others; 

the chromium stainless steels have higher than usual damping, particularly at elevated 

temperatures. 

Appreciably higher values of material damping are available from composite materials. 

In oarticular graphite and toron whiskers and other high strength fibers are laid up in 
metal or plastic matrices of man; kinds (e.g., aluminum or epoxy) Blade and vane con¬ 

structions employing these new materials have been under sporadic development for at 

least two decades. While they have apparently been perfected in several instances, 
oarticularly with graphite fibers, their introduction into wide scale manufacturing has 

fnrthcomina Where these composites have been introduced it has been chiefly 
îhê SSè oè reducing fan or L.pre.eor »erght. However, due to the ubiquitous 

blade vibration environment, the high damping which these blades and vanes exhibit 
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essential to their practical appiication. A Q^^^f^e^roving^^the blade 

transference of high centrifugal andT^ "L a!so been consaderable concern over the 
attachments in the discs dement between f!ber and matrix during vibratory 

^r“iSingdelShoCld thirhIp^i in ^ice the endurance limit of these parts become un¬ 

acceptably low. 

Structural dauptn, 1. thcu,ht to 
vanes and their attachments. Microscopic h t fretting must also occur 
dissipation of energy, hence damping. the joint are critical as in the 
unless the joint is lubricated; hence ^le”^n,g cannot be permitted. If the inter¬ 

root attachment of a "n^l®V^ci°J°^ire or'a part-span shroud, some slight amount of 
face is not critical as in a lacing wire P of time. Other intentionally designed 

wear may be permitted to occ“r induced by vibration, but not in a critical load 
dampers, in which interfacial motion i ‘ ^ damping promoters. Damper design is 

efforts [30]. 

SHAFT AND DISC RESPONSE 

Periodic aerodynamic and inertia blade loading may Mv. eerlou. con.equence. with 
respectée the disc, and shafts to which these blades are attached. 

Plotter with either random or unifon, ph..ih| 

to exert oscillatory root d may always be expected to have an appreciable 
disc. inlet distortion, on the other hand may always be e jr a distortlon from a 

first engine order component. ^ distortion t! t P and horizontal diameters are 

bifurcated inlet that patches are neither equal in 

i«.rt“S“^;.n£urîr.£:i about tne annulus. Appreciable departure from such a 

periodic arrangement have been noted 40,. 

It follows from the previous consideration ^ 

shaft is concerned there will he in effe have axiai and tangential components 

t III with tîe frequent'of the fundamental component of blade excitation, 
and will pulsate with the rrequcncy f ,-,,1 ; rut-ion of the force will move 
in the case of forcing by opposite to the direction of 
relative to a point on the ü"1 ° d f the disc. ir. r, e coordinates fixed to the disc 
rotation and at the tangential spe ritation whose time and space dependence the net effect is a travelling wave of force excitation whos^tim^ ^ aPguiar 

is given by a slnusoldal.f this force is of no consequence to shaft or disc 
velocity. The tangential Resonance since the force exerts a 

response; the a^athe°sh^ft^withYthe same temporal dependence. These resonances, where 
bending moment on the shatt witn ene sai t frequency are the so-called 
the rotational speed .. coincides with aonearance is usually attributed to residu- 

critical speeds r°Ía^°a¿e ££e°¡írevíSus consideration shows that the degree of aero- 

dyn^icnexcïtatïon has also^sime effect on the expected response and may explain why 

some criticais are "rougher" than others. 

with rotating stall present and exhibiting angular coordinate 

^.r^t^r «zur, zizii Xa 
^^i^^ilÂln^rÂlií^íhat ari frequently 

observed. 

Massive rotating assemblies w^h ^yproscopic^forces.^coulomb^fri^^^^ which can 

fluids, compliant bearings», etc., ^ a^ hafford3 by operating in distorted, or non- 
certainly couple with the »P6««1 excitât conslder t^e £any possibilities in a short 

^ncê“.hÍ2Í«lhnÔ «".U e^nSl S^s.ffiílSe. tl frequencies of nonintegr.l engine 

orders and their harmonics. 

.. ,.= ;=s™“== ~ aBS-il-SSSsS-:? 
—- 

These disc modes, or bl.d.-.nd-di.c mçde. ^ 
ternating patterns of axial displacements frequencies. The dangerous modes are 
lines d circular nodal lines for hl9her,'dal circles, or at most 
evident./ [41J the so-called j¡^ters [42], By use of sophisticated comput- 
one nodal circle, and one or ™re ™daJ may be calculated under rotating 
ing programs thes° complex m°de® a"d d qline (or a "stall" order line) the energy 

Tnít^rch ifthr:u?hnCtheWrohtoarnb!agdesec0andebe assessed by the gust function analysis 
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described previously. Failure prediction could then be conducted by comparing with the 

results of rotating disc fatigue testing under controlled conditions of energy input. 
This degree of refinement has not been approached in design phases, probably due to the 
cost of obtaining parametric fatigue limit data of discs, including variations in disc 

geometry, material, etc. (A similar program involving just blade vibrations has been 
conducted by a number of manufacturers, using production or preproduction lots of blades 

held in bench type fixtures.) 

REMEDIAL ACTIONS 

Presupposing unacceptable aeromechanical response of some structural element from 
a stress or deflection point of view, steady or oscillatory, the corrective options that 

are open to consideration are i) removal of the stimulus or ii) redesign of the structure 

to withstand the excitation. 

Under the first category we may consider cleaning up the inlet to lessen or remove 
the distortion. The inlet designer and/or the engineer charged with airframe-engine 

integration may have some control over this factor, although there always exists the 
strong possibility that the distorted flow will reappear at some other system operating 
condition. In the case of oenodic forcing of the structure it may be that the distor¬ 

tion may be retained but its frequency content changed (converting a distortion pattern, 

for instance, with one axis of symmetry to one with two axes of symmetry with the objec¬ 

tive of reducing the energy content of any odd engine order excitation). 

Stall phenomena (which lead to forced excitation by rotating stall or to self-exci¬ 

tation by stall flutter) may be modified, or pushed cut of the operating range by changes 

in turbine nozzle throat area, variable guide vane schedules, etc. Casing treatments 
such as honeycombing or grooving have been found to be beneficial in delaying rotor tip 

stall, etc. The specification of means of avoiding or delaying stall will be the func¬ 
tion of the aerodynamics engineer. The aeromechanical engineer must be prepared to assess 

the change in structural response expected for any proposed change in the aerodynamic 

environment. 

The most common situation is one in which the stimulus cannot be changed and struc¬ 

tural changes must be contemplated to achieve acceptable life. It is clear that changing 
mass and stiffness distribution in the structure will change its eigenfunctions and 

eigenfrequencies. Thus a particular harmful resonance may be moved out of the operating 

range. Although theoretically this may be done by either reducing or increasing the 
structural natural frequency, the choice taken is almost always to increase the frequency; 

blade chords are increased with a consequent reduction in number of blades per row to 
maintain constant solidity. This kind of change can also be justified to avoid self- 
excited vibrations (stall flutter). See Fig. 3, for the effect on the operating line 

of increasing the natural frequency u. However, one might argue that for forced excita¬ 
tion where the tip amplitude of vibration is in some sense determined, the more limber 

lowor frequency cantilever blade might sustain the lower root bending stresses. 

This is not the only case of contradictory action being indicated depending on whether 

forced or self excitation is being guarded against. The case of mistuning blades in 
given row to lower the peak stress expected [43] will depend on the specific phenomenon. 

Mistuning is beneficial in the case of flutter; precise tuning is beneficial if pure 

forcing is expected with no chance of encountering flutter. Hence another tool open to 
the structural designer is not only to change the frequency level of the blades in a row, 
but to specify the distribution of frequencies of blades within a row by, say, selective 

assembly of blades manufactured to wide dimensional tolerances. 

Application of a lacing wire or part-span shroud (clapper) will raise the frequency 

of a blade because of the additional restraint thereby imposed. More importantly per¬ 
haps, it will change the vibration mode, typically converting an antinode into a node. 

This form of "node control” can be very effective in reducing drastically the energy in¬ 
put from the airstream into the blade. The integrand of the energy input integral con¬ 
sists of the product of the oscillating lift (moment) and vibratory velocity (angular 

velocity) both being functions of radius. The vibratory velocity distribution is strong¬ 
ly effected by the mode shape, being essentially u> times the nodal displacement. Thus 

control of input forcing energy - the integral from root to tip of the force x velocity 

product - is obtained by such modification of mode shape. In the case of self-excited 
vibration one may conceivably create a node at the radial location where stalling is ex¬ 

pected and thereby physically prevent stall flutter from occurring. 

Damping, of course, is an important means of reducing blade amplitudes. The phenom¬ 

enon implies the dissipation of energy and care must be taken that such dissipation does 
not also result in excessive wear of a critical part in the case of structural damping 

or the generation and propagation of microscopic cracks along the internal grain bounda¬ 

ries of metallic alloys. Changing material specifications to improve damping has been 
effective in marginal cases to improve fatigue life, as has shot-peening, heat treatments 

etc. Radical changes in damping may be obtained with composites as noted earlier. It 

seems that long development phases will be necessary due to problems mentioned previous¬ 
ly and the subleties of designing with nonorthotropic materials. The chief characteristic 

would seem to be the uprating of axial machines to withstand more severe vibration en¬ 
vironments by the change to composites; the fans and compressors must operate with metal¬ 

lic materi ils in service while the improvements are being sought in the development lab¬ 

oratories. 
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CONCLUSION 

Tn «short the possibilities for prediction and corrective action are quite numerous. 
The specifi^suqgestions discussed here have been illustrative in nature and not exhaus- 
livebvani means? The aeromechamcal design of axial turbomachines continues to be a 
demanding discipline with improving physical understanding leading to more and more ef¬ 
fective avoidance or control of harmful aeromechamcal response. 
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Fig.l Orientation of blastwave and airfoil. Fig.2 Velocity vector triangles and coordinate 
conventions for circunferentially perio¬ 
dic distortions. 

Fig.3 Stall Flutter Boundary 

Rotor Stator 

Flow 

<Cr=j 

Fig.4 Full separation as a consequence of 
reversed flow. 

ä 



5-1 

PREDICTION TECHNIQUES 

by 

H. Moke Ike 

Motoren- und Turbinen-Union München GmbH, München, Germony 

SUMMARY 

An outline is presented on mothemoticol modelling for prediction of the oerodynomic response of oircroft engine 
compressors to steody-stote and time-dependent pressure and temperature distortion. A detailed review is made of various 
models. In particuior their assumptions, their limitolions for practical applications and their scope for further development 
are discussed. Results predicted with the models (as far as possible compared with, experimental evidence) are selected 

from published works. 

SYMBOLS 

A 
a 
B 

9 
K 
K 
k 
L 
I 
c 

M 
Mo 

i 
P 
PRS 
P 

n 
P 

a 

P 
r 
SO 

CM 
T 

t 
s 

t 
t*= ÍI t/2 » 
U 

n 

V 
n 

X 
X 

a , ß 
y 

i 

’’is 

O 
©‘ 

GS 

0=cx/üb 

0 2 
f - ÛP/ p ub 

ÿ' = d'l' /ó<t> 

i 
n 
ID 

arta, constant 
tangent of mean swirl angle ö , Eq. (32) 
rate of change of body force with axiol velocity, constant 
axial, tangential, radial velocity 

axial gap between blade rows 
circumferential resistance facto1-. Section 3 
constant defined by Eq. (60 b) 
reduced frequency parameter, Eq. (13) 
length of compressor 
chord length 

moss flow 
Mach number 
circumferential harmonic number 
total pressure 
stall pressure ratio 
complex harmonic coefficient of total pressure 

atmospheric pressure 

static pressure 
radial coordinate, mean radius of annulus 
circumferentail distortion sensitivity 
state vector, defined by Eq. (38) 

total temperature 
static temperature 

time 
dimensionless time 
complex harmonic coefficient of axio! velocity 

rotor wheel speed 

complex harmonic coefficient of tangential velocity 

axial body force 
axiol coordinate 
flow angle relative to stator, rotor 
ratio of specific heats 
difference, change loss 
amplitude 
axial, tangential, radial vorticlties 
isentropic efficiency 

circumferential coordinate 
angle of spoiling 
ratio of inlet total temperature to standard ambient temperature 

density 
flow coefficient 

velocity potential 
pressure rise coefficient 

slope on ^ = f ( 0 ) at the flow coefficient 0 
stream function 
rotor wheel speed, rad/sec 
disturbance circular frequency 
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SubicripU 

1 
2 
M 
N 
min 
max 
c 
- 00 

n 

ov 

st 

t 
P 
T 

at inlet to compressor 

at outlet of compressor 
at constant corrected mass flow 

at constant corrected speed 

minimum 

maximum 
critical, corrected, chord 

far upstream 

harmonic number 

overall 

'.tage 

tip 
total pressure 

total temperature 

Superscripts 

flow quantities in spoiled section 

flow Quantities in unspoiled section 

circumferential average 

effective 
pertubation ( except tf-' ) 

blade passage average 

Location of planes in 4-stage sample compressor (Fig. 6 , 20, 22, 24) 
plane 1 1.9" upstream of compressor 

plane 2 behind IGV blade row 

plane 4, 6, 8, 10 behind 1st, 2nd, 3rd, 4th stage 
plane 11 2" downstream of plane 10 and l” upstream of OGV s 

1. INTRODUCTION 

Mathematical models have been developed to predict the response of axial compressors to distorted inlet flow. 

A survey of the various types of inlet distortions, configurations of compressors and compressor responses to inflow 

distortions is given below. 

A 

e 

av 

Types of inlet distortions 
(pressure, temperature, combined) 

/ 
steady 

^ \ , circumf. radial 

\ 
transient 

/ \ 
spatial spatial 
uniform non-uniform 

Types of compressors 

(low speed, high speed) 

/ \ 
low hub/tip high hub/tip 

ratio ratio 

/ \ / \ 
long short long short 

Compressor responses to inlet distortions 

a) Loss in performance 

b) Loss in stability (surge) 
c) Attentuotion of distortion 

d) Perturbed flow fields 

e) Unsteady blade forces 

No mathematical model exists which would predict all listed responses for every compressor and every dis¬ 

tortion. Instead, specialized models with different prediction capabilities ore available for specific types of inlet 

distortions and configurations of compressors. These models will be reviewed in the main body of the paper. 

2. PARALLEL COMPRESSOR MODEL 

2.1 DESCRIPTION Or'THE MODEL 

The compressor-in-parallei model is used to predict the effects of steady circumferential total pressure and/or total 

temperature distortions on the performance and stability of compressors. The model divides the distorted compressor into 

sections, which are treated as hypothetical compressors working in parallel. The following assumptions are mode: 

(a) All parallel compressors discharge to the same exit static pressure 

(b) There is no connection between the parallel compressors 

(c) All parallel compressors operate on the undistorted characteristic. ... . . . 
It should be noted that the model is only suitable for circumferential inlet distortions, because radial distortions induce 

o great amount of radial flow redistribution which is in contradiction to the second assumption. 

For the case where the circumferential inlet distortion can be described in the form of a square wave, the compressor 
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'* d,V,‘í*<í !nî° ,Wt0^*C,0r’ 05 s*'own ,n F,9- 1 • A* on ¡"RU» for the onolysij, the total preisure» and total temperatures 
across rt • ml.tof the two sectors and the angle of spoiling, G\ are required (Fig. 2). In addition, the performance map 
of the ur,distorted compressor ,n the form of "total pressure ratio" jnd "isentropic efficiency" as functions of "corrected 
mass flow for different corrected speeds are needed (Fig. 3). With the definition of the isentropic efficiency (ratio of 
isentropic to real total enthalpy rise across the compressor), the total temperature at the exit of sector A can be derived 
OS 

1 

VT. 
i + 

(p2/p i -1 

d) 

Further, the following well-known gas dynamic relationship is employed together with ¡he assumption of axial discharge 

= f (~ 
M V? 

2 r2 *2 

Combining Eq. (1) and (2) yields, after rearranging: 

(2) 

'rlf' 
i 

m>/T 
w 

y- 1 
> 

f.. 

(W A2 
(3) 

A corresponding expression is found for the parallel compressor representing sector B 

9 
t. 

I 

M 

7- 1 
A ^ 
(p2/p, ) -1 

9 
i (■?/, ) A, 

(4) 

The operating points of the two parallel compressors on the undistorted performance map have to be determined so that 
P2 p2> In the case of different total temperatures at the inlet of sectors A and B, care has to be taken that the appro- 

(FÍ9' •3) 0nCe ^ ünÍf0Cm **!t S,0,iC Pressure ¡s unknown pressures and temperatures 
In i .r T U* 7 SeC,,OOS rT 0lS° h“ de,ermlned- The rafe °f oftenuation of the disturbance is thus established 
n addition, the overall performance of the distorted compressor can be obtained by suitably averaging the inlet and out¬ 
let pressures and temperatures of the parallel compressors. Parallel compressor operation in the h-^diagram is shown ta 

The above described method of calculation is considerably simplified if a performance map i, available in which the 
ratio of ou. et static pressure to inlet total pressée is plotted against corrected m«s flow. The method is olso simpler in 
the case of low-speed :ompressors, where the flow con be considered as incompressible. 

2.2 PREDICTION OF DISTORTION ATTENUATION AND LOSS IN PERFORMANCE 

The parallel compressor model has been used in Ref. (1) to predict the attenuation of a 120°-square wave total pres- 

StheMs eorocedrt'°n ^ •‘TfT' ^°1 fl°W • <A description of the experimental apparatus and 
of oleraM totalst Can -° rr Perf0rmQnCe ^oroct^istic of the oppressor is presentad in the form 
of overall total pressure rise coefficient, ¿P/ pu^, plotted versus flow coefficient, (Fig. 5). A least square 

approximation of the measured chorocteristic by a polynomial of second order simplifies tae application of the parallel 

TZilZ "tac e fi PU' '0, - ySir' 7differenCe ¡n hi9h and low ,0,al Pre“ure compressor inlet, tne angle 
are*required* C*/üb °f ,h' d,S,°rted comPres^ “"d coefficients of the leas, square polynomial 

Results of the computation are shown in Fig. 5. The flow coefficients c /u. and /u of the two parallel com- 

Otant0rf r/Prei6Th r * ;Sf°ur,edrd SeCti0nS' are f0und ,0 fheX le^ °"d ^9htb of the mean flow coeffi- 
I . • The f’9Ure ,he exPerimen,al|y and theoretically obtained total pressure rise indicating the 
loss in performance compared with the undistorted compressor. 9 

The circumferential distributions in total and static pressure are presented in Figs. 6a, b. The analytical profiles 
describing the flow within the compressor are calculated by assuming equal performance for all stages Experimental 
results are also introduced into the figures. As shown, the magnitude of the distortions is well predicted Differences in 

derZZ" I bu,ed "7Íy 1° cross flow, which has the effect of decreasing the relative rotor inci¬ 
dence angle on one side of the distortion and increasing i, on the other, thus causing an asymmetry in the profiles. 

Roberts, Plourde and Smokula (3) measured the attenuation ofa 180°-squore wove total pressure inlet distortion in a 

iow-speed axial compressor which was operated in a single-stage, two-stage and three-stage configuration The 7llo 

ObtataÎdT Parall¿ C0,T'presior m7el and compared the experimental and analytical results. As shLn in Fig. 7 they 
obtained a reasonable agreement between experiment and theory. 9 y 

In o Urth- .xp.ri'Wi,, 8*«,1,. Plonrd. end Sn»k„lo rnddund tk. p.rlcm^c. chora,,,.. ol a 
conligurofion .d 8,,, o ndld nnd ,o o ,.,„1 p,«».,. d,„.„|„ .„d cobrad ,h, „T* 
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predictions obtained with the parallel compressor model. As shown in Fig. 8, they found a good agreement between ex¬ 
periment and theory tor the mild distortion. The agreement is poor for the severe distortion near the peak pressure coeffi¬ 
cient. As pointed out by Roberts et al, the assumption of parallel compressor operation on undistorted characteristic is 
invalid under these operating conditions. (As shown in Ref. (4) and 5), compressor operation with high mean rotor blade 
loading produces significarpt dynamic stall at circumferential location: where the rotor blades leave the distortion.) 

2.3 MODEL PREDICTIONS OF COMPRESSOR STALL 

The main merit of the parallel compressor model is its capability of predicting the loss in stall pressure ratio of com¬ 
pressors with pressure and/or temperature inlet maldistribution. 

Two definitions for the loss in stall pressure ratio are in use, depending on whether it is ovaluafed at constant correc¬ 
ted mass flow or constant corrected speed. Using the same notation as in Ref. (6), the two definitions are (Fig. 9): 

( dPRS! 
M 

PRSl - PR5 
b e 
PRS, 

(5) 

( APRS) 
N 

PRS - PRS 
c e 

PRS 
(6) 

where PRS 
e 

PRS, 
b 

PRS 

stall pressure ratio of the distorted compressor 

stall pressure ratio of the undistorted compressor at the same corrected mass flow 

stall pressure ratio of the undistoried compressor at the some corrected rotor speed 

( APRS) 
'M 

and ( A PRS) ^ decreases as the From an inspection of Fig. 9, it is apparent that the difference between 
speed line steepens. 

To predict the loss in stall pressure ratio.it is assumed in the parallel compressor model that the inlet distorted com¬ 
pressor stalls, if one of the parallel compressors operates on the clean stall line. On this assumption, a simple relation¬ 
ship between the loss in stall pressure ratio ( APRS). , and the distortion parameter (P - P . )/ P, Fig. 10, can be 

N mm 
established in the case of an inlet tota1 pressure distortion. For its derivation, the additional assumption is made that the 
total pressure at the exit cf the distorted compressor is constant. (This assumption is somewhat contradictory to the 
more correct assumption of constant exit static pressure.) With these assumptions it follows from Eq. ¢6): 

APIS) 
N 

P . 
mm 

= 1 - (7) 

In Ref. (7), Reid investigated the effect of increasing the circumfe ential extent of total pressure inlet distorhons on 
the stability of a six-stage axial flow compressor. His experiments showed that the surge delivery static pressure fell rapid¬ 
ly as the angle of spoiling was increased from 0 to 90 and then levelled out at a constant value from 90 to 360 . Reid 
concluded from his results that a critical angle of spoiling exists, which had a value between 60 and 90 in the case of 
the compressor he investigated. 

A similar experiment was performed by Calogeras, Mehalic and Burstadt (8) with an eight-stage axial flow compres¬ 
sor. The compressor stoU pressure ratio, defined as PRS := ! * ( APRS)^, teJJ rapidly as the angle of spoiling was 
increased from 0 to 60 and then stabilized at a nearly constant value between 90 and 180 . Defining the critical 
angle of spoiling as the minimum distortion angle to which the compressor responds quasi-steadily, Calogeras et al con¬ 
cluded tha* 60 was the critical angle for the compressor investigated. 

For the case of 100 % corrected rotor speed and 8 1/2 mesh/inch spoiler gauze densitiy, the experimental points ob¬ 
tained by Calogeras et al have i'een replotted in Fig. 11 in the form ( APRS)^ = f ( 0*). The solid curve through these 
points rises first to a maximum and then falls to zero at ©' 360 . The assumption of zero loss in stall pressure ratio at 
0' = 360 is based on the fact that a spoiler screen of 360 extent acts as an upstream throttling device which should 
not affect the compressor stall limit. An inspection of this curve shows that the critical angle of spoiling might also be 
defined as that distortion angle which causes the maximum loss in stall pressure ratio at a constant P . /P 

min max 
Returning now to the model prediction of the loss in stall pressure ratio, Eq. (7), introduction of the area-averaged 

total pressure at compressor inlet 

P = - O’) P + ©‘ 
max 

into Eq. (7) yields 

APRS)N = 1 
1 - 

p . /p 
min max 
w 

(8) 

(9) 
(1 - P . /P ) 

mm' max 

With a constant ratio of P . /P = 0.86 for the ccse of 100% corrected speed and a screen density of 8 1/2 
mesh from Fig. 19a of Ref. (8),"We tlieoietical loss in stoll p.essure ratio ( APRS)^, has been computed from Eq. (9) 
as a function of the circumferential extent of spoiling, 0*. Results are introducea in Fig. 11 as the dashea-dotted curve. 
Since the 100 % corrected rotor speed line of the eight-stage compressor is almost vertical, the experimeulal loss in s'all 
pressure ratio evaluated at constant corrected moss flow is comparable with the theoretical loss determined at constant 



5-5 

corrected spt-ed. 

Fig. 11 »hows that as the angle of spoiling decreases, from a certain critical value onwards the discrepancy between 

theory and experiment grows rapidly. This discrepancy con be explained by an unsteady response of the compressor to the 

disturbed flow, controdicting the assumption of quasi-steady parallel compressor operation on the undistorted characteri¬ 

stic. In order to overcome this difficulty, Reid suggested combining the concepts of "parallel compressor model" ond 

"critical angle of spoiling". Consider, for example, an inlet total pressure distortion of a circumferential extent smaller 

than the critical a.igle, CT, as shown in Fig. 10. An effective distortion may now be defined having o width equal tc 
the critical ongle and r. minimum effective total pressure defined by the following equation: 

or 
c 

(P_ 
max 

(10) rearranged yields 

- P . ) = G" (P 
mm P . ) min 00) 

mm 

max 

= 1 
©' 

(1 - (11) 

For o distortion of a width smaller than the critical angle, ©~ < the ratio 

by the effective total pressure ratio, P*. /P 
min max Introduction of Eq. (11) into (9) yields 

P. /P in Eq. (9) is replaced 
min max r 

APRS) 
N 

1 - 
c 

) 

for ©” < 

1 - 
min 

max 
) 

©- 
c 

Fig 

-5— 

(Q~r 

2 r 0- 
C 

R, fj?: (!2) COnítan, Volue of pmin/pmax = °-86anda eritical °"9l" of ©; = 90° ore presented 
11 i dashed line) ond show a considerable improvement in the prediction of the lo$'. in stall pressure ratio 

(12) 

The critical angle of spoiling (which is requi ed for the prediction)!» unfortunately not d universal constant but 

changes with the design of the compressor. The design paromMer, which significantly influences the critical distortion 

angle, may be deduced from experiments by Roberts, Plourde ond Smahula. In one of their tests, they determined the 

effect of varying rotor and stator blade chord length on the loss in peak pressure rise coefficient for o three-stage com¬ 

pressor with a 180 total pressure inlet distortion. They also utiliied the parallel conpressor model to predict the loss in 

peak pressure rise coefficient. The ratio of experimental to theoretical loss coefficient is replotted in Fig. 12 against 

-Z- ^hord 'eng**1- The figure shows that o good agreement between experiment and theory is obtained for rotor blades 
with short chord length. However, as the chord length increases, o growing discrepcncy con be observed. The reason for 

this behaviour is the capability of the flow around blades with a short chord to adjust to changes in flow environment 

more rapidly than around blades with a long chord. For short chord blades the assumption of quasi-sfeody parallel com¬ 

pressor operation is therefore more justified ond the theorv yields better results As a conclusion, the critical distortion 

angle should be small for compressors with short rotor blade chords and large for compressors with long rotor blade chords. 

Instead of attempting tc predict the crifical distortion angle, Korn (9) corrected the deference between experimen¬ 

to! loss m stall pressure ratio and that predicted with the parallel compressor model with the reduced frequency parameter 

k For the prediction, the usual assumption is made that stall occurs when one of the paroMc1 compressors operates on the 
clean compressor stall line. The reduced frequency parameter is defined as 

k = 
u) I /2 

c 
(13) 

where 

period 
u lc is the chord length of the rotor blade, u the rotor speed and 

of the disturbance as assumed by Korn is the time required for a rotor blade to travel through the distortion 
the disturbance circular frequency. The 

t = 
Q~ 

n 
where ©' is the circumferential extent of the distortion and IÎ the angular velocity of the rotor 

2, 

end 

into Eq. (13) yields 

k = 

fi r 

I 
c 

(14) 

Introduction of 

(15) 

(16) 

(17) 

t may be noted that the reduced frequency porometer k contains the two parameteis "circumferential distortion 

extent and rotor chord length" which have been identified above (Fig. 11, 12) as major influences on the loss in 

stall pressure ratio of a compressor. The difference in test data and model prediction (also referred to in Ref (9) as cir¬ 

cumferential distortion sensitivity , S © ) is determined by Korn for several single-stage compressor, and plotted against 

the reduced frequency parameter (Fig. 13). The data correlate well and show the some tendency as prediction, by Melick 

The paral le! compressor model was used in conjunction with the established correlation S© = f (k) by Kom to pre¬ 

dict the degradation in compressor stall and performance of a single-stage compressor with a 90° circumferential distortion 
A good agreement between experiment and theory was obtained (Fig. 14). 

The effect of 180° total temperature, total pressure ond combined pressure and temperature inlet distortions on the 

loss in stall pressure ratio of on eight-stage compressor has been determined by Braithwaite, Gräber ond Mehalic in Ref. 6. 



5-(> 

The distortion configurations employed are shown schematically on the left of Fig. 15. Braithwaite et al also used the 

parallel compressor model to predict the loss in stall pressure ratio. In order to simplify ti e calculations, they made the 

assumption of constant total pressure instead of constant static pressure at the exit of the compressor. The distorted com¬ 

pressor was again considered to stall when any of the parallel compressors operated on the cl-'on compressor stall line. 

The case of a pure total pressure inlet Distortion is presented schematically in Fig. 15a. Thi two parallel compressors 

operate on the same speed line. The stall point of the distorted compressor is located on a straight line connecting the 

operating points of the two parallel compressors. 

Fig. 15 b shows the case of a pure total temperature inlet distortion. The two parallel compressors operate on dif¬ 

ferent corrected speed lines. Operating points of the parallel compressors and the predicted stall point are located on a 

horizontal line, since the total pressure is constant at the inlet and exit of the temperature distorted compressor. 

A 180° overlap of total pressure and total temperature distortion is shown in Fig. 15 c. The section with a low inlet 

total pressure and a high inlet total temperature, represented by parallel compressor 2, will cause stall of the distorted 

compressor. 

The cose of o 90° overlap is presented in Fig. 15 d. Four parallel compressors operate on the undistorted performance 

map. Stall of the distorted compressor will be initiated in section I, for which *he inlet total prest.re is low and the in¬ 

let total temperature high. 

Fig. 15 e shows the case of 0° overlap in pressure and temperature. Here, both sections may be responsible for stall 

of the distorted compressor, depending on whether the temperature or the pressure inlet disortion is more severe. Two 

separate solutions were therefore presented by Braithwaite et al to decide which of the two sections is the critical one. 

A comparison between measured and predicted loss in stall pressure ratio for the various cases is presented in Fig. 16 

and shows a reasonable agreement between experiment and theory. 

With the aid of the parallel compressor model, Braithwaite et al further established a simpl'. mathematical relation¬ 

ship between the loss in stall pressure ratio ( APRS)^ and the pressure and temperature distortion parameters AP/P 

and 5T/T. (The parameters are defined as AP/P = (P - P . )/F and AT/T = (T -T . )/T.) Three 
f « i « » « mox it* * n max mi a 

cases at pressure and temperature overlap are considered: 

(1) Stall is initiated by the sector with low pressure and low temperature (Fig. 15 e) 

(2) Stall is initiated by the sector with high pressure and high temperature (Fig. 15 e) 

(3) Stall is initiated by the sector with low pressure and high temperature (Fig. 15 c) 

Assuming that the stall pressur. ratio can be expressed as a linear function of the correct^ speed, PRS = 

= A ( N/V© ) + B, A, B = .onston i, and that AT/T and AP/P are small, the loss in stall pressure ratio for the 

three cases has been derived in Ref. 6 at q- q- 

(1) ( APRS y y- ( y“ )/(1 +-^-) O«) 

(2) ( APRS)n= - 
4P ©; 

] + T 
4T 
T 

A (N/v/©s) 

©; 
1 - )/(1 + 

A (N/v/õs ) 

(19) 

(3) APRS ) 
4P 

N 
( 1 - 

0P 

> +T 
4T ©; 

d - )/( i + 
B 

) (20) 

A (N/V'O ) 

Results of these equations for a corrected speed of 97 % and 180° distortion showing the loss in stall pressure ratio os 

a function of aT/T with 4P/P as parameter are presented in Fig. 17. The figure shows the importance of the relative 

position of pressure and temperature distortion. The highest loss in stall pressure ratio is caused by a 18C overlap, Fig. 15c, 

Eq. (20). For a distortion with 0 overlap, Fig. 15 e, either of the two sections may cause stall, the highest of the two 

losses predicted by Eqs. (18) and (19) being the valid one. It may also be noted from Fig. 17 that for some combinations 

of AP/P and AT/T, no loss in stall pressure ratio occurs. 

3. TWO-DIMENSIONAL LINEAR BODY-FORCE MODEL 

It is not immediately apparent from the parallel compressor analysis what steps in compressor design should be taken 

to achieve a rapid attenuation of steady circumferential inlet distortions through the compressor. It is also of interest to 

determine the impact of the parallel compressor assumption of zero circumferential crossflow and to obtain an idea of the 

flow redistribution upstream of the distorted compressor. 

Answers to the above questions can be obtained from an analysis presented by Plourde and Stenning in Ref. (12). The 

theory is restricted to compressors of high hii>/tip ratio, so that the flow field con be regarded as two-dimensional. Further, 

the assumption is made that the flow is inviscid and incompressible. The compressor is assumed to consist of a large number 

of small stages, and the effect of these stages on he increase in pressure is simulated by an appropriate distribution of 

axial body forces, X. 

Circumferential redistribution of the perturbed flow within the compressor can only occur in the gaps between the 

blade rows. Compared with a blade-free flow field, resistance io crossflow is therefore encountered within the compressor, 

and this is token into account in the analysis by means of a resistance factor, K. 

The perturbed flow is assumed to consist of a mean flow with superimposed perturbations 

c = c + C (0/ ) 
XX X ’ 

C0= f© + C© (0' X) 

(21 a) 

(21 b) 
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p = p + p' (©, x) 

X = X + X‘ (G, x) 

(21 c) 

(21 d) 

The significant assumption is made that the axial and tangential velocity perturbations are small compared with the 
mean axial velocity, i.e.( c' « c and cL« c . Substitution of Eqs. (21) into the two-dimensionol equations of 
momentum and continuity yieläs (afierXnegle.:ting term? of second order) a set of linear partial differential equations. 
Assuming also the mean flow tobe purely axial, i.e. Eq = 0, these equations simplify to 

dc’ 
K r p c - —- 

x dx ■- -H- 

P c 
àcx + X 

àc' 
= 0 

(22 a) 

(22 b) 

(22 c) 

It is shown in Ref. (12) that (assuming the local total pressure rise across a portion of the compressor to be a function 
of c and x) the change of X" with c' is proportional to the slope of the undistorted pressure rise charachteristic. 

Therefore, , 
i v' oc„ 

where 

dx' 

de 

B = - 

àx’ 

x 

d A p 
d c 

àc' x 
"d©* 

dc; 
~w 

(23) 

(24) 

d Ap/d c = slope of undistorted characteristic, p f (cx) . 

Introduction of Eq. (23) into (22 b) yields 

■ d c 
+ B 

àC* z2 ■ d P 
àxdÔ x d x ?»© 

A solution of Eqs. (22a), (25), and (22 c) may be attempted in the form 

(25) 

in 0 

P = Wn(x) e 
n = 1 

I 

«• ■ £ 

in 0 
S. (x) e 

n = 1 

‘b * E, ’n M * 
n = 1 

in © 

(26 a) 

(26 b) 

(26 c) 

Introduction of these expressions into Eqs. (22a), (25) and (22 c) yields a system of three simultaneous, ordinary dif¬ 
ferential equations in W (x), S (x) and T (x), which is readily solved. The solutions for W (x), S (x) and T (x), 

-i n n n n 11 M 
contain three unknown constants. Six further unknown constants are included in the solutions of the upstream and dow- 
stream flow fields ( for which K = 1 and B = 0). Consequently, there are altogether nine unknown constants which have to 

be determined from the boundary conditions. 
These boundary conditions are listed below: 
1. Specified axial velocity far upstream of the compressor 
2. Zero static pressure perturbation far upstream of the compressor 
3. Matched axial velocity at compressor inlet 
4. Matched static pressure at compressor inlet 
5. Reduction of the circumferential velocity at compressor inlet due to resistance to crossflow wi*!iin the compressor 
6. Matched axial velocity at compressor exit 
7. Zero tangential velocity at x = L just inside tht<compressor 
8. Zero tangential velocity just downstream of the compressor 
9. Zero static pressure perturbation far downstream of the compressor 

The total pressure perturbations may be found from the relationship 

P = p + y P (cx2 + Cq2 ) (27) 

which yields, for small dusturbances and axial mean flow, Cq = 0, 

P = p1 + pc c (2®) 
XX 

Numerical exemples have been presented by Plourde and Stenning showing the attenuation rates of first order sinusoi¬ 
dal inlet distortions in a compressor with L/r = 1 .615. In Fig. 18 a, the decay rates of total pressure disturbances are 
plotted against axial location. The figure shows that for o constant cro5*f!ow factor, K = 3.88, the attenuation grows with 

increasing values of Br/( PCX)- Since 
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Br 

pc 

1 

L/r 
JL (29) 

Iwhere 4' ¡I the slope of the undistortedpressure rise characteristic t = f ( 4> ) at a mean flow coefficient ¡J ) it con 

be deduced that a steep slope and a low mean flow coefficient are beneficial for the attenuation of a total pressure inlet 

distortion. 

The decay of the axial velocity perturbations for a constant K = 3.88 and variable values of Br/( pc ) is shown 

in Fig. 18 b. The figure demonstrates the marked redistribution of the flow upsl'eam of the compressor. 

Fig. 19 shows the effect of varying the circumferential crossflow factor (between unity for very large gaps and infi¬ 

nity for very small gaps) on total pressure, static pressure, and axial velocity of a constant Br/ ( Pc ). Experimental 

results obtained by Plourde and Stenning are also introduced into Fig. 19 a. As shown, the prediction assuming a high 

resistance to circumferential crossflow is closest to the experiments. 

A similar result has been obtained in Ref. (1) in which the body-force analysis is used to predict the attenuation of 

a 120 square wave distortion in a four-stage compressor with L/r = 2.318, Fig. 20. (The experimental results are the 

some as those presented in Fig. 6). The square wave approximation (dashed line in Fig. 20 a) of the meosurec circumferen¬ 

tial total pressure distribution 1.9" upstream of the compressor (plane 1) serves ( in the form of a Fourier series with 30 

harmonic components) as an input for the analysis. The_slope of the undistorted pressure rse characteristic at a flow of 

0 = 1.251 is found from the polynomial in Fig. 5 os Ÿ = - 2.56. The predicted total and static pressure perturbations 

shown in Fig. 20 are superimposed upon the mean experimental pressures obtained by circumferentially averaging the 

appropriate curves. The closest prediction is obtained for a high value of K, indicating again that l.ttle circumferential 
crossflow occurs within a compressor. 

Discrepancies between experiment and theory, which are particularly evident for the static pressure (Fig. 20 b), con 

be mainly attributed to the effect of the (small) circumferential crossflow on the pressure increase across the stoges, which 
is neglected by the model. 

4. TWO-DIMENSIONAL LINEAR ACTUATOR DISC MODEL 

4.1 REVIEW OF THE BASIC MODEL 

Compressor stall at high rotor speeds is generally initiated in the later stoges of a multi-stage machine. To deal with 

a steady circumferential total pressure inlet distortion,it is therefore of importance to design the front stages for rapid 

distortion attenuation. The body-force analysis is not very suitable to provide guidelines for such a design, since ( in the 

form presented) it assumes all stages to have an equal performance. Better guidelines may be obtained from a model 

(Ref. (13), (14), (I5))which replaces the blade rows of the compressor individually by actuator discs. 

In this section the model will be described for compressors with a high hub/tip ratio. As has been noted before, this 

allows the flow field to be regarded as two-dimensional. It is furthc assumed that the flow outside the discs is inviscid 

and incompressible. The axial spacing of the discs corresponds to the gaps between the blade rows since (as mentioned 

above), circumferential flow redistribution can only occur in these gaps. As for the case of the body-force analysis, the 

perturbed flow is regarded as consisting of c mean flow with superimposed perturbations and the velocity perturbations are 

assumed small compared with the mean axial velocity. The equations of motion may therefore be linearized. Results are 

listed below together with the equation of continuity. 

¿c’ 
P c 

© 
0 

P c 

*© 

âc' 

© -HW 
dc 

+ r p c 

+ r p c 

cix 

ÒC 
X 

rt X 

dp 
5 © 

dp' 

© 
“â<5- 

dC 
X 

dx 
= 0 

(30 a) 

(30 b) 

(30 c) 

A comparison between Eqs. (22) and (30) reveals the differences between the body-force model and the actuator disc 

model: 

1. There is no resistance to circumferential crossflow between the actuator discs, therefore K = 1 

2. No body forces are acting on the flow between the discs, therefore X = 0 

3. The mean flow between the discs may swirl, i.e. Cq ♦ 0. 

In the flow fields upstream und downstream of the compressor (for which in general Cq = 0), Eqs. (22) and (30) 

reduce to the same expressions. 

If is convenient to replace the static pressure perturbations in Eqs. (30a, b) by total pressure perturbations. From 

Eq. (27) for small perturbations: 

p' = P'- P c c' - p c a c' (31) 
X X X X 

where 

o = tons = Cç, /cx (32) 

Eq. (31) introduced into Eqs. (30 a, b) yields, after normalizing x by r, 

dc' 

o P c ( 
x d©" 

dc’ 
— i x 

p cx (-d5- ' 

d* 

dx 

J _ 

dp' 

d5- 

d p 

dx 
(33 a) 

(33 b) 
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Nomtaliziny x by r in the equation of continuity 

àc' dc' 
_® + =0 

?»© 

A solution of Eqs. (33) may be attempted in the form 

I 

P = ^x E, Rn W e 
n = 1 

in 0 

(33 c) 

(34 a) 

C. * ¿-I, Sn W * 
n = 1 

in © 
(34 b) 

I 

4 w 
in © 

(34 c) 
n = 1 

Introduction of Eqs. (34) into Eqs. (33) yields o system of three simultaneous, ordinary differential equations which 
is readily solved. 
The results are 

I 

P = P % £ ( ( > + o2) A; 
- inax . in © 

e ) e 
n = 1 

E.. nx . - nx . - in ox . in © 
(A,e +A,e +A,e )e 

x 1 n = 1 

(35 a) 

(35 b) 

in © 

L© n = I 
( Aj i e + A2 i e 4 Ve ) (35 c) 

With different values for the complex coûtants A^, A^, A^, Eqs. (35) apply to each gap between the disc . They 
also apply to the flow fields upstream and downrtream of trie compressor, for which, as noted before, the mean fl.sw will 
generally be axial, a = 0. 

The as yet unknown complex constants have to be determined from the boundary condi tiors. There are three boundary 
conditions for each blade row to be satisfied. They have to be derived from 

(1) continuity of axial velocity 
(2) specified flu;d outlet angle 
(3) specified total pressure change 

Results for either rotor or stator blade row may be written in the form 
(36 a) (c ), = ( c* ) . 

x Ex x In 
(cU.), = « (c' ) + r ( c' ) 

0 Ex x In © In 
(P' ), = (P' ), + P c 7 ( c’ ) + p c « Ex In x x In x In 

(36 b) 

(36 c) 

where <r , r , > and < are functions of the mean inlet and outlet angles, the mean flow coefficient and cascade 
loss and deviation data. The indices In ond Ex refer to the inlet and exit of the blade row, respectively. 

As an example, consider a compressor with 10 blade rows. Ref. (5). There are 27 constants for the 9 gaps and 3 con¬ 
stants for each of the upstream and downstream flow fields. The requirement of finite velocity perturbations for upstream 
and downstream of the compressor eliminates two of the constants. One constant will be determined from the specification 
of the inlet distortion, i.e., the circumferential total pressure variation upstream of the compressor. The remaining 30 
complex constants can be determined by matching the flow fields at the 10 discs. Introduction of Eqs. (35) into Eqs. (36) 
yields a system of 30 linear equations in 30 unknowns which may be solved by o standard computational procedure. A 
separate solution of the system is required for each harmonic number n. One- the c.onslonts are determined, the velocity 
and pressure perturf ations of all axial locations con be found from Eqs. (35). 

4.2 DUNHAM S METHOD OF SOLUTION 

The number of linear equations lobe solved increases in proportion to the n'rmber of compressor stages. Since most 
of the elements of the coefficient matrices are zero, the above mathematical procedure is not very efficient. A more 
efficient technique to determine the perturbed flow field has been presented by Dunham in Refs. (16),(17). This technique 
will be outlined below. 

The pressure and velocity perturbations at any x may be expressed by 

»’= j V p 
x L—*, n 

n = I 

=• =¿ U x t—J, n 

in 0 

in © 

(37 a) 

(37 b) 



in 0 

0 ■i, v* 
(37 c) 

where P , U^, V ore complex harmonic coefficient;. With Eqs. (37) the n-th harmonic component of the peiturbed 
flow mayoe dercrißed at any x by a state vector in form of a column rnatrix 

M p 
n 

U 
n 

V 
^ n 

(38) 

The relationship between the state vector at exit of a blade row and that at inlet to the blade row is -,+1..0 found by 
introduction of Eqs. (37) into Eqs. (36). Dropping the index n gives: 

Ex 

LVEx. 

In 
(39) 

Matrices for rotor, stator, IGV and OGV rows may be found in Table 1 of Ref. (5). They will be referred to as [R] , 
[S] , [iGV] , [OGV] matrices respectively. 

The relationship between the componenls of the state vector at inlet to a gap ( or at inlet to the upstream or down¬ 

stream flow field) and the complex constants Aj, and A3 !s found bo™ Eqs. (37) and Eqs. (35) with x = 0: 

In 
1 + a ) A 

U, = A. +A- + A- 
ln 12 3 

In 
i A, + i A2 + a A3 

Resolving Eqs. (40) with respect to Aj, A^, A^ yields 

A' = ' T ( P|n ( ' ' ¡ 0) / ( 1 + °2) ' Ul 1 

A2 = * T ^ P|n ( 1 + ' 0 ) / ( 1 + a2 ) 

a3. p|n /(:+.2) 

+ i V. 
n In 

U, - i V. ) 
In In 

(40 a) 

(40 b) 

(40 c) 

(41 a) 

(41 b) 

(41c) 

The relationship between the components of the state vector ot exit of a gap of length g and the complex constants 
Aj, A2 and A^ is found from Eqs. (37) ond Eqs. ( 35 ): 

(42 a) 

(42 b) 

(42 c) 

Introduction of Eqs. (41) into Eqs. (42) yields the relationship between the sta e vector at exit of a gap (index Ex) to 
the state vector at inlet to that gap (index In). The relationship may be written in ihe form 

PEx = (1+a )A3 e 

UE, - ' nä • 

- i nog 

+ A, - ’"S +v 
''e* = Aj i e A^ i e n9 + A3 o e 

i nog 

- inag 

Ex 

JEx 

^Ex. 

11 

G2. 

LG31 

12 

'22 

'32 

13 

’23 

'33 J 

In 

J|n 

V 
(43) 

where j» " ’ ' are ®(®,ren^5 °E the gap transfer matrix [ G ] . The gap matrix for a gap with a length g 
in which the mean' flow swirls with an angle 5 is presented in Table 1 of Ref. (5). 

As an example, consider a four-stage compressor. The state vector at the exit of a stage consisting of gap, rotor, gap, 
stator can be related to the state vector ot ir'et to that stage by 

^Jex =[St][ Sv ] |n (44) 

where 

[ St ] = [S ] [ Gsj[ R ][ Gr] (45) 

The four stages may be preceded byinlet guide vanes and followed after some gap by outlet guide vanes. The state 

vector at the exit of the compressor is then related to the state vector at the inlet to the compressor by 

[ Sv 3 Ex = [ T J t Sv J In <46 ) 
where 

[T ] = [ OGV ] [ Gß] [ St4 ] [ St3] [ St2] [ Stj ] [ IGV] (47) 

Eq. (47) allows the compressor transfer matrix to be calculated. Eq. (46) is equivalent to the following set of equations: 

(48 a) PEx = f,l P,n+ ^2 U,n + ,13V|n 

UEx - *21 Pln+,22 Uln + *23 V!n 

Ex 31 P|n + *32 U|n+ *33 V|n 

(48 b) 

(48 c) 
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where » , ... are the complex elemenli of the motrix CT ] . Aj mentioned above, the requiremr-nt exists that the 
velocity perturbations remain finite even if the upstream flow field extends to minus infinity. Combining Eq. (41 b) with 

Eq. (35 b) ( together with the assumption of axial mean flow, a = 0) yields the following condition for thehormonic co¬ 

efficients at inlet of the compressor: 

P. - U. - iV. =0 
In In In 

(49) 

Correspondingly, for the downsti jam flow field, Eq. (41a) combined with Eq. (35 b) yields the condition for the 

harmonic coefficients at exit of the comp.essor (note the change in indices) 

Pc - U + i V ,. = 0 (50) 
Ex ex Ex 

By introducing Eqs. (48) into Eq. ( -0), a second relation between the harmonic coefficients at compressor inlet is 

obtained which may ue combined with the first relation, Eq. (49), to eliminate V and U. , respectively. The result is 
In in 

'll '*21 *31 " *13 + *23 ^ 

'l2 " *22 * '33 4 ' *'32 * 'l3 ' *23 ^ 
In 

and 

II 
* + t, - t „ + i ( t„ - t ; 
21 12 22 v 31 32 

In , - t„„ + t „ + 
13 23 32 f33 ' ’l2 + '22^" 

In 

(51) 

(52) 

With the harmonic coefficients P , determined from a Fourier series approximation of a given total pressure distri¬ 

bution at the inlet to the compressor, the corresponding axial and tangential velocity perturbations are determined from 

Eqs. (51) and (52), respectively. With the transfer matrix of the first blade row and the known coefficients P^, U|n and 

V|n at the inlet of the compressor, the perturbed flow at the exit of the first blade row can be found. Applying the some 

procedure through the whole compressor using the appropriate matrices for the vuiious gaps and blade rows, the total pres¬ 

sure and velocity perturbations may be calculated everywhere. The static pressure perturbations can then be determined 

from Eq. (31). 

It is demonstrated by Eq. (47) that the essential mathematical procedure of Dunham’s method for prediction of the 

perturbed flow is the successive multiplication of 3 by 3 complex matrices as opposed to the first described method, where 

a system of simultaneous linear equations hod to be solved. 

4.3 REPLACEMENT OF THE STAGES BY ACTUATOR DISCS 

The above analysis (which will be referred to as 0 "blade row model") replaced rotor and stator blade rows separate¬ 

ly by actuator discs and required as an input the appropriate cascade loss and turning characteristics. Alternatively, the 

stages of a compressor may be replaced by actuator discs, using input data from the stage characteristics. This model will 

be referred io as a "stage model" . A stage of the model is assumed to consist of rotor and stator without a gap. The gap 

which in reality exists between the blade rows is added to the gap preceding the rotor. The length of the resulting gap 

therefore represents the axial disto: ce between two actuator discs. The transfer matrix through a stage is then found from 

[St] = [ s ][ R] (53) 

where [S ] and [ R ] are the stator and rotor matrix, respectively. The resulting stage transfer matrix may be simplified 

by assuming the outlet angles of the rotor and stator blade rows to be independent of the inlet angle. In addition, the 

relationship between the slope of the stage characteristic and the blade row characteristics (Ref. (2) or (17) ) may 

be used. With the final assumption of constant rotor losses independent of inlet angle, the stage transfer matrix takes the 

simple form 

[St] (1/0) ( \L 1 
*St 

1 

+ tan a . ) 
In 

-1/0 

0 

tan a 
Ex 

(54) 

where the indices In and Ex refer to the inlet and exit of the stage, respectively. Once all stage matrices of the compres¬ 

sor have been determined, Eq. (55) may be used to calculate the transfer matrix through the 4-stage sample compressor. 

[TMOGv][GB][St4][ G4][ St3][ G3][St2] [G2][$»,][ G^LIGVJ (55) 

The remaining procedure to determine the pressure and velocity perturbations is analogous to that given in 
Section 4.2. 

below. 

(0) 

(b) 

(c) 

4.4 DISCUSSION OF ASSUMPTIONS 

For the development of the actuator disc model, a number of assumptions have been made which will be discussed 

The model is restricted to compressors of high hub/tip ratio which allowed the flow field to be regarded as two- 

dimensional. Extensions of the linearized model to low hub/tip ratio compressors will be reviewed in Section 5. 

The assumption that the velocity perturbations are small compared with the mean axial velocity permitted the 

equations of motion to be linearized. Suitable non-linear models for the prediction of large disturbances are the 

parallel compressor analysis and the finite-difference flow field analysis to be discussed in Section 6. 

The assumption of incompressible flow is not strictly necessary but has been made to simplify the analysis. Extension 

to compressible flow is possible by utilizing the linearized compressible (instead of the incompressible ) flow 

equations. An extension of Ehrich's (13) single olade row analysis to compressible flow has been presented by 
Krzywoblocki in Ref. (18). 
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A simple approach to account for compressibility effects is to assume a constant density in any one gap of a multi¬ 
stage compressor but to allow far changes in densities between different gaps. Changes in flow coefficient may be taken 
into account correspondingly. 

(d) In the above analysis it has been assumed that the rotor blades respond quasi-steadily to the change in flow as the 
rotor blades travel through the steady distortion. In Ref. (19), Seidel extended Ronnie and Marble's (14) actuator 
disc analysis to allow for an unsteady blade response of a single, unstalled rotor. For this, Seidel considered the 
rc.or blades as isolated airfoils operating in transverse and streamwise gusts. Unsteady lift fluctuations due to 
these gusts were calculated from Sears' 120) and Isaac's (21) analyses. The results were then used to modify a 
matching condition at the rotor row. 

A similar approach has been followed in Ret. (1) with the exception that the lift fluctuations due to streamwise 
gists have been determined from Horlock's (22) unsteady analysis on isolated airfoils. 

Numerical examples show that there are no great differences between results from quasi-steady and unsteady ver¬ 
sions of the small perturbrrnion theories. This is not surprising, since reduced frequency parameters based cn the first har¬ 
monic of single lobe distortions are generally low. 

Experimental and theoretical investigations on isolated airfoils demonstrate that (at least for low reduced frequency 
parometers) installed unsteady effects are small compared with unsteady stalling effects. T^etj latter effects, involving 
boundary layer separation and reattachment at high mean blade loadings, are included in an unsteady blade passage 
analysis which is coupled with a non-linear flow field analysis. This model will be reviewed in Section 6. 

4.5 NUMERICAL EXAMPLES 

The stag model has been used In Ref. (2) to predict the total pressure attenuation ratio of sinusoidal inlet distor¬ 
tions through a lypothetical ¡0-stage compressor. (The additional assumption is made in Ref. (2) that the effect of the 
to ignntial velocity perturbations on the pressure rise across a stage may be ignored ). Prediction results for different har¬ 
monic numbers are shown in Fig. 21a and the corresponding axial velocity attenuation ratios are presented in Fig. 21 b. 
The figures demonstrate the remarkable influence of the order of the distortion on the decoy rate of the distortion. 

The stage model has further been used in Ref. (1) to predict the development of a 120°-square wave total pressure 
inlet distortion in a 4-stage compressor. Experimental results and input to the analysis correspond to those used in con¬ 
nection with the parallel compressor and body-force anolysis. The required stage slopes are assumed equal to a quarter 
of the Jope on the overall chare rteristic at ff = 1.251, Fig. 5. Fig. 22 shows the comparison between predicted and 
measured total and static pressure perturbations. 

Katz (15) used his small pe turbotion analysis to predict the attenuation of a circumferential distortion through a 
rotor belonging to a singlestage compressor with IGV s and OGV s. The blade rows of the compressor were arranged far 
apart from each other. Katz therefore considered the rotor as isolated and replaced it by a single actuator disc in the 
analysis. The circumferential tofcl pressure variation measured upstream of the rotor served as an input for the analysis. 
This is shown in Fig. 23 a, together with the predicted and experimental profiles downstream of the rotor. Corresponding 
measured and predicted circixnferential variations in flow angle and flow coefficient are shown in Fig. 23 b. Two pre¬ 
dictions have been mode, with losses and outlet angle variations included in one case and excluded in the other. Con¬ 
siderably better agreement between experiment and theory was obtained, when losses and outlet angle variations were 
considered. 

The blade row model has been used in Ref. (1) to predict the development of a 120° square wave inlet distort! jn 
through a 4-stoge compressor (10 blade rows). Experimental results and input to the analysis correspond to those used in 
connection with the stage model predictions. The required cascade loss and deviation characteristics have been deter¬ 
mined from a semi-empirical analysis by Carter (23). The measured and predicted circumferential variations in total and 
static pressure are presented in Fig. 24. A comparison between Fig. 22b and Fig. 24b shows the improvement in the pre¬ 
diction of the static pressure distribution with the blade row model. This improvement can be attributed to the inclusion 
of loss and outlet angle variations with inlet angle, both effects being neglected by the stage model. 

5. THREE-DIMENSIONAL LINEAR ACTUATOR DISC MODEL 

5.1 GENERAL REMARKS 

The two-dimensional small perturbation analysis discussed in the previous section is restricted to compressors 
with a high hub/tip ratio. Extensions of the mode! to predict the development of steady distortiuns in compressors with a 
low hub/tip ratio will be reviewed below. 

For the three-dimensional model, the blade rows of the compressor ore again replaced by discs. Since radial flow 
redistribution is not restricted by the blades, it is not realistic to contract the blade row to a disc as in the two-dimensional 
case. Instead, the disc has to be located within the blade row, preferably at tbe mid-axial plane. Ref. (24). 

As before, the flow outside the discs is considered to consist of a mean flow with superimposed perturbations 
c e + e' (r, ©, x) 
A XX 

co = ?© + c© (r' G'x) 
c = c + c’ (r, ©, x) 

r r r 

P = P + P (r, ©, *) 

P = P + P (r, ©, x) 

(56) 

For the mean flow it may be assumed at present that 
c = 0 

r 
(57) 
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ce' 
and for the perturbations 

functions of the radius only, 

c « 
X 

c~<< c ; 
fc.1 X 

c << c ; 
r X 

p'« P 

With these assumptions, lineariiation of the three-dimensional compressible flow equations yields: 

Eq. of motion 

C© 

r 

!©. 
r 

Eq. of continuity j 

(58) 

I (.1 / . \ 1 V-' . A 
— -i— ( r c ) + - V a. + —e— 
r nr r r n© nx 

(59) 

A comparison between Eqs. (30) and Eqs. (58), (59) indicates ,ne increase in complexity of the linearized model 

by the extension from two-dimensional, incompressible to three-dimensional, compressible flow. It is believed that no 

general solution to Eqs. (58), (59) has been obtained so for. 

5.2 FREE VORTEX MEAN FLOW (INCOMPRESSIBLE) 

Dunham (16), (17) considered the cose where the mean flow is a free vortex. He also made the assumption that the 

flow is incompressible. Hence 
c = constant (60 a) 

X - 
K c 

cÄ = -— , K = constant (60 b) 

P =0 

Introduction of Eqs. (60) into Eqs. (58) and elimination of the pressure yields 

r 

K 

T 
r 

K 

a 

3 0 

b 
"W 

d 

d 
3 X 

a 
•X 

a 
,3x 

) ( 

) t =- 

f = 0 

K 

T 
(61) 

where ore the radial, tangential and axial vorticities, respectively, (Ref.(16)). The equation of continu! 

ty rewritten in terms of vorticity becomes 

1 (r { )+ M. 
of 

(62) 
r dr r a© 3z 

Eqs. .61), (62) were utilized by Dunhom to determine closed form expressions for the velocity (and pressure) perturbations, 

satisfying the condition of zero radial flow at the inner and Ou»..' casing. 

An isolated blade row is now considered with the upstream flow field extending to minus infinity and the down¬ 

stream flow field to plus infinity. The upstream and downstream solutions of the perturbed flow hove to be matched at 

disc. Four independent matching conditions hove to be satisfied: 

(1) continuity of axial velocity 

(2) continuity of radial velocity 

(3) specified flow leaving angle 

(4) specified total pressure change 

These conditions, together with the requirement that the perturbations remain finite far upstream and far downstream of 

the blade row, allow (for a, say, specified inlet total pressure distortion) the harmonic coefficients for the flow fields 

upstream and downstream of the blade row to be determined. Once these are known, the velocity and pressure perturba¬ 

tions con be calculated. 

A numerical example using the above analysis is presented by Dunham in Ref. (17). A free vortex stator blade row 

is installed in a cylindrical duct. Upstream of the blade row a steady total pressure distortion is assumed to extend in the 

outer half of the annulus 90° around the circumference. The ideal square wave shape of the distortion, as well as the re¬ 

presentation by Fourier-Bessel harmonics which serves as an input for the analysis, are shown in Fig. 25 a. The three- 

dimensional analysis is used to determine the axial velocity perturbation induced at the blade row. The analytical results 

are shown in Fig. 25 b. A comparison of the theory with experimental data may be found in Ref. (16). 

5.3 AXIAL MEAN FLOW (COMPRESSIBLE) 

Callahan and Stenning (25) restricted the three-dimensional small perturbation analysis to the prediction of the 

distorted flow fields upstream and downstream of the compressor. In these flow iie ds, the mean flow is (normally) axial, 

so that c = constant and Cq =0. (Introduction of c^ = const and = 0 into Eqs. (58) indicates the simplification 

of the analysis due to the assumption of axial mean flow. ) Since, from Eq. (60 b), c_ = 0 is equivalent to K = 0, it 
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follow» from Eq». (61) that tfie perturbation velocity field» upstream and downstream of the compressor are irrotational. 
A perturbation velocity potential (ï may therefore be defined. The continuity equation, in which t!:e velocity perturba¬ 
tions ore now replaced in terms of the velocity potential, together with an appropriate substitution of the perturbation den¬ 
sity change, dp’,4 dx, yields the Laplace equation for the determination of jJ as function of ©, r and 
X = X /Y' " Mo , where Mo is the local Mach number. From the Laplace equation, solutions describing the perturbed 

cflow upstream and downstream of the compressor can be determined. These solutions have to be matched at the compres¬ 
sor, which is replaced by a single actuator disc. 

Two cases were considered by Callahan and Stenning. In the first case, the compressor was assumed to be short 
enough to preserve t,;e radial velocities. The boundary conditions are therefore comparable with these at a single blade 
row, Section 5.2. In the second case, the compressor was considered sufficiently long to reduce the radial velocities to 
zero. When the tangential velocities are also zero due to a high solidity last stator blade row, the exit static pressure is 
constant. 

The condition of constant static pressure at the exit of a "long" compressor was utilized by Callahan and Stenning 
to determine the harmonic coefficients for the perturbed flow upstream of the compressor in terms of the slope of the com¬ 
pressor characteristic (expressed as static pressure rise vs. axial velocity) and the amplitude of .i given sinusoidal axial 
velocity distortion far upstream. Once the harmonic coefficients were known, velocity and pressure perturbations could 
be calculated in the entire upstreom flow field. 

Experiments by Callahan (26) on a single-stage compressor shoved that for a distortion introduced far upstream, 
the compressor exit static pressure was almost constant. Consequent!), the "long compressor hypothesis" was adopted for 
the analysis. 

Figs. 26a, b compare the analytical and experimental axial velocity perturbations determined at the tip and hub 
just ahead of the compressor for a specified cosine-wove axial velocity distortion far upstream of the compressor. Fig. 26c 
shows the decrease of the axial velocity perturbation amplitude at the tip and hub as the flow approaches the compressor. 
The corresponding measured and predicted tangential velocity perturbations at the hub and tip just ahead of the compressor 
are presented in Fig. 26 d. A good agreement between experiment and theory is shown in all results. 

6. TWO-DIMENSIONAL NON-LINEAR ACTUATOR DISC MODEL 

6.1 GENERAL REMARKS 

For the linear models reviewed in the previous sections, the assumptions w' re small perturbations and quasi-steady 
rotor response. Extensions to include an unsteady response were limited to unsl.iMdd unsteady effects. In the case that the 
inlet-distorted compressor operates near its undistorted stalling point, unsteady stalling effects with large distortion ampli- 
tudas contradict the above assumptions, even if the external upstream distortions are not severe. 

A non-linear model which accounts for large disturbances and unsteady stalling effects is presented by Adamzcyk 
ond Carta in Ref. (27). The flow fields upstream and downstream of a blade row are described by the time-dependent, two- 
dimensional, inviscid and incompressible flow equations. The numerically obtained solutions are matched at the blade 
row, using matching conditions obtained from an unsteady blade passage analysis. 

6.2 UNSTEADY BLADE ROW ANALYSIS 

Application of the continuity equation to the two-dimensional incompressible flow through a blade passage revealed 
that the axial velocities averaged across the passage are constant. Under the assumption that the blade pitch is small com¬ 
pared with the c'rcumferential extent of the distortion, gap-averaged quantities can be replaced by local quantities. 
Hence 

(c ) 
X1 c 

( c ) = C 
*2 °v * 

(63) 

Adamczyk and Carta further applied the unsteady energy equation to the flow in the passage, obtaining the following 
expression for the difference in total pressure across the blade row 

dc 
(64) A P --- 

1 
■ P c -pl 

X 

TT 
where 

X = unsteady loss parameter defined by 

■t 
at 

+ X = ss (65) 

SS 

p, - P- 

1 2 
2 P c, 

= axial length of cascade 

f ( a j ); steady-state total pressure loss coefficient 
depending on inlet angle 

(66) 

a .j. = dimensionless time constant derived experimentally 

Z = constant determined from cascade geometry 

For testing the validity of the unsteady blade row analysis, a modified form of Eq. (64) was used by Adamczyk 
end Carta to predict the circumferential variation in static pressure just downstream of both rotor and stator for a specified 
ipstream variation. Agreement between experiment and unsteady theory was considerably better than that for prediction 
results assuming a quasi-steady cascade response. 
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6.3 FLOW FIELD ANALYSIS 

The flow upstream and downstream of a blade row is described by the flow equations 

dc 

at 
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dc 
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X ax 

dc 
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dc 
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p dx 
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dc 
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dc 

© 
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(67a) 

(67 b) 

. _ = u (68 ) 
dx d© 

(The axial coordinate in these equations is normalized by the radius). Eq. (68) shows that a stream function may be de¬ 

fined such that 
(69 a) 

= 0 

X ' »© 

it 
C© = ’ »X 

Introduction of Eqs. (69; into the expression for the radial vorticity 
i c 

yields 

( = 

i2t 

© 
ax 

ac 
X 

7©" 

a2* 
E 

ax a© 
By eliminating the pressure from Eqs. (67) and introducing Eas. (69), (70) it is found that 

â£ dt òi dt dt 
' dt + à© dx dx dÒ 

= 0 

(69 b) 

(70) 

(71) 

(72) 

A numerical method is required for a simultaneous solution of Eqs. (71), (72). Adamczyk and Carta used a standard 
center differencing scheme for solving Eq. (71) ond Arkawa’s (20) vorticity conservation algorithm and the Crank- 
Nicholson scheme for solving Eq. (72). The solution has to satisfy the boundary conditions specified below. 

6.4 BOUNDARY CONDITIONS 

Consider a blade row located at plane EB in a flow field ADFC as shown in Fig. ¿1. Inlet plane AD and exit plane 
CF are chosen sufficiently far upstream and downstream, respectively, to be unaffected by the blade row. 

A circumferential variation in axial velocity may be specified at the inlet plane AD. Eq. (69a) then yields the 

stream function 
^(x, ©, t) = g ( © , t ) for X at plane AD (73) 

Since, at plane AD, the stream function is independent of x, the vorticity along AD is found from EQ. (71) as 

E( X, © , t) = - 
dzV(x, Q, t) 

8©z 
x at plane AD (74) 

The flow at © = 0 is identical to that at 0 = 2 » . The condition for this periodicity in terms of stream function and 

vorticity is 
^(x, 2 ir, t ) = ^(x, 0, t) + 2 ir c (7-1) 

{(x, 2 ir , t) = E(x, 0, t ) (76) 

From Eq. (63) it follows that there is no change in the stream function across the actuator disc. The change in 
vorticity is given below. Eq. (67 bl can be expressed in terms of total pressure by 

6 
TgT •) = 

5c© 
’ c t x 

(77) 
vw P ' dt 

This equation applied just behind and just ahead of the blade row yields for the difference in total pressure 
r d c^ . 

+ + C (;,-£,) (78) 
x I 2 

à f AP fdc©2 
p ' dt TÜ dt 

By taking the derivative of Eq. (64) w.r.t. © and combining the result with Eq. (78), it is found after introduction of 

c© 2 = V°n 0 2 ( 0 1 1 (79) 
that the change in vorticity across the blade row is 2 

f jf— - Tt (ex t0na2)= ' 4 T5 (cl2* * ' ax Em -WtT 'CX ( ^ ' i2) (80) 
In this equation, a j = H a j ) is the steady-state relationship between blade row outlet and inlet angle. 

A condition for the vorticity at the blade row exit can be found by introducing Eq. (79) into Eq. (70): 

*2 = TT (cx ton 0 2} ’ TST (8,) 
(It should be noted that the above blade row matching conditions are derived for a stator. For a rotor, the change 

in total pressure from the relative to the absolute system has to be accounted for.) 



At the exit plane of the flaw field, CF, the boundary condition of constant static pressure has to be satisfied. 
From Eq. (67 b), this condition is given by 

d_% 
a» 

+ C 
òc© 
TcT = o X at plane CF (82) 

6.5 NUMERICAL EXAMPLES 

In a first numerical example, Adamczyk and Carta determined the condition for the onset of rotating stall in -.n 
isolated rotor operating in undistorted flow. This was achieved by a momentary introduction of an axial velocity cosine- 
wove distortion 1/2 circumference upstream of the blade row. The limit between growth and decay of the disturbance was 
found to be at on inlet angle of 35° (measured against the circumference). This was regarded as the critical angle at which 
rotating stall would develop. 

In a further example, the effect of a 30 percent steady axial velocity cosine wave distortion on the performance 
of the rotor was investigated at an inlet angle of 42 degrees. Fig. 28 a shows the specified upstream distortion together 
with the (attenuated and circumferentially displaced) disturbance predicted at the rotor inlet at a non-dimensional time 
t* = 2.94. (Note that a time interval of t* = 1 corresponds to one rotor revolution.) No change in the profile at rotor 
inlet was found for other values of t* , indicating stability of the flow. 

Reduction of the inlet angle to 40° resulted in flow instability as evident from the different velocity disturbances 
predicted at three different times (Fig. 28 b). Further reduction of inlet angle to 38 increased the unsteadiness, as shown 
in Fig. 28 c. 

It was found by Adamczyk and Carta that the axial velocity protiles predicted for rotor inlet angles of ßj = 38 
and 40° re-occured periodically aiter time Intervalls of approximately At*= 2. This result indicates that the observed 
velocity profiles at rotor inlet are generated by the superposition of the forced external distortion and a self-induced 
rotating disturbance. 

A comparison between the undistorted and distorted case shows that the critical inlet angle at which rotating stall 
develops increases from 35° without a distortion to about 41 with c distortion. This capability of the non-linear model to 
predict the reduction in stable operating range due to distorted inflow is a major improvement compared with the linear 
model, which is only capable of predicting incipient rotating stall in undisforted flow. 

The non-linear model is not only capable of predicting the reduction in stable operating range, it also predicts the 
reduction in performance. Contrary to the linear model, which calculates only pressure perturbations, the non-linear 
model determines the perturbed pressure so that circumferential averages upstream and downstream of, say, a rotor may be 
calculated. The reduction in total pressure rise across the rotor due to inlet maldistribution is therefore predictable. 

7. ONE-DIMENSIONAL LUMPED VOLUME MODEL 

7.1 GENERAL REMARKS 

The non-linear, incompressible analysis reviewed in the previous section was shown tobe capable of predicting 
(for both clean and distorted inflow) a flow instability in blade rows known as rotating stall. 

In this section, a model will be discussed which allows (for undistorted flow and for flow with a time-variant total 
pressure and/or temperature inlet distortion) the prediction of a system instability known as surge or compressor stall. The 
model assumes one-dimensional compressible flow, thus only spatially uniform flows are ^eluded (for an extension see 
Section 7.5). The stages (or stage groups) of the compressor are replaced by actuator discs followed by lumped volumes 
equal to the stage (or stage group) volume. Conservation laws of mass, mome' turn and energy are applied separately or 
in combination to the lumped volumes, accounting thus for the dynamic behaviour of the system. The required pressure 
and temperature increase across the actuator discs is normally obtained from steady-state stage characteristics presented 
in the form of pressure and temperature rise coefficients against flow coefficient. The upper frequency limit of inflow 
oscillations for which the assumption of quesi-steady stage characteristics is still justified is given in Ref. (34) for un¬ 
stalled flow. Deviations from the steady-state characteristic due to unsteady stalling effects are considered in Ref. (40) 
as discussed in Section 7.4. The volume and nozzle downstream of the compressor are also included in the model. 
Choked flow is normally assumed for the nozzle, so that a simple relationship exists between nozzle inlet pressure, tem¬ 
perature and mass flow. The nature of the mathematics involved favours an analog simulation to a digital simulation. 

The model is generally applied to predict 
(a) system instability (compressor stall) for undistorted inflow 
(b) compressor discharge conditiors for inflow osciallations or pulses in pressure and/or temperature (compressor 

response characteristics) 
(c) system instability for time-variant inflow 
Different types of models will be reviewed below. The names of flie models are derived from the conservation laws applied 
to the lumped volumes. 

7.2 CONTINUITY MODEL 

Gabriel, Wollner, and Lubick (30), (31) have used the continuity c.odel to predict the dynamic response of a 15- 
stage axial compressor to inflow pressure transients. For this, the stages of the compressor vere grouped into four parts for 
which steady-state group characteristics were available. The equation of continuity was applied to the four grouped stage 
volumes. 

Fig. 29 shows the experimentally determined compressor discharge pressure during sinusoidal inlet pressure oscialla¬ 
tions. At low frequency, little change in amplitude and phase between inlet and exit can be observed. At high frequencies, 
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the outlet pressure no longer follows the inlet pressure. Compressor pressure amplitude ratios and phase shifts measured for 
various frequencies are presented in Fig. 30 together with predictions with the continuity model. 

The model was further used to predict surge for the compressor operating with sinusoidally varying inler pressures of 
various amplitudes and frequencies. Surge in this analysis was assumed to occur when one of the calculated instantaneous 
stage group pressure ratios reached the corresponding steady-state stall pressure ratio. A comparison between experimental 
and predicted stall limits is shown in Fig. 31 . 

A detailed description of the continuity model analog simulation techniqi nay be found in Ref. (32), (33). 

7.3 CONTINUITY - MOMENTUM MODa 

Kuhlberg, Sheppard, King and Baker (35) replaced individual stages rather than stage groups by actuator discs and 
lumped valûmes. They also noted that, for many stable operating conditions of the compressor, certain compressor stages 
operate stalled, i.e., they operate on the positively sloped branch of their characteristic. A model simulation therefore 
has to include this effect. Since in the basic continuity model the stage characteristic is entered with the pressure rise 
coefficient, two values for the flow coefficient are found from the two branches of the characteristic. This difficulty lias 
been overcome in Ref. (35) by applying the momentum equation ( in addition to the continuity equation) to the lumped 
volumes of the stages. 

The continuity-momentum model was used in Ref. (35) *o predict speed and surge lines of a seven-stage compressor 
with undistorted inflow, Fig. 32. For th.- speed line prediction, no dynamics are involved and the simulation becomes a 
stage stacking procedure, Ref. (36). The good accuracy of the speed line prediction is an indication for the quality of the 
stage characteristics employed. The situation is different for the surge line prediction, where surge is indicated by an in¬ 
stability in the dynamic simulation. (The important difference may be noted between the conclusion that surge is an instabili¬ 
ty phenomenon and the assumption made in Ref. (3!) that surge occurs if one stage or a group of stages operates stalled.) 

The continuity-momentum model was further used in Ref. (35) to predict the ratio of exit to inlet pressure ampli¬ 
tudes in a fan with sinusoidally oscillating inlet pressure. Results are shown in Fig. 33. 

Stall limit predictions for a five-stage compressor with si.-...soidal inflow pressure oscillations of different amplitude 
and frequency are predicted in Fig. 34. The figure shows the marked sensitivity of the comp.e^sor to frequencies nf about 
500 cps. Compressor stall limits were also predicted for square-wave inlet pressure pulses of variable amplitude and duration. 
As shown, stall risk increases with increasing pulse amplitude and duration, Fig. 35 . 

7.4 CONTINUITY- MOMENTUM - ENERGY MODEL 

For this model, the energy equation ( in addition to the continuity and momentum equations) is applied *o the lum¬ 
ped stage volumes. 

Model predictions of surge for an eight-stage compressor with undistorted inflow using steady-state stage charac¬ 
teristics have been performed by Willoh and Seldner in Ref. (37). Two different coses were considered. In the first, grouped 
stage volumes were employed for the simulation, but no satisfactory result was obtained. A remarkable improvement in the 
prediction was achieved by employing an indis idual stage volume representation, Fig.36. It was also noted in Ref. (37) 
that the stability limit in the simulation is strongly influenced by the stage characteristics. The quality of rhe surge line 
prediction is therefore very dependent on the accuracy of the stage characteristics employed. (The accuracy of the different 
model types in predicting the clec” su.ge line is investigated in Ref. (38) and a summary of the results is given in Ref. (39).) 

The cor.tinuity-momentum-energy model was used in Ref. (40) to determine the effect of pressure and/or tempera- 
(ure transients on the performance of axial flow compressors. Here, however, the steady-state stage characteristics are 
extended to include unsteady stalling effects. The method is outlined with the aid of Fig. 37. The unstalled branch of the 
stage characteristic was determined in Ref. (40) from a separate calculation procedure, since experimental data from iso¬ 
lated stages are unreliable due to interference and distortion effects in the actual multi-stage compressor. The pressure 
ratio ( Pj/Pj) » ot which rotating stall is initiated in steady flow, was determined from a small perturbation analysis. The 
assumption waslhen made in Ref. (40) that due to rotating stall, the pressure ratio drops from (P,/P,). to (P /P.) 

2 1 A 2 1 B # 
k®'n9 80% of (P^/Pj)a' By introducing a rotating stall "growth-decoy" rate, a hysteresis loop in stage pressure 

ratio is predicted during a rapid decrease and increase in corrected airflow. 

The model was used in Ref. (40) to determine the effect of square-wave pressure pulses of different amplitude and 
duration on the reduction in stable compressor operating range. Occurrence of reversing flow anywhere in the compressor 
was adopted as the criterion for surge. The three nam:nal operating points at which upstream pressure pulses were intro¬ 
duced are shown on the overall compressor performance map (Fig. 38). Prediction results of the stable operating limits are 
presented in Fig. 39. As might be expected, sensitivity to pulses grows rapidly as the nominal operating point approaches 
the steady-state compressor surge point. 

7.5 PARALLEL LUMPED VOLUME MODEL 

Extensions of the lumped-volume model are presented in the literature to include the important practical case of 
time-variant distortions extending only over a certain section of the compressor inlet. Parallel operation of three conti¬ 
nuity models is considered in Ref. (32), (33). The three lumped volumes which replace each stage are circumferentially 
inteiconnected. The effect of tangential flow on the pressure rise across a stage is accounted for by an appropriate shift 
of the steady-state characteristic curve to higher or lower mass flows. 

Parallel operation of two continuity-mcmentum-energy models is considjicd in Ref. (40). The effect of a rotating 
stall cell that grows or decays as it moves from one sector into the neighbouring n.e is included in the model by on appro¬ 
priate computation of the required stage characteristic. 
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FIG. 5 PREDICTION OF 120°-SQUARE WAVE DISTORTION ATTENUATION - PARALLEL COMPRESSOR 
_OPERATION ON UNDISTORTED TOTAL PRESSURE RISE CHARACTERISTIC 
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TEST TECHNIQUES. INSTRUMENTATION. AND DATA PROCESSING 

by 

William G. Schweikhard 
Deputy Director, Propulsion Research 

NASA Flight Research Center 
P. O. Box 273 

Edwards. California 93523 
USA 

SUMMARY 

Ever since the effects of dynamic distortion oi. engine stability were first 
realized, much effort has been expended in developing techniques for simulating 
these effects in ground facilities, instrumentation for measuring these effects 
both on the ground and in flight, and data analysis methods and facilities for 
processing the large quantity of data that is generated. This paper surveys 
test techniques, methods and types of instrumentation, and data analyses and 
processing methods that have been used most successfully and evaluates their 
strengths and shortcomings. It is emphasized that ground faci’ity tests are only 
a simulation of the flight environment, that instrumentation provides only a par¬ 
tial representation of the physical phenomena, and that poorly organized and 
poorly understood data processing procedures can seriously impede and even 
distort the final result. 
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SYMBOLS 

distortion weighting factor (Eq. (11)) P 

distortion coefficient (Eq. (14)) 

recorded data samples 

interpolated data sample 

frequency 

frequency bandwidth 

radial distortion coefficient 
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P(x) 
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P 
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circumferential distortion coefficient 

length of resonant cavity 

coil inductance 

plate inductance 

Mach number 

steady-state pressure and time ratio 
(figs. 39 and 40) 

root mean square turbulence pres¬ 
sure disturbance or differential 
pressure 

absolute pressure 

input pressure 

output pressure 

reference pressure 

steady-state absolute pressure 

total pressure 
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Subscripts: 

av 

max 

min 

free-stream total pressure 

diffuser ejdt total pressure 

probability density function 

resistance of coil 

resistance of plate 

root mean square value 

radius 

Laplace transform variable 

temperature or analog-to-digital 
cycle time (fig. 39) 

time 

volume 

ratio of specific heats 

damping ratio 

wavelength 

k'nematic viscosity 

density 

phase angle 

frequency 

natural frequency 

average 

maximum 

minimum 
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1.0 IMTRODIICTION 

In the general sense , our ability to understand a particular phenomenon is based on our ability to observe 
and measure each pertinent variable as precisely as possible. How well these observations and measurements 
are made depends on the experimental techniques u^u to identify and isolate unique factors. Through analysis 
of the data generated, theories can be developed fnm whion predictions can be made. Depending on the success 
of these predictions in representing the real world behavior, this p ocess is repeated in a never-ending cycle 
which we call advances in technology. It is important to realize that the key elements in this cycle are measure¬ 
ment or instrumentation test techniques and analysis or data processing. The failure or shortcomings of either 
element weakens the final result. 

Theories are no better than the information from which they are drawn. Thus, in the past few years, much 
effort has been directed toward developing the measurement, experimental, and analytical tools necessary to 
identify and predict the critical factors which cause distortion-induced instabilities in aircraft propulsion sys¬ 
tems. The problem is so complex, nonlinear, and interactive that isolation of the individual variables is vir¬ 
tually impossible even in ground test facilities. This has caused investigators to take either an empirical or a 
statistical approach in analyzing their data. When the propulsion system is projected into the flight environment, 
the problem of instrumenting an aircraft, designing a test procedure, and acquiring and processing the data 
becomes more difficult. This paper surveys the experimental techniques, methods and types of instrumentation, 
and data processing and analysis approaches that have been used. 

2.0 TEST TECHNIQUES 

The ultimate goal in the design o' a propulsion system is to derive the maximum performance from the sys¬ 
tem. This requires that every elemen* be pushed to its maximum efficiency. 

Years of experience have shown that certain margins are necesoary to prevent instabilities such as stalls 
and surges. Recently, direct relationships have been established between these margins and inlet flow dynam¬ 
ics or turbulence. The problem has been one of simulating in ground facilities the dynamic pressures produced 
by the inlet, the atmosphere, the aircraft motion, and the flow field. Also, it has been difficult to obtain the 
quantity and quality of flight data needed to validate the simulation results. 

In the flight environment (fig. 1), the engine must contend with disturbances due to atmospheric turbulence 
and the aircraft flow field as well as internal disturbances caused by the inlet and its controls. It is the task of 
the ground test facilities to simulate these dynamic effects as accurately as possible. This is difficult because 
the nature of atmospheric turbulence is not well defined, especially at high altitudes. Also, the effects of the 
flow field surrounding the wing and fuselage forward of the inlet depend on the boundary layer and vortex flows 
generated. Turbulence and fluctuating flows reaching the inlet are dependent both on the model scale, which is 
a function of the Reynolds number, and the turbulence dissipation, which is u function of the linear distance 
between the disturbance source and the inlet. Hence, results from wind-tunnel-model tests may not represent 
the full-scale dynamic flow characteristics 

2.1 External Disturbance Simulation 

Simulation of upstream turbulence entering an inlet can be approached in several ways. Disturbances gen¬ 
erated by the wing and fuselage can be simulated by tests ir subsonic and supersonic wind tunnels with small- 
scale models which represent the aircraft forward of the inlet (ref. 1). 

Atmospheric turbulence can be simulated by using screens and vortex generators in subsonic wind tunnels; 
however, supersonic simulation is not so easy. A schematic drawing of some proposed approaches is shown in 
figure 2. An oscillating wedge mounted near the wall of a supersonic wind tunnel has been used (ref. 2) to 
generate a variable strength shock wave ahead of the model. The flow field induced by oscillation of the vane 
had two shortcomings; It was not uniform across the inlet, and the flow parameter changes were not truly rep¬ 
resentative of flight transients. Studies have been made to investigate the feasibility of injecting pulses of high- 
pressure air upstream of a model to generate fluctuating shocks and vorticity . Also, a rotating ellipse located in 
the throat of a supersonic wind tunnel has been considered. The success of these devices at supersonic speeds 
is questionable at this time because of uncertainties about what is to be simulated. A good model of .tmospheric 
turbulence at high altitude and supersonic speeds is not available. 

It is evident, then, that even a full-scale inlet engine test in a wind tunnel is only a partial simulation of the 
flight environment and is done only as a final demonstration of compatibility after the engine and inlet have 
undergone years of development. 

2.2 Developmental Approach 

It is essential that indications of incompatibilities between an engine a.id inlet be identified early in the 
development program. The current approach is to conduct a large-scale wind-tunnel test of an inlet model and 
to determine the steady-state and dynamic pressure distortion patterns. The frequency of the dynamic data is 
scaled to the model scale. The steady-state distortion patterns are then simulated in an engine test facility by 
using screens which also generate pressure fluctuations approximating the expected frequency and amplitude 
(typically 5 percent to 15 percent of the measured pressure). In this way, it is hoped that incompatibilities can 
be discovered and dealt with early. Ultimately, full-scale engine—inlet tests are performed. 

2.3 Total Pressure Distortion Simulation 

Many dynamic distortion generating devices have been developed. References 1,3, and 4 describe the 
development and improvement of a choked-throat turbulence generator (fig. 3) for use in an engine test facility. 
With this device, turbulence is generated by the interaction of the shock with the boundary layer downstream of 
the throat. The power spectral density characteristics of this system are shown in figure 4. The power for the 
unmodified turbulence generator drops off sharply with increased frequency, but the insertion of a grid of 
1/2-inch square rods and 3-inch pipes upstream of the compressor face amplifies the power at the high 
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frequencies and reduces the power at the low frequencies. Spikes that occur at several frequencies with the 
3-inch pipes are caused by vortex shedding in the wake. 

But how well do the simulated spectra represent the flight environment? Results from flight tests of the 
F- 111 airplane for frequencies from 0 to 200 hertz (ref. 5) are also shown in figure 4. Comparison of these 
results indicates that the power spectral density characteristics of the unmodified choked-throat turbulence 
generator closely approximate the flight results, especially at Mach 2.4. Though the trends with frequency are 
the same at the lower Mach numbers, the amplitudes are significantly less except for flight meMurements made 
downstream of the spike cone. At a flight Mach number of 2.4, the entire compressor face is affected because 
the terminal shock is inside the duct and produces more uniform levels of turbulence over the whole duct. This 
may be particularly true of mixed-compression inlets for which the terminal shock is inside the inlet. 

Although the choked-throat turbulence generator matches the spectral characteristics of a flight vehicle 
reasonably well, it does not necessarily represent the dynamic distortion patterns. A pulsating jet device 
(ref. 6) has been developed to simulate both the spatial and temporal characteristics of the flow entering an 
enirine This device is being used to create controllable dynamic or steady-state pressure disturbances at the 
inlets of engines being tested in altitude facilities. The technique uses many small air jets upstream of the 
enirine inlei. Figures 5(a) and 5(b) show the main features of the air jet system. Primary airflow passes 
through the bellmouth and inlet duct to the engine . The air jet system includes an array of small nozzles in the 
inlet duct. These nozzles are uniformly distributed in an axial plane and arranged in a pattern which repeats 
every 6<f. As indicated, secondary airflow is injected from these nozzles and directed counter to the primary 
airflow . Flow control of the secondary airflow is provided for each 60° sector of air jet nozzles by six valves 
external to the inlet duct. These are high-response valves of NASA design for operation over an oscillatory 
frequency range from 0 to approximately 200 hertz. Separate matched flow lines are provided from each of the 
valves to eich of the air jet nozzles of a 60° sector. Secondary air is supplied to the valves at pressures up to 
10 atmospheres. By controlling the secondary air distribution and the flow rate with these valves, a variety of 
basic dynamic or steady-state inlet pressure disturbances can be created for engine tests. 

As shown in figure 6, power spectra developed by this device indicate that large quantities of enervem 
be controllably put into the airstream in the low-frequency region. Tests are underway using flight distortion 
data from reference 5 as control inputs to the jet system and using the flight-test engine to correlate the surge 
and stall responses observed during the flight tests. Future applicat'cns may use some combination of the 
choked throat and pulsating jet techniques. 

Another technique has been developed to simulate the dynamic characteristics at the engine-inlet interface 
of two-dimensionallnlets. From free-jet model tests of an F -15-type inlet, it was observed that the flow condi 
tions approaching the third ramp of the inlet were constant over a large range of angle of attack and that the 
internal flow conditions were primarily a function of the flow behind the last oblique shock wave . Thus if the 
conditions on the third ramp could be simulât si. the dynamic flow conditions at the compressor face ^ld be 
duplicated. An inlet simulator/turbulence generator (fig. 7) which utilizes »his approach has been developed 
at the Arnold Engineering Development Center (ref. 7) . This is a semi-free-jet device designed for use in an 
engine test facility to simulate the compressor face turbulence and distortion of a two-dimensional inlet. It con 
sists of a convergent divergent nozzle section which accelerates the flow upstream of the third ramp so that the 
last oblique shock and the terminal shock are similar to those experienced by the flight vehicle. The remaining 
contours of the inlet and subsonic diffuser are those of the vehicle being tested. Thus the core Oow, boundary 
layer, and internal vorticity closely represent those of the aircraft. Bleed is provided in the nozzle for rontrol 
of the boundary layer. External vortices generated by the fuselage, forward ramps, and wing during sideslip 
of the aircraft are simulated by doors near the nozzle throat which are set at the desired angles. These doors 
are not dynamically actuated. As is typical of most free-jet tests , approximately 50 percent of the air passing 
through the nozzle does not enter the inlet but is collected and fed to exhausters. 

2.4 Temperature Distortion Simulation 

Temperature distortions caused by ingestion of hot gasses from armament firings and from reingestion of 
hot ea.sses of VTOL vehicles can cause major problems. These effects must be investigated during the develop¬ 
ment of engines that are to be subjected to this type of operational environment. A device for simulating tem¬ 
perature effects in an engine test facility is described in references 8 and 9. 

In these studies , temperature distortions were produced at the engine face by using a gaseous hydrogen-^ 
fueled heater located upstream of the engine inlet bellmouth. A schematic drawing of the heater and the hydro- 
eon supply system is shown in figure 8(a) and a photo in figure 8(b). The engine inlet airflow passed through 
and w<« heated in a large diameter duct which was divided into four 90° sectors. Each sector had an array of 
five annular V-gutters . Hydrogen was distributed through a system of tubing within the V-gutters and fed 
from a single supply manifold for each sector. Small holes were drilled in the tubing to inject hydrogen into 
the V-gutters where it was burned. Five swirl-can pilot burners were placed in each sector to provide an 
ignition source for the main hydrogen flow . Temperature was controlled by varying the hydrogen flow using a 
slow response, remote operated valve for steady-state operation and a high-speed remote °Perat^ valve for 
rapid transients . Each sector had its own control system which permitted independent operation of from one to 
four sectors, thereby producing spatial or time-dependent temperatures over 90 to 360° of the circumference^ 
The system was designed to produce a spatial temperature rise of 800° F and time dependent temperature rises 
in e jfces'a of'aOwí’F per second. Hydrogen was chosen as the fuel because of its good ignition characteristics 

and rapid flame propagation speed. 

2.5 Correlation of Flight and Wind-Tunnel Results 

Comoarisons between oropulsion flight-test and wind-tunnel results may appear to be simple; however , ex- 
p.ne„o"C."ÍL„ .bi nS .ob« in*, ‘unie., unu.u.l or. .. ,.b«n. more often .b.n no. .he '••‘f * 
not represent the final configuration; the instrumentation used is not the same in location, accuracy, or re 
soonse and the test conditions of Mach number, local flow angles, and inlet geometry do not match Conse- 
Ö. most comparisons of wind-tunnel and flight data are lacking in at least one of these respects. 
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YF'1Lf r,P “neIpr0pUl8i0n ProKram « a Rood example of a meticulous approach and of problems 
hat can arise, nevertheless, in correlating wind-tunnel and flight results. From the onset the objective of 

¡¡¡Ï tPh3r»raS .,0Hmfke both steady-state performance and dynamic distortion correlations. Full-scale and 
one third scale wind tunnel models were built as identical scaled versions of the flight vehicle Instrumen- 
ation was installed in identical locations and had comparable accuracy and frequency response'. Test œndi- 

hiTrtWeHeK ‘n8* ^11141 be auP,ic:ated in niKh* «"d in the wind tunnels. Wind-tunnel calibrations of the 
urTmeñu ÂtrShta,í°f 8 fu,1~8ca,e inlet were made ,0 aa«ore the best possible airflow meas- 
conXi !n "Îm K1' n. fllïht iocai n°w measurements were made in front of the inlet to determine the local flow 
tP « «hn nUmb^K'. e of at,ack- anKle of sideslip, and Reynolds number) at which the wind-tunnel 
tesis should be done. This proved to be the weakest link in providing precis» correlations. 

nS'™' Mi°"‘ ,he •P'1'« «P '» 

„irXaft^h» n PrOb,l0m Tl T be ?SOlved' ,he wind-tunnel tests have already been done. Therefore the 
aircraft must be flown to match the wind-tunnel test conditions. Again, this may appear to be a simple task 
except when one realizes that the pilot reads aircraft Mach number and angle of attack, not the locaUlow condi- 

nZ',eFrherm0r^ ^V^n1 Mach num,ber imd nOW anK'es are 8 func‘i°n of the aircraft weight at which the 
flight t sts are conducted. Deviations of the local flow from the nominal Ig flight condition can be attained onlv 
during quasi-steady longitudinal and sideslip maneuvers. Performing longitudinal maneuver's while holding 
s eady sideslip angles is not a practical or safe way to obtain data at combined angle-of-attack and angle-of * 

tS^eiSiTrimn™n'XS h í hOUlÍbe reco»nizcd also ,hal ,he altitude and Mach number must vary somewhat from 
ho COnd,,,°n dur“‘* ,hese maneuvers. Thus in-flight external flow conditions at the inlet which match 

the wind-tunnel values lire transient or at best quasi-steady. 

A third variable in correlating Hight and wind-tunnel data for mixed-compression inlets is variation in 
geometry, such as spikes or ramps and bypass doors, between the model and the flight vehicle It would bo 

2hi »“v^fn^h' 'hf ”nCh TbGrh anK,e-0fat'ack • and anSle-of-sideslip condition for stabilized Tevel flight 
while varying the inlet geometry; however s, the inlet geometry changes, the thrust and drag of the aircraft 
changes . causing the aircraft to climb or destend, or accelerate or decelerate. For most tests? especially 
fRp!nnM1C eS,h’ J 18 best ,0 bold the Mach number constant and to accept a certain amount of altitude 
íhnn.H P "“mber) change Here again, night tests are only quasi-steady. When there is a choice, Hight tests 
should precede wind-tunnel tests because the wind-tunnel condition can be set more easily. * 

An even more fundamental question related to correlating results from mixed-compression inlet tests is: 
hat variables should be matched? Obviously, the local Mach number and local now angles must be matched 

.°f ,he a,,<;"dant °Pera,'°nal problems just discussed . Internally . it would appear that matching the 
Irl would provide corresponding test conditions; however, the Hight and wind-tunnel temperatures 

aXXach isStomseeMhehR»mesShnT8 Ti ^ a ,herefore do no‘ represent comparable conditions Another 
approach is to set the same shock position by adjusting the bypass doors as required. Although this provides 

e correct primary duct How conditions, it does not necessarily pi ^vide the corresponding bleed and bypass 
mass How ratios. Still another approach is to set the same bleed and ypass back pressure ratios in an effort to 
duplicate the mass flows . Obviously, if on-line computation of mass Hows is available matching the mass How 

It is evident, then, that one-for-one correlations between flight and wind-tunnel 
and that procedures must be developed for correcting the results for those variables 
matched . 

results are not possible 
that are not precisely 

Atmospheic turbulence 

Figure 1. Disturbances which contribute to dynamic distortion in the night environment. 



6-5 

Figure 2. Free-stream turbulence simulation approaches for supersonic wind-tunnel tests. 

Figure 3. Choked-throat turbulence generator. 
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Figure 4 Comparison of turbulence generator and ßight vehicle power spectral density characteristics. 
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Figure 5. Schematic drawings of pulsating jet disturbance generator. 

Figure 6. Power spectral density characteristics of a pulsating jet generator 
Pressure oscil/ations induced at frequency of IS Hz. 



Figure 7. Inlet simulator/turbulence generator testing concept.
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Figure 8. Hydrogen-fueled temperature distortion generator.
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3.0 INSTRUME'T VriON 

The investig lion of distortion-induced instabilities requires special instrumentation that is capable of high 
response as well as steady-state outputs. The param'ters of primary interest are pressures, temperatures, 
positions or displacements, and vibrations. Rate information, such as engine speed and flow measurements, is 
also required for reference purposes. With this information it is possible to evaluate the temporal and spatial 
relationships of total pressure recovery, temperature gradients, and flow direction as well as transient response 
resulting from engine and inlet instabilities. These data are used to develop distortion coefficients, compressor 
face pressure profile maps, and time histories for transient analyses in order to gain a better understanding of 
dynamic interactions at the engine—inlet interface. 

The following discussion treats instrumentation from the point of view of the user who is attempting to obtain 
valid information with which to perform his analysis 

3.1 Physical and Environmental Considerations 

To make high-response measurements, the sensing elements must be as close as possible to the parameter 
being measured . For example, pressure and temperature must be sensed in the flow stream , and vibration and 
position measurements must be made at the bearing, actuator, or at particular points of interest. This require¬ 
ment imposes serious size, weight, and environmental limitations on transducers because, to be in the stream, 
they must be within probes and rakes. The probes and sensors must be as small as possible to minimize their 
effect on the variable being sensed and on the flow entering the engine. Transducers used most successfully 
have been less than 1/8- by 1/8-inch in diameter and length, which permits conventional rake and probe designs. 
Mechanical problems have been experienced, such as the breaking of very fine electrical leads and hypodermic¬ 
sized reference pressure tubes leading to the differential pressure transducers. Also, transducers of this size 
are fragile. They must be protected against foreign objects striking the diaphragm and against physical defor¬ 
mations caused by mechanical pressure on the mounting retainers, which distorts the transducer and perma¬ 
nently modifies the calibration. 

The temperature and vibration environment requires special consideration. Even in wind-tunnel and 
engine test facilities, a significant range of temperatures is encountered. Because of their location, the trans¬ 
ducers are exposed directly to stagnation temperatures of 0 to 250° F or higher. Many of the transducers now in 
use have large temperature sensitivities for which corrections must be made . Also because of the transducer's 
location, vibration tests should be made with the transducer installed in the rake to assure its proper operation 
when probe resonances amplify the accelerations imposed at the base. For example, piezoelectric transducers 
have been found to be quit^ sensitive to vibration. 

In the flight environment the problems multiply, especially for flight above Mach 2. References 10 and 11 
describe F-lll flight experience with dynamic instrumentation, and reference 12 describes YF-12 Mach 3 ex¬ 
perience. Regardless of the speed, an ever-present problem is finding space to install the propulsion flight- 
test instrumentation components and to route wiring through an aircraft that has been carefully designed to use 
every bit of internal space. Not only must the sensors be small, but the signal conditioning and recording 
components as well. At high speeds the problem becomes more difficult, because transducers, connectors, and 
wire must be inordinately large to withstand the temperature. Air-conditioned electronics bays are smaller 
because of limited cooling capability, and they are seldom near the propulsion system, so that long wiring runs 
are required. This works to the detriment of high-temperature transducers that require short, low-impedance 
wires to their signal conditioning units. The development of high-temperature electronics is urgently needed to 
alleviate this problem. 

3.2 Sensing Probes 

Dynamic sensing requires at least one sensor for each parameter being measured, so that a pressure 
commutator sampling-type system cannot be used. Thus high-frequency transient investigations necessarily 
involve large numbers of individual transducers and recording channels. 

3 2.1 Pressure Measurements 

Pressure measurements are of primary concern in investigations of dynamic distortion and propulsion insta- 
jilities. There are several approaches to making dynamic pressure measurements (fig. 9). The simplest and 
most direct is to install absolut • pressure transducers in the tubes of each dynamic rake (fig. 9(a)), but this 
does not usually produce satisfactory results. Absolute pressure transducers must have a range of 1 or 2 
atmospheres. Typically, such a transducer will have an accuracy of 2 or 3 percent and ultimately will be 
digitized to a 9 to 11 bit word for analysis on a digital computer. Because most inlet pressure fluctuations of 
interest are of the order of 2 or 3 percent of the average total pressure, these pi -“ssure fluctuations are so small 
that they are lost within the noise, accuracy, and resolution of the absolute pressure transducer, as illustrated 
in figure 10(a). 

An alternate approach is to measure the small-scale pressure fluctuations with a small range differential 
pressure transducer and to measure the absolute steady-state pressure separately. As illustrated in fig¬ 
ure 10(b), this provides a high resolution of the dynamic component of the piessure and a separate measure of 
the steady-state absolute pressure. The high-frequency absolute pressure. Pabs. can be obtained by adding 

the high-frequency differential pressure. AP, to the steady-state absolute pressure, Psg: 

P u - P + AP abs ss (1) 

However, dual measurements create problems. First, the number of parameters to be measured is doubled. Sec¬ 
ond, the two measurements are often spatially separated as shown in figure 9(b) . If they are brought together 
as shown in figure 9(c), there may be interference between the probes, especially for directional flow in the 
plane of the two probes. If they both share the same tube as in figure 9(d), the diameter and volume of the 
steady-state absolute pressure tube could affect the dynamic measurements of the differential pressure 
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transducer. These types of probes have been used successfully in test facilities in which the steady-state pres¬ 
sure can be stabilized. But in flight, where only quasi-steady absolute pressures are experienced, the accuracy 
of the high-frequency absolute pressure measurement cannot be assured because of lag in the steady-state abso¬ 
lute pressure. 

A third approach is to use a reference pressure system (fig. 9(e)) such as is used frequently in wind- 
tunnel pressure tests. The reference pressure is established at the level required to keep the low range differ¬ 
ential pressure on scale. The high-frequency absolute prc sure is obtained by adding the high-frequency 
differential pressure to the reference pressure: 

Pabs ^ref 
* AP (2) 

This method does not significantly increase the number of parameters to be measured if a common reference 
pressure can be used for many AP transducers. A significant improvement in the accuracy of the absolute pres¬ 
sure measurement is possible with this method if a very precise measurement of reference pressure can be made. 
This improvement in accuracy can be shown by a numerical example: Assuming a 20 psi absolute pressure to be 
measured, the 2.5-percent absolute pressure transducer would provide a 0.5 psi accuracy. On the other hand, 
a reference pressure transducer with an accuracy of 0.5 percent would provide 0.1 psi accuracy plus the accu¬ 
racy of thv small range differential pressure transducer. Using instead a 2.5-perrent differential transducer 
with a 6 psi range, the accuracy of the differential measurement is 0.15 psi. which, when root-summed with the 
reference pressure, still provides an accuracy of 0.18 psi or approximately three times the accuracy of the 
direct pressure measurement technique. Even better accuracy can be obtained if lower range differential trans¬ 
ducers can be used . 

In flight, where pressures change over a wide range, a floating reference pressure system has been the 
most successful. In this system (fig. 9(f)) a reference pressure tank is connected to a port in the duct which 
has a pressure that closely follows the other pressures being measured. This permits very low range differen¬ 
tial pressure transducers to be used, thus improving the accuracy of the absolute pressure measurement. In 
designing the system. care must be taken to select the tank volume and tubing and orifice sizes so that the 
differential transducers do not go off range and the tank plus reference line pressures change at essentially the 
same rate for all normal and most emergency transients that can occur during flight operations. 

3.2.2 Frequency Response 

Knowledge of the amplitude and phase relationships of the input and output pressures is essential in the 
analysis of high-frequency data. Although this applies to the entire data acquisition system, from sensor to 
playback , it is especially important to understand the pneumatic response of the sensing probe and tubing ahead 
of the transducer. This is usually the limiting factor. As discussed in reference 13. dynamic pressure may be 
measured by a resonant system such as that shown in figure 11(a). If the mounting length is short and the fre¬ 
quencies to be measured are low compared to the resonant frequency of the mounting tube, these measurements 
will be reasonably accurate. However, in some types of tests, a long mounting length is required because of 
space or environmental restrictions of the transducer. With long mounting lengths, a pressure wave entering 
the tube and traveling to the transducer is reflected back toward the source and continues to oscillate in the tube. 
This organ pipe effect causes a tube resonance with a wavelength of approximately four times the tube length, 
depending on the end volume at the transducer. This causes erroneous amplitude and phase measurements, as 
indicated in figure 11(b). In addition, amplification of the pressure near the resonant frequency may destroy 
the transducer. Resonance can be prevented by providing a constant-area tube extending beyond the trans¬ 
ducer as shown in figure 11(c). The added tube is called the termination tube, and the resulting pressure 
measuring system is called a nonresonant system. The amplitude response of this system is shown in fig¬ 
ure 11(b) to be constant over a wide frequency range. 

3.2.2.1 Resonant system 

For design purposes the resonant system shown in figure 12 may be represented as a second-order differ¬ 
ential equation if the pressure disturbance is very small compared to the average pressure, P. the tube radius, 
r, is small compared to the mounting length. L; the mounting length is small compared to the wavelength. A. of 
the pressure oscillation being measured; and the temperature gradient along the tube is essentially constant. 

P 
The amplitude ratio, . for sinusoidal inputs is 

rin 

and tl.e phase angle. <p . is 

(3) 

(4) 
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where 

us = frequency, in radians per second 

u>n = natural frequency, 

(5) 

Ç = damping ratio. 

4v 
(6) 

where 

P.p = average pressure and density of the gas within the internal volume 

V = kinematic viscosity 

y = ratio of specific heats 

From Eq. (3) it is seen that an amplitude ratio of 1 is obtained when ¡he natural frequency is high compared 
to the measured frequency. This occurs when tube length and volume are small and the radius is large. This 
configuration results in damping ratios which are typically of the order of 0.1. Because of the low damping, 

amplitude ratios greater than 1.2 occur when is greater than 0.4; however, the phase lag is less than 10°. 
n 

More precise computational relationships and design criteria are included in reference 14. 

Some typical experimental results for a high-temperature pressure transducer used in the XB-70 and YF-12 
night-test programs are shown in figure 13. The modifying effects of tubing length on the amplitude ratio of the 
basic transd icer without tubing are shown in figure 13(a), and the effects of changes in tubing inner diameter 
are shown in figure 13(b). Figure 13(c) shows the improvement in damping due to reductions in steady state 
pressure and the increased damping caused by the pressure disturbance being large compared to the stcadv- 
state pressure. 

These amplitude and damping ratios shift significantly when temperatures are significantly different from 
those at which frequency response calibrations were made. These shifts are caused by changes in the speed of 
sound and viscosity with temperature, which in turn cause changes in the natural frequency and damping ratio, 
as shown in the following relationships; r " 

0} 
n (7) 

Ç = ç ’ ’o 
(8) 

where 

% • Ç0 - calibration natural frequency and damping ratio, respectively 

T0’ p0~ calibration temperature and pressure, respectively 

From these relationships , it is apparent that an increase in temperature increases the damping and improves the 
amplitude ratio of short tubes (i.c., brings them closer to 1.0). For aircraft that fly at Mach 3, the corrections 
(Eqs. (7) and (8)) can be as great as 40 or 50 percent and cannot be ignored when interpreting results. 

3.2.2.2 Nonresonant system 

,r T!\e,rTr?0nant syste,m' 80rnetimes referred to as the "infinite line system." consists of a mounting tube 
(fig. lue)) of the order of 20 inches in length with a transducer mounted on as short a "T" section as possible 
followed by a termination tube approximately 50 feet long. If the termination tube is infinitely long, there will ’ 
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be no resonance because the pressure pulse entering the tube will continue to travel indefinitely . As a wave 
travels through the termination tube, attenuation occurs because of viscous effects This attenuation may be 
high enough that a reflected wave would not cause significant error and an intermediate-length termination tube 
could be used. The to*al error for the nonresonant tube system is a combination of the error due to attenuation 
and that due to reflection from the closed end of the tube. For the same transducer mounting length, the total 
error for the nonresonant system is less than the resonance error caused by terminating the tube at the trans¬ 

ducer . 

The idealized requirements for a nonresonant system are: 

(1) The cross-sectional area must be constant at all points in the system . 

(2) The tube internal passage must be smooth because sharp edges, burrs, steps, voids, or discontinuities 
create standing waves , resonance , and dynamic distortion. 

(3) All joints must be carefully made to eliminate pressure leaks. 

In practice , it is necessary to compromise these requirements to comply with the installation situation and to 
permit the use of conventional tube fittings where maintenance and removal is necessary. The effects of tube 
diameter, mounting length, termination tube length and enclosures, area discontinuities at the transducer, and 
discontinuities that occur in transitions from stainless steel to flexible tubing are discussed in reference 13. To 
summarize, frequency response improves with increased tube diameter and decreased mounting length. Ter¬ 
mination tube lengths of 20 feet are sensitive to end closures (opened. closed, and orificing), but 40-foot ter¬ 
mination lengths are not; however, closed lines cause a phase reversal. Nominal discontinuities at the trans 
ducer and at fittings and transitions to flexible tubing have negligible effect on the frequency response. Data 
obtained by Vernon D. Gebben of the NASA Lewis Research Center indicate some undesirable wave distortions 
when the mounting length is greater than half the wavelength (fig. 14). 

A tubing mockup of a typical flight-test high-temperature rake installation was tested at the NASA Flight 
Research Center. The mockup included two right-angle turns in 0.210-inch-inner-diameter lines with the 
transducer located 20 inches downstream of the port and behind two right-angle bends in the 0.210-inch-inner- 
diameter tube. Figure 15 shows effects of terminated and nonterminated system response for a 10-percent disturb¬ 
ance at 15 psia, as seen by comparing figures 15(a) and 15(b) Vuth the tube terminated at the transducer 
(fig. 15(a)), the primary amplitude ratio at a resonance of 10 occurs at 160 hertz followed by typical harmonics; 
whereas figure 15(b) shows the response to the same input when a 50-foot termination length is added. Only 
minor disturbances of less than 10 percent in amplitude remain. These minor resonances were not caused by 
the turns, for the same result was obtained when the test was repeated with 20 inches of straight tubing ahead 
of the transducer. The resonances disappear when the steady-state pressure is 5 psia (fig. 15(c)), but they do 
not increase when the pressure is increased from 15 psia (fig. 15(b)) to 25 poia (fig. 15(d)). 

One major problem which prevents extensive application of nonresonant line techniques in flight is the 
storage space required for the termination tubing. Also, large temperature gradients which adversely affect 
the response can exist along the length of the tube. It may be possible to reduce the tt->"ination length by 
gradually reducing the tubing diameter to zero; however, neither this approach nor the effect of the termination 
length on the phase shifts has been verified experimentally. 

3.2.3 Frequency Response Testing 

Because of the uncertainties associated with the pneumatic response of pressure probes, it is essential that 
proposed designs be evaluated thoroughly in the laboratory and that the results be verified when the probes 
are installed to check both the probe and the data acquisition system . Several types of devices have been used 
(refs. 15 to 18) to check the frequency response. Several of these are illustrated in figure 16. 

The piston type of device is simply a sealed piston driven by a shaker motor. Reference transducer meas¬ 
urements are compared with measurements from the test installation and transducer. The inlet pressure modu¬ 
lation device operates like a siren, in which a rotating disc with a series of holes modulates the pressure 
supplied to a test chamber containing reference and test transducers. The frequency is controlled by the rota¬ 
tional speed. The test chamber must be carefully designed to prevent unwanted resonances; however, it is 
small and light, thus lending itself to portable on-site applications. 

The resonant fluid oscillator or whistle (ref. 18) is a resonant tube which is excited by turbulent air 
supplied at one end. The frequency is controlled by a movable piston at the opposite end. Three taps are pro¬ 
vided at several stations along the tube. The tap used depends on the timing piston position and the location of 
resonant nodes. This system is noisy and must be isolated from the operator. 

A pressure generator must be capable of producing sinusoidal pressure disturbances that are a large frac¬ 
tion of the average pressure. Mechanical devices like the piston and siren meet this requirement at low frequen¬ 
cies, but they fall off significantly at high frequencies, as shown in figure 17. Resonant fluid oscillators per¬ 
form well at very high frequencies, but have no low-frequency capability. Hence, some combination of the two 
types of devices is normally used. 

3.2.4 Compressor Face Rakes 

Compressor face rakes are usually designed for particular applications on the basis of the engine-inlet 
geometry, the technical objectives, and the transducer size, limitations , and operating characteristics. For 
example, the rake shown in figure 18(a) was designed for a frequency response of 400 hertz using a semi¬ 
conductor strain gage transducer. The offset was provided to prevent foreign objects from striking the fragile 
diaphragm of the transducer. The rake shown in figure 18(b) was designed with a sliding piston that allowed 
zero pressure levels to be established so that corrections could be made for zero shifts of the transducer with 
changes in temperature. The rake shown in figure 18(c) was designed for a high-temperature flight application 
where transducer size could not be reduced, thus requiring a very large rake. 
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3.2.5 Flow Direction Sensing Probes 

It has been suggested that time-variant flow angularity at the compressor face may be more important than 
time-variant total pressure. Flow angularity effects have not been extensively investigated because as many as 
five high-response pressure measurements are required to determine the flow direction and velocity at a single 
point. In addition, the phase relationships between these five measurements must be known. Several probes 
suitable for angularity measurements are shown in figure 19. Details of their design and calibration are given 
in references 12 and 19 to 21. A high-response hemispherical head probe will be used in the YF-12 flight tests. 
The response of this probe is shown in figure 20. 

In the future the development of the laser doppler technique may improve the prospects for extensive eval¬ 
uation of flow direction and velocity at the compressor face. This technique has the inherent advantage that it 
does not require the installation of a rake or probe in the stream. 

3.2.6 Shock Position Sensing Probes 

The position of the shock in the inlet can significantly affect the dynamic distortion observed in supersonic 
inlets. This is particularly true of inlets that utilize internal as well as external compression. 

Shock position can be determined by sensing the pressure, '»mperature, or density discontinuity across 
the shock; however, this requires many measurements. Pressure measurements are the usual means of deter¬ 
mining the shock position. If it were not for the interaction between the shock wave and the boundary layer, it 
would be easy to measure shock position; however, the sharp pressure rise across the shock causes the bound¬ 
ary layer to thicken or separate, as shown in figure 21. This makes it possible for high pressures to be trans¬ 
mitted upstream through the boundary layer so that a gradual rise in static pressure is measured rather than 
tl • abrupt jump predicted by theory. 

Two static pressure shock position sensors that have been used with some success are shown in figure 22. 
The stiletto-type probe shown on an F-lll inlet in figure 22(a) was aft-mounted and protruded »br^gh the 
shock wave. Lead shot was used to damp the oscillations of the probe. The raised shock sensor strip 
(fig. 22(b)) was wall-mounted on a strut to isolate it from the duct boundary layer. Both sensors minimize the 
boundary layer thickness and thus measure a more abrupt pressure rise betweer pressure taps than wall 
statics. Both steady-state and high-frequency pressure measurements have been made using these sensors. 
Total pressure probe shock sensors are not desirable for shock position measurements because they disturb the 
supersonic stream when they protrude through the shock. 

<a) Col 

Figure 9. Schematic drawings of dynamic pressure measurement approaches. 



(e) (f) 

Figure 9. Concluded. 
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Figure 10. Illustration of dynamic pressure sensing techniques. 
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Figure 12. Diagram of typical resonant system variables. 



Figure 13. Effects of key variables „n dynamic response of resonant systems. 
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Figure 15. Concluded. 
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Figure 20 Frequency response of hemispherical flow direction probe. 
SP = 2 psi. 
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Figure 21. Boundary layer growth and sensed static 
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Figure 22. Shock position sensors. 
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(b) Raised shock sensor strip. 

Figure 22. Concluded. 

3.3 Transducers 

Many types of transducers have been used to investigate distortion-induced instahilitip« Thpc» 
ducers utilize numerous measuring techniques to provide the required accur^ andïesoonse For orZur. 
and position measurements the most suitable techniques involve the use of strain gages (bonded unbonded 

3.3.1 Fluidic Temperature Sensor 

•f i. 457 '‘Vf (9) 

where 

K 
'fÊ • * e0ri"""' "l’ich «" '"e Í" composition and in. sensor geomotry. Because Ihe gas .hose 

good cy (.1.5 percent) is not obtained until a pressure of approximately 4 psid is reached. 

np«JÍnmaí.0r feg,urf of '.he nuidic temperature sensor is its fast and accurate transient response 
response transfer function can be represented by two first-order lags in the following form: 

The dynamic 

1 - t,s 1 + y (10) 

0.03 second, and t2 = 6.7 seconds. 

chromel constantan thermocouple havintr a bead diameter nf n ni .nro. ... ■ . PO® junction 
sensor body is mounted directly in the hot gas stream •*"<!»>. This response is possible because the 
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Thermocouples and resistance wire temperature sensors with response similar to the Huidic sensor can be 
built, but they are short lived because they must be constructed of very fine wire that does not hold up in the 
severe test environment of aircraft inlets and engines. 

3.3.2 Eddy Current Displacement Sensor 

The eddy current displacement device senses the impedance change due to the generation and decay of eddy 
currents within a conductive plate. The conductive plate shown in figure 25 experienced a motion in response 
to the desired measurand (e.g., pressure, distance, force, acceleration). The coil, which is driven by an 
oscillator, induces eddy currents in the plate. The electromagnetic coupling between the coil and the conductive 
plate depends on the distance by which they are separated. Thus a measure of this coupling is a direct indica¬ 
tion of the distance, which in turn is related to the measurand through a spring constant of the diaphragm mate¬ 
rial . The coupling is sensed as a change in the driving power of the generator in response to the load of the 
effective resistance and inductance of the coil. Movement of 10'* inches can be resolved in this manner. 

Non-contact measurement of the oosition of any conducting material can be made using this concept (e.g., 
bearings, compressor tip clearance, and components internal to controls and actuators) without drilling holes 
or otherwise jeopardizing the integrity of the housing. However, practical power limitations restrict its use to 
distances less than 1/4 inch. 

The eddy current principle is closely related to that used in variable reluctance transducers (ref. 22), in 
that a change of magnetic coupling between a coil and a deflection member is used. It differs in that no ferro¬ 
magnetic materials are used, and electromagnetic coupling is between a simple coil and the eddy currents pro¬ 
duced by it in a nearby conductor. 

In the actual construction of an eddy current transducer, two coils are used: One experiences the impedance 
change due to the measurand, and the other compensates for undesired environmental effects. Figure 26 illus¬ 
trates schematically three types of transducers, each with two coils. Each coil is used as a component in an arm 
of an impedance bridge. Since two coils and a bridge are used, the transducers are insensitive to nuclear radia¬ 
tion and temperature. 

A schematic diagram of the associated circuitry is shown in figure 27. An oscillator is used to excite both 
coils through a driver amplifier. An error signal from the bridge is amplified and used by the- demodulator for 
phase detection. The Q.tected signal constitutes an analog output that is proportional to a change of the measur¬ 
and. 

Transducers employing this technique have been used successfully over the wide temperature variations 
that occur in flight tests (ref. 12) of supersonic aircraft; however, they tend to be larger (1/2 inch in diameter) 
than desired, especially for pressure transducers which must be installed in rakes (fig. 18(c)). For lower tem¬ 
perature applications (less than 175° C), miniature pressure transducers (0.125 inch in diameter) with semi¬ 
conductor strain gages have been used successfully; however, they experience zero shifts with temperature and 
have fragile diaphragms which must be protected from foreign objects carried in the airstream. Figure 28 shows 
three types of semiconductor sensing arrangements that are all incorporated in a bridge-type sensing circuit. 
In the first, the diaphragm itself is fabricated of semiconductor material which is part of the sensing circuit. In 
the others, the diaphragm is metal and a semiconductor post or bonded strain gage is used to sense displacement 
of the diaphragm . 

Pressure transducers with unbonded wire strain gages have good sensitivity and output but too frequently 
fail because of vibration and shock, which may be as great as 100 g in an inlet during stalls and unstarts. 
Bonded strain gage transducers are more rugged but less sensitive. Although piezoelectric transducers are 
rugged , they do not provide a steady-state output and they tend to be unpredictably sensi.ive to vibration. 
Thus the semiconductor strain gage has been preferred for moderate temperature applications, and the eddy 
current and piezoelectric principles have been used at high temperatures (ref. 12). 

3.3.3 Precision Pressure Measurements 

Great advancements have been made in recent years in precision measurement of absolute pressures. It 
is not unusual to find devices capable of measuring to within 0.01 to 0.05 percent over the full instrument range. 
Transducers of thir quality are being used frequently to measure reference pressures and in applications where 
frequency response is not required. All transducers of this type have digital encoders with a direct binary out¬ 
put . The earlier ones had encoders on the output shaft of a null-balance-type servo sysfem. The response of 
these units was generally limited by the maximum drive rate and inertia of the gear train. Recently, more accu¬ 
rate transducers use frequency sensing concepts that can be electronically counted without resorting to measur¬ 
ing mechanical motions or turns of a servosystem. These transducers have a higher response (5 to 10 Hz) that 
is limited only by the counting and update cycle and the length of the tubing leading to the units. Normally, 
these devices must be kept in a temperature-controlled environment and are large '0.5 ft5) and expensive. 
This limits their application to only the most critical measurements. Since the accuracy of these transducers 
approaches the accuracy of primary laboratory standards, they must be calibrated with extreme care. 

3.4 Recording Systems 

Analysis of distortion-induced instabilities requires permanent records for data processing after the tests. 
The recording system must be capable of reproducing the waveforms at very high frequencies and with good 
accuracy and resolution. Only magnetic tape or disc recording systems can meet these requirements. However, 
great care must be taken to ensure that signal conditioning, modulation, and multiplexing techniques do not dis¬ 
tort the result when it is processed through the required analysis routines. It is extremely important that the 
investigator thoroughly understand the strengths and weaknesses of the recording system used . 
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A typical magnetic tape system accepts test data in analog form from transducers, converts the signal from 
analog to frequency modulation (FM) or pulse code modulation (PCM), multiplexes the FM or PCM signals, and 
records the multiplexed signals on a 14-track, 1-inch magnetic tape. Coded time-of-day signals, voice comments, 
and calibration and reference signals are mixed with the test data and recorded on tape. Details on these sys¬ 
tems are included in reference 24. 

3.4.1 Magnetic Tape Systems 

Th“ tape transport mechanism in a magnetic tape system consists of a tape drive system, record head 
assembly, and control circuitry. The unit is capable of recording 14 simultaneous tracks of data on 1-inch mag¬ 
netic tape. at any one of six preselected tape speeds Tape speeds of if, 3f, 7+, 15 30, and 60 inches per sec¬ 
ond may be selected. 

A simplified form of tape transport is shown in figure 29. The supply reel feeds out tape and provides hold¬ 
back tension to ensure intimate contact of the tape with the heads. The tape transport is fitted with a motor for 
rewinding the tape and a brake to decelerate the reel rapidly and smoothly when the tape motion is stopped. 
Hold-back tension can be obtained by energizing the rewind motor in an opposing direction, by applying the 
brakes , or by a combination of the two. The inertia roller is connected to a flywheel and smooths out variations 
in tape speed which could be caused by uneven torque or motion of the supply reel. 

The capstan is the most critical element in the tape transport because it directly controls tape speed. Any 
eccentricity or bearing irregularities of the capstan and shaft would introduce corresponding periodic speed 
variations in the tape. 

Speed errors will also be introduced by variations in tape tension caused by the transition from a full to an 
empty reel, or they may be the result of rapid changes in tension caused by uneven winding of the tape on the 
reels. These speed variations are usually expressed in terms of wow and flutter. These are terms established 
in the audio recording field and generally used in instrumentation recording as well. Wow is defined as a 
momentary variation in tape speed that occurs at a rate less than 8 hertz, and flutter is defined as a momentary 
variation in tape speed that occurs at a rate greater than 8 hertz but generally not exceeding 100 hertz. Most 
recorders contain their own precision frequency source to ensure precise tape speeds , independent of the vary¬ 
ing voltages and frequencies of the power supply. Misalignment of the tape guides and skew of the tape across 
the heads also cause flutter. Flutter is the dominant cause of error in FM systems. 

The advantages of a magnetic tape system over other types of recording systems are: 

(1) Magnetic tape has a wide frequency range from steady statu to megacycles. 

(2) Tape has low inherent distortion characteristics. Ir “c:urast to a galvanometer or other mechanical 
devices, overloading does not permanently damage the hardware. 

(3) The signal information is preserved in its electrical form, so that the original event can be recreated. 
This lends itself to automatic reduction of data. 

(4) Recordings made on tape are available for immediate playback . with no time lost in photographic proc¬ 
essing. 

(5) The tape itself is reversible, since it can be erased. 

(6) The tape can be played back thousands of times , which permits ’very bit of useful information to be 
extracted from the recording. 

(7) Tape provides multiple channels of information . Hundreds of ch.innels of information may be recorded 
simultaneously using various multiplexing techniques (ref. 24). 

(8) Tape provides the ability to alter the time base. This permits events to be recreated on playback either 
faster or slower than they actually occurred. 

3.4.2 Signal Conditioning and Modulation Techniques 

The primary purpose of signal conditioning is to make the output signal of a transducer compatible with the 
recording or modulation equipment, or both. I*, is also frequently used to provide some means for calibrating 
the instrumentation. A requirement for signal conditioning is usually generated by the type of transducer used 
in an instrumentation system. 

Signal conditioning equipment can be designed to serve a number of purposes . Some of the more common 
functions are as amplifiers, filters, balance networks, FM subcarrier oscillators, and calibration circuits. 

Modulation, as used here, means varying an electrical signal so that the variations convey the data in a form 
that is readily acceptable for recording on magnetic tape or for teiemel -ing to a remote station. The two most 
practical methods are pulse code modulation and frequency modulation. Pulse code modulation represents the 
output data by a number composed of a series of discrete codes which are proportional to the voltage input. The 
data are time-sampled and recorded in digital form as a series of binary digits. In frequency modulation, 
changes in frequency convey the data rather than changes in amplitude. A voltage-controlled subcarrier oscilla¬ 
tor converts changes in the data intelligence carried in the amplitude of the input signal to changes in frequency. 
An FM system is frequently used when a frequency response is required that is beyond the limits of the conven¬ 
tional PCM systems. 
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Even though these modulation techniques permit transmission and magnetic recording of data, the Problem 
of simultaneously handling a large number of signals remains. That is, it must be possible to record more th 
one signal per track . These data input signals must be combined in such a way that the composite signa may 
later be separated again into the individual data input signals. 

3.4.3 Multiplexing 

There are two distinct techniques for multiplexing a number of input data signals into one data channel, 
time-division multiplexing and frequency-division multiplexing. 

Time-division multiplexing requires an instantaneous sampling of a number of signal inputs on a sequential 
basis as shown in figure 30. If the data input signal is interrupted regularly for short periods, a curve can be 
drawn through the recorded sampling which will be the curve which would have been recorded continuously . 
It has been shown experimentally that an accurate reproduction of a sine wave can be made by us'^ five sanlP eS 
oer sine wave cycle. Since the data input signal is being sampled at discrete intervals, it is possible to use the 
time between thLe sampling intervals to sample other data input signals (fig. 31). It should be noted that meas¬ 
urements cannot be recorded simultaneously by time-division multiplexing. 

Time-division multiplexing is. of course, equally valid for nonsinusoidal signals if the sampling rate is at 
least five times the highest significant frequency component. Thus for high frequency response, ® b gh 
sampling rate is required which generates a large quantity of data. For this reason time-division multiplexing 

is not normally used to record high-frequency data. 

Frequency-division multiplexing makes use of one subcarrier oscillator, which has a limited frequency band 
around a center fi^ -ency. for each data input signal. Each band is separated so that there ‘« no overtap or 
interference with adjacent channels. Figure 32 shows typical IRIG proportional- and constant-bandwidth ays 
terns For the proportional-bandwidth system the bandwidth is 7.5 percent of the center frequency; for ‘he 
«instant-bandwidth system the bandwidth is fixed regardless of the center frequency. The 
svstem is well suited for recording inlet pressure measurements because all the channels have approximately 
the same frequency response, thus permitting direct comparison of a large number of high-frequency measure¬ 

ments. 

The number of subcarrier oscillators cannot be increased indefinitely because the total frequency band 
available on a tape recorder is a function of the tape speed: 

Tape speed, in/sec 

60 

30 

15 

7Í 

3 ■f 

Available ba> ..vidth.Hz 

400 to 750,000 

40^ to 375,000 

400 to 185,000 

400 to 90,000 

400 to 45.000 

The available bandwidth increase is nearly proportional to the tape speed. This directly affects the recording 
time and the number of ^„nnels that can be recorded per track. In selecting a system for a particular applica¬ 
tion. tradeoffs must be made between bandwidth (which affects frequency response), number of channels to be 
recorded, and the recording time that must be derived from a given length of tape. The recording time is 
important in flight testing because it is impossible to reload the tape, and continuous recording is advisable to 
cover unexpected events. With currently available recorders, 1 to 2 hours of recording time is possible at 
15 inches per second, depending on the tape thickness and supply reel size. 

3.4.4 Recording System Requirements 

Dynamic distortion and other measurements in an inlet create unique requirements for a recording system. 
In eenaral, 200 steady-state channels and 60 to 80 channels of high-frequency information are adequate for 
inlet-engine compatibility investigations. The highest frequency of interest is twice the blade-passing fre¬ 
quency of the engine. If scale models are being tested, this frequency is normally increased by dividing it by 
the scale (i.e., a 1/3-scale inlet would require three times the frequency response) . 

Steady-state measurements are required to determine the reference conditions during a dynamic event. 
Accuracies of 1 to 2 percent with a resolution of 0.25 percent and a frequency responsie of 4 hertz are adequate 
The steady-state recording system should be capaole of accepting the direct input of digital transducers (13 bit 
or more) which are used .»hen higher accuracies are required. These requirements usually lead to the use of a 
PCM recording system for steady-state measurements. 

The measurement of noncyclic transients like engine stall and inlet unstart requires simultaneous recording 
of data or a minimal time delay between various channels of recorded data. Tolerable time delays are usually in 
the range of 1 millisecond, which requires a sample rate of 1000 per second for time-division multiplexed systems. 

Cyclic dynamic measurements present requirements that are in part dictated by the statistical analyses to be 
Boolied. The pressure fluctuations in an inlet may be as low as 1 percent of the steady-state pressure level; the 
resolution should be one-tenth of this for good statistical analysis, especially for digital data analysis. (See sec¬ 
tion 5 0.) For cross-correlation analyses the phase lag between two cha;.neis at the maximum frequency ot 
interest should not exceed 5°. At 500 hertz the time discrepancy can be only 28 microseconds. For constant- 
bandwidth FM systems which are most frequently used for inlet dynamic recording, this lag can be achieved only 
for channels that are recorded on the same track. It increases by nearly an order of magnitude for data recorded 
on adjacent tracks of the same head stack . Thus when cross-correlations or precise transient analyses are 
anticipated, the pertinent channels must be recorded on the same track or at least on the same head stack. 

J 



It cannot be overemphasized that the instrumentation and data acquisition system must be carefully integrated 
and coordinated with the data processing system requirements. 
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Figure 23. Fluidic température sensor. 

Figure 24. Transient response of temperature sensors. 

Figure 25. Variable impedance transducing principle. The impedance is a 
function of the conductive plate (diaphragm) position. 
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Figure 30. Time-division sampled sine wave. 
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describe the pressure patterns required for the particular distortion coefficient being considered. However, one 
set of results in reference 26 is unsettling to the would-be investigator and could lead him back to installing as 
many probes as possible. This study considers the distortion coefficients KRAD and K0 and the classic maximum- 

minus-minimum-over-average coefficient. It also considers nine pressure patterns that are typical of five differ¬ 
ent types of inlets and 12 rake configurations . Six of these configurations require analytical filling in equal area 
sections where measurements were not made. The filling procedures are outlined in reference 26. Sketches of 
10 of the rake and probe configurations are shown in figure 34. Using these 10 rake configurations, the h\erage 

5 probes per rake 

8-rake configuration 6-rake configuration 

• Probe locations (40i • Probe locations (30) 
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• Probe locations (?0i 
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• Probe locations (91 
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• Probe locations (161 • Probe locations (12) 
o Filled locations (8) o Filled locations (6) 

Figure 34. Rake and probe configurations 



error in calculating KRAD and KQ was determined for the nine pressure patterns . The results are summarized 

in figures 35(a) and 35(b) in terms of the total number of probes, the number of rakes, and the number of 
probes per rake. As expected, the accuracy of the computed distortion improves as the total number of probes 
and the number of probes per rake increase. What is not expected is the magnitude of the errors, which are as 
high as 35 percent when only four rakes are used to measure circumferential distortion and as high as 50 per¬ 
cent when unmeasured locations are mathematically filled on the basis of surrounding measurements. These 
results indicate that to achieve the best accuracy in computing circumferential and radial distortions, no fewer 
than 6 rakes with 3 probes per rake should be used. This provides 15 percent and 10 percent accuracy in K0 

and KRAD' re8Pectively • 'I'wo additional probes on each rake provide a larger increment in accuracy than the 

addition of two rakes. Filling should be avoided except to replace bad data and even then should be kept to a 
minimum. 

This analysis assumes an 8-rake/40-probe configuration as the standard, but for precise computation of 
K0 more rakes are needed. Furthermore, this analysis assumes no instrumentation error. A thorough analysis 

of this type should be made for other distortion coefficients being considered; otherwise, analyses and conclu¬ 
sions could be seriously in error. 

Probe 
Filled 

Number of rakes 

(a, K0. 

• Probe 
o Filled 

(b) 
KRAD 

Figure 35. Distortion errors as a function of probe displacement. 

4.2 Distortion Patterns 

Many investigators rely extensively on distortion patterns or maps as a basis for comparing ground facility 
simulations and flight results. But the previous discussion indicates that caution is in order. Figure 36 shows 
a single distortion pattern as obtained by each of the probe configurations shown in figure 34. Using the 8-rake/ 
40 probe configuration as the baseline, patterns developed by other probe arrays bear a decreasing resemblance 
to each other in almost direct proportion to the number of measurements. It would seem that to develop reasonable 
distortion patterns, either an 8-rake/40-probe or a 6-rake/30 probe confíguration is required; however, even 
these may not be adequate. Figure 37 shows the effect of rotating the reference distortion pattern shown in fig¬ 
ure 36 relative to the rake array. As indicated, rotating the 8-rake/40-probe configuration 22.5° significantly 
modifies the pattern. Even the classical maximum-minus-minimum-over-average distortion coefficient is dras¬ 
tically changed. Similar deformations of the distortion pattern occur for the 8-rake/12-probe and the 4-rake/ 
12-probe configurations. 

To summarize, the number of measurements depends on specific investigation requirements. If distortion 
patterns are desired, 40 probes on 8 rakes may not be enough . If 10 percent accuracy in K0 and KRAD is suf¬ 

ficient, 30 probes on 6 rakes are adequate. If other distortion coefficients are to be used, a similar study should 
be made before selecting the probe configuration . However, it appears that all 4-rake configurations create 
large uncertainties in pressure pattern and circumferential distortion measurements. Four rakes are adequate 
for measuring average total pressure recovery. This investigation casts a shadow over many conclusions and 
theories that have been developed from analyses of these types of data. 
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Figure 36. Measurement of a single distortion pattern by the probe configurations of figure 34. 
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5.0 DATA EDITING AND PROCESSING 

If measuring and recording stcady*state and dynamic parameters is classified as an engineering problem, 
editing and processing the data should be considered a management and decision-making problem . The sheer 
mass of the data collected in just a few minutes of recording time prevents detailed scrutiny by an engineer 
The multiples of similar records taken during a test program would take a lifetime to evaluate. Automatic data 
processing and screening is essential, because both the number of parameters and the rate at which they are 
sampled continue to increase at an unprecedented rate. As shown in figure 38. for five typical propulsion pro¬ 
grams conducted in an engine test facility over the past 10 years , the number of steady-state and dynamic 
parameters recorded has increased by a factor of five and the number of values that require processinir has 
increased by a factor of 10 or more. ” 

5.1 Data Processing Requirements 

Three types of data analyses are required for evaluation of distortion-induced instabilities. The first is the 
analysis of the steady-state data, which usually represent steady or quasi-steady reference conditions of the 
facility or flight vehicle. These include measurements such as Mach number, angles of attack and sideslip of 
the air entering the inlet; bleed, bypass, and primary duct airflows; positions and control signals for variable- 
inlet geometries; and flow rates at various points through the engine. 

The second type of data analysis involves transients measured by high-response sensors. This usually 
requires the time correlation of individual measurements and computed variables, such as instantaneous distor¬ 
tion, flow direction, and spatial visualization (e.g., instantaneous compressor face maps and duct pressure 
profiles). The analysis of transients requires that the wave shape be faithfully reproduced. For digital data 
this means high sample rates of at least 4 or 5 samples per cycle. 

The third type of analysis is statistical analysis, which converts the transient data during a given time 
interval into a stationary set of statistical parameters that represents the physical characteristics of the data. 
Certain criteria concerning randomness, stationarity, and normal (Gaussian) distribution over the time 
interval are verified to determine the extent of the analysis that is required and its validity. The most useful 
statistical parameters for evaluating inlet—engine problems are root mean square values, turbulence level 
/ Root mean squareN ... . . 
V Mean -/' probability density, power spectral density, and cross spectra density or 
coherence . 

The mathematical techniques and the attendant pitfalls of applying transient and statistical analysis are dis¬ 
cussed in reference 28. However, some additional comments are in order on problems that have been encountered 
and techniques that have been developed in handling and interpreting high-frequency inlet pressure data. Care 
must be taken in analyzing transient data to ensure that proper time correlation and phase relationships are main¬ 
tained. For example, digital data that are sequentially sampled at a given rate must be adjusted by suitable in¬ 
terpolation routines so that all data are presented at the same instant of time. One method which utilizes a 
Lagrange four-point interpolation routine is illustrated for a 24-channel system in figure 39. The Lagrange 
equation is » » o 

F = ~P(P - 1)(P - 2> it * (P* - »(P - 1) r . P(F + 1)(P - 2) „ P(P‘ - 1) _ 
I S rJ Jj -r~-F3 +-g-~F4 

where FFF^. F^ represent the sampled data, F* is the interpolated value corresponding to channel 12. and 

P = y as illustrated in figure 39. To minimize the interpolation error, all data are aligned with channel 12, the 

midchannel, so that the maximum value of P is 0.5. The errors induced by this routine are shown in figure 40 
as a function of frequency and the fraction of the sampling period , P. Aligning the samples to the midchannel 
minimizes the error, as would higher sample rates; however, higher sample rates increase the quantity of data 
that must be handled. Analog recording of data on a constant-bandwidth FM system is not immune to this prob¬ 
lem. In both recording and playback , tape speed variations, tape squirm , and positioning of the read and 
record heads can cause similar errors. 

Most data used for statistical analysis, even though originally recorded in analog form, are digitized for 
final analysis . During the F-l 11 flight tests , in which data were digitized into a 9-bit word by the onboard PCM 
system (ref. 5), it was found that the digital resolution and number of samples used in the analysis was critical, 
especially when the turbulence level was low A 9-bit word permits resolution of one part in 256 for a differen- 
Ual pressure transducer having a plus and minus range. A turbulence level of 2 percent spans only 5 increments. 
This causes the output to have a periodic appearance when, in fact, the output is random. Figure 41 shows the 
amplitude probability density (APD) for a 6-increment resolution and a 10-increment resolution. The APD for 
the 6-increment resolution has a strong dip in the center, which is characteristic when sinusoids are present; 
the 10-increment APD more nearly approaches the true Gaussian distribution. This problem can be partially 
alleviated by increasing the number of samples or by increasing the record length when the sample rate has been 
fixed. The improvement that resulted from increasing the number of samples is shown in the figure. Thus 
statistical analyses can be tainted if the turbulence level is small relative to the digital resolution and if the num¬ 
ber of samples is too small. 

In certain instances, such as in flight tests, it is necessary to apply statistical analysis during transient or 
quasi-steady conditions. Also, the sample rate and digital word size is usually fixed for convenience or because 
of recording hardware limitations. Special analysis techniques should be incorporated to eliminate slowly vary¬ 
ing transients, so that longer record lengths can be used during changing conditions. This can be done with 
high-pass or band-pass digital filtering. 
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Amplitude-probability-density functions provide insight into the nature of a random dynamic data trace 
which should ordinarily produce a Gaussian distribution. The saddleback characteristic caused by the presence 
of a sinusoid was observed in figure 41. Figure 42 shows some dynamic traces and their corresponding APD 
curves. Figure 42(a) shows a nearly Gaussian distribution, but figure 42(b) shows a skew characteristic due to 
the presence of more upward than downward spikes. Figure 42(c) shows the effects of a large content of nearly 
constant amplitude oscillations. 

Since inlet turbulence amplitude is largely random , any marked departure from a normal distribution curve 
is a warning that parts of the data may be in error. For example, the trace shown in figure 42(d) might be con¬ 
sidered valid, but the APD curve indicates a significant departure from a normal distribution caused by inter¬ 
mittent data dropouts. Instrumentation problems caused by amplifier limiting, exceeding transducer ranges, 
and non-random noise spikes are readily discernible from APD characteristics. 

5.2 Data Editing 

Although the huge quantity of data indicated in figure 38 is required to statistically capture significant 
events, only 1 percent is of primary interest and less than 10 percent can be reduced with a reasonable amount 
of time and effort. For example, the cost, manhours , and time to reduce 1000 minutes of dynamic data for an 
engine test program has been estimated to be 7 million dollars, including more than 80,000 manhours and approx¬ 
imately 1 year of full time effort. This demonstrates the need to select only the most critical events for detailed 
analysis, particularly during the development of a propulsion system. Dynamic data are required not only for 
the engine tests but also for several sets of inlet development tests, engine-inlet compatibility tests, and the 
final flight-test demonstration. To reduce the quantity of data analyzed, critical events can be selected only 
through some fairly sophisticated procedure such as real-time monitoring or post-test editing. 

The problem is to define and identify "significant events" in similar looking data such as those shown in 
figure 43. During early investigations of the effects of turbulence and dynamic distortion, arbitrary times were 
selected as a function of changes in certain steady-state parameters such as angle of attack , inlet geometry, and 
engine speed. These "reference conditions" were the basis for comparing wind-tunnel and flight results or for 
making parametric studies of nominal conditions. In general, though, they are not the critical conditions that 
might cause instabilities and therefore are of limited use in determining compatibility between the engine and 
inlet. 

A second approach to reducing the amount of data to be analyzed is to select only those times preceding 
discrete events such as an engine surge or stall, inlet buzz or unstart, or duct roughness. Although this 
approach is effective for engines and inlets with serious problems, it does not identify critical conditions of 
engine—inlet combinations with few overt compatibility problems. 

A third method for selecting critical periods to analyze is to study the turbulence activity within the inlet. 
This can be done by sensing RMS levels of individual measured parameters or by summing a group of RMS levels, 
such as the compressor face pressures, into a single RMS value. Thus data would be an&'yzed during periods 
of peak turbulence . Although peak levels of dynamic distortion are more likely to occur when the RMS levels 
are highest, the precise instants of peak distortion are not pinpointed. This procedure still leaves a large quan¬ 
tity of data to be sorted and analyzed. 

Since compressor instabilities occur when distortions of a particular type, depending on the engine, reach a 
critical level and remain there 'ong enough, it is desirable to compute the distortion coefficients in real time and 
record the times when the highest levels are attained. This can be done when the distortion is continuously 
computed, as in figure 44. The peak values are held until a larger value of distortion occurs which resets the 
threshold level against which the next peak will be compared. The location of each peak is marked on the tape, 
or the time of the event is recorded. The last mark or recorded time represents the largest peak during the 
data segment being analyzed. The times and levels of each of these peaks are recorded and data are analyzed 
only during the time surrounding the largest peak that occurs during the data run. Thus steady-state, transient, 
spatial. and statistical data would be computed only at the most critical periods. 

All distortion coefficients are not time dependent (ref. 29) and therefore are not suitable for instantaneously 
defining critical events. Those most frequently used are K^, K„, and the classic maximum-minus- 

minimum-over-average distortion coefficients which are rigorously defined in references 25, 26, and 29. These 
distortion coefficients can be adapted for conventional rake configurations having J equal-area rings and M 
equally spaced rakes by using Eqs. (11) to (14) For the engine distortion coefficient, 

KA-K»*bKRAD (11) 

For the circumferential distortion coefficient, K^: 

This assumes that the first harmonic of the Fourier series curve fit to the total pressures of a ring, which is 
the basis of the rigorous definition, is a good approximation to most physical data. 
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For the radial distortion coefficient, 

where all negative values of the <> quantity are set equal to zero 

For the distortion coefficient. D: 

D = 

- P. 
max mm (14) 

defined as follows: The symbols used in the preceding equations are 

b = weighting factor 

Dr = ring diameter 

i = rake location 

J = equal area rings 

M = total number of equally spaced rakes 

p = individual probo total pressure 
*2 
¿i 

P = average engine faoe total pressure 

f2 

P~ \ = ring average total pressure 

H 
Q = average engine face dynamic pressure 

i=l 

r = ring number 

0. - angular location of rake 
Compressor face geometry 

The "reference condition" and ' discreU' RMS'^nd^dynami^dfstoHion^approaches have been used in 

Ä.5ii;rr..TnSWrB“i ,^.Tv.rÄ,.. and », and «her r,...rch in- 

vestigations, 

nutation for dynamic data editing and processing are shown in the following tab . 

Analog computation Digital computation 

Solution rate 

Frequency requirements 

Increased problem 
complexity requirements 

Flexibility 

Memory 

1 Accuracy 

Instantaneous 

High-quality components 

More hardware 

Hardwired or patch board 

No 

2 percent to 5 percent 

Not real *ime 

High sample rates 

More time 

Software change 

Yes 

Less than 0.5 percent 
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Figure 38. Increase in propulsion data processing. 

Figure 39. Illustration o/ analog-to-digital converter characteristics and Lagrange interpolation 
interpolation procedure. 
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Figure 40. At'enuatiun characteristics of Lagrange interpolation techniques. 
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Standard deviation Standard deviation 

Figure II Amplitude probability density for a fi-mcremcnt and a 10-increment resolution. 
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Figure 42. Amplitude probability density for several 
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RMS, D, or P, 

Figure 43. Contour map and disiorfion representation of absolute 

total pressure variations. 
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Figure 44. Continuous distortion factor monitoring system. 
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Figure 45. Comparison of peak distortions computed by digital and 
analog techniques. 

Figure 46. Block diagram of digital data editing and processing system 
for dynamic data. 
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60 CONCLUDÍNG REMARKS 
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SUMMARY 

In this paper we discuss techniques used during engine design which ensure stable engine operation over the complete (light 

envelope of the aircraft in which it is installed. Adequate stability margin is required to allow for the expected levels of inlet distortion, 

engine to engine vanations, engine aging and excursions of compressor operating lines during transients. Since the stability margin can 

be increased by raising the surge line of a compressor, increasing its tolerance to inlet distortion and modifying the design to reduce the 

sensitivity to transients, all these topics are treated in some depth. Emphasis is placed on the d. ign for adequate stability margin and 

minimum penalty in engine fuel consumption, cost and weight. 
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I INTRODUCTION 

llie prime requirement for the propulsion system of an aircraft is the production of an adequate level of thrust at all times. 

In addition, the engine airflow is expected to remain fairly constant, and the engine vibration to remain low. These requirements have 

to be met over the entire flight envelope even when the aircraft and inlet system is stalled and the engine is subjected to other transients. 

These requirements thus preclude engine surge or massive rotating stall. However, the engine may operate for a time with some part- 
span rotating stall or end-wall separation and still produce adequate thrust and flow. 

The stability definition used in this paper is operational in nature and attempts to avoid the definition of the exact nature of the 

stability boundary. An engine is considered to operate stably if it is able to produce adequate thrust, at reasonably constant airflow, 

and within acceptable vibration levels. Thus, the required stability or surge margin is the margin between the engine operating line and 
the limit of engine stable operation. 

The required stability margin of a compression system has to make allowance for a number of effects including: 

( 11 the expected levels of inlet distortion 

( 21 the compressor tolerance to inlet distortion 

(3) Reynold's Number effects 

(41 engine-to-engine variations and tolerances 

(5) engine aging 

(6) excursions of compressor operating lines during transients 

For example, in a recent engine stability audit a compressor was estimated to need 20^ stall margin expressed in terms of pressure 
ratio at constant flow. This figure was the sum of the following requirements: 

Distortion. 5T 

Tolerances . 3T 

Deterioration. 2% 

Transients.HKí 

The modem engine has to satisfy a number of often conflicting requirements, such as, adequate stability, low fuel consumption, 

long life, low weight, and low cost. For example, stability margin could be achieved by matching the compression system below its peak 

pressure ratio and peak efficiency, but this would be in direct conflict with the low fuel consumption and the highest pressure ratio per 

stage requirement for low cost and weight. To achieve an optimum performance compromise the engine is, therefore, designed to have 
just enough stability margin to function adequately. 

In this paper we wit; discuss the basic design parameters which can be varied to increase the surge margin with undistorted flow, 

we shall then discuss design approaches to reduce sensitivity of compressors to inlet distortions and to transients. 

2. Fan and Compressor Design for Maximum Stability Margin with Undistorted Flow 

2.1 Peak FJFiciency on the Operating Lme 

The problem of providing enough margin to insure stable engine operation within the flight envelope is quite difficult and imposes a 

dilemma on the engine design^ >. A simple approach could be to match the compressor at its aerodynamic design point with the airfoils set 

at negative incidence. This would provide an increase in airfoil incidence range between the compressor operating line and its stability 

limit but would leak to an efficiency penalty along the compressor operating line. This section deals with the techniques which can be 
used to minimize the performance-stability trade. 

The total inefficiency of a compressor can be considered to be caused by the two dimensional profile loss and endwall boundary 

layer loss (Fig. 1 ). The profile loss of conventional subsonic airfoil sections r. primarily controlled by the incidence angle of the incoming 

flow and is a design variable (Fig. 2). A compressor designed with all airfoil 'ections matched at minimum loss (point A. of Fig. 2) may 
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not nave adequate stability margin because the airfoils may have inadequate incidence range from the design point to stall. If the com¬ 

pressor is rematched for adequate stability by setting the airfoil sections toward choke (point B. of Fig. 2) then the increase in profile 

loss results in decreased operating line efficiency (Fig. 3). 

A compressor matched toward choke usually nas its peak efficiency between the operating line and the stall line, and is a'ways 

matched on a steep portion of the pressure rise characteristic. Since the steepness of a compressor pressure rise characteristic is usually 

indicative of the compressor's ability to attenuate inlet distortion, the compressor designer may deüberately match the first stage of a 

multi-stage compressor toward choke in order to achieve an acceptable compromise between peak efficiency and distortion tolerance. 

It became apparent very early in the history of compressor development that the compressor endwalls, with the complex three- 

dimensional boundary layers generated by blade-wall intersections, had less incidence range and pressure rise capability than the 

relatively two-dimensional midspan regions. It was soon recognized that midspan airfoil sections could be designed close to minimum 

loss while the endwall sections remained at negative incidence. The compressor was usually designed with all sections at minimum los. 

and then "developed" toward acceptable stability by matching the endwall sections toward choke by a trial and error process. A typ-cal 

performance comparison is shown in Fig. 4. 

Progress in achieving adequate stability margin with minimum performance penalty is limited by our ability to predict and control 

the endwall boundary layers. For example, the wall boundary layer flow must be known to allow optimum inadence angle selection 

throughout the compressor. Many researchers have run systematic cascade and rotating rig test programs in order to develop correlations 

of endwall boundary layer growth. Hanley (Ref. I ) correlated cascade exit boundary laye displacement thickness with aerodynamic 

loading. He shows (Fig. 5) that there exists a cascade loading limit for a given inlet boundary layer displacement thickness to chord 

ratio, and that an increase in chord length in a compressor should provide increased pressure rise capabiUty. This trend has been substan¬ 

tiated in multi-stage compressors. It has also been shown that the range between peak efficiency and stall increases with longer chords. 

Engine designers are now using low aspect ratio compressors ( 1.0 to 1.5) in order to achieve high pressure rat.o/stage and to improve 

the efficiency vrs. stability trade. 

Direct application of the Hanley correlation (ref. 1 ) would indicate that the boundary layer could grow continuously through 

successive blade rows. However, in a turbomachine the endwall boundary layer from a stator (or rotor) is effectively reenergized (ref. 2) 

by the addition of wheel speed in the frame of reference of the following rotor (or stator). The succeeding blade row sees a highly 

skewed wall flow which has a reUtively constant velocity through the boundary layer (Fig. 6). This so-called “boundary layer transfor¬ 

mation”, which is governed by the air velocity triangles, and is a function of reaction and flow coefficient, makes the existence of 

equilibrium boundary layers possible in downstream compresso, stages. Application of the boundary layer theory allows the designer 

to optimize compressors for high loadings and still keep the boundary layers under control via the boundary layer transformation. 

Furthermore compressors ca" be designed with peak efficiency well away from the stability limit. 

It can be seen that progress in designing compressors with adequate stability and with peak efficiency on the operating line is 

restricted by our knowledge and control of the endwall boundary layers. Although the designer is now able to predict the end-wall 

and the profile losses and can optimize his design to achieve a balance between efficiency and stability, further improvements in the 

performance optimization could be forthcoming from active control of boundary layer growth using suction, wall contouring, and 

other aerodynamic devices. 

2.2 Effects of Tip Clearance 

Rotor blade tip clearance and cantilevered stator root clearance play an important part in establishing the loading capability of a 

compressor The work of Smith (ref. 3 and Fig. 7) illustrates the loss of pressure rise capability and hence the loss of available stability 

margin with rotor tip clearance and indicates the extreme importance of designing for minimum tip clearance. It is therefore not 

surprising that the modem engine designer uses extremely sophisticated techniques to maintain tight tip clearances. Engine transients 

are simulated on a computer in order to predict the running clearances accurately and the compressor materials are selected with 

appropriate coefficients of thermal expansion in order to maintrin constant clearances during transients. Outer cases are constructed with 

abradable materials and blades are sometimes machined in assembly to uniform length in order to obtain the precision of construction 

necessary to run with absolute n;inimum clearance. 

Increased tip clearance causes a significant reduction in compressor efficiency; however, any given compressor may respond 

differently because a change in clearance may also cause a change in radial flow pattem and therefore in stage matching. The reader is 

referred to the literature survey compiled by Reeder (ref. 4) for a review of available clearance theory. In practice a compressor is 

developed with a given tip clearance and rematcliing is usually necessary if the clearances are changed. 

Approaches to reduce the effective tip clearance by modifying the blade tip or the outer casing wall to block the leakage flow between 

the rotor tip and outer wall have been evaluated and used in engines. Attractive modifications are discussed by Hurliman (ref. 5). Fig. 8 

shows a tip modification evaluated successfully in a research fan. 
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2.3 Casing Trralment 

U has been recogmzed for some lime that the presence of a honeycomb casing rather than a normal smooth wall over a rotor tip 

could significantly increase the tip aerodynamic loading capability of the rotor. Alternative casing configurations have been evaluated 

sec or example ref. 6 and 7 ) and some of them have shown more promise than the honeycomb casing. The geometnes evaluated varied 

from those- a, show large increase in stall range and a large efficiency penalty, to those that showed some increase in efficiency with 

y little stall range increase A particularly attractive casing geometry is shown in fig. 9. It was applied over the rotor tip of a transonic 

fan and resulted in a significant mcrease in surge line a. all fan tip speeds (fig 10). The improvement in surge line corresponded to 

approximately a 40'/, increase in stability margin measured between the fan operating point at peak efficiency and the surge line The 
application of the treatment resulted in less than 1/2'/ reduction in fan efficiency. 

asso,r;T::XPljna:,0nS haVe been g,Ven ,0 danfy ,hC 'undi,rm'n,al nuid “"denying the large changes in performance 
d with the ase of casing treatment However, the explanations to date are not very satisfactory and designers are forced to use 

experimental results to guide their choice of configurations. 

Flow mechanisms responsible for the good performance of casing treatments were investigated at Pratt & Whitney Aircraft (ref 8) 
and United Aircraft Research Laboratory (ret. 9) in a water-tunnel using .low visualization. To simulate the relative motion between 

the outer casing and the rotor a moving belt was employed as one of tb * endwalls in a cascade (Fig. 11,. A number of tests were run 

w. h different casing treatment geometries cut in the belt surface. To simulate compressor operation near surge, the cascade was placed 
a, high incidence to the mam flow. Figure 12 shows flow patterns obtained near the moving wall. „ was observed that without befi 

motion there was a strong separated flow region a. the intersection of the wall and the blade suction surface. With belt motion and in the 

wfle C CaSmg ,rea,ment IhCre WaS n° Separa‘ion a‘ ,he $uc,ion s“rface ¡"fcrsection but now a vortex rolled off from the pressure 

From the observations made in the tunnel, a general description of the flow within the passage has emerged. This flow model is 

««ted in F<r 13. Near the wall a layer of fluid particles is dragged aiong at essentially wall speed and in the direction of belt motion 
Fluid partie es above this layer are entrained to various degrees depending upon the distance from the endwall and the effective 

roughness of the endwall The low energy blade suction surface is aspirated and the endwall boundary layer is swept across the blade 

passage to the adjacent blade pressure surface where the fluid folds up into a vortex. This effect is significantly stronger with casing 

r iran,a T T" The ,0,al and formation process adds some additional loss; but it markedly reduces 
the total boundary layer blockage and thereby increases the loading capability of the tip 

An additional fundamental mechanism responsible for the goodness of tip treatment has been proposed by Horlock and Lakwam 

delayed ^ ^ * ,rea,menl pr°VldeS a radial rd'ef so Ihe hlocka?c associated with rotating stall cell formation is 

The use of casing treatment is particularly appropriate when rotor tip loading is setting the compressor stability limit This always 
occurs when the fan ,s subjected to severe tip radial distortion and it is for this reason the fan stages of turbofan engines have been the 

first o benefit from the application of casing treatments. Application to other stages and refinement of the treatment to increase 
stability wifii a minimum efficiency and weight penally can he expected in the future. 

3 Design for Reducing the Influence of Fngine Aging and Production Tolerances on Stability 

3.1 Tip and Seal C learance Control 

It has long been recognized by engine designers that minimum compressor tip clearances and seal clearances are essential to achieve 
ine maxinum stability and performance for a given design. 

However, there are other clearances in an engine that can have equally strong effect on compressor stability High turbine tip clear¬ 

ances are particularly important. In a high bypass ratio turbofan of the jT9|> class, a 0.010" clearance change in the first rotor of the hig 

u me is equivalent to U in turbine efficiency and turbine work Furthermore a I9Í decrease in high spool work has the effect of 

raising the low compressor operating line roughly IT. Thus any increase, in the firs, turbine blade tip clearance quickly cuts into the 

sUbiUty'ma^in * ^ in ,0W ,urblne l,p <**«"«** has the effect of decreasing high compressor 

As indicated in Section 2.2 -he engine designer selects materials with appropriate thermal growths and relies on close production 

olerances ,n order to maintain tight tip clearances. Furthermore the entire bearing arrangement of an engine may have to Nr modified 
to provide tight clearance control throughout the whole life of an engine. 

3.2 Blade Erosion. Foreign Object Damage and Blade to Blade Variations 

I. is extremely d,IT,cult to quanfita.ively assess the effects of eroded and damaged compressor blade, on performance and stability 

Generally the engine manufacturer sets limits on the amount of damage a blade can sustain before it is structurally unacceptable Howeve 
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if lhe structural limits are not exceeded the engines are kept in service until hot section .emperature limits start to be exceeded or until 
engine stalls are encountered. 

A quantitative assessment of the influence of damaged airfoils on compressor stability is possible but requires information on the 

performance of the damaged airfoils. Such information is being acquired at P&WA for airfoils with non-standard leading and trailing edges 

future 14 shows two leading edge modifications that were made to 400 series airfoils. The blunt leading edge contour is representative 
ol the shape of the airtoil alter impact, whereas the rounded contour is representative of a salvaged airfoil whose leading edge has been 

reworked to blend out the damaged region. The performance of the airfoils is shown in FiS. 15. The stall incidence range is reduced 

significantly tor the modified airfoils and would result in a loss of stability margin in a compressor. The blunt leading edge airfoil looses 

positive and negative stall range and its minimum aerodynamic losses are at least double those of the nominal airfoil. The data indicates 
that blunt leading edges should be avoided and that some cutback and rounding of the leading edges may be tolerable. 

Some airfoil-to-airfoil variation is to be expected in a compressor row due to uneven wear of airfoils in service as well as due to 

geometry deficiencies allowed by manufacturing tolerances. Even for seemingly identical airfoils we have observed significant airfoil- 

to-air oil variation in losses, particularly at high inlet Mach numbers and when airfoils are operated near stall. To account for these 

variations the designer averages the airfoil properties in a compressor row and assumes that the row performance depends on this average 

Intuitively we would expect that for stability predictions the average properties should be biased towards those of the worst blades 
Additional work in this area is still needed. 

Airfoil-to-airfoil variation can give rise to different stability margins between engines of the same design. To reduce this uncertainty 

the designers strive to maintain close production tolerances and the researchers attempt to develop airfoils whose performance is not 
sensitive to leading edge contour. 

4 Design for Reduced Sensitivity to Circumferential Pressure Distortion 

4.1 Shape of Compressor Characteristics 

The lundamental approach to the understanding of the respense of a compressor to inlet circumferential distortion has been based 
on the so-called "parallel compressor theory," which makes three basic assumptions: 

( 11 At any circumferential position the pressure rise across the compressor is only a function of the local flow coefficient 

at the inlet and is equal to the pressure nse of the undistorted compressor operating at that local flow. 

(2) The static pressure after the last stator is circumferentially uniform. 

(3) The compressor stability limit is reached when the local flow coefficient at any portion of the circumference reaches 
the stalling flow coefficient of the undistorted compressor. 

These assumptions are shown schematically in Fig I h. The theory is easily extended to include inlet temperature distortion by 
locally adjusting the corrected rotor speed for varying inlet temperature. 

Since the parallel compressor theory yields a design philosophy we will give a simple example of the theory in order to make its 

consequences clear. It we consider two compressors, one with a steep characteristic and one with a flat characteristic (Fig. 17) operating 

behind the same inlet total pressure distortion then it is obvious that the distorted segment of the compressor with the fiat characteristic 

must operate at a much lower flow than the equivalent segment of the compressor with the steep characteristic in order to generate the 
required total pressure ratio. The segment with the lower flow must operate at a more stalled incidence and it follows that the com¬ 

pressor with the flat character.»uc will reach its stalling flow before the compressor with the steep characteristic. Thus parallel 

compressor theory implies that a compressor with a steep characteristic will have better tolerance to inlet distortion than a compressor 
with a flat characteristic. 

The steepness of a compressor characteristic is a function of the work input or the enthalpy rise coefficient (AH/U2) and the flow 

coefficient C/U (ref. 11 ) Where AH is the enthalpy rise, U is the tangential blade speed and C is the axial velocity. If wall loss and off- 

design incidence considerations are neglected then for a given aerodynamic loading the steepness of the compressor characteristics 

(fig. 18) remains basically a free design variable. Thus to minimize compressor sensitivity to mlet distortion, the designer tries to use the 
highest possible blade speed to obtain the steepest compressor characteristic. 

Parallel compressor theory implies that a compressor with steep characteristics attendîtes more of the inlet total pressure distortion, 
than a compressor with flat characteristics. This can be understood by the following argument 

( I ) The circumferential variation in mass flow is the same at the inlet and the exit of a compressor because of the 
parallel compressor assumption of no circumferential crossflow. 

(2) A compressor with steep characteristics has less variation in the inlet and the exit mass flow than a compressor with 
flat characteristic. 
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(3) Since the exit static pressure is circumferentially constant a compressor with steep characteristics has less variation 

in the exit total pressure than a compressor with flat characteristics. 

Attenuation of distortion is important, especially in a multi-spool compression system, where the rear portion of the compression 

system sees a small total pressure distortion if the front portion of the compression system is able to attenuate the inlet distortion For 

this reason, the designer attempts to limit the work level in the root sections of the front stages of a compressor in order to attenuate 

inlet distortion. This is particularly critical in turbofan engines where the fan root sections tend to have very flat characteristics. 

4 2 Influence of External Cavities 

The parallel compressor theory assumption that the pressure rise of each circumferential segment of a compressor is only a function 

of the local inlet flow coefficient is partly based on the o iservation that very little crossflow in ihe circumferential direction takes place 

within a compressor. This assumption has been examined in detail by a number of researchers (ref 12. 13, 14. 15. 161 and has been shown 

to be valid for conventional compressors in which the How is circumferentially constrained while it is within the blade rows and the 

axial gaps between blade rows are small compared to the compressor circumference. 

However, substantial crossflow can occur when the compressor is designed with external cavities which communicate with the 

compressor How path. Figure I*) shows circumferential variations in static pressure measured at several axial locations through a research 

compressor. II we assume an external cavity to exist in the middle of the compressor the circumferential gradient of static pressure 

forces the How into the cavity at the high static pressure segment of the circumference and out of the cavity into Ihe low static pressure 

segment of the circumference (Fig. 20(. In the low pressure segment the stages behind the cavity see an increased How rate due to the 

crossflow mass addition. Since the stages downstream of the cavity set the match point of the front stages, the low pressure segment 

upstream of the cavity must match to a lower flow in order to compensate for the crossHow . The net effect of this crossflow is to reduce 

the axial docity. and hence increase the stalling incidence on ihe blade rows in the low pressure segment in front of the cavity. By 

reference to ngure lb it can be seen that the distorted stall line of the upstream stages tends to be reduced. Downstream of the cavity the 

velocity is increased, the stalling incidence is reduced on the blade rows and the distorted stall line is increased. 

A large externa cavity tends to “decouple" the compressor into more highly loaded front stages and an isolated backend and in 

general reduces compressor tolerance to inlet distortion Rolls-Royce experimental data (ref 17) confirms the detrimental effect of the 

external cavities and verifies that distortion tolerance gains can be made by isolating cavities from the Howpath 

The importance if external cavities has :,een recognized by modem engine designers who attempt to minimize the external volumes 

and to design seal com gurations which isolate the cavities from the flow. 

4.3 Influence of Blading Aspect Ratio and Flow Coefficient 

Certain inadequacies of the parallel compressor theory became apparent as experience was gained in checking its predictions 

against data. For example the theory predicts that distortions of small circumferential extent cause a greater loss in average surge line 

than distortions of a larger circumferential extent. This can be seen by referring to figure lb and recalling that the circumferential 

segment with the lowest axial velocity is assumed to cause surge, whereas the surge pressure ratio and flow are calculated as the average 

for all segments. It was found, however, that experimental results were in disagreement with this prediction. Reid (ref. 181 conducted 

tests with distortions of varying circumferential extent (22.5°, 45°. 60°, W° . . land obtained the results shown in Figure 21. It can be 

seen that the small extents of distortion have little effect on the pressure rise capability of the compressor. Reid's work has led to the 

critical segment approach to distortion prediction, which is adequately covered elsewhere in this lecture series. Our main interest in 

this result is that the understanding of the cause of the disagreement between the simple theory and data has very important consequences 

to the compressor designer. This will become apparent after a short discussion of the physics of the problem. 

A rotor blade moving through a distorted How field which is stationary in the stator frame of reference experiences time depen¬ 

dent incidence and velocity fluctuations. A reduced frequency parameter, k. can be defined for the rotor, where 

b . 360 

r 0 

, where b = axiJ projection of rotor chord 

r = compressor radius at the blade section 

0 = distortion extent in degrees 

U = tangential blade speed 

C = axial air velocity 

The term — ( U/C) is a measure of the ratio of time a fluid particle remains in a rotor passage to the time the rotor spends in the 
r 

distorted segment. 
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The values of the reduced frequency parameter, k, vary from nearly zero for short chore compressors subjected to large 

extents of distortion to well over unity for long chord compressors subjected to small extents of distortion An analysis by Greitzer 

(ref Id) shows that for low values of k a distortion can be treated on a quasi-steady basis, the rotor blade responds as if it were 

subjected to the local velocity at a steady incidence angle Therefore, for low values of k the compressor should respond approximately 

as predicted by the parallel compressor theory. For high values of k, for example, for compressors subjected to narrow segment distor¬ 

tions, the rotor responds to the fluctuating conditions in a highly unsteady manner and basically responds to the average circumferential 

conditions. In these cases the compressor is much less sensitive to distortion than predicted by the parallel compressor theory. 

We are now ready to apply the unsteady now concepts to compressor design. Since the parameter k is proportional to rotor chord, 

the above discussion implies that if two compressors had identical pressure rise characteristics, and one of the compressors had X times 

the rotor chord of the other, it would respond to a 180° extent distortion in the same way that the second compressor would respond 

to a 180°;X extent of distortion. Thus the compressor with the longer rotor chords should be less sensitive to circumferential distortion 

than the compressor with the shorter rotor chords. Fuithermore, the stator chord length should be irrelevant for distortion tolerance 

since the stators see only the steady inlet distortion equivalent to k = 0 However, it should be noted that the stator chord length is 

significant for setting the shape of the undistorted characteristic and the surge line of the uudistorted compressor as discussed in 

section 2.1. 

An experiment was carried out to rify the unsteady How concepts outlined above (ref. 20). A series of three stage research com¬ 

pressors were subjected to 180° extent circumferential distortion. The results of the testing are presented in Figure 22. It is seen that 

the loss in surge line correlates well with rotor chord length and is basically indepent of stator chord. Thus the compressor designer 

should select long chord (low aspect ratio) rotors to achieve a more distortion tolerant compressor. 

The parameter, k, varies inversely with How coefficient. C/U. We can increase the distortion tolerance of a compressor by designing 

it at a low flow coefficient so as to benefit from the effect of unsteady rotor response. A low flow coefficient design is attractive for 

two other reasons: 

( I ) For a given pressure rise a low flow coefficient design tends to give a steep compressor characteristic which is 

desirable for good distortion tolerance and attenuation. 

(2) Low flow coefficient design yields a favorable "boundary layer transformation” as discussed in section 2.1 and gives a 

strong endwall boundary layer profile. 

Fven though very little systematic testing has been performed on the role of the How coefficient on distortion tolerance, modem high 

compressors tend to have low flow coefficients. 

At this point, it seems appropriate to point out that although we are able to use unsteady flow analy«.^ o estimate the effect 

rotor chords, flow coefficients and shapes of characteristics on distortion lolerance. we still cannot predict accurately the exact point 

of compressor instability. This still remains a difficult three-dimensional unsteady flow problem. 

4.4 Exit Boundary Conditions 

The importance of the major assumption that the static pressure at the compressor exit remains constant has not been adequately 

recognized by most researchers. It was generally felt that as long as a compressor was able to Pr ,duce a relatively constant exit air angle 

circumferentially, and there were no obstructions behind the compressor, then the exit stati pressure had to be essentially constant. 

This assumption was generally correct as is shown in Figure 19. However, during a series of experiments which were conducted at 

Pratt & Whitney Aircraft to evaluate distortion analysis models, certain r.namolies were noted in the predicted exit total pressure. For 

some configurations the compressor attenuatio. of a total pressure distortion was significantly different than predicted A study of the 

test data showed that in these configurations the exit static pressure was not constant circumferentially (Fig. 23) and indeed when the 

measured static pressure distribution at compressor exit was used as a new exit boundary condition the predicted total pressure 

attenuation was in close agreement with the test data. 

The geometry of the test configuration described above consisted of a compressor followed by a diffuser. In its simplest form 

this problem can be modeled by a "parallel diffuser" technique (ref. 21 ). with the diffuser subjected to the compressor exit profile and 

the static pressure circumferentially constant at the diffuser exit (Fig. 24). If we assume that no crossflow occurs in the diffuser, then 

the portion of the diffuser with low inlet velocity and hence low total pressure produces a lower static pressure nse than the portion of 

the diffuser with high inlet velocity and high total pressure. Since the diffuser exit static pressure is constant, the diffuser inlet static 

pressure must be high in the low velocity region. Thus the compressor will be backpressured by the diffuser in the low v' .octty region. 

Conversely a nozzle behind a compressor will serve to unload the compressor in the low velocity region. 

The presence of a diffuser behind a compressor will be detrimental to the distortion tolerance of the compressor since a portion of 

the compressor will simultaneously have to lace low inlet total pressure and high exit static pressure. The inlet velocity distortion will 

be further deepened by the effect of the diffuser, and the incidences and loadings will be increased. On the other hand a nozzle will 

lessen the sensitivity of a compressor to inlet distortion. 
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The values of the reduced frequency parameter, k. vary from nearly lero for short chord compressors subjected to larjie 

extents of distortion to well over unity for long chord compressors subjected to small extents ol distortion An analysis by Greltwr 

(ref Id) shows that for low values of k a distortion can Ik treated on a quasi-steady basis, the rotor blade responds as it it were 

subjected to the local velocity at a steady incidence angle Therefore, for low values of k the compressor should respond approximately 

as predicted by the parallel compressor theory For high values ..1 k. for example, for compressors subjected to narrow segment distor¬ 

tions. the rotor responds to the fluctuating conditions in a highly unsteady manner and basically responds to the average circumferential 

conditions. In these cases the compressor is much levs sensitive to distortion than predicted by 'he parallel compressor theory 

We are now ready to apply the unsteady flow concepts to compressor design Since the parameter k is proportional to rotor chord, 

the above discussion implies that if two compressors had identical pressure rise1 characteristics, and one of the compressors had X times 

ihe rotor chord of the other, it would respond to a 180° extent distortion in the same way that the second compressor would respond 

to a 180° X extent of distortion Thus the compressor with the longer rotor chords should be less sensitive to circumferential distortion 

than the compressor with the shorter rotor chords. Furlhennore. the stator chord length should be irrelevant for distortion tolerance 

since the stators see only the steady inlet distortion equivalent to k = 0. However, it should be noted that the stator chord length is 

significant for setting the shape of the undistorted characteristic and the surge line of the undistorted compressor as discussed in 

section 11. 

An experiment was carried out to verify the unsteadv How concepts outlined above (ref 20). A series of three stage research com¬ 

pressors were subjected to 180° extent circumferential distortion. The results of the testing are presented in Figure 21 It is seen that 

the loss in surge line correlates well with rotor chord length and is basically indepent of stator chord. Thus the compressor designer 

should select long chord (low aspect ratio! rotors to achieve a more distortion tolerant compressor. 

The parameter, k. varies inversely with llow coefficient. C/U. We can increase the distortion tolerance of a compressor by designing 

,t at a low How coefficient so as to benefit from the effect of unsteady rotor response. A low flow coefficient design is attractive lor 

two other reasons 

( I ) For a given pressure rise a low flow coefficient design tends to give a steep compressor characteristic which is 

desirable for good distortion tolerance and attenuation. 

( 2) Low now coefficient design yields a favorable "boundary layer transformation" as discussed in section 2.1 and gives a 

strong endwall boundary layer profile. 

Fven though very little systematic testing has been performed on the role of the flow coefficient on distort.on tolerance, modem high 

compressor tend to have low How coefficients. 

At this point, it seems appropriate to point out that although we are able to use nsteady flow analysis to estimate the effect 

rotor chords, llow coefficients and shapes of characteristics on distortion tolerance, we still cannot predict accurately the exact point 

of compressor instability. This still remains a difficult three-dimensional unsteady flow problem. 

4 4 Exit Boundary Conditions 

The importance of the major assumption that the static pressure at the compressor exit remains constant has not been adequately 

recognized by most researchers. It was generally felt that as long as a compressor was able to produce a relatively constant exit air angle 

circumferentially, and there were no obstructions behind the compressor, then the exit static pressure had to be essentially constant 

This assumption was generally correct as is shown in F igure 19. However, during a series of experiments which were conducted a. 

Pratt & Whitney Aircraft to evaluate distortion analysis models, certain anamohes were noted in the predicted exit total pressure. For 

some configurations the compressor attenuation of a total pressure distortion was significantly different than predicted A study ol the 

test data showed that in these configurations the exit static pressure was not constant circumferentially (Fig 231 and indeed when the 

measured static pressure distribution at compressor exit was used as a new exit boundary condition the predicted total pressure 

attenuation was in close agreement with the test data. 

The geometry of the test configuration described above consisted of a compressor followed by a diffuser. In its simplest lorm 

this problem can be modeled by a "parallel diffuser" technique (ref. 21 ). with the diffuser subjected to the compressor exit profile and 

the static pressure circumferentially constant at the diffuser exit (Fig 24). If we assume that no crossflow occurs in the diffuser, then 

the portion of the diffuser with low inlet velocity and hence low total pressure produces a lower static pressure nse than the portion of 

the diffuser with high inlet velocity and high total pressure Since the diffuser exit static pressure is constant, the diffuser inlet static 

pressure must be high in the low velocity region. Thus the compressor will be backpressured by the diffuser in the low velocity region. 

Conversely a nozzle behind a compressor will serve to unload the compressor in the low velocity region 

The presence of a diffuser behind a compressor will be detrimental to the distortion tolerance of the compressor since a portion of 

the compressor will simultaneously have to face low inlet total pressure and high exit static pressure. The inlet velocity distortion will 

be further deepened by the effect of the diffuser, and the incidences and loadings will be increased. On the other hand a nozzle will 

lessen the sensitivity of a compressor to inlet distortion 
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Although this model does provide a qualitative insight into the influence of diffusers and nobles on compressor distorUon 

tolerance the assumption of ¿ero cross flow between the high and low total pressure regions gives too simple a picture of the actual 

non-uniform flow in the exit diffuser To obtain a quantitative prediction of the effect of exit conditions on compressor performance 

with distortion, a more realistic model has been developed by GreiUer and Griswold (ref 22), and inciudes the effect of cross flows 

The importance of exit boundary conditions has other significant implications for engine designers. For example, the contours 

of the fan exit duct in a high bypass ratio turbofan can be used to reduce the fan sensitivity to distortion. Furthermore great care 

must be taken in the design of test ngs to properly simulate the exit geometry actually encountered in engines. 

4.5 Spool Interactions 

The problem of designing multi-spool engines with minimum sensitivity to distortion is quite complex. For example, considerations 

of exit static boundary conditions suggest that a high compressor tends to depress the exit static pressure in the distorted region of a 

low compressor, and this effect should stabilize the low compressor However, this does not always appear to be the case and this 

problem should be further investigated in order to clarify the required stability margin for a multispool engine. 

The effect of the low spool on the high compressor seems to be theoretically clearer, although it is difficult to calculate in practice. 

The low compressor appears to attenuate the inlet total pressure distortion and to generate a certain amount of temperature distortion 

in the process. The low compressor exit conditions can be fed into the high compressor as inlet distort,on and the response of the lugh 

compressor can then be predicted It is important to note that the constant exit static condition must be taken at the high compressor 

exit not at the low compressor exit. This methodology for multi-spool distortion calculation has been employed with success in 

stability audits. Engine designers now account for low compressor distortion attenuation in establishing the required high compressor 

stability margin. 

5. Design for Reduced Sensitivity to Radial Inlet Distortion 

5.1 Compressor Design 

A compressor can be designed to operate with a known inlet radial distortion profile by including the radial profile in the design 

analysis. The front stage blading can then be biased to be at a minimum loss incidence in the radial profile region. Additional trailing 

edge camber can be added to the blading in the radially distorted region to help attenuate the distortion. It has to be recognized, however, 

that such a compressor might not perform adequately in an undistorted flow and that the compressor could not be used in a different 

installation without modifications. 

A compressor with reduced sensitivity to occasional radial distortions can be conceptually designed using the available design approach 

for multi-stage compressors. It is well known that radial profiles are generated internally in a compressor due to endwall boundary layer 

growth and non-uniform radial work input; a rather extreme example of such a profile is shown in Fig. 25 taken from ref. 23. Since such 

profiles can be handled ,n a compressor design process, the influence of additional inlet distortion could conceptually be handled as an 

off-design problem. In practice this is quite difficult. Radial distortions cause large variations in incidence angles and stream line positions. 

Small portions of the span can exceed und.storted stability limits and yet the compressor as a whole can remam stable. Partial wall 

separations and rotating stall can occur without compressor system surge Since we still cannot predict accurately the exact point o 

compressor instability, the designers tend to rely on empincal correlations of limiting loading to predict the radial distortion tolerance of 

compressors Research aimed towards accurate prediction of the onset of compressor instability is still required. 

5.2 Casing Treatment 

The front stages of compressors, especially in turbofan engines, are frequently subjected to very local and intense tip radial distortion. 

This is particularly true at aircraft rotation, high angle of attack operation, and in ground running with crosswind. In these cases it is 

inadvisable to modify the compressor blading to accommodate the radial distortion because the local tip loading requirements are so 

severe that a large efficiency penalty would be incurred. 

Casing treatments have been used to increase the local tip loading capability at a minimal efficiency penalty. In section 2.3 we dis¬ 

cussed their use for increasing the stability margin with uniform inlet flow and will now show that they are also very effective in improving 

tolerance to radial distortion. Fig 10 showed the performance of a fan with smoothwall casing and with casing treatment operating in 
uniform inlei flow The performance of the same fan with the same casing treatment but now subjected to severe tip radial distortion 

is shown in Fig. 26. The fan surge line has been raised dramatically by replacing the smoothwall with casing treatment Comparison o 

Fig 26 and Fig 10 shows that with casing treatment the surge lines with and without distortion are essentially identical indicating that 

sufficient aerodynamic tip loading capability has been added to the fan so that the tip is no longer controlling surge, even when subjected 

to severe inlet distortion. C asing treatment is being used in modem engines to reduce the compressor sensitivity to inlet tip radial distortions 
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6. Design for tngine Transients 
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perform more functions, it is, therefore, not surprising that the trend in modem engines is towards electronic control systems which 

basically function as computers. 

One can anticipate that in the future the application of control technology will practically eliminate transient excursions and make 

it possible to design compressors with lower stability margin and thereby increase the compressor efficiency and reduce the compressor 

weight and cost. 

7. Conclusions 

In this paper we have discussed many of the techniques that are used by the engine designer to provide adequate stability within 

tolerable performance limits. The techniques range from highly analytic unsteady flow calculations for prediction of distortion 

tolerance to "cut and try" approaches of wall casing treatment Most of the approaches which have been outlined here involve trading 

stability for other performance parameters such as efficiency or weight or cost. 

The need for accurate prediction of stability limits is providing an impetus for the development of two-dimensional and ihree- 

dimensional unsteady How field calculations The use of these sophisticated analytical techniques coupled with transient engine simula¬ 

tions should reduce stability margin requirements by 30-50¾ within the next decade. The progress will be translated directly into 

improvements in engine fuel consumption, cost and weight. 
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