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SUMMARY

The advantages of swept, sharp edges that generate controlled
(or fixed ) three-dimensional flow separations on a vehicle -~

- because of the
qualitatively u~nchanging flowfield developed throughout the range of fligh t
conditions .~~~~ are promoted in preference to allowing uncontrolled (or un-
fixed ) separations.

The three-dimensional viscous flowfields and vortical interactions
about typical components such as delta wings and bodies at incidence are
discussed, in apposition to their use on selected examples of current flight
vehicles.

‘I

I

SOMMAIRE

Les avantages des bord s aigus a flèche arrière, qui produisent sur
un avion les décoflements contrôJés (fixes) de l’écoulement en trois dimen-
sions— a cause de l’écoulement non-change a travers une variété de conditions
de vol — sont encourages de préférence aux décollements non-contrôlésj

~ 

T Les écoulements avec viscosité en trois dimensions , et les inter-
actions aux tourbillons autour des parties typiques des avions, comme les
ailes deltas et les corps a incidence , sont discutés , en apposition a leur usage
dan s des exemples choisis parmi les avions modernes.
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COIN1R OLLED AND UNCONTROLL ED FLOW SEPARATION IN THREE DIMENSIONS

4

1.0 INTRODUCTION

The earlier studies by Maskell and Kücheman n on flow separation in three dimensions1’2’3’36 ,
drew attention to the constructive role played by lines of separation. They proposed that these three-
dimensional (3D ) separation lines could be regarded as the skeleton around which the entire flow structure
could be assembled.

When the separation lines can be fixed by salient edges (sharply-swept leading-edges, for in-
stance, Fig. 1) we have an example of “controlled flow separation”, Figure 2. Throughout the range
of flight conditions, the flowfield is virtually invariant in form , being dominated by the viscous shear
layers leaving the separation lines, to form well organized and comparatively steady vortex motions.
These leading-edge vortices can, in turn , be controlled by additional active means, to induce more lift:
first of all, to prevent vortex breakdown, by blowing in a spanwise direction along the axis of the vortex ,
as discussed by Cornish4 and others5’6(Fig. 3); secondly, by blowing normal to the leading-edge, either
to enhance the primary vortex 7 ’8, or to control secondary separations9 . Clearly, other examples of
swept edges, such as strakes (Fig. 4.1) and vortex generators (Fig. 4.2), themselves provide controlled
flow separations, but the generated vortex motions are used to promote mixing of high-energy air with
recalcitrant viscous flows downstream of the flow separation device.

~
5 On the other hand , when the load-carrying, lifting and propulsion components are integrated

into an aircraft or missile configuration , the resultant interfering pressure field s produce separations
that are often unanticipated, are not fixed in location on the surface for all flight conditions, and so,
in this sense, are “uncontrolled”. Examples of these separated flows may be catalogued according to

-1 their causes10 :

(a) flows over smooth walls in the presence of slowly vary ing circumferential and lengthwise
adverse pressure gradients. We include here, those flows about bodies whose longitudinal
axis in part or in whole is swept with respect to the oncoming stream , such as upswept rear
fuselages or pointed and bluff nosed missiles at angles of attack 1 1,12 ,13 ;

(b) flows about protuberances attached to a wall, where adverse pressure gradients are imposed
suddenly . Bulbous wheel housings, cockpit canopies, pylons, boundary-layer diverters, and
unfaired junctions of the wing and tail surfaces with the body are important am es 1 ~~‘I ;

(c) flows about normal or inclined jets blowing from a wall. Control jets used for thrust vector
control cause substantial three-dimensional separation of the local viscous flow in the region
where the jet emerges from the vehicle surface’5 . In terms of upstream effect , the “solid
blockage” caused by the jet is analogous with that of a protuberance;

4 (d) flows with shock waves present, sometimes associated with items (a) to (c). We shall pay
particular attention to those separations produced in swept shock/boundary-layer inter-
actions 16’~~’18 , such as on the sidewall of rectangular supersonic inlets or upon swept-wing

• - surfaces.

While the effect of these uncontrolled separations on drag may not always be significant or
even apparent , high local heat transfer rates in re-attachment zones 19 , and the induced interaction
effects of the vortex motions upon downstream control surfaces of a vehicle may be important20 . In
genera l, the uncontrolled flow separa tions have not been amenable to prediction , and are not well under-
stood. The symmetry of the vortices and the scale of the separated flow domain , whether large such as

I 
- 

in the case of the body vortices, or immersed within the depth of the oncoming boundary layer, as in
the protuberance flow , will affect the magnitudes of locally-induced suction pressures, and hence to the
non-linear increments in the body forces.

~~~~~~~~~~~~~~~~~~~~~~~~~~~ ~~~~~ ~~~~ ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ ~~ ~~~~~~~~~~~~~~~~~~
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Compressibility alters the quantitative, but not the qualitativ e features of three-dimensional
separated flows. It has been found by experiment that the effect of increasing Mach number is to reduce
the scale of the rolled-up shear layers with respect to the oncoming boundary-layer thickness’ 1 ,2 1 and
to increase the critical angle for the development of flow asymmetry of the rolled-up shear layers from
bodies at high angles of attack~~.

The aerodynamic design of a lifting body, to be successful throughout a range of flight condi-
tions , must ensure that the fluid flow is steady to minimize buffetti ng; that it should be of the same type
throughout the flight envelope; and that there should be no unpleasant changes in force and moment
characteristics. The goal to aim for is that flows should be dominated by free viscous vortices (with no
large bubbles to produce unsteadiness) and that the primary lines of separation should remain fixed on
the body throughout the flight range. This much wider that usual view of the aerodynamic design
prob lem 3, incorporating the philosophy of controlled flow separation , should be contrasted with the
restricted outlook of allowing separation only at a trailing-edge.

As a base of understanding for these complex flows , we shall attempt a description of the
component flow fields about simple shapes, whose geometry may be integrated into the design of an
aircraft or missile. The slender delta wing, with subsonic leading-edges, a prime case of controlled or
fixed flow separation , will be treated first-of-all. Subsequently, the uncontrolled or unfixed separations
upon cone cylinders, prolate spheroids, upswept fuselages and ahead of slender and bluff protuberances
will be mentioned. Finally, the case of a swept-shock/turbulent boundary-layer interaction will be dis- —

cussed , with potential for its control (and , perhaps , removal) by tangential air injection. The combina-
tion of some of these constituent flowfields into practical aerodynamic vehicles will be reviewed against
examples of current design ph ilosophy.

2.0 ATTACHMENT, SEPARATION AND RE-ATTACHMENT IN THREE-DIMENSIONAL FLOWS

2.1 Modelling

We generally accept that the non-linear Navier-Stokes equations model the motion of a viscous ,
compressible (laminar or turbulent) heat conducting fluid without chemical reactions, at points in space
and time away from discontinuities in the flow such as shock waves. Unfortunately, full time-dependent
solutions do not appear attainable in the near future , for to compute the various three-dimensional tur-
bulence structures possessing a substantial range of length and time scales, computional techniques must
be further refined. Current finite difference procedures employing numerical artifices such as damping
from “artificial viscosity ” inputs , for instance, appear inadequate because they introduce errors that
may diverge in the development of the instantaneous flow field. Rubesin 22 suggests that to define the
three-dimensional turbulent boundary-layer flowfield about an aircraft , the smallest significant scale
demands mesh spacing iO~ of the boundary-lay er thickness, to require the order of 1017 mesh points
overall. He discusses that the corresponding allowable time step in any given marching procedure is one
microsecond of real time. These requirements demand a computer storage capacity and speed of corn-

4 putation that are in excess of present-day or planned computer facilities. To overcome these difficulties ,
therefore , we must resort to modelling the turbulence structures in three-dimensional viscous flows with

• free shear layers springing up from 3D separation lines. An enlightened criti que of computer simulation
and accuracy limitations of numerical methods with regard to turbulence modelling is given in respectiv e
comments by Roache and Bradshaw in Reference 23, in response to the essay of Chapman et a124 .
Hence , for most practical examples under high Reynolds number conditions , we still try to blend an
external or inviscid flow solution with an appropriate boundary-layer procedure , rather than attempting
to exploit the conceptual simplicity of the more general Navier-Stokes equations. In laminar flow ,
numerical studies of the viscous/inviseid interactions about pointed27 and blunt cones30 have been
attempted using approximations to the Navier-Stokes equations, and good comparison with experiment
has been obtained, but at the expense of relatively long computation times. 

•
• ‘ - In the classical aircraft example, the art of design has been to eliminate separation ahead of

- - the trailing-edge , usually because increases in drag and flow unsteadiness are introduced with essentially
two (2D) separations on wings of high aspect ratio. With increases in speed , range and angle of attack , 

~~~~~~~~~~~~~~~~~~~~~~~~~~~ ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ 
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over which smaller aspect ratio lifting wings and bodies are required to operate, extensive regions of
three-dimensional separated flow are predominant (Figs. 2 and 4.1) a - l ~~~e require new and suitable
flow models. On wings or strakes, with sharp, swept leading-edges, 3D separation occurs and is fix ed
at the salient edges, and is essentially independent of the oncoming boundary-layer properties at the
high Reynolds numbers of interest to us. The boundary-layer fluid departs from the surface to form
rolled-up viscous shear layers whose scale is usually many times the local boundary-layer thickness. In
the limit of infinite Reynolds numbers, or for practical purposes, at high enough Reynolds numbers, the
coiled viscous shear layer may be modelled approximately by an inviscid flow vortex sheet. In other
words, viscosity causes the separation , the location is determined by the edge geometry, after which
the flow many be modelled by inviscid means. The coiled vortex sheet model of Mangler and Smith ,
and its extensions (see the list of papers in Ref. 10) have provided good qualitative prediction of pres-
sure distributions on slender wings in conical flow with subsonic T~~j ’Lng-edges, see Figure 5. A more
recent, incompressible, advanced panel-type influence coefficient calculation method of Weber et a125 ,
is not restricted to conical flow. In this method , the wing, the rolled-up vortex sheets and the wake
are represented by “piecewise” continuous quadratic doublet distributions, and the Kutta condition is
imposed along both the leading and trailing-edges. Some results of these calculations25 compare well —

with the low-speed delta-wing experiments of Maj~sden et al26 , and are displayed on Figure 6.

On bodies, unfortunately, the separation location is not known a priori , and we must attempt
to calculate its position via three-dimensional boundary-layer theory, using an initial attached inviscid
flow pressure distribution. The inviscid rolled-up vortex sheet model may then be used on simple bodies
such as pointed right-circular and elliptic cones, where the separation lines are along generators , and the

~5 co-ordinate geometry presents few difficulties1 2 , More recently , McRae 27 has attempted to solve the
laminar viscous flowfield about a pointed, right-circular cone at high angle of attack , utilizing a simpli-
fied set of the Navier-Stokes equations (incorporating the conically symmetric flow approximation)
along with MacCormack’s fini te difference time-dependent scheme28 . Using a body co-ordinate system,
(R , 0, /,), a finite difference mesh was set up on the (0 , 0) spherical surface at a distance R from the
cone apex . The calculation took place on this surface with viscous effects scaled by the Reynolds num-
ber based on the radius, R. The finite difference mesh was initialized with freestream values of the flow
everywhere, except at the surface, where zero velocities were input. The numerical integration then
proceeded in time, to the limit that produced a steady state solution. The outer boundary condition
for the integration was the free stream, so that the bow shock wave was captured and allowed for in the
use of the conservation form of the governing equations. Figure 7 illustrates the surface pressures and
a crossflow velocity vector plot of a computed flowfield about a 10° half-angle cone in a nominally
Mach 8 freestream at a/ O~ = 2.4 , compared with the experimental data of Tracy with entirely laminar
boundary-layer conditions, where a 3D separation was measured using surface flow visualization at

= 150°. The presence of a three-dimensional separation and rolled-up viscous shear layer is seen in
McRae ’s calculated flowfield.

A new technique for calculating the entire flowfield about a spherically blunted circular cone
at high angle of attack with 3D laminar separation has been reported by Lubard and Rakich30 . The
calculations are based on a single layer system of three-dimensional parabolic equations , that are approxi-

4 mations to the full steady N avier-Stokes equations, valid from the body surface to the bow shock wave.
This system includes the circumferential shear stress term s and is capable of predicting the flow within
the separation zone on the leeward side. The effects of viscous-inv iscid interaction and entropy gradients
due to both the curved bow shock and angle of attack effects are automatically included . Unseparated
initial conditions are assumed at the sphere cone tangency plane and are provided by using an inviscid
time dependent solution added to a viscous non-similar boundary-layer solution. The calculated results
were compraed with the experimental separated flow data of Cleary 3 l for a 15° angle of attack at
Mach 10.6 and at a Reynolds number based on the 23-inch slant length of the cone of about 2.3 million.

1: Figure 8 shows the calculated crossflow plane vector velocity distribution in the region close to the lee-
ward generator at 14.8 nose radii downstream from the nose. The three-dimensional separation occurs

4 at 155°— 160° in the cross-flow plane at this axial station. The remaining graphs on Figure 8 show the
calculated surface pressure and heating distributions on the leeward surface that provide good agreement

- ‘ with experiment. Using the same approximate parabolic system of equations , Lubard and Rakich are
now working to solve the flowfields about bodies other than bodies of revolution at angle of attack, to
provide design information on vehicles such as the Space Shuttle.

-~~~~~~~~~~ - 
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Notwithstanding the potential extensions of these useful laminar cone flow predictions27 ’30 ,
our ability to assess the consequences in regions of high heat tram ~er at three-dimensional attachment
points and along re-attachment lines is still unsatisfactory for a general configuration in turbulent flow 19 .
For example, on Figure 9, we show the importance of contourin g the apex of a 70° swept delta, in a
Mach 6 flow , to reduce the leeward centre-line heating in the presence of laminar, transitional and tur-
bulent boundary layers (freestream Stanton number , S~~ ). On the sharp apex wing, the heating is some
five times the value predicted on the lee-side meridian by laminar theory 32 ’33 , and that on the hyperbolic
planform wing.

In general, then, we are unable yet to model the viscous flow encountered in 3D re-attachment
and separation regions that will yield rational design procedures, although some promising avenues are
opening in laminar flow . Fortunately, from the pioneering work of Sears34 , Maskell 1 ~~~~~ Legendre37 ’38 ,
Lighthil39 and others, we do possess some understanding of the physical (mean flow) conditions close
to attachment, separation and re-attachment, in three-dim ensional flowfields.

2.2 Limiting Streamlines —

If we consider th~ ~~bject of three-dimensional viscous flows in its historical contex t , Sears
in 1948, utilized the very important concept of “limiting streamlines” in a paper discussing the laminar - 

-

boundary layer on a yawed cylinder34 . Each streamline near the surface, in the inner collinear part of
the boundary layer, is one of a continuous pattern, that originally approached the surface in the attach-
ment region , and which subsequently departs from the surface at separation. No matter how small is the

-5 height of the streamline above the surface , the streamline will exist. If this height is allowed to approach
a zero value, the streamline will be everywhere tangential to the vanishing flui d velocity as the surface
is approached . (In the strictest sense, no streamlines can be drawn on the solid surface of a body, of
course, for the no-slip condition at the surfac5e would be violated.) The streamline is then identifiable
as a limiting streamline, or, in other words, it possesses the same direction as a skin friction line or
surface shear stress trajectory . The pattern of limiting streamlines may be alternatively viewed as a
“sheath” surrounding the body, whose projections on to the surface are the skin friction lines. These
limiting streamlines at the base of the boundary layer must not be confused with the streamlines of the
external inviscid flow over the surface, and they will in general follow paths that are different in direc-
tion to the external streamlines. From continuity considerations, and provided the limiting stream line
does not form a closed curve on the aforementioned sheath, it must join the sheath at some point of
attachment, A , and depart from the sheath again at a subsequent separation point , S. The locus of
su ch points, S, is called a three-dimensional separation line, on either side of which is a distinct set of
limiting streamlines.

j Sears, moreover , in his early paper , included a sketch34 that showed apparent convergence of
the two sets of limiting streamlines towards the separation line, although he did not call it by name; and
later , Wild40 substantiated Sears’ physical interpretation of separation , in his investigation of the laminar
boundary layer on yawed “infinite” wings. In subscribing to the Cornell University work , Eichelbrenner

4 and Oudart 4t ’42 proposed that a three-dimensional separation line was the envelope of the limiting
streamlines (conversely, from an attachment line, the limiting streamlines diverge) and this was also
supported by Susan Brown43 in a mathematical treatise. Lighthill39 , on the other hand , disputed the
term “envelope”, in spite of flow visualization experiments seeming to support the previous authors.
Coalescence of the limiting streamlines is an acceptable description , perhaps, to avoid argument.

- 
- It remained for Maskell 1, however , to lay the ground rules for interpreting the physical corn-

position of three-dimensional viscous flows — by demonstrating that the limiting streamlines provide a
“three-dimensional skeleton structure of the viscous flow ”. If a flow visualization indicator is very thin
on a wind-tunnel model , it has been shown44 that the direction indicated by the streaks on the surface
is very close to the direction of surface shear stress and the limiting direction of the velocity when the
indicator is absent. Thus the type of oil-streak flow visualization techniques yield a powerfu l means of

-

‘ diagnosing and synthesizing the qualitative features of three-dimensional viscous flows.
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Two types of separation were conceived by Maskell1: a bubble type (Fig. 10(a)) and a free
shear layer type (Fig . 10(b)), but the latter appears to be the most common *. In fact , at all but (perhaps)
very low Reynolds number s, the shear layer displayed in Figure 10(a) is of the free shear-layer type
rather than the bubble indicated. Fluid accumulatii- g at a three-dimensional separation line, which in
general is set obliquely to the direction of the external and essentially inviscid flow field , leaves the
separation line usually as a free shear layer (Fig. 10(b)) and rolls-up in the process of passing downstream.
It is thought that the fluid departs from the region of the separation line, in a direction tangential to the
surface 1 0~ The shear stress is finite along such a three-dimensional separation line on the surface , being
locally zero only at a singular point , such as S on Figure 10(a). High local suction pressures are induced

r on the surface beneath the resulting vortices, Figure 5, close to which are noted inflexion points in the
limiting streamline patterns. Examples here are the slender wing flow (the ONERA and RAE work being
the most extensive — see the subject list in Ref. 12) and cones, the flows on long pointed and bluff-nosed
slender and not-so slend er bodies at incidence , those about upswept fuselages, and those about bluff

• protuberances ’2 .

2.3 Attachment and Re-attach ment

Flow attachment occurs at an upstream stagnation point that is situated upon a forward-facing
surface of the vehicle, such as the nose. On a two-dimensional wing, the (singular) stagnation points
along the nose of the aerot. -il section will also constitute the attachment line. In three-dimensional
flows, on the other hand , when a flow field has an inherent plane of symmetry as along the windward
generator of a cone at incidence, there will be an “attachment line” in that plane , emanating from the
attachment point at the nose. Along this latter attachment line, the pressures will not be equal to the
stagnation pressure of the external stream. The mechanism of flow attachment at one point or at many
points along an attachment line is still debated 1 ‘39 .

I
Flow re-attachment occurs on the vehicle surface subsequent to a three-dimensional separation,

V where the attaching streamline may be one from the external flow field , or one from the outer region of
the upstre im boundary layer. In the latter possibility, the stagnation pressure of the external flow will
clearly not be recovered at the attachment point. Lighthil calls the point of attachment a nodal point39 ,
and sketches a number of possible limiting streamline patterns adjacent to nodal points of attachment,
as we see on Figure 11. From each kind of nodal point , an infinite number of limiting streamlines
emerges, all having (except one) the same tangent, or otherwise, spirally. Spiral attachment would occur
principally when either the surface or the external flow is rotating. However, the most frequent form is
the “source flow ” shown on the second of the sketches on Figure 11. This would be seen on the nose
of an aircraft, for instance.

In Reference 10, Smith cites a potential list of interdependent properties for an attachment) line to exist, two of which that are always found being :

1) that the attachment line is a limiting streamline and ,

4 2) that two sets of limiting streamlines (whose origin in Lighthill’s picture is the nodal poin t of
-

• 
attachment) run tangential to the attachment line initially, to eventually diverge from it.

Hence, two “independent” boundary layers develop on either side of the attachment line.

For convenience, we may regard the flow at the leading-edge of a swept wing, to attempt a
description of the physics of the flow along an atLachment line. There , a limiting streamline more-or-
less parallel to the leading-edge divides the limiting streamline flow that passes above the wing from that

* We should note that Eichelbrenner 45 , in an article somewhat at variance with his previous publica-
tions41 ’42 , considered only the three-dimensional bubble type of flow to be separated , because of
its analogy with the corresponding two-dimensional flow case; that is, one that is inaccessible to the
viscous flow coming from infinity upstream . Eichelbrenner45 referred to Maskell’s free shear-layer
type as a “clash” situation and not a three-dimensional separation!

~~~~~~~~~~~
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which passes below the wing, Figure 12. Smith conjectures 10 tha t somewhere further away in the ex-• ternal flowfield at the edge of the attachment-line boundary-layer flow , there will be another streamline
that also runs roughl y parallel with the leading-edge , that divides the external flowfield into that which
proceeds above the wing and tha t which passes below.

If we accep t Ligh th ill ’s interpretation 39 , where is the nodal point of attachment situated that
is the starting point for the attachment line? For an isolated swept wing, the apex at the intersection of
the two swept halves is a stagnation point of the flow and the nodal attachment point.

Wh en the wing is mou nted on a fuselage, the effectiv e proturberance pressure field of the wing
section at the wing/fuselage junction can cause a horse-shoe shaped separation about the wing root , the
separation that is immersed within the depth of the fuselage boundary layer 1 ’ — see Figur e 12. We may
postulate that a streamline in the outer region of the fuselage boundary layer will pass over the 3-D
rolled-up shear layer to form a nodal attachment point on the wing nose. Limiting streamlines emerging
from the nodal point of attachment , one of which is the so-called attachment line , proceed along the
leading-edge tangential or asymptotic to the attachment line to pass in a more chordwise direction over
or beneath the wing. Around the nose and adjacent to the attachment line , the distance apart of these
limiting streamlines is infinitesimal , such that they appear on flow visualization oil records as emerging
tangentially fro m the attachment line. In other words , the attachment line appears to be the source or
the envelope of the limiting streamlines in close proximity to it.

We note that this view is somewhat at variance with Maskell’s interpretation of the conditions
~~~~ along an attachment line. He considered that an attachment line consisted of a number of attachment

points such that when two limiting streamlines diverge from a given point on the attachment line, then
that point is one at which a single attachment streamline joins the solid surface. Clearly, if there is a
boundary-layer development along an attachment line, which measuremen ts have demonstrated to be
vir tually constant in thickness on a swept wing of large aspect ratio46 , the’~ a large number of external

1 streamlines cannot “attach ” themselves to the surface along the attachment line. It would appear that
the fluid within the boundary layer diverging or departing from the region of the attachment line is
more-or-less balanced by the entrainment of irrotational fluid from outside the boundary layer. Maskell ’s
concept can only be true at the limit of infinite Reynolds number.

2.4 Three-Dimensional Separation

Al though there is usually little difficulty in recognizing so-called lines of 3D separation and
attachment from the patterns of surface shear stress trajectories on a flight vehicle , there is a continuing
debate regarding the fluid mechanics adjacent to them , stemming essentially from the respective postu-
lates of Maskell 1 and Lighthill39. The discussion centres around the identification of limiting streamline
patterns from surface oil flow visualization.

According to Maskell 1 , separation occurs at a point when two distinct limiting streamlines
converge and meet there (Fig. 13.1) after which they combine and leave the surface as one separation

4 streamline.

A 3D separation line is then composed of a large num ber of su ch “ordinary ” poin ts, being an
envelope or cusp-locus of these points . Moreover , as we hav e seen previously, Maskell’s view of the

- - attach ment line is this same picture but with the flow directions reversed on the limiting streamlines.
Ligh thill , in a later treatise39 , considered these statements to be approxima tely valid , but disputed the

- - - envelope connotation. He argued that in the topography of the limiting streamlines, they must begin
and end at (a t least ) one n odal point of attachment and one nodal point of separation. Whe n two nodal

I - points of attachment exist , Lighthill proposed that the limiting streamlines from each node must meet
- - 

somewhere , and there must be a “saddle point” . He sketched these as we see on Figure 13.2. Lighthill
proceeded to define a separation line as one which issues from both sides of a saddle point of separation ,
and h aving embraced the body, disappears into a nodal point.

Let us look at these conceptual limiting streamline patterns about some flow components.
The sl2nder wing at incidence , shown on Figure 14, is a convenient first example. Lighthi ll suggests

- 
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that the surface pattern is generated from two nodal points of attachment and a saddle point of separa-
tion which are coalesced at a sharp apex, but are distinct if the apex is rounded — see Figure 14.1. The
limiting streamlines converging towards the 3D separation line S and diverging from the attachment line
A are asymptotes rather than meeting at S or emanating from A.

Maskell’s view , on the other hand , is show n on Figure 1-4.2. Clearl y, for a sharp apex , it will
not be possible to distinguish from flow visualization patterns which interpretation is philosophically
correct, and for most practical purposes , it probably d~~s not matter. The term “env elope” does seem
to be a useful word to describe the merging of the limiting streamlines at the 3D separation line, and

r the mathematical interpretation is bound up with whether we want to look at solutions of the Navier-
Stokes equations or boundary-layer equations *; a nd also whether it is possible for singular behaviour
of the limiting flows to occur in practice ’

Does the limiting streamline pattern about a blunted slender bod y at incidence, where length-
wise as well as transverse pressure gradients exist , provide additional help in diagnosing the approach to
separation’? An investi gation of the subcritical flow about a 6:1 ellipsoid at high Reynolds number was
reported in References 11 and 47 , in which circumferential measurements of surface static pressure,
surface impact pressure and oil-dot flow visualization were made, to identif y the 3D viscous flow devel-
opment. In contrast with the near conic viscous flowfield about the slender wing, the more general
body f low exhibits substant ia l lengthwise ef fects, although the circumf eren t ial pressure grad ients still
dominate.

O Figure 15 presents limiting streamlines on the ellipsoid at Mach 0.74 , and at a R eynolds
number of 44 million based on the 54-inch length of the body. The boundary layers were turbulent.• The streamlines were deduced from oil-dot flow visualization records at angles of incidence from 10°

I to 25°, with on ly a few of them drawn for purposes of clari ty . At the lowest angle of incidence shown ,
4 the flow is attached everywhere except for a bubble over a small region of the leeward afterbody, that

V is probably due to the effects of truncating the model for a sting mount through the model base. As
we in crease th e angle of inc iden ce, the circumferential adverse pressure gradient just past the ~t’ = 90°
posi tion becomes more severe, causing a progressive thickening of the flow on the leeward side of the
body; un til at a = 25° , there are two regions of coalesced limiting streamlines where we interpret that
3D separations are present. (This is not a very slender ellipsoid, but a corresponding situation would
exist, of course, on a more slender ellipsoid at a reduced incidence.)

Figure 16 shows the calculated and the experimental isobar patterns (as well as some circum-
- 

ferential pressure distributions ; on a distorted surface development at a = 25°. A favourable circumfer-
ent ial pressure gradient is indicated by large open arrows and unfavourable gradients by shaded arrows.
At this incidence, the circumferential pressure gradients completely swamp the axial gradients. From

) 
the calculated inviscid pressure distribut ion, we expect separation to occur somewhere on the lee-side
of the minimum pressure line and the experimental pressure distribution reflects this. The separation

- lines taken from the oil-dot flow visualization records are shown here as chain-dotted lines. Figure 15
displays that the turbulent boundary layer separates, along 

~~
, over about the rear 60 percent of the

4 body soon after it encounters the circumferential adverse pressure gradient. The flow with separation
is symmetrical, with an attachment region along the leeward meridian , ~ = 180°, that is especially- noticeable near the rear . We also see a secondary separation line S2 ,  extending w ‘11 forward , outboard

- of this attachment.

- 
The limiting streamlines can all be traced back to emanate from the attachment region on the

- nose and we cannot tell from the resolution provided by the oil streaks whether or not we have a sys-
- tern of nodal attachment and saddle separation points as Lighthill has conjectured39 . The separation ,

attachment and re-attachment lines are fed from the upstream stagnation attachment region. There is
a progressive thickening of the leeward flow with axial distance from the nose, with the limiting stream-

r lines appearing asymptotic to the 3D separation lines as they approach the lines from either side. Just

,.

* The boundary-layer equations, clearly, are not valid near either separation or attachment.
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where the viscous vortices start can only be determined from profile measurements through the boundary
layer. There is no theory available to predict them. At a = 25°, substantial suction peaks in the circum-
ferential wall static pressure distributions have developed along the body from x/L = 0.25, indicating
roll-up of the viscous vortices from the primary separation lines , S, 1l~4 7 • There is fluid flow along the
directions of S 1 and S, as well as along the (secondary ) attachment line that exists between S~ and 

~ 2’
so that the skin friction is finite everywhere. It is noteworthy that a similar ellipsoid at high incidence
in Werk~’s water tunnel77 , with laminar boundary layers present , exhibits similar flow features to those
just discussed in turbulent flow. Calculations of the laminar boundary layer (up to the primary 3D
separation line) about an ellipsoid at incidence have recentl y been published by Geissler56 with good
qualitative accord with the results already discussed.

In this discussion on limiting rtreamlines , let us now look at the case of a bluff protuberance
standing normal to a wall, where the streamwise adverse pressure gradient rather than the transverse
gradient dominates the flow development. Even though in supersonic flow we have a bifurcated shock
structure where the foot of the detached bow shock wav e contacts the viscous flow ahead of the protu-
berance, the qualitative details of the limiting streamlines are virtually independent of Mach number 1 ~~.

For example, Figure 17 shows the limiting streamlines about a long circular cylinder standing norm al to
a wall in a Mach 2.5 stream48 , where the Reynolds number based on the undisturbed boundary-layer
thickness, &~ = 2.5 cm , is R5 = 4.8 X 105 . The flow is from left-to-right. There is a saddle-point of
separation S on the axis of symmetry about two diameters ahead of the cylinder wall, from which the
3D primary separation line emerges to pass around and downstream of the cylinder . Upstream and
downstream limiting streamlines converge towards the 3D separation line to feed a viscous horse-shoe
vortex springing from the separation within the depth of the undisturbed boundary layer. (We note
that even though the scale of the separation relative to the undis turbed boundary -layer thickness is many

‘~
5 times less than for the slender wing or slender body flows , the consequences are still severe.) A streamline

-~ 
, in the outer boundary layer attaches at the nodal point A in the plane of symmetry just ahead of the

cylinder junction with the wal l, from which an attachment line emerges along the leading-edge and
divergent limiting streamlines pass around and downstream of the cylinder. One limiting streamline

1 
passes from the attachment nod e to the saddle point of separation. Others fan out from the attachment
point in the plane of symmetry to eventually proceed towards the 3D separation line. Superimposed
on the limiting streamline pattern , we observe the bow shock wav e B, and the rear leg (or Mach stem ,
M) of the bow shock bifurcation. The lower photo on Figure 17 illustrates the flattened horse-shoe
vortex made apparent by means of the vapour screen technique.

More than one separation line may be formed ahead of the cylinder , depending upon the
Reynold s number of the oncoming flow and the scale of the boundary layer relative to the cylinder
dimensions. The picture on Figu re 18 shows a case with three such zones, for example, after Sedney
and Kitchens48 .

We have seen that in all of the examples discussed, the limiting streamline that is characteristic
of a 3D separation line, has one feature in common. It is a barrier across which the limiting streamlines
on either side of it cannot pass. Whether we prefer to accept the subtle detai ls of either Maskell’s enve-
lope approach’ or Lighthill ’s asymptote arguments39 on the flow conditions immediate to a separation

4 
or an attachment line , elements of both treatises would appear to exist. In general, flow visualization
record s do not allow us to distinguish which interpretation is absolute. More experiments are clearly

• - necessary to diagnose the flow features adjacent to 3D separations and re-attachments.

- - 3.0 EXAMPLES OF THREE-DIMENSIONAL SEPARATIONS ON
PRACTICAL CONFIGURATIONS

3.1 Upswept Fuselages

Let us commence our illustrative examples by looking, first of all , at flows about upswept
~

- ~ afterbodies. A typical complicated flow problem of this kind is shown on Figure 19.1. Here we can
• see from the tufts on the side of the upswept rear fuselage of a de Havilland of Canada Caribou aircraft

that very large cross-flow angles are present , and separation is occurring along the lower rounded flanks
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of the fuselage. The cross-flow is exaggerated in this illustration by the large flap angle, but even under
cruising conditions for this class of rear-loading aircraft, 3D separations are sometimes present.

In the context of this review , the separations from the rounded underside are uncontrolled in
that depending on the aircraft pitch and yaw angles, the separation positions will move around the body
and may cause handling problems. The flow separations can be fixed in location to alleviate handling
deficiencies by fitting a strake to the fuselage side, Figure 19.2, or by using a sharp edge to the fuselage
underside as we seen on Figure 20, on the de Havilland of Canada Buffalo aircraft.

• The next illustration , Figure 21, shows surface flow visualization on a research model tested
r in the NAE 5 X 5-ft. wind tunnel. The straight “beaver tail” shape, with elliptic cross-sections, is fairly

• typical of small aircraft of the twin-engine STOL type, but the upsweep angle, which was adjustable on
this model , was set at a large upsweep angle of 20°. We note that even though primary and secondary
separations are clearly present , the flow is symmetrical and well organized. We know virtually nothing,
unfortunately, about turbulence fluctuation levels bordering 3D separations. Figure 22 indicates sub-
stantial increases in the amplitude of surface pressure fluctu ations as the scale of the separations becomes
greater.

The turbulent shear layers springing from the primary separation lines roll-up to form vortex
motions, which we show on Figure 23, by pitot pressure isobars measured beneath another elliptical
section afterbody. The analysis of this type of flow , which presents many difficulties, is further com-
plicated by the presence of the wing downwash field and additional separations that may be present in
the wing-root junction and from bulbous wheel housings, Figure 24. Thus, while we have a qualitative

— - 
understanding of fuselage flows, we are still far from being able to predict the viscous-inviscid inter-
actions about upswept bodies.

3.2 Pointed, Slender Missiles

On very long pointed slender bodies, we find that separation first occurs symmetrically with
a pair of vortices trailing back along the body. Figure 25.1 illustrates such body separations on a blunted
cone-cylinder-flare model. The symmetrical body vortices in low speed flow have been well documented
by Grosche20 , an illustration from which is given on Figure 25.2 (top); when a wing is added to the body,
there is a substantial change in the position of the body vortices in the flowfield due to the larger induced
effects of the controlled flow separations at the wing swept edges, see Figure 25.2 (bottom). These sep-
arations have an important effect on the static and dynamic flight stability of such vehicles. At small
incidences, where the separation is steady and symmetrical with respect to the incidence plane, the re-
sulting body vortices produce a nonlinear contribution to the normal force and pitching moment. If the
fin system is not symmetrically orientated with respect to the incidence plane, a cross-coupling side
force , yawing moment and rolling moment can arise even at small incidences. At larger incidences, the

J 
separations and body vortices become asymmetric (but still relatively steady in space) and large side
forces, yawing moments and rolling moments are developed, especially on fin-stabilized vehicles.
Figure 26, which gives the primary turbulent boundary-layer separation positions on the por t and star-
board side of a cone-cylinder and ogive-cylinder respectively , shows that the nose shape has an important
influence on the initial asymmetry of the flow. For the 18° incidence case illustrated, the conical nose
is at a relative incidence of about 3.1 and has generated substantial flow asymmetry, whereas the shorter
ogival nose is only at a relative incidence of about 1.3 at the nose, where the initial separation is symmet-
rical. A ring of grit or a ring of vortex generators downstream of a bluff-nose can reduce yawing moments
by factors of two or more.62

We may judge the occurrence of the onset of asymmetry by, say, the side force exceeding
five percent of the normal force. This is illustrated on Figure 27. At subsonic speeds, where these
asymmetric effects are most pronounced , we see that (following the trend indicated on Figure 26) as the
semi-apex angle at the nose is increased, the onset of flow asymmetry is delayed . A longer afterbody , as
one would expect , hastens the asymmetry, by providing a larger effective normalized incidence, afO ~.
At higher Mach numbers (at M~, = 3.5, for the tests shown on Figure 27) when shock waves are present

- 
. - in the cross-flow , the separation positions remain symmetrical and the side forces disappear.

--  —-- .- - -~~~~_~~~~~~~~ F
__ - 

~~~~~~~~~~~~~~~~~~~~ ~~~~
—-

~~~~~~~~~
___ •

__
_±_ _ _  --



- ,_•.,—._—•___

=_____w_ •_

__

____-___ •_•___ — _~~~~ —

-10 -

-• 3.3 Slender Wings and Slender Bodies with Strakes

The most studied example of three-dimensional separation occurs along the leading-edges of
lifting slender wings, as we discussed with the aid of Figure 5. The conical, inv iscid flow theories, for
exa mple, that of Mangler and Smith 1 0, Uj at have accounted for the vortex sheets springing from the
leading-edges and coiling-up above the wing, cannot include the effects of compressibility, nor the un-
loading that occurs at a subsonic trailing-edge. Polhamus49 ’50 has attempted to remedy this with an
overall theory, which assumes that , due to separation , the leading.edge suction force is rotated 90°
into a direction normal to the wing chord plane thus given a nonlinear component to the normal force.
While no theoretical proof of this method has been established, there is no doubt that it works. (In fac t,
Lamar has recently extended the Polhamus r’ ~ hod to treat the vortex flow characteristics of wings with
side edges51 .)

Figure 28 shows the overall normal force measured on a sharp-edged 70° delta wing under
high Reynolds number conditions at Mach numbers of 0.7 and 1.6. The agreement of the subsonic
measurements with the Polhamus theory is excellent up to a relative incidence of about unity. The
departure from Smith’s conical theory 10 is evident. We notice that there is a marked_decrease in the
nonlinear lift at supersonic speeds even though at Mach 1.6, the wing is still slender JM2 -1 s/L ~ 0.43.
Other experimenters have noted that this is associated with a substantial flattening of the lee-side vortex
structure33 .

More complicated , but still conical cases have been treated by Levinsky and Wei52 using
essentially the same formulation as Mangler and Smith y 0, but accounting for a conical body. Some
measurements that we have made using a 5° semi-apex angle cone with 75 percent strake wings are

— 
shown on the next illustration, Figure 29.1, in comparison with the Levinsky and Wei nonlinear theory.
Up to relative incidences of about two , the experimental results for the subsonic and supersonic Mach
numbers agree; but at higher relative incidences for the M ,,, = 1.8 case, conically mixed flow with inter-

‘C)’ nal shock waves occurs. The strakes provide a case of fixed or controlled flow separation to give a
substantially different conical flow field to that on the 5° cone alone5 3. But, while the Levinsky and
Wei nonlinear theory accounts for the leading-edge separations , it cannot cope with the strong body
separations in the wing-body junctions ’ 1~

The flow about an ogive-cylinder with strakes at a sweepback angle of 78° at Mach 2 were
stu died by Fellows and Carter63 . If we ex trapolate the trend of Figure 27, the 17° semi-apex nose
angle of the ogive in Reference 63 would have precluded flow asymmetry from body vortices up to
angles of attack of about 50°. Vapour screen photos on Figure 29.2 depict a progressive and massive
increase in scale of the strake symmetrical vortices (in relation to body geometry ) above the lee-side
of the body up to a/ O~ of greater than two.

One very important use of controlled flow separation in design is the low aspect ratio
strake54 ’55 mounted ahead of a wing of moderate sweep and aspect ratio such as the F-16 (Fig. 4.1)
and the F-17 (Fig. 30). One significant advantage offered by the strakes is the induced lift provided
by strake vortices to extend the manoeuvring capabilities of the aircraft in transonic flow. With the
aircraft at incidence, as we see on Figure 30, the fixed separations at the strake leading-edges form
vortices that pass back over the main wing alongside the fuselage. Additional controlled separations
are generated by the fuselage boundary-layer bleed diversion slots at the strake/ fuselage intersection,

- • the air from which is entrained into the strake vortices. The flow over the main wing appears to be
attached , with a swept shock/turbulent boundary layer interaction proceeding to the tip. Küchemann 55

-. 
• has proposed that the vortex avoids the necessity for the formation of the usual forward branch of the
• wing shock pattern by providing a “soft” boundary for the flow turning inboard over the leading-edge,

- 
- instead of the “stiff” boundary given by the fuselage side 1 0~

I’
3.4 Hypersonic Configurations

The non-slender delta wing at incidence , with supersonic leading-edges, has received consid-
erable attention by Whitehead et al32 ’33 and by Cross57 . The lee-side flow field (Fig. 31.1) is dominated

• by a swept-shock boundary-layer interaction that causes a three-dimensional separation of most of the 

- 
~~~~~~~~~~~~~~~~~~~~~~~ 

- - 

- j



- ~~~~~~~~~~~ - - 
~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ -~~~:~~~ ~~~~~~~~~~~~~~~~~~~~~~~~~ ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ ~-~~--~~~ -- ---

- 11 -

top-wing boundary layer. The swept shock is inside the bow shock wave envelope, being positioned
very close to a free stream Mach cone from the wing apex . In contrast to the subsonic leading-edge
delta-wing flow that is dominated by leading-edge separation , (Fig. 31.2), the supersonic leading-edge
flow is characterized by a Prandtl-Meyer expansion. Along the attachment line on the lee-side meridian,
intense heating is measured33 . If a body is attached beneath the delta wing, the flow field becomes
complex in detail on the underside. Figure 32 shows flow separation and attachment lines on the under-
surface of a half-cone delta wing at 15° incidence at Mach 12.6. Boundary-layer conditions are laminar.
The transmitted shock from the cone produces separation on the delta wing, and there is also a junction-
type separation. The high local heat transfers at the flow attachment lines on the same configuration
are shown in the next graph , Figure 33, as well as the heat transfer minima at the separation lines.

As we saw on Figure 9, the contouring of the leading-edge of a planar 70° swept delta wing
at Mach 6 alleviated the heating on the lee-meridian. Can the philosophy of controlled flow separation
be used to reduce the peak heating on Space Shuttle shapes? Figure 34 shows surface oil flow on an
Orbiter vehicle58 at 30° incidence at a Mach number close to 20. The three-dimensional separation
from the wing fillet passes back across the top surface of the wing (analogous to the strake flow dis-
cussed with reference to Fig. 30) although it is now associated with a swept shock wave. Another 3D
separation, beginning about the cockpit housing, and continuing downstream is also evident , with an
attachment region existing on the fuselage side and on the leeward meridian. Unfortunately, no cir-
cumferential heat transfer measurements were taken in Reference 58 to improve the identification of
the attachment line regions.

The potential for altering the lee-surface geometry to achieve reduced lee-side heating59 is

ri shown on Figure 35 for several shuttle configurations at Mach 6 and 8. The idea was to use relatively
sharp edges to fix or control the 3D separations and encourage the coiling-up of the viscous shear layers
to leave the proximity of the fuselage.

On the left of Figure 35, the initial slope of the side profile was increased and then broken
sharply. We see that the heating data resulting from this modification show a substantial reduction
along 50 percent of the leeward meridian. Additional ver ification of the potential for reduced lee-side
heating by controlled flow separation is discussed by Shultze and McGee6° and by Connor61 . The
configuration of the former authors with relatively large initial slope angle and sharp break in contour
generated significantly lower lee-surface heating than did the shape chosen by Connor , who used less
sharp contour changes.

3.5 Swept Interactions

The three-dimensional interaction between a turbulent boundary layer, developing along a
surface and a perpendicular , glancing oblique shock wave (sometimes called a “skewed” shock wave) —
see Figure 37 — is a phenomenon of considerable importance in the design of swept wings, wing/body

• and tail/body junctions , quasi-2D and half-cone inlets. Figure 36, f or example, shows a half-cone inlet

4 
of a typical fighter aircraft operating near design at Mach 1.6, with the shock from the half-cone causing
a massive 3D separation of the fuselage boundary layer .

Despite several previous investigations6 4 6 7 , Green noted68 that there was little quantitative
- • understanding of interactions between swept shock waves anci turbulent boundary layers, although

Stalker64 and Stanbrook65 introduced some qualitative features in their early work , while later inves-
tigations by McCabe 66 and Lowrie67 provided some insight into the crossflows developing in the inter-
action. Much of the existing analysis has been developed for so-called “infinite ” swept flows , and so
is of a quasi two-dimensional nature; while most experiments have been conducted using the nozzle
boundary layers in relatively small supersonic wind tunnels. At a given mainstream Mac h number , the
flow deflection angle for so-called “incipient separation ” has usually been determined as when the

— limiting streamlines become parallel to the projection of the shock wave (in the external stream) on to
• • - 

- the wall, and Korkegi69 has made a simp le correlation of incipient separation data from References 66
and 67.
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In some experiments 16 - ’7 in the NAE 5 X 5-inch blowdown (pilot) wind tunnel , the mean
flow features including wall static pressure, surface impact pressure and limiting streamline direction ,
and pitot and stagnation temperature profiles, were gathered through swept interactions at mainstream
Mach numbers of 2 and 4, up to and beyond flow deflection angles through the shock wave that pro-
duced three-dimensional separation , see Figure 37. The Reynolds number based upon the mainstream
conditions and the undisturbed boundary-layer thickness , ~~~~ , of 0.2-inch , was 2 X 105 . The wall con-
ditions were essentially those of zero heat transfer. (Similar boundary-layer experiments were conducted
by Oskam 18 at Princeton University.)

Subsequently, for the Mach 2 flow , a small convergent/divergent tangential wall jet nozzle
was installed in the test wall (Fig. 38) upstream of the interaction region, to investigate whether a
strong three-dimensional shock-induced separation could be controlled or destroyed by a Mach number 3
supersonic wall jet. (The planning of the 3D experiment followed the criteria established by Peake70
for supersonic blowing boundary-layer control in a two-dimensional shock/boundary-layer interaction.)
The direction of the jet efflux could be oriented at various angles with respect to the line of separation,
as we see on the diagrammatic sketch of Figure 37.

Figure 39 shows the effects of a wedge deflection angle of 16° in a Mach 4 airstream where
— 

there is a substantial 3D separation generated way ahead of the shock wave in the external flow (as we
see on the wall pressure plot and the Schlieren/oil dot flow visualization picture) . The pitot pressure
profiles through the interaction , measured by a 3-tube yawmeter that nulled into the direction of the
local velocity, are shown on the top graph of Figure 40. The profile measurement stations situated
relative to the calculated shock are shown at the intersection of the pitot profiles with the abscissa.
The profiles are sufficiently close together to allow a construction of the forward oblique leg of the

- L— - shock bifurcation at the foot of the wedge shock. Downstream of the 3D separation line position ,
the presence of the shear layers with heat transfer is indicated by rapid changes and troughs on the
temperature plots. From these distributions, we may postulate that the deficit troughs correspond
with the core flow of a flattened vortex structure of the rolled-up shear layer from the 3D separation

L line, much like the corner flow model proposed by Cooper and Hankey in Reference ‘71 and witnessed
via electron beam flow visualization by Henderson and Bertram 72 . The axis of the vortex would appear
to be just ahead of the line of the calculated shock (the origi n of which is the wedge apex ) where the
“overshoot” towards 0° on the yaw profile (that is, parallel to the mainstream at infinity) is at its
maximum. The substantial swings in the total temperature distributions, Figure 41.1, that are found
in distinct contrast to the expected form in unseparated flow , Figure 41.2, would appear to be a useful
indicator of a 3D separated flowfield .

Can such an undesirable 3D separation be diminished or destroyed by blowing boundary -
layer control , for we know that on swept wings, especially in transonic flow , the viscous vortex from
a 3D separation can sometimes burst over the wing, leading to unpleasant difficulties in airplane con-

J trol; while in the quasi-2D supersonic intak e, once 3D separations are present on the sidewalls , they
appear to promote high fluctuation and distortion levels at the compressor face further downstream.
But perhaps the most significant aspect of 3D separated flows in the hypersonic regime, is the high
heat transfer to the surface in the region of flow-re-attachment, which poses severe problems of skin

- 
• 

cooling , as we have seen already. The particular losses caused by the pitot pressure deficit in the rolled-
- - up viscous vortex , and the associated skin friction increases in re-attachment zones, have not been

quantified to the author ’s knowledge.

On Figure 42 , we demonstrate the invigoration of the 3D wedge-generated separation by a
Mach 3 supersonic wall jet. This illustration provides a selection of wall static pressure distributions
along and just off the tunnel centre-line for various angular settings of the jet efflux with respect to
the tunnel centre-line. The positive sign of indicates a jet direction towards the wedge surface, and
this angular setting yields no control , and large peaks and troughs in the static pressure distribution(s)
corresponding with free vortical shear layer(s) rolling up from the three-dimensional separation line(s).
On the other hand , the jet rotation angle of - 25° produces a relatively smooth pressure rise. The wall
jet has produced a local expanding flow around the wedge leading-edge (due to the 25°- 11.50 expan-

• sion angle) to alleviate the originally induced large shock pressure rise. In the present , constrained
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geometrical conditions, it is not clear, unfortunately , whether the advised direction of blowing would
carry over to controlling a 3D shock-induced separation on, say , a swept wing or body flow with inter-
nal shock waves74 .

4 0  CONCLUDING REMARKS

In this brief review, we have illustrated some of the diverse kinds of fixed and unfixed three-
dimensional separations that can , and do, occur on aircraft and missiles. It is evident that the concept
of controlled flow separation in three-dimensions provides the designer with substantial rewards in
having a qualitatively non-varying flowfield at his disposal. However, we must always be aware of the
consequences on flight vehicle drag, which are not readily predictable. At the outset , we have no quan-
titative yardstick to determine the scale of the device to “fix” separation , and to say how “sharp” should
a sharp edge be? We do not understand what determines the scale of the resulting vortical flows from
3D separations, and when they will be close to the surface and when they will not? What precise in-
fluence does body shape and vehicle relative incidence have on the scale of separation? Substantial
research effort is required to reveal the answers to these questions, as all practical configurations pro-
duce three-dimensional interactions and vortical flows.

A few important examples of controlled flow separation from other sharp-edge devices such
as canards and notches have been omitted. However , these will be covered in the forthcoming AGARD-
ograph (see Acknowledgment).

In closing, may we end with a plea for much greater efforts by the academic and research
organizations, to resist thinking in terms of two-dimensional flows for expediency, and to work on
three-dimensional interaction problems that do relate to pragmatic design.

As of now, we see that , in general, even if the inviscid interfering flowfields can be calculated ,
the growth , separation and roll-up of three-dimensional turbulent boundary layers cannot yet be ade- —

quately predicted.
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