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FOREWORD

This report was prepared by the M.I.T. Gas Turbine Laboratory
under Contract No. N00014-76-C-0253 and covers the third year of

activities under this contract.

The principal investigator is Professor Jean F. Louis. The
contract monitor is Mr. James R. Patton, Jr., Power Program, Office

of Naval Research, Department of the Navy.




ABSTRACT

In the third year of the contract, further advances were made towards
the goal of gathering the heat transfer and aerodynamics flow data necessary
for a good understanding of the performance of film-cooled, highly-loaded,
transonic turbine blading.

The MIT cascade blowdown facility now fully operational was used in
evaluating the heat transfer performance of the four blade profiles
designed in the first year of the program. The results show that the level
of turbulence is an important parameter in determining heat transfer in
transonic cascades. It also shows that the heat transfer to the trailing
edge of the blades is very high being about 757% of the heat transfer to
the leading edge. A comparison of the Nusselt number calculated from
heat transfer measurements with the Nusselt number obtained by a prediction
method using the pressure distribution shows good correspondence. The
variation of average Stanton number over a range of Mach numbers shows
that the reference blade has the most superior heat transfer performance.
Preliminary data has been obtained on the off-design performance of the
blades and full scale tests are underway. Comparative studies show that
about 217% less heat needs to be taken out by internal cooling if one stage
of a transonic turbine is used to replace two moderately loaded subsonic
stages which produce the same output, have the same inlet stagnation con-
ditions, have the same mass flow and the same tip speed.

This demonstrates one of the potential advantages of transonic

turbines.
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STUDIES ON TRANSONIC TURBINES WITH

FILM-COOLED BLADES
A THIRD ANNUAL REPORT
H. O. Demuren, N. Adams, F. Hajjar, O. M. Amana, J. F. Louis

Introduction

The increasing interest in Transonic turbines shown over the last
few years is a reflection of the need to increase the work output obtained
per unit of cooled-blade surface. Much of the increase in turbine efficiency
obtained over the last two decades has been due to our ability to increase
the turbine inlet temperature through the use of more efficient cooling
techniques. As more and more coolant mass flow is obtained from the com-
pressor, however, a point is reached when the losses introduced by the use
of coolant mass flow more than offset the increase in efficiency attainable
by an increase in the turbine inlet temperature. At this point, the need
arises to optimize the work output per unit of cooled-blade surface. This
requires the use of transonic blading.

The goal of these studies has been to gather the necessary heat
transfer and aerodynamic data which would be ©of use to the designer of
high performance, film-cooled, highly-loaded transonic turbine blading.
In the first and second years of the contract, the following key tasks
were performed:

(a) The gathering of the film cooling effectiveness data in the

transonic range 1.5<M<1.4 using the shock tunnel for both
slot and holes injection.
(b) The gathering of heat transfer and aerodynamics data at the

trailing edge of a transonic blade,and the use of this data to

formulate a model for the heat transfer and aerodynamic flow




(c)

(e)

at the trailing edge of transonic blades.

The design, manufacture and commissioning of the MIT cascade
blowdown facility.

The design and aerodynamic testing of four transonic blade
profiles in a conventional wind tunnel at VKI.

An estimation of the coolant flow requirements of a transonic
turbine and a comparison between the coolant flow requirements
of the transonic turbine with that of a subsonic turbine of

equal work output.

In the third year, the following tasks were accomplished:

(€Y

(2)
(3)

(4)

(5)

Aerodynamic and heat transfer tests were performed for the four
transonic blade profiles designed in the first contract year,
at zero angle of incidence in the blowdown facility.

The instrumentation in the blowdown facility was updated.

A preliminary evaluation of the off-design performance of

the reference blade profile has been carried out and full
tests are underway.

The design and manufacture of the equipment for the experiment
to measure the effects of periodic unsteadiness on the aero-
dynamic and heat transfer performance of turbine blades has
been completed.

Comparative studies between Transonic and Subsonic Turbines

have been carried out.




I. AERODYNAMIC AND HEAT TRANSFER TESTING OF THE FOUR TRANSONIC BLADE

PROFILES AT ZERO INCIDENCE

1.1 Blade and Cascade Geometry

The conventional transonic blade profile is usually designed with
a straight suction surface with the throat at the trailing edge [1l1], as
shown in Figure 1(a). This was chosen as the reference blade. The other
three blade profiles are variations of this profile to a large extent.
Thus, the blade shown in Figure 1(b) has an unguided expansion on the
suction side. The expansion fan, which is developed, helps to weaken the
trailing edge shock system. As a result of the added expansion, the
trailing edge dimension comes out smaller than that of the reference
blade; and so it became necessary to design the blade shown in Figure 1(c),
which has the same profile as the reference blade, but with a thin trailing
edge. The last profile Figure 1(d) shows a longer blade with a convergent-
divergent nozzle. A summary of the blade and cascade geometry is given

below.

1.1.1 Reference Convergent Transonic Blade with Straight Suction Back

and Thick Trailing Edge (Blade 1)

Blade chord ¢ = 66.0 mm

Blade spacing g = 49.5, i.e., gle = 0.75
Stagger angle y = 51°

Inlet flow angle 8. = 60°

1
Exit angle B, = 25°

Trailing-edge thickness te = 2.8 mm, te/c - 0,0424
Number of blades in the cascade = 6
with Blade 3 suction side and Blade 4 pressure side

instrumented with static-pressure taps.




1.1.2 Wuolly Convergent blade with Straight Suction Back but Thin
blade chord ¢ = 64.2 mm

48 15 mm, i.e., g/e = V.75

v

Llade spacing ¢

QO
L}

Stagger angle Yy = 51°

Inlet flow angle bl = 60°, exit angle 62 - 059
Trailing-edge thickness, te = 1.3 mm, te/c = 0.02025
Jumber of blades in the cascade = 6

with Blade 3 suction side and Blade 4 pressure side instrumented

with static-pressure taps.

1.1.3 Transonic Turbine Blade with Unguided Cxpansion on the Suction

Blade chord e 06.0 mm

Blade spacing 5 = 49.5 mm, i.e., e¢/g = U.7)

Stagger angle y = 51°
Inlet flow angle b= 60°, exit angle 3. = 25
Taailing-edge thickness, te = 1.4 mm, te/c = 0.0221
Jdumuer of blades in the cascade = 6

witu plade 3 suction side and Blade 4 pressure side instrumented

witil static-pressure taps.




1.1.4 Blade With Convergent-Divergent Channel

Blade chord ¢ = 76.0 mm; Throat 0 = 18.30 mm
Blade spacing g = 49.6 mm, i.e., g/c = 0.64
Stagger angle vy = 46.5°
Inlet flow angle £, = 6u°, Exit angle §; = 25°
Trailing-edge thickness, te = 1.14, i.e., te/c = 0.015
Number of blades in the cascade = 6
with Blade 3 suction side and Blade 4 pressure side instrumented

with static pressure taps.

1.2 Blade Instrumentation for VKI tunnel:

The blade velocity distribution was measured at the mid-span by
pressure taps on the pressure side and suction side of two neighboring

blades such that the instrumented blade surfaces formed the blade passage.

1.3 1Inlet Flow Field

The Mach number distribution at the cascade inlet was derived from
wall static pressure in a plane "0.le" ahead of the leading-edge plane.
Inlet Mach number variation as a function of exit Mach number was measured
and the inlet-angle variation in the transverse direction was also measured.

vo influence on the outlet 'lach number was observed.

1.4 Cascade Flow

The blade velocity is expressed by the local !ach number calculated

from the local static pressure on the blade and tue total pressure upstream




of the cascade. Measurements were taken on the suction and pressure sides
of the blade. The Mach number distributions are plotted in Fipures 2

through 5.

1.5 Dblade Performance as measured in the VKI Wind Tunnel:

The blade performance was evaluated from the downstream wake traverses
behind the blades at an axial distance of '"0.3¢" behind the trailing edge

in all cases.

1.5.1 Losses

The variation of blade losses as a function of the outlet Mach number
for all the blades is plotted in Figures 6 through 9.

For Blade 1, the convergent reference blade with straigiht suction back,
for exit Mach number up to M, = U.7 blade losses, ran up to 8%. This high
level of loss was apparently caused by trailing edge thickness (te/c = 4
as compared to te/c = 2.025% in the second blade, and te/ec = 2.27% in the
third blade).

Local supersonic zones, lambda ('"A'") shocks and diffusion losses
cause a sudden rise in the level of the losses from HZ > 0.7 with maximum
loss of about 11/ occurring at about Hz = (J.85.

The decrease in the level of losses from 4, = 0.85 to around !, | Lo

.
.- “at- v - il

1.3 is linked with the fact that the shocks became more oblique and flow

< 2 des?

reattachment occurred. The new increase of for M, > M " up to tae
g¥

limit loading ! = 1.59, is due to the increasing strength of the

‘
~Wey 3 b o
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left-running trailing edge shock which caused the boundary layer to separate

without reattachment on the suction side. ;
i

Losses recorded for I > depend on the total pressure losses

M o
2 2 limt
due to the blade boundary layer (APO)B.L.’ the trailing-edge shocks (Apo)shock’ :
and the mixing process between the trailing edge plane and the measuring

plane as well as the outlet velocity. The (APO)B L remains roughly constant,

while (APO)S and mixing losses increase as the exit Mach number increases.

nock

For Blade 2, (Figure 7), the convergent blade with straight suction
back and thin trailing-edge thickness (te/ec = 2.025%) for exit Mach number
up to 32 = 0.75, losses were decreasing until they reached a value of 4.77%.
This again is probably due to flow acceleration and thinning of the boundary
layer.

As in Blade 1, local supersonic zones, lambda (''A") shocks, and
diffusion losses cause a sudden rise in the level of the losses for

M2 > 0.75 with maximum loss of about 6% occurring at about M2 = 0.95.

The losses then decrease as in tne first blade from ”2 = 0.95 to around

W, oiys . . :
12 design 1.3 as the shock becomes oblique and possible flow reattachment

occurs after separation. The pattern in which the losses decrease from

”2 desiom is very similar to that of Blade 1 (straight suction back with

thick trailing edge).

The new increase in ¢ for M, > M,

2 2 desiem P to the limit-loading i,

s o e
crmtt :

is due both to mixing losses and to the increasing strength of the left-running

trailing edge shock, which causes the boundary layer to separate without

reattachment on the suction side. The very sharp increase in the level of

the losses after M. is similar to that of Blade 1; at around

Jesign




M2 = 1.5 each reaching a comparable level of losses.

For Blade 3 (Figure 8), the plug nozzle blade with expansion on the
suction side (te/c = 2.21%), for exit Mach numbers up to MZ = 0.7, losses
were decreasing and reached their minimum value of 5.5%, probably due to
flow acceleration and thinning of the boundary layer.

As in other blades, local supersonic zones, lambda (''\") shocks and
flow diffusion cause a sudden rise in the level of the losses for H2 > .7,
with maximum loss of about 7.5% occurring at HZ = U.Y.

The losses then decrease as in the first and second blades from

M, =0.9 to M

2 Ziesian- 1.3 as the shock becomes oblique and possible flow

reattachment occurs after separation. Tne decrease is fairly sharp, unlike
Blades 1 and 2, and the losses flatten out between Mz = 1.2 and ”2 = 1.4
Providing a reasonable operating zone with (w = 5%). This region of

loss lies between 5% and 5.3%.

= 1.67,

Losses increase for M2 > up to the limit-loading M

Azdesign 2limit
but not as steep as in the first and second blades. his is probably due

to the comparatively smaller increase of strength of the left-running
trailing edge shock.

For Blade 4 (Figure 9), the convergent-divergent blade, (te/c = 1.5%),
losses were first decreasing apparently due to flow acceleration and thinniaog
of the boundary layer. Losses reached a low value of 6.5% at HZ = U.75

As the pressure ratio increased, local sonic bubbles, lambda ("\'")

shocks, and flow diffusion increased the loss level to a maximum of 8..0x ]

at 1, = U.8v. Losses then decreased, as in Blades 1, 2 and 3, but at

)
“

a very sharp rate (from M, = 0.86 to around H7:p”:'v = 1.3) as the
“i4 O bleTd




shock became oblique (weaker), and as flow reattachment occurred after separa-

tion. A very low level of losses, 3.5%, was recorded at the design exit
Mach number region and remained low (below 4% between MZ = 1.2 to
1.5), providing a good working range of low-loss exit Mach number.
A comparison of the loss curves (Figure 4.19a) shows clearly that
each profile has a superior performance in a different Mach number range
and presents a unique potential when cooling problems and problems of structural
integrity are carefully examined along with optimization of efficiency.
Remembering also that lower blade chord ¢ means increased secondary losses
tends to suggest a more broadly based assessment of losses to determine an

optimum profile for a particular application.

1.5.2 Outlet Angles

The outlet angles shown on the performance curves were measured with
reference to tne tangential direction (Figures 6 through 9).

For Blade 1 (Figure 6), the convergent reference blade with straight

suction back, p, decreased slightly from 25.5° to 24° between b& = 0.0 and

2

. L DES g ; .
i, 13 (62 design 25%°). For M, > MZdeSLgn’ the exit angle increases

slowly up to M2 = 1.4 in a linear fashion. At M 1:39

2 = Marimie loading”
the deviation was about 10°.

For Blade 2 (Figure 7), tiie convergent blade with strairht suction back
but tuin trailing edge, b, decreased slightly from 25.5° to 23.5° between

HZ = 0.5 and JZ = 1.1. A gradual increase was noticed from WZ = 1.1

to I, ol 1.3 when ) increased back to 25°, the design exit angle.
& es Ar:;

| , , 4
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For M, > I the exit angle increased very sharply as in Blade 1.

2 design’

For Blade 3 (Figure 8), the plug nozzle, 9 decreased from 28° to

= 24.5° between rb = 0,6 and ¥, = 1.3. For M, > M, the exit angle

. 2 2 design’

increased very sharply as in Blades 1 and 2 in a linear form. At

v
M

L [ = = = I iati I N 2
) 2limit loading 1.67 the deviation of about 10° was again recorded

For Blade 4 (Figure 9), the exit ar vle {, changes very little for all

2

the ranges of the MZ up to M , fluctuating by about 0.5° from

2 destian

a mean of 24.5°. (The design exit angle is 25°.) After M M=1.3),

2 design
a sharp increase in the value of the deviation is noticed, already amounting
to a 2° deviation at Jz = 1.47, which suggests a possible large deviation
of the exit angle at nigher exit Mach numbers similar to the other blades.
As shown in Figure 10, there are noticealble differences in the exit
angle behavior for each blade in the Mach number range investigated. The
striking difference is the rather large deviation in Blade 3, close to 3°,
at low Mach numbers. This is not surprising since
Blade 3 is the plug nozzle witi unguided expansion. At these low subsonic
Maci numbers it acts as an inefficient diffuser. This deviation tuen
disappears as the design supersonic exit l!ach number is approached.
Another striking point is that a very sharp and high deviation is noted
in all the cases at Mz > 1.4, i.e., just a little over M2 design'
This is associated with the over-expansion at the trailinp edge corner

and the effect is even seen on tne wake inclination.
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1.5.3 Effect of Reynolds Number Variation

In addition to the normal test series performed at Reynolds numbers
between 10° and 106, the reference blade (Blade 1) was tested at constant

inlet total pressure of P . =P + 1000 mmllg, constant Reynolds number

01 atmisp
of 10% (corresponding to the highest total pressure for tne highest !Mach
aumber in the normal test series), while the downstream pressure was varied
with a back pressure valve.

The results of these tests showed that the Reynolds number effect
wns negligible in the test range of 10° to 10°. No noticeable change
was seen on the pressure distribution. Both the peak position and its

value remained practically unchanged, and the pattern of the shock-system

remained exactly the same.

1.5.4  Effect of Blade Solidity on Performance

Tests were also carried out to determine the effect of stage solidity
on cascade performance. Reference Blade 1 was tested at g/e = 0.81
and /e = 0.095 (former tests were conducted at /¢ = 0.75). 1In addition
Blade 3 (plug) was tested at g/ec = 0.0695.

Careful examination of the blade velocity distribution (compare
Figure 2 and Figure 11) and tue scalierea photographs show a change in tue
locations and inclinations of the left-running shocks for the same values
of Ais' Also, as the blade spacing increased, tne siock got weaker and
some flow separations resulting in the shock-boundary-laver interactions

were avoided.




1.5.5 Downstream Wake

Analysis of the downstream wake using the downstream traverse taken
at 0.3¢c behind the blades and schlieren photos shows an interesting effect
of Mach number on the wake. As MZ increases the flow nonuniformity
increases. A characteristic effect is the increase in the wake depth

during the transition from subsonic to supersonic exit Mach number. The

width of the wake changes also.

For the different blade profiles, the effect of trailiug edge thickness
can also be seen clearly in the relative width of the wake,

Careful examination of the schlieren photos of the wake flow shows
that it consists, under certain flow conditions, of von Karman vortex

streaks. Because of the long exposure time of the camera, an estimate of
the shedding frequency of the vortices can not be made from the evaluation

of the present schlieren pictures.

Further experiments are planned in conjunction with VKI to determine
the shedding frequencies vy directly measuring the pulsating wake pressure

with a high-frequency-response lulite pressure transducer.

1.6 Cascade l@gjormancgﬁgﬁJyﬁgﬂg@ﬂl_h\jju‘§HI’Hlnwduwn Facility:

1.6.1 Blade Pressure Distribution as Measured in the MIT Blowdown
Facility )

Plots of the blade pressure (Mach number) distributions are shown in
Figures 12 and 13. A very fast expansion takes place on the suction side
with the ach number reacuing its first peak, at a location where tae first

surface roughness (bump) is located on the bladi flow decelerates




a bit and quickly starts to accelerate again, until it hits the left-running

shock, from the neighboring blade, downstream of which the flow decelerates
and later accelerates towards the trailing edge on the suction side.

As the pressure ratio increases, the shock moves downwards towards
the blade trailing edge and this represents a typical pattern of pressure
distribution on the suction side for all the blades.

On the pressure side, a rapid acceleration occurs downstream of the
stagnation point, then quickly stops close to the leading edge. The flow then
gradually accelerates to its maximum value, which occurs at the blade trailing
edge. oUnce the flow is cnoked there is very little change in the pressure side
pressure distribution.

All tine blade profiles tested featured the same typical variation in
Mach number (pressure) distribution, differing only in absolute values of
tihhe pears due to strength and locations of the shocks hitting the suction
sides. Since all the blades showed the same tendency to peak at nearly the
same place on the suction surface, it would seem logical to attri-

bute this peak to the geometry (large curvature) of the blade.

1.6.2 Comparison Between Blade Pressure Distributions Obtained at the

MIT Blowdown Cascade Facility and the VKI High Speed Wind Tunnel

\ detailed comparison was made between the Mach number distribution
around the blade obtained in the MIT hot blowdown cascade facility with
that ootained in the VKI high speed windtunnel (see Figures 2 througa 5
and Figures 12 and 13). Ou the wiaole, the overall pattern of the Mach
number distribution was similar. Fast acceleration from the stagnation point

the suction side leads to the first peal of llach numver. But tne

location anud absolute value (magnitude) of the peak was different,




The peak shifted forward in the tests conducted on the hot blowdown

cascade facility. There are several possible reasons for this. First,

it must be recalled that the experiment in the windtunnel at VKI was a

cold flow investigation (Tu/Th = 1) with a low level of turbulence 0.7%.
whereas experiments on tine Il cascade facility were hot flow experiments

(inlet stagnation temperature of 450°K, Ta/TF = ]1.5), with a high

-~

turbulence level (10%). Scnlieren photos taken at VKI showed a distinct
region with a separation bubble on the blade suction side. A combined
effect of large blade curvature and surface roughness (bump) could have triggered
this separation while tine distinct region served to generate the necessary
turbulence in the shear layer to reattach the flow. Also, the high freestream
turbulence could allow a quick turbulent flow reattachment and thus create
an earlier transition.

Another possible reason could be that there are fewer pressure taps

on the blade tested at the MIT hot blowdown cascade facility. There were

twenty five pressure taps and twenty five heat transfer gauges evenly dis-
tributed all around a single instrumented blade as compared to instrumenting
two blades (that formed the central channel) with thirty six pressure taps
on the suction side and twenty two on the pressure side in the tests in
the VKI windtunnel. Thus at MIT, pressure taps were not as closely located
and the exact location of the peak could have been missed.

but on the whole the overall pattern of the pressure distribution
was the same. The correct peaks of the Machi number before, at and after
the shock could not be exactly located but the distribution still shows
the existence and movement of the shocks correctly.

A good apreement is seen on the pressure side witii gradual llach nunmber

increase up to the trailing edge.
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1.6.3 Blade Heat Transfer Distribution

The blade heat transfer distributions are plotted in Figures 14 through
19. Plots of the local Nusselt number Nu as a function of the relative

coordinate X = X/e; and plots of Nu/Re versus X are all shown.

A 0.5 — < 0.60 =z
(Additional curves of Nu/Re versus X and iu/Re versus X were drawn
for the blades. (Figure 20.)

To aid the understanding of the curves for heat transfer and static
pressure distributions, a typical pattern of heat transfer and of dimen-
sionless pressure coefficient have been drawn on polar diagrams around the
blade surface (Figures 21 and 22).

On the whole the external flow pressure distribution and level of

turbulence have, as expected, greatly influenced the boundary layer flow

which in turn practically dictates the heat transfer structure on the blade
surface. It is remarkable to see a similar effect of shock boundary layer
interaction on both the pressure and heat transfer distributions around

the blade, may be seen in these figures also.

Generally the pattern is as follows. On the suction side from the
leading edge, the pressure distribution indicates a very fast acceleration
to a minimum pressure, a condition very favorable for the formation of a
laminar boundary layer, and thus the Jusselt number decreases. Transition
from laminar to turbulent flow then caused a jump in the Nusselt number.
The Nusselt number thereafter fluctuates up and down similar to the behavior
of the pressure distribution in this area, until it hits the left-running
shock coming from the trailing edge of the neighboring bplade. Downstream
of the shock, the Nusselt number drops significantly and later starts to

increase as the flow accelerates toward the trailing edge.

On the pressure side, from the lcading edge the pressure distribution
indicates again a rapid acceleration conducive to the maintenance of & laminar
boundary layer, and as a result, the Nusselt number falls. Transition occurs




N
at s/e = 0.3, and the Wusselt number increases all the way towards the trailing
edge due to the rapid decrease in pressure up to the trailing edge on the

pressure side. This increase in the Nusselt number is caused by the thinning

of the boundary layer due to favorable pressure gradient.
It must be mentioned that a high level of heat transfer was recorded
close to the trailing edge, amounting to about 75% of the mean value

measured at the leading-edge region. It was also noticed that zones with

variation in heat transfer rate generally coincide with zones with
variation in pressure distribution (Mach number).

In all cases, straight lines have been used to connect all the data
points. Because of the relative distances between the data points, the
true picture of the heat transfer distribution, in particular the exact
values and locations of the peak, may not be exactly the same as shown.
The heat transfer gauge (3/32'" diameter) itself is averaping over a certain

area, across which the Nusselt number could have varied very significantly.

Thus the so-called local heat transfer distribution is in fact

an average over a certain small area in that region.

1.6.4 Comparison Between Experimental Heat Transfer Data and an

s e S e o ASaEE S

Available NASA Theoretical Prediction

1.6.4.1 Theoretical Prediction Based on Hot Blowdown Cascade

Blade Pressure Distribution (as Input)

A comparison between the experimental results ind values
obtained by available theoretical method is shown in Figures 23
through 28. A modified NASA Compressible Laminar and Turbulent

1

Poundarv Laver Program [1] is use

predict the heat transte?

distribution.




As input into the program, the experimental pressure distribution
obtained from the hot blowdown cascade tests was used. The curves
(Figures 23 through 28) did not agree point by point but on the whole
the general pattern was the same, and it was an agreement good enough
for such a complex quantity as the heat transfer coefficient. There
are obvious reasons for the differences 1in the curves. Surface curva-
ture, surface roughness, initial turbulence level of the freestream
and shock boundary layer interactions are not taken into account in

NASA program except insofar as they affect the pressure distribution.

On the experimental side, the physical size of the gauge (3/32"
diameter x 0.020" thick aluminum discs) necessitates an average measurement
over a certain surface area, across which the heat transfer could have varied.

The most obvious discrepancy between the two results occurred as
a result of two different locations for the transition point. The experi-
mental data showed an earlier transition to turbulent flow than the
theoretical prediction.

There are several possible reasons for this. The theoretical prediction,
as mentioned earlier, does not take into account the freestream turbulence,
and also assumes an adiabatic wall. The experiment on the other uand has
a high level of freestream turbulence wnich tends to destabilize the laminar
boundary layer and forces an early transition, while the heat transfer
across the boundary layer to the blade acts at the same time to staoilize
the boundary layer by dissipating the enerpy of turbulence. This will tend
to delay transition. The net effect wihen coupled with the effect of the
blade surface rouginess (the blades in fact do have bumps in this region

of interest) could have caused the early transition.
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On the pressure side however, the experimental data on the heat
transfer suggests that instead of having a transition point, a transition
region could in fact have existed, This is possible under the favorable

pressure gradient in this region.

1.6.4.2 Theoretical Prediction Using VKI Wind Tunnel Cold Flow_

Blade Pressure Distribution

Another series of theoretical predictions were done, this time
using the experimental pressure distribution obtained from cold flow

VKI wind tunnel tests.

The three curves of heat transfer distribution (experimental
data, theoretical prediction based on the high turbulence hot flow
blade pressure distribution, and theoretical prediction using the low
turbulence cold flow pressure distribution) are shown in Figures
29 through 31.

I'he prediction based on low turbulence cold flow is very similar
to that based on high-turbulence, hot-flow except for the location of
the suction side transiticn point. There are also differences in the
absolute value and location of peaks but apart form this, there is very
good agreement. The low-turbulence,cold-flow has the most delayed
transition as expected. This is definitely the effect of the difference

in the freestream turbulence on the transition of the boundary laver.

1.6.5 Transition Point

Several investigations (2, 3, 4 and »] have shiown tuat tue nailn
of turbulence exerts considerable influence on the stabili
f a laminar boundary layer and on acat transfer. Lffect of turbuleace on
les is shown in tae structure of tuc vounuary layer.

losses ia turbine cascac

Fr tion losses an intensity of ueat exchange ¥ er marked f rse




depending on whether the flow regime in the boundary layer is laminar or

turbulent. It is therefore essential to know the true location of transition.
Normally, in the absence of high scale surface rouginess, flow in the
boundary layer changes from laminar to turbulent either through instability
resulting from the growth in thickness of the laminar boundary layer or
through turbulent reattachment after laminar separation. Studies on the
behavior of turbulent boundary layers in accelerating flows [6, 7] have

shown that when the acceleration is severe enough and acceleration parameter

auv
£ = Q; dE€’> 3 x 10-6, the originally turbulent layer undergoes a reversion
U
e

towards laminar just as in this experiment.

Unfortunately, quantitative data on the influence of freestream turbulence
level on transition, heat transfer [2, 3] and losses are scanty and tae few
references that are available substantially differ.

Zysina-llolozhen [4] and others have been studying the effect of tur-
bulence on transition in the boundary layer of gas turbine blades. They
came up with an empirical formula for calculating the Reynolds number at

the peginning of transition H"tr' as a function of the level of turbulence
Cw

:u' wall to gas temperature ratio and Mach number:

- 0.71 x 10 (1 + 3,:7;‘7) p R0 ol o 38:-"1)“’)

“extr u

where ”1 is the !lach number of the flow at the maximum velocity region before

transition; , is the Mach number of tihe flow at cascade inlet; and ¥ =

v

T HT

i

Plotting [4] versus 7' (turbulence level) for typical valves
’ (

“extr
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M, L ¥ has
of ! . and Y has shown that Eéx

1 G decreases rapidly when Tu increases

tr
from 1.54 to 3%, indicating tunat the transition point moves forward and then
remains at a relatively fixed position.

Zysina-Molozhen and Kunst [4] noticed, however, that for Tu > 4.5%,
the dependence alters and some stabilization is observed in Hextr' which naving
reached the value of Rextr = 1.2 % 105, noticeably ceases to decline with
a further increase in turbulence. It is as though it reaches the maximum
possible displacement of the transitional point upstream.

But the quantity Hex cannot truly be a good measure of the transition

tr
point since it takes no account of acceleration of the flow. Reg would
probably have been a muci better measure.

In the experiment, transition is controlled by the streamwise pressure
history (turbulent reattaciment after laminar separation). The rapid rise
in Nusselt number which occurs at x/e¢ = 0.20 on the suction surface and
xl/e = 0.35 on the pressure surface is taken as evidence of transition.

Knowing the exact location of transition and forcing the theoretical
program to start to calculate turbulent boundary layer from there would

probably greatly improve the quality of the theoretical heat transfer

prediction.

1.6.6 Heat Transfer at the Blade Leading Fdge Region

It has been shown by numerous investipators that with increasing flow
turbulence, neat transfer is intensified over the entire leading surfaces
of cylinders or spheres, particularly in tue vicinity of the frontal stag-

nation point.
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Kestin [2] and others have correlated heat transfer in the frontal
stagnation point of a cylinder as
M. 1, [Re) et
Re S
This relationship is based on the assumption that heat transfer is
intensified in this case by eddies generated in the boundary layer near the
stagnation point by flow turbulence, with the distance between the eddies
(wavelength) being inversely proportional to tlie Keynolds number.
Dyban et al. (8] suggest from general consideration of similarity
theory, tue use of the turbulent Reynolds number (T, *Re) and correlate
data by the expression

NuT = S JuT g™ ](ReT )JuT =0
U U U Uu U

(1.2)
A comparison is made vetween the experimental neat transfer data obtained

at the leading edge with predictions based on empirical and semi-empirical

formulation of other works listed bLelow.

1.6.6.1 Kestin and Wood Correlation

2
Rcl/‘

Kestin and VWood [2] formulated that in the range 0 < (7 ) € 40,
A

heat transfer at the leading edge could be expressed as

Nu u

—h-= (0,945 4+ 3.48 < c—— S ———— £1+3)
V.3

’ 2
i) oet/ [T Rel/?
- 3.99

1uv




In Equation (3) the turbulence level Tu is expressed as an absolute

fraction (as opposed to a percentage), and the Reynolds number is based on
leading-edge diameter and inlet flow stagnation parameters. All the tests

1/2

were carried out between 16.3 < Tu°Re < 27.6.

1.6.6.2 Smith and Kuethe's Correlation

un the basis of a semi-empirical theory, Smith and Kuethe [9] were the
. > - - 1/2
first to suggest the use of a single correlation parameter Ju'Re .

According to their theory

1/2.%

3 Py ) e

375 = 0.3762 + 0.0138 T“(Rexlu

; )
i - 1.32:107%(2 «pe
Rel/? %

1.6.6.3 Mujumdar and Douglas's Correlation

Mujumdar and Douglas [1lU] observed that a better correlation could be

made in terms of turbulent Reynolds number, Re (=7 *Re), instead of the
4 o’
? 4

- : 1 ! : . .
single parameter Tt-Re /‘, and gave tie following correlation

N . i
l“/’z = 0.981 + 1.017-107" Re,, + 2.74x10 g Re? {1.5)

Re

1.6.6.4 Dyban, Epik and Kozlova's Correlation

Judging from the results of tneir wide range of experimental investi-

gations on neat transfer in the vicinity of the front stagnation point of l
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a cylinder in traverse flow, Dyban et al. [8] concluded that freestream
turbulence affects heat transfer in that critical point in the same
manner as does the Reynolds number.

Using turbulent Reynolds number T;-Ke, they came out with the

empirical formulation

Nu, 0.8 T *Re
o "W, - "1t Tsoov i <5
4 =( Uu
u
where Nuo is Nusselt number at stagnation point in turbulent flow

NuT =0 is the Nusselt number at stagnation point in zero turbulence
u

€, is the ratio of the two values above
is the percentage level of turbulence
and Re is tne Reynolds number based on leading-edge diameter and inlct

flow conditions.

When experimental data are compared witih tnese formulations, as shown
in Figure 32, the results snow that the measured Nu. at the blade leading
edge were consistently lower by as much as 307 than the predicted values
in all cases except for the Smita-Kuethe correlation in whicua tne differences

decrease to less than 7..

There is, nowever, some question about the Smitli-Ruethe correlation

T 1/2 . ) ot :
for 4,°Kke 2 5 20. As Kuetne himself has indicated, the theory would require
s % 172 . " : y
modifications for 4 °Re > 20. Since the experiments reported herc were
“
A . RO . :
in the range 1l6.3 < I °Re < 27.0, the agreement between tne experimental

“

data and the Smitih-kuethe correlation should be veiwed with reservation.
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There is no doubt that the measured NuM was consistently lower tnan

its true value. An explanation for this is the possibility that the

leading -edge gauge could not have been placed exactly at the stagnation

point and, even if it were, it was averaging heat transfer over an area

in the leading edge zone, where there is a very sharp gradient of pressure

and heat transfer. The ratio of gauge diameter to leading edge diameter = U.5.
It is therefore not unreasonable to indicate that the maximum heat

transfer at the leading edge may not nave been recorded but, instead,

averaged out over a certain area of tiue leading edge region.

1.6.7 Effect of Mach Number on Blade Nusselt Number

An attempt was made to correlate the effect of Mach number on the blade
heat transfer. Variatious of Nu/Ren, for various values of n (n = U.>, U.v0,
0.8 and 1.0) were investigated and some are shown in Fipures 17 through
20. Stanton number as a function of the dimensionless chordwise location
Z/¢ was also investigated. Unfortunately, the shock movement on tue suction
side makes it impossible to arrive at a meaningful quantitative correlation.

0 : :
A plot of mean Nu/Re , obtained from tie area measurements of tue
heat transfer distribution curves, for the entire vlade surface is plotted

as a function of exit lach number in Figure 33. The plot shows that tae

mean aeat transfer to the blade increases with Macih number.

A comparison is also made between the measured blade mean Lusselt
number witin several available experimental data. As suown in Figure 34
our experimental data lie in the upper repion (aiph values) which is

expected as a result of tne high level of turbulence at wilca we operated.




Finally a comparison of the mean heat transfer (Stanton number)

as a function of exit Macn number is made of all the blades tested.

This comparison (Figure 35) shows that the average heat transfer coefficient
of Blades 1 and 3 is about the same whereas the convergent-divergent blade
has a higher Stanton number. This high value of the Stanton number is
probably due to the higher level of pu over the surface of the convergent-

divergent blade.




ITI. UPDATING THE INSTRUMENTATION

In updating the instrumentation, a look was taken at the effect of
the temperature difference between the copper slug and the rest of the
surface of the blade which results in the pulsing of the thermal boundary
layer. In order to estimate this effect, an approximate integral method

was used as shown below:

Ig —~ B = - ST
s ':.\}i__’ o t
,/L 2 s
|
' / I ..._L_—' = (X’f"AX)
It |
bm -——\"‘" — -
’ - ‘ / {
' V\\ da
o o8 s
Figure (a)
E. + dx =T & IA + dgq
e ko 0N = L = F. <+ dg
X X §
L d g 0 :
i.e. (3; Ix) Ax = 16 + dgq (Z.1)




Thus Equation (2.1) becomes

6
6,1. [T
d d _ oT
z= pvxcpTdy - Cp1;>3; J pvxdy = k(By y=0
0 0
Assuming constant p and Cp we have
6T
d 0L
b Vx(Tm—T)dy = d(ay 0 (2.2)
0

Assume that the momentum and temperature profiles are similar and use the

7th power profile to obtain

v

. (v/6)17 (2.3
T -T

7 7
Tm—Tg = /67 = &85 < 6 (2.4)

where TO is the wall temperature and § and 6T are the momentum and thermal
boundary layers respectively

Using Equations (2.3) and (2.4) in (2.2) gives

1 d 8/7 : AT :
7—2—’5 [(6,!./6) [ V)' (’I"‘—TU)] = l(:‘.‘)“ (2.5)
T 1/7 2 v
- = =T Y& /8 gl T
v 5 (T (8/31) 5y v
(T_-T,) R
i Q - ((/§1\ l Tg (2«5}




s
Equation (2.6) into (2.5) gives
L @ . A7 o2 (2.7)
ol 8- :
v, &

where ¢ = GT/G and Ty is the friction coefficient at wall,
For turbulent flow:

V x -1/5

§/x = 0.37(—) i2+83
v
x vV § -1/4 .
e W e (2.9)
2 vV
v
Using Equations (2.8) and (2.9) in (2.7) gives
d 810 4f5, _ 5,62 =3[5.-1f7 (2..10)
dx(g x = Pr * &
Equation (2.10) may be rearranged as
8/7 4/5,1/8 4 8/7 4/5. 5,62 -1/10 (2.11)
€6 ix ) Sets &) = 5r =
Solving Equation (2.11) gives
* 7/9
r o ST _ =7/9 .. ; 9/10 ’ (2. 12%
A T 4,56 Py [J - (XUIX) }
where X is an unstarted heating length which represents the distance from
the leading edge to the gauge in question, FEquatis 2.12) in (2.6) gives

_______________._.—-“
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Equatior (2.13) gives the correct power for the Reynolds number for

Xg = 0 but gives a lower dependence on Prandtl number,
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Figure (b)

Thus if it is required to find the effect of the first gauge on the second

gauge then x, = 0.25"; x = 05" % = 0.35", Hence,
0, 0,

e A_T (R,-R

5]

. g ) 0.9
where Aq 1is the error in recorded heat transfer, and R = [l = (xo/x) ]

and AT is the temperature difference between the metal slug and the blade

surface (Fign. ¢ 36). For the conditions of the experiment at t = 1 sec,,
= 47°F and 'I'U~J” = 270°F, Then \q/q = 0,0113,

The effect of the first gauge on the third

gauge is even smaller (0.15%).

{2.13)

0.111
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Thus it was recommended to stagger the heat transfer gauges as shown in
Figure (b) in order to keep these effects to less than 17. The obvious
weaknesses of the analysis include the assumption of constant density and
the fact that the effects of curvature have not been taken into account.
However, staggering the gauges is expected to keep the errors very low.
The photograph of the new meliumeuted blades are shown in figure
37. The static pressure tubes are embedded further inside the blade so
that less distortion of the flow over the blade surface is produced.
The bridges for matching the heat transfer gauges and the pressure taps
with the oscillograph have also been made a permanent feature of the
facility. The master for the manufacture of the blades was smcothened so

that the lumps on the blade were eliminated. The resultant blade profile

had a slightly slower expansion.

e




III. OFF-DESIGN PERFORMANCE OF THE REFERENCE TRANSONIC BLADE PROFILE:

The off-design performance of transonic blades is of great importance
to the designer. Thus, in this section of the study, an investigation of the
aerodynamic and heat transfer performance of the reference blade profile
figure 1(a) was carried out at angles of incidence other than 0. The tests
have not yet been completed, but some preliminary results at one exit Mach
number of 1.14 has been obtained. Thus,while no final conclusion  will
be drawn, some preliminary comments will be made.

Figure 38 (a), (b), and (c) show the isotropic Mach number distribution
obtained for angles of incidence equal to zero, +5°-and +10° respectively
for an exit Mach number of 1.14. The movement of the stagnation point

is apparent, and it appears as if the transition point extends into a

transition zone which seems to get larger with increasing angle of incidence.

The Mach number at transition also appears to be higher.

Figures 39(a), (b), and (c) show the Nusselt number distribution for
angles of incidence equal to zero, +5° and +10° respectively for an exit
Mach number of 1.14. A comparison of the distributions shows the movement
of the stagnation point. These results are preliminary and further testing
which is underway is required before any trends can be recognized and

conclusions drawn.




IV. EFFECT OF UNSTEADINESS ON THE AERODYNAMIC AND HEAT TRANSFER

PERFORMANCE OF TURBINE BLADES

Flows in gas turbines are necessarily unsteady. The unsteadiness
arises from factors such as blade passage, the propagation of azimuthal
nonuniformities and the propagation of periodic disturbances which originate
upstream of the turbine.

These disturbances are likely to have a marked effect on the flow
field, the base flow and the trailing edge shock system behavior as well
as on the heat transfer. The aerodynamic flow around the trailing edge
of the blade is of great interest because of its effect on blade row
losses.

When a transonic cascade is operated at conditions other than
limit loading, the left running trailing edge shock of the first blade
usually interacts with the boundary layer of the suction side of the
adjacent blade and this interaction could result in local or full flow
separation, which has a great influence on aerodynamic losses. Since
the rotor typically operates at a high angular velocity with many
individual blades, a stator could see in the neighborhood of 105
fluctuations per minute. The purpose of this experimental investigation
is to examine the effects of the high frequency periodic unsteadiness
on the performance of the given turbine blade. The experiment is being
designed to investigate the following phenomena:

GE) the aerodynamic and heat transier properties in the

neighborhood of the oscillating shock-boundary layer

interaction on the suction side of the adjacent blade;

(%) the efltect vf the eriodi i idv disturbances on the




potential flow in the blade passage;
(iii) the effect of the disturbances on the base pressure behind
the stationary blade;

(iv) the accumulated losses in the wake.

The above experiment is to be conducted utilizing the MIT linear
cascade tunneli which is attached to the hot blowdown facility in the Gas
Turbine Laboratory. In the experimental investigation, a disturbance
generated by rotating a small elliptical body downstream of the cascade
blade will be used to simulate periodic unsteady effects. Blade, cascade
wall, and traversing rake instrumentation will be used in measuring the
aerodynamic and heat transfer properties for different operating conditions.
A traversing probe will be used downstream of the cascade to measure
cascade lcsses.

The experiment should help provide a basic understanding of the
losses which are inherent in all gas turbine generators which utilize
transonic rotating machinery. It should also better help to understand

the cooling requirements for this type of turbine blading.

St g tem,
I

A small air turbine was chosen to provide the required flexibility
of rotating the elliptical piece downstream of the turbine cascade. The
air turbine has a variable speed of from O to 100,000RPM while operating
of f the shop air. The company which was given the contract for the air
turbine is the Barbour Stockwell Companv of Cambridee. Massachneette

The air turbine was supposed to be delivered in May but during the acceptance

tests problems occured with the bearings of the turbine above 90,000 RPM
and delivery was not possible in May. It was later decided to run the
turbine below 90,000 RPM and so the air turbine will be delivered within




two weeks of the time of writing. Meanwhile, components of the air tur-
bine control system consisting of a magnetic pickup attached to the air
turbine, an electrically operated throttle valve and the air cleaning

system have been installed.

Work is also underway in the area of an analytical study of the
effect of unsteadiness on the aerodynamic and heat transfer performance

of the blades.
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V. COMPARATIVE STUDIES BETWEEN TRANSONIC AND SUBSONIC TURBINES:

For this comparative study, let us consider a case where one highly
loaded transonic turbine stage is used to replace two conventional subsonic
turbine stages.

It is assumed that the mass flow rate mg, turbine inlet stagnation
temperature T

and pressure P ., work-output and tip speed are the same

01

in both cases. In addition, the axial velocity is assumed constant in

01

both cases.

For the Transonic Turbine:-

Number of stages = 1

Stage Stagnation Pressure Ratio = 4

Turbine Inlet Stagnation Temperature = 1800°K
For the Subsonic Turbine:-

Number of stages = 2
lst Stage:- Stage Pressure Ratio = 2

Turbine Inlet Stagnation Temperature = 1800°K

2nd Stage:- Stagnation Pressure Ratio = 2

5.1 Gasdynamic Analysis of the two Turbines

Gasdynamic analysis of the Transonic Turbine Stage has been carried
out and the results given in Table Number 1. A similar analysis is now
carried out here for the two stages of the Subsonic Turbines.

St
Turbine 1 Stage:-

= 1800°

lul
01

}Oi

4 P
01 Jl

Iu{ l(H
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TO3 = 1560°K

ATO = 1800 -~ 1560°K = 240°K

Specific Work Output

= .
( y-1 ) M AT0

>
=
I
n
L)
>
=]
]

299154.93 mz/sec2

For the 2nd stage,

- Oy
Ty, = 1560°K
B T
L. 2, 222155
03 03
Ty, = 1350°K
aT, = 210°K

The detailed multi-stage analysis is shown in Table TI.




Stage Parameter

Table 11

lst Stage

2nd Stage

(a)

(b)

(¢c)
(d)

Design Parameters

Turbine Inlet Total
Temperature

Stage Stagnation
Pressure Ratio

Blade Speed (U)

Target Total to total
polytropic efficiency

Stagnation Temperature Drop

Across Stage

=TO

1

=~ Tag

Stage Specific Work Output

A

W

=C AT
p

0

Change in Tangential Vel

A

Cy

AW

H

Tangential Components of

the Velocities

%)

y3

Rotor

(ACX + Hy

%>
4

Velocities

Ca

<

= < C

X

. 2
Ay LyZ

1800°K

550 m/s

0.9

299154.9

543.92

657.16 m/s

1560°K

210°K

260887.6

.34

i~
~
s

512117

-37.83

=37 .83

628 m/s




Table 11 (_kgnsn-tinued)

Stage Parameter lst Stage 2nd Stage
L2 . 2 ,
W, = /W +W 365.02 m/s 367 m/s
2 ¥ g y2
SR 4 :
C, = € + € 365.02 m/s 367 m/s
3 w y3
W, = /;Fr~:;;ﬁri 657.16 m/s 628 m/s
3 X y3
y 38 Static Temperatures &
Acoustic Velocities at
Rotor Inlet and Exit
C2
(a) X, w - 2 1626.19°K 1401.27°K
2 02 =z
2Cp
(b) a, =/y 21 778.51 722.67
2 m 2
C2
(c) Ly = s - 3 1506.37 1295.79
3 03 —
2Cp
,_§~_~ < ;
(d) ag i//y i T3 749.28 694 .94
&. Mach Number at Rotor
Inlet & Exit
(a) Absolute Inlet Mach No.
= C > 0.87
MCZ (‘2/1\2 0.84
(b) Relative Inlet Mach No.
= . 0. 31
sz W2/32 0.47 5
(c) Axial Inlet Mach No.
= Y 47 ). 51
Mcx2 Cx/a2 0.47 0.5
(d) Absolute Exit Mach No.
= - ). 49 0.53
B3 ™ Syih, a3
(e) Relative Exit Mach No.
M = W,/a 88 1)
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Table 1I (continued)

Stage Parameter 1st Stage 2nd Stage
(£) Axial Exit Mach No.
Mcx3 = cx/a3 0.49 0.53
9. Stagnation Temperature at
Rotor Inlet
ab o o
Absolute T02 1800°K 1560°K
E rel °
Relative T02 1679.81 1455.48°K
10. Stagnation Temperature at
Rotor Exit
ab o o
Absolute TO3 1560°K 1350°K
Relative T, ,"* 1679.81 1455.48°K
11. Stage Loading Coefficient
€. AT
Y = p 0 0.99 0.86
2
H
12. Stage Flow Coefficient
o= © 0.66 0.66
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Estimate of the Coolant Flow Requirements Using Film Cooling

As mentioned above in Section 5.1, film cooling of varying degrees
of sophisitication offers a more practical solution for high-temperature
’

turbine blade cooling.

Film-cooling effectiveness data on flat plates gathered at M.I.T.
Gas Turbine Laboratory, which incorporates the effect of geometry on
film-cooling effectiveness, shows that for double row of holes, with in-

jection angle of 20°, gives

= ‘)[‘
-.24 -.24 y T
L.8E 4 =L .35 _~0.68 X
= 156.17 (n* o © == =) 5
" soth ( =) (m ) G (
-.24 y, —.24
1.41 4 =135 X “1
= :' o n‘k s ' — =
ES6i=07 56 =) (X, ) G- )
U
where m = SES :
- C exit
T
q
2
- pU M
L E = { = =%
k\() gt 1\0 my( v
pU 2
The main flow m" = (pUA) = U sh Cosg ., h
g 8 Peg th
s . D2 Y
Coolant flow m_ = 2.489 . - DCLC
c X 4 Y
Here the perimeter of the blade profile is taken as 2.48C, which
is equal to the perimeter of the reference blade.
T J v
rj'fcv‘ h Lam S TRy 4 ,[,h,"’f“ ; X l
m 2.48n C pU d = d (5.4
(& C
Combining equations 5.1 and 5.2, we get the following expressions:
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< 62%, i.e., A, < 45

iso 2

Me 4.17 m' -0.35 _-0.68 )

= 1.9647 ° T 0 (s/c cos B)

m m

g
,U'»
where m' = e c
pU
q throat

~ g a9 .
For 33.4% < P 627%: d.e., 45 A2 180

m :
£ - 0.833 2.273 m" s G.35 -0.68 (§‘ s ) 1
m m c
g
For N soth 33, Dy A2 > 180
m e
£ = g,380m 2F & -0.35 _-0.68 s o
m = T 0 (= cos B)
g m c
where
E.4L . =135  _=0.
Az = 7 e 0 0.68 §§g
v
e XL B E L ] . s
With Seq = q ) for double row of holes,
DU
Sird
1 ol hitcs L tio AR
L -Aﬁﬁﬁgﬂlﬁ___ = g J1ujection =A.
m ol ¢ U ) inject
r= > q° throat

L ;
£ 1njection

tor the reference Blade 1.

Eogwation 5.3, which represents high values of n

in this analysis.

= 0.63

isothermal

(5.3

(5.4)
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According to the definition of film-cooling isothermal effective-

ness,
1 e "
., = 3——'1£L— (5.6)
isoth q
where q - heat traasfer to the blade in the absence of film cooling
q' - heat transfer to the blade with film cooling
" 2 3
= 1 - n. - and this must be handled by the ternal
4 ( nlsothermal) - s
cooling,
f.0:, 4" =@ Cp_ (% LR 5.7
e c P ( c.exit c.m) ( )
Let us define an internal cooling effectiveness:
Tc exit TC in
E = == - (:75)

Iblado 1 Tc'ln

varies from 0.0 to 1, higher values of generally 0.5 are of interest.

€ is a strong function of the type of internal cooling; its configuration

coolant flow Reynold number, etc.

IRE oyl .- coolant inlet and exit temperatures respecitvely
in € exit
combining equation 5.7 and 5.8 rcsults in: i
I
s e € . i . |
4 c pc L blade c.ln)
i = g
e el R N P e GO
Y w B IE - T
ch [ blade C.1n]
N . R ) L e '
€. el =T ]
pc “bhlade e«in
(1 ) '8 Syt 1 Cp e i, )
: q L s *
Ci I ]

) (T =y
£ l blade ¢c.in

where St - blade mean Stanton number

ﬂ_——-——-——-—-—w
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A%k
throat
= 2 » e
o (@1 n) o (2.48)0 . St . Lpg . Kl (Tg Tb)
¢ exit ;
== - (5.9)
g ch e [Tb ~ TC . in] cos B
where Kl - is the coefficient that takes into account the effect of blade
rotation. Using experimental correlation of references (i2),
(23);, and (14), Kl is taken to be 1.5.
3 - exit angle at the throat.
—ﬁc rhc
e = K7 ‘7"
m 2 g
B film L internal
cooling cooling
where K, - is the fraction of internal cooling being used for film cooling

and taken to be 1 in this analysis.

Equations 5.3 and 5.9 are coupled and solved simultaneously.

il
4. -0. -0.68 - .
B L P g e cos B (5.10)
mg
y _ o s 5 . . B
ST L B e A il Wltar e S (.11)
mg " ! S s R
ch 7 ; [Th rc.in] cos B
: ) (t, =T . )+T
i c.exit = i _.,b.. (RS S c.in ]
T T
g g

Uu?d> and 0.9)

internal cooling effectiveness ¢ . (& = U.D,




included as the nozzle 1s considered as part of the cocbustion chamber.

for the rotor inlet To

cnt mass flow requirewents for the

1e single high pressure ratio transonic turbine stage

otor blade row aleone is

v

red. The coelant mass flow recuirecent for the nozzle row

- )

tha

is not

ol e : R . v AR )
ihe turbine inlet stagnation absolute temperature defined here is

Blade Row: For the rotor blade row, equations 5.3 & 5.9 are

simultanecously

Computations are carried out for m = 0.5, 1.0, & 1.5 while varying

i =P + T .ib
lc.exit [ (Tb ) C.ln) c n)
T rel
8 fo2

Tb = 1200% : allowable blade temperature

T s,
c.in = 750k

~rel

L= O »
06z - 5750k

-

S/lc cos B = (0.7)(0.42) = 0.315
0 = cfs = ;.4286

St = 0.00187

k = 1.5 accounting for the effect of rotatien

_rel
L P P

a8, 1s defined as the ratio of coolant to gas flow rate.

1

solved




Two-Stage Subsonic Turbine

Equation 5.3 and 5.9 are solved simultaneously to determine the coolant
to gas flow rate.

As in the transonic stage; the first nozzle is not included. This
is regarded as part of the combustion chamber.

The coolant mass flow requirements for the rotor of the first stage,

the nozzle and rotor of the second stage are estimated.

1St

Stage Rotor
is defined as in equation 5.12

= 1200k -~ allowable balde temperature

02 =T = 1680°K

(s/c cos 8) = (0.7)(0.554) = 0.3878
o =cls = 1.4286
St = 0.00194

k, = 1.5 accounting for the effect of rotation. Cocputations carried

1
out for m = 0.5, 1.0, and 1.5 and € = 0.5, 0.75 and 0.9

a, is defined as the ratio of coolant to gas flow rate

m
CE
et
1 m
g
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2nd Stage Nozzle
The 2nd stage nozzle inlet temperature is computed using energy

nservation,

; : ab : -
m T I n . Cp I 3
o ' 02 ot il (o c exit
o g B | e = : ~ab ; =
= (m _+m )C'p T, -+(m +m )Cp. AT m Cp .T . +m_ _.Cp S >
& i) q 03 g e.rl 0g g 02 c.rl "¢ exit c.exil
. o ‘,ilh s A (r).]j\
= (m_ +m Y(C'p =ik wh B )
g c.rl g 03 p 0
where mg is the main (hot) gas mass flow entering the first rotor,
m - - F G
c.rl - coolant mass flow for rotor blades of Stage 1
(m + mc.rl) - mass flow leaving the rotor stage
g
‘J[) - stagnation temperature drop across the first stage.
Equation 5.14 then reduces to:
Cp l Cp .
" ab .exit
w72 B o]
C'p 02 1 C'p € «eREL
.ab _ y ) i B ( +)
‘1){ |
(L s+ a.)
1
Cp P
' ab CoeXdt ¢ o
C'p 02 = T2 TR in] ¢
,.ih 24 : p :
- = oy - s ‘ \
‘03 C'p 01
(1 + 11) f
; ab j
knowing f“‘. can be calculated.
‘ (T, - )+
exit
]
' v = tationan ron
) 0. 40




0 =c/s = 1.4286

st = 0. 00194
T =T ab
g 03 expressed by equation 6.2.14
B = [+]
Fb 1200°K
'E

c.in = 600°K

1.0 and 1.5 and = 0.5,

The equations are solved again fo. m
0.75 and 0.9.
a, is defined as the ratio of the coolant to gas flow rate for the

2nd stage nozzle

2nd Stage Rotor

Equations 5.3 and 5.9 are solved simultaneously to determine coolant
mass flow.

E ~ab g .
The mean absolute stagnation temperature 1 at 2nd rotor inlet

04
is found using conservation of energy.
s o . ab
m -+ m E + m s CP ., = o R -Cp,
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(? ." 3 ‘
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where C, and W, - are the absolute and relative velocities
4 4

(taken from the velocity triangle)

Tc exit
g = —ToSa=r
Trel
04
, [ (lb c.in) ¢.in L
G = 3 e (5.20)
ab (€, - W)
04 2Cp

kl = 1.5

s/c Cos B = (0.7) x(0.5812) = 0.4068

0 =c/s = 1.4286

st = 0.00191

; rel s :

I = T _, compressed as in equation .19

g 04
T . = 600°K

¢.in

The equations are solved for m = 0.5, 1.0 and 1.5 and € = 0.5,

0.5 and 0.9,

and

a, is defined as
bl

a

subsonic




The analysis yields the total coolant mass flows for both the sub-

sonic and transonic turbines. The savings in coolant mass flow may

then be computed.

Limitations of the Anlaysis

The major limitations of the anlysis lie with the data used. For
example, the film-cooling correlation used here is one which was obtained
for film cooling on a flat plate. Thus the effects of curvature, the
effects of the coolant from the preceeding line of holes and the effect
of secondary flows on cooling in a 3D machine are not taken into account.
Also many other considerations such as the losses due to coolant flow
injection and a detailed heat transfer and structural analysis must be

carried out before final design criteria can be set.

5.3 Comparison of Required Heat Removal:

Without specifying any cooling technique to be used a general
approach to determine the desirability of using transonic turbine to
replace subsonic turbine can be roughly estimated by considering the
ratio of the amount of heat that has to be removed from the stuage

to the work output from the stage.

5.3.1 Transonic Stage

[t is assumed that both the transonic and subsonic turbine

have the same turbine inlet total temperature and total pressure;
operate with the same mass flow, axial velocity and tip speed. And
we are considering the case, where the highly loaded transonic stage
Pol = 4 is used to replace, two stages, say moderately Pol = 2

Pod Po3
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subsonic stages. For the Single Transonic Stage,

“qtransonic

dtransonic ¥ n')(Cp ATO)transonic

where Iq =

transonic Yhozzel + q + q

+ . -
rotor Y4isc casing

blade

= sum of all the heat that has to be removed from the turbine ccmponents.
For simplicity, let us consider only the nozzle and blade rows.
Using the example we are dealing with here, let us first compare
the highly loaded single stage transonic turbine with the moderately

loaded subsonic one.

5.3.1 Transonic Stage:

For the Transonic Stage with a pressure ratio of 4, turbine

inlet temperature of 1800°K we have:

q ia TN
4 = nozzie  rotor

ACp AT
e

q q
nozzle " rotor

mCp ‘mCp




(2.48)(1.33)(0.000188) (600) & (1.5)(2.48)(1.333)(0.00188)(1575-1200)

0.423 0.423

450

0.367

5.3.2 Subsonic Stage

For the subsonic stage, let us consider the first stage of the two-

stage turbine.

2.480 St(Ty-T,) , 2.4 s:.xl(rggl - 18
e cos B cos B
Ao

0.0602

Second Subsonic Stage

With pressure ratio of two, with turbine inlet temperature of

1560°K

4 _ 3.7659 + 2.6727
subsonic I1 216°

= 0.0307

For the Multistage Subsonic Turbine

C
qnozzle + lrutor 3 qnozz]e = qrotur
d ’ stage 1 stage 1 stage 2 stage 2
multlst.lgv e “"¥ """""" b e ’\"A“t"' - N “'&"
subs. mC AT + mCp AT
= p ol P 2lot1
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Ynozzle 1, Yrotor | 9nozzle 11 | Yrotor 11
= fCp mCp i mCp MmCp
(ATOI s ATOZ)

6.5681 + 7.8817 &+ 3.765% + 2.6727
450

= 0.0464

d : —d -
multistage transonic

dmultistage

_ 0.0464 - 0.0367 _ L. o,

0.0464

i.e. by replacing two subsonic stages with a single highly loaded
transonic stage to produce the same work output, the amount of heat
that has to be removed from the rurbine stage has been decreased by as
musch as 217.

It also is worth mentioning that for a fixed rotor blade temperature,
the turbine nozzle inlet temperature can be raised for the transonic case
since the blade relative stagnation temperature is generally lower in
transonic turbine than in subsonic ones.

And when this increased temperature is matched with a corresponding
increase in compr:ssor pressure ratio, the overall cycle - efficiency
will improve.

The analysis thus shows the potential for gains in the work output

per unit of cooled blade surface for high pertormance transonic turbines.




VI. CONCLUSIONS
The most significant results of the study may be summarized in

the following conclusions:
(a) Since the pressure distribution obtained in the cascade blowdown
facility is the same as that obtained in the conventional wind tunnel
at the Von Karman Institute, then the blowdown facility is a bonafide
and practical method of aeordynamic testing. It is also a flexible
means of solving rather complicated heat-transfer problems
while providing a fairly rigorous modeling of the aerodynamic flow

and temperature fields to simulate turbine operating conditions.

(b) A comparison of the isotropic Mach number distribution obtained
in VKI with that obtained in the MIT cascade facility shows that the
level of turbulence in the mainstream has a marked effect on the

transition to turbulence in the boundary layer.

(c) The losses measured for transonic cascades are of the same order
of magnitude as for subsonic cascades which seems to suggest that
the effectiveness of both turbines are comparable. However, this

will have to be modified by an evaluation of the effect of coolant

flow on these efficiencies.

(d) A comparison of the loss curves for the four blade profiles shows

that each profile has a superior performance in a different Mach

number range. Thus the reference blade with the thin trailing edge

is superior up to the design point and then the plug nozzle as well

as the blade with a convergent-divergent nozzle are superior in the
higher Mach number range. The comparison also shows that the thickness
of the trailing edge has a marked effect on losses.
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(e) The Nusselt number distribution predicted from a NASA computer
agrees well with the measurement except in the regions where shock
waves interact with boundary layers. This serves to confirm its va-
lidity. The distribution of Nusselt numbers also shows a very high
heat transfer rate at the trailing edge.

(f) The comparison of the results obtained with those of Turner [15]

seem to suggest that the level of turbulence may be a key variable

in determining heat transfer.

(g) Lastly, comparative studies between subsonic and transonic
turbines show that there is 217 less heat to be taken out by internal
cooling in the case of transonic turbines, and that less coolant

flow is required to cool a single stage transonic turbine with a
pressure ratio of 4 used to replace a subsonic turbine with two
stages with pressufe ratios of 2 per stage. All these point to

the great potential of transonic turbines. But before this potential
is realised further investigations are necessary such as the effect

of coolant flow injection on the efficiency of transonic turbines.
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BLADE [IACH NUNBER DISTRIBUTION
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Figurc 11 Blade 3 Mach kuler Distritution g/e = 0.695 1




M

MACH NUMBER

,.
L

ISENTRCP]I

-68-

.5
4

o

4
m 4 A
0w =

”
A X

[ &

— 4
e *=
)
b ) T |

F0 26 50 75 100
BLADE SURFACE CHORDWISE LOCATIO!
bl

‘tpure 12 Blade 3 Mach Number Mstribution a/c = 0.095

M:




M

MACH NUMBER

Co
BLADC

Figure 1:

o I ¢ = l

CJd ‘_:\) ¢ 0Hr
["IJ:V; it F e R |v,-,“ e ’l)n_)
SUBEARLE LAURUWIOE LOCATION X/C

Bhnde & Varls Weetun wvs os
Lo o o yi AT . R P T
H 158 trution a/e s “-U”,:

Test conduct ) I
( CUucted 3o hot blovdewn cocende racilicy)




70

0
K=0,43

!

1

!

18

~ ~ X g
e’ . = -
- l//f. =)
: z -
S xr
-~ ey i
. = e
= 3 B o~
- - - - -
— e i s I g o = e
— e e TR % i
e T i e e e e i 4 e S, e
= = = s = g ——
s /,.J/ AN
P i e, =St e 2 3
e T R e R e == 7
i . — T =1
T e e T
-+ S = - =

Lre

™

00le U

5
~

2 ooee 0061

Iace

o

numbe

elt

WUSsT

.

N




CigE 002t tose

M=0. 2

V)

Q1

% N-Q.

&

LadCe

biad

the

tien ovel

vairi:

nuber

3 Nusselt

.

o

w




R i+ //)/ b
- ~— 4 e R {
e N St <
e e N «
e X% X
S 3
b ®A - €

A
I
it
|
i

¥ e S e -

¢ . T -

s - cimemer— G s L B <
- = -

C3hh 005¢€ COht 00




~73~

e = D T

R S

g

§5°¢

e i o e SR

-60

SUCT | O

I Of

oy
t

Ii




.
|
~r
~
]
> ¢ D -
X ,\Aul\
- . llr'.«)r P
- ¢ SR R ]
] %
—— — e
B oo y. A

e
(S18)

) e
Wi s o e e e s e _
¢sho* SO0h0D° 0YED” SRR cee G220° gg'o

Fagul




e

~ , -75- : -

.0u0s .C450
1

ne

1

NUS/RE EXP 0.8

.0225

80
g

- 5N | |

< O Y & /

e

0135

€

<

(327 Fog b g e ey ey e —==3_
=300 -65 -~ 30 g 7% 110
SUCT IER SIDE X/C PRESSURE $10D¢

y o

Flgure 19 Blade 3 Distributicna ol Nu/h;t'“ Over the Blade Surface




-76~-

/Q>

-0,

A

<?.




Blade 1 Static Pressure distribution -\\ \
M= 0.7 \<> Y,
P= (- 2

len=1P

Blade 1 Nusselt number distribution M = 0.7

1l em = Nu noo of 1000
t—
\




~-78~

Blade 1 Static Pressure distribution -
M =1.33

\.
F = (o) By = S\

bl o 0 el nusberdisteibalion. M = 1.33




=70 .

o
(= .
-

{UMBER

N

L

,
|
4z
i

=

£

ty
\

Uss

) ! \
) “ )\ ® FXTERIMENT
it ffi’

& THEOCRY 1)

N
1100
1
2

o

w

00

Figure 23




~n

11

Figure 24

-80-~

A
>
&
i i = 5 N T )
54U G 20 60 100 143
SUET I'GN S il p @ PBESS! Ut

and Nu, for
[ il s 2%

Comparison between

(using hot flow hiph turbulence

. 1 b3 \

distribution)




0 -u
SUCT ]

e

-
T

o

Yarisor

i

C(’{s

Ve

Figure 4:

tril

G5t

(using




YURE

;E;:L

PRES

A I S

g B, 2 T =z
o e - o
m./«wr L) B = e -
—=Ga N (N o ¢ vt.
%, — = =

% o - S

.ml w Tl = 4

I N e = o

ol Fer) B, i 20

o v = 7

. o = -

oA ey =y

26

. m
“ .w _J W q H
00L1 00! 0011 098 005 002
438WNN L13SSNN

Figure



- o
~ =
s —

O
&

gd1¢e

7
0ste

Johe

BT
3502 0oLl Jse

g438WAN L13SSNN

between

Lson

Coi.pax

o

Figur¢

distribution)




« 20

s o~
@ € 4
i €

e L P

(]
”\lh. L -
| e
| & 2
] " 2
= e
{ (N G —
— ro
L e = =

I
'
|

jg/
f/égf
) (SN N A
60
YHE
neo?

20
X/C

&

|
N
1

n

L |
O

n)

’HL fl

SUCT 10t
Comparison betwee

distributio

I i 1 T TR T T I
00se 05k 0c0¢ 0552 gate 0551 et st 0
d38WIN L13SSNN

2

“

,. . |

- 100

o)
=
[

o=

[2

-




ER

m

NU

—

SEL

)

|'U

2300 2600

20CO

o
r~

o
)

©
<

o
o

~-100

SUC

Blade

1
GC
1

)
] ON

I sk

e

(\

.
i

(JUL) experi

cold

flow

low

s
-20 e

Rl b S

Cilbal p

turbulenc

—e—

(07

6o

PRESSURE




D=A036 402

UNCLASSIFIED

MASSACHUSETTS INST OF TECH CAMBRIDGE GAS TURBINE LAB F/6 21/5

STUDIES ON TRANSONIC TURBINES WITH FILM=COOLED BLADES. (U)

JUN 76 H O DEMUREN: N ADAMS: F HAJJAR
TR=76~1

Zwe
&)

END

DATE
FILMEL

3-77

NOOO14=67=-A=0204=0079

NL




N”—'Q e g

=
L T
e

.23
2 s e




©
o
w
™
©
(=
— ]
™
(=)
(= Q)
~ "
!
i
!
|
€ &
49
-
=
=] >
=y =y R
=h I 4 Sn
ul . A
(o) -t T
w b {
= i :
o ¥
gl "
- 4 1
2 1\
¥ /
Ln /
! l"_ s
r I
o '
= 7 é\‘): -r’/
o é\ %
AR
Lo
g
o
o -4
~
©
PR — S——
-60

100

Figure 30

SUCTION

Comparison between Nu s

Blade 1 at M

= 1.08.

-86-

e O S ————

{ »

(,‘.’tp
Theory (

Nu,.
theor.pre.(1)

1) is based

(10%) experimental pressure distribution.

cold flow

g i T T G I R
s 20 60 100 140
Sk X/C PRESSURE SIDE

and Nu

on hot flow high turbulence

Theory (2)

low turbulcence (0.7.) experinental pressure

O EXFERIMENT

A THEGRY (1)

® 1H{CRY 12

for

theor.pre. ()

is Lascd on

distribution.




5100
3

0

€ o
(")
>

33900
1

©
™

NUMBER

2700

NUSSELT

15C0

9co

©
L7 e

- 100

-87-

O EXFERIMENT

& IHEORY (1)

* IREOAY i2)

) T e R PO )
-60 -20 20 60 100 140
SUCTION SIDE X/C PRESSURE SiDE
Compurison betieeen Nu Nu end Nu_, o
N e ) Yeap® “theor.pre. (1) = Utnuaﬂ.pru.(z) g

Elede 1 at M = 1.33. Theory (1) is based on hot flow high twiiuvlance
(10%) experimeatal pressure distrivuticu. ‘Tneory (2) is bascd oa

cold flow low turbuleace (0.7%) experimental pressure distribution.




400 -

300

200

6

X

_.Ptcdiction of Kestin & Wood (2)

- Experiuent

1 ‘,_—__———..-._

5 6 7 x 10"




1.8L

1.7

1.6}

1.5

1.4

1.31%

[
Nu [Re®*>

1.2

-89~

RN

Figure 33

Distribution of mean

8 10 1.2

0.5
Nu/Re 3 as a fuonction of exit Mach nurbera
[}




-90-

NUMIER
PN

A
\,

MEAN NUSSEL

10 '+

2 3 4

7 SEAVEO NC
[)-” ne Y P-.\,f,k fr

la Ainlev turbine

10 Ainlev cascade

2 Wilson and Pope
Hodge

Bammert and ahnem:
Andrews and Diadiey
Fray and Bames

Hally

Twincr

PolES R0, I~ RSVl ¥

Turb
59

Symbol
O

e e /' e o
i 3 o
o
- - /’{'/ ~ /.' e e 5 .l..'/ = =5 PEESERRS - -
e 2 oo - =
G /"‘/"/ l//
7 et g / 1
N e e
= e 1
= e -
// =
- e }
//
]
e e . et . Sl e b . e, el e —— ISTE—— | EL -

S5 6

Crrtegnoc
ity

WHitiiie o

inn

ulenice
O
/70

no
5 20

0-4
10%

)

) Experiuent ¢

50’
Y0




STANTON NUMBER

.00257

Iz;

e e

.70 a2

. S

et Rt o

.84

e

- a1 1
1.06 1.18 1.30

CEX1T macH HUMBLER

Figure 35

PRlade average Stanton Number

O Rlade

& blade

a Blade

w

2

+Z




“ mZ:. m>

g¢ 2an31yg

'It.ll).

n,ndom $v 0% SE 0

1“

_
< ST o7

llll'!all

mn_zﬂ mu,&m:m az< uu3<
....mozoowm .wc.:k_ ’ . ........ i

¥3d402,.8

b i i

j _ Juv.uuz I

._m.u:.n mmu.._z_i,n

|



=%
p-
e
-
b
3

-93-

-

Figure 37 (a): Suction side of instrumented blade showing

pressure taps and heat transfer gauges.

Figure 37 (b): Pressure side of instrumented blade showing

pressure taps and heat transfer gauges.
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