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S U M M A R Y

A unified prediction method has been developed to support V/STOL
Stability and Control analyses.. The method is geared to a preliminary
design environment to facilitate its application using the limited data
which are normally available early in the aircraft design process.

Mathematical models have been formulated for the force and moment
contributions of each of the vehicle components and then combined to allow
for prediction of: non—linear , six DOF (Degrees of Freedom) trim conditions;
three DOF, small perturbation stability characteristics; six DOF response
time histories for arbitrary control and disturbance inputs. The structure
of the methodology follows, in a gross sense, a similar methodology for
helicopter and stoppable rotor aircraft (reference (a)), with considerable
modification of the individual component models Primary emphasis has been
placed on the jet lift and lift/cruise fan classes of V/STOL vehicles in
the hover and transition flight regimes but the methods should be easily
extendable to include other classes of vehicles .

The methods have been programmed for the CDC 6600 computer and have
been validated , with reasonable success, using available XV—6A Kestrel
and AV—8A Harrier static and dynamic data. Results of the validation
effort are presented in Appendix A.

Documentation is in two volumes. This volume, Volume 1, describes
the component models, analytical methods and validation results.
Volume II constitutes a User Manual for the digital computer program.
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I N T R O D U C T  I O N

The stability and control characteristics of V/STOL aircraft in hc~ver

~ind transition flight can be quite different than those of CTOL aircraft ii!
the corresponding take—off and power approach flight regimes. V/STOL aiicra~ t
are usually unstable at low speeds and experience propulsion induced
aerodynamic and inlet momentum drag effects which are normally neglected
for CTOL aircraft. The problem is further complicated by additional controi
functions such as primary engine nozzle angle and differential thrust and
RCS (Reaction Control System) thrust modulation. A recent survey of V/STOI.
aIrcraft designers (reference (b)) has indicated a serious need for V/STOL
stability and control prediction methods to support preliminary design ,
configuration trade—offs and evaluations. To this end , the development
described herein was undertaken.

Many past efforts in this field have been limited to uncoupled ,
two or three DOF analyses at small angles of attack and sideslip. Since
V/STOL vehicles may exhibit significant cross—coupling between longitudina l
and lateral axes, it is necessary to consider full six DOF simulation with
cross—axis coupling. Angles of attack and sideslip from 00 to ±1800 may
be encountered in low—speed f l ight requiring complete non—linear aerodynamic
modelling . Additionally, provision must be made for adequate modelling of
aerodynamic interference effects resulting from propulsion system e f flux
interaction with the surrounding vehicle surfaces. All of the above
effects and other less significant ones were included in the model formulation .
Figure 1 summarizes the major model components.

The prediction technique has been developed primarily for application
in a preliminary design environment and , hence, does not require extensive
wind tunnel or propulsion system data tables. This, of course , has some
impact on the accuracy of the results but validation with flight test data
for an existing vehicle (XV—6A Kestrel) has exhibited an adequate degree
of accuracy for preliminary vehicle design , configuration trade—off and
design evaluation from a stability and control viewpoint. The methodology ,
In its current status , is applicable to lift plus lift/cruise and lift/cruise
turbojet  and fan configurations. However, the general model structure is
such that extension to include additional vehicle classes is certainly
feasible.

The aerodynamic model of the airframe is divided into four major
sections: fuselage, wing, horizontal tail (conventional aft tail or canard)
and vertical tail. Each component is modelled separately using a combination
of theoretical computations and empirical curve fits over the complete angli’
of attack and sideslip range. Aerodynamic effects which are not directly
related to one of these sections (e.g., landing gear effects) are included In
the fuselage simulation for simplicity. Propulsion induced aerodynamic
interference effects are accounted for by using curve fits of estimated and
available experimental data.

A maximum of two fixed jet nozzles and. six vectorable jet nozzles
may be simulated , with control being maintained over the thrust of all
jets and nozzle angles. In addition to the main jet nozzles , a maximum of
ten RCS nozzles and their associated control functions may also be simulated .

4
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All component models are combined to form the total vehicle model ~~~~
may then be analyzed. Analytical procedures have been developed for t.i..~
following:

1. Non—linear, six DOF trim solution ;

2. Six DOF stability derivative and control power estimation ;

3. Small perturbation characteristic root and transfer function
calculations;

4. Non—linear , six DOF time history response to control inputs
and disturbances;

5. Least squares time history parameter vector analysis (amplitude
and phase).

Details of each component model and analytical procedures are described
in the following sections. Discussion of input data developmen t is
presented , where necessary, to aid in the proper application of the
prediction methods.

The total method has been programmed in FORTRAN for the CDC 6600
computer. Input and output descriptions and guidance for program application
are included in Volume II.

M O D E L  D E S C R I P T I O N

The total aircraft model consists of an integrated combination of
four major submodels. Each of the submodels and their associated components
are listed below.

1. Aerodynamic Characteristics

a. Fuselage aerodynamics

b. Lifting surface aerodynamics (wing, horizontal stabilizer ,
vertical stabilizer)

c. High—lift flap aerodynamics

d. Wing downwash

e. Propulsion—induced aerodynamics

2. Aircraft Mass and Inertia Characteristics

3. Propulsion System Characteristics

a. Fixed nozzle engine characteristics

b. Vectorable nozzle engine characteristics
c. Inlet momentum effects
d. Angular momentum e f fec t s

6
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4. Control System Characteristics

a. Aerodynamic control surfaces

b. Reaction control nozzle characteristics

c. Thrust management control characteristics (magnitude and
direction)

Forces and moments produced by each component are calculated in a
localized axis system and then resolved to a fixed set of reference aircraft
body axes with the X—axis directed forward , Y—axis directed toward the
right wing tip and Z—axis directed down. The centers of action of each
component force and moment system are located in the aircraft reference
system by FS (Fuselage Station) increasing in the negative X direct ion ,
BL (Butt Line) increasing in the positive Y direction and WL (Water Line)
increasing in the negative Z direction . Each component force and moment
system is transferred to the aircraft center of gravity and all are summed
to yield the tota l force and moment acting on the vehicle.

Each component model will now be described in detail.

AERODYNAMIC CHARACTERISTICS

Fuselage Aerodynamics

Aerodynamic characteristics of the fuselage are modelled in a body
axis frame of reference as axial, side and normal force; pitch and yaw
moments. Roll moment is not an explicit model input but evolves f ro m
applying side force through the vertical momen t arm be tween the f uselage
aerodynamic reference center and the vehicle center of gravity . Figure 2
shows the orientation and sign convention of the fuselage forces and
moments.

Since one of the objectives of the prediction method is to simuldte
vehicle characterist ics throughout hover and transition , force and moment
models for  the complete angle of attack (

~
) and sideslip (cv ) range are

required. In the case of the fuselage , it is assumed to be su f f i c i en t  to
concentrate on the 0 to +180 degree range with the following assumptions
applied to account for the 0 to —180 degree range .

A (ci) A (ce) (l a )

S (_cz
y ) _S (cz~,) ( lb)

p
N f (— a) -N f (a+ 2cz0 ) ( I c)

M (—n) *—M (c*+2a0) ( I d)

N ( Q y ) —N (a y ) (le)

Inheren t in equa t ions (1) are the assump t ions tha t side force , S, and yaw
moment , N , are zero at ny — 0, axial force , A , has a minimum a t o~ = = 0,

7
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and normai f . r .~~ , N i- , and p i t c h  momen t , M , are zero at i = ~~~~. I ’he

aerodynamic a~ gies ‘z and ny are def ined by:

a = ton  w/u) (2a)

= tan~~ (v/ u) (2b )

where u , v, and w are the body axis velocities in the X , Y , and Z directions ,
respectively.

The a&~rodynamic forces and moments of the fuselage must he detertnir,eJ
from experimental data or estimated by theoretical or semi-emp irical n~~;ins .
Reference (c) describes a very convenient di gital computer technique tor
estimating the aerodynamic characteristic5~ of symmetrical bodies over the
en t i r€ ~ ang l e  range.  It also includes a v.~ry good bibliography of othLr
currently available techniques. Figure 3 presents the results of applying
the method of reference (c) to the XV—6A (Kestrel) fusela~ e. These data
were used during validation which is described in a later section . The
data are normalized by dynamic pressure , q0, to allow for vary ing fli ght
velocities.

The data curves of Figure 3 are typ ical of fuselage aerodynamics and
may be reasonably approximated by the equations presented in Table I.
Though the equat ions may seem somewhat complex , a closer inspection reveals
that determining the required coefficients is really quite simple.
(A/q0)0 is the value of the axial force  at zero angle of a t t a c k .  ( )max

is the maximum value of the corresponding for ce be tween 0 and 180 degr ees.
~ ~max1 

and ( )max2 are the maximum values of the corresponding moment
between 0 and 90 degrees and 90 and 180 degrees , respectively. Note that
(M/q0) and (N/qo)~~ are usually negative. The moments take on zero

value at some angle between 0 and 180 degrees ; these angles are denoted by
for pitch and a2 for yaw. Once the preceeding coefficients are determined ,

the various exponents , ni, may be calculated by substituting a force or

moment value for an angle in the range which is to be most accurately
approximated and solv ing for the exponent. The moment coefficients are
assumed to be linear over a ±10° range about zero to preclude problems with
the infinite slope characteristic of (sin x)~ at the origin for n < 1.
Figure 3 presents one possible approximation to the XV—6A data. The
corresponding functional expressions are included in Table II.

Us ing the func tions of Table I , the fuselage force and moment coefficients
are ca lc ula ted f or a specif ic a and ay. They must then be dimensionalized ,
resolved into the proper body axes and transferred to the vehicle CG.

The coeff icien ts are d imens ionaliz ed using the componen t of dynamic
pressure in the coordinate plane corresponding to that of the coefficient.
Tha t is:

A q0 (A/q0 (a~
) ) 9
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TABLE II

XV-6A Fuselage Aero Approximation

A/q — 0.123 coo 
~ 

1.8519

Bin ~~ IS/q0 — 17.89 il.7676
YS

Nf /q4, — 17.12 sin (e’—Z ) 1.7583

“ 9.585 sin 18O(~~2) ~0.8046 
—81�c~~~85

0.3468M/q
0 

hh
l=6.533 sin 

~~ ~ <-81 ; ~ >85
180(~-85) I

8 104 180a’ 0.7983
_70�op

y
.
~~7O

— { 
9:099 ( 180(~ -70) 0.6081 

o’ <-70 ; ~~ >70sin
110
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S = q,~, ~3/q0(ay)) M = qxz (M/q 0 (cz )~

Nf = qxz (N f/q0(a))  N = 

~xy 
(N/q0 (czy)) (3)

where:

—1 2 2 1/2
at — tan ((v + w )  /u)

1/2 p (u 2 + v 2
)

2 2 2
q0 = l/2 p (u + v  + w )

2 2
q~~ 

= 1/2 p (u + w ) ( 4 )

The forces and moments acting in the body axis directions at the fuselage
aerodynamic reference point are given by:

XF A LF = O

MF = M

ZF = — N f NF = N  (5)

Finally, after transferring to the vehicle CG:

AXF = XF ~
LF = ZF(BLF — BLCG ) — YF(WL CG — 

~~F
)

= 

~
MF MF + XF(WLCG — 

~~~~ 
— ZF(FS CG - FSF)

l
~
ZF 

= ZF ~NF = NF + YF(FSCG — FSF) — XF(BLF BLCG)

Lifting Surface Aerodynamics

Basic lift and drag characteristics of the three primary lifting
surfaces (wing, horizontal stabilizer and vertical stabilizer) are calculated
as functions of angle of attack. The approach used applies to all three and
is presented generally. Particular effects which are unique to only one
lifting surface are presented following the general discussion . Lift and
drag coefficjents , CL and CD are calculated over the entire angle of attack

range from —180 to +180 degrees using pr imari ly  geometric data with  some
basic aerodynamic data estimated based on the methods of references (d)
through (f) or similar sources. The calculated forces are assumed to act
at the CP (Center of Pressure) of the lifting surface in directions parallel
and perpendicular to the local velocity (V1) which is deflected from the

13
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freestream velocity (V) by the induced angle of attack , ni. Figure 4

describes the required lifting surface geometric characteristics. AppendiA I t
ot reference (f) provides a convenient method to determine the C? location b r
a given planform. Note that this location must be expressed in the vehiu li
FS, BL , and WL coordinates and for the wing must be determined for each
half of the planform. During the development and validation of this method
it was found that using the CP of only the exposed portion of each planform
y ielded the best results.

The model for the three—dimensional CL is based on the data presen ted
in Section 4.1.3.3 of reference (d). The basic formulation is repeated
here and the reader may refer to reference (d) for a more detailed discussion.
t here possible , empirical data curves from reference (d) have been approxint: ~i
with analytical functions for computational efficiency.

For the purpose of lift calculations the angle of attack range may it .
divided into two major subdivisions. The f i r s t  or normal flow reg ion is
defined as that region where the axial velocity component is in the
negative X—direction (—90° < a < 90°); the second or reversed flow region
is def i ned as that reg ion where the axial component of velocity is in the
positive X—direction (—180° < a < —90° and 90° < a < 180°). Aerodynamic
calculations are similar in bo th regions with only the input data being
di f fe ren t . Each of these regions may , in turn , be divided into two
subregions : one for angles below CLma (a < ab) and one for angles above

—lC~~~ (a > 
~
b). Here, angle of attack , a, is defined as tan (w/u) plus

the incidence , i, of the zero lif t line (average for twis ted surfaces)  o f
the surface. The following equations describe CL for 00 < a < 90°.

However, the equations hold for —90° < a < 0° with a sign reversal in CL
and for the reversed flow regions with the corresponding reversed flow input
values and the appropriate change in angle of attack reference.

In general, CL is defined by:

CL = C1~~(sin 2 a cos a/2) + CN sin a cos alsin a I  (7)

where:

CL = 
~W (B ) (C1~~) (Se/S) (8)

Kw(B) = 0.527(1 + dfb)L ~~ + 0.473 (9)

(CL ) e - 2s ARe/(2 +\J~~~~Re/ao)
2(l + tan2A 112) + 4) (10)

tan A 1/ — tan A1/4 —(4/AR) (O.25(l—A)/(1 +A)) (11)

Equation (9) represents the data of Figure 4.3.1.2—10 of reference (d).
The nonlinear coefficient , CNoa~ 

in equation (7) is calculated differentl y

14
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for the two angle of attack regions. For a

CN = (CN )  + 
~
CNaa 

(12)

where:

(C~~~~/cos ab 
— C1~ (sin 2 “b)!2)

(CN ) 0 (sin a~ 1 sin ab ) (13)

~
CN = K cos2’4(!ttan a/(2 tan cxb)) (14a)

1/2
(1.628 J for J > 0

K = 

10.22 J for J < 0

fti+C2)AR tan
J — O.3(l+C1)AR cos 

~1e [
~~+C1

) (l+C2) —L  7 j J  (15)

C1 
= 4.470 - 8.125 A 2 + 3.712 A - 0.029 (16a)

C2 2.943 A 3 — 7.208 A 2 + 5.199 A — 0.113 (16b)

Equations (14) and (16) are functional representations of Figures 4.l.3.3—55a
and 4.1.3.4—24b of reference (d). For a>ab:

tan a
b 

CL
CN = 

~~Naa~o 
+ ‘~~Naa~gø 

- Naa)O~~ 
— 

tan a ~ + D( -
~
--j ) (17)

where (CN ) 0 is given by equation (13), (CN ) 90 — 1.16 and :

tan a tan ab 2
D — —1.55 sin (ir(l — 0.6 ~ tan a

b ) 04 
~tan a ~ 

)) (18)

Equation (18) represents the data of Figure 4.1.3.3—55a of reference (d).
The input values of C

~~ax 
and ab in the preceeding equations are determined

using the methods of Section 4.1.3.4 of reference (d).

The lifting surface drag calculation is based on the formulation
presented in reference (e) and is repeated here for completeness.
For a a

CD = C D + C DU c Z + CD 2 c I  (19)

16
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Remember that this drag is parallel to the local velocity vector and therefore
does not in~ bude induced drag. CD0 is estimated using Section 4.1.5.1 of
reference (d). CDa and CDa2 are normally zero for a < ttb but may be included

if available data indicates non—zero values. For a > ab :

(a—7r/2)
2(CD — 1.2)

CD 
b 

2 
+ 1.2 (20)(c&b 

—

where:

CDb 
= C D + CD a

b + CDa2 ab (2 1)

Equations (7), (19) and (21) represent lift and drag referenced to the
direction of the local velocity which must be transformed through the induced
angle of attack to yield CL and CD defined in the conventional manner , i.e.,
perpendicular and parallel to the free stream velocity vector in the x—z
plane . Performing this transformation :

C L C L c0S a1 — C D sin a~ (22)

CD CL sin a
i + c D cos a

l (23)

where:

= C’j~/(iTAR e) (24)

e = 0.527 + 0.1494 AR — 0.01429 AR
2 (2 5)

Equation (25) is a functional description of the data of Figure 2.4 of
reference (e) which is valid for 2 < AR < 7. Figure 5 presents CL and CD
for the XV—6A Kestrel wing calculated in this manner.

For a lifting surface which does not have a symmetrical airfoil section
(i.e., one which produces a non—zero pitching moment at the zero lift
condition) provision has been made to include Cm in- the aerodynamic model.

The value of Cm0 
for a particular geometry may be estimated using the methods

of Section 4.1.4.1 of reference (d). Pitch moment due to lift and drag at
angle of attack is accounted for n the aero force transformation to the
vehicle CC.

This completes the general description of the lift and drag model.
Additional effects for each of the surfaces will now be discussed .

l.
~~~~~z

For the wing, two additional aerodynamic effects are modelled : the
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FIGURE 5: XV-6A CL AND CD APPROXIMATION
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effect ot high—lift flaps ; and the effect of sideslip, roll rate and yaw
rate. Deflec t ing a high—lift flap affects lift and drag at zero alpha ,
maximum l i f t and p it ching moment. These a f f e c t s  are added to the  basic
aero model of the wing as a function of flap deflection .

CL0
CL = ( —

~~
— )6~ (26a)
f

AC0
AC0 — 

~ ~~~~ )6f 
(26b)

f

AC
= ( )5~ (26c )

= Cm6 1Sf (26d )

Section 6.1 reference (d) provides methods for estimating the coefficients
of equations (26). Typical flap effects , as modelled , are shown on Figure  5
for a flap deflection of 60°.

Increments in wing roll and yaw moment , L
~ 

and N
~ 

(in stability axes),

due to sideslip, 
~; roll rate , p; and yaw rate, r; are calculated usingderivatives which are estimated by the methods of reference (d), (f), or

(g) and the following equations.

2 AC1~ bw AC1 ~1
Lw l/2PS

~
b
~
vxz ECl~ 

+ ~~~
— CL)~ + 

~~~~~~

— ( -
~~

—---- CL r + C1~ ~~ (27)

2 AC~8 2 bw ACn 2Nw 1/2 PSwbw V,~ + —j— C~)~ + -

~~~~

--- ( 
~~~~~~~~~~~ 

C
L + ~~~~~~~~~~ CD)r

L L

(28)

where :

Vxz + w2 (29a)

8 — tan ’ (v /V
~~
) (29b)

and CL and CD are the averages of the left and right wing values.
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Now, d imensiona1iz in~’ th~ lift , drag , and pitch moment coefficil ib ,
and transforming the forces and moments into body axis directions yields:

XLW ,RW = l/4 PV
~z

Sw ~~L 
sin (ct—i) — CD cos(a_i3JLW ,RW 

(30a )

ZLW RW = 1/4Pv
~~

sw ECL cos (a—i) — C0 sin (a-i~~LW ,RW 
(30b)

= 1/2Pv2 S
~
c j E~

o + Cm1Sf 
ó
~~~w 

(30c)

Lw = L,~ cos (ci_ i)w — N
~ 

sin (a— i)
~ 

(~~ ( j ~

Nw = L.~ sin (a_i)~ 
+ N

~ 
cos (a—i)

~ 
(30e )

Transferring the forces and moments to the vehicle CG yields:

= 

~~w 
+ ~~~ = Lw + ZLw(BLLw

_ BLCG)+ZRW(BLRW
_BL

CG)

ttYw = 0 AM.~ = Mw+XLW
(WLCG

_WL
LW

)_Z
LW(FSCG

_Fs
LW
)

~ i~w ~~~~~~~~~ 
_Z
RW (FSCG

_FS
Rw)

EtZW ZLW + ZRW ANw 
= NW XLW (BLLW BLCC

) X RW (BLRW BLCG) (31)

where (FS, BL, WL)LW and (FS, BL, WL)RW locate the CP
’s of the left and

right wing panels.

2. Horizontal Stabilizer

The aerodynamics of the horizontal stabilizer are affected by the wing
downwash field and the vehicle angular rates. Total effective angle of
attack is assumed to be:

a8 — tan~~ (w
11/u8

) — c + Act
8 

+ i
H 

(32)

where :

U
H 

— u + q (WL~~ -WL8) -r (BL
8
_BL

~~
) (33a)

V
8 

— V + p (BL8
_BL~~ )_ q ( FS~~ _FS

8) (33b)
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— - 
= (c/C

~~
)CLw

= (c /CLW )C L &~( 
FS
H
_FS

W )

E q u a t i o n s  (33) ac coun t for induced veloc it ies at the ta il due to veh ic le
angular rates. Equations (34) and (35) represent corrections for wing
downwash and lag of downwash , respectively. For a canard configuration ,
these terms would represent an upwash (i.e., c/C LW 

< 0). The wing wake

also reduces the dynamic pressure at the tail. This effect is approximated
by:

2 2( 1— ) 1/22 (U.f l + wH
) (36)

where:

~~~~42 CDo
l/
~~~~cos 2(rz~ /2z~ ) ( 3 7 )

Lii + 0.30 J
• 1,

Z = 0.68 
~~~~~ 

+ 0.l5~ J 
2 (38 )

Equat ion (38) for I.~ is the semi—thickness of the wake . The remaining
geometry is defined in Figure 6. This formulation is based on that
presented in Section 4.4 of reference (d).

Body axis components of the horizontal stabilizer forces and moments
at its C?, located at (FS, BL , WL) 8, are given by:

= (q0)8 
S11 sin(a— i) - CD cos (a_i

~~~ H 
(39 a)

Z8 = (q0)8 S11 [~~
L cos (a—i) — C0 sin (a_ ~~~ H 

(39b)

H8 = (q0)}1 S8 ~8
(Cm0) (39c )

Ref erenced to the vehicle CC:

AX,~ - AL 11 
= Z

H
(BL

H
_BL

CC)

AY1{ = 0 = M.~
+X.d(WL cc_wL

H
)_ z H(FS cG

_Fs
11

) (40 )
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= Z
R 

_X.
~.~

(BL
H
_BL

(c ) (40)

3. Verticil Stabilizer

Ang le of • i t t a c k  of the  •‘ertical stabilizer is defined by:

= tan 1(_v
~
/Uv

) (41)

where :

u~, = 
~~~~~~~~~~~~~~~~~~~~~~~~~ 

(42a)

v
~ 

= v(1_K )_p(W
~
L
c~

_WL
v

)+r (F Scc_FSv)

The coefficient K,~ in equation (42b), commonly called the ~i dewash
coe fficient , accounts for the change In lateral velocity at the vertical
stabilizer due to flow around the aft fuselage. This coefficient is
difficult to estimate and should be set to zero if app licable data are not
available. The dynamic pressure acting on the vertical stabilizer is given
by:

(~o)~ 
= l/ 2p (4  + v~) (4 3 )

As for the wing and horizontal stabilizer , the vertical stabilizer
forces and momen ts are transformed to body axis components and translated
to the vehicle CC resulting in equations (44) and (45).

EL sin (ct—i) — CD cos ( “—i
~.j v 

(44a)

= (qo)~~S~ cos (a— i) + CD sin (a_ i
~~~~ 

(44b)

N v = (~~o )
vS

v~ v
(C m0

)~~ ( 44 c )

= Xv ttLv =

AY v ~~v = 
V~~~ CG~~~ V~

AZ v — 0 AN y = Nv 
+ Y v SCc Sv )_ Xv Ly~

BL cG ) (4 5)

Control surface effects have not been discussed but are simulated by an
appropriate increment in the surface angle of attack. The manner in which
this increment is calculated is described in a later section of this report.
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Prqpulsion—Induced Aerodyn~~ntcs

There are at least two significant propulsion-induced ~terodynaml c i:l ~~- t~~,

which must be included in the aerodynamic model for the vehicle. The fir ~ t
of these is the aerodynamic interference of the propulsion system efflux i r •
t he  v i c i n i t y  of the  a i r f r a m e . This phenomenon can produce  inc remen t s  in  IL
vehic le  aerod ynamics which are f u n c t i o n s  of engine t h r u s t , n o z z l e  ang lt  in~
f ree  s t ream ve loc i ty  (magni tude  and d i r e c t io n ) .  U n f o r t u n a t e l y  these e f f e c t s
are normal ly  very c o n f i g u r a t i o n  dependent  and the a v a i l a b l e  da ta  base is f i r
too limited to permit comp lete modelling within the scope of this effort.
Review of some available data on several jet—lift configurations has led ,
however , to the following general model approximations.

ALf 2 3
= A 1 + (B 1u + C 1u + D 1u )slri (4~~)

= (A
2
u + B 2 u 2 ) ( 47)

= (A
3

v + B
3
v
2) (48)

-
~~~~~ 

= A~+ (B~ u + C
4
u
2 

+ D
4
u3)sln O~ (49)

The coefficients in equations (46) through (49) may be derived from existing
data on the subject configuration or similar configurations . Note that
equations (48) and (49) represent roll and pitch moment about the vehicle
CC. Transforming to body axis inc remen ts yie lds :

AL f AD AL
t~X1 

= T( sin ~~
— T cos a) AL

1 
= T(

t~Y1 
= 0 AM 1 = T(~~~~~)

AL AD
= T( — cos ci— —i-- sin a) N

1 
= 0 (50)

Considerable effort , both theoretical and semi—empirical , is currently being
expended in this field (both in and out of ground effect) and this portion
of the a€rod ynamic model should be updated as additional data become available .

The second interferenc e effect is that produced by the engine (or tan)
Inlet momentum (ram drag). For CTOL configurations , inlet momentum primarily
reduces the installed net thrust due to the ram drag effect. However , for
v/STOL configura t ions , other significant forces and moments may also be
produced due to unconventional inlet locations and large angles of a t ti ~ k
and sidesl ip. Reference (h) indicates that a good approximation to inlet-
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momentum—ind i:r ~~d forces  and moments is achieved b y a p p ly i n g  the inlet
momentum d r . ~, W V , in the d i rect ion of the f ree  s t ream v e l o c i t y  at a po in t

one inlet diameter ahead of the inlet (along the inlet axis). With this
assumption , the following force and moment equations were formulated.

AX~~~1 — —
~~--- ~~~~~ = AY R~~ 

(W~~~~ -WL~~ )

4
~ RAM 

= - AM~~~ = _AXRAM (WL _WL
CC

)_AZ
R~~

(FS
cG

_FS
R~~
)

= - —
~~
--- AN RAM = AY

RAN(FScG
_FS

RAM) 
(5])

The total weight flow of air through the in le t is Wa and is approximatel y

p r o p o r t i o n a l  to t h r u s t .  FSR~~ 
and WL R~~ 

locate the c e n t r o i d  of ram

drag application points for all inlets.

MASS AND INERTIAL CHARACTERISTICS

Veh icle gross weight , W, and moments of inertia , I~~, ~~~ ‘‘ 
1~~ and lxz,

are required data for the model. The inertias are referenced to the
aircraft body axis system and the weight is resolved into this system in
the standard manner.

= —w sin 0

AY~~ = W cos 0 s in  ~

AZ~~, = W c o s 0 cos~~ ( 5 2 )

e and ~ are the aircraft Euler angles in pitch and roll. The aircraft weight
is assumed to be constant.

PROPULSION SYSTEM CHARACTERISTICS

Bo th f ix ed and vec torabl e nozzle eng ines are included in the propulsion
section of the model. These nozzles are assumed to provide the primary
horizontal and vertical thrust of the vehicle. If , for  a given confi guration ,
any of these nozzles are also used for active moment control , the moment control
is modelled by placing reaction control jets at the same location . These jets
produce only the incremental thrust for moment control and their simulation
Is described in a later section of this report.

Fixed Nozzle Engines

One or two fixed nozzles may be simulated . If two are simulated , they
are assumed to be symme tr ical ly located about the aircraft x— z plane , as is
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no rma l ly  the case. The t i i r u s t  vec to r  l o c a t i o n  is descr ibed by the  PS , ~~~.,

and WL of its application point; its direction Is described by yaw , , ,

pI tch , 0, rela tive to the x—axis (FIgure 7). Body axis components of the
thr ust of each jet are defined by the standard axis transformation of
reference (I).

AX FJ 
= T F J  

cog 0 cos 
~
j i

— T
FJ 

cos 0 sin i

= _T
FJ sin 0 (5 3 )

Moments about the CC are given by:

ALFJ 
= AZ FJ (BL FJ _BLcG

)_t
~
YFJ (WL

cG
_WL

FJ)

tM FJ = AX FJ (WL
CG

_WL
FJ

) _ A Z
FJ (FScG

_FS
FJ

)

AN~~ = AY FJ (FS CC
_FS

FJ )_AX FJ (BL FJ
_BL

CG ) (54 )

Vectorable Nozzle Engines

As many as six vectorable nozzles may be simula ted with in the model which
has been developed. Location is again described by the FS, BL , and WI. of
the thrust vector application point. Two distinct means of describing the
orientation of the nozzle exhaust direction are provided so that the plane of
motion of the nozzle (the plane containing 0 ) may be located appropriateIv~Jo

1. Roll , ~~, about the x—axis followed by pitch , 0 , about the
Jo

disp laced y—ax is ;

2. Yaw , 4i , about the Z—ax i s followed by p itch , 0 , about the displacedJo
Y— ax is .

Figure 7 depicts the two possible orientation schemes.

Resolution of the th rust vector into body axis components differs for
each orientation method. For the first method :

— —T sin (O~ + AO~~)
0

— T cos (8 + A0 ) sin •Jo
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= —T cos (0 + A~ ) co s ~ 5J J0

For the second method :

AX = —T sth (0 + AU ) cos ‘~J Jo

AY 3 = — T sin (0~ + AU) sin t4

AZ J —T cos (0 + AU ) (55b)
Jo

In both methods , AO J is the change in j e t  o r i e n t a t i o n  f rom the  r e f e r e n c e

position , Oj ,  due to nozzle vector  c o n t r o l .  Moments produced by these jt

about the aircraft CC are calculated in the same manner  as those fo r  t he
fixed nozzle jets. Thrust management , both magnitude and direction , is
described in the Control System section of th is  r e p o r t .

Angular Momen tum E f f e cts

Sp inn ing masses within the eng ine (compressors , turbines , etc.) and
t he i r  associated angular momenta , H , coup le wi th  the  angu la r  r a t e  of motion
of the aircraft to produce increments in the momeots acting about the
aircraft CC. In the case of conventional aircraft , where aerodyn amic
damping moments are significant , these gyroscipic moments are usually
neglected . However , for V/STOL at low speed , these moments may be quite
significant. For this reason , these moments are included in the model.

The angular momentum of the fixed nozzle engines is assumed to be about
the axis defined by the thrust vector , with positive direction being
cl ockwise looking In the direction of the thrust. The body axis components
are therefore defined by:

- Hx = H cos U cos ~

= H cos 0 sin ~4i

Hz — H sin 0 (56)

The moment produced by engine angular momentum is derived in reference (f) os:

= rH,1 — qH~

AM
~ 

pHz — rH
~

= qH~ — PH~ ( 5 7 )
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The a n g u l a r  iuomentum of the fixed nozzle engines is assumed to he p r o p o r t i n i l
to the thrust of the engine. If this assumption proves to be too gr ss for
the engine under consideration , the model described for the vectorable
nozzle eng ines may be used .

Since the angular momentum vector for a vectorable nozzle eng iro cannot
be assumed to coincide with the thrust vector , a separate ~et of ori -~ t .it ion
ang les must be defined . The angular momentum vector is located r ela tive te

the a i r c r a f t  x— axis by a yaw and p i t c h  angle in the same manner :is the
nozz l e  engine t h rus t  vec tor .  Increments  in aircraft moments Ire i l e u l i N d
in the same manner as that described for the fixed nozzle t -ngi n es . [he

magnitude of the angular momentum is assumed to he a function of th r o-~
def ined  by:

A + BT + CT2H = H  ( ) ( - )
~~)ma x 100

The coefficients A , B, and C are in u n i t s  of % , %/newton and %/newton~~,
respectively, and must be determined f r om ava ilable engine data. Angular
momentum contributions are associated with each nozzle and its respective
thrust when there is more than one nozzle per engine.

CONTROL SYSTEM CHARACTERISTICS

The control system model consists of longitudinal stick , lateral st ick ,
and rudde r pedals for regula tion of bo th aerod ynamic control surfaces and
reaction control nozzles. In addition to these conventional controls , a
thrust management system consisting of throttles and nozzle controls is also
included in the model. In general , the control system model relates a total
of 19 outputs to 8 inputs (Figure 8). To facilitate detailed description
of the system , it is d ivided in to three segmen ts: Aerodynamic con trol ,
react ion control and thrust management.

Aerodynamic Control Surfaces

The effect of deflecting an aerodynamic control surface is modelled as
an incremental change in angle of attack of the lifting surface of which the
control surface is an integral part. For example , rudder deflection is
simulated as an incremental change in vertical stabilizer angle of attack ,

The longitudinal stick regulates horizontal stabilizer angle of attack ,
the lateral stick regulates left and right wing angle of attack and the
rudder pedals regulate vertical stabilizer angle of attack. Effective angle
of attack change due to control surface deflection may be estimated by
apply ing the methods of Section 6 of reference (d). Figure 9 presen ts an
example of the assumed form for control surface gearing and sign conventions.
Note tha t  in th e case of lateral  control , both Aa

RW 
and Aa

t~ 
are calculated

and are assumed to be equal In magnitude but opposite in direction.

React ion Control  Nozzles

Up to a maximum of ten reaction con t ro l  j e t  nozzles  are included in tile
model. Each nozzle is located in the aircraft axis system in a manner
iden tical to that used for the fixed nozzle engines (FS, BL , WL , ‘~ 

and 0).
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F~ rces and moments due to the thrust produced by each nozzle are calcul dcci
using the following expressions.

— TR cos 0 cos ~4i tILRJ = 
~

ZRJ (BL RJ BLCC )
~~~

Y RJ (WL CG 44LLJ )

= TR cos 0 sin ~ AM.~~ = t
~
xRJ (wL CG wLRJ ) A z RJ (Fs CG FsRJ~

AZ RJ = 
~
TR sin 0 ANRJ = 

~
YRJ (FS CG_FSRJ )_AX~~

(BL RJ _BLCG) (S9)

Variations in RCS nozzle thrust , TR, due to control and main engine bleed-air

a v a i l a b i l i t y  a re described in the fo l l owing .

As desc ribed above , each nozzle is oriented according to its positive
thrust direction ; however , for control each nozzle is assumed to be capable
of thrusting in both positive and negative directions. The assumed variat~~n
of nozzle thrust  with control motion is shown in Figure 10. The center
control position with respect to RCS nozzle thrust is defined as 6 0 with

a deadband of width on either side. Once the control is moved out of

the deadband the nozzle thrust increases in direct proportion to control
deflection up to maximum nozzle thrus t , T1~~~~. This increase takes place

over the range of control motion , SRA~~,. The maximum thrust may be d ifferent

for positive and negative control deflections . A nozzle which thrusts in
only one direction Is simulated by setting the maximum thrust in the opposite
direction to zero. Each nozzle thrust is calculated in this manner and then
ill are suimned to obtain total RCS forces and moments.

There may be a dynamic lag in the response of the RCS nozzle thrust to
control command . The possibility of up to a second order lag is accounted
for within the RCS model. In La Place Transform notation , the expression
for a second order lag is:

= 
1 (60)

Tc (T1
s+1) (i

2s+1)

Tc is the commanded thrust as determined by the method of the preceeding
paragrap h and 1

1 
and r 2 are t ime constants in seconds. A first order lag is

modelled by 8etting r2 to zero in equation (60). The differential equation

form of equation (60) is:

-t
1T + T Tc (F irs t Order)  (M a )

r
1
t
2T + ( t

1
+t 2 ) t  + T Tc (Second Order) (61b)
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Normally the RCS nozz l es are powered by a i r wh ic h is bl ed f r om ofle r
mc re of the pr imary eng ines. If this is the case , the thrust of the RC’
nozzles may vary with engire thrust. This effect is approximated by:

— A(~ T/l0O0) +B (~ T/ l00O) 2 (62(T
R

) - TR( 100 -actual

where ~T is the sum of the thrusts of all engines which affect the RCS and
A and B are Input coefficients in units of %/l0~ newtons and %/10

6 newtons ,
respectively.

Thrust Management

The thrust management system consists of throttle control on both fi~~-~
and vectorable nozzle engines and thrust vector (nozzle angle) control on
the vectorable nozzle engines. For the purposes of thrust management , the
vectorable nozzle engines are divided into two groups , each with its own
thro ttle and vector control. This group ing facilitates the simulation of
Interconnec ts between throttles or nozzle controls of one set of nozzles
and the other .

Fixed nozzle thrust is assumed to vary linearly with respect to the
throttle.

TFJ (T F J /6T)6
T 

(63a)

Thrust of the vectorable nozzle engines is also assumed to vary linearly
with throttle deflection .

= (TJ /~ T ) l 6T T~ = (TJ / 6 T ) 2 6T ( 6 i b )

For the sake of generalit y, nozzle an~1e is assumad to b~ ,~ fnnCtiOvl ef
both thrott le , 6T’ and vector cont rol ,

= (
~~

0J / ó T
)
ló

T 
+ f 1(6 0 1

) (64a)

= (A0 J /6 T
)

2 ST + f2 ( 5
0
) (64h)

Function s f1 an d f 2 are assumed to be piecewise linear functions of

and 602, respectively.

To allow fo r interact ion between vectorable nozzle control  sets I and
2 , the following fu nctional relations are assumed .

= AT + BT6T + CT 4S
~ 

(bS a)
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60 = A0 + B060 + C0~~ 
(65b)

Setting all toefficients to zero in either of equations (65) indicates that
there is no interaction between the control sets. A typ ical nozz l e ang le
interconnect schedule and the means of modelling it are shown in Figure 11.

A N A L Y S I S

Once the incremental forces and moments being generated by each of the
model components are calculated as functions of the total vehicle state ,
they are appropriately summed ~nd used in the following analyses. The
analyse s de scr ibed consist of :

I . Non—linear trim calculation;

2. StabIlity/control derivative estima tion;

3. Small perturbation stability analysis;

4. Non—l inear time response calculation ;

5. Least—squares vector analysis.

NON—LINEAR TRIM CALCULATION

A Newton—Raphson iteration scheme is used to determine the required
contro l inputs and vehicle attitudes for a preselected trim state. Since
the remainder of the analysis requires the vehicle to initially be in a
trim condition , this calculation is essential. The iteration procedure
is descr ibed f i r s t f ollowed by defini tion of various possible categories
of trim.

The force and moment equations for the vehicle may be expressed by:

i = 1, 6

F1 
= fi

(x
~ 

, V
k

) = 1, 11

k = 1, 6 (66)

where the F
1 are the total forces and moments calculated using the previousl y

descr ibed model , X
j 

is a vector consisting of control deflections and

vehicle a t t i t udes  and Vk is a vector of vehicle linear and angular velocities.

The vec to r X
j 

consists of the following elements.

1. Fixed nozzle engine throttle ,

2. Longitudinal stick ,
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FIGURE 11: TYPICAL NOZZLE AN(;LE CONTROL SCHEDULE
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3. Lateral stick ,

4. Rudder pedals , 6R

5. Yaw attitude , 14

6. Pitch attitude , 0

7. R o I l  a t t i t u d e , 4)

8. Vectorable nozzle engine throttle ~

9. Vectorable nozzle engine throttle 2 , S
T
2

10. Nozzle vector control 1, 5~
1

I l .  Nozzle vector control 2, 602

The desired trim condition is specified by trim forces and moments ,
(F i ) T . five of the eleven control variables , and the six velocit y

components , Vk . Care must be exerc ised when selecting the six control

variables to be used for trim so that control is provided for each of the
six degrees of freedom. With  the above s p e c i f i c a t i o n , t he sys tem t o  be
solved for trim reduces to:

i = 1 , h

(F .)
T 

= f1(x.);1 .1 j = 1 , 6 (h7)

The trim solution begins with an initial estimate of t h e control vector ,
x . . To satisfy the specified trim condition :

10

(Fj)T 
— f

1
(x~ + Ax .) 0 (68)

Therefore the trim problem reduces to solving equa t ion (68) for Ax .. This
is accomplished by an Iterative process in the following manner.

+ Li x .) is expanded with second and higher order terms neglec ted
Jo 3

yielding:

(F i) T - f1(x~~ ) - ( ~~~~ ~~~~~~~ )~~~Xj  
= 0 (69)

So lv ing f or Ax~ :
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f~f
tlx . = (—i ) ( ( F .)  — f .(x. ) )  (70)

3 \3X . X . J  ~~~~~~~~~~~~~~~~~~~~~~~~~

AF
1

(sf. 
\
\

- ) is a s ix—by—six  m a t r i x  evaluated at x . and is ca lcu la ted  u s i n gx 30
3 Jo

a difference technique

~ ~~~~~ 
= ~~~~~~ 

+ 6 x . )- f .(x .) 
(71)

The magnitude of ~x . is assumed to be 1/2 of the maximum allowable change

in ~x. per iteration . Note that if the matrix of equation (71) is singular

(inverse does not exist) a trim solution cannot be obtained using the six
selected control variables.

After t~x . is calcula ted , a new control vector estimate , x . = x , + Ax .,

is made. The increment fix . is limited by a preselected maximum value w h i c h

decreases as AF
~ 

approaches zero (as a trim solution is approached) .  This

improves the convergence of the iteration scheme when severe nonlinearities
are present. The process is repeated until AF1 is within allowable limits.

At this point , the current val ue of X
j 

is the trim solution for the control

vector.

The allowable trim conditions which have been considered may be grouped
into three categories:

1. Trim with zero angular rate;

2. Push—overs and pull—ups ;

3. CoordInated turns.

The required trim forces and moments , (F’j)T, are calculated by substituting

the appropriate velocities and accelerations Into equations (72).

X r = mu + qw — rv (72t)

= my + ru—pw ( 7 2 h )
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= m~ + pv-qu (72c)

L
T 

= ~r ( I~ _I
y
) — pq 

~~~ 
(7 2 d)

2 2
= pr(I —I ) + (p —r )I (72e)

N
T P~

(I
~ — I~

) + qr ( 7 2 f )

STABILI T Y/C ONTROL DERIVATIVE ESTIMATION

A f t e r  t r i m  has been es tabl ished , the aircraft stability derivatives may
be evaluated at the trim point. These derivatives indicate the sensitivit y
of the aircraft body axis forces and moments to incremental changes in the
body axis linear and angular velocities. Each velocity is incremented and
the resulting changes in the forces and moments are calculated . The stabilit y
derivatives are formed by dividing the force and moment increments by the
correspond ing velocity increments.

The accuracy of this calculation is directly dependent upon the value
chosen for the velocity increments. Too small a value might result in
errors due to small differences in large numbers; too large a value mi ght
overlook the effect of localized non—linearities. A good rule of thumb to
use in determining the increment is to use 2 percent of the trim velocity
for linear velocity increments and 0.3 percent of the trim velocity (in
metres/second) for angular velocity increments (in units of radians per second).
These increments result in approximately 1 degree increments in the
ind iv idua l sur face  ang les of attack.

The control derivatives are calculated using equation (71) in the same
manner used during the trim iterations.

SMALL PERTURBATION STABILITY ANALYSIS

The derivatives described in the preceeding paragraphs may be used in a
linearized , small perturbation. aircraft stability analysis. The present
method uses the standard 3 DOF uncoup led anal ysts as developed in Flight
Dynamics references such as reference (f). The equations which form the
basis of the analysis are presented in Table III. These equations are
formulated in a stability axis reference frame with the controls fixed .
Trim sidesli p and flight path angle are assumed to be zero and , therefore ,
these equations are valid only when these assumptions are satisfied by the
trim condition. The acceleration derivatives (Z. and M.) appearing in

Tabl e I I I  are def ined by:

Z~, = l/ 2P S
H

(FS
H
_FS

CG
) ( C Ln)H

(CLa)W(~ /CLW ) (7 3a)

M. = (FSH
_FS

Cc)Z~ 
(73b)
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The calculate~t stability derivatives must be transformed to stability axes
for use in the equations of Table III. This is easily accomp lished using
th e method of Appendix B of reference (f) or another similar reference.

The characteristics equations for both longitudinal and lateral degrees
of freedom are formulated from the equations of Table III and solved for
the characteristic roots. Common control transfer functions may also be
calculated . This procedure has been automated and is described in Volume II
of this report.

NON-LINEAR TIME RESPONSE CALCULATION

Once trim has been established , the aircraft model may be ‘flown ’
through a tine dependent trajectory which is driven by a combination of input
f orc ing functions (e.g., control motion , gust disturbance , etc.). The
maneuver t ime history is computed by integrating the fully coupled , six
!30F equations of motion of the vehicle (Table IV); recomputing the vehicle
non-linear forces and moments at each time step. A four-cycle Runge—Kutta
technique is used to perform the necessary integra t ions .

LEAST-SQUARES VECTOR ANALYSIS

A simplified , least—squares trigonometric curve fit is included in the
progr ammed analyses to fa cilitate ampl itude and phase ang le anal yses o f
oscillatory vehicle behavior. Portions of the time history output of the
program are fit using general equations of the form:

x = C
1 sin u t + C

2 
cos ~~t + C3 ( 7 4 )

Coefficients C1, C2 ,  and C
3 
are determined by solving the following three

simultaneous equations when N data points of the form (x., t .) are available

and f req uency , w , is assumed .

Ex 1 C~ E sin w t
1 
+ C

2~ cos w t1 + NC 3 (7 5 a )

sin ut
1 

= C
1

1 sin 2wt
1 

+ C
2

E sin ~~~~ cos ü j t . + C
3
E sin ujt . ( 75b )

x
i 
cos ~ t

1 
= C

1~ 
sin ut

1 
cos wt

1 
+ C

2
F cos2 w t. + C

3
1 ( 0 5  ~~~~ ( 7 5 c )

Am plitude and phase are determined by:

2 2 1/ 2Amplit ude = (C
1 

+ C
2

) (76a )

Phase tan~~~(C
2/C 1

) (76b )
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TABLE IV
SIX DEGRE E OF FREEDOM EQUATIONS OF MOTION

- + rv - qw — g sin 0

~~~u .!+ p w — r u + g c o s o sin e

- p v + g  COB 0 COB $

1’ — 
Z 

+ -
~~~~

-
~~~ (N — qr I~~~)  — qr (I~ 

—

1X1Z~~~ XZ L ‘~

+ pq I ,~~ (1 — _______

— ~_-. - [
~ 

— I ,~~ — r~ (I~ — ta)]

r — -.  

2 N + (L + pq I~~~) — pq (I~ — I~ )
1X1Z 1

XZ L
—qr 1~~ (1 — ‘Z 1

y)]

• (q sin • + r cos $) sec 0

ê — q Cos 0 — r sin +

• — p + q  sin $ tan 0 + r  cos 4 tan 0

r , COB ê COB $ COS A Slfl ~ Sifl 8
l x i  ru
i ~ I = ~~~ ~ ~~~ e COB ~ 

sin ~ si~ e sin 
~ 

sin ~ cos e
—cos • sin $ 4-cos ~ cos • i”
COB ~ sin 8 cos $ cos ~ sin 9 sin $ cos ~ cos A
+sin ~ Bin ,) — s in  ~ cos $
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V A L I D A T I O N

In order to validate the models and methods described in this report ,
the XV—6A Kestrel (Figure 12) was modelled using basic geometry and
aerodynamic data and analyzed using the computerized prediction method .
The results were compared with existing wind tunnel and flight test data from
references (j), (k), and (1). In general , the results correlated reasonably
well with the reference data.

Append ix A con tains a descri ption of the model input data used and some
of the data comparisons resulting from the val ida t ion analys is.

C O N C L U S I O N S  A N D  R E C O M M E N D A T I O N S

A six DOF V/STOL Stability and Control modelling and prediction method
has been developed , computerized and validated with existing vehicle wind
tunnel and flight test data. The method is capable of analyzing both
static and dynamic characteristics of jet lift and lift/cruise fan V/ STOL
conf igurations in hover and transition flight . The method is most suited to
a prel im inary desi gn environmen t where wind tunnel da ta are no t ava i labl e or
are incomp lete.

As add it ional da ta become avai lable on V/ STOL con f igurations , further
val idation should be attempted and modifications should be made to the
method , if warran ted , to enhance its versatility and credibility.
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L I S T  O F  S Y M B O L S

Symbol Description Units

a0 2—D Lift Curve Slope 1/rad

A Axial Force N (lb)

A , B , C, D Misc ellaneous co e f f i c ien ts —

AR Aspect Ratio , b
2/S —

b Span m (ft)

Butt Line , positive on right side of cm (in)
aircraft

Mean Aerodynamic Chord m (ft)

C r Root Chord m (f t )

C t Tip Chord m (ft)

CD Drag coe f f ic ien t , D/q0S, parallel to —
f ree stream velocity

C~ Drag coefficient , D’/q0S, parallel to —
local velocity

CD0 Drag Coefficient at Zero Lift —

CD Change in p r o f i l e  drag with angle of 1/rad
1 a t tack

CD 2 Change in prof ile drag with angle of 1/rad 2

attack squared

CC Center of Gravity —

C1 Roll moment coeff icien t due to roll 1/rad
p rate

C1 Roll momen t coeff ic ien t due to yaw 1/rad
ra te

Roll momen t coeff icien t due to l/ rad
sideslip

CL Lift coefficient perpendicular to free —
st ream velocity,  Lf/ q 0 S

CL Lift coefficient perpendicular to local —
velocity, L ./q0S
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LIST OF SYMBOLS ( Continued)

S1!nbol Des~~~fl~t ion Units

CL., Change in lift coefficient with l/rad
angle of attack

Cm , 7cr Ii:: pitch moment coefficient , —
!1 /q0S~

IT,. Pi tch moment due to flap deflection 1/deg

Cn Y s ~ moment ~eet! ic 1en t due to roll l/rad
rat

Y~~~ moment e r t  t lcient due to yaw 1/rad
r . t t

(~ Yu~. n~t’mel ,t co. t V ien t due to 1/rad
..td esl ~p

1 i ’  ti norm~ 1 N e ( a e f i  i clen t  1/rad 2

F ‘ ent er t ier dvnamic pressure —

d ,r~ Rat 1 ’  .~~ body diameter to span —

D u t~~ IoN e b i r i l l e l  to free stream N (lb)
v t l o t  ltv , posit lye in direction of
velocity

Oswa 1d ef ficiency factor —

Fuselage Station , positive aft cm (in)

F1 General force or moment N (lb) or N.m (ft.lb)

g Acceleration of gravity rn/sec2 (ft/sec
2
)

H Angular momentum kg.m
2
/sec (slug.ft

2
/sec)

I Lifting surface incidence to deg
fu selage x— axis

~~~~
, 1~~’ 1~ Moments of inert ia  about bod y kg.m

2 
(slug.ft

2
)

x , y,  and z axes

Produc t of inertia kg.m
2 

(slug.f t
2
)

Sidewash coefficient —

KW(B) Wing/body interference factor —
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LIST OF SYMBOLS (C on tinued)

Symbol Description Units

L , M, N Body axis roll , p i tch  and yaw N . m  ( f t . l b )
momen ts

Lf Lift force perpendicular to free N (lb)
stream veloci ty vector

in Mass kg (slug)

MAC Mean Aerodynamic Chord in (ft)

Exponen ts in f uselage aero -

approximations

Nf Norma l force , positive in negative N (lb)
z—direc ticn

p. q, r Body ax is roll , pitch and yaw rates rad/sec

2 2 2
q0 Dynamic pressure , l/2pV N/rn (lb/ft

s La Place opera tor 1/ sec

S Planform area m
2 (ft

2
)

t T ime sec

I Thr ust N ( ib)

Tc Commanded thrus t N (lb)

[t] Euler transformation matrix —

u, v, w Body axis x, y, and z velocities n/sec (ft/sec)

V Total velocity rn/sec (ft/sec)

Wa Inlet air weight flow N/sec (lb/sec)

W Wei ght N ( lb)

WL Water Line , posit ive up cm ( in )

xj Control vector -

x ’ Distance from wing trailing edge in (ft)
to horizontal stabilizer quarter—
chord , measured along wing wake
cen te r l ine
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LIST OF SYMBOLS (Con t inued)

Symbol Q~~~~~jtion Units

x, Y, z Forces in the x , y, and z body N ( i b )
axis directions

zw Wing wake semi—width at horizontal in (ft)
stabilizer location

z’ Normal distance from wing wake m (ft)
centerline to horizontal stabilizer

Ang le of attack , tan~~ (w/u) deg

Ang le of attack corresponding to dog
CLmax

Induced angle of attack deg

1/
Total angle of attack , tan 

1(v 2+w2) 2/u) deg

Yaw angle of attack , tan 
1(v/u) dog

~~~~
, 

~2 
Angles of attack corresponding to deg
maximum fuselage moments

Sideslip angle , sin 
1 (v/V )  deg

A ileron deflec tion , positive for left deg
w ing trai ling ed ge down

Semi—width of RCS controller dead deg
band

Elevator deflection , pos itive f or deg
tra iling ed ge down

W ing flap deflection deg

Rudder def lec t ion , positive for deg
trailing edge left

Rudder pedal def lec tion , positive for cm (in)
left pedal

RCS versus ó ramp length cm (in)

Long itudinal stick deflection , positive cm (in)
for forward stick
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LIST OF SYMBOLS (Continued)

Symbol Descr ip t ion Units

(S
T 

Fixed nozzle eng ine throttle deflection cm (in)

6
1 

Vectorable nozzle engine throttle cm (in)
2 deflec tion

Lateral stick deflection , positive cm (in)
for  r ight stick

RCS controller center position cm (in)

Vectorable nozzle angle cont roller cm ( in )
2 d e f l ection

c Downwash ang le deg

Nozzle  ang le deg

Taper ra tio , ct /c r —

Sweep ang le of the nth fractional chord deg
line

Atmospher ic dens ity kg/rn3 (slug/ft 3)

t i Time constant sec

~~, 8 , • Euler yaw , pitch , and roll ang les deg

Frequency rad/ sec

Subscr ipts

CC Referenced to vehicle cen ter of gravity

e Property of exposed portion of planform

F Fuselage parameter

FJ Fixed nozzle  eng ine param ete r

C Gyroscopic (angular momentum) effect

H Horizontal stabilizer parameter

I Propulsion induced aeri effect

J Vecto rabl e nozz le  eng ine pa rame ter
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LIST OF SYMBOLS (Continued)

le Referenced to p lanform leading edge

LW Left wing parameter

max Local maximum value

o Reference condition

Inlet momentum effect

R , RJ Reaction jet parameter

RW Right wing parameter

1 Trim condition

V Vert ical  s t ab i l i ze r  parameter

WT We ight component

W Total wing parameter

X X body axis component

xy Component in x—y plane

xz Component in x—z plane

y Y body ax is component

Z Z body axis component

Mathematical Symbols

i ( ) Incremental quantity

( ) Stability axis quantity

( ) , ( ) First and second time derivatives

X>. Partial derivative of X w i t h  respect  to y

( ) Matrix inverse

T( ) Matrix transpose

~ Quantity evaluated at x
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A P P E N D I X  A

VALIDATION MODEL AND RESULTS
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To validate both the modelling techn ique and the calculative proc ediir€-~
which are described in this report , an existing V/STOL configuration was
modelled and the resulting predictions were compared with flight test result~~.
Because of data availability, the XV—ÔA Kestrel (Figure A— l) was selected to
he the sample configuration . The scope of the validation was limited by
the available flight data. Physical characteristics of the XV— 6A were taken
from reference (j) and basic aerodynamic data were taken from reference (k).

The vehic le  model input is presented in five sections: (1) weight and
inertia characteristics; (2) fuselage aerodynamics; (3) wing and empennage
aerodynamics; (4) propulsion system characteristics and propulsion induced
aerodynamics; (5) control system characteristics. Data for each model
subsection are described in detail in the following.

The nominal vehicle weight , CG , and inertias are listed in Table A—I.

TABLE A-I
XV-6A WEIGHT AND INERT IAS

Gr oss We ight: 53,379 N

In e r tl a s :  I
~ 

= 5016 kg.m2

I~ = 30 ,370 kg.m 2

= 32 , 946 kg.m2

= 2300 kg.m 2

CC location (lO.2%~ ): FS 556.8

BL 0

WL 251 .0

Fuselage aerodynamics were estimated using the method of ret~~rence (c)
for the Comp le te ang le of attack and sidesli p range. The estimated aero-
dynamics were approximated with the functions described in this report.
Fi gure A— 2 graphically presents both the estimated and curve fit data and
lable A-Il lists the functional expressions which were used for the validati on
calculat ions.

Wing and empennage geometrical data and basic aerodynamic cbar~ cter ist ics
Ire l isi d in Table A—Ill. The downwash and flap effects were calculated
Ic ing 1c lions 4.4 and 6.1 of reference (d). The lateral/directional effects
were estimated using the charts and methods of Appendix B of reference (f).

The XV—6A aircraft is powered by the Rolls Royce/Bristol Pegasus S fan
I i ft/t h rust engine . Exhaust gas (both fan and t u r b i n e )  is forced  th rough  four
swivelling nozzles——two on each side of the fuselage producing approximately
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TABLE A—lI
XV-6A FIJSELA~~~X~~O DATA FUNCTIONS

A/q — 0.123 f cos 
~ 

1.8519

S/q — 17.89 I si~ ~ 
I1.767

~0~ I

— 17.12 ~~ (o.-2) 1.7533

180(e’..2) 
0.8O4~

-81�~~~~85( 9.585 sin 
83 1 0.3468

6 533 Si 18O(~’-85) i
— . n 

~~ I ~‘<-81 ; e’>85

180t~i 
0.7983( 8.104 sin 

180 (e~ 70) 0.6081 
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TABLE A—Ill
WING AND EMFENINAGE AERO DATA

Horizon tal Ver tical
Stabil izer Stabil izer

Reference Area, S(m 2
) 17.32 4.41 3.32

Aspec t Ratio , AR 2.797 4.277 2.730

MAC ( i n)  2.643 1.180 1.550

Incidence , i(deg) 1.75 0 0

Reference Pt: FS 626.4 1120.1 1079.2

BL 195.6 0 0
WL 280.9 295.4 400.6

Sweep Ang le , 
~~ 

(deg) 34.0 32.9 40.2
/4

Tape r Ratio , A 0.400 0.201 0.230

Body Diameter to Span Ratio , d/b 0.230 0.160 0.163

2— D L i f t  Curve
Slope , a0 (1/deg) 0.106 0.109 0.110

Zero—lift Drag

Coeff icient , CD 0.0073 0.0091 0.0099

Zero—lift Moment

Coeff ic ien t , C~ —0.0065 0 0

Max Li f t Coeff icien t , (CL ) 0.870 0.980 1.080max w(B )

Angle of Attack at Max CL, aC 23.0 24.3 33.4
Lmax

(deg)

Wing Downwash: e/C LW 
= 14.07 deg

Wing Flap E f f e cts: CL /o f = 0.0058/deg

ACL / O f — O.O026/deg

= 0.00078/deg

C~ = —0.0005/deg
o f

Wing La tera l/D irec tional Charac teristics:

C1~ = 0.060/rad AC~ /c~ 0.055/r ad
0 8
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TABLE A—I ll (Continued)

~C18
/CL —0 .l3O/rad AC~~ /C~ = —0.03O/rad

AC 1/ C L 0.230/rad i
~
Cn / C D = —O.42O/rad

C1~ = —0.2ll/rad L
~
Cfl p

/CL = — 0. 14O/ rad

= 0.0 t
~
Cnp /CDa = 18.0

,000newtons maximum installed thrust. The thrust may be vectored from
horizontally aft (O j  = 00) to five degrees forward of vertical ()j = 95 0) ~~

Nozzle location and assumed maximum thrust per nozzle are listed in Table A— I :.
The Pegasus engine has contra—rotating spools so that its angular momentum
is negl igible. The maximum inlet mass flow was taken to be 181.45 kg/s&u and
the resulting ram drag was assumed to act at the centroid of the inlet area
(FS 261.2; WL 246.4).

Propulsion induced aerodynamics were approximated using the wind
tunnel data of reference (k). The basic data used are shown in Figure A— 3
and the functional approximations to these data are given by equations A—i
through A— 3 where velocity, V , is assumed to be in knots

= -.025 + (.0011944 V - .00005278 V2 + .000000201 V3) sin (A-l)

AD/T = — .00001386 V + .000008565 V
2 

(A—2)

t~M/T = — .15 + (.017082 V + .00003418 V2) sin O~ (A-3)

TABLE A-IV
ENGINE DATA

Nozzle FS BL WL Toe—out Max Thrust

Location (cm) (cm) (cm) (deg) (N)

Right Forward 465.2 103.8 246.4 5.0 14,768

Left Forward 465.2 —103.8 246.4 5.0 14 ,768

Right Aft 656.9 79.6 240.4 12.5 14,768

Left Aft 656.9 —79.6 240.4 12.5 14 ,768

Air craft control is accomplished by a combination of aerod ynamic and
reaction controls. The aerodynamic controls consist of conventional aileron ,
rudder and stabilizer. The effectiveness and gearing of these surfaces , as
mode l l ed , is presented in Figure A—4. Reaction control is achieved by
exhausting engine bleed air through nozzles at the aircraft extrem ities .
The locations of these nozzles are shown in Figure A—5. The p itch control

A-8
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nozzles (1 and 2) thrust only upward , the yaw control nozzle (3) thrusts both
left and right and the roll control nozzles (4 and 5) thrust both up and
down . For the purposes of this study the rol i nozzles wore assumed to thrust
only upward but with twice the leve l of actual thrust so that the moment
produced would be representative . Variation of RCS thrust (at maximum tn gin~
thrust) with controller deflection is shown in Figure A— 6. Since the RCS us& -~
eng ine bleed air to produce thrust , nozzle thrust will vary with the main
eng ine thrust. This variation was approximated by equation A— 4.

%max RCS thrust = 2.393 ( -j-~~
-
~ 
) — 0.01187 ~~~~ )

2 
(A-4)

where T is ma in engine thrust in newtons.

This comp letes the descri ption of the input data used to model the
Ky—bA. The i~~del and methods described in the body of this report were used
to calculate various static and dynamic characteristics of the vehicle for
comparison with available flight test data taken from references (j), (k),
and (1). Results of these comparisons are documented in the following.

Power off aerodynamic characteristics of the model were calculated
both with and without the horizontal stabilizer over a range of angles of
attack and sideslips for comparison with wind tunnel results measured at
NASA Langley on a 1/6 scale model. Figure A—7 presents the lift and moment
coefficients. Correlation is very gooc for CL and reasonably good for Cm,

both tail off and tall on. Roll and yaw moment coefficients versus sidesli p
for two angles of atta .k are presented in Figure A—8. Again , correlation is
reasonably  good up to sidesl ip angles of 24 degrees. The lack of measured
da ta precluded compar isons at h igher angles of attack and sidesli p.

A ircraft pitch attitude and nozzle ang le data were availabl e from
f l ight tests for longitudinal trim from 0 to 240 knots In level f l i g h t .
Figure A— 9 compares the estimated values with f l i ght  data. For speeds below
140 knots the aircraft pitch attitude was constrained to be 10 degrees and
nozzle  ang le and longi tud ina l  cont ro l  were var ied to obtain trim. Above
140 knots, the nozzles were fixed at = 0 degrees and pitch attitude

was allowed to vary for trim. The stabilizer was used for trim control
throughout the speed range and was augmented by the RCS when the nozzle
ang le was greater than 30 degrees. Correlation of nozzle angle and pitch
attitude was very good. Due to the unavailability of correspond ing
longit udinal control position data from fli ght test a comparison for this
parameter could not be made.

Estimated directional control effectiveness is compared with flight
test data in Figure A—b . Engine nozzle angle was preset at the flight
test value and the trim conditions were calculated for specified sideslip
angles for speeds from 0 to 220 knots. The rudder pedals , lateral stick
and bank angle were allowed to vary to achieve the specified trim. From
these data B/O r was calcula ted and compar ed wi th the f l ight test derived

values. Correlation was excellent considering the lack of data in the model
for  l a t e r a l / d i r ec t i ona l  p ropu l s ion  induced aerodynamic e f f e c t s .

A— 12
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Hover control response (attitude and rate) was estinated for st~~l)
c ontrol inputs about each of the three axes (roll , p itch , and vow).
Aircraft rate and attitude one second after the Initiation of the step
Input were ca1cul~ ted for comparison with similar quantities measured In
flig ht. Figure A— lb compares the results. Correlation is again very good
for control deflections up to 2.5 cm. It is interesting to note that
pitch response is larger for forward (nosi. down) Inputs than for aft
(nose up) inputs. This is characteristic of the XV— 6A RCS.

Pitch control response was measured in fli ght and documented in
reference ( j ) f or f orward f l i ght speeds up to 220 knots. The techn ique
used was to app ly a slow sinusoidal control doublet (2 second period) to
the aircraft and measure the first maximum slope of the pitch rate response.
This results in an apparent control sensitivity which includes the effect
of aerodynamic pitch damping. A similar approach was taken anal yticall y
using the time response of the model to identical control inputs. The
results are shown in Figure A—12. Correlation is fair over the velocity
range considering the possible inaccuracies in detor~ lnIng control sensit ivitv
in this manner.

Aircraft angular frequency response in hover about all three axes is
presented in Figure A—l3. Sinusoidal control inputs of 2.5 cm amplitude
were app lied to the model at frequencies ranging from 0.4 to 2.0 Hertz as
was done in f l ight. The correspond ing rate response for each was calculated
and normalized by the amp litude of the control input. The estimated
frequency response correlated fairly well, with that measured in flight.
A further examination of the flight data indicated that the p itch response
data were taken at a forward speed of 10 knots rather than at zero knots.
The p itch response was estimated for the 10 knot case and the correlation
improved as shown on the figure.

The primary stability derivatives were estimated for the XV—6A for
tr im speeds from 0 to 100 knots. The vehicle was trimmed at 8 degrees angle
of attack in level flight and the estimated derivatives were normalized
by mass or the moment of inertia about the corresponding axis. The
estimated results are compared with National Research Council of Canada
estimates for the P1127 (reference (1)), McDonnell Aircraft Corporation
estimates for the AV—8A and limited results derived from fli ght tests of
XV—6A. Fi gures A—l4 and A—iS present the resulting data comparisons .

Longitud inally, the estimates appear reasonable for all derivatives
excep t X’.~ and Z~~. Laterally, the estimates compare favorably with the

AV—8A data for all derivatives except L
~ , Lr, and N~~. The NRC estimated

derivatives do not compare with either the AV—8A data or the model estimates .
It is difficult to draw firm conclusions on the accuracy of the subject
method due to scatter in the available data which , for the most part , are
also estimates and are not substantiated by fli ght test data.

In gener al , the method described in the body of this report appears t o
yield reasonably accurate results compared to available fli ght test data— -
at least for jet—lift vehicles of the Kestrel type. Further validation is
necessary to extend the credibility level of the method to other classes
of V/STOL veh ic l e s .
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