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ABSTRACT

A reduction in flutter margin can occur for variable geometry

aircraft when the wing of the aircraft Is swept into the vicinity of

the tail. Experiments on an aeroelastic wind tunnel model with

active aerodynamic controls demonstrated that the flutter margins of

these configurations can be Increased through techniques other than the

standard structural modifications. Improved margins were attained

by employing rapidly responding aerodynamic controls activated by an

“optimal” feedback.
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‘I 1. Introduction

I

This report is a continuation of the investigation of active

control technology at The University of Texas at Austin . The goal of

the research is to demonstrate that the dynamic stability of an

aircraft can be augmented through the use of an active flutter suppres-

sion system employing feedback control laws • More specifically the

research demonstrates that in the case of a variable geometry aircraft

• on which the wing sweeps into close proximity with the tail, such as

the F-ill or the F-14, the flutter speed of the aircraft can be raised

through the use of an active control coimnanding the movement of control

surfaces.

A successful active control might -take the place of increased

stiffness which must be bought at the expense of more weight . Further ,

in the case of ejectable stores in which the mass characteristics of the

wing change suddenly, through the use of electronic devices the feedback

laws can be changed to match each configuration

The principle was demonstrated experimentally by Griffin1 on

a small model with three degrees of freedom, then Cwach2 and Pinnamaneni3

developed and theoretically analyzed control laws. During his disserta-

ticn work Cwach developed a computer program which finds an optimal

control law. During 1975 and 1976 a half span wind tunnel model was
I

built at The University of Texas. The model was built to the plans of

the AFFDL variable-geometry wing tail flutter model’4 with a few minor

1

L :~~~~~~~~~~~~~



2

variations. A low cost analog computer was designed and built by

Bolding5 through which the control law is implemented.

The ent ire project has existed through the support of the

Air Force Office of Scientific Research and the assistance of the Air

Force Flight Dynamics Laboratory .

This report describes the wind tunnel tests conducted at The

University of Wichita 7’ x 10’ low speed wind tunnel. The results are

presented which include passive flutter speeds and flutter speeds with

a control law implemented . The physical meaning of the control law is

described , i.e., it is expla ined how the control law breaks the aerody-

namic coupling between the wing and tail . Finally , corrections are

made to the structural dynamic model previously defined by Lehman and

the analytic predictions of passive flutter . The subsequent flutter

margin gained through the use of active control is discussed .

S
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I
2. Analytical Flutter Studies

I

2.]. Review of Theory

The equations of motion which define the response of a flexible

aircraft to an external force are developed in Reference 2 by Cwach.

That development is presented briefly in Appendix A. Some of the

results are presented in this discussion.

• The equation of motion can be expressed as:

s~i 
[~ i!—~1&2. Krs + 1/2 2 o~] q (w)

( 2 .1)

= - y + 1/2 
~~~~~

— 
~~6 1 ~~. (in ) - 1/2 ~~~~~ 

~~F 
W (w)

j = 1 L r j  Ic2 n j  ~ k 2 V g

(r = 1,2 ,.. .n)

where
Q = generalized force with deflection in ~~~ mode and

pressure ~ 5th mode

n = no. of generalized coordinates

in = no. of controls

= generalized mass of control surface (see Appendix A)
r j

Q~ 
generalized force for control surface (see Appendix A)

rj
Ic wb/V reduced frequency

Mrs = generalized mass of the structure (see Appendix A)

= generalized stiffness of the structure (8ee Appendix A)

I
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(w) = deflection ( radians) of 1
th control surface

Wg (w) = aerodynamic flow disturbance such as wind gust

Q~ = generalized force associated with wind gust ( see
V

t Appendix A)

b reference length

In matrix form the equation becomes:

~

fm] - 
l + i g  [K] + = - {ó} - 

~~~~ 
WG (2.2)

In (2.2)  the constant 1/2 2~ . has been absorbed into the aerodynamic

force terms and the terms have been included in the [Q ]
r j  C

matrix.

2.2 Passive Flutter

The {6} terms are the control feedback mechanism. The

deflection of the control. surface (6) is prescribed by the control

law and is a function of the generalized coordinates (q) . The passive

(uncontrolled) response of the flexible aircraft is obtained by setting

the control law (hence 6 ) and the aerodynamic disturbance equal to

zero. The result ing complex eigenvalue equation is

• EK]1 [m] + EQ]] {q}j  = Aj  {ci}~ (2.3 )



5

The solution of (2.3) gives n eigenvalues and eigenvector’s where

= (1 + ig~ )/w are the eigenvalues and (qj} the eigenvectors.

Each eigenvalue and eigerivecton represents a possible mode of harmonic

motion with frequency (the elgenvalue). The eigenvector is complex

and represents the relative magnitude and phase of each generalized

coordinate in the 5
th mode of vibration . The g~ represent the amount

of structural damping necessary to maintain harmonic motion in the ~th

mode. When gj  is the same as the actual structural damping harmonic

motion takes place. When g~ is less the motion is damped out . The

flutter predictions are usually conservative if the available structural

damping is unknown and hence assumed to be zero .

J - The generalized aerodynamic force terms are a function of

reduced frequency (Ic ~~) and hence reduced frequency must be

specified in order to calculate them. The method used in this study

to predict flutter has been to:

1) Compute the aerodynamic force terms for a range of reduced

frequencies

2) Solve the eigenvalue problem to obtain , q~ ~
3) Plot both and vs. air speed

4) Flutter speed is that speed at which the damping crosses

the zero line (or the actual structural damping line if

known) in the positive direction .

- ~~—- -  • • - ~~~~~ • - •~~~~~• - • • • • • • • •~~--—
_—-i’~t -- • • -

• • • . • .. - • - - -- • •- • - • • •- - • • • - .. • - . • I •

~~
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2 .3 Controlled Flutter

Again following arguments presented by Griffin a method of

flutter suppression may be demonstrated . The feedback control law is

assumed to be of the form :

{6f ) = [CR + iC1] {q} f = l,2 , . . .m (2.4)

where [C] = [CR + iC1) is the complex control law relat ing angular

deflection of the control surface to the complex vector of generalized

coordinates. This type of control law is similar to that presented by
7Misa im

Now substituting (2.4) into (2.2) and rearranging we obtain

the equation of motion governing response of the aircraft employing

active controls (Wg assumed to be zero):

1 l + i g .
(x1 [Em] + [Q] + 1Q0] [C]] (q}~ = {q}~ (2.5)

Letting [Q’] = ~~ + we can rewrite (2.5) as

l + i g
(K] 1 [Em] + (Q’]] {q}j  (q}j  (2.6)

and employ the same flutter analysis techniques used in the passive

flutter case.

4:
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2.4 Control Law and Sensor Displacement

• The feedback signal originates at sensors placed on the

• lifting surfaces of the aircraft . Define

(z] = (F) {q} (2.7)

where

[z) is the complex vector of sensor displacements

(F] is a matrix of displacements of each sensor due to a

unit value of a generalized coordinate. 
~~ 

is

displacement of 1th sensor due to a unit value of the

• ~th generalized coordinate.

In the experiment described in this report two sensors were used : one

on the wing near the tip and one on the tail near the tip . This place-

ment was determined by Cwach2 .

Assuming p sensors on the lifting surfaces the feedback

control law may take the form :

mxl m x p  pxl
= 

~
CR + £ ~~] {z} (2.8)

where (C] (~R + relates control deflection to sensor displace-

inent .

Substituting (2.7) into (2.8):

__________________________________________________ 

______ I• ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ 
- 

- 
- ____
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- mxl m*p pxn nxl
= EC~ + i~1) (F] {q} (2.9)

I

then

I (C’ + iC~] = (ëR + ië1] [F) (2.10)

and

I (6) (C~ + iC~) (q) (2.11)

• which is the same form as (2.4).

• 2.5 Physical Description of Control Mechanism

The theory behind feedback control has been presented but it

is also possible to visualize the problem in a physical way. Imagine

viewing a cross section of the wing and tail of a swept wing aircraft

as illustrated in Figure 13. If the aircraft is disturbed by a gust

the wing will, bend up and the angle of attack at the cross sect ion

will cause an induced downwash on the tail surface (Fig . 14). This

provides lift on the tail surface in the direction of the downwash.

At the same time torsional coupling of the wing and tail is providing

a restoring force in the same direction. The wing and tail twist

back towards and beyond normal position and the same phenomenon occurs

• in the opposite direction. At the critical airspeed these oscillations
- diverge causing flutter.

• The feedback mechanism senses motion of the wing and tail and

ccsmands the tail to pitch in such a manner that the induced downwash

it iIJ~ F ~

-

~~~~~~~~~~~~~~~
•-—— —_________________ — 

~

———
~~
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no longer causes lift as sh~ m by the dotted line on Figure 14

represent ing the altered tail position due to feedback control.

This breaks the aerodynamic coupling between wing and tail providing

a flutter suppression mechanism.

S



I~4 3. The Model

The U • T. half span wing-tail flutter model was built to the

design of a similar AFFDL model’4. The model and avionics were built

under the direction of Bolding5 and the model description is presented

in Appendix B. A structural dynamic model of the wind tunnel model

was defined by the members of the Aerospace Structural Dynamics

Laboratory, and the theory behind that definition appears in Appendix

C. Prior to the actual wind tunnel test changes were made to the model

and instrumentation of the model was performed.

• 3.1 Instrumentation -
.

Instrumentation of the wind tunnel model was accomplished to

ensure that the wind tunnel test be well documented and enough informa-

tion gathered to allow a complete analysis. Strain gauges were applied

to both the wing and tail roots to provide bending and torsion informa-

tion of the spar roots • The wing pitch and roll springs carry strain

gauges to provide bending information from those springs. The output

from the tail LVDT which is the analog representation of tail pitch

was also monitored. The outputs of the accelerometers in the wing and

tai l, were monitored besides their primary function as signal generators

for the avionics (control law). The recording devices employed were

a Hewlett Packard seven channel tape recorder and a Honeywell seven

chwi.l visiccrdsr. Visicorder representations of some of this

10 

~~~~— •~~-- - • -  -~~~•_ _ _ _ _ _
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information is presented later in this report .

3.2 Changes to Dynamic Model

• Before taking the model to the wind tunnel an attempt was

made to modify the dynamic characteristics in such a way that the pre-

• dicted flutt er speed would be lowered. Two changes were made :

1) mass was added to sections six and seven of the wing (the bottom

• two wing sections) and 2) the flexibility of the pitch spring was

increased. The new values of the mass characteristics ~~~ pitch

spring flexibilit Lea are presented in Table 1.

• After the hydraulic system for the model was ccsmtissioned it

was discovered that the tail pitch had significant static flexibility .

The flexibility was measured and is also presented in Table 1. The

inclusion of tail pitch flexibility necessitated the addition of a

structural node. Previously , in the assembly of the model flexibility ,

structural node 28 (see Figure 15) - was constrained (flexibility of

zero ) so that the deflections would not be unbounded (see Appendix D ) .

The flexibilities of all other nodes were calculat ed relat ive to node

28. For the tail to have pitch flexibility about its pitch axis ,

node 28 must be free to move since it lies on the tail and off the pitch

axis . A node was added on the pit ch axis above the pit ch swivel point .

• The new structural point was assigned a mass of zero so that it would

not disturb the pv.viously defined mass model. Since both node 28 and

29 lie on the tail carry through, assumed to have zero bending flexibil-

ity , the flexibility is also undisturbed except for the tail pitch

_____ — 
-.

~
—-—-,—---- --.---- ..-— • -••-- --

~ 

___________________—----—• • -- • - • • • • - • • -- - • --- 
—
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flexibility which may now be added (see Appendix C). It was suspected

that the tail pitch flexibility would raise the flutter speed . ?in

analysis was performed and the resu lts are presented in Table 2. The

predicted flutter speed6 with none of the changes made is 137 ft/sec ;

with the mass and spring changes the predicted flutter speed is 107

ft/sec; and with tail pitch flexibility added the predicted flutter

speed is 116 ft/sec.

I

-

•

~~~~~~~~~~~~~~

•

~~~~~~~~~~~~~ 
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L4~ Experimental Procedure and Results

4.1 Implementation and Measur ement of Control Law

When a control law has been selected it must be programmed

into the system. That is the functi on of the analog avionics

described in Appendix B.

As previously mentioned, there are two sensors , one in the

wing and one in the tail , each with its own prograsmable channel. For

a system with one control surface and two sensors such as the U-T wing

stabilatoz’ system used in this investigation, the control law is a

two element law. Each sensor is associated with one of the elements

(see Section 2.4) and vice versa, i.e. , there is a one to one corre-

spondence. The elements are complex numbers and therefore carry both

gain and phas. information. Each channel may be programmed with the

appropriate gain and phase (see Fig. 2) . In practice this is accom- j
pUshed by measuring the signal amplitude of the output of integrator B

for a given sensor displacement and measuring its phase in relation to

an actual harmonic sensor displacement. Over the range of frequencies

which the avionics system must handle (zero to twenty c.p .a.) the gain

and phase respons. of the electronic stages is flat. A similar measure-

sent is made between a signal fed to the servoamplifier stage and the

output of the stabilator pitch sensor ( LVDT). The response of the

hydraulic system vari.s with frequency. The plots of phase and gain

13 -
•

____________________ 
• - ~~~ ~~
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versus frequency are present ed in Figures 3 and 4. The intermediate

stages are adjustable and may be programmed with the correct gain and

phase to accomplish the control law. All the phase shifts must add up

to the prescribed control law phase shift and the product of the gains

must equal the control law gain.

Conversely , after a control law has been used in the wind

tunnel it must be measured (as a check). First , the sensor displace-

• sent calibration factor must be determined . Each sensor is displaced a

given amount and the signal change at Integrator B output is measured .

The output from the second stage of integration ( Integrator B) is the

analog reprsentation of displacement, i.e., it is the acceleration

signal integ rated twice . Units for the sensor displacement factor are

volts/foot . At this point a signal may be input to the first gain and

phase shifting stage and the tail pitch response measured. This gives

the tail pitch factor with units radians/volt . The two factors are

complex (giving amplitude and phase information ) and when multiplied

together give (
~
] in equation (2.9), i .e.,

[C] SDF • TPF (4.1)
(rad/ft ) (volts/ft ) (reds/volt)

• • The (F] matrix In equation (2.1) is obtained from the mode shapes .

Each mode shape used in the analysis must be interpol4ted to the sensor

position . (Remember is displac..’ant of ith sensor in ~th n~~ e.)

Th. measured factors as used in the wind tunnel, and the (F) matrix

are presented in Table 3.

• 
• - 

•- 

•~~~•~~- •-~--.-~~- •
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4 • 2 Experimental Mode Shapes

With the changes to the model described in Section 3.2 it

becomes desirable to redefine the mode shapes both analytically and
• experimentally . Wit h the redefined dynamic model and a numerical

eigenvalue solver it was routine to calculate new mode shapes and

frequencies (see Appendix D). Before the changes the mode shapes were

easily measured. After the changes the fourth , f ifth and sixth modes

became very difficult to tune and measure, and in fact were not satis-

factorily measured using the techniques presently available in the U-T

Structural Dynamics Lab . Using the analyt ical mode shapes and frequen-

• . 
cies as a guide it became possible to find the modes even if their

measurement was not precise. An example was the fourth mode.

Previously the shaker was attached to node 28 (see Fig . 5) . After the

correct ions node 29 was used . Using node 29 no mode shape was found to

resemble mode 4. Modes one, two and three were matched closely .

Modes f ive and six ware matched only approximately . Moving the shaker

to a point close to node 17 on the wing carry-through a very lightly

damped mode shape was found resembling approximately the fourth ana-

lytic mode shape with good frequency matching . A check of the orthogon-

ality of the experimental mode shapes consisted of a calculation of the

generalized masses using the measured lumped mass matrix (see Appendix

C) and the experimental mode shapes:

Em] [H]T EM) [H] (4 .2)

-‘ 

___  • 1 .. ~. ITII~• TT
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where

Em) is the matrix of generalized mass

• [HI is the mode shape matrix

[M] is the diagonal lumped mass matrix

If the generalized mass matrix is diagonally dominant the mode shapes

are considered (approx imately ) orthogonal. (If the mode shapes are

actually orthogonal with respect to [ M I then all off diagonal

terms are zero). While the diagonal terms are the largest , the off

t diagonal are larger tha n permissible for accur ate flutter prediction .

The mode shapes , normalized to a vector magnitude of one, are listed

in Table 4 and the generalized masses are listed in Table 5. The

experimental, mode shapes are presented in Figure 6 and the calculated

mode shapes are presented in Figure 7.

4.3 Passive Flutter Studies

Before attempting the controlled flutter tests the passive

flutter speeds were to be determined . All of the wind tunnel testing

was done with a torsion bar length of sixteen inches and a wing-tail

separation of .25 ft • The fuselage flexibility was measured and is

listed in Table 1.

It was determined that the best method available to our exper-

imental set-up for identifying a flutter speed would be to perturb the

model suddenly at successively increasing speeds , beginning with a

speed well below our predicted flutter speed . A circuit was

• 
~~~

: __ - - - -  
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incorporated in the sez’voainplifier stage (see Fig. 2) which allowed a

short pulse of adjustable amplitude to be applied to the tail hydraulic

actuator . This would be similar to pulsing an aircraft ’s control system.

The response of the system is displayed in Append ix E by means of

visicorder traces . Trace A is tail bending strain information , trace B

is wing accelerometer , trace C is tail accelerometer , trace I) is wing

bending , trace E is tail pitch and trace F , when present , is wing

torsion. The gains of each trace are adjusted individually for read-

ability and vary from trace to trace and figure to figure.

The wing bending response was the most valuable in determining

the onset of f lutter. The wing bending trace was used to estimate

system damping . The amplitudes of successive peaks on the trace

immediately after pulsing were measured and the estimated damping

calculated using the logarithm decrement method . The estimated V-g

plots for 60° , 45° and 30° sweep cases are shown in Figures 8, 9 and 10,

respect ively . This procedure provided the experiment with a good warn-

ing of when the model would actually flutter. When flutter did occur

with the feedback controls inactive , the tunnel was immediately turned

off to prevent model damage.

An alternate flutter excitation method was used at each

trial speed . Using an oscillator input to the tail servoamplifier it

was possible to give the tail a continuous harmonic motion of adjustable

amplitude and frequency . The frequency was swept slowly from one to

twenty cycles per second . Several of these response traces are

• presented in Appendix E , one for 600 , two for 45° , and one for 300

_ _ _ _ _ _ _ _ _ _ _ _  — -~~~~~ ——-- . -- - - - •- • - - • - - -- • • • • - • - -—.• 
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sweep case . The model fluttered with a tunnel speed about one mile

per’ hour slower using the continuous harmonic excitation than using the

pulse method but there was no ready method for estimating damping

using the harmonic excitation , therefore both methods were employed .

The passive flutter speeds and frequencies as determined by this method

are presented in Table 2.

4 .4 Controlled Flutter Studies

• For the controlled flutter stud ies only the pulse method was

used. Frequency sweeping was not possible because mot ion of the aer o-

dynamic surfaces excites the feedback system and a forced harmonic tail

motion would mask or distort flutter motion . Controlled flutter tests

were accomplished for the 60° sweep case . The model was pulsed at test

speeds from slightly below the passive flutter which was 116 mph up to

125 mph . The speed was then incremented slowly to 139 mph when uncon-

trollable flutter occurred causing structural damage. Above 125 mph

pulsing was not really necessary as there was sufficient buffeting of

the model. Several visicorder traces are presented in Appendix E

which were taken during controlled tests. Some of these traces

represent pulsed reponses and some show responses to aerodynamic

buffeting . The traces taken during speeds of 128 and 130 mph show only

aerodynamic buffeting of the wing and the resulting movement of the

tail. Note that the motion of the tail pitch matches the motion of

wing bending as it should in order to diminish the aerodynamic coupling

_ _  
_ _  _  

a
_ _ _ _ _ _  ~~~

- • • 
~~~~~~ •-~- -  _ _

• -~- --~~~ .--•.- - • • • ~~~~~~~~~_ I- -

~
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as described in Section 2.5. Occasionally the buffeting would be

enough to initiate a more violent response similar to the pulsed

responses before the controls could damp it out . Notice on the con-
- trolled test traces that tail pitch leads wing bending by about 30

• degrees as the control law specifies while tail bending is of much

smaller amplitude. The feedback control law ([~I in Equation (2.9 ))

is presented graphically in Figure 16.

I

4 - — -   — -—
• • -‘- - — -——-—-. — - -



5. Analytical Procedures and Results

The present study is primarily exper imental. Theoretical

analysis was employed to aid the experimental investiga t ion but the

purpose of the project was the experimental investigation of an active

flutter suppression system. Previous studies~
1”2 ’3 associated with

- this proj ect handled the theoretical investigation of feedback control

of flutter. They demonstrated the feasibility, and computer codes

were generated which aided the experimental work greatly.

5 • 1 Mode Shape Calculation

The mode shap e calculat ice was performed so that the general-

ized mass , stiffness , and aerodynamic force terms could be calculated

for the flutter prediction and subsequent contro l law investigation

(see Appendix A).  In this case exper imental work was done to aid the

analysis . It was desired that the calculated mode shapes be very close

to the actual mode shapes. To this end a detailed exper imental defini-

tion of the structural dynamics model was performed (Appendix C)

providing a lumped parameter model of the masses and flexibilities of

the model . With mass and flexibility determined , mode shapes and

frequencies were calculated by applying a numerical eigenvalue solver

to the expression :

(K) ’~ EM’) (hr] (he] ( w2 ] (5.1)

20

I i



21

where

[K)~~ = inverted stiffness or flexibility matrix

[N’] = constrained mass matrix

[h
r) = matrix of relative eigenvecto rs .

- For a system with a free-free rigid body degree of freedom

the structural. flexibility is not defined until the system is con-

strained from moving in the rigid body mode8’9. This is accomplished

analytically by modify ing the mass matrLc by a constra int matrix as
• follows (see also Appendix D) :

• 
• CM ’] = EC]T EM ] (C] (5 .2)

where

• [C) = (I) - {x) {x}T EM] , the constraint matr ix

defined in Appendix D for a system with only a roll

rigid body degree of freedom

• = mass moment of inertia of system about roll axis

{x} = vector of mass point displacements due to unit rigid

body motion.

Having calculated the relative modes , the absolut e or actual

modes may be calculated by again using the constraint matrix :

[hA] = (C] (hr]

The rigid body mode may then be calculated by the method in Append ix D.

* 
-
~
-
~ .— .-~~ ~
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5.2 Flutter Determination

With the mode shap es calculated the aerodynamic stabili ty of

the model may be investigated analytically . Aerodynamic influence

coefficients are calculat ed using a doublet-lat tice code10. Then ,

using the mode shapes , generalized aerodynamic forces are calculated.

The generali zed masses are calculated from the lumped mass matrix and

the calculated mode shapes as in equation 4.2, and the generalized

stiffnesses are calculated by multiplying the generalized mass by the

corresponding eigenvalue squared:

Ek] = Em] [w 2 ] (5.4)

Flutter is then analyzed by the method described in Chapter 1.

V-g curves have been plotted from the analytical flut ter

analysis for both the passive and controlled cases. The plots are

presented in Figures 11 and 12. As indicated in the figure s the pre-

dicted flutter spee l is lower than the actual flutter speed of 169

ft/s.c . Also the predicted flutter margin using the measured feedback

control is only about 7 ft/sec while the flutter margin measured in the

wind tunnel was on the order of thirty feet per second. Part of the

• discrepancies may be attri but ed to the doublet lattice code , but a

- large part of it must be attributed to differences between the calcu-

lated and actual mode shapes and inaccuracies in control measurement.
S

There are , however, some characteristics of the actual

- controlled case which Figure 12 does reveal. With the control law

- 
active, th. model is dynamically unstable in the second mode at zero

~ 1~~~ 
——— 
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F-
and low airpseeds . The analysis allowed us to predict this and a flow

switch was installed on the model which held the controls off until.

the airspeed reached fifty feet per second . Further , we observed

during the wind tunnel test that the model had less damping at speeds

below the flutter speed with controls on than with controls off .

Figures 11 and 12 predict this also.

The analysis predicts flutter with the third natural

vibration mode dominant . From Figures 6 and 7 it can be seen that

the analytical and experimental third modes are almost identical. Wing

and tail tips are in phase and the wing is subj ected to torsion . The

visicorder traces reveal that the wing and tail sensors are moving in

phase in the flutter mode and the wing torsion signal has a large

amplitude verifying third mode flutter.

From Figur e 12 it can be seen that damping in the fifth natural

vibration mode is posit ive over much of the test range including

speeds below the observed flutter speed . The actual damping of the

f ifth mode was less than the structural damping because it was not

possible to excite a fift h mode flutter over any of the tunnel test

speeds. A very small oscillation was observed visually during the

tunnel tests which was approximately thirteen cycles per second . The

amplitude was so small that the recording of these vibrations was lost

in the instrumentation noise.
S



6. Conclusions

It has been demonstrated, theoretically, and now experi-

mentally , that feedback control is a feasible flutter suppression

mechanism. A twenty percent increase (over the uncontrolled configu-

rat ion) in flutter speed was achieved using feedback control on the

U-T Wing-Tail flutter model. While the experiment was a success there

are some refinements which could be made .

The experimental natural vibration modes should be defined

more precisely . For the analytical flutter predictions the calculated

modes were used because the experimental modes were not orthogonal

with respect to the lumped mass matrix . The structural dynamic model

was def ined experimentally and with good accuracy, therefore , the

calculated modes seemed the better choice. Better definition of

the experimental modes would add confidence to the analysis and may

provide a more accurate flutter prediction .

With more accurate modes a new optimal control law could be
- calculated using the method of Cwach2 which may provide even more

flutter margin. It is not likely that the control law used in the

wind tunnel was optimal for the configuration.

- I There are several changes which could be made to the wind

I ,~ tunnel model which would make it less susceptible to damage when

flutter occurs and may actually extend the flutter margin .

- 24 
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• Flutter occurred during the controlled tests due to the failure of

a structural part which had been fatiguing in flexure during the

tests . After examination it was decided that the part was improperly

designed. The recommended model changes have been explained to the

U-T Structural Dynamics staff and will not be listed here .

I:
$

_ _ _  _ _ _ _
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- 
Table l

Corrections to Dynamic System Model

Defined in Reference 6

Experimental Wing Mass

Section Mass x 102 Unbalance x 10’ Inertia
(slug) (slug-ft) (slugs-ft2 x 10’)

6 2.400 2.61 1.54

7 2.669 2.09 .950

Pitch Spring Flexibility 7.5615 x rad/in-lb

Tail. Pitch Flexibility = 6.5535 x 1o 4 rad/in-i.b

Fuselage Torsional Flexibility = 4.524 x 10~~ rad/in-ib

* ~~~~~~
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• Table 2

Flutter Speeds

Torsion Bar Length = 16”, Wing Tail Separation 3”

Swee Dyn ic Calculated Experimentalp Configuration Vf (ft/eec) Vf (ft/sec ) (cps)

60° A 137 6.8

60° B 107 5.7

60° C 116 5.2

60° C 169 5.9

45° C 169 5.9

30° C 183 5.9

60° D 
- 

204 5.9

A: Ur odified6

B: 20° of wing mass added at wing tip and pitch spring
flexibility increased by 50%

C: Same as B with tail pit ch flexibility added

Same as C with feedback controls active

•‘ P - • --
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- Table 3

- Control Law and F Matrix

[
~
] = (.2472 + .1315 i , . 0972 — .2991 1]

1 2847 — .3098 - .2100 .2934 — .1561 .3609
(F) =

L2748 .3787 — .3130 .1398 .4176 .0990

_____ I
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Table 4

Experimental Mode Shapes
60° W ing Sweep

Torsion Bar Length 16” , Wing Tail Separation = 3”

Structural Mode 1 Mode 2 Mode 3 Mode 4 Mode 5 Mode 6

1 .073 ..025 .030 — .132 .126 — .088
2 .103 .006 .031 -.134 .093 — .082
3 .131 — .017 .017 — .110 .069 - .057
4 .162 — .066 - .019 — .105 .039 — .037• 5 .193 — .102 - .065 — .091 .028 — .024
6 .225 — .3.76 - .157 - .164 .075 — .051
7 .257 — .233 — .250 — .347 .153 — .109
8 .149 .162 .287 .451 — .14]. .071

• 9 .178 .146 .269 .457 — .186 .101
10 .201 .107 .263 .419 — .213 .133
11 .227 .052 .212 .322 — .239 .156
12 .252 — .102 .134 .177 — .216 .150
13 .278 — .878 .025 .159 — .171 .114
14 .304 — .187 - .124 .056 — .057 . 048

L 15 .792 .077 .124 .134 .039 - .035
16 .104 .148 .169 .000 .275 — .221
17 .042 .032 .050 .000 .072 — .048
18 .078 .165 - .074 .000 .054 .173

• 19 .119 .206 - .154 .000 — . 612 .102
20 .116 .247 — .228 .019 — .078 .031
21 .204 .340 - . 306 .047 - .299 — . 245
22 .245 .382 - .339 .073 — .404 — .459
23 .149 .176 — .128 .000 .329 . 323
24 .178 .203 - .060 .000 .269 .289
25 .210 .233 - .226 .021 .105 .109
26 .242 .335 - .290 .051 — .165 — .214
27 .274 .340 — .325 .079 - .329 — .476
28 .097 .140 - .070 .000 .179 .187
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Table 4 (continued )

Calculated Mode Shapes

60° Wing Sweep

Torsion Bar Length = 16” , Wing Tail Separation 3”

Mode 1 Mode 2 Mode 3 Mode 4 Mode 5 Mode 6

1 .074 — .008 .033 — .236 .028 .071
2 .1.03 — .035 .031 — .342 .075 — .012
3 .132 — .065 .022 — .398 .108 -.093
‘4 .163 — .110 — . 020 — .412 .120 -.158
5 .194 — .164 — .087 — .344 .091 — .126
6 .219 — .233 — .209 - .244 .006 .117
7 .258 — .299 — .299 .060 — .123 .417
8 .151 .051 .293 .121 .030 .144
9 .179 .025 .298 . 066 .078 — .005

10 .203 - .008 .283 .047 .115 — . 186
11 .229 — .055 .238 .064 .131 — .362
12 .253 — .112 .158 .133 . 108 - . 443
13 .268 — .188 .007 .189 .032 — .285
14 .294 — .263 — .130 .394 - .092 .011
15 .079 . 033. .125 — .008 - .101 .149
16 .104 .034 .175 .006 .007 .149
17 .042 .026 .052 — .028 - .036 .150
18 .079 .108 - .105 .043 .140 .098
19 .121 .163 — .152 . 056 . 177 .117
20 .163 .222 — .212 .081 .254 .142
2]. .205 .282 — .277 .108 .334 .147
22 .247 .343 ~ .3147 .139 .429 .149
23 .150 .161. — . 019 — .085 — .341 - .222
24 .179 .206 — .079 — .054 — .244 - .190
25 .212 .258 — .148 — .019 - .135 - .160
26 .2113 .310 — .227 .028 . 021 — .10,4
27 .276 .364 — .308 .077 .184 — .051
28 .098 .106 — .018 — . 049 — .194 — .117

S.— 
____ 

____________*— - —_ _ _
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Table 5

Experimental Generalized Masses

(M jj]

(slug—ft 2 x 10’)

10.60 3.49 0.54 3.08 1.02 0.66

9.46 —0.67  4.63 1.74 0.46

10.51 —7 .14 0.02 0. 143

12 . 64 —5.87 3.11

SYMMETRICAL 12.85 0.26

10.37

• ~~~~~~ -~i:
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Mode 1, w = 1.06 cps

Mode 2 , w = 5.00 cps

Mode 3 , w = 7.91 cps

Figure 6. Experime ntal Mode Shapes
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Mode 14 , w 10.81 eps

Mode 5,w=17 .83 cps

Mode 6, w = 19.88 cps

Figure 6 (continued). Experimental Mode Shap es

_ _  

________________________________ I
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Mode 1, w = 1.06 cps

Mode 2, w = 3.26 cps

Mode 3, w 7.00 ops

Figure 7. Calculated Mode Shapes

----- - - •
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Mod e 4 , ~ = 12.142 cps

Mode 5 , ~ 14 .17 cps

Mode 6, w = 19.88 ops

Figure 7 (continued). Calculated Mode Shapes
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Figure 8. Experimental V-5 Plot 60° Wing Sweep
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Figure 9. Experimental V-g Plot 45° wing Sweep
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Figure 10. Experi mental V-g Plot 30° Wing Sweep
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Figure 11. Analytical V-g and Frequency Plots ; Passive Response ;
600 Wing Sweep .



46.4 -

.3

. 2 -

.1 
Velocity (ft/see)

0 100 150 30
• ~~~ 0 -

0.
- . 1 -

- - . 2 -
I

• — . 3 -

-~~1 4 -

I
20 •

15 -

• ~~~10-

____ 
Velocity (ft/eec)

50 100 150 200 250 300

• Figure 12. Analytical V-g and Frequency Plots ; Feedback Controls
Act ive; 60° Wing Sweep.



- 

‘47

fr

/

- --- —~~“---



\\ \\
\\\\,J’~ç~V\N~ I

A \ \ \N \  \\ ~ !i~!• ‘ii 1 ~ !
U I  

~~~~~~~~~~~ \

‘ vi% ‘ 0 n~n~~I ~ 0. ~~~~~~~~~~~~~

I 51
I I M M D
I I 14 DI

I .~~~~~~ v i

——-——-- • - • - • - •- - - - - 
- - ‘ -- 

— — - — — - - - • • • - — — - --—----.• • - -—• - - • • •



49

0 C.•J
I-

0

DI
I-

‘.0

C’.J C,.

/ \
‘,. 

I

~~~~~ ~‘ 
C~1

, —
,

~ ‘ x
51•0~ In

<
U

-J-‘ _i E
0 viIn •

N

ILl 0
~~~
. i5 ‘.0

I- 
-J

w 0• In LI.

c~: <
C,,

LU
_I 

~,I-
I-.

‘C
C”

0 La~

\
DI 

~I’- 2In

I-
In

~~~~~~~~~Ht~~~~~

_ _ _  
_______ 

_  A• — —---——--——--—-



50

IM -

.3
; TAIL PITCH DUE TO WING

.2 SENSOR DISPLACEMENT

-I— I

-.1 WING OR TAIL SENSOR
DISPLACEMENT

:::~~~~\ C
2 

; TAIL PITCH DUE TO TAIL
• SENSOR DISPLACEMENT

Figure 16. Graphic Representation of Control Law
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- Appendix A

Statement of Problem

- - B.cauee flutter prevention through the use of active controls uses

both th. techniques developed to determine aircraft flutter speeds and the

methods developed for feedback control analyses , for clarity , it is bene fi-

• cia]. to develop the basic equations of motion which are used to represent

- 

the response of a flexible aircraft and to relate these equati ons of motion

to a basic feedback control analysis

A • 1 Basic Flexible Aircraft Response Equations

The response of a flexible aircraft to an external force is coi~ uted

by solving a set of simultaneous equations obtained by applying Lagrange’s

equations of motion to the flexible aircraft. One of the most general
• . developments of the response of a flexible aircraft is presented in refer-

I ence 15 and the development of the equation of motion will follow this

reference closely with supporting information being obtained from references

16, 9 , and 17.

Lagrange ’s equations of motion for any structural dynamic system

mey be represented by

r ’ 1 ,2 , . .. ,n (,~.l)dt I1 aq~/ ~~~

where

is the rth genera lized coordinate

• . T is the kinetic snerv

52
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is the generalized force term associated with the

generalized coordinate

The generalized force tarts is gener ally considered to be co~~osed of three
-

~~~~~~ parts

• ~a ~~~~ “~~d (A. 2)
r r r

where

is the force externally applied to the structure

is the internal, elastic force
r

is the structural dan~ing force

Since in most cases the elastic force can be derived f ro. the strain energy

potential then from Cam tigliano ‘a theorem
13:

Q —~~~-~~-- (A.3)
Sr.

wher e U is the strain energy potential.

With these dsfinitions Equations (A.]. ) can be writtsn in the form:

(A .
dt~~~~~~~j a~

The terms in Equations (A • 4) can be easily oo~~uted when these equations of

motic~ ax’s sppli.d to an .ix’ vehicle ’s lifting surfaces and the following

ua~~~ticm. ar. made :

_______________________________________________ - - -.  —•• — - ____________

•-
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a. The only deformation of the lifting surfaces are deflscticns of

the sur face normal to their undeformed midplane.

b • The deflections of the - surfaces are small such that the nonlinear’

structural terme associated with the change in curvature and the

strain displacement relations can be neglected.

o • The only external forces on the structure are composed of differ-

ential aerodynamic pressures applied to the lifting surface (the

differential aerodynamic pressures are the differences in pressure

between the upper and lower portions of the surface ).

d. Th. air vehicle is considered to be composed of planar surfaces .

The kinetic energy T can be expressed as:

T = ~ ff i(x ,y) ~
2(x ,y, t) dx dy

where

i(x ,y) is the mass distribution of the surface

f(x ,y ,t) is the total deflection of the surface from the static

equilibrium position

x,y is the coordinate system attached to the lifting surface

and where the integ ration is carried out over the entire lifting surface .

The dsfl.ction at any point on th . liftin g surface is found by

taking a s~~~~tion of th. deflections at that point due to each of the gen-

eralized coordinates and th. deflection of the control surfaces . This

•i aticn can be sxprsss sd as:

_ _ _ _ _ _ __ _ _ _ _ _ __ _ _ _ _ _ _  _ _ _ _
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f(x ,y,t) = h~(z ,y) ç(t) + h6 (x ,y) ~~(t) (A.5 )

where 
-

h~(x ,y) is the deflection at point (x ,y) on the lifting surface due

to a unit value of the ~th generalized coordinate

h6 (x ,y) is th. deflection of point (x ,y) an the ~th control, surface

due to a unit deflection of the j control surface • It

should be noted her , that h6 (x ,y) is defined an th. area
j

of the ~th control surface and is zero on all other parts

of the lifting surf ace

• i~(t ) is the deflection of the ~th control surface. Not. that

• C t) is not a generalized coordinate in that the deflection

• of the control surface can be prescribed or when a feedback

control system is used ~~(t) will be dependent on the ~~~t)

- generalized coordinates

a is the n~~~er of contro l surfaces

a is the nu~~er of generalized coordinates employed in the

study.

_ _ _  _ _  _
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The kinetic energy of the syttea can now be repres ented as:

T = ~ffi
(x~~) [ E h~(x ,y) ~ ,(t) + h6 (x ,y)

(A.6)

[ 
E h5(x ,y) ~~(t) + h (x ,y) 

~~(t )] dx dy

• Since the kinetic energy is a function of only ~~(t) and not of ~~(t) , the

term

Now define

and 

- rn_I’s = ff h~(x,y) h,(x,y) i(x,y) dx d3P (A.6a )

a xff  h (x,y) h (x,y) i(x,y) dx dy (A.6b )

• where the integration of the a1,~ term is carried out over the entire lif ting

• surface, but since h6 Cx,y) is zero except on the control surface the inte-

gratioci to determine the m6 term need only be carried out over only the

~th control surface. With this definition the ~~— (
~

_) term in the.
dt 3q~,

~th equation of equations (A. 4) may be written as

- 
~~ - - • ,S- • ,~~~~~~~ —~~~~—- . . 

- _i
• - 

-
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L = tsra ~~ (t) ~ ‘
~6 ~~~(t) (A .7)

dt 
~~ q, , /  s=l j :l rj

At this point it should be noted that Equation (A .i)  can be used for

any generalized coordinate system . If orthogonal coordinates are used or

more specifically , if the natural mode shapes of the lifting surface struc-

ture are used then

uIre = O  for r � s  -

The wo*, W , done on a thermally isolated system by slowly applied cx-

ter’nal forces is equivalent by the firs t law of thermodynañdcs to the strain

energy , U, in the system and can be expressed as:

U = V = ~‘ffP ~
(x ,y,t) f(x,y,t) dx dy (A.8)

where P~(x~y,t).is the total force acting on the structure and f(x ,y,t) is

the total deflection of the structure from the static equilibrium position.

The express icb for the strain energy can be put into a more useful for m if

th. total force is written in ter’nts of the defle ctions :

Pt
(x ,y,t) = ffX (x,y,~,Ti) f(C ,n , t) d~ d~ 

(A 9)

where K(x ,y,C,n) is the structural stiffness influence function. The strain

snergy of th. structure now becomes :

U ~ fff(x,y.t) ff X(x,y,(,~i) f(~ ,n,t) d~ dn dx dy (A.lO)

• - -- 
•

- .
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By stIstituting the series expression for the deflection at any point and
- 

defining

* ff ff h~,(x,y) K(x,y,~,~ ) h8(~,~) d~ d~ dx dy (A. ].].)

the strain energy may be written as:

•• U : i  E E ~~(tR(t) krs 
(A.12)

• x ’l  8=1

Using this definition of the potential energy the term of the ~th

equation of Equation (A.4) becomes

- = E K ~~(t) (A.13)
aq~ s l

• If the natural mode shapes are used as the generalized coordinates then

K = 0 for r~~ s

• and the well known relationship between the free vibration frequency, mass ,

and stiffness

• K z

can be used.

Structural d~~~ ing is due to inte rn al fricti on with in a structure

or at the connections between elements of a structural system. The resulting

damping forces are a function of the stra in , or deflections in the structure.

For an elastic system , undergo ing simple harmonic motion, the ~th 
~~~~~~

1- ’-  -~_. -S
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damping force may be assumed to be proportional in magnitude to the internal
elastic force and opposite in direction to the velocity vector. Therefore,
for a structure undergoing harmonic motion , the structural damping force

is usually expressed as:

= ~ g 
s~l 

K ~~(t) (A.15)

where g, the proportionality constant , is called the structural damping

factor and i is the unit imaginary nuir*er16’9.

When the external forces applied to the structure are forces due

only to the differential aerodynamic pressure s, the applied external force

term associated with the rth generalized coordinate can be defined as:

= ff h~,(x ,y) PE(x,y,f,t) dx dy (A.15)

where PE(x ,y,f,t) is the total external pressure on the lifting surface.

If the deflections are small (within the range of linear aerodynamics ) the

pr.es~u’e differenti al can be written as the sum of three differen t pr essure

distributions

P~(x ,y,f ,t) = P(x,y,f,t) + ~g(t) P~
(x ,y, t) • P~ (x ,y,t)&~(t)

(A .17)

where

P(x,y,f,t) is the differential pressure arising from the deflection

and motion of the lifting surface

eg(t ) is an aerodynamic flow disturbance such as a wind gust

I
I-

-• ---•-------— —S-~~• - - - - •
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P~(x ,y, t) is the differential pressure distribution arising from

a unit value of the aerodynamic flow disturbance

T~ (x ,y ,t) is the differential pressure distribution caused by a
thunit deflection of the j control surface

is the deflection of the control surface

Since P(x,y ,f,t) is a function of the motion of the lifting surface , this

system is a force feedback system , even without any feedback controls , in

that the externally applied forces are a function of the motion of the

system. For the present it will be assumed that the pressure distribution

due to the motion of the lifting surface can be expressed in the general

form: 

P(x ,y,f,t) = ~~(t) ~5(x ,y,t) (A.18 )

where ~5(x,y,t) is the pressure distribution due to a unit amount of the

generalized coordinate. Equation (A.18 ) indicates that the

pressure is proportional to the displacement . Actually , the

pressure distribution is a function of the displacement and velocity of the

lifting surface normal to the undeformed position along with the velocity ,

• density , and Mach nuirber of the air’s trearn passing over the lifting surface.

Mow.ver, for clarity at this point in the development of the equations of

motion, Equation (A.18) can be used to represent the pressure distribution

until a specific aerodynamic method is used in the computation of the

— L 

-

~~ 

—
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aerodynamic pressure . Now by defining:

= If h,,(x ,y) ~5(x ,y,t) dx dy (A.19)

ff h~~x,y) P~~~j,t) dx dy (A.2o)

~~ 
ffhr(x~

y) ~~~(x ,y,t) dx dy (A.21)

the 
~A 

term in the r equation of Equation (A. L~) becomes

~Ar 
= ~5 (t ) ~~~ + WgQF + ~~ (t) ~~ (A.22)

Now using the above definitions for a].]. the terum in Equation (A. L &) and

• placing all, the known or specified ternm on the right hand side of the equa-

tion, Equation (A.4) becomes:

- 

- are ~5(t) + (1 + ig) Krs~~
(t ) - ~~ (t) ~~~

4 
s - a8 ~j (t) + ~6~~~~(t) + QFr

Wg(t) (A 23)

Cr = 1, 2 , ... n)
Equation (A. 23) is a very general equation describing the dynamic response

on an air vehicle due to known forcin g functions ~~(t) and ~(t) .

• • . • • , • ~~~~~--• -
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One of the greatest difficulties in the solution of Equation (A •23 )

is the computation of the aerodyi~amic force terms • At the present time

no general method of computing the strictly unsteady aerodynamic force

terum for a lifting surface has been developed. However, recently developed

computer programe can accurately predict the unsteady aerodynamic forces on

complex aircraft lif ting surfaces which are oscillating harmonically

in tim e18’ ~~~~ Therefore, when harmonic motion is assumed of the form:

= q~ •
iwt (A.2’i )

where q~ is complex, the pressure distribution due to the rth mode becomes :

~r (z *yp t)i~(t) = Pr(x ,y
~

w) q~eiWt (A.25)

where P,~,(X ,y ,w) is complex.

In actual practice, the aerodynamic pressure distribution is computed

as a function of the reduced frequency (k) which is defined as:

k = (A.26)

where -

w is the frequency of oscillation of the lifting surface

V is the velocity of the airstream passing over the lifting

surface

• b is a reference length which is usually either the semi-span

• or semi-chord of the lifting surface .

Sines the aerodynamic preasiw. distribution at a given reduced frequency

IL
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• varies only with the Mach ni~~er and since the coefficients of pressure can

be computed for a single Mach nuzrb er without specifying the altitude or air

stream velocity the pressure force is usually defined as:

P5 (x ,y,k) = 1/2 PV~~C~~ (x~7~k .M ) (A.27 )

where

£C (x ,y ,k ,M ) is the coefficient of pressure due to a unit value
- 5 thof the s 

- 
generalized coordinate and at a speci-

fied reduced frequency (k) and Mach nuirber CM )

p is the air density

V is the free stream velocity

Now defining

= ff h~,(x ,y) iC~ (x ,y,kM )  dx dy (A.28)

Q6 = ff h],(x ,y) £C~ (x ,y,k ,M ) dx dy (A .2 9)

= f fh~(x ,y) AC~ (x ,y,k ,M ) dx dy (A.30)

Equation (A.23)becomes :

~~ 
[mre

_ d1 ;it) 1
~rs ” 112 ~~~ Qz e J % (w)

(A.3l)

.-~~~~fa + l /22~y Q ]6 (w )_ 1/2 ~~~
L QF W (w)

k k

(r t l ,2, ...n)

- -S-- • -

~ 

- —- -• • - -• • • • - S - •—- _  _ _
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• where both sides of the equation have been divided by _~2.i~t and where

the relationship k = has been used.

_ _ _-_ — -________
L

_ _ _ _ _  .- ___ _ ____ _ _ _ _ _ _ _
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Append ix B

W ind Tun nel Model Design 5

As mentioned earlier , the basic model employed in this study

is a variation on the AFFDL wing-tail flutter model designed by the

Air Force Flight Dynamics Laboratory and discussed in reference 4.

Some of the model design details were modified by per sonnel at The

University of Texas at Austin to include an active stab ilator control

in pitch and a remote control of the wing sweep angle. This model is

illustrated in Figure 1.. The model degrees of freedom include a

rigid body roll mode, wing root bending and torsional flexibilities ,

fuselage torsional flexibility , and fully flexible wing and stabilator

modes. In addition, the stabilator could be remotely pitched by means

of a hydraulic actuator to provide a stiff control degree of freedom .

The wing could also be remotely swept with a hydraulic actuator to

simulate various geometries as well as rapidly convert the flutter

model to a stable configuration by quickly sweeping the wing forward ,

raising the system’s flutter speed. This latter feature was added with

the hope that In some cases it could suppress undesirable model

responses that may occur during critical flutter conditions.

A schematic of the model’s hydraulic control supply system,

employed to activate both wing sweep and stabilator motions, is illus-

trated in Figure 3.1. This control system is comprised of three major

assemblies: the hydraulic power’ supply module , the servo control module ,

65

_  _  • _ -
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and the model hydraulic actuator system designated respectively as

(a) , (b), and (c) in the schematic. These components are also illus-

trated in Figure B .2 . The hydraulic power supply module is built

around an - Everpac Model PA-lOl air driven hydraulic pump obtained with-

out charge from government surplus. The pump provides a flow of

7.647 cm’/sec (0.467 in 3/sec) at 690 N/cm2 (1000 psi) which is the

normal. working pressure of the system . Due to the relatively small

capacity of the self-contained reservoir within the pump, an additional

reservo ir was installed in the hydraulic return line. The hydraulic

power supply module also provides , to both the wing sweep system and

the stabilator sweep system, backup accumulators charged to 345 N/cm2

( 500 psi) with nitrogen . These accumulators further serve to attenuate

fluctuations In line pressure caused by pulsat ions of the pump or head

pressure.

The servo control modules are mounted atop and outside the

wind tunnel next to the model to minimize line lag effects to the model

control actuators . This module provides terminal points for the servo-

valve electronics and houses two surplus Moog Model 97lA servovalves

rated at 18.03 cm’/sec (1.1 in 3/sec) at 8 mA. These servova lves are

employed to activate two Clippa rd Minimatic 7DD-l double-acting

actuators driving the wing sweep and stabilator motion s • One end of

the actuator rods is attached to a linear variable differential trans-

former (LVDT ) which provides for precise control of the stabilator ’

pit ch and wing sweep angle while the other end drives the linkage

motion. Signals to the wing sweep servoamplifier include the wing
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-

• 
sweep control signal, position feedback from the wing sweep LVDT, and

a dither signal to keep the valve free of sediment and improve transient

response. Signals to the stabilator pitch servoamplifier include the

conditioned transducer signals, position feedback from the stabilator
- 

pitch LVDT , and the dither signal.

The control feedback avionics, developed as a part of the

• flutter suprression system , are illustrated in Figure B.3. An analog

- 
control was developed due to the expense and complexity of digital

systems. The avionics for the stabilator pitch control include printed

circuit modules for input control and amplification, integration, and

phase shifting. It allows for up to three channels of output which

can command up to three separate aerodynamic surfaces. The unit can

• moiUtor signals from accelerometers, velocity pickups, and/or strain
- gages mounted at select positions on the model and blend these according

to a preselected control law. The modular grouping of the different

circuits in this manner permits the prograiwiing of a variety of control

laws.

Chains of Inexpensive high-input impedance operational ampli-

• fiers, which constitute the basic elements of analog computers , were

put together to perform the required control functions. EGC 941 M op

amps were first breadboarded Into functional blocks and tested to deter -

mine component values for beet performance. Continui ng the concept of

functional blocks, modular conetruct ion was adopted in the layout of

the model control panel thus enab ling quick replacement of defective

circuits and testing on a modular basis. Other benefit s of modular

• •~~ - 
-. 

- — - 
- —• —-~--- -~~~

• •-- _______
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construction were realized including ease in circuit modification and

construction, as well as circuit substitution if desired.
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Figure B.2 Hydraulic Power Supply and Sex’vovalves for Modified AFFDL
Wing-Tail Flutter Model . 
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Appendix C

Dynamic System Identification

C.l Procedure for Measurement of Mass and Inertia Propert ies

C.1.l Mass Measurements

The wing consists of seven sections and the tail five sections

(Figs. 1 and C.l) which can be detached separately from the spar.

These sections axe weighed separatel y . The weight contribution from

the spar to each sect ion is added to find total section weight .

C.l.2 Static Unbalance for Wing and Tail

Each section is supported at its spar center line on a knife

edge. The force necessary to ballance the section is then measured by

an accurate weighing scale . The product of this force and the balancing

4 moment arm gives the static unbalance (Fig . C.2 ) .

C .l.3 Inertia Measurements

The experimental determ ination of the mass moment of inertia

• consists of support ing the surface by a knife edge on the spar center

line with the trailing edge supported by two springs of known constant s

k1 
and k2 (Fig. C.3). The section is perturbed and the period of

oscillation measured. The spring moment arm is also measured . The sec-

tion Inertia about the spar centerline is calculated from the equation

D
’ (k

1
+ k.,)

-s WxI — ~C.l

• • 72
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• where:

I = section inertia about spar center line

D = distance from support point to spring attachment

k1, k2 = spring stiffnesses

w frequency of oscillation

W = weight of section

The inertia of the wing carry through about the pitch axis was similarly

measured.

The inertia of the forwar d and aft fuselage components about

the model roil axis were also measured. The procedure is to measure

the pendulum frequency and then the angular deflection, 8 , for a known

force (Fig. C.4). If 8 is small the roll inertia may be calculated

by:
F •dI = ( C . 2 )r s i n 8 • w 2

• where

= fuselage sections roll inertia

w = pendulum frequency

F = applied force

o = deflect ion angle

d = distance from roil ax-is to force

-i _ _ _ _  

_ 
___________
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0

C.2 Flexibility and Torsion Coefficient Measurement for Wing and

Tail Spars

To determine the spar bending flexibilities the spar is

rigidly clamped as shown in Figure C. 5. A load is applied at a

section attachment point and the deflection measured at that and all

other section attachment points on the spar. The ~~ 
element of the

bending flexibility is the displacement of the ~th station for unit

force at the 3
th station. The procedure is repeated with the load

applied at each station. In the present definition the whole procedure

was per for med twice with a different load in each case. The average of

the two flexibilities was used. The syirinetry check of the spar flexi-

bility matrix was good . The values agreed to four decimal places.

The spar torsional flexibility influence coefficients are

mea3ured much the same way. A torque is applied at a section station

with the angular deflections at each station measured. The T1~

element is the angular displacement at the ~th station due to a torque

at the ~th station. Again , the averaging technique was used and good

synsnetry agreement was achieved.

C. 3 Procedure for Assembly of Flexibility and Mass Matrices

I. Mass Matrix

• A. Wing and Tail Section Masses

1. Weigh each section ( seven wing and five tail sections)

2. Divide each section mass into two lump masses
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a. Measure static unbalance

b. Measure moment of inertia

c. Calculate positions of lump masses (Position along

spar will be abeam section c.g .)

1) Calculate distance of lump masses from spar center

line preserving both static unbalance and mass

moment of inertia

a) Dl=section static unbalance/section mass

b) D2=section moment of inertia/section mass

a) Position of one lump mass ahead of spar center’

line , perpendicular to spar centerline :

P1 D1+(D2_Dl 2 )l.”2

d) Position of second lump mass aft of spar center

line , perpendicular to spar centerline :

P2 :Dl—(D2-~Dl2 )l/2

B. Wing and Tail Carry Thx’oughs and Fuselage

1. Measure forward fuselage roll inertia

2. Measure aft fuselage roll inertia

3. Weigh wing carry through outboard of roll spring

a. Divide into two lump masses and position in same

manner as wing section lump masses

e. Determine equivalent forward fuselage mass and position

a. Position the equivalent mass at roll spring (ex cluding

that mass measured in step 3)

• • ---S ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ i—-
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b. Calculate magnitude of equiva lent mass

M (l7)=(forwax ’d fuselage roll inertia - carry through

roll inertia)/(distance to roll axis)2

5. Determine equivalent aft fuselage mass and position

a. Position the equivalent mass at intersection of tail

root chord and tail carry through

b. M (28) = aft fuselage roll inert ia/(distance to roll
. 2 

-

axis)

C. 4 Procedure for Assembly of Flexibility Matrix

I. Measure Component Flexibilities

A. Measure wing spar bending flexibi].ities (KW (I ,J),I,J l ,7)

1. KW (I ,J) deflection at point I due to unit load at point 3

B. Measure Tail Spar Bending Flexibilities (KT(I ,J),I,J1 ,5)

C. Measure Wing Spar Torsion (TU(I ,J) ,11  ,7)

1. TW(I,J) = rotation angle at I due to unit torque at J

D. Measure Tail Spar Torsion (T1’(I,J),I,jl,5)

E. Measure Pitch and Roil Spri ng and Fuselage Flexibilities

• 1. P = Pit ch spri ng flexibility = angle of deflection due to

unit moment

2. R = Roll spring flexibility = angle of deflection due to

unit moment

3. f Fuselage flexibility = angle of rotation due to unit

torque

--- -,.
~~
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F. Measure Tail Pitch Flexibility (TPF )

C. Determine Moment Arm of Tail Mass Points to Tail Pitch Axis

(TPD (J) , J18 ,28)

II. Assemble Flexibility Matrix (28 x 28)

A. Initialize the Bending Flexibility Matrix as Follows:

B. Initialize the Torsion Flexibility Matrix in Same Manner

(T(I,J) with TW and TT in place - of KW and ICr respectively )

— 1’4 15 16 17 18 28 29

r 1 1 o
I K W I I K W

L~ 
X ~ J L~ 

x 7

r~~ir~14 L 7 x 7 1 L 7x7
15 0 — — —  _ _ _ _ _ _ _ _ _ _ _ _  — -
16 0 — — — —  ____________ — -
17 0 — — — —  ___________

18 0 —~
__________________ — — 

~ r ~ 1 r ~L~ X 5 J  b X 5

I T h C F 1 E K T
~~ X 5 J  L 5 X 5

28 0• -4
2 9 0
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C. Assemble Overall Flexibility

1. Assemble wing sector of matrix (S(I ,J), I ,J = 1,17)

a. S(I ,J) = K(I ,J)+T(I ,J)*D(I)*D(J)+R *B(I)*B(J)+F*BF(I)

*BF(J)+p*y(I)*y(J)

1. D( I) = Distance of point I from spar center line

2. B(I ) a distance of point I from roll spring axis

(roil spring moment arm)

3. BF(I) = distance of point I from roll spring axis

4. Y(I) distance of point I from pitch spring axis

(pitch spring moment arm)

2. Assemble tail section of matrix (S(I ,J), I ,Jl8- ,27)

a. S(I ,J)+K( I ,J)÷T(I ,J)*D(I ,J)*D(I ,J) .

3. Add tail pitch flexibility (S(I ,J),I ,318 ,28)

S(I,J) TPD(I)*TPD(J)*TPF

Si 
_ _
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Figure C.1. Detail of Wing Construction
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Figure c.2.Schemattc of Static Unbalanc e Measurements
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Figure C.3 . Schemat lC of Inert ia Measurements
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Figure C.5. Schematic of Spar Bending Flexibilit y Measurement
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Figure C.6. Schematic of Spar Tors ional Flexib il i ty  Measurement
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Appendix D

Calculation of Mode Shapes of a Free-Free Structure

- - 

The structural dynamic model of the U-T wing tail wind tunnel

flutter model is a lumped parameter model using discrete influence

coefficients. The system is considered free-free with a rigid body

roll degree of freedom . (The rigid body roll degree of freedom actually

acts against a weak gravity spring but for our purposes we will call

• the system semidefin ite). In order that the flexibility influence

coefficients be defined we want to express the absolute mot ion in

terms relative to the rigid body motion. The system can be transformed

to a positive definite system by using a constraint matrix9 :

(C] [I] — {x} {x) T EM] (D.1)

where

(I] = the ident ity matrix

= mass moment of inertia of the whole structure about

the roll axis

{z} = the unit rigid body motion vector
- (N] = lumped mass matrix.

The constrained mass matrix may now be calculated by

(14~] = (c]T (14] (C] (D.2)

• and used in the eigenvalue - equation

-
~ 

• 
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I EM’] Eh ] = [K) (hr] E w2 ] (D.3)

where

Eh~,
] is the matrix of eigenvectors of relative motion. • - - 

- 

Next , an absolute motion eigenvector may be calculated by

transforming back:

= [C) {hr} (D .4)

It is shown in reference 8 that

{hA }
~ = {h} + {x} {h~} (D.5 )

where

• {1I~J • = the vector of the rigid body reference point motion

(or the plug mass in the terms of reference 8) .

• (In our case {h~} is a scaler representing a rigid

body roil angle.)

I Comparing (D.4), (D.5) and (D.1),

{h~} = — ~~ {x}T [N] {hr }

The rigid body mode {h } may be calculated by:A rigid

{h
A}rigid 

{x} {h~} (D.6)

• since {h~} is the amount of rigid body motion and {x} is the vector

• of displacements of struct ur al point. for a unit rigid body motion .

-- —- S - - -- -——-S 
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Appendix E

Viejcorder Traces
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Trace A: Tail Bending

• Trace B: Wing Accelerometer

Trace C: Tail Accelerometer

- Trace D: Wing Bending

Trace E: Tail Pitch

J Trace F: Wing Torsion (when present )
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