
/ AD—AWlS 951 VOUGHT CORP DALLAS 10€ FIG 20/14
INVESTIGATION OF A VARIABLE CAMBER WING DESIGN. (U)
MAY 77 1 0 SCATTY , W B BROOKS, L C ROBINSON N62269—76—C—036 1

UNCLASSIFIED 2—53300/ 7R— 597? NADC~ 7611l4~ 3O NL

~~~~

_In
_ _ _ _  

In 
__





_Unclaasifiad
StCU RITY CLASSIFICATION OF THIS PAOI (I~ ai Da(o iNsØ _________________________________

RaAD INSTRUCTIONSENTATION PAGE BEFORE COMPLETING FORM

~~~ 

DOCUM ~~~~

. ACC~~~~~~~ 
NO CIPIINT’S CATA LOG NUMI~~R

MDC 61 
___________________________

4. TItL E (aid 5..Wftt.) r -. ~~~~~~~~~~~~~~~ 5. TYPE OF REPORT S PERIOD COVERED

INVESTIGATION OF A VARIABLE CNIBER WING~~~~~~, .~~~~it$~tIMINAL ~~~~~~~~ ,?‘i,——.--~~~~~~~~~~~~~~~~ _ _ _ _ _ _  
_ _  

~~ ~~~~~~~~~u.~ 
, ,ip.Is 4UMEIR( s)/~~~~~ 

~T~1’$è’atty~~~~\ 
~~~~~~~~~ )

_
~~~~~~~~i

ji ; •

~~~~~~~
W. B /Brooks 

_____L D~/Rob!~~ga~~J 
_ _ _ _ _ _ _

S. PERFORMING ORGANIZATION NAM E AND ADDREsS 10. PROGRAM ELEMENT. PROJ ECT . TA SK

VOUGHT CORPORATION ~~ 
ARI A S WOR K UNIT NUMSIRI

P. 0. BOX 5907 6S à142
~~ F4U2l.!~~~DALLAS. TEXAS 75222 __________________________

II. CONTROLLING OFFICE NAME AND ADDRESS I N NT DATE

NAVAL AIR SYSTEMS COMMAND (3200) 
~i~ M~y )DEPARTMENT OF ThE NAVY ~If~ nuu•ins

WASHINGTON, 0. C. 20361 __________________________
II. MONITORING AGENCY NAME S ADORE$$(it4SIfirs~ t ft.. Caifr.lISnd OWe.) IS. SECI%*ITY CLA S. (,,i~~~~~Ih.p—% 1

NAVAL AIR DEVELOPMENT CENTER (3015: UNCLASSIFIED
WARMINSTER, PA. 18974 ___________________________

1.. DICI.ASSIFICATION/DOWNGRADING
SCHEDULE

15. DISI RISUTION STAT EMENT (of this Ripovt)

~D D C
fl~c~r~pn~qr?lApproved for Public Releaee; Distribution Uflhimited 

~~
1. 

~~
17. D~5TRISUTION STATEMENT (of As abstrsci .nIi,.d in Pi..k 30, U dUf.eail *~~ RIPOiU u UI6uou~ u

-1Ti3~i Lia
15. SUPPLEMENTARY NOTES

IS. KEY WORDS (CaWfnv. ai .rIess .id. if nsCss ay aid i*nff 0 b, block nailS., )

VARIABLE CAMBER WING DESIGN
TRANSONIC BUFFET FREE AIRCRAFT PERFORMANCE

z0.\sS$tRACt (Caiffiulis ai ,.,ai .. .id. U ns.Iai y aid id.nIUy 5,51.5k ui~~ bs.)
4
The principal objective of this NASC sponsored Investigation invol ved

definition of the buffet free transonic maneuvering benefits derivable from
an Innovative skewed hingel Inc variable camber wing design concept. These
benefits have been established from comparisons of the predicted performance
obtainable with this camber concept with those of conventional uncambered and
fixed camber wing designs in a conmion aircraft application. The aircra ft
configuration considered In these performance comparisons was selected as

ro~w ~~~~~~~ 
1413 EDITION OP 1 NOV SI tS 01001.1?! Uflclaaiitiedsrn 0l02~0l4• lilt I

~~ “~ø RI, A 5 E ( 1 S . m b S 5~~~ft.5 d~

~~~ _____________________________________



Unclassified
. .LL IJ4ITY CLASSIFICATION OF THIS PAGE(W1,.n D.4. InI..d)

representative of an advanced ligh~~e1ght fighter aIrcraft.
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were established from analysis of experimental data availabl e from prior test
programs. Analytical methods were utilized to aid in the analysis required to
evahate the influence of Reynolds number and test installation interference
effects upon the experimental results.

For the aircraft configuration of this study program, it was found that
substantial improvements to buffet-free performance could be attained
from implementation of this camber concept. For subsonic flight conditions
the maximum buffet free performance was attained with a camber scheduling
which also yielded minimum drag. At transonic conditions , however, greatest
improvements in buffet free performance was ach ieved only with wing camber
configurations producing aircraft drag levels above the minimum.

CE iiiL~’r~s v~i:a Section r21
3.~ Section

rJ~ 
..— 

~i’

ii Unclassified
SECURITY CLAS$IPICATIO% OF THIS PAO!(WI,ai D.ls Inl .~sd~

L _________________ ________________



St~M~RY

The potential improvements in aircraft transonic buffet free performance
derivable from an Innovative variable camber w ’nci design previously developed
at Vought were investigated in this study program. This wing design concept
invo l ves use of multi-seqmented leading and trailing edge flaps having skewed
hingelines to provide variations In wing camber. The potential benefits
obtainable from this design concept were established from comparative maneuver-
ing performance data for an aircraft configuration incorporating this wing
configuration , a conventional uncambered wing configuration and a fixed wing
camber configuration . The aircraft configuration considered in these perfor-
rnance comparisons was selected as repre~entativ e o f an advanc ed supersonic
lightweig ht fighter aircraft. /

Wi ng aerodynamic forces and conditions for onset of wing buffet for the
individual aircraft configurations were established from analysis of experi-
mental data available from prior wind tunnel test nroqrams . Anal ytical methods
were utilized to investigate the infl uenc~ of “eynolds number effects and test
installation interferences upon the experimental data .

P.esul ts from this program show that substantial improvements to the
buffet free performance of the aircraft configuration considered in these
investigations can be attained from implementation of this camber concept.
For fl .6 Mach number flight conditions , the wing camber variation yielding
minimum trimed flight drag also produced the maximum buffet free lift. At
tD. O !~ach number conditions , however , greatest imnrovement in aircraft buffet
free sustained load factors and turn radius was achieved *.tith wing camber
configurations produclnq a\rcraft drag levels above the minimum . Aircraft
buffet free load factor and turn radius improvements were found to be only
slightl y reduced by representative increases In aircraft weight associated
wi th incorporation of the variable camber capability .
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1.0 INTRODUCTION

As mission requirements for military a i rcraft have advanced
primary emphasis has been placed on such design considerations as
those imposed by takeoff or landing ; subsonic cruise , loiter or
maneuvering; and supersonic dash or maneuvering . Wings designed to
comply with these requirements necessarily invol ve compromises due
to the conflicting parameters which affect subsonic and supersonic
performance. Addi tionally, mission profiles specified for past air-
craft designs often have not included transonic maneuvering require-
ments. In suc h instances the des ign compromi se process may not
specifi cally address transonic performance and the resulting aircraft
may have little or no transonic maneuveri ng capability . Achievement
of significant combat advantages In advanced fighter aircraft dictates
that highly manuverable buffet-free transonic flight be included as a
major design goal, particularly since well designed supersonic aircraft
have the thrust potential for high levels of sustained transonic
maneuverability . Attainment of this goal , however, requires improved
wi ng designs yielding greater efficiency at transonic conditions than
that offered by existing designs.

The elevated angles of attack required for maneuvering along with
the mixed flow field characteristic at high subsonic flight conditions
have a strong impact upon the efficiency of wings designed for super-
sonic flight. Such wi ngs typically i nvolve small l eading edge radii
and thin sections which are susceptible to leading edge type flow
separations. The local supersonic regions that are embedded in the
predominately subsonic wing flow field usually are terminated by shock
waves. The location and strength of such shock waves can produce
localized pressure gradients of sufficient severity to i nduce flow
separations and thereby reduce wing efficiency. Minimization , if
not the complete elimination , of such types of flow separation is the
major problem which must be overcome to achieve the performance
improvements desired in advanced wing designs.

1

- _ _ _



The objective of this program has been the definition of the
potential improvements in aircraft transonic buffet free performance
that are derivable from a variabl e camber wing concept developed at
Vought. These improvements have been established from performance
predictions lor an aircraft configuration incorporating this wi ng
design and two more conventional wi ng configurations; one representing
an uncambered wing and the other a wi ng wi th fi xed l eading edge camber

representative of conical camber. The general arrangement of the
aircraft considered in this program is representative of configurations
developed in Vought ’s in-house lightweight fighter design studies .
Experimental results from wi nd tunnel tests conducted prior to this
study program have provided the principal source of information
required in defining the aerodynami c characteristics of the individual
configuration components.

Background
Significant effort has been expended in the past, both by

governmental agencies and private industry , in wing research and
development programs to defi ne techniques for achieving improved wi ng
performance over broader ranges of flight conditions . This research
has resulted in such operational aircraft design features as variable
wing sweep, variable wing/stabilizer incidence and high lift systems

to improve off-design performance. In recent years, research investiga-
ting the use of variable wing camber to improve transonic performance
has been included as part of Vought ’s inhouse advanced wing design
studies . Various techniques of applying variable camber technology
to wing configurations representative of those required for supersonic
aircraft have been evaluated in these i nvestigations. Results from
this research identified the desirabilit y of the uniform wing leading
edge loading offered by the concept of conica l wi ng camber and the
increased aft loading characteristics of the supercritical airfoil
sections developed by the NASA . As a consequence of these considera-
tions , a concept for i ncorporation of variable wing camber in 
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wi ng designs was developed at Vought. This concept i nvolves the use of
multi-segment l eading and trailing edge flap segments having skewed
hinge lines as illustrated in Figure 1. The skew of the camber segment
hinge lines provides a spanwise variation of leading edge camber similar
to conical camber and allows the wing trailing edge to be more highly
loaded wi thout i ntroducing excessive changes in wing pitching moment
characteristics .

During 1972, a cooperative program i nvolving Vought and the NASA
was establ i shed to obtain aerodynamic data for this variable camber
wi ng design concept. In this program Vought provided the model , NASA
Ames Research Center (ARC) provided analytica l assistance in selecting
test configurations and wind tunnel tests were performed by the NASA
Langley Research Center (LRC). During 1974, a semi-span wi ng model
i ncorporating eight individually deflectable camber flap segments was
tested in the LRC 8—foot transonic wi nd tunnel . In this test series ,
the wi ng model was installed in the tunnel using a non-metric body as
a support fairing . Geometric features of this wing model along with
the wind tunnel test instrumentation are defined in Table 1. Figures
2 and 3 illustrate the physical arrangement of the wing-body configura-
tion during the LRC test series. Twelve different wing camber configura-
tions were investigated in this test program. The individua l designations
for these configurations along with the respective hinge line deflections
are defined in Table 2. These configuration designations have been
retained in subsequent discussions of this report to distinguish
individual wing camber distributions. Results from the LRC test
program are documented in Reference 1 and have been reproduced in
this report only as requ ired . Analysis of these results have shown
that significant improvements in wing performance can be achieved
by proper variations of wing camber. As a consequence of this result,
the present studies were initiated to determine the extent to which
these wing improvements are reflected in aircraft performance
characteristics.

3
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TABLE 1
VARIABLE CAMBER SEMISPAN WIN G HIGH SPEED

WIND TUNNEL MODEL CHARACTERISTICS

WING GEOMETRY
Area, Sq. In. 928.4
Semispan , In. 42.0
Aspect Ratio 3.8
Sweep Angle, Leading Edge, Deg. 35.0

Trailing Edge, Deg. 14.0
Taper Ratio 0.4
Root Chord , In. 31.6
Tip Chord , In. 12.6
Airfoil Section, Uncambered
(1) Wing Root NACA 65A005
(2) Wing Tip NACA 65A004

CAMBER PANEL GEOMETRY

Leading Edge Panel s
Max. D~f1ection , Deg. ~~. 

12.0 Typ.
Hingeline Sweep, Deg. 40.9 Typ.
Chord @ Wing Tip, In. 1.74 Typ.

Trailing Edge Panels
Max . Deflection , Deg . + 12.0 Typ.
Hingeline Sweep, Deg. 25.4 Typ .
Chord @ Wing Root, In.

Panel No. 5 1.89
Panel No. 6 1 .89
Panel No. 7 1.89
Panel No. 8 3.79

WIN G INSTRUMENTATION
( 1 ) 267 Pressure Taps
(2) Wing Root Bending Moment Strain Gage @ 0.15 b/2
(3) Wing Tip Accelerometer @ 0.8 b/2
(4) Five Component External Stra in Gage Balance
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—~~~



_____________________________________

‘I,
I I UJ

I —
I i

I I U,

I
I I-

I i -J

I -J
_ _ _ _ _ _  

_ _ _ _ _  
In

~~~~~~~~~~~~~~~~~~~~ 

~~~~~~~~~~~

_ i

6

-- - __ -  -_-- -_-- -_------~-- _—--‘- --. ~~~~~~~~~~~~~~~ - ~~~~~~~~~~~~~~~~ ~~~~~~~~~~~



- -

200

N
180 7 \ .,~ —T0TAL

/
/ \ \

160

CROSS- 140

SECTIONAL
AREA , 120
IN 2 FUSELAGE

ioo .1
80

60
W ING —.

~

1,
/ 

*

0 10 20 30 40 50 60 70 80 90 100 110 120
. MODEL LENGTh , IN

FIGURE 3 CROSS-SECTIONAL AREA DISTRIBUTION OF NASA LANGLEY
WING-BODY TEST CONFIGURATION

7

~ 

--



~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~

TABLE 2 WING CAMBER CONFIGURATIDNS INVESTIGATED IN NASA LANGLEY TEST SERIES

PANEL DEFLECTION IN DEGREES FOR PANEL NUMBERS
CONFIG

L 5N ~~~~~~~~~~~~~
16/TO ..~~~I3;i 

I~~~~~~~~~~ 
IS N N N

129/TO 
~~~~~~~~ ~~~~~~~~ ~~~~~~~ ~~~~~~~~~ 

N N IS N

L25/TO 
~~~~~~~~~~~~~~~~~ ~~~~~~~~~~~~~~~~~ 

~~~~~~ 

II

124/TO 
________ 

4.6 
6.9 

~~~~~ 

N N N N

~;:° 
~~~~~~~~ ~~ _______ 

: 
______ 

: 
________

~~~~1 

~~~~~~~~~~~~~~~~~~~~~~~~~
16/Tb 

_________ _________ 

I, 

_______ 

ç
I~~ ~:i:i~:: ~~ ~ i~

i
~1

L6/115 N N II N 

~ 
J_
~~ ~~~ _________

V 
1 PANE~~~ FL~:TioN IS MEASUREDNORMA L TO THE HINGE LIME .

MAIN (2) DEFLECTION ANGIE IS RELATIVE
BEAM TO WING MAIN BEAM .

5 (3) DEFLECTION ANGLE IS RELATIVE1 PANEL TO ThE ADJACENT PANEL NEARER

8 NUMBERS THE WING MAIN BEAM.

_ _ _  
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Technical Approach
The basic approach taken In this study involved use of existing

experimental data to predict the aerodynamic characteristics of the
variable camber wing in free flight. To this end , program studies
involved performance of two major tas ks; (1) determination of wing
i nflight aerodynamics based upon the LRC wi nd tunnel test results
and (2) determination of aircraft transonic buffet free performance
benefits derivable from the Vought variable camber wi ng concept.
The first task necessitated analyses of wi nd tunnel test interferences;
particularly those i nduced by the non-metric body which was used as
a wing support fairing during the LRC test series. Since flight
Reynolds numbers were not simulated in the wind tunnel , the initial
task included i nvestigations to define experimental force data
corrections necessary to account for Reynolds numbers effects. Viscous
analyses were also included in these studies to assure that the con-
ditions corresponding to onset of wing buffet established from the
test results were representative of those expected in flight.

The second program task required development of comparati ve
performance data for a representative advanced aircraft configuration
incorporating the variable camber wing design as well as two more
conventional wing designs. Since the program objective was definition
of variable camber wi ng benefits rather than developing an aircraft
design , the aircraft configuration considered in this program was
established from the Vought lightweight fighter design program .
Tr immed , buffet free, flight aerodynamics for these three aircraft
configurations were developed by combining the corrected LRC wind tunnel
data with fuselage and stabilizing surface aerodynamic characteristics
obtained from wind tunnel tests conducted as part of Vought ’s i nhouse
advanced aircraft design studies. Configuration lift and drag charac-
teristics established in this manner were used in defining the variable
camber wing Improvements to aircraft buffet free load factor, buffet
free turn ra di us , and thrust requirements for sustai ned maneuvers at
altitudes of 20,000 and 30,000 feet and Mach numbers of 0.6 and 0.9.

9
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Specific details of the individual studies required by this
program approach are presented along wi th the study results in
the followi ng report sections.

I
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2.0 WING ANALYSES

Techniques employed and results from program studies to define wing
inflight aerodynamic characteristics based upon the LRC wind tunnel tests
conducted using the Vought semi-span wing model are identified in this
report section. Buffet boundaries for each of the experimentally
investigated wing camber distributions are defined in Section 2.1.
Reynolds number effects upon the wing force and buffet characteristics
are defined in Section 2.2. Results from the program investigations
of tunnel interferences are contained in Section 2.3.

2.1 Buffet Boundary Definition
Flight buffet is a dynamic aircraft behavior resulting from unsteady

aerodynamic forces induced by flow separations. Because buffet is
assumed independent of the loca i structura l deformations, buffet onset
predictions are often based on the dynamic response and force measure-
ments obtained using “rigid” wind tunnel models. Such methods , as will
be discussed in later paragraphs of this report section , were used in
the current studies.

While the aerodynamic forces inducing buffet may be i ndependent
of local structural deformations , wind tunnel model and aircraft
dynamic response is strongly dependent on structural characteristics.
For tunnel measurements to be indicative of flight characteristics , the
tunnel buffet force frequency spectra must have a similar relation to
the tunnel model as the flight buffet force frequency spectra have to
the aircraft . Such correspondence cannot be fully established for the
Vought variable wing since this entails development of a detailed full
scale wing design. One area where previous tests have shown fair
correspondence is in the point of buffet onset. Past experience m di-
cates that two conditions are requ i red for reasonable correlation
between wind tunnel and free flight buffet onset conditions . First,
the wing must respond to buffet in a singl e mode, whose reduced
frequency is approximately the same as that of the “rigid” wind tunnel
model . Secondly, the flow separation which induces the onset of buffet
must be essentially independent of Reynolds number .
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Mabey , Reference 2, has indicated that the structural response
condition is normally satisfied for wings of moderate sweep and
sufficiently high aspect ratio. The wing bending loads for the Vought
variable camber wing are expected to be carried by the main beam with
the leading and trailing camber flap systems contributing little to
the wing stiffness. Thus , in spite of the moderate wing aspect ratios
characteristic of advanced aircraft designs , the variable camber wing
is expected to respond structurally like a much higher aspect ratio wing
and satisfy the Reference 2 criteria for reduced frequency; product of
wing chord and response frequency . The natural frequency of the Vought
semi-span model first bending mode is 25 Hertz. As a consequence the
ratio of model reduced frequency to that typical of an aircraft wing
is within the bounds for good correlation indicated in Reference 2.

In general , since wing boundary layer separation is not independent
of Reynolds number , good correlation between flight and tunnel conditions
for initial flow separation are assured only when careful efforts have
been made to match boundary l ayer characteristics in the region of
separation . There are two types of fl ow separation , however , which
exhibit littl e sensitivit y to Reynolds number. These include the leadin g
edge type laminar separations often encountered with relatively thin
wings and the shock induced separations that are encountered at
transonic conditions. Supersonic wave dra g characteristics are a prime
consideration in the selection of thickness distributions for wings
designed to satisfy supersonic flight requ i rements . Similar considera-
tions were included in the selection of the Vought variable camber wing
thickness distribution. Consequently, the leading edge is relatively
thin and for ow Mach numbers initial flow separations are expected
to be of the leading edge variety . Pearcey, Osborne, and Ha ines ,
Reference 3, have studied the similarity between tunnel shock induced
separations and those encountered on full scale vehicles . In those
studies , the conclusion was drawn that good correlations between flight
and tunnel shock induced separation characteristics can be achieved
provided that wind tunnel model flow separations of the trailing edge
type do not occur downstream of the shock induced separation. Investi-
gations of the wing boundary layer characteristics , discussed in Section

12



2.2, were included in the present program studies to define the degree
to which the experimentally defined buffet onset conditions can be
expected to simulate the free flight circumstances.

Experimental Buffet Onset Predictions
Measurements included in the LRC wind tunnel test series for use

in evaluating wing buffet characteristics included wing trailing edge
pressures , wing tip acceleration , and wing root bending moment.
Trailing edge pressures provide an effective means for identifying
buffet onset for trailing edge type separations in two dimensional flow
but the uncertainties introduced by choice of the spanwise location I L
for data analysis precludes use of this type measurement for three
dimensional phenomena without other means of confirmation. Since the
wing root bending moment and tip acceleration test measurements
indicated similar characteristics , subsequent discussions of the
experimental buffet measurements are restricted to root bending moment.

Buffet measurement procedures during the LRC test series were
modeled after those developed by Ray and Taylor , Reference 4. In this
method the primary measurement is the model structural response
(specifically the first symmetric wing bendin g mode) as indicated by
level s of root mean squared (RMS) wing root bending moment. Unfortunately
satisfactory wing root bending moment data were not obtained for all
configurations tested . The type problems encountered with several of
the configurations are illustrated by the comparison of wing root bending
moment data taken at Mach number 0.6 for configurations L5/TO and L6/T15
shown in Figure 4. The measurements for configuration L5/TO illustrate
a satisfactory set of data . The rms wing root bending moment is well
behaved and has a clearly defined divergence at about 5.7 degrees
angle of attack. Test results for configuration L6/Tl5 , however , are
not satisfactory . The most apparent deficiency is the reversa l in wing
root bending moment between 7 and 8 degrees . This reversal is an
unexpec ted and certainly questionable variation with increasing angle
of attack. Interpretation of such test results is further complicated
by the limited number of data points . With only three data points
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available in the critical 5-8 degree range, accura te determination of
the proper curve shape and, consequently, the angle of attack for root
bending moment divergence is not possible.

The comparisons of Ray and Taylor and , more specifically, those of
Holl ingsworth and Cohen, Reference 5, underl ine the importance and even
necessity of using a single buffet indicator for configuration
comparisons. In a comparative test of eight different forms of buffet
instrumentation, Hol lingswor th and Cohen found only limited agreement
between the buffet onset Indications of the various methods. The
disagreement between the different methods of measurement for a gi ven
configuration was often considerably greater than the variation found
when the same method was used to indicate buffet onset for different
configurations. The general trend of buffet onset with changes in
either conf iguration or conditions was the same , however , when any
si ngle one of the methods was used exclusively to indicate the onset
of buffet. Since the rms root bending moment could not be used for
all configurations, It was necessary to substitute one of the other
availabl e force or moment measurements as the indicato r of buffet onset.

Ray and Taylor included correlations between various force and
moment variations and wing root bending moment divergence in their
study. They concluded that the axial force coefficient was the most
sensitive static component to the onset of buffeting. Their use of
the axial force coefficient , however , required computation of the
theoretical variation of the axial force with angle of attack. Even
in their own report, Ray and Taylor made this computation only for an
untwisted and uncambered wing . For the present wi ng, which is both
twisted and cambered, the uncertainty as to the proper fraction of
leading edge suction that could be theoretically expected was too great
to allow the required theoretical variation to be accurately computed .

Of the remaining static force components surveyed by Ray and
Taylor , the pitching moment coefficient appeared to be the most
promising buffet onset Indicator. The comparisons of Reference 4
indicate that, for an uncambered and untwisted wing , discontiruities
(i.e., breaks) in the pitching moment characteristics tended to give
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high (unconservative) buffet onset indications relative to that
indicated by the wing root bending moment divergence. For cambered
sections (Ray and Taylor did not test twisted wing confi gurations) the
correlation between the pitching moment breaks and the wing root bending
moment divergence was better. Satisfactory measurements of both root
bending and pitching moments are available from the LRC test series for
configurations LO/TO, L5/TO, and L6/Tl l at both 0.6 and 0.9 Mach number .
The angles of attack corresponding to the onset of wing buffet indicated 

- I-

by these two differing measurements are compared in Figures 5 through
10. These comparisons are consistent with the previous observations of
Ray and Taylor. The pitching moment for configuration 10/TO does indeed
break at a somewhat hfgher angle pf ~ttack than the angle for wing root
bend i ng moment divergence; however , data for the cambered wings ,
configurations L5/TO and t.6/Tll, show better agreement between the two
buffet indicators . The trend of buffet onset with configuration change
was consistent between the two methods. Consequently the breaks in
wing pitching moment characteristics are considered to provide a reliable
indicatio i of the v4riation in the buffet onset angle of attack for the

— 
wing camber configurations in the LRC test series and were used in this
study to predict the wing buffet onset angle of attack.

• Figures 4 through 10 illustrate a data characteristic that was
consistently observed for all of the LRC test wing camber configurations.
The variation of the rms wing root bend ing moment with angle of attack
changes significantly as the Mach number is increased from 0.6 to 0.9.
At 0.6 Mach number a single wel l defined divergence is generally
observed. At the higher Mach number , however , the rms wing root bending
moment appears to suddenly change to a higher “plateau ” at the angle ~f
attack corresponding to the break in pitching moment curve. As the
angle of attack increases further , the rr-~ moment first remains almost
constant for about 2 degrees and then diverges in the expected fashion.
An examination of the experimental data of Ray and Taylor suggests tha t
a similar change in the basic curve shape occurred in the resu l ts of
Reference 4 as well. The final divergence in the rms bending moment
curve occurs at an angle of attack that is roughly in agreement wi th

16
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that predicted by a simple continuation of the 0.6 Mach number results .
This change in the wing root bending moment characteristics between
0.6 and 0.9 Mach number indicates that the flow separation precipitating
buffet onset is different for these two flow conditions .

Wing buffet onset angles of attack and lift coefficients obta i ned
from analyses of the pitching moment characteristics for each of the
camber configurations investigated in the LRC test series are presented
in Table 3. These results show that, at 0.6 Mach number, changes in
l eading edge camber can produce an increase in the angle of attack for
buffet onset. This type of camber effect indicates that the flow
separations at this Mach number are of the leading edge type and more
specifically, since the maximum camber change occurs near the tip, the
initial separations must also occur on the outboard portion of the wing.
Experimental wing pressure distributions obtained at this Mach number
exhibit characteristics consistent with these conclusions. At 0.9 Mach
number conditions , results from the wing pitching moment analyses
indicate that changes in l eading edge camber had little influence on
the buffet onset angl e of attack. Trailin g edge camber variations also

had little effect on the angle of attack for buffet onset at both 0.6
and 0.9 Mach number . Indeed the observed effect of trailing edge camber
variations is a reduction in the buffet onset angle of attack with
increases in trailing edge camber (see Table 2 for relative camber
comparisons). Experimenta l wing pressure obtained at 0.9 Mach number
indicate the shock waves in the wing flow field are of greatest strength
in the mid to outboard portion of the wing . If the wing buffet
characteristics at this Mach number are produced by a shock induced type
separation, as indicated by the wi ng pressures~ then the results in Table
3 indicate the initial separation occurs on the outer wing in the region
least affected by trailing camber variations .
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TABLE 3
PREDICTED BUFFET ONSET FROM PITCHING MOMENT CHARACTERISTICS

MACH NUMBER

CONFIGURATION 0.6 0.9
ANGLE OF LIFT ANGLE OF LIFT

__________ _______ 
ATTACK , DEG COEFFICIENT ATTACK , DEC COEFFICIENT

LO/TO 5.4 0.39 3.5 0.31

L5/TO 6.7 0.48 3.6 0.31

L6/TO 7.3 0.52 3.7 0.32
LEADING L29/TO 7.5 0.53 3.5 0.30

VARIATION L25/TO 
- 

8.1 
— 

056 3.5 0.30

L24/TO 7.8 0.55 4.0 0.34

L28/TO 7.3 0.53 4.2 0.37

L8/TO - - 4. 1 0.34

16/10 7.3 0.52 3.7 0.32

TRAILING L6/Tll 7.3 0.63 3.4 0.43

CAMBER L6/Tl 7.0 0.67 3.4 0.51
VARIATION 16/110 6.7 0.71 3.2 0.56 

-

L6/T 15 6.4 0.85 
—- 

2.7 0.63
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2.2 Reynolds Number Effects
Prior to use of the wing aerodynamic characteristics determined

from the LRC wind tunnel tests in the aircraft application studies of
this program, an assessment of the effects of Reynolds number differen-
ces between wind tunnel and flight must be considered . The primary
effect of Reynolds number variations are reflected in changes in wing
boundary layer transition location , turbulent boundary l ayer growth
and Initial turbulent boundary l ayer separation . When significant
variations in wing boundary layer characteristics are incurred by
differences in tunnel and flight Reynolds numbers , wing force and buffet
onset characteristics can be appreciably al tered. Changes in wing lift
and pitching moment characteristics result from the effective airfoil
geometry modification caused by the addition of the streamline displace-
ment thickness , ó~, which alters the wing pressure distribution. Drag
is directly influenced by the Reynolds number effects on local skin
friction and the extent of laminar flow and indirectly by the change in
effective airfoil geometry which alters the pressure drag component.

The impact of wind tunnel and flight Reynolds number differences
upon wing buffet onset characteristics is strongly dependent on the
type of flow separation encountered . As indicated in Section 2.1 ,
laminar boundary l ayer separations and to a major extent shock induced
flow separations are independent of Reynolds number variations.
Turbulent boundary l ayer separations of the trailing edge type are,
however , sensitive to Reynolds number variations.

Evaluation of Reynolds number effects upon the LRC wind tunnel
test results included in the present program studies i nvolved analytical
predictions of the boundary l ayer characteristics for representative
wing camber distributions at both tunnel conditions and flight altitudes
of 20,000 and 30,000 feet. As will be shown the changes in wing boundary
l ayer displacement thickness due to the Reynolds number differences were
small enough to be ignored . Consequently, Reynolds number corrections
to the experimenta l lift and pitching moment data were not necessary .
Similarly, the types of flow separation predicted in these boundary layer
analyses indicated that the experimentally defined buffet onset conditions
are not sensitive to Reynolds number differences . The analytical
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techniques employed in reaching these conclusions consisted of two
three-dimensional potential flow methods , a two-dimensional boundary
l ayer method and a method for predicting sectional drag characteristics.
The following paragraphs provide a discussion of the investigation
techniques employed , analysis results , and the experimental drag data
corrections developed for use in the subsequent aircraft application
studies.

Predicted Win g~ Pressure Distributions
The potential flow techniques used in this program to provide the

pressure distributions necessary for investigations of wing boundary
l ayer characteristics were the Hess method , References 6 and 7, and the
Bailey-Ba llhaus method , References 8 and 9. The Hess method , which is
applicable to wing-body configurations , provided the pressure predictions
at 0.6 Mach number. Due to the unavailabilit y of a similar method
applicabl e to wing-body configurations at supercritica l flow conditions
i nvolving embedded shock waves , the isolated wing coding of Reference 9
was utilized for pressure predictions at 0.9 Mach number .

The Hess method is explained thoroughly in References 6 and 7 and ,
thus , a detailed description is not presented in this report; only a
discussion of the applicability to the present study . The method as
described in Reference 6 solves the incompressible potential flow
problem , however, the versic~ utilized in this study conta i ned a modifi-
cation which i ncorporated a Gothert compressibility correction . One of
the prime considerations involved in use of this program concerns
definition of the proper geometric modeling of the configuration under
consideration. The method provides an “exact” solution of the potential
flow equation providing the number of panel elements used in the geometric
model is essentially infinite . In practice, however , an infinite number
of elements is impossible to attain due to limitations of computer
storage capability and execution times. Therefore the proper utilization
of the Hess method requires that a geometric model be developed which
adequately represents the desired configuration wi thout exceeding the
above computer constraints . The skewed hinge lines for the Vought
variable camber wing leading and trailing edge flap segments introduce a
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further constraint upon the geometric model options since element lines
must be included which coincide with these hinge lines. As wi l l  be
shown , the variabl e camber wing geometric model deve loped for use in the
Hess program adequate ly represented the wing from the leading edge to
approximately the 75% chord line . Aft of this chord line , however ,
experimental and predicted pressure comparisons indicate tha t the
representation may have been degraded by the limited number of chordwise
elements. The agreement between experimenta l and predicted pressures
for the wing camber distributions included in the boundary l ayer investi-
gations is discussed in the following paragraphs.

Figure 11 presents a comparison of Hess Predictions to wi nd tunnel
data for the 10/TO wing camber configuration at approximately the wing
mid -span station (n= .4O), and an angle of attack of 3.95 degrees . This
figure , which is typical of the low angle cases , illustrates the above
comments quite well. When the angle of attack is increased above
approximately 5 degrees for this particular case , some viscous phenomena
appear at the upper surface leading edge which alters the leading edge
pressures. Since the Hess routine is strictly potential flow , the
calculations begin to diverge from the wind tunnel data as shown in
Figure 12. However , for this configuration , the buffet onset angle
of attack is approximately 5 degrees, so the primary region of interest
is adequately calculated by the Hess program. Another comparison of
experim ental data to calculated results for this wing camber configura-
tion at a spanwise station , r~ .85, is shown in Figure 13 indicating
results similar to those of Figure 11.

The comparisons presented in Figures 11 through 13 are typical of
the results obtained from the Hess program for the uncambered wing
configuration. As a consequence of the relatively good correlation , the
Hess geometric model was considered to provide an adequate representation
of the wing leading edge pressures which would allow realistic predictions
of the laminar boundary l ayer characteristics. As was noted earlier and
as shown in these figures , discrepancies between calculated and experimen-
tal pressures are more severe in the vicinity of the ~ing trailing edge.
These differences were considered to be sufficiently small tha t the
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predicted incremental changes in wing boundary layer characteristics

due to Reynolds number variations would not be substantially altered .
Figure 14 presents a comparison of experimenta l pressure data and

analytical predictions for a wing configuration involving leading edge
camber , configuration L6/TO. Differences between experimenta l results
and calculations in the vicinity of the upper surface leading edge are
illustrated in this figure which were not observed in the previous
comparisons. This disagreement is attributed to be at least partly the
result of the requirement for the geometric model panel edges to coincide
with the camber segment hinge lines . This requirement produces a de-
graded 1ead ii~ edge representation at this span station. For other
span stations better correlations between the experimental and predicted
pressures are obtained near the leadin g edge as illustrated in Figure 15.
Even at this more outboard span station , however , the calculated pres-
sures deviate from experiment in the immediate vicinity of the leading
edge; possibl y again due to the geometric model used in the Hess method
finite element problem formulation . Conversely, the limited number of
experimental pressures in the leading edge region does not permit a
firm exclusion of the possibility that viscous effects are the source
of the observed pressure differences .

Predicted and calculated pressure comparisons for the final wing
camber configuration (L6/T15) considered in evaluating Reynolds number
effects are presented in Figures 16 and 17. This configuration involves
both leading and trailing edge wing camber . Differences are noted in
both the l eading and trailing regions for this configuration and angle
of attack. The discrepancies for the outboard wing station (n=O.7)
l eading edge pressures are most certainly the result of a viscous
phenomena so limited agreement is expected in this region . Al though
perhaps not as obvious, viscous effects in all likelihood are the
primary cause of the leading edge pressure differences observed for the
more inboa rd wing station , Figure 16. In the trailing edge region the
calculated pressure deviations from experimenta l may again be due in
part to the geometric model but the experimen tal trailing edge measure-
ments also indicate that a flow separation has occurred at both wing
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stations. In either circumstance, since the calculated pressure gradients

are representative of that from the experimental results, the predicted
pressure should permit a valid assessment of the effect of Reynolds
number variations upon the wi ng boundary l ayer characteristics.

The comparisons presented in Figures 11 through 17 illustrate the
relatively good agreement that can be obtained between experiment and
predictions from the Hess method at 0.6 Mach number when viscous forces
do not dominate the flow field. Al so as would be expected , once viscous
forces become dominant in some region the comparisons begin to diverge.

The pressure comparison discussions to this point have been
primarily concerned with wing upper surface pressures . It should also
be noted that the lower wing surface pressures for all three wing camber
configurations investigated are generally over predicted although the
chordwise pressure variation reasonabl y reproduces the experimenta l
results . Since the wing upper surface boundary l ayer characteristics
are expected to be more critically influenced by Reynolds number differ-
ences , these l ower surface pressure differences were not investigated
and have little impact upon the evaluation of Reynolds number effects.

Program studies to define wing pressure distributions for use in
investigating the Reynolds number influence upon wing boundary layer

characteristics at 0.9 Mach number relied upon the Bailey -Ballhaus

transon ic technique , Reference 9. As described in Reference 8, th i s
techn ique employs a non-linea r problem formulat ion of the transonic

velocit y potential equation to model the mixed subsonic and supersonic

flow and to capture the attendant shock waves . The flow solutions are

found us ing the Murman -Cole mixed finite difference procedure and solving

the result ing set of non-linear algebraic equations with a successive

l ine over relaxation algorithm . It was originally intended to utilize
an advanced vers ion of this transonic coding, applicable to wing-body

configurations , to predi ct the wing pressures distributions required in
investigating Reynolds number effects. Since this program , which is - 

-

being developed by NASA Ames , was not available in the time frame re-
quired by these studies , the isolated wing prediction coding was utilized .
As a consequence, good correlation between predictions and experimental
pressures were not expected and indeed not obtained . Direct comparisons
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of the predicted isolated wing and experimenta l wing-b c~d,’ C O n f i l u r a t i o t

pressure data are presented in Figures 18 through 23 to i 1l ust ~ ite

these differences. Fi gures 18 and lY provide comparisons for ~;II g cd t-P

configu ration LU/TO at an angle of attack ot 6 degrees . Since this

angle of atta ck is beyond the experimentally defined buffet onset dHkjIe

of attack (see Table 3), the high loading shown near the leading edge

is not expected to be atta i ned in fli ght due to viscous etfects . For

the more inboard span station , the theoretic al calculations reasonablj

reproduce the shock wave location at approximately the wing mid-chord

station. On the outboard station , viscous effects obviously dominate

the flow from leading to trailing edge and consequently little agree Ient

is observed in the upper wing surface pressures. Also the l ower winy

sur fac e ~re~,sures differ from predicted in a manner similar to that

noted for the 0.6 Mach number pressure comparisons. 
, 

-

Experimenta l and calculated wing pressures for a leading edge camber

configuration , L6/TO , are shown in Figures 20 and 21 for an ang le  of
attack of 4 degrees . Differences between the experimenta l and calculated

results in this comparison are not as severe as those noted for the

uncam bered wing, Figures 18 and 19. Indeed , for this lower ang le o f
attack wh ich is near the experimentally defined buffet onset angle ,

viscous and/or body interference effects should be reduced and the

observed effects are to be expected .

A final O.i) Mach number comparison of predicted isolated wing jIld

experimental wing—body confi guration pre ssin -e for a combined leading

and trailing edge camber configuration , L6/T], is shown in Figures ~2
and 23. For this case , where the angle of attack is below that predi cted

for buff et On -~~t., differences are still evident between the cdl cula t e l

and experimental pressures . These comparisons, as wel l as othe r s
obtained in this study , suggest tha t the Bai ley -Ba llhaus transo nic

potential flow solu tion method yields a predi cted shock wave location

which is consistently farther aft on the wing than indicated by the

experimenta l results . Also the experimenta l results shown in Figure 22

suggest the presence of one or more shock waves on the forward portion

of the wing which are not reproduced in the theoretical predictions.

_-.- --~~~~~~~~~~~~—~~~~~~~~~~~~~~~ 



As a consequence of the noted differences between the 0.9 Mach
number experimental and predicted wing pressures , the question of the
validity of using these predictions in evaluating Reynolds number
effects for the present studies as well as the adequacy of this theore-

tical method must be addressed . First, since this method is purel y a
potential flow technique differences due to viscous effects are to be
expected . Secondly, since this method is based upon the assumption of
small disturbances , differences between predicted and experimenta l
pressures in regions where this assumption is violated , such as near

the wing leading edge, are also understandable. Thirdl y, the limited
agreement between pred i cted and ex per imental shock wave locat ions may
be the result of the fact that this method obta ins solutions to the

flow field at specific points which are defined by a user supplied
computational grid. Consequentl y the possibility exists that improved
correla t ions  of the shock wave pos i t ions  may be achieva b le  wi th  a
com puta t ional  gr id d i f feren t from that  use d i n the studies  of th i s
program. Verification of this possibility , which may entail development
of a specific computational grid for each individual camber configura-

t ion , was judged beyond the scope of the present investigations. Also ,

these theoretical predictions did not reproduce the forward shock waves
sugges ted by the ex per imenta l resul ts , Figure 22. This deficiency may

also be related to the input computationa l grid or may possibly be the
result of a body effect which is not represented in the anal ytical
method . These comments , however , do not necessaril y negate the useful-
ness of the predicted wing pressures in evaluating the Reynolds number

effects upon results from the LRC test series. There are reasonable

sim ilarities between the analytical and experimenta l chordwise pressure

variations. Use of pressures should provide reasonably valid evaluat ions

of the type of flow separation expected for both tunnel and free flight

conditions as wel l as valid indications of the effect of differences
between tunnel and flight Reynolds numbers upon the wing boundary layer
characteristics. This rationale has been the basis for using the
predicted isolated wing pressures in the wing boundary layer investig a-
tions discussed in the following section .

38

L ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ - . . 
- ,



_____  . — -~~~~ -.—— .-.-.——-- .----- . - - — -— .----—-S- .---- . - — - ----- --.----- .-- — - - - ‘1

-2.0 -

-1.6 \ EX P ER I ME~IT (W I N~ DODY )

-l 4 0 UPPER SURFACE

~ LOWER SURFPICE -

—1 .2 
____ 

BAILEY-BALL P~’JS THEORY

~ ~ 
(ISOLATED WI Nfl)

- . 

\ o 0 0 0
- .8

PRESSURE _ 6 .

COEFFICIENT . 
-
~~~

C~ ~~~ 
°

- .2

0 

x/c

FIGURE 18 COMPARI SON OF EXPERIMENTAL AND CALCULATED PRES SURE
DISTRIBUTIONS FOR CONFIGURATION LO/TO, M= .9, z=6~, ri= .56

39 - -

_  ‘S . - -- ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ -~~~



~~~~~~~~~~~~~~~~~~~~~ 

-2.4

-2.2.

-2.0.

-1 .8

-1 .6.
EXPE RIM E U T

—1 .4 ~ e ti PPER SL’ RF~CE

-l .2 - 0 LOWER SI IRFPICE

— 
BAILEY BALLHA US THLI !

~.Y

-1.0 (ISOLATE ~ i r Y ~)
(1)

PRESSURE - .8
L)EFFICIENT

C~ - .6- 4)

ç 1. 1

2 

CHoP~ ST~~I~~I , x / c

FIG URE 19 COMPAR ISON OF E X PERIMENTAL AND CALC ULATED PRESSURE
DISTRIBUTIONS FOR CONFIGURATION LO/TO, M= .9, c4=6°, n .85

1~

40



-2.0.

-l .8.

-l .6.

-1.4. EXPERIMENT (tWIG-BODY)
o UPPER SURFACE

-1.2 .
o LOWER SURFACE

-1.0 , o~ 
____ 

BAILEY-BALLHAUS THEORY
O

~~~~

PRESSURE .8- ~ ° ~ O (ISOLATED WING)
COEFFICIENT - o

~~~ ::‘

- .2 .

0. 
~ ~~~~~~~~~~~ ~~~~~~~ ~

2 
.4 .6 .8 ~~~~~ 0

7 CHORD STATIONS , x/c
.4 

(
.6

.8

1 .0

FIGURE 20 COMPARISON OF EXPERIMENTAL AND CALCULATEI) PRESSURE
DISTRIBUTIONS FOR CONFIGURATION L6/TO , M~~.9, oi”4~, r~ .56



-2.0

-1 .8

-1.6
EXPERIMENT (W ING-BODY)

-l .4 ° UPPER SURF Af E

-l .2 o LOWER SURFA CE

-l .0 BAILF Y-BALLHAUS THEORY

e ~ ( ISOLATED WING)

PRESSURE 
- .8

COEFFICIENT

O 

T
5
~~~~~M.~

.4
CHORD STATI ON , v/ c

.6

.8

1 .0-

S

FIGURE 21 COMPARISON OF EXPERIMENTA L AND CALCULATED PRESSURE
DISTRIBUTIONS FOR CONFIGURATION L6/TO , M= .9, a~4O , n .85

__________-‘ -. - - 

42 

-‘ -



- .~~~~
--

~~
- _ _ _ , _ __ _ _J~

___ -
~~~~~~~

__S
~
_ .—,- ----

-2.0

-1.8
EXPERIMENT (WIN G—BoDy )

—1 .6 o UPPER SURFACE

-1.4 ~ 
LOWER SURFACE

-1 .2 — BAILEY-BALLUAUS THEOR Y

ISOLATED WIN’~
-1 .0

PRESSURE - .8 o -COEFF i CIE N T 0 
o

- ~:. 
~~

-

~~

—

- .2. 
0 

: 

° 0 

: 

° 

~~ 

0

FIGURE 22 COMPARISON OF EXPERIMENTAL AND CALCULATED PRESSURE
DISTRIBUTIONS FOR CONFIGURATION L6/T 1 -, M . 9 , u 3 ~, ~‘.54

43



-2.0-

-l .8,
EXPERIMENT

—1 .6. 
~ LPP FR SUPF A CE

— l .4. ~ LOWER SURFACE

-l .2 — 
BAILEY-BALLHAUS THEORY

ISOLATED t-I I~G
-l .0

PRESSURE - .8 0

C0EFFIC T~NT 0
Cp - .6 

,~~
._.————-——

~~~~~~~~~\

~~~
.4 (

~~ o
C a 

\

- .2

I ~~ ~~ ~2 ._—~~~~~~~~~~~ -4L~~ ~~~~ o
.2 

•~___. -.

/
.4 CHORD STAT ION , x/c

.6

.8

1.0

FIGURE 23 COMPARiSON OF EXPERIMENTAL AND CALCULATED PRESSURE
DISTRIBUTIONS FOR CONFIGURATION L6/T1 , M= .9, ct 30 , rp .8108

- 1  

44 
p



-
~~

- - ~~~~~~~~~~~~~~~
-

~~
--— - — —‘ --.----

~~~~~~~~~~~~

-

___________________________________________________________________________________
Predicted Boundary Layer Characteristics

The boundary layer technique used in this study, Reference 10, solves
the boundary layer equations using an integra l approach in both the
laminar and turbulent regions. The separation location for the laminar
region is determined by the wall shear stress, T , becoming negative.
In the turbulent case, separation is predicted when the boundary l ayer
form factor, H, attains a value of 2.8. Transition from lamina r to
turbulent flow is determined using the method of Schlichting -Ulrich-
Granvi lle . In addition , if separation is predicted prior to transition ,
the flow can be forced to transition to turbulent flow at this point.
This latter option was used throughout the investigations of th i s study
in order to ascertain whether the flow if reattached would again 

S

separate in the turbu l ent region.
The boundary l ayer analysis was performed for streamwise sections

at several spanwise stations. It is realized that this “strip analysis ”
is not an exact solution to the three-dimensional boundary l ayer
problem, in that cross flow components are ignored . However , since no
compressible solution to the three dimensional boundary layer problem
exists , this strip analysis , which gives at least a first order
approximation to the boundary l ayer solution, was used .

This boundary layer analysis method was used in conjunction with
the potential flow pressures predicted by the Hess method for a Mach
number of 0.6 without difficulty . When the technique was employed

usin g the 0.9 Mach number pressure predictions from the Bailey-Ba llhaus

potential flow solution , a minor problem was encountered . The method
of Referencel O , due to l imitations in the basic formulation of the Cohen
and Reshotko laminar boundary layer solution method , fails for very large
or extensive favorable pressure gradients like those predicted from the
transonic flow solution. This problem was circumvented in these studies
by fixing the transition location earlier than would normally have been
done . The errors introduced in defining the effects of Reynolds number
variations upon wing force and boundary layer characteristics using
this approach were considered iustifiably small since the difference
between expected transition and that prescribed was only a few percent
of wing chord .
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Typical results from the boundary layer analyses are presented in

Figures 24 throu gh 31 for four different wing camber configurat ions

and Reynolds numbers corresponding to the wind tunnel tests and flight

altitudes of 20,000 and 30,000 feet. Figure 24 presents results for

configuration LU/TO, the uncambered wing configuration , a t Mach numbe rs
of 0 .6 and 0 .9 an d an gles of a ttac k of 6 an d 4 degrees , respectively.

These angles of attack were chosen for discussion because they are near

the experimentally defined angles for buffet onset.

Figure 24a shows the trailing edge boundary layer displacement

thickness variation with Reynolds number for both upper and l ower wing

surfaces as a function of wing span station. In the analysis for tunnel

condi t ions , the boundary layer transition was fixed at 5 percent chord

for both surfaces since the test data were obtained with transition fixed

on the model at this location. The fli ght Reynolds numbe r investi gations

were initially performed allowing for free transition on both wing

surfaces. Little difference is rcted in the uppe r surface trailing edge

displacement thickness due to these transition differen ces because the

analytical transition location for all Reynolds numbers was establ i shed

by a laminar separation occurring in the first 5 percent of wing chord .

The l ower surface wing tr a iling edge di~ pl~ cement thicknesses shown in

Fiqure 24a indicate significant var’~ation due to tne differences in flight

and tunnel Reynolds numbers. This etfec~ occurs because the l ower sur-

face pressure gradients are favorable for most of the wing chord which

results in the transition location for t h~ flight Reynolds number cases

being predicted well aft on the airfoil section. Thus , the region of

laminar flow was predom i nant in the flight Reynolds number cases giving

displacement thicknesses which are small compared to the tunnel

Reynolds number case with transition fixed near the lead ing edge. The

actual free flight transition location would be expected near the

leading edge due to the influence of surface roughness , which is not

cons id ered i n the Reference l O a n a l ys i s tec hn i que. The impact of this

anal ysis result will be addressed later when the effects of Reynolds

number on dra g is discussed . For the 0.9 Mach number conditions

presented in Figure ~‘4b, this effect is not observed since tra~is ’tion
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was fixed on the lower surface for all Reynolds numbers. Therefore the
Fi gure 24b resul ts are considered to reflect a more valid pred iction of

the effect of Reynolds number on the trailing edge displacement thick-
ness for this configuration.

The boundary l ayer form factor , H , at the trailing edge, is presented
for configuration LO/TO in Figure 25. The form factor is shown to be
essentially invarient with Reynolds number for this configuration. No

turbulent separation was predicted for this configuration , but lam i nar
separation did occur for all spanwise stations. Since laminar separation

is relat ively insensitive to Reynolds number , i t can be inferred from

this result that the prediction of buffet onset for this configuration

us i ng the tunnel  resul ts  i s also inv ar i ent wi th Reynolds number .
Figures 26 and 27 present similar results for the leading edge

camber confi gura ti on , L6/TO. The Reynolds number effects for L6/TO are

essentially the same as discussed for LO/TO . The discussions regarding

trans ition location , lam inar separation and buffet onset for LO/TO ,

for both upper and lower surfaces also apply to L6/TO .

Figures  28 amd 29 p rovi de s i m i lar  wi ng boundar y la yer pred i ct i ons
for a conf igura t ion  i n v o l v i n g both lea di ng an d tra i l i n g edg e cam ber ,
L6/Tl5 , at 0 .6 Mach num ber . These results show an effect of Reynolds

number variation similar to that for configurations LO/TO and L6/TO but

t h is con fig urat i on dif fers from the p rev i ous cases i n that  for t h i s
conf i gurat ion tra i l i n g edge sepa ra t ions  are predi cted to occur on the
upper wing surface from approxima tely 50 to 85 percent of the wing

semispan. This region of flow separat ion results from the large adverse

pressure grad i en ts p roduced by the tra i l i n g ed ge camber. Resul ts  f rom
these boundary layer investiga tions indicated that the separations occur

only at the tunnel  con diti ons w i th the tur bu l e n t  boundar y la yer
remaining attached at the fl i ght Reynolds numbers. Examination of the

pred icted boundary layer form factors. F i gure 29 , i ndicates that the
fl ight Reynolds number cases are nea r the condit ions for separation.

The boundary layer predictions for this configuration also indicate tha t

laminar separations occur near the leading edge of this configuration

wh ich contribu tes to the tendency of turbulent separation as wel l as
onset of wing buffet.
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Figures 30 and 31 i l l u s t r a t e  the boundar y la yer charac ter i s t i cs for
a combined leading and trailing edge wing camber configuration , L6/Tl ,

at 0.9 Mach number. Analysis of this configuration is further complica-
ted by the presence of shock waves i n the f low f i el d . The shock wav es ,

present at this angle of attack for most of the configuration spanwise
stations , vary in intensity and location. The anal ysis methods of
Reference 10 are not strictly applicable to shock wave/boundary layer

interaction . In the analysis for this study, the shock waves were

treated as relativel y sharp increases in pressure but the pressure rise
was forced to occur over a finite chordwise length. This approach while
not theoretically correct , does provide an indication of the boundary

layer characteristics. The flow separations indicated in Figures 30 and

31 , which  are typical  of the resu l t s  ob ta i ned for this  conf ig ur ati on ,
occur at chordwise locations corresponding to the pressure rise asso-

c i ated w i th the w i ng shock waves . Var i a t ions  i n Reynol ds num ber
re presenta t ive  of the tunnel  an d free f l i g h t  cond i tions ha d negl i g ib le
effect  u pon t he pos i t i on of i ni tia l  f low separa t ions .

The boundary layer analysis results discussed above , even with the

noted analysis deficiencies and assumptions , do allow an assessmen t of

the Reynolds number effects upon the wing camber configurations considered

in this study . Considering first the effects of Reynolds number upon the

effective wing geometry , the maximum change to wing thickness as indicated

by the total trailing edge displacement thickness is shown to be less
than approx i ma tel y one percent of the chor d for a l l  span stat i ons . The
rela ti ve change i n wing thic kness due to di fferences in tunnel an d flight

Reynolds numbers is on the order of 0.5 percent of the wing chord or less .

Such small variations in the effective wing geometry can be expec ted to
produce negligible changes in the wing pressure distributions . Con-

sequently, for this study , the effects of tunnel and flight Reynolds

number differences upon the wing lift and pitching moment prior to flow
separation can be neglected and the tunnel test results can be used
without Reynolds number corrections . The in itial flow separations
identified in these boundary l ayer investigations were of either the
leading edge or shock induced type. Thus , the boundary layer investiga-
tion results support the conclusions obtained from analysis of test
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results concerning the type of flow separations which induced the onset
of wing buffet. Based upon this agreement, the w i nd tunnel  test resul ts
for buffet onset should be a valid indication of the wing characteristics
at free fli ght altitudes of 20,000 and 30,000 feet.

Experimenta l Data Corrections
Results from the wing boundary layer investigations were utilized

to aid in defining the necessary corrections to the LRC wi nd tunnel
test results to account for the tunnel and flight Reynolds number
differences . As discussed above , no corrections to the wing lift and
pitching moment data were considered necessary due to the small effect
of the Reynolds number differences upon the boundary l ayer displacement
thickness. Thus , only the experimenta l drag data required correction.
In particular , since the induced drag is a function of span only , no
correction is required to the wing induced drag, CDI. The necessary
corrections to drag are strictly applicable to the profile drag
coefficient, or in this study , the experimental value of drag at zero
l i f t , CD0, was modified .

Predic tions of the profile drag for the configurations included

in the wing boundary l ayer investigations were obtained by calculating
the sectional profile drags, cdv . 

and then performing a spanwise integra-

t i on . The sect i ona l prof i le dra g predi ctions were accom p l i she d us i ng a
procedure based upon that developed by Squire and Young. The Squire -
Young techn iq ue for i ncom press ib le f low relates the boun dar y la yer
tra iling edge momentum thickness , eT E .  s hap e fac tor , HT.E. , and
velocity ratio , (U/U )T E ,  to the momentum thickness far downstream ,
O~ . For incompressible conditions, the sectional profil e drag is
obtained from the relationship;

Cd~~= 28

Profile drag predictions based upon this approach have been shown ,
• Reference 11, to agree very well with experimentally determined drag

values. Profile drag predictions for this study were obtained by using
Stewartson ’s transformations to modify the Squire-Young approach to
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include the effects of compressibility . The resulting compressible
form of the Squire-Young relationship is given by:

—

C
d 

= 2f .789 
Ll + .2M~~~76 L I  2

where:

~re = Boundar y la yer grow th parame ter as com pu ted by the
T.E. McNalley program , Reference 10

M = Mach number at the outer edge of the boundary layereT.E. a t the t r a i l i ng ed ge

RN 
= Free stream Reynolds num ber ; C = A i rfo i l cho rd

M = Free stream Mach num ber

This  equat i on was used to determ i ne the w i ng prof i le dra g as a

funct ion of an g le of at tack an d Reyn o lds num ber for each of the
configurations inc luded in the boundary layer investigations. Figure 32

presents predicted resu l ts for configuration LO/TO at 0.6 and 0.9 Mach

num ber res pect ivel y. The resul ts shown i n F ig ure 32a in d ica te a much
larger decrease in drag between tunnel and flight Reynolds number than

is shown in Figure 32b. This difference is a result of the lower surface

trans ition location as discussed earlier. Figure 33 illustrates the

chordwise distribution of displacement thickness as a function of

Reynol ds number and transition location. The l ower surface values at

20 ,000 ft altitude for free transition show that transition occurred at

approximately eighty to ninety percent chord depending on the spanwise

location. If this transition location is fixed near the lead ing edge,

the displacement thickness increases considerably as shown in Figure 33.

In Figure 32a, the lower surface transition location determined by the

boundary layer program was fairly well aft on the airfoil , wh i le  i n
Figure 32b the transition l ocation was fixed at 7~ on the lower surface.
Since the transition on both surfaces in flight will normally be nea r

the l ead i n g edge due to surface rouç hness , c a l c u l a t i ons were per for med
for an angle of attack of 4 degrees at 0 .6 Mac h num ber w i t h t rans i t i on
fixed on the lower surface. These calculations showed a drag reduction
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similar to that shown in Figure 32b for the 0.9 Mach number condition .
Additional comparisons of calculated parasite drag are presented in
Figures 34 through 36, for the cambered wing confi gurations. Figure 34
shows the results obtained f~r L6/TO at 0.6 and 0.9 Mach number which

are similar to the results for L0/TO Fi gure 35 presents the results
for L6/Tl 5 at 0.6 Mach number which shows the same large differences in

drag due to excessive laminar flow on the lower surface. Figure 36

shows the calculated values for L6/Tl at 0.9 Mach number which show less
Reynolds number effect since transition is fixed on both surfaces for

all Reynol d s numbers.
Profile drag predictions shown in these figures indicate the drag

var iation with angle of attack is not significantly altered by Reynolds

num ber variation. Consequently, experimental data corrections established

for zero angle of attack should also be representative of the necessar y
correct ions at other an g les. The Reynolds number var iat ion of predicted
wing profile drag is plotted in Figure 37. Data for the 0.6 Mach number
flight cond it i ons have been adjus ted to simula te an earlier trans i t i on
on the lower wing surface. Flat plate skin friction drag coefficients

for full y turbulent incompressibl e flow, i.e., M=0 , an d s k i n  fr i c ti on
coeff i c i ents for 5 percent lam i nar flow at 0.6 and 0.9 Mach number are
also shown i n Figure 37 for reference . Ex per i mental zero ang le of at tac k

drag measurements at 0.8 Mach number for the uncambered wing are observed

to fall between the 0 .6 and 0 .9 Mach number fla t p late d rag es ti ma tes .

Th is indicates that the wind tunnel data vary with Mach number in a

manner similar to a flat plate. The other camber cases while yielding

h igh er levels of prof i le dra g than tha t for a fla t plate exh ib it the
same trend with Reynolds number . Thus , the technique for predicting the

wing sectional profile drag and integrating over the wing span appears

to yield reasonable estimates of the parasite drag.

Results p resente d i n Figure 37 were used in this stu dy to de fi ne
correct ions to LRC wind tunnel test drag data to account for tunnel and

fligh t Reynolds number differences . Since the predicted results ind icate

li ttle variation in the profile drag due to wing camber variations a

single correction applicable to all test configurations was established

at 0.6 and 0.9 Mach number , res pectively . S i nce the data presen ted i n
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Figure 37 are normalized by the exposed wing area and the aircraft
performance studies were performed using coefficients normalized by the
theoretical wing area (i.e., includ ing w i ng area subme rged i n the
fuselage), drag corrections developed from Figure 37 were further
mod ified by the following relationship.

0 
5WEx posed= ~C o~ (~N exp Theoretical

The specific values for the drag corrections established from these
anal yses are:

ACo~ = -.0008 at M=O.6
RN

= -.0011 at M=O.9RN
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2.3 Tunnel Interference Investigations
Wing -body and isolated wing configurations were examined in these

p ro gram stu di es to determ i ne the effec t of tunnel  i nterferences u pon the
wing performance characteristics during the LRC test series. Emphasis

dur ing these studies was placed upon identifying the effects of the LRC

test non—metric body wing support fairing. The examinations of this

pro g ram cons i sted of both anal yt i cal p red ict i ons an d com par i sons of the
anal yt i cal predi c ti ons wi th ex per imental resul ts. Potent i al flow
methods were used i n the analyt i cal i nvest i gat i ons w it h the pre d ic ti ons
a t su bson i c Mach numbers being obta i ned from the Hess rou ti ne an d from
slender body theor y for the transon i c flow cond iti ons . Ex per imental
i sola ted w i ng test da ta used in  these i n terference stu d ies were obta i ne d
from a pr ior Vou ght w ind tunnel test conducte d i n the NASA Ames Research
Cen ter (ARC ) 14 foot transonic wing tunnel . The wing model in this test

ser i es was i dent i cal to that used i n the LRC tes t p rogram . Com par i son
p lots of the w i ng force c haracteris ti cs for the three w i ng cam ber con-
fi gurations coninon to both test series are presented in Appendix A.

Anal ytical Predictions

The non-me tric body influen ce upon wing performance during the LRC

tes t se ri es was pre di cte d us i ng poten ti al flow met hod s . In order to
es ti ma te these i n ter ference ef fec ts a t 0 .6 Mac h num ber , the Hess routine
was used to predict both wing alone and the LRC wing-body configuration

aerodynamic characteristics for the LO/TO , L6/T0, and L6/Tl5 wing camber

configurations. Incremental differences between these predictions were

interpreted as the body interference effect and are presented in Figures

38 through 40 as a function of angle of attack.

As d i scusse d in Sect i on 2 .2 , the Hess routine is essentially an

incompressible method which has been modified at Vought to incorporate

compressible effects through the use of the Goethert rule. The computa-

tiona l method is a finite element approach with the elements located on

the physical surface. Non—lifting solutions converge to an exact

solut ion as the number of computationa l elements becomes infinite. he

lifting problem , however , i s more compl i cate d i n tha t the wa ke loc ati on
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is not known a priori. In theory the wake location and shape could be

determined i n the course of the solu t ion but the techn iq ues for correc tly
accom p l ish i ng the wake comput at ions are beyond the present state of
computational development. The Hess program avoids this wake computation

by assuming a wake geometry w t i c h  t rai ls behind the l i f t ing surface along
a bisector of the trailing edge or along an input direction. Errors in
the wake geometry should have little effect upon isolated wing aerodynamics
provided the wing sweep and angle of attack are not large. Since the
wake geometry is dependent upon the lift develo ped , wake geometry assump-

tions may be of significance in predicting the flow field around the body

aft of a l ifting wing which would also i nfluence the body i nter ference
effects upon the wing. For the computations of this study , the wing

wake was a pp rox imated by the bisector  of the tra i l i ng edge s ince
investigations to identify the effect and/or best wake geometry assump-

tions were beyond the scope of the present program .

The predicted effect of the LRC test body upon wing lift presented

in Figure 38 is shown to be predominantly an increase in the slope of

the lift curve. This effect is to be expected due to the increase in

effective span for the wing body configuration. The tendency of the

pre di cted incremen tal i nterference l ift to have les s than a l i near
variation with angle of attack may be a reflection of the wake geometry

used in the computations rather than an accurate reflection of the

physical body interference. A small change in the body interference

induced l i f t  is observed to occur as a result of changes in the wing
camber distribution . This predicted characteristic is suspected to be

caused by the finite number of panels used in the computational geometric

model to approximate the LRC body . The fact that leading edge camber flap

deflections produced as much change in the body induced lift as trailing

edge camber flap deflections , which are nearer the body, ra i ses the

question as to the validity of the predicted variation of body inter-

ference with wing camber configuration. Because this effect was small

no effort was made to resolve the question and an average effect for all

configurations was considered satisfactory . This average interference

curve is also shown in Figure 38.
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The effects of body interference upon w i ng d ra g are i l lustrate d i n
Figure 39. These effects can be separated roughly into two parts . The

f i rst i s an apparent drag reduct ion at zero angle of attack wh i ch i s
strongl y dependent on the wing camber configuration. The test body

included an asymetric area ruling whi ch produced crossflow velo cities
of differin g sign at the wing leading and trailing edges near the body .

The net effect of this flow field change results in a wing thrust at

zero an gle of attack. As indicated in Figure 39, the body in d uced wing

thrust was not al tered significantly by changes in the wing leading edge

camber geometry since these changes in geometry are concentrated near

the win g tip. Trailing edge camber variations which are concentrated

nearer the body would be expected to influence the body induced crossflow

effects near the tra iling edge and thus strongly i nfluence the pre di c ted
win g thrust. Results shown in Figure 39 are consistent with this expected

effec t.

All potential flow drag computations suffer from the absence of

v i scous effec ts which , near zero lif t, must be the dominant contributor
to the wing drag force . The very body i nduce d veloc ity f i e l d  wh ic h
produces the apparent wing thrust also affects the wing bounda ry layer

an d resulting skin friction drag. Thus - the magnitude of the predicted

configuration effects upon the interference drag increments must be
considered as suspect unless verified by experiment. The correlation of

these predicted effects with experiment are included in discussions

presen ted later  i n th i s section .

An additional observation concerning the interference drag increments

shown in Figure 39 should be mentioned . The predicted wing thrust

results from the body influen ce upon the wing . A related effec t, not

addressed here , would be the wing influence upon the body which must be

a drag. The net result of the combined wing-body interferences is not

necessar ily a reduction in drag at zero lift for the overall vehicle in

comparison to the sum of the drags for the individual isolated configura-

t i on com ponents .

The second observed body Interference effect upon the wing drag is

an approximate quadratic angle of attack variation of the incremental
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drag. The incremental wing drag expected from the body induced incremen-

tal chan ge i n w i ng l ift has been i nc lu ded i n F i gure 39 for com par i son
w i th the Hess rou ti ne predic ti ons . Th i s com par i son show s that the Hess
rout inI~ predi cts an increase in wing drag of l ower magnitude than th it

predicted based upon the body induced increase in wing lift. The lower

drag pred iction results from the attendant effective increase in wing

span for the wing-body configuration. The fact that a different angle

of attack variation of the incrementa l drag was obtained for the three

different wing camber configurations must be regarded with some suspicion.

Due to the low thickness ratio of the Vought variable camber wing,

drag computations are qu i te sensitive to the finite element analysis

approach. Because of machine storage and cost factors , definite limits

ex i st as to the num ber of geometr ic elem en ts wh i ch can be i n c l u ded in

the computat io ns . In part i cular , the wing leading edge is di fficult to

reproduce with sufficient accuracy to correctly model the leading edge

suction effects and , therefore , the efficienc y of lifting wings is rarely

accurately predicted from integration of surface pressures. Consequently

further efforts to define the change in the body induced wing drag

var iation with angle of attack 1 or different wing camber configurations

was not considered warranted ard the current anal ysis results were used

to establish an average body induced drag angle of attack variation for

all configurations.

Predicted body interference effects upon wing pitching moment

characteristics , Figure 40, show that the general effect of the body

influence induces a positive increment in the wing pitching molnents

referenced to 25 percent of the mean geometric chord . These predictions

show that the change in wing pitching moment is relatively insensitive

to variations in lead ing edge camber but is sensitive to the amount of

wing trailing edge camber. As expected f ron the linear nature of the

body influence upon wing lift, the initial incremental pitching moment

exhibits a linear angle of attack var ation. Deviat ions from a linear

variation at the higher angles of attack result from an apparent aft

shift in the wing-body center of pressure.

Classica l pitc h ing moment predictions based upon potential theory ,

neglecting the wake effects , only vary with twice the angle of attack.
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Consequently, without the wake effects , littl e dev iation from a linea r

pitching moment variation is expected in the 0 to 10 degree range of

angle of attack. The apparent aft shift of the wing—body center of

pressure observed from the Hess computations suggests that the inter-

ference effect is associated with a wing wake interaction with the body .

As previously indicated such interactions may involve some error due to

the assumed wake geometry . Consequently , the predicted i nter ference
results shown in Figure 40 may be increasingly in error as angle of

attack i ncreases . Consistent with the app roach used in both the i nter-
ference lift and drag studies , the body effects  u pon pi tch i n g momen t we re
considered to be a camber configuration dependent effect at zero an g le
of attack and an effect at angle of attack which is independent of the

wing camber distribution. The variation of the average body induced

pitch i ng momen t w i th angle of attack develo ped in this manner i s also
illustrated in Figure 40. As will be shown later , the predicted

confi gura tion dependent body effect at zero angle of a t t ack  d id  not

correlate with experimental results , thus , fur ther  s tudies  to quant i fy
the moment increment variation with trailing edge camber were not

pursue d.
The met ho.~ of Pitts , Nielson and Kaattari , Reference 12, was use d

in these interference studies to estimate the LRC body influenc o upon

the w i ng c harac ter i s ti cs at 0 .9 Mach number . Cons i stent w i th the me thod s
of Reference 10, the incremental wing lift induced by the body is given

by:

ACL 
= CL [Kw 8 -l]nt + CL [kw (B)-l]

where CL is the exposed wing lift curve slope

is the exposed wing lift at zero angle of attack

is the ang le of attack
Kw (B)1 kW,B 41 are interference factors defined in

/ Reference 1 2.
Th is equation indicates the same general interference effects as obtained

from the Hess method at 0.6 Mach number. The last term is a configuration

dependent effect at zero angle of attack which is small because the

i nter ference fac tor kw(B) is approximately equal to 1.0 regardless of
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the wing-body configuration . Since CL is i ndependent of wing camber

distribution , accordin g to lifting surface theory , the angle of attack

dependent term is also independent of wing camber configuration.
Usin g the method of Reference 12 to ex press the total lift of the

LRC test wing—body configuration in terms of the exposed wing lift and

the c lass i cal i nduced dra g rela t ion to w i ng l i f t  an d downwa sh , the body
induced incremental wing drag is defined by

K b 2 k b 2

= 

CLa[~~
S
~ 3~~+r)2 eW (B) - l]~ + 

C Lo[~~~r)~~WB -AC D (C D ) 
CL 

+ CL
(y. 0

where b is the exposed wing semi-span

r is the body radius
ew8 i s  the lift efficiency of the wing-body system

ew is the lift efficiency of the isolated wing

(C D 
) is the induced drag of the isolated wing

i W
Kw3 and kWB ar e to tal i nter ference fac tors def i ne d i n

Reference 12.

Reference 12 does not provide information required to define the lift

efficiency ratio required in this equation. The general body effect,

obtained from cross flow analysis methods , is a reduction in lift over

the body with the loss in lift at the body centerline proportional to

the ratio of the body radius to wing semi-span. Thus , to a first order

approximation , the total loss in lift is pro portional to the square of

the ratio of body radius to wing semi-span; i.e., 5

eWB r 2

The form of the expression defining body effects upon wing dra g indicates

that the body influence is linearly dependen t upon the isolated wing

induced drag provided the wing camber distribution induces only small

values of lift at zero angle of attack. The formulation of body effects
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in terms of the isolated wi ng induced drag was used in the present

stud ies because of the expected variation of wing efficiency with angle

of attack and this form permi ts use of experimenta l data which include

th i s variat i on .
Reference 1 2 also contains slender body estimates of wing-body

c o n f i g u r a t i o n  pitching moments ; however , for the present analyses a

simplified form of those results was developed. This approach was based

upon the slender body theory considerations which permit the lift due
to angle of attack of a wing-body system to be expressed solely in

terms of the ratio of body radius to wing semi-span. With the assump-

tion of a constant body radius , the wing pitching moment about the wing

apex can be expressed in integra l form in terms of the axial rate of

chan ge of the ratio of body radius and wing span . The solution of this

i ntegra l equation for a delta w ing, assum i ng body lift i ndependen t of
ax ial distance, was used to estimate the aerodynamic cen ter of the wing

in the presence cf the body in terms of the isolated wing aerodynamic

center . This estimate of wing aerodynamic center along with the pre-

v iously indicated lift relationship allows the body interference upon

wing pitching moment to be expressed in terms of isolated wing

character i stics;

(AC Ma
)

rNT 
= (~

[
~

+ ( r) 2] 
(x ac ) 

- [KW ( B) - 1] CL

where s is the total wing-body system span , r+b

(x
~~
) is the isolated wing aerodynamic center relative
III to the wing apex

X R is the moment reference point relative to the
w ing apex

cR is the moment coefficient reference length.

It should be noted that this form of the slender body theory predictions

does not yield an indication of the body effect on pitching moments at

zero angle of attack and implies that the body interference upon pitching

moment var ies linearly with angle of attack. As a consequence , of the
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lim ited correlation of this predicted effect wi th experimental results

discussed in subse quent paragra phs further ref i nement of thi s a pp roac h

to inclu de effects at zero angle of attack was not considered justified.

Ex per imental Results
Test data for three wing camber configurations investigated in both

the LRC test ser ies and an isolate d wing tes t ser ies con duc ted in the
NASA Ames Research Center (ARC) 14-foot transonic wind tunnel were

anal yzed during these program studies to verify and/or supplement the

pred iction of the body i nterference effects dur i ng the LRC tes ts . Force
data for these wing configurations are included in Appendix A. Since

these tests were performe d in different facili ties the ques ti on of
general tunnel i nterferences was also add ressed .

Goe ther t, Reference 13, suggests that data ob ta i ned i n a good
transon ic tunnel would be essentiall y free of tunnel interference

prov ided that the b locka ge is less than one percen t and the w i ng s pa n
is less than half the tunnel width . The Vought variable camber wing

installation in the ARC transonic tunnel amply satisfies these criteria.

Some pecul i ar iti es , however , have been noted in the ARC test results

which are discussed below. The wing—body installation durin g the LRC

test series violated both of the general requirements for interference

free test results in that the blockage was approxima tely 1. 4 percent

and the wing-body span was approximately 60 percent of the tunnel width.

Conse quent l y closer exam i nat i on of the b locka ge an d span to w i d th ra ti o
effec ts for  t hi s i ns ta l l a t ion were requ i re d an d are a l s o  di scussed i n
later paragraphs of this report section.

Exam i nat ion of the lif t charac ter i s tics for confi gura tion LO/TO
at 0.6 Mach number shows that some unexpected effects were present in

the ARC isolated wing test results . Isolated wing experimenta l results

are compared with predictions from the Hess routine in Figure 41.

Examination of the predicted and experimenta l lift curves indicate

ex pec ted var iat ions exce pt for the ex per i men tal lift a t zero an g le of
attac k. Since this wing configuration was symmetric , no l i f t  wou ld  be
expected at zero angle of attack. Thus , the validity of this non-zero
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value of lift is highly questionable. A similar comparison between

predictions from the Hess routine and data for configuration LO/TO

obta ined in the LRC test series is also shown in this figure . This

comparison of the wing lift indicates a variation more consistent with

expected results . The potential flow predictions overestimate the lift

curve slope at both hi gh and low angles of attack and underestimates

the slo pe at intermediate angles where vortex lift might be expected .

The presence of the non-metr ic body did produce a non-zero value of

lift at zero angle of attack in both the predicted and experimental

results but the magnitude is small in comparison to the value indicated

from the ARC test results .

The angle of attack for zero lift observed in the ARC test results

0.5 deg.) is considered too large to attribute to tunnel asyninetries.

Al so , since precautions were taken during the ARC test series to insure

that wing camber flap deflections were within a tolerance of 0.1 degrees ,

the observed effect is too large to be attri butable to wing camber

differences . As shown in Figure 41, however , application of a constant

l ift increment to the ARC test data produces the same relative correlation

between the experimental and predicted isolated wing results as was

observed in the LRC test data .

Wh ile the zero angle of attack measurements for configuration LO/TO

suggest that the ARC test results may be in error by a constant lift or

angle of attack increment , results for the leading edge camber configura-

tion , L5/T0, ind ica te a different error ma gn i tude as well as an erro r
variation with Mach number . Because of this result and the limited
number of configurations avai lable for comparison , it was not possible
to conclusive ly determine either the source of the suspected error or
if the error varied during the course of this test program. As a
consequence of these observations , other program studies using the

experimental data to define body effects , assumed that a random error

may ex ist in the ARC force measurements which precludes use of these

data to define body effects at zero angle of attack but does not affect

the validity of using the data to define the angle of attack variation

of body i nterferences .
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Reference 14 contains recommended model size limi ts for testing at

0.95 Mach number in the LRC 8 foot transonic tunnel. These limits
restrict wing area to 288 square inches , wing span to 50 inches , model
length to 60 inches and total tunnel blockage to 0.5 percent of the test
section area. This model length restriction is not considered applicable
to the LRC variable camber wing test series because of the nature of the
wall mount used . The recommended blockage limi ts would be expected to
increase due to the reductions in test Mach number . Al so, the wing area
and span limitations , which are related , are strongly dependent upon the
lift level s expected during testing.

Goethert, Reference 13, indicates that the tunnel wall interference
effects, which are related to ratio of wing span and tunnel width , are
definabl e in terms of a correction to the effective wing angle of attack;

6
= - 8 AT 

CL

where A
~ 

is the wing area
AT is the tunnel cross—sect ional area
6 is a tunnel correction factor.

One function of the slots in a perforated transonic tunnel is to reduce
the value of 6 and permit testing of larger models than would otherwise
be possible. For a wing of small span in a circular slotted tunnel with
11 percent open area , Goethert predicts a value for 6 of approximately
-0.25. Using this value for the 8-foot tunnel correction factor along
with the appropriate wing and tunnel areas results in a predicted an g l e
of attack correction due to wall interference effects during the LRC
test series of less than 5 percent of the wing induced angle of attack.

Since the experimental wing buffet onset lift coefficient at 0.9 Mach

number was less than 0.65 the magnitude of the downwash correction is
predicted to be less than 0.15 degrees. Corrections of this magnitude

S would have a negligible effect upon the pertinent LRC test results .
As the wing span to tunnel width ratio increases, tunnel wall inter-

ferences may exceed the above estimate at the wing tip. An additional

evaluation of the tunnel wall effects can be obtained from comparisons
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of wing pressures measured in the LRC and ARC tests . Body interferences
included in the LRC data have been predicted to involve effects of two
types; the body induced upwash and the increased wing vortex span. Of
these two effects only the increased vortex span should be signifi cant at
the wing tip where wall effects would be the greatest. The effect of the
increased vortex span is predicted to cause a reduction of approxim atelj
0.7 degrees in the induced angle of attack at the wing tip for a lift
coefficient of 0.63. Figures 42 and 43 present the chordwise pressure
distributions obtained at the 0.85 and 0.95 span s ta t ions of conf ig u ra-
tion L6/Tll for a Mach number of 0.9. At this angle of attack condition ,
the isolated wing produced a lift coefficient of 0.63. Win g pressures
from the LRC test series included in these figures were obtained at an
angle of attack of 5.01 degrees . The agreement between these wing
pressure distributions indicates that the win g tip was at approxima tely
the same effective angle of attack. Consequentl y, the downwash angle
at the wing tip for the isolated wing test conditions was approximately

0.91 degrees larger than that for the LRC wing-body configuration . In
view of the previously discussed 0.5 degree angle of attack uncertainty
in the ARC test results , this experimental downwash difference agrees with
the predicted vortex span effects . Based upon these observations , the
span to tunnel width ratio of the LRC test was judged to be sufficiently
small to permit use of the test data without tunnel wall downwash corrections.

Data presented in Reference 13 indicate that limits upon model size
due to blockage considerations can be increased by a factor of four if
the test Mach number is reduced from 0.95 to 0.90. Therefore , the
Reference 14 recommended model bloc kage at 0.95 Mach number would
correspond to approximately 2.1% at 0.90 Mach number . Since the model
blockage at zero angle of attack during the LRC test series was
approxima tely l.4~ , blockage effects upon the test results should not be

significant at low angles of attack.
Barnwe ll, Re ference 15 , ind i ca tes tha t one effect of slotted tunnel

S walls is a reduction of the extent of the sonic region at transonic
conditions. This effect becomes significant when the sonic region would
be expected to extend beyond the tunnel walls. Thus , tunnel blockage
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effects should become significant for model angles of attack that are

sufficient to produce a sonic region which extends to the tunnel wall.

Results from the Bailey-Ballhaus transonic coding, Reference 9 , have
been used in these studies to define the level of wing lift for which

tunnel blockage becomes significant. Predicted flow field character-

istics for configurat ion L6/Tll at angles of attack of 0, 2, and 4
degrees and a Mach number of 0.9 have been analyzed to define the

extent of the wing sonic region as a function of wing ift. These

predictions indicate that the height of the sonic line is approximately

proportional to wing lift coefficient; with the height of 29.78
inches corresponding to a coefficient of 0.436. Since the test section

of the LRC tunnel is actually 7.1 feet in height, the analytical results

indicate blockage effects would begin to be significant at a lift

coefficient of 0.624. This level of wing lift is above that for buffet

onset for all conf igurations investiga ted i n the LRC tes t ser i es exce pt

configu ration L6/Tl5.

Based upon the results p resented i n the preced ing paragra phs , data
obtained in the LRC wind tunnel test program are judged as free from

general tunnel interferences and , thus , da ta corrections for su ch effe ct s
are not requ ired for the aircraft appli cation studies of this program.

Body Effects Upon Wing Buffet Onset

Analyses of camber configuration influences upon wing buffet onset

angles of attack discussed in Section 2.1 indicate flow separations on

the outboard portion of the wing are the primary source of initial wing

buf fet. Th i s reg ion of the w i ng i s least affected by the upwas h

generated by the non-metric body . Consequently, the principa l body

i nfluence upon w i ng buffe t results from th e increase in con fig ura ti on
span which causes a reduction in the downwash in the tip region of the

wing-body configuration relative to an isolated wing. Thus , for buffe t

onset to occur at the same effective wing tip angle of attack , buffet

onset for the isolated wing would be expected at a higher geometric

angle of attack but l ower wing lift coefficient.

Wing p itching moment characteristi cs were used in the manner

described in Section 2.1 to assess the body influence upon wing buffet
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onset. Wing pitching moment variations with angle of attack for the

cam ber configurations common to the LRC wing-body and ARC isolated wing

test series and Mac h numbers of 0.6 and 0.9 are shown in Figures 44

through 49 . These resul ts show that the body i nfluence p roduces a
positive increment in the wing pitching moment and , prior to buffet ,

alters the pitching moment rate of change with angle of attack. After

buffet onset, however , the body has little effect upon the moment rate

of c han ge w ith ang le of attack. The change i n body i nfluence before
and after buffet onset allows the wing—body configuration pitching moment

breaks to be more accura tely def i ned than for the i sola ted w ing
configurations. The relatively gentle change in the pitching moment

character i s ti cs causes some increase d uncer ta i nty in the buffet onset

angles of a ttack for the i solated w i ng conf i gurat i ons .

Table 4 provides a comparison of the experimentally defined buffet

onset angles of attack for the wing-body and wing alone configurations.

The expected tendency for the isolated wing buffet onset to occur at

hi gher angles of attack is suggested by these data . The theoretical

change in downwash at buffet onset is estimated to be less than 0.5

degrees and , thus , is of the order of magnitude of the experimenta l

differences . The apparent data scatter , however , precludes a firm

definition of this angle of attack trend.

The aircraft configuration considered in the studies of this

program and described in Section 3.1 has a body radius to wing semi-span

ra tio only 27 percent less than the LRC test configuration. Thus , the

changes in the wing tip induced angle of attack and hence changes in the

body influence upon the angle for buffet onset would be significantly

less than the differences shown in Table 4 and , therefore , with in the

inherent uncertainty in the buffet Onset determination. Consequently ,

the buffet onset angles of attack established from the LRC test results

have been used without correction in the aircraft application studies of

this program.

Compa ri son of Pr edi c ted and Expe ri men tal Body In terferences
If , as suggested in previous discussions , the ARC isolated wing test

data include a random angle of attack error , then corrections for this
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TABLE 4
BODY INTERFERENCE EFFECTS ON

ANGLE OF ATTACK- FOR BUFFET ONSET

MACH NUMBER

CONFIG 0.6 0.9
WING- WING IFFEREN E WING- WING FF R

________ 
BODY ALONE D C BODY ALON E DI E ENCE

LO/TO 5.4 5.5 -0.1 3.5 3.4 +0.1

L5ITO 6.7 6.4 +0.3 3.6 4.3 -0.7

L6/T11 7.3 7.6 -0.3 3.4 3.8 -0.4
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error would be requ ired before estimates of the body interference effects
could be obtained from the experimental results. Unfortunately, however ,
no single coefficient is known a priori for configurations involving
camber. Thus, the random error must remain unknown ; however, body
interference trends with angle of attack or other similar variables can
still be determined . The incremental difference between experimental
body interference effects at angle of attack and the effects at zero
angle of attack should be directly comparable with predictions even
though the magnitude of the total interference effect cannot be
established . Such comparisons of the wing lift, drag, and pitching
moment characteristics are shown in Figures 50 through 52. Note that
induced wing drag has been used in the drag comparisons in lieu of angle
of attack.

The effect of body interference on the variation of wing lift wi th
angle of attack is observed from Figure 50 to exhibit the predicted
trends. It is of interest to note that the slender body theory predic-
tions at 0.9 Mach number exhibit better agreement with exper imental
results than the predictions from the Hess routine at 0.6 Mach number;
however no explanation of this observation has been attempted . Slender
body theory indicates that the angle of attack variation of body
interference upon wing lift is dominated by the effective body radius
to wing semi-span ratio and that little or no variation in the inter-
ference effect is introduced by changes in wing camber . The available
experimental data are reasonably consistent with this conclusion.

Body interference effects on the wing drag variation with lift are
shown in Figure 51. Since viscous effects are obviously involved ,

appreciable variations between potential flow predictions and experimental

results are to be expected and are observed . The potential flow
predictions do reproduce the trends observed in the experimental data .

As expected , due to the increase in wing span, the principal effect of

body interference is a reduction in drag. The effect of leading edge
camber at 0.9 Mach number appears to improve the leading edge behavior

at low angles of attack and consequently, produces a larger drag
reduction. Somewhat surprising, the same effect is not evident at 0.6

90

~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ ~~~~~~
- - —

~~ ~~~~~
-- 

_________________



-_ ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~

~~~~~~~~~~ 

f r~ 
— 

~~~ 1I~
r1;iT~;..

L~~~~
’ 

~~*~t:T~~~~~~
i
~H

4 
~ 1- — 

~~ ~~~ I f+~I 1 L~~~~ -. 
— — r- — — - —- 1 T4-++ i44 

~~~~~~~ ~ l< H

1fi°’ E~E~jE fL~ ~~~~4 H3 HT 4~ 
~~~~~~~~~~~~~~ f —

Lr. H I ~rJ t1u1~
h h 1 —tif i-f- ~~~~~~~~~ 

~~~~~ 

— - ~‘~~- -— -

Lt+ 
~~~~~~~~~~~~~~~~~~~~~~ 

-

~~~~~

-

~~~ 

-

— 

t 1 1  ‘~ 1 
~ 

I I

~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ ~+ --
~- F - I wF-~t 4 

1

j  
1

~~~~~~
t
~~~~~~~~~~~~~ IJ I -

t :L~~ ~~~~~~~~~~~ I 4:..L L~ .L 

~~~~~~~~~~~~~~~~ 
--~e- ~~~~~~~~~~~ J~~

_ - - -
L I 

I f S~ 
~It) 

• - - -~ f - l - - I

- 
~~~~~ r~~

4 f \ ?t 9~~ rt -

~~~~ ;L~~
I i

~~~
. H °t~~

i
~~ 

- -  H - H r— — - - —-r -
~

- --
~
- eqi 1 - ~~~- -  

~~~~~~~~~~~ I f - - ’ ; :~~~~
1c rf  ~- - - : ! - ~

~~~~~~~~~~~~~~~ 4 : i L  •~~~-~-.~ ‘ - - - 1-.- -
_ 1 ~ - . 

~~~~~ ~~~~~~~~~~~~~~~~~~ ~~~~~ I 
-~ 

- —— - 

• - • -  4 ~~~~~~ .- - .  . .  
- - 

I 
- - -I 

~~~ 
t4~~~ i~~ • i I t !  -- I - . 

y~ : ” — ~~~~ ’ ..J ~~ - -  
~

- ; . - : . j - f -- 1. . I - . -
~~

. - I

~~~~~~~~ 

; II! HtY~ ~~~~ ..o~
I j  0 ’ Q j Q 

0 
I I

iNI 0-~( 3 - 3)V — .L411 1ViN3W3~I3NI O33fl0NI A0O8

_____________ _______________ ~~~~~~ ~~~‘--



—~~~~~~~~~~~~~~~~~ _ - --~~~- -——-~~~- - - —-- _ - -- ~_--~~~~~_ - - - -  

~~~ 
:~~ ~ ~~ 

[.1  
[H 

- •  -

~

~I±~~~~ h~~~E*T~±L- !-
- 

- 1f l  
- :  - TThI r $ - I • -

• — I t  I - -

• 
- - 1 - I - —

~ : - t ._  - I ‘.0

4
~~~~~~~~~~~~~~~~~”4~~~~~~T 4~~~~ ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ I — - -  O~~~~~~~~ j  -

I ~~~~~~~~~~~~ -
~~~~~~

. -
~~

~~t.kI!:. 
H- ~~~~~ ! : ~~~~~~~. - -  

~~~
--

;~~~r~~1~ 

I Ltr1T~~ 
-

~~~~~~~ 
~~~~~~I ; - 

:-

I I • _ 0 - - -

I -: 

- -  I ~~~~~- 
- - - - 

• • 
0 

;:~
- .rH —-t --~--j~ i 1 - I 

-

I - , - •  
I~~~~~~~~~~~ t ~~ i — _ t — : I .. - ;  - - ~~~~

.
- 

- 0 LL

~~~~~~~~~~~~~ 
1:j 7-~~~~~: -

,:~~t

~ 

-

- -  L .  
~ 2 

h ~~~H ±-- t -
~ 

-

-
~~ 

.
~ I

~~ 

L:-
~ 

~‘~$: I

- -~-—- . t
~- ~

_ I- ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ - .
-

~~~~~~~ ~~ 
• -

~~
-r -I- H ~~~~~~~~~ ~~

4 -
~~

- - j  ,
• • ..J L.J ...J I ui i 1 . F - ’ L -
• 

0 1 0 4  - I ~~~~ . •- -1 .-j - - - -
.

- 
1 I •

• ‘ :~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ 

~~~~~~~~~~~~~~~~~~~~~~~~ 
-

. 1  I • • ~~ I

I I - - • - - , • - - • .
I I 01 i • I

~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ ~~- --4 ;_ f 1
- I . 1  I • - - . _  I - 

-

I (O~~3O3 - 0
3)V  - 9~a 1V1N3W3~3NI O3DflON I Aa09

-

~

- -

~ 



Mach number where this type of influence would be expected to have been
more prevalent. Such improvements in l eading edge behavior are probably
due to control of viscous phenomena and , thus, failure of the potential
solutions to reproduce the observed effects is understandable.

Correlation between predicted and experimental body effects upon the
wing pitching moment variation wi th angle of attack shown in Figure 52
is less conclusive. For the 0.6 Mach number condition , the agreement
is on the same order as observed in the lift comparisons for angles of
attack below approximately six degrees . Since the experimentally defined
conditions for buffet onset for these configurations (see Table 4)
correspond approximately to this angle of attack , the lack of agreement
at higher angl es is not surprising. For the 0.9 Mach number condition ,
considerabl e data scatter is observed . It may be that reasonabl e agree-
ment between predicted and experimental results would be obtained at
low angl es of attack but insufficient data are available to support this
conclusion. Since buffet onset for these configurations at 0.9 Mach
number is estimated to occur at approximately four degrees, the scatter
and lack of agreement at higher angles is again not surprising.

Except for some reservations concerning the 0.9 Mach number pitching
moment characteristics, the comparisons shown in Figures 50 through 52
indicate that the potential flow methods yield reasonable predictions of
the variations of body interference effects with angle of attack.
Similar agreement was not obta ined , however , in comparisons of the
predicted and experimental total body interference effect at specv~ic
angles of attack. This lack of agreement is suspected to be at least
partly the result of the previously discussed uncertainties in the ARC
test data . As was observed from Figure 41, the suspected errors in the
0.6 Mach number wing lift measurements are of the same order of magnitude

as the total interference effect for lift coefficients below buffet onset.
- Consequently, it cannot be conclusively stated that corrections for body

interference based on the potential flow predictions will reduce the
uncertainty in estimates of aircraft performance compared to that which
would exist if the LRC test data were used without consideration of the
geometric differences between the test body and the analysis aircraft.
Conversel y, however , If all the differences between the ARC and LRC test

93

—



_ _ _ _ _

r~
- i rn~~ ~~~~~~~ ~~~~~~~~~~~~ i

_ _  

: -
~~~~~~~~~~~ 

[ ~~~~~~r 

- 

-

~~~ 

- r
~~ Lt 

~~~~~~~~~~~~ ~~~~~~- r  -
~~~~

±-—- • -- - -- - :

I - I-- - ! ~~~~~~~~~~~~~~~~~

- -~__ _  -‘.o~~ 
i

J i~ 
~:~~~~j~

rr 
_

~~ 

~~~~ 

° 1

:~~ 
-

~~~~ : . - 

~4+ --
~~

i. ~~~~~~ 
-

I ~~~~~~ I~~~~~~~~~~~~~~~~ J 
4

f~~ 
I LU

~1~ 
~~~~~~~~ -i-4 

j
-94- 4

• I - I 1 - • - •  I

-
~~
- -T_

- 

~~~~~~~~~~~~~~~~~~~~~~~ ~~~~~~ 
- 

I 

-

r — -
~~

- ! — F— • 
•j ;- - - I t

~~~~~~~~~~~~ t.~~~~j I } _ 4
~~~~

L
~ 

- i

I i  _
;t ~~~~~~~~

_ 1  I - -  - F • - 
I

+ : — 4 1
~~~~~

1_4 4 .r~~.i±:~~t l
1 •H I 

~~~~~~~~ •
1

~ - ---~ - — - ———-—t- ~ 
t

I- . , 1 - I  I  •i --- ~~~~~~~~~~~~~~~~~~~~~~~~ • • I 
I

i~~~~ :j ~~~~~~~~. i--
~

-— 
~~~~~ : - •

I — -  e - f ----- - - L -- - 4 --- i-- - - . -  0-

~~~~~~
T - i~~~~~ I .  :4 - - -

F ~t : 
--- . --+ - ---t-

~~~
i-.-1 

- ~~~~~~ -
-

~~~ * - L  øD- -•~ -

- - I I r I • - L 

F -~4-*-~—±~ - - ~~~~~~~~~~~~~ ~~~~~~ H - - ~ •H- II _ _

I 
• I T I

~~
;

1__
:_ _ t  I Lii

• — • 1 4 • -Q - - -

- 1 
- f •  • -

- -  --4  -- - r- • - -  - ~ e~- - -  .r 
~~~~~ 

F - I

• I~~~;~~~~—~~~~: , • 
-

- L. ~~~ — :  -- - • - *— i__. • - -
~~~~

_- - 44 - 
I 

• - - ~~~. l.a.. -

15: I ~~~ I1~1 I I - - 0
. 1  . - 

Lu
• I I • I 

- 
I

I -
~~~~

+- . - - r - W
-i
~~~~~~ ,~~

- + -
~~~~

I J -- - . e e -  -
•

- ~ . I .~ I • . I p . ._ I I~~~~ , ~~.I -
I - 0 O j r -  ~~~~ • 

• 
I

-~ 
I I

~~~~~~~~~~+~~~ I ~ .• I .. • 
.

•

-
f i

~~~~~~ 
~~~~~~~~~~~~~ 

N l
~ 1 I. - - - 

I 
-~

- I— —

~~~

--° ‘ ~~ 
— :— 

I 
I 

—

- - • - - .
~~~ •1~~~

-
~ 

‘
~~~~ - I • • t ~~ •

~~~~ 
-~ . :

- . 0- . . 0 -I 1 I -
~ 

— 

I I~~~~ 
I 

- 

-
‘ .L. I~~~~~~~~~0

L . J .~~~~~ 0 ~-o-  - - ‘ - oh--—

(O~~ 3 - W3)V — IN3WOW ~NIH31Id 1ViN3W3~J3NI O33flONI A009

94

- - - -  - ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ -~ ~~~;~~
- 

~~~~~~~~~~~~~~~~~



- —_---— —--_ - - .
— - ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~

results are attributed to body effects, then bounds upon the uncertainty
in aircraft performance estimates caused by the body geometric differences
can be established. Investigations included In these studies to define
the impact oi ~~ body interference uncertainties upon estimated aircraft
aerodynamic characteristics are sumarized in the following paragraphs.

According to slender body theory, body interference effects are
predominantly a function of the ratio of body radius and wi ng semi-span.
Using this ratio, the body effects upon aircraft trimed lift and drag
can be expressed in function form as;

C = C  +C LLTRIM L
~ T 

H

CD 
= CD (r/s, CL ~ + K(C L 

- k)2
TRIM u u T

where CL = 
~~

— CM (r/s , CLI T u U

CL is the untrimmed vehicle lift
U

CD is the untrimmed vehicle drag
u

CM Is the untrimed vehicle pitchin g moment
U

xT is the non—dimensional tail lever arm

K and k are constants defining the relationship between
lift and drag of the tail

Solving these functional relations permits the total change in trimmed
drag wi th respect to r/s for a fixed total vehicle lift to be expressed
as;

- ~ 
3C~~

dC ~C D I ~CD ~~ ~(r/s)D — u + ‘2K’ k’ U 
_ _ _ _ _ _ _

d(r/s) — 

~(r/sJ ‘ L.~. ‘ 
- 

3CLu i ~
xT~~~j

L 
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Drag differences between the wing camber configurations investigated
in the ARC and LRC test series are presented in Figure 53 for both 0.6
and 0.9 Mach number . Predictions based upon potential flow computations
are also shown in Figure 53. The Hess routine was used for the 0.6 Mach
number predictions and as previousl y indicated slender body theory was
used at 0.9 Mach number. The potent ic~ flow computations yield reason-
able predictions of the experimenta l trends but do not accuratel y
reproduce the magnitude of the experimenta l differences. Note that , for
all configurations , the body influence causes a reduction in wing drag.
The change in drag for a fixed untrimmed lift can be bounded by the

expression;

CDu 2
/ 

-~ 0.0223 + 0.2128 (C1 )
L w (B )

where CL is the wing lift coefficient in the presence
w(B) of the body .

Since wing drag can always be bounded by the product of lift and
effective angle of attack, expressing the angle of attack as the ratio
of the untri n~ned lift to the mini mum experimenta l lift curve slope allows
the change in drag with lift for a fixed body geometry to be bounded by;

DC0
— 0.3810 C

I
~
CLU 

— Lw( B)

The differences in wing pitching moments obtained in the ARC and LRC

test programs at 0.6 and 0.9 Mach number are shown in Figure 54. These

results again show that body effects are riot altered by changes in wing

leddi ng edge camber but that trailing edge camber variations have a strong

influence upon the magnitude of the body interference. As indicated

previ ously only the angle of attack variation of body interference on

wing pitching moment was estimated usin g slender body theory . This

variation is relatively insensi tive to camber configuration , consequentl y

- • onl y the prediction for configuration LU/TO is shown in the 0.9 Mach numbe r

comparisons. This predicted variation is seen to be in good agreement

wi th the experimental angle of attack variation. Since the Hess routine
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provides estima tes of the total body effect on wing pitching moment,
three separate camber configurations were examined at 0.6 Mach number
and are shown in Figure 54. Predictions obtained from the Hess program
do not appear to reproduce the trailing edge camber influence since the
experimental incremental pitching moment for configuration L6/Tll is
almost half that predicted for configuration L6/T15 whereas the amount
of camber is less than one quarter . Assuming body interference effects
upon pitching moment are proportional tc trailing edge camber, the rate
of change in pitching moment for constant untrimmed lift can be bounded
by;

3CM
3(r/s) < 0.0792 + 0.182 f C1 (

The rate of change of pitching moment with untrimed lift is
directly related to the distance between the wing aerodynamic center and
the moment reference. Examinations of the experimental wing stability
characteristics indicate that the change in pitching moment wi th
untrimmed lift is bounded by;

3CM L• —u < 0.04143CLu 
—

The body radius to wing semi-span ratio for the configuration
investigated in the LRC test series was approxima tely 0.15. The
corresponding dimension for the aircraft configuration considered in
Section 3.1 of this report is approxima tely 0.11. The uncertainties in
the LRC body interference effects along with this smaller body radius
would result in an overestimation of the body effects upon the wing drag
characteristics in the aircraft application. Using the aircraft geometric
and tail aerodynamic characteristics presented in Section 3 and the
above derivative bounds yields the expression for the error bound on the
aircraft drag estimates:

6C < 0.0008 + 0.0044 C + 0.0010 C0— LT Lw (B)
+ 0.0120 C C + 0.0128 C 2

L~ Lw (B) 1w (B)
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Aircraft trimed drag polars for wing camber configurations LO/TO,
L6/Tll , and L6/T15 obtained using the procedures discussed in Section 3
are presented in Figure 55 with this error bound to illustrate the impact
of the body interference uncertainties upon the basic comparisons of this
report. While these results show that the interference uncertainties
have a significant effect upon the aircraft trimmed drag characteristics ,
the ordering of wing camber configurations to minimize drag is not
affected. This same conclusion is also appl i cable to the other aircraft
maneuvering performance parameters desired in this program. Consequently,
while the aircraft drag predictions may be in error by as much as 10%,
buffet free maneuvering performance estimates obtained by using the LRC
test results wi thout body interference corrections would still provide
a valid indication of the potential benefits of the Vought variabl e camber
wing design concept.
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3.0 AIRCRA FT APPLICAT ION STUDIES

This report section presents the results from the investigations
conducted to define the improvements in aircraft buffet free transonic
maneuverability that may be achieved by use of the skewed hingel ine
variable camber wing design . These improvements were established from
comparisons of the predicted performance of a representative advanced
supersonic aircraft configuration incorporating this wing design concept
along wi th two fixed wing camber configurations. The fixed camber con-
figurations included in these studies correspond to an uncambered wing
and a wing with conical leading edge camber. Physical characteristics
for the aircraft configuration investigated in this program are defined
in Section 3.1. Predictions of the configuration aerodymamic character-
is~ics are discussed in Section 3.2 Estimated aircraft aerodynamic
characteristics in trimed flight are discussed in Section 3.3 along
with the performance predictions for the three aircraft configurations
at specific fl i ght conditions.

3.1 Aircraft Configuration Definitions
Design trade studies considering specific mission requirements

are normally performed to define aircraft configuration physical
characteristics. In the absence of a specific mission requirement
typical configuration results of past Vought trade studies were used .
To insure the maneuvering performance improvements predicted in these
studies were derived solely from differences in wi ng aerodynamics ,
only the camber geometry was varied in the analysis aircraft .

The capability for inflight variation of wing camber is expected
to be of greatest benefit to aircraft designs which include supersonic
mission requirements. The configuration devel oped in the Vought Light-
weight Fighter program included a supersonic flight design requirement.
Results from the trade studies performed in that program were used to
establish a representative supersonic aircraft configuration for
Investigation in these studies . The general arrangement, gross weight,
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center of gravity, tail area and volume coefficient and wi ng area
defined for this analysis configuration were assumed independent of
wing configuration and associated aerodynamic diff&ences.

Three wing configurations were included In these aircraft appl i-
cation studies. Two of the camber distri butions were assumed fixed and
corresponded to an uncambered wi ng and a wing with conical eading edge
camber. The third configuration represented the skewed hingeline
leading and trailing edge segmented flap variabl e camber wi ng concept.
The exposed wing planform and airfoil sections for these three wi ng
configurations were assumed to correspond to the Vought semi-span wing
model characteristics defined in Table 1. The uncambered wi ng configu-
ration , termed the basic wing , was used as a baseline configuration to
Illustrate the camber effects upon transonic performance. The fixed
con ical leadi ng edge camber configuration was chosen to be representativ e
of the camber distributions developed In the Vought Lightweight Fighter
and Advanced Navy Fighter design trade studies .

The pertinent physical characteristics of the aircraft configuration
established for these investigations are presented in Table 5. In
addition to these characteristics , an aircraft gross weight of 15 ,000
pounds and a center of gravity located at 24 percent of the theoretical
w ing mean geometric chord were assume d .

3.2 Configuration Aerodynamic Characteristics
The aerodynamic characteristics for the three aircraft configurations

were developed by combining the predicted contribution of the major

configuration components. The components considered in this approach
are indicated by the following basic analytical expressions used in
defining the configuration lift , drag , and pitchin g moment.

C = C  +~~C +~~C + CI L L ( )  I LW B  LTa$O ci O (WB)

C = C  +~~C +~~C +C +C
BV B W B a 0 (WB) 

I 
-

C = C  +~~C +~~C + C  +C

~so a 0 (WB)
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TABLE
ANALYSIS AIRCRAFT PHYSICAL CHARACTERISTICS

____ 

- Theoretical

Area, sq. ft. 295.0
Span, ft. 34.585
Aspect Ratio 4.055
Taper Ratio .3723
Sweepback of 1/4 chord line, deg. 30.43
Geometric twist, deg~ 0.0
Dihedral , deg. 0.0
Geometric wing incidence, relative to fuselage
reference l ine, deg. 0.0

Root chord , ft. 12.4335
Tip chord , ft. 4.62917
Mean geometric chord
(1) Length , ft. 9.1258
(2) Spanwise location from plane of syninetry, ft. 7.3297
(3) Loca tion of lead ing edge of MGC, fusela ge

station , ft. 23.6751
Airfoil section parallel to plane of symmetry
(1) At wing-fuselage junction NACA 65A005
(2) Wing tip NACA 65A004

Fusela ge

— Length , ft. 44.83
Width , ft. 3.80

Horizontal Stabilizer , Exposed

Area , sq. ft. 44.2679
Span, ft. 11.92
Aspect ratio 3.2097
Taper ratio .1921
Sweepback of 1/4 chord line , deg. 45
Mean geometr ic chord

(1) Length , ft. 4.28242
(2) Spanwise location from plane of symmetry, ft. 4.20674

Tail length from 25 percent theoretical wing MGC to
25 percent horizontal tail exposed MGC, ft. 12.8958

Ta ll volume coefficient (I1 12.8958) .212
Max imum Deflec tions, deg.

(1) Lead ing edge up 6.75
(2) LeadIng edge down 26.5

Airfoil section
(1) Root NACA 65A005
(2) Tip NACA 65A004 

-~~~ ~~~- - - --- 
__ _ :___~~
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TABLE 5 (Continued )
ANALYSIS AIRCRAFT PHYSICAL CHARACTERISTI CS

Vertical Stabilizer , Exposed
- Area , ft. 87.23

Span , ft. 10.77
- 

Aspect ratio 1.33
Taper ratio .30
Sweepback of leading edge, deg . 50

1fl5
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where the subscripts denote
BV Isolated body-vertical tall coefficients
B(W) 

~o 
Body coefficient va l ues resulting from wi ng induced interferencea loading at angle of attack

8(W ) =0 Incremental body coefficient values resulting from wing induceda interference loading at zero angle of attack
W(B) Exposed wing panel coefficients including the interference

Induced by the body
Tail coefficient values including the interference loading
induced by both the wing and body

It should be noted that the coefficients indicated in these equations
as well as all other force and moment coefficients discussed in this
report section are non-dimensionalized by the analysis aircraft theo-
retical wing area and mean geometric chord with the moments referenced
to the analysis aircraft center of gravity . Methods used to estimate
the aerodynamic characteristics for the individual configuration
components indicated in these equations are detailed in the following
paragraphs.

Predicted Fuselage-Vertical Aerodynamics
As indicated above, the fuselage and vertical tail contribution

to the total configuration aerodynamics was assumed to be composed of
two parts; the contribution of the isolated fuselage/vertical tail
configuration and the fuselage loading induced by wing interferences.
Experimental results , Reference 16, obtained from design devel opment
wind tunnel tests conducted in support of the Vought Advanced Navy
Aircraft design program were used to establish the i solated fuselage!
vertical tail aerodynamic characteristics. These test results show
that the isolated fuselage/vertical tail configuration produces no lift
at zero angle of attack. These data also Indicate the fuselage/vertical
tail lift and pitching moment vary linearly wi th angle of attack for
angles less than 10 degrees. The isolated fuselage aerodynamic center
predicted from these data was located at approximately 11 percent of
the fuselage length at both 0.6 and 0.9 Mach number . Consequently, for

the present studies , the fuselage aerodynamic center was l ocated forwar d
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of the aircraft center of gravity a distance equal to 2.3196 times the
theoretical wing mean geometric chord. Examinations of the Reference
16 test data indicate the fuselage/vertical tail contribution to the
aircraftlift , drag and pitching moment are analytically represented by:

C C a
aBV

CM 
= CD + 2.3196 C

BV °BV 
LBV

CD = C D + C L
2 6CDBV 0BV BV .~ —2

LBV

The specific values for the parameters indicated in these equations were
established from the Reference 16 test resul ts and are presented in
Table 6.

Since the test results contained in Reference 16 were obtained at
Reynolds numbers different from those corresponding to the free flight
conditions considered in these studies , the isolated fuselage/vertical
tail configuration drag at zero lift was analytically estimated from:

C = 1.1 C C
BV ¶

where Cf is the incompressible flat plate skin friction drag coefficient
for fully turbulent flow

C is the compressibility correction for turbulent flat plate
skin friction drag defined in Reference 18. [C1 = l-O.9M I

The constant factor , L i , in this drag estimation was included as an
approximation of the fuselage/vertical tall base and pressure drag
effects. Predicted values of CD obtained using this relation for the
flight conditions considered tn 0BV these studies are presented in
Table 6.

The methods of Reference 12, which are based upon slender body
theory, were used to predict the fuselage lift induced by wi ng Inter-
ference. In this approach , the fuselage lift is proportional to the
lift produced by the isolated wing. The constant of proportionality ,
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(Interference factor) , is a function of the ratio of body radius and
wing semi-span. Wing influences upon the fuselage lift characteristi cs
defined in Reference 12 involve two effects: the interference lift
induced at zero angle of attack,and the additional lift at non-zero
angles . As di scusse d ear li er , Reference 12 also provides estimates of
the wing lift in the presence of a body in terms of the isolated wing
lift. Thus , by proper substitution , the wing induced fuselage lift can
be expressed in terms of the wing lift in the presence of the fuselage .
This substitution along with the interference factors determined from
Reference 12 were used to establish analytical expressions of the fuse-
lage lift induced by the wing interference:

= 0.117 CLB(W) 1-W(B)
a 0 a 0

= 0.1422 ~CLB(W ) ________
cu 10 o c t  ~

The incremental fuselage pitching moments induced by wing inter-
ference effects were determined from the computed lift increments and
the predicted center of pressure of the interference loading. The
methods of Reference 20 were used to establish the interference loading
center of pressure. This method defines the interference loading center
of pressure as a function of Mach number. For the 0.6 Mach number
condition , the predicted center of pressure was located forward of the
aircraft center of gravity a distance equal to 17.21 percent of the
theoretical wing mean geometric chord . The center of pressure location 

- 

-

was also predicted to be forward of the center of gravity at 0.9 Mach
number although the corresponding distance was reduced to 14.5 percent
of the mean chord .

The fuselage incremental drag induced by the wing interference
also involves an effect at zero angle of attack and an effect at non-
zero angles. At zero angle of attack , this incremental drag is a
function of the wing induced changes in the fuselage pressures and
the corresponding local surface inclination relative ~o the body axis.
Since the fuselage surface slopes in the vicinity of the wi ng Thr

• :~~~~~~~~~~_
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typical aircraft configurations are relatively small , the incremental
drag at zero angle of attack would also be expected to be small.
Prediction of this effect requires a detailed configuration geometric
definition which is beyond the scope of the present studies , consequently,
the incremental drag at zero angle of attack was assumed negligible for
the present studies. The wing induced fuselage drag at angle of attack ,
however , involves a component of the induced normal force that is not
smal l or neglectable. For these investigations , the induced drag at
angle of attack was estimated as the product of the wing induced lift
and the angle of attack. Thus , the total contribution of the wing in-
duced fuselage loading to the analysis aircraft drag characteristics
were predicted from the following relations:

= 00B(W)
c u O

= [~c +A C
L 

L~~6~ Lw (B)
cu~0 ci=0 cz~0

Predicted Horizontal Tail Aerodynamics
Wind tunnel test results obtained for the Vought Advanced Navy

Fighter design program , Reference 17 , were used to establish the aero-
dynamic characteristics of the analysis aircraft horizontal tail con-
figuration. The aspect ratio and taper ratio of the horizontal tail
model investigated in that test series correspond to the tail configu-
ration considered in these studies. The geometric relationship between
the wing and tail of this model , however , differs from the relationshi p
for the aircraft configuration defined in Table 5. The ratio of the
model tail area and wing area in the test was 0.13 and the tail volume
coefficient was o.l733. Empirical charts contained in Reference 20

• were used to evaluate the effect of these configuration differences
upon the downwash at the horizontal tail location . Results from these
Investigations indicate these differences would induce less than one
percent variation in the rate of change In tail downwash with angle of
attack. Downwash differences of this magnitude would be expected to
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have negligible effect upon the tail lift and drag characterist ~~s and ,
consequently, the Reference 16 test data have been used in these studies

without downwash corrections.
In order to facilitate the aircraft balance computations of this

program , the horizontal tail contribution to the total aircraft configu-
ration drag and pitching moment characteristi cs were cesired in terms
of the tail lift. Analysis of the Reference 17 test results indicate
the tail lift , drag, and pitching moment characteristics are related by
the following expressions:

C = C  1MT(W B ) LT(WB) ~~~C
CD = CD + K1 [C — 1(

2
1

2

T (W B )  °
T 

LT(WB )

where 1T is the horizontal tail aerodynamic moment arm
c

K1 is a measure of the tail efficiency

is the tail lift coefficient corresponding to minimum
tai l  drag

CD is the tail minimum drag coefficient
0T

The ta il induced drag characteristics indicated by the above equation

were esta blished from experimental results involving four different

tail incidence settings and wing configurations with camber distributions

comparable to those included in the present studies .
The horizontal tail aerodynami c moment arm differs from the geometric

distance between the aircraft center of gravity and the predicted tail
aerodynamic center location primarily due to the inclination of the tail
l ift vector. The analysis aircraft tail aerodynamic moment arm was

predicted assumin g an aircraft aerodynamic and geometric tail moment
arm ratio equal to that defined by the Reference 17 test results . The
values of the tail aerodynamic moment arm as well as the constants , K 1
and K2, relating tail lift and drag predicted from the Reference 16
experimental data are presented in Table 7.
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The horizontal tail minimum drag coefficient was predicted from
flat plate skin friction drag estimates using the relation previously
defined in the discussion of the fuselage /vertical tail drag predictions.
Horizontal tail minimum drag coefficients predicted for the fl ight
altitude and Mach number conditions considered in these studies are
listed in Table 7.

Predicted Wing Aerodynamics
The experimental results obtained from wind tunnel tests of the

Vought semi-span wing model , Reference 1, were used to establish the
aerodynami c characteristics of the three analysis aircraft w i ng con-
figurations. The basic (uncamber ed ) wing characteristics were estimated
from the data obtained for configuration LO/TO defined in Table 2. Tes t
results obtained for configuration L6/T0 were used to define the aero-
dynamic characteristics for the wing configuration involvin g fixed

leading edge camber . The camber distribution of configuration L6/T0

closel y approximates the conical distrib utions developed in the Vought

Li ghtweight Fi ghter and Advanced Navy Fighter design trade studies .

This distribution also approximates the conical camber distribution

defined from Reference 19 for a design lift coefficient of 0.50 at 1.0
Mach number. The variable camber wing aerodynamic characteristics
were developed assuming a camber variat ion capability compatible with

the fixed wing camber confi gurations inves tigated in the Reference 1

test series and defined in Table 2.

As discussed previously, the Reference 1 tests of the Vought semi-
span win g were conducted with the model mounted on the tunnel wall
using a non-metric body as a support fairing. Investigations of the
influence of this body upon the wing test data were discussed in
Section 2.3. Results from these investigations have shown the influences
of this body upon the wing force characteristics generally agree with
the trends predicted from potential flow theory . However , the ex per i-
mentall y defined body induced force increments did not agree wi th

magnitudes Indicated from the analytical predictions. Also the available
experimental results indicated a larger variation in the body effects
with changes In wing camber than the analytical predictions . This
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variation in body interference with wing camber was considered more
significant to the present studies than the potential analysis errors
discussed in Section 2.3 incurred by neglecting the geometric differ-

ences between the test body and anal ysis aircraft fuselage. Consequently,

the win g l i tt , d rag and pitching moment data from Reference 1 have been

used in these aircraft application studies without body interference

corrections. The incremental drag corrections due to Reynolds number

effects , defined in Section 2.2 , were used in conjunction with the test
data to estimate the wing drag characteristics in full scale f l ight.
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TABLE 6
PREDICTED ISOLATED FUSELAGE/VERT !CAL

TAIL AEROD YNAM IC CHARA CTER ISTICS

M ALTITUDE C C oC C
aBV °BV ~t 2 °BV

per degree per degree LBV

.6 20 ,000 .0019 - .00584 10.085 .0053
30,000 II SI .0057

.9 20 ,000 .0017 - .0e66 8.3759 .0048
30,000 II II I, .0048

TABLE 7
PREDICTED HORIZONTA L TAIL
AERODYNAMIC CHARACTERISTICS

MACH ALTITUDE (1 1/E) C0 K1 K2NUMBER FEET AERO MOMENT 01
ARM

.6 20,000 -1.2296 .00096 1.0098 .01335
30 ,000 .00099 II S I

.9 20,000 -1.3847 .00083 1.1 375 .01224

30,000 11 .00087 U II
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3.3 Ai rcraft Perfromance Comparisons
Trimmed Flight Predictions

The predicted aerodynami c characteristics for the configuration
components discussed in the previous section were used to define trimmed
lift curves and drag polars for the three analysis aircraft configura-
ti ons at Mac h numbers of 0.6 and 0.9 and altitudes of 20 ,000 and 30 ,000
feet. For the basic wing and fixed wing camber configurations , these
r omputations were accomplished in a straightforward manner. The tail
lift required to trim was determined as a function of angle of attack
from the basic equation defining the configuration pitching moments.
This lift and associa ted tail drag were then combined with the wing and

fuselage lift and drag predictions to establish the total configuration
trimmed lift and drag variation with an gle of a t tack .

Definition of the trimmed flight aerodynamics for the variable
camber wing configuration was more complicated since the “optimum ’

camber schedule wi th angle of attack was not known a priori . For t hese
studies ‘ optimized ’ camber schedules were defined to sat isf y two separate
design objectives: (1) minimize configuration drag , and (2) minimize
confi guration drag maintaining buffet-free lift . Although it is

recogn i zed tha t s t ruc tura l , actuation , and various other considerations

would also influence the camber scheduling in an actual aircraft design ,

such considerations were not included in these studies. Thus , two
different camber schedules were considered for the variable camber

a i rcra ft confi gu ra t ion ; one w i th an d t he other w i thout  cons id era ti on of
ca mber i n fluences u pon t he win g buf fe t onset an gles of a t tac k.

Both variaL ile camber wing camber schedules were established by
correlation of the aircraft trimmed lift and drag characteristics

computed for each of the wing camber configurations investigated in
Reference 1 and l isted in Table 2. Trimmed lift curves and drag polars

for these eleven camber configuration were developed using the same
procedures as described for the basic and fixed wing camber configura-
tions. Computed trimmed characteristics for these aircraft wing camber
configurations for flight Mach numbers of 0 .6 and 0.9 and an altitude
of 30,000 feet are presented in App endix B. Similar predictions for
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an altitude of 20,000 feet are different only by a constant increment
in the zero lift drag and , therefore, have not been shown . Buffet
onset conditions for each aircraft/wing camber configuration are also
indicated on the Appendix B figures. These conditions correspond to
the angles of attack defined from analyses of the Reference 1 experi-
mental data using the methods discussed in Section 2.1.

Trimmed flight drag polars for the wi ng camber distributions deter-
mined to satisfy the minimum drag camber schedule criteria at 0.6 Mach
number and 30,000 feet are shown in Figure 56. As would be expected ,
this schedule is seen to orig inate with the uncambered wing configuration ,
LO/TO. At a trimmed lift coefficient of approximately 0.15, the leading
edge camber configuration , L24/T0, becomes the “optimum ” camber distri-
bution subsequently transitioning to L6/T10 and eventually to L6/Tl 5
at the higher lift levels.

The predicted characteristics shown in Figure 56 indicate the
leading edge camber is an effective means for improving the aircraft
trimmed flight performance at low to moderate lift levels; whereas
trailing edge camber is indicated to be a detriment at these conditions.
However, at the higher lift l evels , these results indicate trailing
edge camber is needed to reduce the aircraft trimmed flight drag levels.
These same characteristics were observed in previous analyses of the
Reference 1 wing test data and thus , are directly attributabl e to wing
aerodynamic characteristics. It is of interest to note that , of the
wing configurations investigated in Reference 1 , the L24 /TO configuration
camber distribution also yielded the greatest wing lift to drag ratio

at this Mach number.
The drag polars developed for the basic wing , fixed wing camber

and variable wing camber aircraft configurations at the 0.6 Mach number
and 30,000 feet flight conditions are illustrated in Figure 57. The
estimated aircraft trimed lift coefficient corresponding to onset of
wing buffet is also noted for each configuration. An interesting
development from the investigations at this Mach number is implied in
this figure. The camber schedule for minimum configuration drag is
identical to the camber schedule predicted to yield minimum drag but
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buffet free lift. The maximum buffet free lift coefficient of 0.74
observed for the variable wing camber configuration corresponds to
the maximum value predicted from the wing experimental data available
at this Mach number. These results show that aircraft wing configurations
with either fixed camber or an infl ight variable camber capability pro-
duce significant reductions in the aircraft drag for lift levels corres-
ponding to maneuvering flight as well as significantly increasing the
buffet—free flight capability . However, as observed from Figure 57,
the capability for inflight variation of wing camber i nduces appreciably
greater changes in the analysis aircraft drag and buffet onset character-
istics. Specifically, the buffet onset lift coefficient for the variable
wing camber configuration is 95 percent greater than the basic wing
whereas the fixed wing camber configuration is only 37 percent greater .
Al so at the maximum buffet free lift coefficient for the fixed wing
configuration , the variable camber capability results in approximately
50 percent greater reduction of the aircraft drag.

Trimed flight drag polars for the wing camber distri butions

predicted to satisfy the minimum drag camber schedule criteria at 0.9

Mach number and 30,000 feet are shown in Figure 58. The same configura-

tions are also applicable at 20,000 feet since as previously indicated
the drag estimates for the two altitudes differ by a constant increment.
The camber schedule corresponding to minimum configuration drag for this
Mach number is observed to be similar to that predicted for the 0.6 Mach
number condition, initially, the uncambered wing , 10/ TO , yields the
minimum drag but as observed at 0.6 Mach number for increases in
trimmed lift fi rst leading edge and subsequently, trailing edge camber H
distributions yield lower levels of drag. A Mach number influence on
the camber schedule for minimum drag is also indicated in these results
since the “optimum ” leading edge camber at this Mach number differs from
that predicted at 0.6 Mach number and an additional trailing edge
camber configuration is included in the camber schedule. Contrary to
the effect observed at 0.6 Mach number , the l eading edge camber included
in the schedule at 0.9 Mach number differs from the camber distribution
which yielded the largest wing lift to drag ratio at corresponding lift
levees . The aircraft drag l evels for configuration L6/TO and the

_ 
_ _ _ _  _ _ _ _ _ _ _ _  - - -



_ _ _ _ _ _ _ _ _

_ 
_

_ _  — — — H—---~
-—

~~- c-—-- 
~~~H . ‘ . - 

I 

~n-- -
- I- O•’ 

•

_ _  _ _  - - - LU ~~~~~ I -
____ - t —— I — —  —-

- J  I - - I L&_ II -
_ - - - I- ‘ I  —--

~
-
~~

- - I  
~~~~~~~~~

_  ~~~~~~~~~~

- -  

I
- 

I 
- I 

L. _ _ _  

Cs,’

~~~~~ a~~~’’ r - 
-

- - 

~~~~ ~~~~\ I \ $ :1 ~~~~~ 
- -

~~~ ~~~~~~~~~ 
~~~~~~~~~~~~~~ ~~~~~~~~~

_---- - -—-—-- - - -
~~~~~

-- —- ---

• I 
• 

I

- - - 

I ~~~~~~~ itL I - - --

__ _ i t_ 
1-

~~~~~~~~~~~~~~~~~ 

t
’
~

_ 
—

_

- 

-
~~~~~~~~~~~~~~~~~~~~~~~~~~

-
~~~~~~

-- -  

I • 

-- - - H ~~~~~~~~~

- 

~~~~~~~~~~~~~~~~~~~~~~~~~~~~ 
_J -~~~~~~• ~oo - •

-J -J

- 
I 

I 
- — -0 —— ——

a

-  - -

;— - ._J + T ~~ 
- —  

- ---- -- - -- +- - - - -I

— i  - I  _
— •

119 

- 
~~~~~~~~~~~~~~~~~~~~~~~ 

- -



distr i bution yielding the maximum wing lift to drag ratio , c o n f i g u r a t i o n
L5/T0 , shown in Appendix B are small, and thus impl i es that wing test pro-
grams such as Reference 1 can be used directly to evaluate l eading edge
camber improvements . However , this is not the case for trailing edge
camber variations due to the resulting large changes in wing pitching
characteristics.

Conditions for onset of wing buffe t are also indicated on the drag
polars shown in Figure 58. As can be observed from these buffet condi-
t i ons , the camber schedules for the buffet free lift-min imum drag and the

minimum drag design cri teria must be different at this Mach number. The

required differences involve the variation of camber introduction wi th
angle of attack. For the maximum buffet free lift , camber mus t  be intro-

duced in a manner to obtain increases in lift coefficient above 0.39 with
ang le of attack remaining constant at approximately 3 degrees. For the
camber schedule m i n i m i z i n g  confi gura t ion  drag both camber and angle  of at-
tack vary up to an angle of approximately 7 degrees. The buffet free lift-

m inimum drag camber schedule at this Mach number was determined from the

trimmed aircraft drag polars shown in Fi gure 59. The LO/TO wing camber
distributions yield buffet free minimum configuration drag up to a lift
coefficient of approximately 0.31. Above this lift leve l , a camber sche-
d u l e , and thus the trimmed drag polar , was developed from the results pre-
dicted for the four available trailing edge camber configurations . As

can be observed , it was assumed that a camber schedule could be esta-
blished which would yield a continuous buffet free drag variation. Since

the trailing edge camber distributions for configurations L6/Tll , L6/Tl ,

and L6 /TlO represent proportional increases in camber , th is assumption
is considered justif ied .

The 0.9 Mach number /30 ,000 feet altitude predicted drag polars
for the basic wing and fixed wing camber configurations are shown in
Figure 60 along with the two drag polars developed for the variable
camber wing configuration . As indicated , initial wing buffet for the
basic and fixed wing camber configurations is predicted to occur at a
trimmed lift corfficient of 0.31 . Buffet onset Is delayed to a higher
lift level for both variable camber wing camber schedules . For the
minimum drag camber schedule buffet onset occurs at approximately 0.39
trimed lift coefficient while the maximum buffet free camber schedule
delays buffet to a lift coefficient of 0.5. Thus , the capability for
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infl i ght variation of wi ng camber at this Mach number provides a 25
percent increase in the wi ng buffet onset lift coefficient wi thout
degrading the configuration drag characteristics. However , to achieve
the maximum increase in buffet free lift , the configuration trimed
drag characteristics must be allowed to increase. The choice of the
particular camber schedule incorporated in an actual aircraft appl i-
cation would be expected to also include consideration of the buffet
intensity variations once buffet is encountered . Data available for
these studies , however, do not permi t an assessment of this effect and
consequently both camber schedules at this Mach number were included
in the aircraft performance estimates.

Buffet Free Maneuvering Performance
The trimmed flight drag polars discussed in the above paragraphs

were used to predict the improvements in aircraft buffet free maneuver-
ability derivable from use of the skewed hingeline variabl e camber wing
design concept . Performance data were predicted for each of the three
analysis aircraft configurations at Mach numbers of 0.6 and 0.9 and
a l t i t u d e s  of 20 ,000 and 30,000 feet. The specific performance parameters
Included in the studies were: maximun sustained buffet free load factor ,
minimum buffet free turn radius and the var iation in the thrust required

with aircraft sustained load factor.
Performance data for the basic wing and fixed wing camber aircraft

configurations were developed using a common (baseline) gross weight of
15,000 pounds. Data for the variable camber wing configuration were
defined for a range of aircraft gross weight to illustrate the effects
of the necessary weight increase associated with incorporation of
variable camber hardware . Preliminary design trade studies conducted
prior to this program Indicate the ~~rcraft gross welq’t increase
associated with incorporation of the variable camber wing design should
be less than 5 percent of the baseline aircraft gross weight. Based
upon these results , performance data for the variabl e camber wing
configuration were c3mputed for the basel ’np qross weight as well as for
weight penalties of 500 and 1000 pounds.
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The predicted maximum sustained buffet free load factors for the
three analysis configurations at altitudes of 20,000 and 30,000 feet and
Mach numbers of 0.6 and 0.9 are presented in Figures 61 and 62,
respectively. Consistent with the results observed from the aircraft
trimmed drag polars , both the fixed camber and variable camber wing
configurations provide sustained buffet free load factors in excess of
that for the basic wing at 0.6 Mach number , Figure 6 1. At 0.9 Mach
number , however , aircraft buffet free load factors improvements are
obtained only from the variable camber configuration . The sustained
buffet free load factor for all three configurations are observed to be
dependent upon Mach number with the higher values obtained at 0.9 Mach
number . This characteristic is not unexpected since the predicted wing

lift coefficients for buffet onset are reduced by less than 50 percent
for changes in Mach number from 0.6 to 0.9 while dynamic pressure is
increased by more than a factor of two. Past experience as well as the
program investigations discussed in Section 2.2 indicate the configura-
tions yielding improved buffet characteristics in the wind tunnel tests
should also yield improved characteristics inflight. In this aircraft
application , the improvements derived f,- om the variable camber wing
design correspond to an increase in buffet free sustained load factor
of approximately 60 percent a~ both altitudes for a Mach number of 0.9.
For the 0.6 Mach number condition s the potential improvements derivable
from the variable camber capabili ty result in approximately a 90 percent
increa re over the load factor predicted for the fixed wing camber con-

f igur 1tion even wi th the associated increase in a ircraf t we ight .
rhe benefits of the variable camber capability upon the aircraft

buffet free minimum equilibrium turn radius for the two Mach numbers
and altitude conditions are shown in Figures 63 and 64. Since maneuver-
ing turn radius is a function of the sustained load factor , the configu-
ration turn radius comparisons exhibit characteristics similar to
sustained load factor comparisons. The variable camber wing configura-
tion predicted buffet free equilibrium turn radius Is predicted to
be 40 percent less than the basic wing at 0.9 Mach number and approxi-
mately 60 percent less at 0.6 Mach number. Changes in altitude and
the variable camber wing weight penalties have little influence upon
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these predicted improvements. At 0.6 Mach number , the predicted turn
radius for the variable camber is also approximately 40 percent less
than the corresponding prediction for the fixed wing camber configura-
tion.

The sustained maneuverability improvements indicated in Figures 61
through 64 are primarily a reflection of the predicted increases in
aircraft trimed lift coefficient for onset of wing buffet. Variations
in the aircraft drag characteristics have a negligibly small impact
upon these results since the analysis aircraft thrust was assumed
aligned with the fuselage centerline and the predicted aircraft angles
of attack for buffet onset are small. Variations in the aircraft thrust
requirements with sustained load factor were developed to illustrate
the benefits of variable wing camber for maneuvering conditions prior
to wing buffet. Predictions of the thrust required for variations of
the aircraft sustained load factor are presented in Figures 65 and 66
for the two Mach number flight condttions. Predicted thrust requirements
presented in these figures were computed for the baseline aircraft gross
weight. While the thrust characteristics for a specific engine have not
been included in the studies of this program , these estimated sustained
maneuver thrust levels are within the capabilities of current technology
engines .

As would be expected from the predicted 0.6 Mach number drag polars ,
Figu re 57, less thrust is required for the variable camber wing configu-

ration for all l evels of sustained maneuvers . At 0.9 Mach number ,
however , the wing camber schedule for maximum buffet free lift imposes
a thrust requirement exceeding that predicted for the basic and fixed
wing camber configurations. Consequently, the maximum buffet free lift
car7!ber schedule at 0.9 Mach number requires the degradation of one
performance parameter , thrust required , in order to obtain maximum
improvement in another parameter. The camber schedule developed for

the minimum drag design criteria offers a compromise to this tradeoff
of variable camber wing performance characteristics. As noted on
Figure 66, the variabl e camber configuration thrust requirements for
the minimu m drag camber schedul e are less than those of the basic and
fixed wing camber configurations for all load factors above approxima tely
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2.8. Thus , by reducing the maximum buffet free load factor by approxi-
mately 1.0, the variable camber configuration would obtain higher load
factors for all l evels of available thrust. As indicated earlier ,
the desirability of this alternate camber schedule would be influenced
by the buffet intensity considerations as wel l as available thrust
limitations .

Effects of the variabl e camber wing hardware weight upon the thrust
required for sustained maneuvers are shown in Figures 67 through 69.
In these figures , the incremental differences from the thrust predictions
for the basic wing configuration are presented as a function of sustained
load factor. For th~ 0.6 Mach number flight conditions , Figure 67, the
variable camber wing configuration with a 1000 pound weight increase is
observed to yield approximately the same thrust reduction as the fixed
wing camber configuration . This being achieved while the buffet free
sustained load factor is increased by approximately 60 percent as shown
in Figure 61. Variable camber system weight effects at the 0.9 Mach
number condition are shown only for the minimum drag camber schedule.
System weight effects for the buffet free lift -minimum drag camber
schedule are identical to these presented in Figures 68 and 69 for
loads below buffet onset. Above onset, consistent wi th the drag
characteristics shown in Figure 60, thrust reductions for the maximum
buffet free camber schedule are less than shown in Figure 60 and cor-
respond to an increase in the thrust requirements at the higher load
factors. At the 20,000 feet analysis altitude condition , Figure 68,
a system weight increase of approximately 100 pounds yields approximately
the same thrust reduction as the fixed wing camber configuration for
load factors below buffet onset. For load factors subsequent to the
predicted onset of wing buffet, a weight increase of 500 pounds yields
comparable thrust reductions. Comparabl e thrust reductions are also
observed for a 500 pound system weight at the 30,000 feet condition
shown in Figure 69. The system weight effects shown in these figures
indicate a strong influence upon the thrust required for maneuvering
which would be a significant design consideration in aircraft applica-
tions with limited thrust capabilities.
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4.0 CONCLUSIONS AND RECOMMENDATIONS

Conclusions drawn from the studies conducted In this program are
sunriarized as follows :

(1) The type of flow separations precipitating buffet onset for this
variable camber wing design are different at 0.6 and 0.9 Mach
numbers. At 0.6 Mach number, buffet results from leading edge type
flow separations while at 0.9 Mach number buffet Is initiated by
shock induced flow separations . Since these types of flow separa-
tion are relatively insensiti ve to Reynol ds number effects, the
buffet onset conditions established from the wind tunnel test data
are valid representations of the wing flight buffet characteristics.

(2) Wing leading edge camber variations provide a means for increasing
the angle-of-attack corresponding to buffet onset at 0.~ Mach number
but have negligible effect at 0.9 Mach number. Trailing edge camber
variations produce negligibly small changes in the wing buffet onset
angles-of-attack at both 0.6 and 0.9 mach number. These cam ber
variation effects upon the wing buffet onset angle-of-attack have
shown that leading edge camber vari ations can be utilized to increase
the wing buffet onset lift coefficient at (1 •~ Mach number but not at
0.9 Mach number. Variations in trailing edge camber , however , pro-
vides an effective means for increasing the wing buffet onset lift
coefficient at both Mach numbers .

(3) A firm assessment of the validity of the body Interference effects
upon wing force characteristics obtained from potential flow methods
was not possibl e in these studies due to suspected experimental data
errors discussed in Section 2.3. The predicted body induced wing
forces reflect the same general trend with angle-of-attack as observed
from the experimental results . Predicted variations In the body inter-
ference effects due to changes in wing camber were found to differ
significantly from the magnitudes indicated from the available test
data . Body induced changes to the wing flow fiel d were determined
to have a negligible Impact upon the conditions for onset of wing
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(4) From the trimed flight drag polars for the aircraft configurations
considered in these studies , Figures 57 and 60, it Is apparent that
inflight variations of wing camber improves aircraft performance
at transonic flight conditions . Even with a conservative 1000 pound
estimate of the aircraft weight increase due to incorporation of the
variabl e camber capability , buffet free sustained load factors 50
to 60 percent greater than those obtained for aircraft configurations
wi th an uncanthered and a fixed cambered wing were obtained . Conse-
quently, aircraft wi th mission requirements for substantial buffet
free lift coefficients at transonic speeds will derive the most
benefit from the Vought variable camber wing design concept.

(5) The principal advantage of this variable camber wing at ~.9 Mach
number is the improvement in the wing buffet onset lift coefficient.
As shown in Figure 60, achievement of the greatest buffet free lift
improvement requires that trinred fl ight drag levels must be increased
above the minimum obtainabl e levels. Consequently, definition of the
optimum camber scheduling in a particular aircraft application requires
consideration of the available thrust levels. Thrust requirements
defined for the representative aircraft applications of this program
are wi thin the thrust to weight range of current technology engines
and , thus , the buffet free performance benefi ts offered by this
vari able camber wing design should be obtainable.

Results from the investigations of this program indicate this variable
camber wing design provides a means for improving aircraft transonic buffet
free maneuverability without adverse aerodynamic effects at other fli ght
conditions . Based upon these encouraging results , the following areas of
investigation are recomended to further investIgate this wing concept:

(1) The buffet onset analyses of this program , fol lowing the methods of
Mabey, Reference 2, tacitly assume that the contours of lift
coefficient versus Mach number for a given buffet intensity level are
approximately parallel to the contours for onset of buffet.
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Verification of this variation in buffet intensity subsequent to
onset does not appear feasible with the presently available test
data. Since in a combat environment , an aircraft can be expected
to be flown at least to the maximum buffet intensity which permits
satisfactory target tracking , veri fication of this buffet intensity
variation Is an area when further tests results are needed .

(2) Results obtained in this study indicate that the an~jle-of-attack
conditions for buffet onset are not altered by wing camber vari a-
tions at 0.9 Mach number. Additional analytical and experimental
studies are reconinended to investigate feasibility of increasing
the wing buffet onset lift coefficient through use of lessor
magnitudes of leading edge camber and/or ful l span trailing edge
camber var i ations.
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