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Preface

Ji A major problem confronting some modern fighter-type aircraft
is the loss of control due to roll-pitch inertial coupling.
Some of the aircraft have flight control systems which, when
the aircraft is performing a roll, sense pitchup and therefore
command nose down stabilator to saturation. When this occurs
the aircraft loses control. The Air Force Flight Dynamics
Laboratory at W.P.,A.F.B. is interested in the analysis of
a statically unstable fighter-type aircraft flying at high
angles of attack. Of particular interest is a comparison
between body axis rolls and velocity axis rolls and a possible

method of analyzing the problem of uncontrollability due to

the flight control system.

I wish to thank my thesis advisor, Dr. John D'Azzo of
the Department of Electrical Engineering of the Air Force
Institute of Technology, for his overall guidance throughout
my thesis. I also wish to thank Captain J. Gary Reid of the
Department of Electrical Engineering of the Air Force Institute
of Technology for his help in the development of the nonlinear
equation solver. A special thanks is due to Captain James
Silverthorn of the Department of Aeronautics and Astronautics
of the Air Force Institute of Technology for his patience
and timely efforts in helping me to develop a working linearized

model of the aircraft.
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Abstract
A linearized model of a fighter-type aircraft with significant
roll-pitch inertial coupling, including its full flight control
system,is required in order to conduct a comparative analysis

between body axis rolls and velocity (stability) axis rolls.

The stability of the aircraft is checked at various roll
rates for both body axis and velocity axis rolls. This is
done by examining the signs of the eigenvalues of the linearized
model-positive for unstable and negative for stable. It is
found that at various angles of attack the velocity axis rolls
prove to be at least as stable and, in most cases, more stable
than body axis rolls. The stability is also observable for
various combinations of flight control systems.

In developing a nonlinear coupled equation solver, a
single equation with known solutions is considered first.
This is done to show a simplified version of what the nonlinear
program is required to do. Next, a pair of nonlinear coupled
equations is analyzed. The development of the program for
the single equation case proves to be successful, but certain
problems arise when working with a pair of coupled equations.
This thesis provides a good foothold on a method of analysis
known as Bifurcation Analysis and Catastrophe Theory which
can be used to solve the nonlinear coupled aircraft equations.

This thesis presents some of the problem which could be encountered.
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INVESTIGATION OF ROLL PERFORMANCE FOR A HIGHLY NONLINEAR

STATICALLY UNSTABLE FIGHTER-TYPE AIRCRAFT

I. Introduction

Background
As the design of fighter-type aircraft moves toward that

of smaller and thinner wings, the nonlinear aspects play an
increasing role in the performance of the aircraft and thus
add to the stability problem. The equations of motion of

an aircraft (Ref 1:11) are

Il = EIX © RI, ¢ QR(I,-T)- PQ T, (1.1)
M = éry ¢ PR(I-T,) + (PE-RP)I (1.2)
IN = ﬁrz . ;Jx: + PQUI,-T) + QR T, (1.3)
IF, * m(V+WQ-VR) (1.4)
IR, m(V+UR-WP) (1.5)
IF, = m (NaVP-UQ) (1.6)

It can be seen that for aircraft with larger wings, giving a
more evenly distributed mass over the wing and fuselage, the
moments of inertia (IX.IV, and I:) are essentfally equal to
each other and the produét of inertia (Jx:) is considered
insignificant, This de-couples the six equations into three
longitudinal and three lateral-directional equations,

In some fighters, the weight distribution is primarily

in the fuselage since the wings are small and thin, thus,

the differences in the moments of inertia in equations
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1.1 thru 1.3 are sufficiently large and they cannot be

neglected. These differences produce what is known as
inertial cross-coupling. If a rolling moment is introduced
this results in some yawing moment, and the term PR(IX-IZ)
may become large enough to cause an uncontrollable pitching
moment (Ref 1:183).

Another important coupling term is the product of inertia,

J which appears in equations 1.1 thru 1.3. For some

Xz

fighter-type aircraft the product of inertia is large

enough to play a significant role in the analysis of the

aircraft's equations of motion. This adds to the nonlinecarity

and coupling of the aircraft. Therefore, the task in this

thesis is to analyze the effect of the product of inertia

and all moments of inertia for a modern fighter-type aircraft.
Due to all the nonlinearities in the aircraft, it would

also be of major interest to perform a nonlincar analysis of

the aircraft. The Flight Dynamics Laboratory has developed

a computer program (TIMEH) which gives the time history of

an aircraft for desired inputs. The time histories have

been useful in showing that the problem of instability does

exist when the aircraft is performing a roll maneuver at a

high angle of attack; however, the time histories do not

provide any information as to where the problem originates.

A possible approach to this problem is known as Bifurcation

Analysis and Catastrophe Theory Methodology (BACTM) (Ref 4).

This approach considers a set of nonlinear coupled equations




and determines their solutions as a function of the control

parameters. In the case of an aircraft, these control
parameters would be the pilot's input to the flaperon, rudder,
and stabilator. Since the actual BACTM program is not
available for use, the first step is to develop a comparable

program, using the basic ideas of BACTM.

Purpose

The purpose of this thesis is to analyze the problem of
roll divergence for a statically unstable fighter-type aircraft
at various angles of attack. Of particular interest is the
performance of the aircraft at high angles of attack. This
divergence is caused by the roll pitch coupling.

The problem is quite large and requires much work. This
thesis is only the first step to eventually understanding the
nonlinear phenomena and to then devise corrective control
action. This first step contains two approaches:

(1) To look at the aircraft's linearized equations of
motion and determine the maximum sustainable roll rate, before
instability occurs, for a statically unstable fighter-type
aircraft at various angles of attack.

In this approach the equilibrium conditions are assumed,
the equations are linearized, and the eigenvalues are
derived. When an eigenvalue crosses the imaginary axis into
the positive real side, instability occurs. This approach
gives some very good information but is rather limited and

localized. Since the equations are linearized from the

start, there is no insight to the nonlinearities

3
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of the aircraft. There is a definite need for a more systematic
global analysis of the aircraft.

(2) To investigate the nonlinear events which occur in
nonlinear equations by using the methodology of bifurcation
analysis and catastrophe theory.
This approach uses the nonlinear equation(s) to solve for the
equilibrium conditions and linearizes the equation(s) about
those conditions. From there, the eigenvalues are derived.
This is a global analysis which allows the whole bifurcation
surface to be obtained. It also gives a deeper understanding
of nonlinear events like jump phenomena and limit cycle
phenomena, which occurs in aircraft at high angles of
attack.

This approach is a difficult undertaking so this thesis is

only concerned with using the methodology for a simple example.

Organization
The first part of this thesis presents the development

and use of the linearized aircraft model. An introduction

to bifurcation analysis and catastrophe follows; then the

development of a computer program to incorporate this methodology.
The second part of this thesis starts with the analysis

for the reduced aircraft model, then the full linearized

model including full flight control system. The nonlinear

analysis of the single nonlinear equation follows. Finally,

an attempt at a pair of coupled nonlinear equations is looked

into.

——




The thivd part of this thesis gives the results of the
linear analysis: Effect of aileron-rudder interconnect,
affect of angle of attack, comparison to specifications,
comparison of reduced model to full model, and maximum
sustainable roll rate for both body axis rolls and velocity
axis rolls at various angles of attack. This is followed
by the results of the nonlinecar analysis.

The final part of this thesis gives the conclusions and
recommendations for both the linear analysis and the nonlinear

analysis.

Linear Model

A set of stability derivatives and a flight control system
is selected from a wind tunnel model of a statically unstable
fighter-type aircraft. The Air Force Flight Dynamics Laboratory
has prepared time history data for this model. At high angles
of attack the aircraft becomes uncontrollable, thus proving
the usefulness of the stability derivatives and FCS. The
control surfaces used for this model are the flaperon, rudder,
and stabilator.

Some basic assumptions are made for the lincarized model
of the aircraft in order to simplify the analysis: Gravity is
ignored which eliminates the sine and cosine dependence of
the equaticns of motion. Since the perturbations are small,
the second-order terms are assumed equal to zero. The
velocity of the aircraft is assumed to be constant since the

primary interest is in the stecady-state solutions.

)




; Method of Linear Analysis

E To determine the stability or instability of the aircraft, it
is necessary to observe the eigenvalues of the aircraft model.
This can be done by developing the characteristic equation

from the linearized model. The characteristic equation is

a polynomial equation whose factored roots are the eigenvalues

of the model. The roll rate (P) is left as a variable in the

characteristic equation so that the migration of eigenvalues

can be observed for increasing values of roll rate. The

flight control system is neglected in this part to see how
the aircraft performs without it. The characteristic equation
is limited to one set of trim conditions.

To determine stability or instability of the aircraft
for various trim conditions it is necessary to observe the
eigenvalues of the linearized model of the aircraft with its
flight control system. To do this, the linearized model

is set up in state space form

[A];( = [B]IX (1.7)

which becomes

X = [A"1B)x (1.8)

where X is an nxl state vector and [A'la] is an nxn plant

P ST e P SEENET Y T

coefficient matrix. The matrix A must be invertible. The

e

eigenvalues, which are the roots of the plant coefficient
matrix, are obtained from [A'ls]. As long as all the eigen-

values have negative real parts the aircraft remains stable,
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but, once any of the roots become positive, the mode associated
with the eigenvalue becomes unstable.

Therefore, it is important to be able to distinguish the
eigenvalues in order to know which mode(s) can become unstable.
This distinction is accomplished by obtaining the eigen-
values for the model without feedback and also by obtaining the
eigenvectors for each eigenvalue. The eigenvectors are
used to separate the longitudinal eigenvalues from the
lateral eigenvalues of the aircraft. The next step is to
obtain the eigenvalues and eigenvectors of the model with
feedback. Separating the longitudinal eigenvalues from the
lateral eigenvalues and plotting the open-loop roots along
with the closed-loop roots on a graph, the modes for the model
with feedback are then identifiable. A typical plot is
shown in Appendix D.

To obtain the maximum sustained roll rate for a fighter-
type aircraft, the model is set up with roll rate as an
input variable. Since it is important to observe both body
axis rolls and velocity axis rolls, the states P (roll rate)
and R(yaw rate) are considered as input variables to the
state equations. Other elements left as variable parameters
to the program are velocity, altitude, angle of attack, and
physical parameters of the aircraft model. With this set-up,

the eigenvalues for both body axis and velocity axis rolls

are obtained at various angles of attack and various roll rates.




A comparison of stability regions for body axis rolls and
velocity axis rolls is then possible. For a given angle of
attack the maximum roll rate can be determined hefore
instability occurred.

The model of the aircraft has two types of longitudinal
flight control systems, depending on whether the aircraft
angle of attack is less than or greater than 20.4 degrees.

It is of interest to the Air Force Flight Dynamics Laboratory
to check the roll stability of the aircraft at various angles
of attack using each of the two flight control system

configurations separately. This is easily accomplished since
the computer program for the linearized analysis (Appendix E)

is designed to be as versatile as possible.

Bifurcation Analysis and Catastrophe Theory

This section gives only a brief overview of bifurcation
analysis and catastrophe theory which is essential to the
understanding of the nonlinear analvsis in this thesis.
A more complete explanation of these theories is contained in
a report by Dr. Mehra, Mr. Kessel, and Dr. Carroll titled
"Global Stability and Control Anslysis of Aircraft at
High Angles of Attack", (Ref 4).

Consider an example of a single nonlinear equation,

dx ‘3

A (cl)x . C2 (1.9)

where X is the state and C, and C, are the control parameters.

1

A simplified explanation of bifurcation and catastrophe can be
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Fig. 1.1 Xeq with bifurcation

in terms of this example nonlinear system. Figure 1.1

shows the solution of equation 1.9 for a fixed value of C1

and varying C, from -3 to 3. The points on the curve in
Figure 1.1 marked with the symbol * are points of bifurcation.
This is where the slope of the curve is infinite and occurs

at the values of C2 = -2 and 2. Between these two points

X_ has 3 solutions -1 unstable and 2 stable. If C, = -3 is

eq

the starting point and is then gradually increased, Xeq
follows along branch 1 (a stable branch). Once C2 reaches

a value slightly larger than 2, the value of Xe jumps rapidly

to a value on branch 2. This jumping is known :s a catastrophe.
Figure 1.2 shows the solution to equation 1.9 for a

different fixed value of C1 while varying C2 from -3 to 3.

Here there are no bifurcation points and no catastrophes.

This solution has a nice, smooth shape and is a more desirable

solution than that of Figure 1.1.
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Fig. 1.2 xeq Without Bifurcation Fig 1.3 xeq With Inflection
Point

Figure 1.3 shows the solution to equation 1.9 for C1 = 0
while varying C2 from -3 to 3. Here there is a point where
the slope is infinite but the control parameter does not
reverse direction. This is known as an inflection point.

Figure 1.4 shows what is known as a cusp catastrophe which
is representative of a third-order equation. For other
orders of equations, there are other shapes and other types

of catastrophes (Ref 4:24).

Method of Nonlinear Analvsis

Starting with a nonlinear equation or set of simultaneous
nonlinear equations and a set of control parameters, a

computer program is needed that will solve all of the equations,




Fig. 1.4 Characteristic Representation of X Showing a Cusp
Catastrophe.

given any combination of control parameters whereby the control

parameters have specified upper and lower limits. A flow

chart which represents what is needed in the program is

shown in figure 1.5 (Ref 4). The first step is to set the

control parameters of the equation(s) and all the other

parameters needed in the program. The next step is to solve

11




the nonlinear equation(s) for a given pair of control

parameters. The next step is to check whether the equation(s)
has reached a bifurcation point, then increase or decrease
the value of the control variables depending upon whether

or not a bifurcation point has been reached. Checking for
bifurcation points is accomplished by .:tting up the

Jacobian matrix of the system, evaluated at the equilibrium
values, and obtaining the systems eigenvalues. A bifurcation
point occurs when an eigenvalue or set of eigenvalues passes
through the imaginary axis. Continue all the steps above
until all combinations of the control parameters have been
considered. Finally, plot the solution to the equations(s)

vs the control parameters.

Validity of Analysis

In the linearized analysis it can be said with reasonable
assurance that the aircraft equations, stability derivatives,
and flight control system are accurate and valid. The results
show stability regions for both body axis rolls and velocity
axis rolls at various angles of attack, and are very informative.
The strongest support for these results is the similar trends
found by the Air Force Flight Dynamics Laboratory, using
a time history program for the same model aircraft.

For the case of a single nonlinear equation analysis,
the program that shows the existence of bifurcation points

5

and catastrophes gives results which have an accuracy of 10 °.

The accuracy can easily be increased but is not necessary for

the demonstration problem. To justify the solutions, a
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separate analysis of the nonlinear equation is obtained by
using a Texas Instruments 52 hand calculator. This method
proves to be time consuming but it allows for a comparison

of results. To further strengthen confidence in the developed
program, the general shape of the solution to the equation

is similiar to that of an equation analv:zed in (Ref. 4).




II. Linear Analysis

Reduced Linearized Model

To he sure that the aircraft model used is statically
unstable, it is necessary to analytically check the stability
of the model without a flight control system.

The equations of motion of an aircraft are

IF_ = m(U+NQ-VR) (2.1)

SF, = m(V+UR-WP) (2.2)

SF. = m(W+VP-UQ) (2.3)

TAL = PI-RJ, *QR(I_-1,)-PQJ,, (2.4)
TAM = QI +PR(I_-1.)+(P2-R%)J (2.5)
y X "% Xz s

TAN = RI_-PJ _+PQ(I - )*QRJ . (2.6)

where equations 2.1, 2.2., and 2.3 are the force equations
and equations 2.4, 2.5, and 2.6 are the moment equations.
Velocity (U) and roll rate (P) are assumed to be constant
which eliminates equations 2.1 and 2.4, It is assumed that
the xy plane of the aircraft is the plane of symmetry and
the X-axis is selected as the symmetric axis. This allows
the product of inertia (Jx:) to be set to zero. Making

the following assumptions

- Vo S wo i Qo i Ro b 2.7)




where a \') Wo, Qo’ and Ro are steady-state values, equations

0’
2.2 and 2.3 are combined with their respective aerodynamic

O!

equations (Ref 1). Equations 2.4 and 2.5 are then substituted into
equations 2.2 and 2.3.

The Laplace transform of the equations are

2

(a1 s + ao) B(s) + (b2 s“ + b1 s + bo)a(s) =0 (2.8)

(c2 s2 *cys co) B(s) + (d1 s + do)a(s) = ( 2.9)

where the a's, b's, c's, and d's are constants which are
listed in Appendix A. The characteristic equation produced

from this model is

4

st e At v Pt

2 2
+ AS) S° + (A4Po + AS)S

v (APt ¢ AP T+ Ay =0 (2.10)
where Al’ Az,... A8 are constants which are listed in
Appendix A. The equation is purposely set up as a function
of steady-state roll rate (Po) in order to study the effect
that roll rate has on the aircraft. The full development
of equation 2.10 is in Appendix A.

The characteristic equation is factored to obtain four
roots-twodutch roll roots and two short period roots.
These roots are plotted on a root locus as a function of
roll rate. This plot not only shows the static stability

of the aircraft but also shows the effect that roll rate has

on the aircraft without a flight control system flying at




zero angle of attack. This method of root locus analysis

was developed by Professor John Blakelock (Ref 1). This
method is a helpful tool but contains too many assumptions
for this particular aircraft model and is limited to straight

and level flights only. A more versatile approach is needed.

Full Linearized Model

The linear force equations and angular moment equations of
motion are equations 2.1 thru 2.6. Again the velocity
(U) is assumed constant. Since the perturbations are small,
the second-order terms are assumed equal to zero.

In order for the aircraft model to be analyzed at
various angles of attack and various roll rates-both in body
axis and in velocity axis coordinates - the trimmed (steady-
state) values of some of the aircraft states are left as
variables. These variables include velocity (U), angle of
attack (o), yaw rate (R), and roll rate(P). The trimmed
values of pitch rate (Q), and y-axis velocity (V), are set to
zero. 4

Combining equations 2.1 thru 2.6 with their aerodynamic
force and moment equations, including the assumptions made,
the following linearized aircraft equations are obtained

(Ref 5):

myU 8 + mU T - mU P a - mU P p = Qqs [CyBB

b b 2.11
- Cy ( IUZ)P + Cyr(gug) Cy §g * Cy(s Gr] ( )

P 6f r




mUa + mUP B -mUq = Es[czaa + Cz; a

+C (26—)q ve. 4] (2.12)
qQ o Gs

qIy + [PO(IX-IZ)-ZROsz]r + [RO(IX—IZ)+ZP°sz]p =

ascle, @ + € () q * €, (3 + Cp Ssl (2.13)
a q o Q o s
S

Pl N ¥ [RO(I:-Iy)-P Je.)) a = asbC, 8

0 X2 B
6 (=) p*C. (ubir € dg»C 8] 11.14)
g \3g- /P 'RYA S R f § = i
p ‘o r o 8 5
£ T
Tl - p Jy, ¢ [Po(-1) + RJI T a = @sblc, 8

b b
+ Cn (75—) p + cn ( EU') r+C A+ C sr] (2.15)
P 0 r o Gf r

where Uo’ Po, etc. are steady-state values and p, r, etc. are small
perturbations. Appendix B contains a more complete derivation

of equations 2.10 thru 2.15. The values of the stability derivatives
are a function of angle of attack. These values are listed in the
computer program EIGEN in Appendix E and are given only for

a =0, 10, 20, and 25 degrees. For the purpose of this thesis,

these values of angle of attack are sufficient,.




Since the aircraft model is statically unstable, it is
necessary to augment the aircraft with a flight control system.
The model also contains many nonlinear terms which cannot
be ignored; therefore, both a longitudinal and a lateral
flight control system are included. Figures 2.1 and 2.2 show
a simplified block diagram of the longitudinal and lateral
flight control systems used in this thesis. The flight control
systems were supplied by the Air Force Flight Dynamics
Laboratory.

The diagram of the longitudinal FCS contains two different

flight control systems, the use of which depends on whether

the angle of attack is greater than or less than 20.4 degrees.

The lateral FCS contains a component known as an aileron-
rudder interconnect (ARI). This component adds to the non-
linearity of the model.

The equations for these flight control systems are

developed in terms of physical variables -X1 thru XS are

.\the variables in the longitudinal FCS and I1 thru I4 are
the variables in the lateral FCS. The flaperon, rudder, and
stabilator displacements are also included as physical
variables. The development and listing of these equations
are in Appendix C.

The next step is to combine the aircraft equations with
the longitudinal and lateral FCS and to arrange them in the

following state variable form:
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[AJ[X] = [AI[X] (2.16)

where the 17 states are

[X *] = [B,a,q,p,r,Xl,XZ,XS,X4,XS,65,6f,Zl,ZZ,ZS,Z4,6r]

(2.17)
The matricies are partitioned as follows:
b ! : =
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The elements for matricies A and B are from the airplane
equations and flight control system and are listed in the
computer program EIGEN in Appendix E.

The computer program EIGEN is set up to solve for the

eigenvalues of the following system

Y- [alp] ¥ 2.32)
which are obtained from equation 2.16.

The first step in the use of the program is to input the
desired trim conditions of the aircraft. The inputs include
velocity, altitude, moments of inertia, product of inertia,
angle of attack, roll rate, yaw rate, surface area, chord,
wing span, air pressure, static pressure and mass of the
aircraft. The units of these inputs are listed in Appendix E.

Once this is done, the program solves for the eigenvalues
and/or eigenvectors of matrix [A°IB]. The first set of runs
is set up to solve for the eigenvalues and eigenvectors
of the system, both with and without a flight control system,
for a given angle of attack and zero roll rate. This permits
the determination of where the eigenvalues originate.

Without feedback, the eigenvalues of the flight control
system are easy to identify since the FCS is set up in
physical variable form. This leaves five eigenvalues

unidentified. At this point the eigenvectors are used to

identify the remaining five aircraft eigenvalues: Two
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longitudinal eigenvalues (short period roots) and three
lateral eigenvalues (two dutch roll roots and one rolling
mode root).

After identifying the seventeen eigenvalues of the aircraft
with feedback as either longitudinal or lateral, the next
step is to map the longitudinal eigenvalues, with and without
feedback, on a graph. The same is done with the lateral
eigenvalues. An example is shown in Appendix D. This mapping
makes it easy to identify each of the eigenvalues of the
aircraft with feedback. A comparison with military specifications
is made for the short period, dutch roll, and rolling mode
roots in order to prove that the model used is a valid example
of a fighter-type aircraft (Ref 6).

At this point, a question arises as to whether the flight
control system can be reduced, thus simplifying the analysis.
Due to the nonlinearities in the aircraft it is necessary
to retain both the complete longitudinal and lateral-
directional FCS. One possibility is the removal of the
aileron-rudder interconnect (ARI). Without the ARI one of
the physical states (F4) in the lateral FCS can be eliminated.
An analysis of the short period, dutch roll, and rolling
mode roots of the aircraft with its FCS is performed both
with and without the ARI. This is done at 0, 10, 20, and 25
degrees angle of attack. The results are given in table 4.1
with the conclusions given in Chapter V.

The next step is to study the effect that angle of

attack has on the aircraft. This is done by obtaining the
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the short period, dutch roll, and rolling mode roots of the
airvceraft with FCS at various angles of attack. The computer
program EIGEN is then set up to solve for the eigenvalues
of the aircraft, with FCS, while performing rolls. The progran
ifs set up to solve for the cigenvalues while the roll rate, p,
is incremented from 0 to 7 vad/sec. The first step is to
compare the full model with the reduced model., For compavison,
the full model is analyzed with inputs of zervo angle of
attack, zero product of inertia, and zero fecdback., Since
the reduced model has only short period and dutch roll roots,
these are the only modes which can be compared.

A stability analysis of body axis rolls vs, velocity
axis rolls can now be conducted.,  To peviorm body axis yolls,
the yaw rate, r, is set to zero while the roll rate, p, is
incremented from 0 to 7 rad/sec. This allows the aircraft
to roll about it's own X-axis. It is not necessary to
analyze rolls beyond 7 rad/sec since the A, F. Flight Dynamics
Laboratory is not interested in an analysis beyvond that
point. To perform velocity axis rolls, the roll rate, p, is
incremented from 0 to 7 rad/sec. while the yaw rate, r, is

set as a function of roll rate and angle of attack:
r o= p tun a (2.33)

The combination of p and r allows the aircraft to roll about

it's velocity vector.




The program EIGEN is then used to scan the eigenvalues
for roll rates over the range of C to 7 rad/sec about the
body axis and the velocity axis, and to record the areas of
stability and instability. This is done at various angles
of attack. Of primary interest is the case of high angles of attack-
20 and 25 degrees. Plots are made with body axis rolls,
velocity axis rolls, and lines of instability for various
angles of attack.

The final point of interest with the linear analysis is
whether it is necessary to have two longitudinal flight control
systems, depending on whether the angle of attack is less than
or greater than 20.4 degrees. A plot showing lines of
instability at angles of attack of 0, 10, 20, and 25 degrees
is available with the dual longitudinal flight control
systems. A new set of plots (see Chapter IV) is then run at
these same angles of attack, but only one of the longitudinal
flight control systems is incorporated. This is repeated

for the other flight control system.
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ITI. Nonlinear Analysis

Single Nonlinear Equation

In order to use the ideas of bifurcation analysis and
catastrophe theory a computer program is needed to perform
the steps shown in the flow chart of Figure 1.5. To
simplify the programming, a single nonlinear equation is
analyzed first. The nonlinear equation selected (Ref 4:15)
is

dx 3
f = A X" + C1X + C2 (3.1)

where X is the variable and C1 and C2 are control parameters.
The first step is to set the control parameters to some
desired initial condition. For the purpose of this thesis,
the control parameters are varied from -3 to 3; therefore,
the initial values for both control parameters are set to -3.
The next step is to solve for the equilibrium value of
X (xeq), given the values of both control parameters.
An AFIT subroutine NSOlA is selected to solve for xeq' This
subroutine is available in the ASD Computer Center library
at Wright-Patterson AFB.
In order to check for a bifurcation point the derivative

of equation 3.1 is needed, given the equilibrium value of xeq:

3F 2
g - = SXgo * (3.2)

where g is the linearized system of F. If g is less than




zero, the equilibrium value of X is stable. If g is greater
than zero, the equilibrium value of X is unstable. If
g equals zero, a bifurcation point is encountered.

The digital computer program is set up with two loops-
an inner loop which<ns1:XMLFault xmlns:ns1="http://cxf.apache.org/bindings/xformat"><ns1:faultstring xmlns:ns1="http://cxf.apache.org/bindings/xformat">java.lang.OutOfMemoryError: Java heap space</ns1:faultstring></ns1:XMLFault>