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PREFACE

In May 1974, the Guidance and Control Panel held a symposium at Stuttgart, Germany
on “The Guidance and Control of V/STOL Aircraft and Helicopters at Night and in Poor
Visibility.” At that conference it was apparent that a lot of technological developments
were at an early stage to meet the operational requirements and also the optimisation of the
whole vehicle/systems/pilot needed a [ot more attention.

The desire of operators of all three services of the NATO nations to extend the use of
helicopters and V/STOL aircraft into night and conditions of poor visibility has caused an
expansion of activity in various fields, but most particularly in the electro-optical and radar
sensors of various kinds. The integration of these new sensors into modern navigation, flight
control and display systems is an important aspect — particularly in helicopters where space
and weight are at a premium. Also, the pilot workload is already high in helicopters and
V/STOL aircraft near the ground and any new technology must be introduced in a manner
to keep the workload within bounds so as not to lose the advantages of the new sensors.

This conference was planned with a view to assessing where we have reached in trying
to meet the stringent operational requirements and what new technologies are available to
make up total systems to meet these requirements.

The Round Table Discussion at the end of the Conference is intended to address the
question of whether the new technologies, such as Electro-Optic sensors have led to signifi-
cant improvements in operational capability and should be a valuable way of having a general
discussion on the theme of the Symposium.

G.C.HOWELL
Program Chairman
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ADDING THE CHALLENGE OF NAP-OF-THE-EARTH

by
Joseph C. Tirre, Jr., Lt Colonel
Headquarters United States Army Training and Doctrine Command
HQ USATADC (ATCD-AM)
Ft Monroe, Virginia 23651

Good morning, gentlemen. I am Lt Colonel Jay Tirre of the US Army Training and
Doctrine Command's Airmobility Systems Directorate. As announced earlier, Brig General
Canedy was to make this presentation, but he moved to another assignment.

Brig General McNair, the new Director of Army Aviation, expressed his desire to be here
but also is unable to attend. His pressing duties assumed such a short time ago kept
him in Washington. He asks, though, that I extend his best wishes to all of you. As I
said, I am from Headquarters Training and Doctrine Command, Ft Monroe, Virginia, and as
such represent the user of Army aviation. My job as a soldier-aviator is to operate the
fleet of Army aircraft in harmony with combat and combat support units to accomplish

the Army's overall mission of defense of the USA and its allies.

I will discuss with you today one small portion of the US Army aviation mission --~
a particular mission segment with a disproportionally large number of problems. In
addition to the difficulties of effectively employing attack and scout helicopters, at
night, and in adverse weather, a restrictive flight regime is now imposed. We call it
Nap-of-the-Earth---a third problematic dimension. Nap-of-the-Earth, or NOE, is an
attempt to defy the law of physics as it pertains to having two or more bodies occupy
the same space at the same time (see figure 1). Whereas in the past we have opted for
increasingly higher aircraft altitudes and airspeeds, NOE places the helicopter weapons
system and its crew in the same environment as the ground soldier. Altitudes and
obstruction clearances are measured at 2-5 meters rather than hundreds or thousands of
meters. Terrain becomes both friend and foe alike. Beneficially it is used to mask
movement and conceal aircraft firing positions. However, unintentional contact with the
earth or anything attached to it is likely to be fatal. NOE has literally been forced
on us by the capabilities of the Warsaw Pact Air Defense Threat.

As you may well know, components of this air defense capability were vividly and
devastatingly demonstrated in the 1973 mid-east war. Tactics and weaponry of the Warsaw
Pact nations placed a steel umbrella over the Arab ground forces, and this umbrella
virtually prohibited all but few Israeli incursions into Arab airspace. A complete
description of that threat is readily available to you. What this means now for the
US Army helicopters can be summed up in the phrase, "lower and slower." To enhance your
understanding of these night, weather and NOE problems from an operational point of view,
I will describe a perceived mission of an attack helicopter platoon in what
General Donn Starry, my Commanding General, calls the "central battle." As we progress
through the scenario, I will highlight problems of the helicopter crews and their
commanders. Shown hLere now is a US division positioned on a 60 kilometer front. 1In the
first few hours of hostilities, the enemy has driven back our screen of covering forces
and is massing 20-25 maneuver battalions and 60 or more artillery tubes per kilometer to
punch through the depicted US forces in a narrow sector in order to drive deep into our
rear area. (See figure 2.) :

As the location of the breakthrough attack becomes clear (itself a distinct problem
set), the division commander begins his race against time to mass forces to defeat the
enemy's main attack. The division's organic scout and attack helicopters will be
committed to the decisive point in the battle area to defeat the massed enemy armor and
to buy time for the ground battalions to move into position. The scouts and attack heli-
copters will use low level and contour flight profiles from their staging areas until
reaching the point where enemy air defense weapon ranges may become effective. This is
envisioned to be at, or near, brigade rear boundaries. Transition to NOE altitude is
then accomplished and the helicopter force proceeds at a slower pace. The scouts will
move in front to begin acquiring targets while the attack helicopters stay slightly to
the rear awaiting instructions from the scouts.

To this point, the aircraft crews and commanders have encountered two significant
problem areas: Navigation and communication. If visibility is reasonable and the crews
are familiar with the terrain, navigation should not be a limiting factor. 1If, on the
otherhand, visibility (darkness and/or weather) is poor and the aircrews are unfamiliar
with the terrain, low level navigation becomes an acute problem. The aviation company
commander will be coordinating the actions of the scouts and attack ships by radio, and
the scouts will be directing the attack ships also by radio. This assumes that radio
communications are possible. When operating at NOE altitudes, loss of line-of-sight
between cooperating elements (the attack and scout helicopters) severely degrades
frequency modulated radio transmissions. Additionally, the Warsaw Pact nations are known
to have sophisticated jamming and other electronic warfare techniques, capable of dis-
rupting our unimpeded use of radio communications.

In the next phase of our scenario, the scouts will attempt to detect enemy air
defense weapons and tanks. Specific attack ships will be assigned individual targets to
be acquired and taken under engagement. Ideally, acquisition and engagement would be at
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the maximum effective range of the helicopter weapon systems being employed.

Attack ships will unmask from masked positions and hover high enough to visually
acquire scout designated targets and undertake engagement. At night, flight control of
the helicopter becomes a problem of great magnitude for the pilot. Without outside cues
to guide him, he cannot adequately maintain a precise position over the ground and may
be unable to hold the aircraft in an attitude stable enough to fire on-board weapons
systems mindful that he himself has now become a priority target of the enemy. Also,
darkness and limited visibility hamper the acquisition and engagement process. This
problem does have an impact on aircrew and aircraft survivability. Should close-in
engagement be required, enemy air defense weapons, primarily the radar controlled
ZSU 23-4 will be able to effectively engage our aircraft.

As the battle progresses, the aviation unit (see figure 4) commander will coordinate
the next wave of scouts and attack ships in movement to the battle area in order to
relieve the first wave. The initial attack aircraft will require refueling and re-arming.
This, again, requires extensive radio coordination to insure that the second wave arrives
in the correct place in time to permit continuous target engagement by the attack heli-
copters.

Another problem occurs at this point. As wire-guided missiles are used in the
engagement, their control wires become strewn on the tree canopy about the battlefield
and present an increasing obstacle problem for helicopters in the NOE flight regime.
Other previously undetected or uncharted wires and cables present this same problem. The
aviation unit commander will continue to rotate his forces in this manner until committed
to other missions or until the breakthrough attempt is contained. This broad overview
of a very complex scenario has attempted to highlight these major problems as I see them.
(See figure 5.)

I've portrayed a rather depressing picture of accomplishing the mission, but it's
not quite that hopeless. For communications, high power (40 watts) frequencv modulated
radios will be installed in all aircraft and high frequency single band radius for
selected aircraft will be purchased in the near future. These radios will improve radio
communications capability in the NOE regime substantially. Navigation and positioning
will be assisted by an internally referenced lightweight doppler navigation system
currently in production. An add-on to this capability will come from the introduction
of a projected map display. In tests conductad at the Aviation Center at Ft Rucker,
Alabama, the doppler drive projected map display produced quantum jumps in navigation
accuracy when compared to accuracies using hand-held paper maps. Other systems, based
on external referencing are under development and evaluation for potential use. Included
are a global positioning satellite system and a position locating and reporting system
which uses time allocation and triangulation techniques. Aircraft flight control at
night has been enhanced by the introduction of night vision goggles, which are light
intensification devices.

This is the second generation of this device. Early models were heavy, lacked depth
perception and were difficult to focus. The third generation of these goggles is being
evaluated now and should overcome most of the problems of earlier models.

In the area of aircraft control, stabilization augmentation systems have overcome
some of the inherent instability of helicopters. Some other programs underway include:
computer generated command symbols which provide cues to the pilot for maintaining
precise position during the hover, unmask, and remask maneuvers during night and poor
visibility conditions. Two systems, a target acquisition designator system (i.e.. a
combination of optics, FLIR and TV for acquisition with a laser for designation) and a
pilot's night vision system use common module, forward-looking infrared to improve the
night vision of the pilot and the co-pilot gunner. These systems are in competitive
development and will enter production next year. In later presentations there will be
discussions of some efforts underway to use laser technology for wire detection. While
the devices I have briefly described here will assist in overcoming some of our problems,
much work is needed to optimize our capabilities at night with poor visibility at NOE.
Such an item as a very lightweight mast-mounted forward-looking infrared would be a
welcome addition to the repertoire of night vision devices. Solutions are also needed
which minimize space, weight, and power requirements of existing systems.

I appreciate this opportunity to describe our operational problems and some of the
near-term fixes expected and proposed. 1 sincerely enlist your assistance in furthering
our capabilities. Gentlemen, now I would like to entertain any questions you may have.
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THE DEVELOPMENT AND IN-FLIGHT EVALUATION OF A TRIPLEX
DIGITAL AUTOSTABILISATION SYSTEM FOR A HELICOPTER

by

J. Meadows
Smiths Industries Limited
Bishops Cleeve, Cheltenham, Glos.

P. Robinson
Royal Aircraft Establishment
Farnborough, Hants.

SUMMARY

At the previous AGARD Conference on "The Guidance and Control of V/STOL
Aircraft and Helicopters at Night and in Poor Visibility", a paper was presented
describing a triplex autostabilisation system then being developed by Smiths Industries
Limited on behalf of MOD. This system was scheduled for installation and flight
evaluation by the Royal Aircraft Establishment at Farnborough in a Sea King helicopter.
This research programme was successfully completed during 1977 following 200 hours
flying with the system being installed and operational throughout the programme.

Following a review of the programme objectives and a brief description of the
system and its installation in the aircraft, the present paper discusses the final
stages of development, with particular emphasis on the major contribution afforded by
a comprehensive systems rig, both to the hardware and software development programmes.
The paper continues with a presentation and discussion of the results of the in~flight
evaluation programme including performance under both fault-free and simulated runaway
conditions.

Complete achievement of the failure survival objectives was demonstrated with
an insignificant incidence of nuisance warning or cutouts which bedevil the majority
of analogue implementations of flight control systems having comparable integrity
objectives. The smooth flight development programme was sianificantly aided by the
excellent installation, pre-flight and in-flight testing facilities afforded by the
comprehensive logic capabilities of the digital implementation, which provided the
means for the identification of faulty units with a high success probability.

A number of problem areas encountered during the initial phases of the flight
trials and the means adopted to overcome these are discussed in the paper which
concludes with an assessment of achievements in relation to the initial objectives.

1 INTRODUCTION

A continuing programme of research into avionic equipment to meet the total
requirement for night and poor visibility operations in helicopters is being carried
on at the Royal Aircraft Establishment. A Sea King Mk 1 helicopter is being used as
a vehicle for this work and as a part of the overall programme, a specification was
issued for the development and manufacture of a defect survival autostabilisation
system (DSAS) for this aircraft, with a preference for a digital solution, encouraging
development in this area and to provide flight experience of digital techniques
applied to flight control systems in the helicopter environment.

An autostabilisation system using triplex redundancy concepts to achieve the
failure survival requirement, with digital processing of the sensor signals, was
proposed by Smiths Industries Limited and selected by the Ministry of Defence (MOD)
for development.

At the previous AGARD conference on the Guidance and Control of Helicopters in
Poor Visibility a paper was presented discussing in detail the programme objectives and
describing the system then under development (Ref. 1). This system was installed in
the aircraft during the first half of 1976 and the flight evaluation programme was
successfully concluded in September 1977.

Following a brief review of the salient features of the system and adopting
the theme of the present symposium, this paper discusses the overall achievements of
this programme in relation 1o the initial objectives, detailing the extensive ground
test and in-flight facilities, and presenting some of the more important ground and
in-flight test results.

The promised advantages of this new system, namely the provision of a failure
survival autostabilisation system, relatively immune to nuisance disconnect problems
by virtue of the use of digital rather than analogue computing techniques and the
promise of enhanced built-in test facilities with a high probability of successful
faulty LRU identification have been demonstrated.




By virtue of the rapid advances in digital technology during the period of this
programme, application of these concepts using lighter and cheaper computing equipment
is now practical; however, a number of related problem areas remain to be investigated.
These include

the need to minimise the number and type of sensors employed

the interrelationships between digital autostabilisation and
autopilot computing

the impact of the higher dynamic response requirements
imposed by semi-rigid rotor configurations

the need to restructure the pre-flight test routines in order
to reduce the test duration below the 1% to 2 minutes which was
assessed as operationally undesirable, whilst at the same time
maintaining the levels of integrity afforded by these tests.

2 PROGRAMME OBJECTIVES

Recognising the increasing dependence being placed on artificial stabilisation
systems, particularly in helicopters using advanced rotor technology, and the increasing
emphasis on night time and low level poor visibility operations, with their attendant
problems in terms of pilot workload and safety, the RAE formulated a research programme
aimed at demonstrating in-flight, a high integrity autostabilisation system for a
helicopter. The trends towards the digital implementation of avionic systems and an
increase of the need to ease the maintenance problems by providing good built-in test
facilities led to a preference for a digital solution which would afford the opportunity
to assess both the merits and problems of such a system.

A specification defining the MOD requirements for a defect survival, three axis
autostabilisation system (DSAS) to be supplied for evaluation in the RAE Sea King was
issued to UK specialist avionic equipment manufactures in 1971.

Fault~free performance requirements, including long term attitude hold
capabilities comparable to those being achieved with the existing simplex analogue
autostabilisation system in the Sea King were specified. The primary challenge was
the requirement that any single defect should have negligible effect upon the system
performance, with transient deviations during trimmed "hands-off" flight, limited in
pitch and roll to 1 deg of attitude and 1 deg/s rate, and in yaw to 2 deg of attitude
and 1 deg/s rate. In the event of a complete system failure, the pilot should be able
to assume manual control after an intervention time of 1.5 seconds.

A GO/NO indication for the pilot prior to take-off signifying correct system
functionability and availability was specified, together with a self testing capability
for the detection and location of defective line replaceable units.

A mean time between defects (MTBD) for the stabilisation system of 400 flying
hours and an overall mean time between failure (MTBF) in excess of 105 flying hours
was specified.

3 SYSTEM DESCRIPTION
3.1 Test Aircraft

The Sea King HAS Mk 1 is an anti-submarine helicopter powered by two Gnome
engines. It has a single 5-bladed main rotor and a 6-bladed tail rotor. The aircraft
is normally fitted with a Mk.31 AFCS system providing simplex autostabilisation and
autopilot facilities,

3.2 Flying Controls

A block schematic of the aircraft's flying controls is shown in Fig. 1. The
pilot and co-pilot's controls are mechanically connected to the input stages of a fouyx
axes auxiliary servo system, providing servo assistance for cyclic pitch, cyclic roll,
collective and yaw control movements. The yaw axis is the only direct source of servo
assistance for the tail rotor. The other three jacks form part of the control linkage
via a mechanical mixing unit to primary jacks located at the main rotor head.

AFCS demands are electrically introduced into the flying controls in series
with the pilot's inputs via electro~hydraulic servo valves incorporated in the auxiliary
servo stage which also provides cyclic trim and force-feel facilities. AFCS inputs
via the servo valves are limited to +10% of full authority in the cyclic channels and
*5% in the yaw and collective channels.

3.3 System Mechanisation
A detailed description of the defect survival autostabilisation system is

presented in Ref. 1. The following sections provide a brief outline of some of the
more important features.
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The defect survival capability is achieved by adopting triplex redundancy,
using three "independent” full functional lanes with a lane or unit being identified as
defective on a two out of three majority vote. This development programme had been
preceded by extensive research studies intc triplex digital AFCS systems during which a .
number of basic concepts had successfully been implemented. A schematic of the triplex |
configuration is given in Fig. 2. Given identical digital input data, then three
independent but functionally identical digital computers will generate identical digital
output data on completion of their full program cycle, avoiding interlane errors
associated with computing which normally constitute a significant adverse factor in
multilane analogue systems. In this implementation, each lane computer is identified
with its own lane sensor and, following the sensor signal conversion to digital format
within the computer unit, the data is exchanged between computers, each of which, in
normal triplex operation, then forms the mean of the three input signals for subsequent
processing. This amalgamation process also enables a faulty sensor unit to be
identified when its digitised signal differs from the other two sensor signals by a
predefined level. When this occurs it is automatically rejected from the amalgamation
process with the system subsequently using the mean of the remaining two good sensor
signals whilst retaining triplex computing.

Since cost and timescales precluded the development of a new triplex actuation
system for this installation, it was necessary to interface with the existing limited
authority simplex auxiliary servo system. The servo valves of the auxiliary power
units are fitted with two coils, normally driven in parallel by the Mk 31 AFCS. For
the DSAS these coils are driven independently by two out of the three computer units,
each normally contributing 50% to the total output. 1In the third computer, defined by |
its location on the mounting rack in the aircraft, a simple resistive model of the coil %
is used. 1In the event of one of the two active lane computers being cut out, the gain
in the remaining two computers is doubled with the actuation system then operating in ]
a monitored simplex mode. {

L S

The primary sensors selected for the system were high reliability Series 700
gas bearing rate gyroscopes which had recently been developed by Smiths Industries
Limited. Short term attitude hold is provided by pseudo integration of the rate gyro
signals. Three identical gyroscope units, each containing three rate gyroscopes with i
their axes aligned were produced using 45 deg/s maximum rate gyroscopes. With two
mounting faces on the unit, it was possible by appropriate mounting onto a horizontal
} reference plane to measure pitch, roll and yaw rates respectively with the three units.

It was recognised that the long term attitude hold requirements could only be
achieved by using less reliable vertical gyroscopes and it was initially proposed that
these should be provided at a lower level of redundancy. 1In the event it was ultimately
decided to use three vertical gyroscopes, the signals from which were amalgamated in
the same manner as all other triplex sensor signals. Pitch and roll attitude demand
signals proportional to the cyclic control column displacement are obtained from two
triplex position sensor units.

The three digital computer units, each incorporating a CPU, memory, input
and output peripherals, engage/disconnect logic circuits and the serial data transmission
system are housed in a % ATR short case. Small and medium scale integrated circuits
based on bipolar transistor technology was used with components mounted onto multi-
layer printed circuit boards. In order to increase the overall life of the computer
units in high ambient temperature conditions, a fan cooling system draws air through
external ducting over the sides of the power supply section and over the top of the
computer card section of the unit.

i
f

Each computer incorporates its own basic 8 MHz clock and synchronisation
between them is required. This is achieved through the use of software controlled
synchronisation pulses transmitted between computers on dedicated synchronisation status
lines.

The interlane digital data highways and the engage-disconnect logic circuits
represent some of the most critical integrity regions of the design. Consequently
duplicated circuits within each computer have been used for both of these functional
areas, with the individual boards being designed to meet segregation rules formulated
during the initial stages of design.

The triplex redundancy extends into the pilot's control unit where lane
segregation has again been carefully controlled.

Two complete sets of equipment (Fig., 3) were manufactured, the second set
being used to back up the airborne set.
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4 SYSTEM OPERATION

4.1 Failed Lane Identification

In each of the three lanes the digital output signals are crossfed between
computers and compared for exact identity. In the event of a discrepancy an amber
integrity warning is lit on the pilot's control unit. The coil current generated in
each lane is fed back, through a resistive network via the A/D converter to provide a
digital measure of achieved output. These are also crossfed between lanes and compared
within each computer. If the difference level exceeds 10% of the series actuator
authority in two successive iteration cycles, that is for a maximum period of 100 msec,
the appropriate lane, identified on a two out of three vote in triplex operation is cut
out. When operating in the duplex mode, both computers are cut out when this difference
persists for two successive cycles.

4.2 Engagement/Disengagement

Engagement of the system is achieved by means of the ENGAGE lever in the pilot's
control unit (Fig. 4). Movement of this switch from the OFF to the ON position applies
power to each of the three computers, which commence operation from the first programme
step as soon as the internal power supplies reach their normal operating levels,
indicated by a power supply monitoring system. In this state, the three lane indicators
on the PCU change from OFF to OUT, indicating that power is being supplied to the
computers but the lanes remain disengaged. Actual lane engagement occurs when the pilot
momentarily pushes the ENGAGE lever to its forward position. The three lane indicators
now change to give an IN indication. Manual disengagement of the system is achieved
either by returning the ENGAGE lever to the OFF position or by operating the pilot's
or co-pilot's cut out buttons on the cyclic sticks.

4.3 Interlane Data Transmission System

Each computer contains duplicated transmitter-receiver systems and the three
computers are interconnected by duplicated data highways, all data is sequentially
transmitted twice using these two highways. In the receiving computer the results of
the two transmissions are compared for identity and, if satisfactory, the data is used
for subsequent processing. If a difference of data is detected, the receiving computer
will assume this data to be invalid and will operate the amber warning lamp on the PCU,
and withdraw its validity discriminant to the first computer. 1If the third computer
also detects a difference in received data on the two highways, it will also withdraw
its validity discriminant and lane 1 computer will be rejected. If however its received
data is in agreement, then it will retransmit this, via its own dual data link, to the
second computer so that the latter receives input data necessary to continue computing
for triplex operation.

Whilst the amount of time required for data transmission remains a very small
proportion of each computing cycle, the doubling up of the amalgamation routines, etc.
for the direct and indirect data inputs is expensive in computing time and this of
course increases directly with the number of sensor signals involved.

The relatively complex interlane system was implemented rather than a single
system in order to avoid the possibility of a complete system failure due to a single
fault. It was postulated that a slowly deteriorating computer could initially transmit
correct data which, due to receiver tolerances, might be differently interpreted by the
two receiving computers, one of which could therefore erroneously be rejected as faulty
to be followed by a relatively rapid disagreement between the remaining good computer
and the failing unit, leading to a complete cut out. Whilst an extensive study of
transmitter/receiver characteristics and reliabilities might establish that the prob- {
ability of such an event would be acceptably small, it was decided that, in the absence
of such an investigation, the more complex dual system should be implemented.

4.4 Computer Synchronisation

Each computer operates at its own independent clock frequency, the three
computers being held in synchronisation by the transmission of software controlled
synch stat pulses along dedicated interconnecting wires. Each computer sequentially
takes it in turn, once per computing cycle, to send synchronisation pulses simultaneously :
to the other two computers. 1In each case the receiving computers on seeing the pulse
jumps to a predefined step in the programme, knowing that the sending computer will also
be at the corresponding step in its programme. If a computer is too far out of
synchronisation and is not at the correct point at the correct time, an amber warning
is generated.

To accommodate relatively wide variations in the start up time of the three
computers when power is switched on, a coarse synchronisation programme is initially
used to reduce the timing difference down to 1 word cycle. If only two out of the
three computers achieve synchronisation, within a time slot of 200 msecs, these two
proceed to operate as a duplex pair. If all three computers fail to synchronise a
dynamic halt is executed.




5 SYSTEM DEVELOPMENT
5.1 Initial Assessment

The development of new or improved control laws was not an objective of the
present programme; consequently it was decided in general to implement identical
autostabilisation control laws to those provided in the existing analogue system.
Using general purpose hybrid computing facilities, the fundamental parameters for a
digital implementation such as iteration rates, converter quantisation levels etc were
established and an assessment of the required program size was made.

5.2 System Test Rig

To perform both hardware and software development testing, computer commission-
ing and release testing and as a facility for faulty component location during the
flight trials programme, a systems rig was built at Cheltenham including the following
interconnected facilities

Three engineers test panels

A systems control panel |
A breadboard computer unit

A TREND interface terminal

The three engineers test panels, each incorporating 8K of core store, are connected to |
the digital computer units via commissioning connectors at the rear of the units. With
the comp.ter cover removed, the unit can function using the core store rather than its
own in~built program (PROM) store. Each test panel provides facilities for halting,
stepping and inching the computer, for inspecting the state of individual registers and
loading individual core store locations with data from "Data" register switches. A
store protection switch prevents corruption of store except when it is required to load
these stores with program or data. Switches with extension leads allows simultaneous
initiation of operations of all three computers and their test panels.

The systems control panel provides a housing for the pilot's control unit, the
interseat null indicator and a junction box for all unit to unit interconnections
provide access to every pin connection in the system and includes switches for open
circuit failure simulations. Facilities are also provided allowing the connection to
real o. simulated sensors and for interfacing to a hybrid computing facility so that
closed loop operations can be carried out. The nominal 115 volts, three phase AC
supplies can be adjusted within the range of 85 to 135 volts.

Preceding the final design of the airborne computer unit a breadboard computer
was built for rig evaluation. This unit was functionally identical to the airborne
unit in all respects including the input and output facilities, dual engage/disconnect
circuits, dual interlane data transmission system as well as the basic central process-
ing unit. In addition to providing an invaluable means of checking the correct function-
ing of the basic design, this breadboard formed an important feature of the systems rig
for development testing and re-release testing.

The TREND terminal, adapted to interface with the three engineers racks, incor-
porates keyboard and paper tape input/output facilities for program insertion and
modification.

S.3 Rig Testing

The systems rig facility was initially used for system development and to function-
ally check the operation of the breadboard computer unit. Any design modifications
introduced during the development programme were incorporated and evaluated on this rig.

A full triplex system using two airborne computer units and the breadboard unit was
available in May 1975, subsequently being in virtually continuous use on development,
unit release and flight trials support until the flying programme was completed in
July 1977.

Apart from the normal system and software development work, the rig was also used
to carry out noise susceptibility testing which involved the injection of spurious
voltages over a range of frequencies between specific regions of the system. In a high
proportion of cases noise signals were injected into only one out of three lanes in
order to increase the severity of the tests. From this work the general system immunity
to injected RF was established. However the need for electrical isolation between the
28 volt DC return line and 400 Hz neutral line was established and this involved the
introduction of small isolating transformers in each of the three 26 volt supply lines
to the rate gyroscopes. The computer interlane data transmission highways, manufactured
from screened and twisted pairs of wires, showed a high degree of immunity to injected
RF noise.

The effects of transient power supply variations and interruptions were also
investigated using the systems rig, from which it was established that transient power
supply variations to BS3G 100 specifications had no effect on system performance. The
in-built self-monitoring system on the computer power supply unit resulted in system
disengagement for interrupt durations lasting between 1 cycle at nominal 115 volts level
down to 1/4 cycle at 105 volts level.
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5.4 Servo Interface Testing

It was necessary to establish the ability to successfully drive the auxiliary
servo system using either one or both coils of the servo valve, and this was done during o
a short test programme using an auxiliary servo test rig at Westland Helicopters Limited |
(WHL) . This series of tests also attempted to foresee problems likely to result from
driving the servo valves with quantised rather than continuous input signals. To achieve
this, sinusocidal input signals, sampled at a rate of 20 per second, corresponding to
the predicted rate necessary for stabilisation control, were injected into the system
and no problems were foreseen at this stage.

Following the initial flight of the system it was observed during ground testing
that rapid movements of the cyclic stick produced a loud noise from the auxiliary servo
system responding to quantised outputs from the digital computers. A detailed study to
examine the nature and consequences of this effect was carried out before the aircraft
was allowed to fly again. High speed film of the auxiliary and primary actuator
responses confirmed the step-wise output response at the iteration frequency. The
possibilities of such motion leading to hydraulic seal wear, fatigure in the mechanical
control circuits, the excitation of rotor blade structural modes and possible mechanical
damage to the auxiliary and primary servo systems were investigated. A strain gauge,
fitted to the lateral cyclic servo output rod was used to establish that in-flight loads
did not exceed 20% of the fatigue endurance limit, and only 8% of the loads exceeded 4%
of the limit. To ensure that seal damage would not occur, it was, however, decided to
fit filter circuits to the outputs of the DSAS system on all three control axes.

5.5 Software Developments

A top down structured software development procedure was adopted, starting from
a definition of the overall system tasks and progressing sequentially through sub-tasks
and sub-routines to the production of line machine instructions via assembler language.
At each stage of development, the interrelationship between software and hardware was
checked using the systems rig facility. A flow diagram for the overall executive
computer program is shown in Fig. 5. This essentially sub-~divides into three regions,
namely a pre-engage section, including the pre-flight testing routines, a multiplex mode 4
path and a simplex mode path.

6 AIRCRAFT INSTALLATION

The DSAS equipment was installed in the Sea King Helicopter by RAE personnel 4
during the first quarter of 1976. In order to retain autopilot facilities not provided
by the DSAS system which were considered necessary for some phases of the overall Sea
King research programme, it was decided to retain the existing Mk 31 analogue AFCS
system in the aircraft and to provide a changeover facility which allowed reversion
from one system to the other in one working day.

A schematic of the aircraft installation is shown in Fig, 6. For convenience
the system unit, sensor and actuator interconnections, were routed through a junction
box. The output signals from the computers were routed through a channel isolation
switch box to the servo actuator coils. This enabled individual channel outputs to
be isolated during initial flight trials.

An indication of the location of the system units is shown in Fig. 7. The three
digital computers, the control and display test unit and the three rate gyroscope
units, were located on the starboard side of the cabin. The two triplex position pick
off units connected to the flying control runs presented the most difficult installation
problem due to confined conditions. The pilot's control unit was mounted in the inter-
seat console in the position normally occupied by the Mk 31 AFCS runaway selector box.

7 INITIAL FLIGHT ASSESSMENT
7.1 Sensor Tracking

Because the three vertical gyroscopes were not co-located in the aircraft, it
was not possible to align them for output tracking until they were installed. Static
alignment was carried out to achieve a maximum inter-lane error of 0.25 deg in both
pitch and roll. Assessment of the vertical gyroscope tracking during flights designed

\ to produce maximum errors established that both pitch and roll inter-lane errors did
not exceed 1.0 deg.

The tracking of the rate gyroscope outputs had been measured earlier in the

i programme, prior to the installation of the complete system. Maximum inter-~lane errors
of 0.2, 0.27 and 0.3 deg/s were recorded in pitch, roll and yaw axes respectively, at

- the peak transient rotations for which the aircraft was cleared. When severe airframe
vibration was induced, significant 17 Hz components were measured on the output of each
rate gyroscope, resulting from the predominant 5R vibration mode at this frequency.
This had been anticipated and the decision previously made to sample the rate gyroscope
outputs more rapidly than other sensor inputs to prevent aliassing of this (and other

‘ noise sources) to lower frequencies.
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At the conclusion of the flight trials programme, the rate gyroscope tracking
was re-checked and found not to have deteriorated in the 200 hours of flying since the
trials described above.

2.2 Control Law Modifications .

During the first flights with the DSAS engaged, two unsatisfactory features
became apparent, which were investigated before further evaluation took place.

When the aircraft was deliberately held light on the ground, virtually airborne,
2 resonance in yaw developed. This resonance was either convergent, mildly divergent,
or neutrally stable, under different conditions of AUW, torque setting and possible wind
speed but no correlation was found between these parameters and the stability of the
mode. Sometimes it was necessary to excite the mode by a yaw pedal input. When the
oscillation reached an undesirable amplitude, the pilot would disconnect the DSAS and
the oscillation would slowly subside, as illustrated in Fig. 8. It was felt that this
subsidence was a manifestation of an unanticipated lightly damped yaw mode of the
aircraft and that when the loop was closed by the DSAS, the time delay of the digital
system produced sufficient phase lag at the relatively high frequency involved, to
destabilise the mode.

At this stage it was not practical to reduce the pure time delay in the system,
so an alternative solution was evaluated in flight. This consisted of reducing the gain
of the yaw rate term and making a slight reduction in phase lag by decreasing the time
constant of the analogue smoothing filter on the yaw channel output. The combined
effect of these two modifications was to stabilise this yaw oscillation and achieve a
relative damping comparable to that of the open loop mode, as shown in Fig. 8.

The other initial problem was concerned with the pitch axis performance, where
a higher than expected general level of pitch servo activity was experienced. It was
considered that this over~activity was a sign of a lightly damped short period mode.
Pilot opinion was that the pitch axis was somewhat 'livelier' than normal, but not
necessarily unsatisfactory. More detailed examination of the pitch axis confirmed that
the short period mode was in fact under-damped, as shown in Fig. 9(a).

A series of tests was conducted, aimed at improving the short period pitch
stability, without adversely affecting pitch attitude holding or turbulence response.
This was achieved by varying both the pitch attitude and pitch rate gains until the
performance was optimum by the above criteria. As was expected, this occurred at
F reduced values of both gains. For comparison, the response to a longitudinal cyclic

stick pulse with the modified pitch axis gains is shown in Fig. 9(b).

In resolving both the features described above, the Control and Display Test
Unit was used to effect parameter changes whilst in flight.

7.3 PCU Ergonomics

k) Several valid comments of the Pilots Control Unit facilities were made by the

& evaluation pilots, the front panel of which is illustrated in Fig. 4. The most signif-

E icant point is that the amber and red integrity warnings were found to have low attention

value. Clearly in a more developed installation it would be necessary to interface the

amber/red signals with central caution/warning panels and possible other warning systems.
This is particularly so of the amber warning, since this is not normally accompanied by

f a discernible motion transient or stabilisation degradation. The fixed intensity of
these integrity warnings (and other legends) was too high at night and inadequate in
direct sunlight and a dimming facility should be introduced on a production system.

T

7.4 Pre-Flight Testing

The pre-flight testing facilities have been described previously. The sequence
of tests was designed to be as natural and instinctive as possible and was generally
agreed to be so by all evaluation pilots. After about three operations, pilots carried
out the tests from memory, without reference to the check list. The flashing "TESTING"
indication provided adequate warning that pilot action was required or that the wrong
action had been taken (in the case of a pilot not following the sequence correctly).
When pilots were familiar with the procedure, the complete sequence took slightly less
than two minutes to perform. However, it was noted that correct operation of the
sequence could be more difficult when the pilot was subject to the distractions
encountered in operational flying. Furthermore the two minutes test duration may not be
operationally acceptable. A possible solution would be to generate two levels of testirng:
a rapid pre-flight test, with minimal pilot involvement which could be supplemented by
! a complete test at scheduled intervals.

=

No insurmountable problems were discovered using the pre-flight test on the
f ground. Although operation of the system from ships was not specified in the system
i requirements, the opportunity arose to carry out deck landings for other reasons. Thus
it was possible to carry out pre-flight tests on a moving deck and confirm that under
certain conditions, angular motion of the ship could interfere with pitch or roll rate
gyro and heading and result in a test failure. No attempt was made to devise modific-
ations to overcome these problems during the trials programme, although software changes
could be made to permit satisfactory tests to be conducted under these conditions.




8 ASSESSMENT OF STABILISATION QUALITIES
8.1 Standard System

Having resolved all known deficiencies in the autostabiliser control laws (albeit
on the basis of tests made over a limited range of speed and altitude) it was possible
to conduct a more thorough assessment of the DSAS as a pure autostabiliser, i.e. without
consideration of the multiplex aspects. The objectives of this assessment were,

(1) to confirm that the modifications already made were satisfactory
over the complete flight envelope

(ii) to check that no additional problems existed

(1ii) to make a general qualitative evaluation of the autostabiliser
performance

The assessment conducted was far less rigorous than would be the case if totally
different control laws were used or a new aircraft type was under evaluation. 1In
particular, turbulence levels were not included as an experimental variable.

Table 1 lists the tests carried out and the altitude/airspeed conditions covered.
Variations in the position of the aircraft c.g. were not studied, with the single
exception of an extreme aft c.g. case, for which some pitch axis tests were conducted.

The results obtained from the assessment showed that the above objectives (i)
and (ii) had been met, i.e. the control law modifications were satisfactory and no
further problems were revealed over the flight envelope covered. With regard to the
evaluation outlined in (iii) above, the results obtaired were satisfactory in all
respects, there being only a few points of interest listed below.

there was a marginal decrease in pitch axis damping at altitudes
above 5000 feet, but this was not considered to be significant.

a slight oscillatory tendency was revealed on the roll axis computer
output and on the roll rate signal, but this appeared to be a low
amplitude residual oscillation rather than a symptom of a lack of
damping in the dominant mode.

attitude holding in both calm and gusty conditions was measured and
found to be within the limits set out in the Requirements Specification.
However there was a subjective impression that response to heading

trim demands was somewhat slower and less precise than normal, which
could be a result of the gain reduction made in the yaw axis.

8.2 Rate-based System

By virtue of the digital implementation and by using the control and display
test unit, it was possible to carry out a comparative evaluation of alternative system
configurations utilising rate sensor inputs only. The following four configurations
were investigated:

(i) standard DSAS pitch control

(ii) rate stabilisation only, in pitch
(1ii) rate plus pure integrated rate
(iv) rate plus 'leaky' integrated rate

Roll control in all cases (except (i)) was as obtained with vertical rate gyros
rejected.

All variants were found to be acceptable in the context of a simple 'cruise'
autopilot, intended to provide a reduction in workload together with a limited hands-off
capability. Variants (iii) and (iv) gave a performance comparable in the short term
to that of the standard system (i). Workload with the rate-only variant (ii) was
noticeably higher and a significant aft stick movement was required during turns.

Further evaluation of variant (iv) confirmed that such a system had value as a
piloting aid, with a workload mid-way between the standard system and the unstabilised
aircraft.

9 EVALUATION OF PERFORMANCE FOLLOWING IN-FLIGHT DEFECTS

A group of system defects was selected, to be simulated in flight. Of the many
conceivable defects, the choice was made on the basis of those giving rise to the most
severe consequent aircraft motion. The Control and Display Test Unit was used to
introduce the simulated defects into the system.
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Two types of defect were simulated, single axis output fajilures and offsets on
the rate gyro inputs to the system. The tests carried out, together with the results,
are described below together with a limited comparison of simulated defects in systems
of lower redundancy levels.

9.1 Simulated Output Failures

Instructions were devised, which modified the programme to simulate the following
conditions, when inserted into a system computer

(1) an output hardover situation, in either sense

(ii) an output fail to zero, from an initial servo
out-of-trim condition

Thus a total of nine output failures were simulated i.e. pitch up hardover,
pitch down hardover, pitch output fail to zero and the corresponding failures in the
roll and yaw axes. Each failure was injected in the hover and in forward flight at 70
and 100 knots.

In flight, each injected fault produced the expected result, i.e. amber integrity
warning, disconnect of the 'faulty' lane, lane OUT indication and appropriate indication
of the 'failed' LRU on the computer display. It is not possible to present in this
paper all the results obtained, hence representative cases are discussed below.

Examination of a typical simulated hardover, shown in Fig. 10, illustrates the
basic sequence. The output of Lane 2 (pitch) can be seen increasing rapidly to 8 mA
(off the scale) as the hardover is injected, followed rapidly by a reversal to zero as
the lane is disconnected by lanes 1 and 3 acting on the comparison of output feedback
voltages. Simultaneously the outputs of lane 3 and lane 1 (not shown) are automatically
doubled, to preserve the gain and authority of the system. This is shown in Fig. 10
as a step increase in lane 3 output at the instant lane 2 disconnects. Later on, having
removed the hardover from lane 2, the system is re-engaged in triplex and lane 3 output
is seen to decrease by a factor of two as the nominai (triplex) output gains are re-
established. Examination of the pitch rate and attitude responses on Figure 10 shows
that it is difficult to detect any transient motion rpesulting from the fault injection
which could not be ascribed to the random motion due to turbulence. Even if all the
motion were assumed to result from the failure transient, then the maximum is approx-
imately 0.8 deg of attitude and 0.6 deg/s of pitch rate.

A typical fail to zero test is shown in Figure 11 and again the difficulty of
correlating the aircraft motion with the fault injection is seen. The above comments
apply also to the representative roll axis test shown in Fig. 12.

Summarising the results of these many tests, it can be said that the system
completely meets the Requirements Specification in terms of transient motion in the
pitch axis due to the difficulties described above, but it cannot be proved that this
is so in the roll and yaw axes. However, for all tests the transients are within the
bounds of the normal deviations of attitude and rate due to turbulence. Indeed it was
considered that a detectable aircraft motion about the trimmed state would be a valuable
clue to the change of system status.

9.2 Simulated rate gyro errors

Again using the control and Display Test Unit steady offsets on a single rate
gyro signal were simulated, in the hover and at 70 and 100 kts. Table 2 shows the
results obtained at 100 kts, being representative of all speed conditions.

It can be seen (Table 2) that all offsets above the rate gyro comparator setting
of 2.0 deg/s were recognised as defects and the appropriate gyro input rejected with
no detectable attitude or heading change. When the offset was just below the comparator
setting (i.e. 1.93 deg/s), sufficient inter-lane error was present in some cases to
augment the offset value and resulted in the comparator setting being exceeded. In all
other cases the offset was not detected and therefore amalgamated as a valid signal.
When this happened, a detectable attitude/heading change generally resulted, which in
some cases was higher than the value defined in the Requirements Specification for a
single defect.

9.3 Failure characteristics of other systems

Comparison was made between simplex, duplex and triplex configurations fitted in
the same aircraft type. The failure responses of the equivalent simplex system are well
documented, so it was not necessary to conduct failure tests with the DSAS in this mode.
Using the Control and Display Test Unit, the DSAS was re-configured as a duplex system
with no automatic disconnect following a lane failure. In this condition, pitch, roll
and yaw hardovers were injected (in forward flight), for a range of initial servo trim
states. Because general information only on the failure responses was required, the
pilot intervened at relatively low attitudes and rates, whken intervention was required.
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Figure 13 illustrates the response to nose up hardovers for various initial
servo trims. As expected, for a central or nose up initial trim, no pilot inter-
vention was necessary in the short term. With a nose down initial trim, however, the
"good" lane lacked sufficient authority to counteract the hardover and the pilot
intervened after 2.7 s, at a nose up attitude of 10 deg. .

In Fig. 14, the attitude responses to nose down hardovers for simplex, duplex
and triplex systems are superimposed for comparison purposes. Apart from the higher
speed in the simplex response, all flight conditions are similar. With the simplex
system, intervention occurs at 1.25 s whilst with the duplex system, it is delayed
until 3.5 s and could probably have been delayed somewhat longer. No intervention is,
of course, necessary with the triplex system.

10 CONCLUDING REMARKS

In general terms and in most specific instances, the objectives established at
the start of this development and trials programme have been met. Where this is not
the case, it is maintained that this is due to the inherent limitations of a programme
of this nature.

Considerable confidence has been gained, during the course of the trials, in the |
triplex redundancy philosophy and its implementation in the system flown. During this |
time there has been no evidence that the particular design features (e.g. software
synchronisation) have not proved effective.

Following certain modifications to the control laws originally programmed, the
digitised control laws provided satisfactory stabilisation and handling qualities.

Two particular problems encountered during the flight trials have highlighted
the need with digital systems to consider very carefully, at the earliest opportunity
the interface with the mechanical/hydraulic elements of the aircraft flying controls
and the interaction between fundamental system parameters and aircraft structural modes.

Transient aircraft motion following specific simulated system defects has been
determined in flight and in no case was short term pilot intervention required. 1In
many cases the transient was within the general level of motion due to turbulence and
could only be estimated. Certain defects resulted in transients in excess of the
values quoted in the original Requirements Specification but it was felt that the
response was still acceptable and that it may be advantageous to increase these motion
limits.

Within the context of the flying tasks carried out, the pre-flight test routine
is satisfactory, no fundamental problems have been exposed. However the routine in its
present form is likely to be incompatible with operational flying requirements. Possible
modifications have been suggested to cure this problem.

A reasonable level of EMC testing and experience has been accumulated, with the
equipment both in and out of the aircraft. Corruption of the installed system by one
externally radiated frequency occurred which requires further testing to assess the
nature of the problem.

% | REFERENCES
b B P. Robinson, J.L. Hollington, et al.

"Helicopter Automatic Flight Control System for poor Visibility
Operations" AGARD Conference Proceedings, No. 148, Paper 24.

2. P. Robinson.
Flight assessment of a digital, defect survival helicopter auto-
stabiliser. RAE Technical Report 78121.
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TABLE 1 - STABILISATION PERFORMANCE TESTS
% Test R HT. ‘ 500 ft 5000 ft |10000 ft 500 ft )
No. Speed |Hover | 70 (100 | 50 |80 55 Hover 70 100 : r
1 2
1 | Pitch stick pulses Y/ VY /| Y % v i | 3
2 | pitch stick steps % A [ L] A % v /o !
3 | Pitch stick steps DSAS out % ViV | Y v/ % W ? E
4 | Trimmed, hands off flight % VY V| v v v £
5 | As 4 VGs out v Y s % % el
6 | Roll stick pulses % V|V i o v c.g.near aft
7 | Roll stick steps v |V V| v v/ Ldmit (3
8 | Roll stick steps DSAS out v/ |V VALIE "
9 | Trimmed, hands off flight v/ /v /)Y v/
10 | As 9, VGs out 4 W Y %
11 | vaw Pedal kicks v/ I V]| v v/
12 | Co-ordinated turns - oV 2 % v
13 | Flat turns using heading trim v/ V|V /| v v
14 | Torque changes v V|V Al v
4 15 | Torque changes (1) v/ /| v /| v vy
16 | Jump take-off % = | =
17 | Jump take off (1) 1% o o L =
18 | Trimmed Hands off Flight v Y Y v
1 {
D) :
Central c.g. (2)
i (1) Heading hold disengaged for these tests
(2) AUW in the range 17 000-19 750 1b c.g approx -0.5 in (fwd of datum)
- (3) AUW in the range 16 700-17 050 1b c.g in the range +4.6 in to +6,06

(aft of datum)

TABLE 2 - RATE GYRO OFFSET TESTS
]
Rate Gyro ? Pitch Axis Roll Axis Yaw Axis
ffset - +
| SR Amber Attitude Amber Attitude Amber Heading
DEG/S Warning Changes Warning Changes Warning Changes
+ 11.0 E
5.6 Immediately " Immediately * Immediately %
+ 2.8 =
- 1.4 No 2 Deg NU No 1 deg LWD No 3 deg stbd
+ 1.4 No 1 deg ND No - No 4 deg port
- 1.93 After 1.5s * After 2s * After 1s 3 deg stbd
+ 1.93 No 3 deg ND After 2s - After 4s 2 deg port
|
i * denotes no detectable tude/heading change

All tests made with DSAS in t lex
Speed 100 kts IAS

Altitude 1000 ft

AUW in the range 17 000 - 19 750 1b

c.g approximately 0.5 in forward of datum

*
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SUMMARY

This paper describes the design and development of the Automatic Transition and Dunking Sonar
Deployment Modes of the Autopilot fitted to some Naval versions of the Westland Lynx helicopter.
Although development of these facilities has been in progress for several years and helicopters fitted
with these autopilot modes are now entering service. the relevant design and implementation
technology represent a significant step forward in helicopter systems. These automatic manoeuvring
modes were developed for specific naval operational requirements, but applications for this type of
autopilot facility are envisaged and are actively being investigated, for more general offshore
helicopter operations including approach aids, air sea rescue activities and survey applications.

After a brief review of the basic stability augmentation system fitted to the Lynx Helicopter, the
paper describes the Synchronised Transition autopilot mode. This leads to the requirement for Sea
State Filtering of the height control signal and the development of the filter presently used in the Lynx
autopilot is described.

The paper concludes with a review of the design and development of the Cable Angle and Cable Height
hold autopilot modes that together provide the Sonar modes for stabilising the position of a dunking
sonar.

1. STABILITY AUGMENTATION SYSTEM

To fully appreciate the way in which the Maritime Autopilot modes interface with the flight control
system it is useful to review the stability augmentation system (SAS) fitted to the Lynx helicopter.
This review is an outline description only of the key features of the SAS; for a more detailed
discussion the reader is referred to the paper 'Some Design Aspects of the WG13 Rigid Rotor
Helicopter' (Ref. 1).

The Lynx is fitted with a full four axis stability augmentation system in which the computing and series
actuation are duplicated. In each control axis, the outputs of both lane series actuators are
mechanically force summed to provide a single output to the power control unit and mechanical flying
controls. This output is mechanically limited to nominally 10% of the total available blade angle
travel in each control axis, and this authority limitation is a significant factor which greatly
influenced the initial design of the SAS.

The flight control system is implemented using analogue computing technology. Although using the
most up to date analogue electronic components, reliability, size and cost restraints have required
that the SAS, and indeed the autopilot control laws remain relatively simple: a further constraint on
the design process. Consequently maximum use has been made of fixed gains and fixed time constant
control filters. Long term storage of a parameter datum always presents a problem in analogue
systems. The Lynx automatic flight control system (AFCS), utilizes an electro- mechanical store for
the heading datum and a digital store for height. Future systems based on digital processors will
remove many of the design constraints since scheduled filters and gains and datum stores can be
incorporated with minimal hardware penalties.

1.1 Pitch Axis Autostabiliser

One lane of the pitch SAS and its interface with the mechanical flying controls is shown in Figure 1,
The control system shown is much simplified and shows only the key elements,

The mechanical controls reflect standard helicopter practice and incorporate an artificial feel unit, a
trim motor for manual adjustment of the datum and a mechanical summing device such that the output
from the SAS series actuators is incorporated into the drive to the power control unit. As the SAS
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feedback loop terds to oppose any pilot manoeuvre inputs, the pilot demand is electrically sensed and
a cancelling signal via the gain K| is fed into the SAS control law.

Stability augmentation is provided by sensing pitch attitude and feeding back the attitude and derived
pitch rate. In view of the characteristics of the basic helicopter it was found necessary to utilize a
gain range on G, which would contravene the control authority limitations, It was therefore necessary
to incorporate the limit function I.; which has a gain of 1 for values of 6 less than + 5° . hence

allowing full stabilization in this attitude regime and, having a reduced gain for larger attitude
excursions. Therefore stability augmentation is somewhat impaired during manoeuvring flight but,

as this normally occurs under pilot control, it is acceptable.

The C, G. trimmer is simply a means which allows the pilot to trim the SAS electrically such that the
series actuators operate about a null position. This facility is necessary in view of the limited
authority available to the series actuators for control.

When the transition autopilot mode is engaged the pitch axis control law demands a continually changing
trun condition as the speed is wound off. This would cause series actuator saturation if some means
were not included to prevent it, Although the circuitry is not shown on Figure 1, the autopilot output
demand also drives the trim motor directly via a hysteresis switch function. The characteristics of
this function are described in greater detail in the yaw axis SAS description. By this means the basic
trim of the pitch control axis is updated at intervals which prevents saturation of the series actuator.

1,2 Roll Axis Autostabiliser

One lane of the roll SAS and its interface with the mechanical flying controls is shown on Figure 2,
The control system is shown in its simplest form and in this respect is very similar to that described
for the pitch axis.

Other than the form of the feedback control law the pitch SAS and the roll SAS are very similar.
Stability augmentation is again provided by feeding back roll attitude and derived roll rate. In view of
the requirement for stabilization over large attitude excursions and the incompatible limit on control
authority the attitude term is limited to small excursions by the limit .. Thus at large bank angles
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stability is provided mainly by the derived rate term with gain G,,. Additional stability is required at
the low speed end of the flight envelope and in the hover, this is provided by the washed out attitude
feedback term with gain G¢.. In this case the time constant Ty is very much longer than the time
constant T3 in the derived rate feedback path. In order to restore stability to an acceptable level at
higher speeds the time constant T is reduced by means of a simple speed switched filter arrangement.

1.3 Yaw Axis Autostabiliser

The yaw axis autostabiliser incorporates a duplex yaw damper and a simplex heading hold autopilot.
One lane of the yaw damper and its interface with the heading hold autopilot and the mechanical flying
controls is shown in Figure 3.

The mechanical flying controls in the yaw axis are essentially similar to those in the pitch and roll
axes, but the yaw axis has an automatically controlled parallel trim motor. Small amplitude demand
signals are fed to the series actuator but, because of the very large yaw amplitudes possible, it is
necessary to transfer most of the demand to the parallel trim motor in order not to saturate the series
actuator. Whenever the series actuator demand exceeds about 50% of its total authority a hysteresis
switch operates to transfer the demand to the parallel trim motor, thereby leaving the series actuator
with authority to cope with the higher frequency stability augmentation function,

The yaw damper utilizes yaw rate feedback which is fed via the simple gain G _ to the series actuator.
The heading hold autopilot control law receives a heading error signal from an electro- mechanical
store, the error then feeds through a proportional plus integral function to provide the demand signal.
The heading demand signal feeds to the parallel trim motor drive where it is summed with a component
of the yaw damper demand before feeding to the hysteresis switch. Similarly a component of the
heading demand signal is summed with the yaw damper demand to form the series actuator drive
signal.

To facilitate manual manoeuvring in yaw it is necessary to disengage the heading hold autopilot and
also reduce the gain Gr' This function is controlled by pressure switches on the rudder pedals.

P
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1.4 Collective Axis Autostabiliser

At high forward speeds the Lynx helicopter has a tendency to instability in the pitch axis, The control
of this characteristic solely in the pitch axis necessitates increased control authority which would lead
to an unacceptable runaway behaviour. Thus it was necessary to provide additional independent
stability augmentation. This was incorporated in the collective axis control, one lane and its
interface with the mechanical flying controls is shown in Figure 4.

Rapid change in pitch attitude gives rise to a normal acceleration change which is sensed, fed back
through the gain G , and the washout filter with time constant T , to provide the drive to the
collective axis series actuators. The washout filter is necessary to remove long term acceleration
signals which would be experienced in manoeuvring flight.

The mechanical flying controls incorporate a parallel trim motor which is only clutched to the
mechanical output during automatic manoeuvring involving collective control. The operation of the
parallel trim function is otherwise similar to that in the yaw axis and is used to remove large trim
offsets from the series actuator which would otherwise result from autopilot control.

2. AUTOMATIC TRANSITION AUTOPILOT

The automatic transition autopilot provides the facility for a controlled precision translation down
from an initial height and speed datum to the hover at a very much lower height. The manoeuvre
entry and exit conditions are variable within defined ranges. To achieve the required linear
glideslope profile it is necessary to control height and speed synchronously, whilst heading and
lateral speed control ensure that the helicopter maintains constant heading throughout the manoeuvre.
A summary of the manoeuvre is shown in Figure 5.

The Transition provides a linear descent profile by synchronously maintaining constant deceleration
in both the horizontal and vertical axes., At engagement, the time to complete the manoeuvre is
defined by the forward ground speed and the fixed deceleration in the speed control law: the
deceleration is chosen to give a suitable nominal execution time for the range of entry speeds. The
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Figure 5 The Transition Manoeuvre




vertical manoeuvre is therefore programmed at engagement to reduce height with constant vertical
deceleration, which is a function of both initial speed and height errors. Both the pitch axisc and
collective axis demand signals are controlled to produce a smooth entry into the manoeuvre which is
essential to prevent a large build up of pitch attitude. The control laws are configured in such a way
as to ensure that the height transition finishes at the same time or before the speed transition to avoid
the undesirable condition of vertical descent at low altitude. The flare out of the manoeuvre is
approximately exponential and is controlled in suct a way as to prevent undershoot and cvershoot of
the final height and speed values. On completion of the manoeuvre the autopilot automatically switches
into the hover hold mode.

2.1 Pitch Axis Control

Control of forward speed during the transition manoeuvre is effected by means of the pitch axis
control system shown in Figure 6.

The transition speed error U, is continuously computed by comparing the preset exit speed Uy ,

which is nominally zero, with the doppler derived ground speed. The speed error passes through the
gain G, and amplitude limit L., to produce an acceleration demand signal U ; . During the linear
descent period of transition the limit L4 is saturated to ensure a constant value of acceleration demand.
As the speed approaches the final value the speed error U, diminishes to a level such that the limit L,
is no longer saturated. At this point

8 = Gul' (1)

and the exponential flare to the final value of Uy commences with G effectively controlling the time
constant of the flare.

The acceleration error signal provides the demand to the leagitudinal cyclic control system and is
computed by comparing the demand U, with derived forward acceleration feedback U, Forward
acceleration feedback is derived from doppler ground speed U by means of a washout filter with time
constant Tg and a suitably chosen gain Gy. The doppler speed signal is compensated for attitude,
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Figure 6 Longitudinal Cyclic Pitch Transition Control System
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and hence speed changes, by means of the pitch attitude feedback through the gain G, and amplitude
limit L5 . The limit Lg is to prevent autopilot saturation for large attitude transiefts which could
occur at commencement of the manoeuvre and would modify the transition profile undesirably, The
acceleration error signal Ug, passes through the fader circuit and thence a standard proportional
plus integral autopilot controi law.

The resultant longitudinal cyclic pitch demand signal then feeds into the pitch axis avtostabilization
computing. The fader circuit is designed to provide a smooth entry to the manoeuvre at engagement
to prevent very large pitch attitude transients developing.

G__ was selected by experimental analysis to provide an exponential exit flare. In practice the
selected value of Gu required that both axes of the transition manoeuvre were operated simultaneously
in order to obtain a satisfactory flare for all entry and exit conditions.

2.2 Collective Axis Control

Control of height during the transition manoeuvre is effected by means of the collective axis control
system shown in Figure 7.

The control signal is derived from radio altitude. To obtain a linear glideslope the vertical
acceleration must be constant and synchronized to the forward speed transition except during the exit
flare. This is achieved by controlling height rate during the descent.

2.3 Implementation of Control Law

Referring to Figure 7, the controlling height h, and height rate h signals are obtained from the Sea
State Filter circuitry, which filters raw radio altitude and normal acceleration in a complementary
fashion. The derivation of the filter is discussed later. The controlling height error h_ is obtained
from the height signal h_ and the preset hover height h... Height error is then passed tl?rough the
square root circuit, muItiplied by the constant K and rate limited by 1‘6 to provide the height rate

demand signal hd.
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Height rate error l':le is compuied from height rate demand h , and height rate h

via the engagement fader to ‘he autopilot loop.

d which is then passed

fl
The fader circuit ensures a smooth entry to the manoeuvre and the autopilot computing function,

provides a standard proportional plus integral function suitably chosen to give good tracking
characteristics during the synchronized manoeuvre.

The constant K is computed continuously by taking the speed error u_, from the pitch control law and
the height error h ., The track-store circuit tracks K until the manoeuvre is engaged. At that instant
h and u_become the .nitial values h . and u_, respectively thus, the track-store circuit outputs the
stored value of K which is correct for the manoeuvre.

The exit flare in the height transition manoeuvre is arranged to take place over the last few feet of
height error. The comparator continuously compares K with K he.; and switches at the appro priate
value of h . At this point the switch S is operated by the switch?ng logic changing the height rate
demand control law.

This control law results in an approximately exponential exit flare in height and the constant K_ is
chosen to give a flare which is adequately synchronized with the flare in speed. &

2.4 Lateral Axes Control-Roll Axis

When the transition autopilot mode is engaged a simple roll autopilot function is activated. The
control law has two functional terms, the first provides additional roll rate damping by feeding back
a pseudo rate term derived from roll attitude and the second provides a lateral velocity hold function.
Lateral ground speed is derived from the doppler-radar and is summed with a preset lateral velocity
demand vy, which is nominaiiy zero. The resultant lateral speed error is then summed with the
additional rate feedback term and the total demand signal sums into the autostabiliser control law at
the appropriate point, via the proportional plus integral autopilot loop control law.

2.5 Lateral Axis Control-Yaw Axis

When the transition autopilot mode is engaged the yaw autostabiliser and heading hold autopilotas
previously described are also engaged.

2.6 Performance

The transition autopilot was developed and its performance evaluated with the Westland Helicopters
Limited simulation facility, However, the development model did not include the Sea State Filter nor
did it incorporate the peculiarities associated with the doppler ground speed signal. With those
simplifications the transition control laws were developed very considerably to embrace the entry and
exit requirements arnd to include the effects of wind speed and gusts.

[t was ‘ound that the system was not significantly influenced by gusts but that variations in headwind
caused the termination of the manoeuvre to undershoot or overshoot by small amounts. However, the
transition control laws were developed to a satisfactory standard within the constraints of the analogue
model. During development the gains and time constants were repeatedly adjusted in order to obtain
the best empirical compromise.

During initial flight testing, under near ideal conditions, the performance of the transition autopilot
was found to be good and closely matched the predicted performance. However, when operated in the
intended environment over the sea the problems began to materialize, The main problems were
associated with the inadequacy of the Compiementary Sea State Filter, and the less than ideal output
from the doppler radar. The transition control laws themselves were found to be satisfactory
requiring only minor changes of which the moest significant was reduction of the time to complete the
manoeuvre since in practice the original designed performance was unnecessarily stately.

A typical result is shown on Figure 8 in which an original simulator result is compared with the
in-flight result obtained during early flight trials. The comparison shows that the predicted and actual
performance were very close, the difference being partly attributed to a steady headwind in the real
flight case as well as an unsteady atmosphere. In the case of the height profile the difference in entry
condition also contributed toward the general difference.

Now that the problems associated with the doppler radar output and the Sea State Filter have been
overcome, the performance of the transition autopilot is considered to be very good under most
conditions.

3. SEA STATE FILTER

For the Transition Autopilot mode to function satisfactory over the sea surface it is essential that
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height information is available which is substantially free of sea motion interference. It is therefore
necessary to take raw radio altimeter output information and process it to provide a smoothed mean
height signal. This causes very considerable problems with analogue implementation when the system
' performance requires significant attenuation of sea motion interference. The problem is
) further compounded when the helicopter is flying against the sea as the bandwidth of the sea motion ]
| seen by the radio altimeter is effectively enlarged. In practice the estimated bandwidth of the sea
motion is approximately d.c. to 30 Hz with peak to peak amplitude varying from zero to 20 ft. In
general the very large amplitudes are associated only with the very low frequencies., A

The approach tc the design of the sea state filter was to treat the sea motion interference of the height
signal as statistically identifiable noise and to use a complementary optimal filter design technique.

3.1 Filter Design Technique

The design of the complementary filter utilized a technique devised by Bode and Shannon and is
described fully in reference 2. In this case the technique is used to filter a combination of radio
altitude and normal acceleration signals in such a way as to derive, primarily, a smoothed height
signal substantially free from the noise contamination on both input signals. The basic schematic
arrangement of the filter is shown in Figure 9.

The transfer functions H (S) and Y (S) are functions of the Laplace variable S and in this case,

B(s) = 5 (2)
K s

thus, to design the filter it is necessary to define the transfer function Y (s) to minimize the noise

error 8 on the output height signal. The input signals are radio height hga and normal acceleration
‘ a, where,
! he, = h+ns (3)
!* a, = a+tn, (4)
5




The input signals are composed of the meaningful signal plus the noise components n, and n,.
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For the purposes of the analysis the noise signals n, and n, are assumed statistically independent and ‘5
sinusoidal in form such that transfer from the Laplace domain to the frequency domain may be
obtained by writing:-

il o

s = jw

Defining Gn,n,(w), Gnzn,(w) and Ge, e, (W)

as the power spectral density functions of the various noise signals then,
Ge, eg(w) = |H(s) o e GRy B3 (W) (5)

Define the frequency response function

Gegeglw)
Y, (jw) = Geye,(w) + Gnon,(w) (6)

and an overall power spectral density function

G(w) - Ge,e,(w) + Gnyn,(w) (7)
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Figure 9 Complementary Filter Schematic

| It is necessary to identify a function Y1 (S) such that

GW) = Y,(jw) . Y, (jw) (8)
where Yt(jw) is the complex conjugate of Y, (jw) . It is then possible to obtain a function,

Yo(m) = Y. (8] . Y,(8) (9)

The function Y, (s) may be expressed in partial fractions some of which will be realisable and others
imaginary and hence unrealisable. The realisable component of Y, (s) is designated Y, (s) .

Ya(s)
‘ Y(s) = SAT (10)

Having thus defined the optimum filter transfer function it is then possible to predict its performance
by computing the power spectral density of the output noise component and hence the rms amplitude
of the output, The power spectral density function of the output noise is given by,

normal accelerometer signal,

GEE(w) (\’(s))a Gn,n,(w)+(l-‘1(a))a (HB)>" Gny ng (W) (11)
i s = jw 8 = jw 8 = jw
‘ 3.2 Power Spectral Density Functions
I
I From the foregoing it is evident that the key to the success of this technique is the 'correct’
| identification of the power spectral density functions of the noise on the radio height signal and on the
|

X R A
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3.3 Accelerometer Noise

In the absence of statistical data defining accelerometer noise it was decided to use a simple model of
amplitude limited white noise.

The power spectral density function is given very simply by
2A3 <

Gn,n,(w) = = (12)

Where A is in the half amplitude of the noise.
3.4 Radio Altimeter Noise

A great deal of effort was expended in trying to identify a satis’actory power spectral density function

for the sea noise contamination on the radio height signal. A cousiderable study was made to

establish sensible limits for the bandwidth and amplitude of the worst case sea states likely to be 1
encountered. Material for this study was obtained from reference 5 and led to the initial choice of

maximum peak to peak amplitudes of 20 ft. with maximum wave period of 15 seconds. Correlation

between amplitude and period was not assumed. After some difficulty in designing a realisable filter

to cope with these limiting conditions a more realisable worst case wave was defined with lower

amplitude and shorter period.

References 3 and 4 give estimated power spectral density functions for sea wave motion.
Unfortunately these functions are empirical, based on observation and in general are not analytic
functions. They cannot therefore be used directly in the Bode and Shannon filter design technique.
This problem was solved by using computer based curve fitting techniques to the empirical functions.

To obtain the final function considerable estimation, approximation and assumption was required, thus
it represented a somewhat devalued version of the functions quoted in references 3 and 4.

Evaluation of the transfer function Y (S) was found limiting in as much as a significant element of the
function Y, (S) was found to be complex and hence unrealisable, It was found that a much simpler
bandwidth limited white noise power spectral density function for the sea wave noise gave almost as

good results.
3.5 Initial Filter Designs 3

After considerable investigation and design attempts using variations on the power spectral density
functions to obtain a sensibly realisable transfer function for Y (S) the following form was found to be
acceptable,

K (s + a)

Y(s) = (13)

s2 +bs + ¢

The performance of the filter was evaluated by comparing the error § on the output with the error n,
on the radio height input. For sea motion represented by white noise of the appropriate amplitude
the attenuation met the requirements. However, for sea motion with the power spectral density
function defined by the curve fitting technique, the result was less satisfactory.

The preliminary complementary transfer function for obtaining a satisfactory smoothed height signal
was of the form:

K + 1

(s +a) k. @ S et SIS ag (14)
(8 +b +c 1+Ts §2 +d+c

h, -

The long time constant washout was included in the accelerometer term in order to wash-out long term

thermal and drift effects which might otherwise prove undesirable. The long time constant was ]
necessary in order not to influence the behaviour of the filter at the frequencies of interest. The

analogue realisation of this filter is shown in Figure 10. It will be observed that the height rate output

hf is obtained by picking off height rate at the appropriate point and feeding it through a lag.

The optimum design of a complementary filter to produce a height rate signal was carried out along

the line described for the height signal. It was found that a very good approximation to the optimum ]
complementary filter for height rate could be obtained simply by adding the lag term into the transfer

function, as shown in Figure 10.

3.6 Further Development

Considerable difficulties were encountered when attempts were made to implement the sea state filter
design. In general the performance was found to be reasonable, but the washout filter on the
accelerometer input caused significant problems in particular at engagement. It was also found
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Figure 10 Preliminary Sea State Filter Design
difficuit to construct a repeatable analogue filter with the long time constant. Further, totally
unacceptable problems were created by having to match the duplex lanes of the filter in the duplex autopilot
Further design effort was of an empirical nature and was based largely on simulation exercises using

the Westland Helicopters Limited simulator facility, Initially, most effort was concentrated on
modifying the washout filter such that the sea state filter could be engaged immediately after significant
manoeuvres which was previously not the case., Extensive modifications of the sea state filter followed
in which the gains, time constants and the general order of the filter were changed. In general

the performance improvements in the modified filter were negligible, but the engagement problems
were largely overcome at the expense of filter complexity.

When flight tested the problems of engagement offsets and transients and lane matching were found to
be satisfactory and acceptable transition profiles were obtained. However, excessive short period
noise was getting through the filter to the height rate output. As the noise was thought to originate at
the radio altimeter output the suggested solution required that the height rate output be complemented
independently with the normal accelerometer output signal. The resultant sea state filter control law
is shown on Figure 11,

4. AUTOMATIC SONAR DEPLOYMENT AUTOPILOT

The automatic sonar deployment autopilot is operated with the helicopter in a hover hold mode over the
sea, The sonar device is suspended, immersed, on a cable beneath the helicopter and its depth and
attitude are controlled automatically by controlling helicopter hover height and plan position. The
hover height autopilot controls exposed 'dry' cable length to a preset value, normally less than 100
feet. The plan position of the helicopter is determined by controlling the angle of departure of the
cable from the helicopter, (cable angle) to a preset trim value. The theory of this method of control
is that in the absence of wind and sea drift effects, if the cable angle is zero the sonar device will
adopt the required upright attitude in the water,

The design of the 'dry' cable height control law was relatively straightforward since the conventional
hover height hold autopilot had already been designed in conjunction with the transition autopilot. The
control law was modified accordingly using 'dry cable length ' in place of radio altitude.

e
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Figure 11 Sea State Filter

The design of the longitudinal cyclic and lateral cyclic control laws to provide the plan position control
was not so easy. To evaluate the design the entire system was modelled using tlie Westland
Helicopters Limited analogue simulation facility and depended very heavily on selection of a suitable
simulation model for the cable.

4,1 Plan Position Control

Throughout the design phase both the longitudinal cyclic and lateral cyclic control laws were of the

same format, as the control requirement is very similar in both axes in what is nominally a steady 1
hover mode. It was found that dynamic differences could be taken care of by suitable choice of gains

and time constants for the relevant control laws.

it

The geometry of the sonar device deployment is shown in Figure 12, Although the geometry shown
relates to the longitudinal control axes it applies equally to the lateral control axes. The displacements
occur as the result of turbulence effects on the helicopter and cable, steady wind effects on the cable,
sea drift and sea motion of the type already discussed in the transition autopilot context. The net
result is that the cable defines an arbitrary profile between the helicopter and the sonar device.

In the ideal situation, in the absence of external effects, the cable would hang vertically beneath the
helicopter and the sonar device would naturally adopt an upright attitude. This condition defines the
datum and is also the condition that the cyclic control system must try to create despite the above
mentioned external effects. Therefore, the control system must attempt to reduce to zero the cable
angle and the residual horizontal displacement which are related by the cable profile. It is therefore
necessary to identify a model defining the cable profile which will obviously be different for every set
of external conditions. It was found possible under limited external conditions to define a continuous
cable model, However, in the interests of simplicity and the simulation requirements the initial
model studied was of a rigid cable followed by a piece-wise linear model, both of which were easier to
simulate and proved adequate in the long term,

The initial longitudinal cyclic sonar control system is shown in Figure 13. Cable angle error is
obtained by comparing the computed cable angle with a preset value, the error is then passed through F r
the gain stage Gg c and the proportional plus integral stage, to form the longitudinal cyclic pitch
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demand. The inclusion of the necessary integral term was found to be destabilizing, therefore, an
additional damping term was included.

Rather than use a doppler derived rate feedback term it was decided to derive a suitable signal from
pitch attitude.

By considering the transfer functions,

* and

B! 1

m|=-

for the aircraft with autostabilization it was possible to identify

_d
Gu ) (15)

which was essentially constant for the conditions defined by the sonar hover including steady winds.
Therefore a speed damping term was obtained from pitch attitude by feeding gthrough a pseudo
integrator and the gain Gu'

The stability of the inner loop was evaluated and could only be maintained for a limited range of values
for the gain G). Similarly for fixed values of G within the stable range and a fixed value of k, the
stability of the outer loop could only be maintained for a limited range of values of G@, . Choosing
suitable values for Gg_ and G, would not ensure stability at all conditions as, with a fixed value of k,
the loop gain is implicitly a function of hover height. Consequently the stability margins were very
small for the range of potential operating conditions and so an improved control law had to be
established.

The control system was improved by increasing the gain and hence bandwidth in the outer loop at the
expense of stability. Stability was restored by including a phase advance filter in the feedforward
path in the inner loop. The resultant control system is shown in Figure 14, The inner loop damping
feedback path was modified to include a washout filter to remove steady state trim offsets which would
otherwise modify the system performance. The washout filter chosen for this also cancels
effectively with the proportional plus integral term now included in the feedforward path of the inner
loop, thereby maintaining the correct form of damping feedback.
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Figure 14 Improved Longitudinal Cyclic Sonar Control System
g The performance of this system was evaluated and it was found that the bandwidth was not generally
sufficient and also that the attenuation of cable angle disturbances corresponding to typical operational
: sea states was also insufficient.
‘ Evaluation of the control system defined was carried out on the simulation using the rigid cable model.

It was thought that the use of a rigid cable model was a significant factor in the poor performance
obtained; it was therefore decided to continue development with a more realistic cable model using a _
" number of discrete elements, i ,
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Figure 15 Longitudinal Cyclic Sonar Control System

A number of changes were made to the control system, the result being shown in Figure 15. The
control system configuration shown is for the longitudinal control axes however, the lateral control
system is similar in concept although the gains and time constants are chosen to suit. The main
change in the control system is the method of obtaining cable angle .. In this case a direct method
is used in which a fork device senses the angle of departure of the cable from the fuselage and is
compensated for pitch attitude variations, The implicit change in system stability with variation in
height can be compensated for by adjusting the time constant Ty in the phase advance filter as a
function of dry cable height. Otherwise the control system is essentially unchanged.

Noise on the fork angle signal was found to be a problem necessitating incorporation of a smoothing
lag with time constant T in the cable angle error signal path. The engagement fader in the same
path prevents large attitude transients occurring on engagement. The damping feedback terms were
retained unchanged except for the gain G, which was adjusted to obtain the desired performance with
the new system. The feedforward inner loop was changed to optimize performance., The stability
restoring phase advance network allows for a variable time constant to compensate for stability
degradation with dry cable length or hover height. Also, the proportional plus integral term was
re-optimised to suit the new control system.

The performance of the above system was found to be satisfactory for all operating conditions as far as
could be evaluated by simulation. In all cases, for all combinations of hover height, sonar depth,

sea state and wind speed defining the operating flight envelope the control system could maintain the
cable angle within the required + 5°, However, the addition of cable noise, reflected as noise on the
fork angle signal could under certain conditions cause the system to fall outside the requirements.
However, real cable noise and simulated cable noise differ by virtue of the type of cable model
employed.

4.4 Hover Height Control

Control of hover height in the sonar autopilot mode was found to be relatively straightforward as much
work had already been carried out for the hover hold mode in the transition autopilot. In this case

' height' refers to the exposed or 'dry' cable length and a suitable signal is provided directly for this
eliminating the need for the use of the sea state filter. The collective dry cable angle control system
is shown in Figure 16,
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The control system computes a dry cable length error from the actual value and the preset value, the
error signal is then passed through the gain stages Gcl and GC2 , and the proportional plus integral
stage to demand collective blade angle. The preset dry cable length signal path includes the lag with
time constant T which prevents adjustment transients getting through the control system. The error
signal is limited by limiter L; to prevent saturation at engagement and is also passed through an
engagement fader, which prevents large transients occurring on mode engagement.

The inner loop normal acceleration feedback is modified by a 10 second lag stage to provide a pseudo
height rate term for loop damping comparable to the technique used in the cyclic control laws. A long
time constant washout filter is also included in this path to prevent steady state accelerometer offsets
from modifyins the performance of the control system.

The performance of this control system was simulated for all conditions and was found to be very stable
with a performance well within the requirements. In this case the requirement is to hold dry cable
length to + 4 ft. including the case where the cable is being deployed at the rate of + 1 ft, /sec. As with
the cyclic control system it was thought that cable noise might prove troublesome, but the inclusion of

a suitable filter in the dry cable length signal path would overcome this with little effect on performance,
as the stability margins were more than adequate in this control axis,
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DESIGN AND TESTING OF A REDUNDANT SKEWED INERTIAL SENSOR COMPLEX
FOR INTEGRATED NAVIGATION AND FLIGHT CONTROL
by
R.E. Ebner
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and
W.E. } well
NASA Langley
Hampton, Va.

ABSTRACT

Requirements for a redundant strapdown inertial sensor complex applied to V/STOL aircraft as
developed by NASA are presented. Results of a Litton study for preliminary design of such a system
are then shown, Flight test data of a redundant, skewed axis strapdown inertial system are given,
demonstrating the feasibility of the primary design aspects of the study program. This data consists of
parity equation responses through various flight conditions, showing residual noise levels on redundant
gyro and accelerometer comparisons as a measure of minimum failure-level detectability, plus failure
isolation and navigation performance through several simulated instrument failures.

INTRODUCTION

The use of helicopters and V/STOL aircraft in applications involving extended complex maneuvering
with limited pilot visibility places severe demands on the vehicle flight control system. Sensors used
by this equipment extend beyond standard rate gyros and accelerometers into more navigation-oriented
devices which provide velocity and position outputs in order to achieve the desired display and control
functions. Redundant sensing is then required because of the total reliance of flight safety upon these
sensor outputs. Avionics costs could escalate to unacceptable levels unless highly efficient design
techniques are employed.

This paper describes the preliminary design of a redundant strapdown inertial navigation unit and
subsequent flight testing of these concepts with existing strapdown navigation hardware. The redundancy
concepts have thus been shown to be feasible and can lead to the avionics efficiency required in high-
performance V/STOL applications,

APPLICATIONS

Redundancy and reliability requirements for a flight-control sensor complex are a function of the
flight control modes employed plus the natural stability of the airframe. Table I illustrates the growing
importance of redundant inertial data as SAS, CCV, autoland, and improved handling modes are applied
to the aircraft FCS. The equipment described in this paper applies to the more demanding vehicles,
such as VTOL and CCV, where redundancy is required for most inertial functions. Then, an integrated
set of inertial sensors with self-contained redundant preprocessing can prove very cost-effective over
separate, redundant rate, attitude, and navigation sensors.

TABLE 1 - INERTIAL DATA REDUNDANCY REQUIREMENTS VS APPLICATION

FCS, Autoland, VTOL,
Conventional Yaw 3-Axis SAS, Reduced All-Weather
Redundant Inertial Data Aircraft SAS FBW, CCV Pilot Workload VTOL
Attitude /heading X X X X > 4
Yaw rate X X X X
Pitch/roll rates X X X
Body acceleration X X X
Ground speed/track X X
Position coordinates X

SYSTEM REQUIREMENTS

A preliminary system design was performed by Litton' under NASA contract number NASI-13847
for an efficient inertial sensor complex capable of meeting VTOL reliability requirements. Various
design concepts were then flight-tested with NASA sponsorship using a redundant strapdown system
developed under Litton IRAD,

The motivation for these flight tests and the earlier work that led to them was the foreseeable
requirement for improved scheduled operation of commercial helicopters, I[n a typical situation the
helicopter will depart a busy outlying airnort, navigate narrow terminal area corridors to avoid air
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traffic delays, wend its way through a complex flight path to avoid residential areas and obstacles such
as buildings which may be higher than its flight path, and finally land on a small pad in the downtown
area. A typical flight might last 9 to 12 minutes with a 5-minute layover.

This operating regime is continuously within the most hazardous flight phase — the takeoff, landing,
and terminal area operation. Such operations are difficult under the best of conditions; however, under .
poor visibility this places an undue strain on both pilots and schedule reliability, These operational
characteristics and pilot workload considerations require that ultimately these operations be largely
automatic, particularly in category II and III conditions. The resultant automatic flight control, guidance,
and navigation system characteristics require velocity smoothing in the final landing phase and continuous
navigation data during potential data dropouts from external sources, This requires inertial data. The
basic requirements for this terminal area navigation are shown in Table II (reference 2).

TABLE II — CIVIL HELICOPTER REQUIREMENTS FOR THERMINAL AREA NAVIGATION

l. Requirements for operation in proximity of To within 153 m (500 ft)
obstacles

2, Accuracy requirements:

Range 7.8 m (25 ft)
Velocity 1 m/s (2 kt)
Angular 0.05°
3. Multiple aircraft requirements 1 landing/min
! 1. 75 km (I nm) longitudinal spacing
4. Multiple pad requirements 122 to 244 m (400 to 800 ft) spacing
5. Inertial smoothing requirements 1 m/sec (2 kt) INS for velocity control .
6. Reliability/redundancy requirements Category II dual autopilot or autopilot plus ,'

independent monitor
Category HI triple redundancy ]

T

7. Update rate requirements | sec
8. Data link requirements 8000 bits/sec
9. Requirements for signal continuity and No multipath
fidelity, including proximity of obstacles Use ICAO ILS standards

! 10. Inertial/radio-inertial requirements I m/s (2 kt) INS for velocity control

A system which depends on automatic operations and precise navigation to the extent described above
must have highly reliable data sources; typically this reliability is obtained through redundant sensors.
The degree to which future systems will depend on this data far exceeds any other system in use today;
therefore certain strategies such as pilot selection of alternate equipment must also be done automatically
| because insufficient time may exist for the pilot to determine that a failure has occurred, what has failed, 3
and to make an alternate selection.

The degree of redundancy required is driven by two factors: first, automatic redundancy requires
at least three units to provide a basis for logical decision making and second, the overall system failure
rate must be acceptably low, This latter failure rate is generally taken to be at least as low as 0 (10‘6)
failures per flight hour. The performance of triple units can be obtained from the same physical hardware
as two units if the redundancy management in software is properly implemented.

An additional requirement is that the redundant system be separated physically into at least two
units which can each stand alone as an operational unit. This is to preclude simultaneous loss of the
entire system from accidental causes such as a minor electrical fire. For civil application this separa-
tion should be in the order of 1/2 meter. The impact of this requirement is to make the automatic
redundancy management much more difficult because of the likelihood of dynamic misalignment between
the two units due to vibration and flexure of the intervening structure. Additional separation could have
an impact on control system design since physical location in a given aircraft can influence gain and
filter characteristics,

Automatically redundant systems for inertial measurement were first studied at MIT in the late 60s

(reference 3). The space program has been the first to use redundant concepts with the Shuttle avionics
representing about the ultimate that can be accomplished today. Long-term space missions which rely

” on redundant systems generally count on the ability of the vehicle to make certain maneuvers or use long
integration times to isolate ambiguous failures. The major concern for future aircraft avionics is rela-
tively quick, automatic, unambiguous failure detection and isolation (FDI). For flight control purposes,
today's FDI may be adguate since flight control accuracy requirements are relatively lax. However, for

‘ precision navigation around obstacles, the FDI techniques require refinement. The principal problems
are the reduction of false alarms and missed alarms. The false alarm problem must be solved through
sophisticated techniques while maintaining a low alarm threshoid for early detection of true failures,
i.e., low missed alarm rate,
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System probability of failure (POFg) may be divided into three categories:

POF; = Probability that a failure occurs and is detected (true alarm)
POF¢ = Probability that no failure occurs, but one is detected (false alarm)

POF, = Probability that a failure occurs and is undetected (missed alarm)

POF - = POF. + POF. + POF = 0 (10-6)
E] t m

i

Therefore

or on the order of 1079,

It is reasonable to expect the equipment of a mature, tripley redundant system to achieve a true
failure rate on the order of 10-/, that is
<

POF, + POF = 0 (10 ")
- m

This means that false alarms must be somewhat less than this number if the pilot is t o have any con-
fidence in the resultant system. It would seem appropriate that the false alarm rate be at least as low

as one in 10; that is, if the failure indicator comes on, 9 times out of |0 there has actually been a failure.

This implies

POF < 0 (10°8)

In order to achieve this system level performance, the reliability of any one redundancy test must
be significantly greater than the reliability of the hardware being tested.

The experimental results obtained in these flight tests (and others, reference 4) would indicate that
additional effort is required in this area,

SYSTEM DESCRIPTION

The navigator designed to meet the proceeding requirements was configured to consist of four inter-
changeable plug-in units. Each unit contains one of the redundant channels of hardware consisting of a
TDF tuned-gimbal gyroscope, two linear accelerometers, a computer with /O, and a power supply.

The gyro/accelerometer axes are skewed within each chassis as shown in Figure | so that when the four
channels are instalied, as in Figure 2, the four gyro and eight accelerometer axes are distributed in
space. This insures that normal operation continues regardless of which two sensors fail. Accurate
interchannel alignment is maintained by the aircraft mounting provisions. For applications requiring
physical separation of units, channels may be separated by pairs. If significant aircraft flexure occurs
between pair locations, however, redundancy management performance of attitude, heading, velocity,
and navigation outputs would degrade.

A simplified system block diagram is shown in Figure 3. Fach channel consists of: one TDF gyro
with pulse rebalance electronics, two accelerometers with pulse rebalance electronics, one GP digital
computer, external I/O, internal and intercomputer 1/O, and power supply.
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The amount of cross-strapping between channels has been minimized for reduced cost,
instrument data are transferred to other channels after computer processing; power supplies affect only
Interchannel I/O and software synchronization are provided for sensor redundancy com-

one channel,

parisons and to allow selection of sensors for further processing.

The system characteristics are summarized in Table III
area of computer requirements, navigation accuracy, and thus system cost, since they are a function of
Some increase in weight and volume may be expected in a more demanding E
thermal environment requiring highly efficient heat exchangers rather than impingement cooling.

speciiic user requirements.

TABLE III — SUMMARY OF SYSTEM

CHARACTERISTICS
Size® 033X0033X36m 13X 13X 141n)
Weight* 28 kg, 61 Ib
Power S40 W
IRL Four identical channels

Redundancy
Fatlure probability (3 h)*
Gyros

Type

Quantity

-

coelerometers
Type
Quantity
Computer (1 of 4)
Outputs

Inertial nav accuracy

Cost, system

Fail-op/ tail-op
Less than 10°8

(-6 7 tuned rotor
4

A-1000
8
150 KOP, 8K-words memory

Angular rates, acceleration, attitude,

heading, velocity, position
L8 to I8 km/h(l to 10 nm'h)
$100,000 106 180,000

*Commercial version

COMPUTER MECHANIZATION

The four-channel computer mechanization which has been selected is shown in Figure 4.
compensation of the channel's local instruments for constant error coefficients, measurements are cross-
Each computer then performs FDI/RM to select instruments to be used for sub-

fed between computers.

sequent calculations.,

each channel uses a different pair of gyros.

Table IV shows instrument selection logic based on FDI failure indications where
The advantages of this approach are that 1) error buildups
which occur during FDI in one or two channels may be eliminated by reseting to a known-unaffected
channel, and 2) very small drifts, inside of FDI thresholds, can be detected and isolated by reference
to external data such as position updates or terminal error, for subsequent maintenance action.
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TABLE IV = GYRO PAIR SELECTION VS
FAILURE INDICATION

Chan 0 1 3 L} R i 13 14 i 24 LI

¥ &2 12 1.2 12 §2 13 12 12 14 1.3 1.2

Ay - 35 '8 3 51 4 35 - 58 3 2

14 14 L | 14 3.1 14 i4 3,2 14 11 11
4.) )

Four-Channel Software Mechanization

Values are approximate, especially in the

—

Inertial

4 e o
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-
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Simplified System Block Diagram

Following

Requirements for strapdown navigation are not

unusal in the redundant implementation,

Computer

requirements are for a computational speed of approx-

imately 150 KOPS and a memory of 8K words.

Of the

total, only about 10% of the speed is due to FDI/RM
which indicates the excellent cost-effectiveness of
the approach,
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SYSTEM FAILURE PROBABILITY

The probability of system failure depends upon the basic component failure rates, redundant element
interconnections, and the probability of recovering from each failure condition through FDI (coverage).
Two failure rates have been calculated, one for commercial environments with a channel MTBF of 4000 hr
and the other for more extreme environments wita a channel MTBF of 2000 hr, This latter quantity is
equivalent to a full INS MTBF of 1600 hr, by adding one gyro and one accelerometer,

System attitude and navigation failure (NAV) is assumed to occur if gyro error exceeds |1°/hr. Angle
rate output failure (FCS) is assumed to occur if gyro error exceeds |1°/sec.

Figure 5 shows the probability of exceeding these two performance levels (NAV and FCS) without
recovery, i.e., these system fails, as a function of channel MTBF and flight time.

Further detail on probability calculations is given in reference 5.
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Figure 5. System Failure Probability vs Flight Duration
FLIGHT TEST SYSTEM CONFIG URATION

Several of the techniques employed in the preceding redundant system design were demonstrated in
a NASA-sponsaored flight test using Litton-developed equipment in November 1977. These techniques
were:

1. Four TDF gyros capable of strapdown navigation, were in operation simultaneously. The gyro
axes were skewed relative to one another so that any combination of two gyros could be used to
provide the full three axes of rate information needed for inertial navigation. Thus complete
failure of any two gyros could be tolerated.

2. Six accelerometers were used, also skewed relative to each other, Tolerance of only a single
failure was demonstrated due to geometrical limitations of the test sample.

3. Parity equations, filtering, failure detection and isolation, and reselection of instruments for
data input to the strapdown inertial navigation based on the results of FDI were solved in real
time by a GP digital computer,

4., Two navigation solutions based on a different selection of inertial instrument were maintained
simultaneously in the digital computer. Reinitialization of one solution to the variables of the
other was performed in flight, demonstrating a means of elimination of transients which can
occur in navigation while faulty instruments are being identified and eliminated from the
navigation solution,

The redundant test system was configured on a Litton IRAD program and consisted of two orthogonal
LN-50 inertial measurement units, one of them skewed relative to aircraft axes. Figure 6 shows the
installation of the two IMUs on a flight test pallet, and Figure 7 shows the pallet installed in the Litton
test aircraft, a Merlin IV, along with the flight computer,

Figure 8 shows the geometry of the instrument axes, The skewed set of axes, X', Y', and Z', are
rotated by 90° from the nominal X, Y, Z set about the R axis. This results in the four gyro spin axes,

NI T et AL g T TR T,
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Figure 7. Two LN-50 IMUs on Test Pallet
Figure 6. Dual IMU Installation Installed in Test Aircraft

Y, Y', Z, and Z', being equally spaced on a 90°
cone, Adjacent spin axes, e.g., Y' and Z, are
60° apart, a satisfactory separation for 3-axis
navigation data. While slightly less optimum than
the 71° of the octahedron shown in Figure 1, nav-
X' igation and fault detection performance degradation
are negligible. An accelerometer is oriented
/ along each principal axis. Since groups of three
accelerometers lie in the same plane, e.g., Y,
/ \ Z, and X', and X, Y' and Z', and many inter-axis
s angles are 90°, it is only possible to unambigiously
- Y  —s FORWARD detect and isolate one accelerometer failure.

N
139623

For convenience, the input axes of every gyro
are labeled X and Y. A following subscript then
identifies the physical gyro involved. Table V
shows the relationship between instrument axes and
X the body axes of Figure 8, The outputs of the two
IMUs are input to the same LN-50 computer, soft-
Figure 8, Dusl IMU Geometry ware processing is structured as shown in Figure 9.

The predictable errors of each instrument are removed by compensation at an iteration rate of 64 Hz.
Simulated gyro or accelerometer errors are manually injected by means of the LN-50 control display unit.
The resulting redundant measurements are compared in failure detection and isolation equations to deter- §
mine which measurement is in error.

TABLE V
AXIS IDENTITIES
Gyro Accelerometer  Body
INPUT Jaoox1 I — ]| XY, Xy X
Mo [aecvi oSIGN | avg | coorpinar i
; Uo—ef GvRO [P L—ef fQuATIONS || convErnir F g /
06X | COMPENSATION | Y 1 S, Y 1 Y
e T —=| DATA L
o J , aecv / 0
o 9] o2 paet | DISPIAY
GYRO ENTRY S; X, 7 s
vy, RECORD 172 !
g - o
INPUT § aVvi J acceromenir [/ | fFouRm Xy Y X, X
vz o COMPENSAT ION aVy; Vo " the f
Acasp zl |- =1 oesion i | coorbinare ~+] ALIGN
% a0 NAV o b ’ .
/ | o] FQUATIONS |- —of CONVERTER [N \‘ Sy Y, Y
INPUT | a0 / LH - 2
S = - -~ — FAILURE STATE ]
cvro | a06v3 | veo - w ’ €0GE TESTS | 5S¢ Xy Z, z'
= COMPENSATION
—— it | M-
wu | VT secve
w2 | e
GYRO
W
< - -l
INUY | Vyp ACCELEROMETER 5
| xx2 Fav,, ] comeensarion
|| accs e -
RATES
GYRO NS¢ BUSEC MISEC BUSEC VIsiC
accth 128SEC BISEC SUSEC RISk vsic

SYSTEM VSEcC Vskc

Figure 9. Dual IMU Mechanization, Software
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Two completely separate strapdown solutions are then formed. One is a reference solution using
the nonskewed IMU without instrument faults injected. The second solution is based on selectable
(manual or automatic via FDI results) pairs of gyros and sets of accelerometers. Design equations
perform coordinate transformations and account for the redundant measurement data contained in two
2-degree-of-freedom gyros. Two separate sets of quaternion coordinate transformations and inertial
navigation equations are then available for comparison. Transients induced into the second solution by
manual fault insertion prior to FDI response are thus directly observable.

FLIGHT TEST RESULTS

The flight test consisted of five flights of over 2 hours duration, During these flights, simulated
gyro and accelerometer faults were injected into the second navigation solution according to the timing
shown in Figure 10. The reference solution, undisturbed by these simulated failures, produced excellent
navigation performance, ranging from 0.4 to 1.2 nautical miles (radial) per hour over the five flights.
Velocity errors were allowed to propagate on the ground after the flight. Peaks of the Schuler oscilla-
tions are shown in Table VI, again indicating satisfactory inertial navigation performance.

TABLE VI— RLN-50 FLIGHT
TEST VELOCITY PEAKS
(REFERENCE SOLUTION)

.10 0 10 20 30 40 50 60 70 80 20 100 110 120

14740 -0

TIME IN NAV
GYRO Seori Flight X-Velocity | Y-Velocity
FAULT S Pattern (ft/sec) (ft/sec)
SWITCH (2.4" /HR) | GYHOL (atsit)
TO NAV X3 AXIS  JccEl FAULT b1 AXIS Fast-West 6.0 4.4
STAR i ! Z1 AXIS
Hn'\, FAULY (.9°/S)  (ALSO Y2 AT Fast-West -3.2 8.9
4RI (1.9 MG) X1 AXIS : R
Y2 AXIS 1.9 MG) North-South -2.1 -3.7
North-South -1.3 4.1
Box pattern 9.0 kN
RESET Static 0.1 1.6
2ND SOLUTION
TO IST & CLEAR
ACCF L FAULT

Figure 10. Test Plan for NASA/Langley Flight Demonstration

Figure 11 shows the navigation perfo:ilance of the second solution minus the reference solution of
one of the flights (14 November 1977)., During the first hour of flight, the second solution was operating
with gyros and accelerometers of the skewed IMU (60° off level). Navigation error growth is less than
] nm/hr per axis.

When a 2.4°/hr failure of gyro number 3 is
# : injected into the computer, approximately 300 sec-
4 ‘v 4 ) = onds elapses before the failure is detected, the
correct gyro is identified, and gyro number | (from
the level IMU) is substituted for the failed gyro.
During the detection and isolation time interval, .
tilt and velocity errors not removed by simple
4 substitution of gyros cause large position errors
S to accumulate,

r
1000 1000 1000

TIME, SECONDS

The simulated 1.9-mg accelerometer failure

was detected and isolated in approximately 430 sec-
onds. Some additional tilt and velocity errors
accumulate during this interval, incrcasing the
navigation transient.

TES OF ARC

At a time of 4846 seconds from entry into the
navigate mode, all variables of the second naviga-
tion solution were set equal to those of the refer-
ence solution during an aircraft turn of 180°,
including position, navigation direction cosines,
velocities, and quaternions. This technique is
possible with redundant systems due to the multi-
plicity of instruments and computers. Note the
minimal buildup of navigation error shown in
Figure {1 following the reset,

MINT

4

Figure 11. Delta Latitude/Longitude Through
Simulated Failures
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This is further illustrated in Figure 12, which shows the difference in velocity measurements between
the two solutions. * During the 10 minutes after the reset, navigation equations use one gyro in each IMU,
' the accelerometers of the skewed IMU, and initial conditions from the nonskewed solution — a complex
set of conditions which still results in excellent navigation performance. An operational redundant sys-
tem would thus employ such a computer reset mechanism immediately after failure detection and isolation
to avoid most of the transients shown in Figures 11 and 12,

6-8

Each of the gyro parity equations represents the combination of the outputs of two TDF gyros along a ;
common vector direction so that vehicle rotations are cancelled, exposing errors in either gyro. The

parity equation output, illustrated in Figure 13, is then filtered by a first order filter with a time constant
of 512 seconds. For short time durations, the filter acts as an integration of the angular rate error of
the two gyros along the vector direction,

Filtered parity equations for the 14 November 1977 flight are shown in Figure 14 through 22. All six
gyro equation outputs are shown, and three of the nine accelerometer equations. [y2 and I34, Figures 14
and 19, are direct comparisons between redundant axes of the same IMU, Disturbances in the plots are
the results of normal gyro errors, such as bias, noise, scale factor, g- and g2 -sensitive errors, and
residual dynamic errors acted upon by the aircraft environment and flight profile. They present an ideal
lower bound on the detection of failures.

I3, I14, Ip4, and I3 involve comparisons of gyros in separate IMUs so there are additional sources
of fluctuations including four axes of noise instead of only two, plus angular misalignment and bending
between IMUs. The largest transient at takeoff is caused by a misalignment in yaw between IMUs, cal-
a culated to be on the order of 0. 1°. A gyrocompassing method was used to derive yaw alignment, leading
to this limitation. FDI thresholds were set at 0. 1° to avoid false alarms,

The effect of the simulated 2.4°/hr failure of the X1 gyro (F1) is shown in I3 and I} 4. FDI time for
both functions to reach the 0. 1° threshold is listed in Table VII. The second gyro failure (F3) with an
amplitude of 0.9°/sec into the X1 gyro was detected and isolated much faster, 0,14 seconds, and is
representative of the switching time which can be accomplished to avoid flight control transients when
the inertial angle rate data are used for stability augmentation,

Accelerometer FDI thresholds were set at 2,44 m/sec (8 ft/sec), TABLE VII — FDI TIME VS
well above the transients in accelerometer parity equations, as shown FAILURE AMPLITUDE
in Figures 20 through 22. FDI times for the 1.9 mg and 0. 124 g failure
amplitudes are given in Table VIL FDI Time

Failure (sec)
CONCLUSIONS F| - gyro, 2.4%/hs 298
Iy gyro, 0.99/sec 0.14

The successful flight testing of skewed, redundant strapdown
inertial measurement units of navigation quality has shown the feasi-
bility of use of these methods in achieving the high reliability needed [y~ accel, 0.124 3 4.5 J
for flight control sensors. Data showing the noise level of redundant
comparisons is presented in relation to FDI thresholds. The primary remaining task is to define methods
of achieving stable alignments between sensors and means of measuring yaw angle misalignments ac-
curately at a reasonable cost.

by o accel, 1.9 mg 429

NOMENCLATURE
CCV = control configured vehicle 1/0 = input or output
CEP = circular error probable KOP = thousand operations per second
FBW = fly-by-wire LRU = line replaceable unit
FCS = flight control system MTBF = mean time between failures
FDI = failure detection and isolation RM = redundancy management
fo-fo = fail-operative/fail-operative SAS = stability augmentation system
GP = general purpose SDF = single degree of freedom
IMU = inertial measurement unit TDF = two degree of freedom
INS = inertial navigation system VTOL = vertical takeoff and landing aircraft
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Figure 12, Delta Velocities Through In-flight Reset
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Figure 18, Filtered Parity Equation Output, Gyros 2 and 4
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SCAN CONVERTER AND RASTER DISPLAY
CONTROLLER FOR NIGHT VISION DISPLAY SYSTEMS

by

H.W. Killian and W. Voswinckel
Electronics Division
DORNIER SYSTEM GMBH

FRG 7990 Friedrichshafen

SUMMARY

The paper describes a modular Raster Display System and its functional moduls. The sys-
tem allows rfor digital scan conversion of images of electro-optical sensors and ror
digital storage of images with several gray tones. With the help of the digital symbol
generator digital information can be converted into adequate symbology which again can
be superimposed on the sensor image. Superposition of two sensor images can be perrormed
with the same equipment.

Some technical reatures are discussed which exceed the common modes of current display
systems and may help to support missions of military helicopters flying low level at |
poor visibility conditions. i

s 3% INTRODUCTION

Extensive studies, simulation experiments and flight trials have been performed in re-
cent years in order to rind adequate solutions to the mission requirements which call
for low level flying under poor visibility conditions.

This paper will not discuss the availability of onboard rlight information and other
relevant problems for the above missions, but concentrate on technical means in the dis-
play system area, which has considerably advanced with the progress of semiconductor
technology.

The most suitable display system for the application in mind will depend on helicopter
type, number ot crew, mission requirements etc., but also on the availability of ade-
quate equipment.

In general it can be said that the requirement is for the presentation of either a ter-
rain image in raster technique or a computer generated symbology on its own or ror a
combined image consisting of a terrain image with superimposed symbology.

Displays which can be used for dynamic terrain images are available as cathode ray tu-
bes working in raster mode. While monochromatic valves are state of the art for cock-
pit application, colour systems will be available soon.

Most raster display systems in use apply the standards ol the commercial video techni=-
que, i.e. 525 lines at 30 Hz or 625 lines at 25 Hz with interlaced fields (CCIR-
standard).

The superimposition of symbology can be done in two different ways: The symbols are
generated in video raster and mixed with the terrain image signal or the symbology is
generated by a stroke write generator and drawn during the vertical retrace period of
the electron beam.

Both methods have their advantages and shortcomings. The raster-symbology looks not so
smooth as the stroke written one, but the number of symboles which can be drawn in the
Y retrace period is limited. Moreover, for future systems other video rasters such as non-
; interlaced fields may be used with more lines and shorter retrace periods. Therefore
raster symbol generators are more advantageous for modern display systems.

t
$ The terrain video is derived from electro-optical sensors such as a LLLTV or FLIR ca-
- 5 mera or from a scanning radar sensor. The format conversion which may be necessary can
; be done with the help of a scan converter. In case a digital scan converter with an
5 image storage is available, the latter can perform some extra tasks.
1 The image storage feature may become most interesting for reconnaissance tasks and
target acquisition. It may also play a role as digital map storage of a gray tone map,

which can be used to support the navigation.

A further requirement is to superimpose the terrain image or gray tone map image with
the computer generated symbology representing flight data etc. The problem of hiding
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the background image by the symbols can be solved by proper symbol arrangement and
symbol shape and size.

Furthermore one has to make sure that the symbols are readable under all illumination
conditions i.e. means will have to be provided to ensure sufficient contrast between
background image and symbology.

An even more sophisticated image superposition can be thought ot: LLLTV and FLIR ca-
meras have their shortcomings and benefits in some area, while imaging radar sensors
have others. A combination of two terrain images taken by different types of sensors
will possibly enlarge the information contents of a combined image.

It must be understood that this superposition cannot be the simple sum of imuge ele-
ments but must be performed with the help at an intelligent combiner.

Various types of symbol generators allow to meet all requirements regarding symbol ty-
pes, positioning accuracy, economic coding etc..

Reliability in terms of rail-safe-behaviour of the display system must not be underesti=-
mated. Any failure in the system must allow the pilot to return to a flight mode where
he can operate the aircrart with reduced information and return to his base. This re-
quirement leads to a display system consisting of at least two monitors and display con-
troller tunctional blocks which normally have their dedicated tasks, but can replace the
second part to a certain degree.

In Fig. 1 a typical scenario is shown which gives an impression of the environment the
system will have to work in. The reader will have to add just one component, poor visi-
bility.

25 FUNCTIONAL ELEMENTS OF AN INTEGRATED DISPLAY SYSTEM

2.1 Scan Converter / Image Storage

Because of the physical principle of electro-optical sensors, the output signal does not
necessarily meet the format requirements of a given video-raster system. The FLIR camera
e.g. may have a scan mechanism carrying numerous detectors. Only thus sufticient dynamics
of the terrain image can be achieved with state of the art detectors requiring comparati-
vely long integration time. A format or scan conversion becomes necessary so that special
monitors for each of the sensors can be avoided. By now mainly analog type scan converters
have been applied. But late semiconductor buffers together with fast logics allow alrea-
dy now reasonable solutions to the problem. Full advantage of digital converters can only
be taken when next generation memories will be available. There are two major ways in
digital scan conversion:

The first one stores the digitized sensor image in the format in which the sensor works.
The conversion into the format of the display system is done from the stored data.

The second way is to process the incoming sensor data directly and feed them to a stor-
age which is organised in the display format, i.e. each pixel of the screen is repre-
sented by one or more bits in the storage.

For each application a trade off has to be performed as regards refresh rate of imaging
sensor and display (the latter is the video refresh rate), resolution of sensor and dis-
play, memory organisation, work load on conversion hardware or processor resp.. Other
aspects such as multiple usage of the same image Sstorage for other tasks than scan con-
version may alsc influence the solution.

Fig. 2 shows the block diagram of a scan converter with its typical elements.

Analog to digital conversion of the incoming video signal normally requires a tast con-
verter, especially if more than one analog channel must be processed. The scan/tormat
conversion will be sensibly done on the digitized data and the logic will be special to
the video-sensor. It will have to take into account all relevant features of the sensor,
such as scan pattern, resolution, non-linearities in scanner motion etc.. One can even
think of a compensation for the position changes or vibrations of the helicopter with
time, which otherwise may result in distortions of the image.

The size of the image storage is again a function of a number of parameters. One of
these is the display format, i.e. the number of lines and pixels to be displayed. The
number of "layers" of the storage for each pixel depends on the intensity resolution of
the sensor and of the monitor. In case of colour displays additional layers of the stor-
age are needed.

The storage contents will be fed linewise to the monitor via a digital to an analog con-
verter. The read out of the image storage will not erase the storage contents so that an
image in the storage can be replayed over an arbitrary long period (single shot mode).

The micro-processor shown in Fig. 2 performs the scan conversion. It will also allow for
additional manipulation of the stored image. The manipulation can comprise all kind of
information enhancement or even pattern recognition and data reduction.
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The latter feature can become most important in the context of image transmission on low
bandwidth radio links.

2:2 Symbol Generators

In the area of raster symbol generation there is the choice between diftferent approaches,
each of them with specific advantages and shortcomings. The three major types will be
presented. They can be combined depending on the task to be performed.

In Fig. 3 the general block diagram of a symbol generator / display controller is shown.
The main functional elements are the control unit with the symbol generator memory and
the refresh storage. The input data enter the system via an interface block which in
some applications also comprises an input buffer. The pixels which build the symbols are
stored in an output buffer, then they are d/a converted and possibly superimposed on a
video-signal bef'ore the anualog data is fed to the monitor.

More details on the different types of symbol generators are given below.

22k

This type of symbol generator involves a background storage with at least the same num-
ber of cells as the number of pixels shown on the screen. With reference to the image
storage of the scan converter this background storage can be considered as one layer of
the displayed image. The contents of this buffer will be transfered to the monitor in a
line by line manner. Loading of the buffer is to be done e.g. with the help of a micro-
processor controlled symbol generator, which converts the incoming coded data into pixels
(dots) of the symbols. This method allows for the generation of extensive images with
rather small dynamics. A symbol can be erased by erasing all pixels, from which it is
constituted.

In case symbols are superimposed, erasing of one symbol results in a missing pixel
the other unless adequate means will be provided to overcome this.

This type of generator does not necessarily need an input buffer, since the image is
stored pixelwise.

Fig. 4 shows the block diagram of this type of controller. It's main hardware charac-
tar .

terist

istic is the bulky image storage.

i
e

5
Cecec

This type of generator is best suited for highly dynamic symbol i es with a limited
quantity of symbols, such as a roll/pitch symbol on a trighter aircraft display. The block

diagram is given in Fig. 5.

In the symbol generator only those pixels of symbols are generated and transfered into
a switched buffer which will be presented on the screen in the raster line succeeding
the one in progress. Thus, one half of the buffer is transfered to the monitor in ac-
cordance with the TV standard applied, while the second part of the buffer is filled

ith the information to be shown in the next line. While the second part of the buffer
will be fed to the monitor, the first one will again be filled with the information of
the line succeeding then.

The control unit will have to check all coded information in the refresh storage for
elements of the next following raster line every line period, which is in the order
40 to 60 usec depending on the format applied.

Thus the number of symbols which can be generated during this period is limited by the
generator capacity. This restriction can be reduced by i.a. proper organisation of the
refresh storage, extension of the symbol generator capacity by dedicated generators and/
or by a larger line buffer storage with e.g. ten raster lines instead of two. While the
increase of the storage size will reduce the dynamic capability to the same degree, the
higher number of special symbol generators increases the complexity with almost no loss
in dynamics. In the extreme case, each symbol type may have its own generator.

The image quality of this generator type is the same as for the full image buffer type.
Fig. 6 shows a typical image of the above two generators.

2.2.3 Chess

-Boar
This type of generator (Fig. 7) assumes the screen to be partitioned in a number of

cells built by an imaginary net of lines and columns. Each cell may consist of n_ X my,
pixels and can be identified by its reference coodinates or reference number resp.. °

The symbol generator output signal is directly connected to the intensity control input
of the monitor. Therefore no line buffer is required. The generator is be«t suited for
alpha numeric displays. In case a sufficiently large set of symbols is available in the
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symbol memory this type of generator can also produce simple graphics as shown in Fig. 8
and 9.

This type of symbol generator is the simpliest one discussed here. Since the retfresh
storage is also organized in the chess board manner, for the generation of the pixels
or one raster line only the codes of one row of the image have to be searched for rele-
vant information. Because of the extremely economic coding this generator type is also
of interest in the area of data transmission.

2.2.4 Symbol _Generation Technigues

There are two ways of symbol generation used in raster display technique. While the full
image buffer type generator can live with both of them the other two can only work with
the method described first.

is stored in the symbol memory in matrix
m e.g. 5 x T or 7T x 9 pixels (see also Fig. 10). From this given set of symbols an
image can be composed. The number of symbols will depend on the size of the memory.

Each symbol or character which can be selected
¢

2

While the chess board type controller can place a symbol with reference to the tields
only, the others can position it at any arbitrary point of the screen.

More rlexibility in regard to symbol and character size and complexity is provided by
the second method, where symbols are composed by adding minivectors to each other. This
way any size of a symbol can be achieved by multiplication of the standard lengths by a
constant ractor.

2.2.5 Superposition

cockpit applica-
cal situation display and the horizontal situation display area. Mainly
the two controller types discussed first will be used for this purpose. While the sym-
bols are in general presented at one brightness level only, E/O sensor images will con-
tain various tones of gray.

The requirement for superposition of symbols and E/O-images arise for
tion in the verti

jood readability of the symbols has to be provided, independent whether the symbol is
shown in front of a bright or a dim background.

echnical means to achieve this are i.a. a relative brightness control of the tw
ze contributions, inversion of the symbol brightness in case of bright video image or

*hing a dark background field behind a bright symbol. The dark background field can

duced to a small space at the left and the right of the symbol.

-

presents a video-image with superimposed symbology.

Mixi f images does not only mean superposition of symbology on a background image,
but 1150 be the superposition of two or more symbol images or the combination of
several sensor images. The latter is in a very early stage of development.

g. 12 the images of twu different E/O-sensors are combined in such a way that the
yuter part may be provided by a sensor with a poor resolution, while the centre is ta-
ken from a high resolution narrow angle sensor. In the case of scan converters with
image buffers being involved in the display system, also more sophisticated combina-
tions of images can be thought of.

In Fi

of Raster Display Systems

The main characteristics of the

er technique are that the images are replayed line
iges the lines are again divided in a number of pixels.

All symbol including characte ind the more complex ones such as circles, IS
etC. Aare mg f a number of dots. The number required to get a legible 1l de-
pends on the 1 size and the resolution of the screen.
reen can be refreshed either in the
g 5 built up from two half pictures which
r the same halft image is shown twice. The
highly digitized image unless sufficiently
1t t nes are given. This l1 result i
tions which exceed the present standards
1th the bove tand is i1mprovement nt 1 ved ' . wing horizon=
1 by at least tw ijacent r line r by interpolat ! lgorithms




3 APPLICATIONS

After this excursion into technical details let us return to the application, i.e. the
helicopter display system.

First of all the pilot needs a screen which provides him with the visual sight. Because
of the type of mission in mind the outer world will be sensed by a suitable electro-
optical sensor. It will be converted in a scan converter and displayed on the monitor.
The screen must be mounted at an exposed place in the cockpit. Independently whether it
is a Head Up Display or a Head Down Display it occupies a significant amount of space in
the panel area which has earlier been used for the mounting of conventional instrumenta-
tion.

Furthermore the pilot will not be able to watch a large number of aircraft parameters
while flying i.a. nap of the earth at night while all his attention is concentrated on
the picture on the screen.

The limitation in panel space as well as the load on the pilot can be reduced by super-
position of most relevant flight data on the Vertical Situation Display.

On a second monitor, a Multifunction Display, which will also be mounted on the panel,
all kind of alphanumeric data can be shown. This display may also be used to present the
text of a command or a report which arrived via a data communication link. Transmission
of text is most economic as compared with voice as regards time duration. Shorter radio
transmission times may help to make the detection of the aircraft more difficult. The
Multifunction Display can also be used to optionally present detailed information on
flight status, aircraft status, weapons, targets etc.. In case of a failure of the dis-
play described first the Multifunction Display can serve as a replacement. The presen-
tation will be limited to the most important information.

A third monitor as a Horizontal Situation Display may support navigational tasks.

Map information can be displayed as gray tone image, while reference points or targets
can be represented by suitable symbology. The map can be generated from the coded data
stored in a magnetic cassette system.

Fig. 13 shows the block diagramme of an integrated display system. It consists not only
f the displays but alse of a scan converter/image storage, a symbol generator subsystem
consisting of all three types of generators discussed earlier and a number of interfaces
ind input devices. Controls will allow the crew to operate the system.

With the equipment discussed, it will be possible to not only meet all requirements in
the display area but do a great bit more.

The following will give some additional features:

As seen earlier the image buffer allows to replay an image on the display screen over

in arbitrary long time. This feature may support the crew in so far that during periods

f fast changes of the outer world image, a static image can be achieved by an elec-
tronic switch between electro optical sensor and buffer. Thus, the human eye can evaluate
the image before the next one is presented. The same feature can be utilized when single
camera shots are taken in a bob-up-mode. Since the evaluation can be performed afterwards
the exposure time can be minimized.

The image buffer is a digital one. Thus it becomes possible to transmit the image via a
radio link in a bit by bit manner. The receiving station which can be either a ground
post or another helicopter will recompose the image. For a 625 line video system the
number of bits to be transmitted will be in the order of 3 Mbit with 6 gray tone bits
for each pixel. A reduction can be achieved by either a smaller number of gray tone bits,
a worse resolution or a combination of both. 3 bits of gray and a resolution of one
quarter of the original will provide a reasonable image with about 400 Kbit of infor-
mation which means a reduction of the transmission time by eight. Unfortunately the
poorer resolution complicates the evaluation. As a compromise the system allows for
transmission of the image which poor resolution and gray tones while a certain area

can be transmitted with full resolution and all gray tones. Thus, the receiver can get
a general impression of the environment and all details on the subjects of interest.
Fig. 14 illustrates the procedure. The picture shows a high way crossing with a truck
on the exit road.

In case targets need not to be presented in detail, but only be marked, a graphic sym-
bol agreed upon will suffice. It can be transmitted in code together with the target
coordinates. This method will require not more than 30 bits instead of about 200 Kbit
in the above case for the high resolution sector.

By now work with the map represents a major problem area for the missions in mind. An
improvement may come up with maps where altitude contours are represented by gray to=
nes. This kind of map can be stored on a tape in coded form. Presuming all units of a
platoon working with the same map it becomes possible to reduce the data transmission
to just a small number of graphic symbols which represent relative position of the air-
crafts involved, target positions, obstacles etc..
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The codes are a few bits long only, complete messages can be transmitted in an extre-
mely short time. Thus lengthy verbal information exchanges can be avoided.

The transmission link can also be used in the opposite direction. All kind of data can
be generated onboard and be transmitted to one or more receiving stations, where the in-
formation will be displayed on the Multifunction Display. Alphanumerics and/or graphics
or a combination of both can be transmitted in coded form. This method allows for a
minimization of the operation time of the radio equipment and this may help to make the
detection more difficult.

Alphanumerics is also a very economic and powerful tool in information exchange. Each
character consists of not more than 10 bits if a chess board type display controller is
used (e.g. ASC II). The information to be transmitted can be composed with the help of
the Multi Function Display. Formating of reports and other regular messages may help to
generate them.

The key board shown in Fig. 13 stands for all the input devices such as key board joy
stick, roll ball etc..

Superposition of two video images can be done in several ways. Fig. 15 shows the image
of a high resolution sensor in the lower part and a poor resolution image in the upper
part. Superposition is done in the image storage with two different input stages, one
for each of the sensors. The sensor for the lower part may show good performance in the
short range while the other may be a far range sensor. In Fig. 12 another method of
superposition is illustrated where the high resolution segment can be defined by the
operator.

4. HARDWARE

The applicability of the above techniques will strongly depend on the availability of
suitable hardware. Fig. 16 shows an advanced model of a raster display controller/
symbol generator which contains also the major elements for image manipulation. The
set up consists of - front to back - the sophisticated video mixer (1), the image buf-
fer with 512 x 648 bits (4), the micro processor with symbol storage (2), the input
stage (1) and the timing unit (2) which also generates the synchronisation signals for
the TV-monitor.

The numbers in parentheses represent the printed boards. The functional moduls build
.‘ . . « . sw
part of a family which has successfully been applied in a number of military programs.
‘ . . . .
The power dissipation of the above controller is about 20 Watts.
P ¥

The scan converter which was used for the image manipulation consists mainly of the
same functional moduls, i.e. image buffer micro processor ¢ The fruntend stages
and the output interfaces will be special to type. The system will consist of about
28 printed boards depending on the interface requirements. The power requirement is
about 30 Watts.

Because of the low power consumption forced cooling is not required. The board size
allows for mounting in 1/2 ATR boxes.

First rlight tests of an experimental set up are planned for the time after the simula-
tion tests in 1979.

FIGURES: \ ' \

Fig. 1: SCENARIO
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APPLICATIONS OF PATTERN RECOGNITION SYSTEMS ‘
FOR DAY/NIGHT PRECISION AIRCRAFT CONTROL |

by |
Alfred Kleider A
Physicist
US Army Avionics R&D Activity !
ATTN: DAVAA-E .

Fort Monmouth, NJ USA

SUMMARY

A wide variety of milicary and civilian tasks requiring the precision control of
helicopter position and movement can be addressed by the judicious employment of pattern
recognition systems. This paper explores the philosophical and practical foundations
for the utilization of advanced technological developments in lasers and Charge Coupled
Devices (CCD) to provide light weight, low cost solutions to these problems in dgy/night
operations. The special case of weather limited visibility is presented and projected
operational parameters are discussed relative to near term availability of infra-red
devices (IRCCD).

The concept of feature extraction is explored using the complimentary one dimension-
al characteristics of wire/wire-like obstacles and a 1728 linear CCD Array as the found-
ation of the Wire Obstacle Warning System (WOWS) presently in development. In this in-
stance the appropriate geometrical, optical, and electronic compatibilities were combin-
ed to provide a real time automatic pattern recognition system for Nap-of-the-Earth
(NOE) helicopter operations.

In a similar manner cooperative "targets" are considered with appropriate sensor
geometries such that recognition can be effected digitally. Thus, ‘.. conjunction with
a modest on-board computer composed of LSI semiconductor structures, position and pilot-
age data can be provided at modest cost. The employment of a low power, modulated ill-
uminator provides a compatible day/night system with high background rejection.

1.0 BACKGROUND:

The rapid advances in technolbgy, specifically in the areas of Large Scale Integrated
(LSI) silicon devices and lasers, have provided the aviation community with a wide variety
of potentially useful components and concepts. Specifically the developments in Charge
Coupled Devices (CCD) and microprocessor-based microcomputers are of particular interest
in this area. The uses of these components are only limited by our imagination, and as
shown in an earlier paper (1) in ottawa, Canada, the data processing capability of CCD's
can be utilized to accomplish pattern recognition and pattern discrimination.

Time and the intent of this conference does not lend itself to a discussion of a
physics of CCD's, however, one simple comment is germane to the concepts to be addressed
in the remainder of this paper. Whereas the components normally encountered in an elect-
ronics device usually provide a controlled variation in current, voltage or frequency
and thereby result in the transfer of information in terms of modulation-demodulation
signals, the CCD is uniquely different. 1In the CCD it is a data stream which is out-
putted by the device. 1In essence the CCD is truely a digital device which can be variably
quantized to yield either a dual or multilevel logic depending upon th?zt?§?sholding tech-
niques employed. Thus, as in the Wire Obstacle Warning System (WOWS) ) a binary
logic is used to develop an algorithm to recognize the presence of a wire in the field
of view of the system. Similarly by selecting a suitable CCD filter to follow the CCD
senso a shades of grey device can be developed to impart three dimensional information
to a scene in a two dimensional display.

To date the CCD has been employed in an imaging system (%) in either an NxM matrix
of elements or in a linear format which senses the scene in swept strips which are refor-
matted in a scan converter. A second broad use of CCD's is in the area of a tapped filter
which can be readily shaped and tailored to fit specific system requirements. In the
broadest sense the concepts of pattern recognition must focus on dissimilarities; i.e.
those characteristics of geometry and placement which provide a means for identification.
In a similar manner pattern recognition techniques can be utilized in CCD sensor based
systems to provide a wide variety of aircraft guidance and control functions: The success-
ful and perhaps simplest system matches the sensor geometry to compliment the target
asymmetries. To illustrate, if one considered a one dimensional object such as the image
of a wire in the focal plane of an optical sensor it can be characterized relative to re-
solution as an orthogonal set with exclusive high and low spatial frequency requirements.
Thus in selecting a sensor a single linear CCD with a large number of small size elements
(8y x 17u) was chosen to provide high frequency resolution perpendicular to the array and
it had a low frequency response parallel to the array. The low frequency response was
determined by the mechanical scan mechanism and the scan to scan separation within the
total field of view.

When we address the area of aircraft Guidance and Control with an eye to utilizing
a pattern recognition system, the normal problemsassociated with pattern recognition are
at one and the same time nonexistent and totally under the control of the system designer.
To illustrate, in a recognition system the goal may be to distinguish a tank from a truck
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so the presence of a large projection in the middle of the vehicle can be used as an

identifier since most tanks carry a large turret mounted gun. However, in a guidance

and control situation it is not an object which must be distinguished but rather a posit-

ion or a set of conditions. For those applications it is an apriori assumption that the

"target" will be cooperative. In essence both the target itself and the target placement -2
can be counted as system elements which exhibit a synogistic relationship.

2.0 APPLICATIONS AND SYSTEMS:

In arriving at an application for a pattern recognition system it is required that
(1) a need must exist, (2) the need is unfulfilled or the solution is costly and/or
significantly raises the pilot workload.

The applications herein considered are related to helicopter aircraft because in the
first case the problem is unique to nap-of-the-earth (NOE) operations; in the second, the
operation is only meaningful for a helicopter, and lastly the update rates for a helicop-
ter are sufficiantly slow to permit an optical evaluation and interaction in a man/machine
interface. These applications in the order given above are (1) Wire Obstacle Detection,
(2) Precision Hover and (3) Formation Flying.

2.1 WOWS:

The first item, the Wire Obstacle Warning System (WOWS) has proceeded beyond the
concept stage and the system fabrication is nearing completion. The contractor, the
Fairchild Camera and Instrument Co. of Syosset, NY is scheduled to deliver WOWS on or
about 1 Dec 78 and flight testing is projected to begin in Apr '79. 1In this application
the object to the recognized was not within the control of the system designer, however,
the unique signature of the wire was the forerunner of the concept and provides the key
to other applications.

The WOWS is shown conceptually in figures 1 and 2. It is a night vision device in-
corporating a GaAs laser illuminator which is synchronously pulsed with a gated image
intensifier. The system is designed to operate over a wide spread of light levels, how-
ever, its maximum effectivity is below 10"2 ft candles in a clecar weather situation. 4
Operation at 1.06 microns is also possible with a slight improvement over the .85 micron *
GaAs system for light haze operations. The most promising low light level, all weather
system would use a pulsed 10.6 micron CO2 illumination system, however, the present status
of infrared CCD's (IRCCD) is limited to arrays composed of larger size individual elements.
For the purposes of wire recognition, the elemental size limits the spatial frequency
capability of the device and thus negates the pattern recognition feature paramount to
the WOWS operation. Low reflectivity of wire materials at 10.6u similarly reduce the
usefulness of this wavelength for this type of system. As will be shown in the following
paper by Dr. DelBoca of US Army Avionics Research & Development Activity, Fort Monmouth,
NJ, a successful 10.6up system requires refined detection techniques such as heterodyning
to provide adequate signal to noise. However, it must be remembered that in this applica~
tion the target is small (approximately 10~ ° radians) and is non cooperative.

The WOWS is classified as a non-imaging system. As is shown in figure 3 WOWS is a
feature extraction device in that the objects imaged at the focal plane of the scanned
linear array are processed by a digital algorithm corresponding to the pattern of a
wire. Thus the system is blind to the trees and even the towers that support the wire,
and the on board computer dedicated to WOWS can only recognize and display the presence
and location of the wire.

This then is the key to other signature sensitive systems. For a given purpose the
target must be specificable in a unique digital format which can be filtered by the assoc-
iated computer to provide the necessary sensorial outputs to derive the necessary signals
for aircraft guidance and/or control. The systems which are treated in the following
sections are still in the realm of concepts. It remains to be seen if they will have
sufficient need or cost effectiveness to be built and tested.

2.2 Precision Hover:

In a variety of situations, both military and commercial, it is highly desirable to
position a helicopter over a specific ground point. Even under daylight and calm weather
conditions the pilot is severely taxed to maintain a precise hover without visual corrective
inputs from the ground. To illustrate, in the installation of roof mounted cooling towers
and other equipments in hard to reach places, the helicopter has been used as a flying
crane. In fact, in the final placement of equipment, riggers such as those employed in
conventional crane operations are used to provide the guidance function for the pilot in
the form of hand signals. A system capable of providing this "guidance" function indepen-
dent of a ground crew member would be advantageous.

The utilization of a pattern which is readily described in a digital format, and one
whose asymmetry is deliberately included in the system design, can be matched to a CCD
sensor to provide a highly sensitive positioning system capable of both day and night
operation.

The selection of a CCD format should reflect an interplay with the target design.
For the precision hover sensor a target design, as shown in figure 4, has been selected
with a mixture of asymmetries and cueable symmetries which will allow the sensing of
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orientation as well as positionally corrective diognostics. The target design conforms
to the conventional 3x4 aspect ratio common to television frame format. This selection
of signature is thus consistent with an area CCD such as the Fairchild 211 which is a
244x190 element matrix whose photosensors are 18: by 14y with a center to center spacing
of 30u. Using a one (l) meter target whose design is implemented with cat eye retro-
reflectors about 3mm diameter and a 244x190 CCD in the focal plane could be effective
for heights up to 30 meters. The target image in the focal plan would encompass 165x220
elements at the maximum hover altitude.

In operation the Precision Hover Device (PHD) would be mounted on a low grade stab-
ilized platform. The requirements for the platform are simple since the expected varia-
tions on the three axis are small and do not involve rapid responses with incumbent high
G-loads. A dual lens system which would accommodate an acquisition field of view as well
the higher magnification optic for accurate position maintainance would be used to put
the aircraft on station. For both daytime and night operations a low power CW laser ill-
uminator is used to provide both sufficient signal for the CCD recognition system and to
allow narrow band optical filtering to accommodate the background conditions in daylight
operations. The PHD is not intended to function as a long range acquisition device and
therefore no provisions are included to enhance navigation to or selection of the target.
Thus, the maximum operational range of the system is perhaps twice the maximum hover
height, ie. 60 meters. Obviously at these short ranges the laser power requirements are
low and well within cost and safety limitations. A 10 milliwatt CW system should con~
servatively yield a S4N of apgroximately 6db for daylight operations with a simple optical
system employing a 50A to 100A optical bandpass filter. Initially it was felt that a sophi-
sticated filter such as the Birefringent Optical Discriminator (BOD) would be required
for daylight operations. However, since I have elected to limit the acquisition require-
ments, the BOD, which is derived from the Lyot filter, is no longer necessary.

Operationally, the pilot locates the target visually or via other external clues and
with the PHD in its wide field of view mode the pilot views the target on the PHD display.
When the target is within the proscribed bounds the pilot moves to the high magnification
mode positioning the aircraft until the target intercept coincides with the display reti-
cule. These are shown in figure 5.

With the aircraft in position and the hover height selected to keep the target image
size smaller than the CCD sensor array, the pilot enables the PHD. 1In the enable mode the
PHD digitally locates the keyed intersections and stores them in memory. Once so fixed,
displacements and/or changes in image size and position are seen as aircraft deviations.
Based upon these perceive deviations corrective signals can be either displayed to the
pilot or fed directly into a flight control system. The sensitivity of the system is
such that it can detect digital address changes of one element which translates as posit-
ional changes of 6 millimeters on the ground and a change in altitude of 10 centimeters.
For practical purposes the vectorial rates of change are sensed and sampled over an appro-
priate time interval to provide the pilot corrective signals which can be meaningfully
implemented. However, the basic system sensitivity permits anticipatory data inputs to
permit precise hover where it is critical to a given mission.

The PHD is similar to a closed circuit TV except that the target image is translated
to a set of asymmetric digital coordinates. In the pattern shown in figure 4 there are
ten (10) keyed intersections with a precise spatial and geometric relationship. Thus,
the system can be operated with a high probability of detection and a high false alarm
rate (corresponding to low S$/N) for each of the points and still result in an over all
system whose detection probability is high with a very low false alarm rate. 1In essence
the TV image is dually sensed. 1In one instance the raw video is combined to yield a
conventional scene and in the other instance the raw video is filtered non destructively
to perform feature extraction according to a prescribed set of instructions entered into
the PHD memory. The incorporated program is flexible to the extent that it is capable
of scaling in size as well as for initial x, y offsets, however once these factors are
determined the act of enabling the system sets the specific data addresses and changes
are sensed as deviations to be reported to the display or automatic flight controls.

2.3 FORMATION FLIGHT AID (FFA):

Several years ago helicopter rotor-tip lights were developed to provide visible cues
for night time formation flight. It was shown in a test program conducted at Fort Hood,
TX that in conjunction with light panels placed strategically about the a rcraft, such an
operation was feasible. The apparent size and shape of the elliptical pattern described
by the whirling rotor tip lights provided the pilot with both range cues and position
cues. Since the rotor blades have a fixed and known diameter the size is directly relat-
able to range in a given optical system and the size of the minor diameter of the ellipse
gives an indication of the pilots position relative to the plane of the rotor blades.

While the rotor tip light system seemed useful it was limited in application because
of the variability in the human factors area. Contrary to the PHD, the target of interest
possesses a high degree of symmetry and reqularity. Thus the Formation Flight Aid System
(FFAS) capitalizes on the pattern regularity to incorporate a simpler sensor format. Here
again the sensor is a CCD, however, the moderate resolution of a series of 1x100 linear
arrays are used in a orthogonal high and coarse resolution mode similar to the WOWS. 1In
the FFAS a series of such linear arrays are used in the focal plane and no mechanical
scanning is required. The format is shown in figure 6. The system optics are designed
to insure that the image of the rotor tip circle or ellipse covers less than the full
extent of the sensor. If the major axis of the ellipse gets larger than the image size
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appropriate to a 13 meter diameter rotor at a distance of 30 meters the FFAS provides
warning to the pilot. Actually it is possible to set both maximum and minimum alarm
limits to aid the pilot in maintaining his position in the formation.

In operation the pilot closes to the preselect range. The target image then falls
on the sensor array and the system is switched from an acquired mode to a lock-on status.
For the lock-on mode several things are caused to happen. First, the image of the target
ellipse is centered in azmuth such that an equal number of arrays on the left and right
of the sensor "see” the target. Thus as the lead aircraft varies in direction the FFAS
sensor tracks the change and a rotary shaft encoder provides heading information to the
pilot. Second, changes in range, as sensed by changes in diameter of the major axis, are
compensated by a change in system optical magnification, In this manner the image size
remains fixed and the range variations which are inversely proportional to the magnifica-
tion are provided as pilotage data.

The FFAS is a night time device. It is not necessary for the entire ellipse to fall
on the sensor. The location of several adjacent rows in the region about the extremes on
the major axis are used to provide data to the system microcomputor which in turn calcu-
lates the minor axis dimension and displays the full ellipse.

3.0 CONCLUSIONS:

The concepts and systems which have been described perform a wide variety of tasks,
however, throughout there exist a physical commonality which is the kernel of this pre-
sentation. In each instance the task to be performed has been matched to conform to the
characteristics of an array or matrix of quantized information elements. The tasks have
been reduced to a pattern which is digitally described and processed in a multi micro-
processor based system. In this manner the microprocessor, LSI hybrid semiconductors,
and the CCD, all of which are products of a single technology, have been exploited to
perform necessary tasks for helicopter control and/or guidance. While the tasks described
are representative, the future application of this methodology and technology can go far
to reduce the pilot work load while simultaneously improving the safety and utility of
the heliccpter.
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HETERODYNING CO; LASER RADAR FOR AIRBORNE APPLICATIONS
by
R. L. Del Boca
US Army Avionics Research and Development Activity
Fort Monmouth, New Jersey 07703

R. J. Mongeon
United Technologies Research Center »
East Hartford, Connecticut 06108

SUMMARY

Analysis of tactical scenarios indicates a number of radar requirements that are
optimally solvable with low power 10.6 micron laser systems. Specifically the high
detectivity realizable with optical heterodyning receivers coupled with the efficiency
and versatility of 10.6 micron sources makes CO2 heterodyne laser radars unigue candi-
dates for airborne applications. This paper addresses the characteristics of optical
heterodyning radars and considers the applications pertinent to pulsed and CW sources.

Exploratory development efforts by the US Army Avionics Research and Development
Activity in conjunction with United Technologies Research Center have been directed
at advancement of the state-of-the-art in airborne CO; heterodyne laser radar systems.
This paper will discuss the design considerations, hardware configuration, and test
results of flyable breadboard models which have demonstrated the feasibility of employ-
ing COp scanning laser systems for wire detection, precision hover, Doppler navigation,
and terrain following.
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LIST OF SYMBOLS AND ABBREVIATIONS

Smin - Minimum receiver detectable signal for a given bandwidth
- Planck's constant = 6.63x10734 Joule sec.
Frequency
- Bandwidth
- Quantum efficiency
- Wavelength
Po - Peak transmit signal
S/N - Signal to noise (power) ratio
t - Pulsewidth
P53y - Average power
PRF - Pulse repetition frequency
Pmin - Minimum receiver detectable signal for a given PRF
Tsys - System transmission
Tatm - Atmospheric transmission
R - Range
Dp,r - Diameter of transmit, receive aperture
3 - Cross section
D, - Diameter of wire
p - Target reflectivity
g - Heterodyne efficiency
LN - Liquid Nitrogen
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Ky INTRODUCTION
1.1 Operational Scenario

In order to achieve mission effectiveness in the present threat environment, Army
helicopter operations have focused on terrain flying. Specifically, terrain flying is
the tactic of employing aircraft in such a manner as to utilize the terrain, vegetation,
and man-made objects to enhance survivability by degrading the enemy's ability to vis-
ually, optically, or electronically detect or locate the aircraft. This flight regime
is divided in three categories as sketched in Fig. 1. Nap-of-the-Earth (NOE) flight (A)
is conducted as close to the earth's surface as vegetation or obstacles will permit with
variations in aircraft airspeed and altitude. Contour flight (B) conforms generally to
the contours of the earth, at low altitude, and is also accomplished by varying airspeed
and altitude. Low level flight (C) occurs at a given altitude, generally along a straight
line, and with constant airspeed.

1.2 Problem Definition

In order to enhance operational effectiveness throughout the flight regime described
above, high accuracy sensors are necessary since warning times can be small, and room for
maneuver limited. Additionally, the number of cues are far less than those available at
higher altitudes. Rivers, road crossings, and hill tops can often not be seen simultan-
eously in a large aerial view, but rather are crossed (or missed) serially. When obstacles
are included as hazards to these low altitude flights, the overall sensor requirement be-
comes that of achieving high resolution over modest line of sight ranges. As will be demon-
strated shortly this is the expected performance capability for optical radars.




n OPTICAL RADAR

Some of the overall characteristics of optical radars are noted in Fig. 2. 1In this 3
paper the term optical radar will generally imply radar wavelengths from the visible
through the infrared portion of the spectrum. As contrasted with microwaves, these
shorter optical wavelengths permit higher spatial resolution for a given antenna aperture,
better Doppler sensitivity, and increased temporal resolution. In order to select an
appropriate optical frequency, however, one must consider the factors pertinent to total
system performance (Fig. 2).

2.1 Advantages of COp Optical Radar

While a detailed analysis of each criterion over the entire spectrum of optical
wavelengths is beyond the scope of this paper, a brief summary is presented to indicate
the advantages inherent in CO; heterodyne laser radars. The characteristics of low power
10.6 micro® heterodyning radar are shown in Fig. 3 with the conclusion to be drawn that
CO2 provides the optimum wavelength optical radar with respoct to source, receiver, and
atmospheric considerations.

2.1.1 Source

Most importantly, 10.6 micron lasers are versatile transmitters permitting modula-
tion techniques familiar from microwave systems to be employed. The ability to operate
CW, FM-CW, pulsewidth and/or pulse rate variable enable the system designer to choose an
efficient source with an optimum transmitter format matched to a given airborne scenario.

2.1.2 Receiver

Present 10 micron detector technology has made available durable, high quantum
efficiency, wide bandwidth photovoltaic detectors for incorporation into optical hetero-
dyne receivers. As a consequence of heterodyning, receiver sensitivity is not limited
by electronic or detector noise, or by background photons, with the minimum detectable
power being described by

Smin = hf » DER N 4 x 10-20y B = 1 Hz =5
n ni n = .5

for a 1 Hz bandwidth and a detector quantum efficiency of 50%. It is this near theoretical
receiver sensitivity, realizable in practice, that mades many low power 10 micron missions
possible.

In contrasting 10 micron and shorter wavelength radars it is appropriate, therefore,
to consider the theoretical and practical aspects associated with achieving efficient
heterodyne laser radars. First, receiver sensitivity improves with wavelenght because the
photons per unit power are proportional to wavelength. Secondly, efficient heterodyning
infers a spatial coherence at least equal to the receiving aperture of the radar. Air
turbulence and resultinag index fluctuations partially destroy the transverse coherence
of the reflected signal. The longer wavelengths are less sensitive to this atmospheric
aberration, as shown, by the following representation. Consider a one Kilometer optically
heterodyning radar operating in mild turbulence; it would be restricted to a .1 meter
aperture operating at .63 microns whereas a 10 micron radar could utilize up to a 3 meter
antenna for the same range and turbulence. Increased range and/or turbulence decreases
the coherent aperture for both wavelengths but the ratio improvement for the long wave-
lengths remains approximately (Ap/\g) /5. And, finally, from a practical viewpoint the
mechanicai precision, alignment, and stability of the optically heterodyning receiver are
easier to realize at the longer wavelength, a particularly important consideration for
airborne optically heterodyning radars operating in intense vibrational environments.

2.1.3 Atmospherics

The above paragraphs outlined the favorable 10 micron source and receiver character-
istics and it now remains to consider the final major factor in determining optical radar
feasibility, namely atmospheric scatter and/or absorption. For 10.6 micron radars, mole-
cular absorption caused by either CO; or H0 is a consideration, but does not seriously
effect short range considerations. For example, a 30°C temperature and a 90 percent rela-
tive humidity results in 3 dB/km (one-way) attenuation. The limiting atmospheric consid-
eration of all optical radars is fog, with longer wavelengths once again proving to be
superior. A dense fog can prove totally limiting, with 100 dB/km _attenuations, but moder-
ate fogs having visibilities of approximately 450 meters (13 mg/m? liquid water content)
result in only 10dB/km attenuation at 10.6 microns. It is important to recognize that i
while sensor performance can be degraded by atmospheric conditions, to the point of totally
defeating long range all weather optical radars, there are many short range (< 10 km)
tactical scenarios that can be satisfactorily addressed. As will be shown shortly this is
primarily a result of realizing a sensor with a large clear weather margin.

2.2 CO, Sensor Configurations

For the terrain flying scenario described earlier, a number of specific sensor tasks
have been identified as optimally solvable with coherent CO; laser techniques. Figure 4
provides a partial list which will serve as the basis for discussion in this paper. As
shown, the transmitter format is selected depending on the task. For range resolution of
wires, particularly those close to a background, a short pulse system is preferred. A high )
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frequency clock, synchronous with the transmit pulse, provides accurate time of flight
range measurement. In addition, a short pulse system (1) simplifies the design of the
Doppler tracking receiver which tunes the narrowband intermediate frequency (IF) amplifier
section, and (2) provides temporal isolation of transmitter feedthrough in common (trans-
mit/receiver) aperture systems.

Since optical wavelengths permit order of magnitude improvements over microwave
Doppler sensitivities, a CW COp system can yield the high resolution three axis Doppler
velocity information necessary for accurate hover, and NOE navigation. A system design
employing an acousto-optic cell as a frequency translator provides a frequency offset
local oscillator beam while reducing the complexity of the transceiver. 1In order to
achieve isolation from transmitter feedthrough a dual (transmit/receive) aperture or
aperture shared design would be incorporated.

2.3 Heterodyne System Design Considerations

Understanding the fundamental heterodyne sensitivities discussed previously, the
system designer can now perform analyses pertinent to performance margin for the set of
sensor tasks outlined above. For a pulsed heterodyne system, the power ratio of peak
transmit signal (Po) to minimum receiver detectable signal Spip (=NOISE) is given by
(S/N)power = PO/Smin = Po/hfB/n where B is the bandwidth of the matched filter 1/«

(r = pulsewidth). Relating peak power to average power by Pay = Po x 1 x PRF = Po x
1/B x PRF where PRF is the pulse repetition frequency yields

P Bav.
e/ S Puin = hE(PRP)
ES(PRF) Pmin n
n

For a 10 watt average power system, a PRF of 1 Hz, and an ideal (100 percent) quantum
efficiency detector (n = 1) detector; the value of this ratio represents 207 dB of gain
(Fig. S). 1If we assume the target intercepts the entire beam, then the received detector
signal (P.) can be derived from P4, and the received signal to noise (power) ratio can
be expressed in terms of Py, by

_ Pr = Pay T D2 .
(S/N = = —av_—sys ‘fatm 9¢ (B);
/ )R hf (PRF) hf (PRF) 4R
n o
D = diameter of receiver aperture
R = range to target
p = target reflectivity
Tgyg = System transmission
Tatm = atmospheric transmission
g = heterodyne efficiency

Expressed in decibels this can be written
(S/N)qg = 10 log Pay, + 10 log (Tgys gon) + 10 log D2 + 10 (log Taem *
log L log K
;Z PRF)

For an assumed system having the following values

Pay = 10 watts
) 1 I
Tsys = -i
g=.1
D =10 cm

substitution yields,
(S/N)dB = 207 4B - 33 dB ~ 26 dB + 10 (log Taxm ~ 2 log R = log BRF)

where the log formalism has been used on the right hand bracket terms to demonstrate that
losses will be associated with Tatm < 1, range, and PRF. One additional factor must be
entered to address the probability of false alarm. This term can be considered a signal
threshold to noise value which provides a level of noise immunity, thus decreasing the
system false alarm rate. The remaining S/N after all of the above factors are taken into
account is referred to as the (S/N)ds margin; written,

(S/N) gp = (8/N)gg - (S/N)
MARGIN e dBTHRESH

Assigning a value of (S/N)dB = 15 dB as representative for this analysis, yields,
THRESH

—

R
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(S/N) gB =133 - 20 log R + 10 (log Tapm - log PRF)
MARGIN

The semi-log plot of fig. 5 is intended to graphically portray the physical and analytical
considerations examined above. The crosshatched area represents the (S/N)4p margin avail-
able for weather and/or PRF considerations as a function of range. For a PEF of 40 kHz,
the remaining weather margin as a function of range is shown as doubly crosshatched.

& CO, WIRE DETECTION SENSOR

As mentioned earlier a prime application for CO, pulsed heterodyne airborne laser
radars is the area of wire detection. Safety statistics to date indicate that the US
Army and the Civilian Aviation Community are each recording over two aircraft wire strikes
per month.

In an analysis formulated according to the previous recipe, a low average power
(2.0 watt) high PRF (40 kHz) system is analyzed as a wire detection sensor (Fig. 6).
The various system and target characteristics have been folded into the calculations
with the resultant atmosphere/weather margin equal to 16 dB for normal incidence and
S dB for a 45° angle of incidence at a range of .5 km.

Under an exploratory development program a Laser Obstacle/Terrain Avoidance Warn-
ing System (LOTAWS) was developed and tested by the US Army Avionics R&D Activity and
United Technologies Research Center. The results obtained in ground and flight testing
are consistent with the previous analysis. The heterodyne CO, laser radar utilized a
2.0 watt average power, single frequency, pulsed laser transmitter and a CW local oscilla-
tor which was slaved to the transmitter. A high PRF (40 kHz) system was dictated by the
necessity to scan a wide field of view for the wire detection task. The system was in-
stalled in a CH-53A helicopter and demonstrated the detection of .32 cm field wire at
typical ranges of 500 meters and power lines at ranges to 1.6 km.

Feke Major System Description

In its most basic form the LOTAWS mission consists of the identification of wire
threats and the incorporation of this information into a display format for presentation
to a pilot. Figure 7 presents the major LOTAWS subsystems and their functional inter-
relation. The pulsed transmitter, delivering a 340 nsec pulse at a PRF of 40 kHz and
an average power of 2 W, is coupled via the germanium duplexer to the common transmit/
receive telescope and scanner. The electronically programmable wedge scanner is capable
of directing the 250 urad beam anywhere in a conical field of 30 deg, with typical scan
patterns consisting of spiral, circular, or linear scans. The return radiation is mixed
for heterodyning with the CW local oscillator at the duplexer and detected by a LNj-cooled
HgCdTe photovoltaic diode. The pulsed rf current is amplified by a wide bandwidth preamp
prior to initial processing by the narrow bandwidth Doppler tracking receiver. This de-
sign enables amplification to occur at a bandwidth of 3 MHz while aircraft velocity in-
duced Doppler shifts as great as 20 MHz are tracked. After video detection of the pulse,
the signal processor determines the range to the target return and discriminates wire
returns from other background signals. For the initial LOTAWS tests and as an aid for
flight testing and evaluation, the LOTAWS returns were displayed on a storage monitor
with the scanner position controlling the azimuth and elevation coordinates. To further
aid the visualization, the storage display was scan converted into TV format and electric-
ally mixed with the view detected from a nose mounted TV camera. In this manner, a visual
scene with low natural resolution is augmented with high resolution wire information.

As shown in Fig. 8, the LOTAWS system was divided into three functional groups for
installation into a CH-53A helicopter. The optical transceiver consisting of lasers,
telescope, optics, and detectors was mounted behind the copilot's compartment. The scanner
was mounted in the nose. The optical path between the transceiver and scanner covered a
total distance of 3.3 m and utilized three folding mirrors. The signal processor and dis-
play were stationed aft at the observer/data recording station.

3:da Transmitter

The LOTAWS transmitter is depicted in Fig. 9. The CO,gain tube is a conventional
low pressure, sealed-off, CW pumped, Brewster-window configuration. Passive Q switching
is realized with the SFg cell, and the pulse width is determined primarily by the dynamics
of the COp medium. The PRF is determined by the available gain in excess of loss with the
latter largely determined by the unbleached loss of the SFg. Since operating frequency
determines the available gain for a selected SFg pressure, both PRF and optical frequency
can be controlled by laser cavity length. A grating is included in the cavity to prevent
CW oscillation at lines where the SFg has low or no loss and to select the P20 operating
line. To realize a large bandwidth ?enqth control servo, the grating was mounted onto a
specially designed, rugged, tilt free, PZT drive with a natural resonant frequency greater
than 2 kHz.

A resonator with minimum angular sensitivity and high transverse mode discrimina-
tion was used in minimizing the vibrational susceptability of the transmitter. The stable
operation, both in frequency and PRF, required that the laser operate single mode. The
resonator finally used was the "unstable" resonator depicted in Fig 9b. This low magnif-
ication, transmission coupled configuration was realized by a combination of a "flat"
LITTROW grating, a flat output coupler, and the weak negative lens resulting from the tem-
perature gradient in the CO; gain medium. Without the wave guiding effects of the 5.5 mm
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gain tube, the losses associated with the magnification would otherwise be too great for
this relatively low gain application. With the waveguide enhancement, this configuration
proved competitive in efficiency with stable designs but provided considerable improvement
in transverse mode discrimination in addition to increased tolerance to angular alignment.
A secondary characteristic of the unstable configuration of some importance was the large
intracavity mode size, which reduced the power density incident on the low thermal capacity
replica grating.

To provide an appropriate housing for the laser resonator and intracavity components,
a cylindrical invar structure with excellent stiffness-to-mass characteristics both in
deflection and torsion, was configured to force any acoustic resonances to be higher than
300 Hz (Fig. 9¢).

SIER Scanner

The optimum scan pattern and field of view required for a specific obstacle warning
scenario is determined in part by the aircraft's operational characteristics including
craft velocity, maneuverability, pilot warning time, and the radar constraints including
spot size and scan rate induced phase lag. For the system deployed in the helicopter,
the maximum scan rate (for a 50 percent pulse-to~pulse overlap, a 40 kHz PRF and a 250
urad divergence) is 5 rad/sec. Since the program emphasis was exploratory, a versatile
scanning capability which would enable a flexible flight evaluation was selected. To
enable the electronic selection of a variety of scan patterns and fields, a pair of indep-
endently driven rotating optical wedges were used.

To aid in the visualization of the scanning pattern, a pair of visible transmitting
wedges were assembled on independent motor mounts and a HeNe laser and Polaroid camera
were used to capture some of the simple patterns. A mechanical chopper was utilized to
provide a beam modulation of 2 kHz so as to provide an evaluation of the instantaneous
scan velocity. Figure 10 portrays a few of the scan patterns that are realizable. 1In
general, counter prism rotation produces a line scan for equal prism speeds and rosette-
like patterns for slow relative speed differences, while common prism rotation generates
spiral scans for low relative speed differences and slewing circular scans for large
relative speed differences. For LOTAWS, 10 cm diameter germanium wedges were independently
driven by shaftless DC torque motors, thereby realizing a compact gearless drive assembly
with high torque-to-inertia ratios. For the wedges used, the full angular field was 30
deg and, depending on the scan complexity, a full field could be scanned in times ranging
from 0.1 to 10 sec. As initially installed, scan generation was realized through velocity
servos controlling the individual wedge rotation speeds. Present plans include incorpora-
ting position control of the wedges so as to enable control of the instantaneous scan rate,
dynamic control of the scan field, and the addition of a track~while-scan mode.

3.4 Vibration Considerations

An overriding consideration in designing the LOTAWS for helicopter operation was
the vibrationally intense environment, stability of heterodyning alignment, and the laser
frequency which had to be maintained during flight. To minimize the effects due to flexure
and vibration, the optical transceiver components were designed for stiffness, and high
stiffness-to-mass ratio so that any resonant frequencies would be greater than 300 Hz,
beyond the range of significant aircraft vibrational energies. The vibrational susceptab-
ility of the transmit and local oscillator lasers were further reduced by incorporating
wide bandwidth laser length control servos with closed loop bandwidths greater than 300 Hz.
Finally, to minimize impulse noise due to shock excitation of the high frequency trans-
ceiver resonances, visco-elastic damping material was utilized at the interface of the
honeycomb optical table and the rigid welded support rack.

35 Test Data and Results

During the LOTAWS flight tests, data were obtained which showed the effect of vib-
ration isolation and electronic compensation in maintaining transmitter and local oscilla-
tor-optical frequency. Figure 11 shows the frequency broadening due to vibrations during
hover within ground effect. As previously discussed, a transmitter optical frequency shift
results in a change in PRF, which, for the flight data, is approximately 8 Hz in the 40 kHz
PRF. The maximum relative optical frequency shift between the local oscillator and trans-
mitter is approximately 100 kHz, which is well within the 3 MHz IF bandwidth.

The main target of interest for the exploratory tests of LOTAWS has been .32 cm
Army field wire. In considering a wire target in the radar model, the signal or carrier-
to-noise ratio is expected to follow a 1/R° dependence (Fig. 12), since the beam is in-
tercepted completely in one dimension and only partially in the other dimension. The
static data have been plotted for normal incidence, but this range dependence should be
independent of angle. The maximum target range indicated represents a signal-to-noise
ratio of approximately 14 dB for the .32 cm wire at 1200 m.

The ability to successfully detect these small diameter target wires in flight was
a major result of the initial flight test program. The results of static tests performed
in the aircraft, but on the ground, and the data from the flight program indicate that the
LOTAWS system performance did not deteriorate in the airborne environment. This outcome
is consistent with the very small optical frequency shifts measured in flight. A plot of
wire returns as a function of angle of incidence for .32 cm field wire at 400 m (Fig. 13)
indicates the data analyzed. 1In addition to the agreement between the data sets, it is
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worth noting that the rapid fall off in carrier-to-noise ratio occurs within the first
15 deg from normal incidence and that the ratio is reasonably constant from 15 deg to

40 deg from normal. This angular dependence is the result of both the specular nature
of the wire scattering, resulting in the rapid decrease at small angles, and the diffuse
scattering, resulting in reasonably constant values over a broad range of increasing
scattering angles.

In order to incorporate the detected wire information into a display format which
might be meaningful to a pilot, the location of wire detections was combined with the
video display from a camera mounted on the nose of the aircraft. When detections which
satisfied the wire identification logic occurred in the scanned field of view, a bright
dot would be superimposed at those points on the TV video scene. This was accomplished
by viewing a storage display with a vidicon and video mixing this output with that of
the forward looking TV camera.

The following sequence of figures shows the scene (Fig. 14), the employed scanning
format, and the sequential wire detections which occurred for transmission lines at a
range of 1.6 km (Fig. 15). 1If a spiral scan is employed, a series of wire detections would
appear as a horizontal linear array of dots. The display storage time can be controlled
such that detections over a certain number of TV frames would indicate a horizontal wire.
Photos 1 through 6 of Fig. 15 indicate sequential detection of the wires for the arcs of
the spiral scan using the assumed lines. Although the storage aspect of the display was
not employed for this video scene, when viewed at the TV frame rate of 30 frames/sec, the
linear aspect of the detections is quite pronounced.

4. CO, HOVER SENSOR

In order to experimentally assess the potential of employing a CO) system as a
multifunction sensor applicable to the tasks previously depicted in Fig. 4, we undertook
the Multifunction LOTAWS effort aimed at design fabrication and testing of the necessary
exploratory CO, airborne sensor configurations. For investigation of Doppler navigation
and precision ﬁover a CW frequency offset homodyne design was adopted. In the initial
exploratory development Multifunction LOTAWS effort, the hover aspect was selected as
representative of sensor performance, since the total navigation problem required con-
siderations beyond the scope of the tests.

The main components of the COs transceiver consisted of a one watt average power CW
transmitter, an acousto-optic cell for frequency translating a portion of the transmit beam
to provide a frequency offset local oscillator reference, and a photo voltaic HgCdTe detec-
tor with a quantum efficiency of 50 percent. The transmit/receive apertures (+ 1 cm)
"aperture shared" a 7.5 cm clear aperture germanium wedge scanner. The beam was scanned
conically (12° half angle) at a 100 Hz frequency, about a boresight at maximum depression,
and the three axis velocity was resolved utilizing F.M. discrimination and phase sensitive
detection. The CO, sensor derived velocity information was integrated to obtain position,
and both the velocity and position information were displayed symbolically to a subject
pilot via a CRT. The symbology was developed by the US Army Avionics R&D Activity and in-
cluded additional information consisting of filtered attitude derived from the vertical gyro
and altitude derived from the radar altimeter (Fig. 16). With this sensor and symbology,
pilot-in-the-loop hover at a 50 meter altitude with approximately 4 meters radial excursion
over a period of several minutes was demonstrated. Doppler velocities of approximately
1 cm/sec have been resolved with this configuration. The above test established the fea-
sibility of Doppler laser radar to serve as a sensitive Doppler navigator, and high resolu-~
tion day/night hover sensor.

s 8 CO, TERRAIN FOLLOWING SENSOR

Further efforts in pulsed heterodyne CO); airborne laser technology are presently
underway in the Multifunction LOTAWS effort to demonstrate the terrain following sensor
capabilities of CO, scanning laser systems via pilot in-the-loop terrain following tests.
Earlier work with the LOTAWS system previously described, yielded data on the signal to
noise (power) ratio for signal returns from grass as a function of range, for various angles
of incidence. Figure 17 portrays the result that even for relatively grazing incidence
(75.5°) at approximately 1200 meter a S/N of 25 db is achieved.

For the new multifunction configuration a short pulse 30 nsec variable PRF (20-60
kHz) transmitter should provide range resolution of 5 meters for terrain and also permit
the detection of wires close to a background. The exploratory terrain following format
will scan a vertical field of + 25° about a boresight which can be varied from approxi-
mately +15° (elevation) to ~30° (depression) from the longitudinal aircraft axis. The
frame time can be varied from one-half to one second per scan and the sensor outputs of
elevation angle versus range will be interfaced with an SKC-2000 airborne computer for
preocessing in a terrain following algorithm. The sensor information is thus converted to
climb/descend "command" information for given aircraft velocities and load factors.

The symbology displayed to a pilot on the CRT is shown in Fig. 18. This cruise
mode display presents the climb/descend command via the triangular symbol at left edge of
the screen, with additional flight cues and a forward looking image completing the CRT
information.




6. CONCLUSION

The concepts and techniques associated with 10 micron optical radar have matured
to the level where feasibility demonstrations of flight hardened breadboards are occurring.
Specifically low power (< 10 watt) 10.6 micron sources can be configured to perform a number
of short range (< 10 km) tactical and operational scenarios of interest to low flying air-
craft (Fig. 19). Flight tests have confirmed near theoretical performance for a number of
applications including obstacle (wire) avoidance, terrain following, doppler navigation and
hover. The versatility of the sources argue strongly for an expanding range of applica-
tions, particularly in the areas of target recognition and identification.
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A SELF CONTAINED COLLISION AVOIDANCE SYSTEM FOR HELICOPTERS

by S. Bloch, G. Hoefgen and D. zur Heiden
Standard Elektrik Lorenz AG (ITT)
7000 Stuttgart 40, Germany

SUMMARY

The paper describes a proposed solution to the problem of obstacle detection and collision warning
pertaining to the operation of helicopters at low altitude and within a formation.

A simple yet effective algorithm is used in order to assess the collision hazard posed by stationary
obstacles as well as other helicopters in the proximity of the protected aircraft. The raw data needed
(range and closing speed) is provided by a 35 GHz versatile low-cost FM/CW-radar that has been originally
developed for the protection of road vehicles. With the exception of the antenna assembly only minor
modifications are needed in order to make this radar fit the requirements of an airborne anti-collision
system,

1. INTRODUCTION

Apart from their traditional roles in reconnaissance, communication, and troop transportation etc.
helicopters are increasingly deployed for ECM and weapon delivery. Attack helicopters nowadays may carry
guns, rockets, and anti tank missiles, as well as anti surface vessel and submarine torpedoes. This
increased significance of helicopters in modern warefare calls for improved night and poor-weather
capability.

The high vulnerability of helicopters often requires the pilot to maintain a flight course at
minimum height in order to avoid early detection. This task becomes extremely difficult when performed
under conditions of deteriorated visibility. Without appropriate assistance the pilot will have to climb
to a "safe" height, clear of potential obstacles, thus exposing himself to the hazards posed by un-
friendly air defense. The two dimensional FLIR information as well as Low Light Level TV are
certainly useful tools in helping to maintain a flight course at lower height, but they cannot, how-
ever, provide complete information pertinent to collision avoidance. Another significant draw-back of
optronic systems is the reduced performance, particularly when penetrating (smoke) fog and precipita-
tion. In such cases an anti-collision radar would be more appropriate, as microwave propagation is
considerably less effected by adverse weather conditions (and temperature gradients) than 1light and IR.

A very significant advantage of a radar system is its versatility, providing slant range, azimuth,
elevation and doppler (closing speed) data thus permitting highly effective hazard assessment.

The price paid for this augmented capability is the increased vulnerability to ECM. For this reason
appropriate measures need to be taken in order to minimize the risk of ECM detection and jamming.

2.  THE ASSESSMENT OF THE COLLISION THREAT

The requirement for a small-size, low-weight and cost-effective airborne collision avoidance system
dictatesthe need for a relatively simple method of threat assessment.

A sophisticated signal processing system, in which a multitude of different data (e.g. range,
relative speed, elevation, azimuth, height, flight course, wind correction angle etc.) is analysed may
well provide very reliable collision warning. Here, however, the cost of the airborne equipment is
going to be prohibitive.

In contrast, an over-simplified system, indicating a collision hazard whenever the helicopter nears
an obstacle, would be easier to implement, the performance, however, would be quite unsatisfactory.

A viable compromise between the two options mentioned above seems to be a radar using the so called TAU-
hazard assessment.

2 ; k. - Range
The factor TAU is defined as the ratio: TAU 2 ETBE?HEEEEEEK

Using TAU, no angular information or flight course data is needed. The system will operate on a real time
basis, with the threat evaluation being performed instantaneously, with no need for tracked data storage.
The following simple examples demonstrate the performance of the TAU-criterium:

Figure 1 shows two helicopters separated by 100 m. The relative velocity of 20 m/s, which is identi-
cal in this specific case to the closing speed, indicates that the two helicopters are on a direct colli-
sion course.

Figure 2 depicts an almost similar case, but now the relative velocity and the closing speed are
no longer identical. This situation will lead to a near miss with the two aircraft reaching a minimum
distance of 20 m. At the given closing speed this configuration could stillbe regarded as hazardous.

Figure 3 shows a situation where the two helicopters will at no point be closer than 45 m.

Figure 4 shows the behaviour of TAU vs. the range R. As long as the helicopters are sufficiently
separated, TAU decreases almost linearly. For configuration #1 the linearity will be maintained until
the impact point is reached. In this case, TAU represents the time-to-go to collision.

For the two other configurations, TAU reaches a minimum value followed by a renewed rapid increase
(with TAU reaching infinity at Rmin). An alarm will be initiated whenever the calculated TAU falls below
a pre-set threshold. In the example shown in figure 4,collision warning will be given for configurations
#1 and #2 only. The geometrical shape and size of the protected space determined by TAU will automati-
cally be adapted to the magnitude and direction of the relative velocity and the closing speed involved.

The choice of the alarm threshold determines the sensitivity of the collision warning. It should be
set so as to provide sufficient time for evasive action. The sensitivity has to be matched to the
maneouverability of the helicopter and the reaction time of its pilot. Setting an excessively high
sensitivity, on the other hand, should be avoided as it will cause an increase in the number of inap-
propriate alarms.
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The performance of the TAU-hazard assessment is degraded in cases where very small relative
velocities are involved (while hovering or within a formation). In such cases small errors in measuring
the closing speed might cause a significant inaccuracy of TAU. This deficiency necessitates independent
range monitoring that generates an alarm whenever an obstacle is detected within a pre-determined space
surrounding the helicopter.

3. THE RADAR CONFIGURATION

The choice of a simple algorithm for the threat assessment is the first step towards the realization
of a low cost anti-collision system. The second step is the design of a simple and rigid radar capable of
providing high resolution, in range and doppler, whilst being insensitive to ECM and jamming. An FM-CW
radar apears to be the best possible choice, with its relatively low peak power permitting the implementa-
tion of a completely solid state system that will need neither a stabilized high-voltage-power-supply nor
fast RF-switching devices.

The transmitted power is almost undetectable by alien ELINT receivers, thus making the radar much
less susceptible to ECM, than a pulse system of corresponding capabilities.

4. ANTENNA CONSIDERATIONS

One of the crucial problems facing the designer of a collision warning system, is the question of
coverage that is to be provided. The unique maneouverability of helicopters basically requires the
monitoring of the entire space surrounding the aircraft. Unfortunately this aim is difficult to realize.
In particular the "illumination” of the upper hemisphere is expected to be technically difficult. An
appropriate confinement of the collision protection to the lower hemisphere will help to simplify the
hardware implementation without causing excessive degradation of the overall performance. This statement
is based on the assumption that most critical collision hazards are expected to be at moderate or negative
elevations. (In case of formation flights some helicopters might be "blind" to hazards posed by higher
flying aircraft. Here, however, the higher helicopters will adequately monitor the collision threat.)

Despite the fact that the TAU-hazard assessment does not require any angular resolution, the radar
will still have to use a scanning directional antenna. The following main reasons explain the need for
antenna directivity:

a) The angular resolution reduces clutter and cuts down the number of targets that have to be
processed simultaneously by the radar.

b) The additional angle information is very useful in deciding the evasive action to be taken
once a collision hazard has been established.
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c) The directivity helps to achieve good isolation between the CW-transmitter and the receiver
front-end (by using separate antennas).

d) A narrow antenna beam, along with a sufficiently good side-lobe-suppression is a very
effective anti-jamming measure.

In order to compensate for the helicopter pitch and roll, the rotating antenna platform will have
i to be stabilized, thus maintaining antenna rotation in the horizontal plane. This stabilization does not
need to be unduly accurate.

5. RADAR SENSOR (Fig. 5) 1
The transmitted CW-signal is frequency modulated (saw tooth-FM). A highly stable modulation frequency 1
is important for the determination of the closing speed and it is therefore derived, by division, from a 4

stabilized crystal master oscillator located in the frequency synthesizer.

According to the range and the closing speed of the target the incoming signals will be time-delayed
and doppler-shifted (Fig. 6a). Instantaneous hetrodyning of the transmitted and received signals yields
an output representing the frequency difference between the two signals (Fig. 6b). The amplitude of the
difference signal of close-in-targets is attenuated by means of a high pass filter. This measure, cor-
responding to the automatic sensitivity control (STC) of a pulse radar, prevents the saturation of the
receiver by strong signals at close ranges.

The spectrum of the difference signal (with the sweep return f* blanked out) peaks at a frequency
Af which is proportional to the target's range. The side lobes of the spectrum are significantly sup-
pressed by applying simple amplitude weighting at the output of the hetrodyning mixer.

The periodic FM-modulation implies a discrete spectrum with the main signal energy temcentrated in
very few spectral lines. These lines are basically the harmonics of the modulating FM-frequency. Any
relative motion will cause a corresponding doppler shift of the spectral lines thus permitting determina-
tion ot the target's closing speed (in magnitude and sign). By means of narrow band frequency filtering
the range and the closing speed information can be extracted as two independent parameter. Figure 6c shows
the spectrum of two simultaneous targets separated by 10 m. The frequency axis corresponds in this case
to the time axis of a conventional pulse radar.

The processing of slant range information is performed serially using a second mixer. This permits
: the use of a single steep-flanked filter for all range elements. The synthesizer provides all local

i oscillator frequencies required by the individual range elements.
* In order to achieve a very high range resolution (in the order of 10 m) the FM-modulation will have
to spread the signal spectrum over a frequency band of > 50 Miz. This will not only provide the necessary
resolution but will also help in rendering the radar insensitive to ECM and jamming.
k The range of the radar should not exceed 250 m (under adverse weather conditions). This restriction
! permits a reduction in size and cost of the radar and increases its ECM resistance.

The close range operation and the requirement for a small-size low-weight system make the Ka-Band
(35 GHz) or W-Band (94 GHz) most appropriate for the collision avoidance task. Broad-band narrow-beam
systems are readily achieved at these frequencies, whilst ECM detection and jamming become very difficult.
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6. HAZARD INDICATION

The threat evaluated by the system's computer (micro-processor) will raise an acoustic intermittent
tone alarm which becomes intensified the further TAU falls below the pre-set threshold. The azimuth of the
threat will be simultaneously indicated on a display consisting of a circular LED array with its elements
spaced in 10° increments. For formation flights it might be useful to display all the adjacent helicopters
on a PPI scope or an equivalent 9 -®-indicator. In case of a collision hazard,an acoustical alarm will be
sounded and the threat will be shown as a flashing blip on the scope.

7.  RADAR PARAMETER

The helicopter radar will be a derivative of a Ka-Band automotive anti-collision radar that has
f | been developed and successfully tested over the last three vears at Standard Elektrik Lorenz AG. This
project has been sponsored by the German Ministry of Science and Technology (BMFT).

This FM-CW-radar, dubbed RAS, has shown its merits in numerous tests and under a variety of different
traffic situations. Over the next two years extensive testing of 10 vehicles fitted with RAS radars will
take place, in order to demonstrate system operability under normal traffic conditions. The RAS radar is
light and rigid and its project price (large scale production) is in the order of $ 500.

Figure 7 shows the two small 35 GHz RAS antennas which are barely larger than the car's head 1ights.

Figure 8 shows the RF unit, using modular integrated techniques. The module incorporates the trans-
mitting antenna (rear view), a gun oscillator with its modulator (left hand side), as well as the RF-
mixer and video pre-amplifier.

The photographs give a good impression of the compactness of the RAS radar. Due to its high resolution
and accuracy, as well as its mechanical features, RAS is ideally suited for use in an airborne collision
avoidance system.

| : Following parameters summarise the proposed anti-collision radar:

i
i CW power 50 mW Closing speed resolution 2,5 kt
C‘ Operating frequency 35 GHz (or 94 GHz) Dwell time on target 0.01 s
- ’? Band width > 50 MHz Antenna:
Modulation FM/CW 3 dB beam width 3.5° (azimuth)
15° (elevation
‘ Maximum range 250 m +5°/-10°)
(range of) closing speed =15 to 160 kt Rotation 60 RPM
Range resolution <10m Weight (without antenna) 10 1b i -
i

i e
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FIGURE 7 :  RAS - AUTOMOTIVE ANTI COLLISION RADAR

FIGURE 8 : RAS - RF UNIT
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A HELICOPTER HIGH DEFINTITION
ROTOR BLADE RADAR

by
C.M. Stewart
RADAR GROUP, FERRANTI LIMITED
Crewe Toll, Edinburgh
Scotland

SUMMARY

By installing a radar aerial within the rotor blade, a sensor having unique capa-
bilities for the operation of helicopters in darkness or bad weather can be provided.
A description of such a system is given outlining the factors affecting the choice
of the principal radar parameters and their interaction with the helicopter rotor
design.

Examples of the high definition pictures from the radar display are shown with
the appropriate section of map for comparison and some suggestions are made on
operational roles where such a radar system would have particular advantages.

1. INTRODUCTION

In an effort to improve the operating capabilities of the helicopter in poor weather
and bad visibility considerable efforts in recent years have been devoted to sensors
which, in general, have attempted to augment the visual scene as it appears to

the pilot and crew. Consequently these sensors are usually operated in the optical

and infra-red wavelengths where the limitations on weather penetration, field

of view and range can be significant.

Radar with its longer wavelengths offers unique capabilities in all these respects
particularly when advantage is taken of the scanning property of the helicopter
rotor to mount the radar aerial within one of the blades. The map-like presentation
available from such a radar, even at the lowest altitudes, can be an invaluable

aid and the high resolution, 360 uninterrupted field of view and high data rate
obtainable enhance the performance to a level difficult to achieve with any other
form of airborne radar or indeed any other sensor.

To investigate the potential of the rotor blade radar and to assess its capability

in the field, Ferranti Ltd. under contract to MOD (PE) constructed an experimental
version which was coupled to an aerial designed by the Royal Signal and Radar
Establishment and installed within a special rotor blade by Westland Helicopters

Ltd. Flight trials are still being carried out by RSRE utilising a Wessex helicopter
but it is the intention in the later part of this paper to show samples from the
results achieved to date.

2. SYSTEM DESIGN

In the selection of system parameters certain constraints were imposed by the
static and dynamic properties of the rotor head, in particular the rotor rotation
speed which in the Wessex is approximately 230 rpm. This represented a refresh
data rate £t8m a single aerial mounted within the blade of about 4Hz and a scan
rate of 1380 /sec.

The refresh rate therefore lay well within the flicker rate detectable by the
eye and this had to be taken into account when selecting the type of display to
be used with the radar.

A high scan rate interacts with the azimuth beamwidth (Bw) of the aerial and the
pulse repetition frequency (p.r.f.) so that for any patch of ground within the
radar's feld of view,

hits per scan = Bw x p.r.f.
scan rate

Clearly the number of hits per scan should never be less than one and preferably
be higher since the returning echoes from each particular patch of ground can
be integrated to give improved detection sensitivity.
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However, for a high definition radar it is essential to use a narrow azimuth beam-
width to achieve good angular resolution, despite the penalty of reducing the
amount of time the beam can spend illuminating each patch of ground.

For this radar an azimuth beamwidth of 0.5° was chosen and a minimum number of
hits per scan of 2. Inserting these numbers in the above relationship shows that:-

p.r.f. (min) = scan rate x hits/scan
Bw
= 1380 x 2
0.5
= 5.52 KHz

In practice a minimum p.r.f. of 6.2KHz was used.

Since the interval between successive pulses fixes the maximum time for a transmitted
pulse to travel to a target and the echo to return, the p.r.f. determines the
maximum range or more correctly the largest range scale which can be used. Allowance
must be made for settling time in the radar and display between successive pulses

and taking this into account, the maximum range scale became 10Km. This was
supplemented by further scales of 5,2,1, and 0.5Km.

A further consequence of mounting the aerial within the rotor blade is that the
effect of the application of both cyclic and collective pitch on the elevation
pointing direction must be allowed for in addition to the usual aircraft pitch
changes. The simplest solution was to ensure that the elevation beamwidth was
sufficiently great to encompass these variations since in any case the available
elevation aperture was too small to allow much control of the aerial pattern in
this plane. This was not necessarily the most efficient technique since some
aerial gain was sacrificed but it had the mgrit of simplicity. The elevation
beamwidth achieved in practice was about 40~ but as can be seen in figure 1 it
was possible to produce a sharper cut off on the upper side of the beam than the
lower thereby concentrating most of the available RF energy on the ground instead
of dissipating it uselessly above the horizon line.

The choice of frequency to be used lay between I band and J band i.e. covering

the range 8-16GHz since lower frequencies make the aerial design increasingly
difficult (in particular the length becomes excessive) and higher frequencies

incur significant losses both in the waveguide system taking transmitter pulses

and received signals to and from the aerial and in the atmosphere itself, particularly
in rain.

These considerations led to a choice of I band at approximately 9GHz which for
0.5° beamwidth resulted in an aerial 4 metres in length.

Since a primary Sim was to achieve a high resolution radar map, the good angular
resolution of 0.5 had to be matched by similar range resolution and two pulse
widths of 50 and 100ns were provided giving equal range and angular resolution
at 0.8 and 1.7Km. These were paired with p.r.f.'s to maintain the mean power
as constant as possible in the interests of easing the transmitter design problems.

The use of a short pulse also permits good minimum range provided the recovery

time of the receiver protection system can be kept short. This problem becomes
increasingly difficult as the peak power level is raised and some design difficul-
ties were encountered as a result since a peak power of B80KW had been chosen to
give good signal/noise ratios on a single pulse basis without relying on integration
from scan-to-scan.

Nevertheless careful design permitted a recovery time of 50ns to be achieved,
so that the obscured area of ground close to zero range did not exceed 80 metres
in radius from this cause.

The choice of display took into account several factors:

(1) The need to choose a system which removed the 4Hz flicker resulting
from the rotor rotation speed.

(2) A high definition capability was required to match the good range and
angular resolution of the rest of the system.

(3) The range scales, particularly the shortest implied very high writing
speeds on the cathode ray tube face. These had to be achieved simultaneously
with high brightness.

The requirement to remove flicker indicated a need for storage and the two most
promising possibilities appeared to be a scan converter feeding a television type
display or a direct view storage tube (DVST) which incorporates a storage mesh
within the tube itself.
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The 4Hz refresh rate and high definition requirement made the specification for

the scan converter very demanding although just within the state of the art at

the time. On the arciinds principally of economy the D.V.S.T. was chosen although

it is doubtful if, in view of the rapid decrease in the cost of digital components,

this would now be the best choice. A small sacrifice in resolution was accepted |
on the longest range scales as a consequence but full brightness was retained

by the use of a short term digital buffer store which enabled the read out to .
the display to be at a lower rate than the input from the radar receiver. ’

3. SYSTEM IMPLEMENTATION

Because the radar was intended for experimental purposes only, provision was made
for varying many of the parameters in flight from the control unit although this
alsc resulted in a larger and more complex system than would be necessary in an
operational equipment. In addition, a special airborne photographic recorder

was developed to retain permanent records from the display.

A block diagram of the major units of the system is shown in fig. 2. The displays
offered a wide selection of operating modes including, ground stabilisation, north
or heading stabilisation, PPI and offset PPI, marker facilities and four different
range scales. This necessitated a considerable amount of processing of angle

data mainly in digital form and this was performed in the Angle Generator Unit.
A view of the principal units in the helicopter is shown in fig. 3. The only

units external to the radar which were required were a doppler navigator to provide
along and across track rate signals together with drift angle and a compass bearing
input for north stabilisation. To establish the pointing angle of the aerial

: beam in azimuth a shaft encoder was fitted to the main rotor shaft but this angular
“ output was modified by the lag angle of the aerial rotor blade as measured by
a separate sensor to arrive at the true azimuth bearing of the beam.

The problem of providing an RF connection between the aerial and the Transmitter/

Receiver was solved by running the waveguide up the inside of the hollow rotor |
drive shaft. To complete the path across the rotor hinge assembly to the aerial
was however more difficult but by the use of a rotary joint and a carefully sited
flexible waveguide a relatively simple system was evolved which has proved to

be entirely satisfactory providing good life and low RF losses. ]

The rotor blades of the Wessex helicopter are normally of all-metal construction
but it proved possible by taking advantage of the newer fibreglass techniques
used in later helicopters tc incorporate the aerial within the trailing edge of
the blade without in any way changing the weight or mass balance characteristics
to the extent tha% the radar blade was completely interchangeable with the normal
blades.

A cross section of the blade aerial is shown in fig 4. The use of a trailing

edge aerial was permitted by the use of I band in contrast to the higher frequency
leading edge aerial used by earlier workers, giving the significant advantage

that this almost completely avoids the deterioration in radar performance caused
by erosion of the surface of the fibreglass.

! The aerial itself which is a length of waveguide with angled slots cut in its
' narrow side can be withdrawn to permit inspection and to allow it to be re-used
if a blade change becomes necessary.

To assist in fault finding on the radar an extensive built-in-test facility (B.I.T.)
was included from the beginning. This provides not only test signal injection 2
tut extensive monotoring of parameters to localise the fault to a particular unit.
turther diagnostic indications within each unit allow fault tracing to particular
modules or printed-circuit cards. j

A very important facility is provision for simulating the rotation of the rotor
to allow the radar to be tested without the nccessity of starting the aircraft
engine and driving the rotor blades. F

4. TRIALS RESULTS

In the first phase of the trials the purpose has been to study the radar profiles

of as large a variety of terrain combinations as possible within easy flying distance

| of base, which in this case was the Royal Aircraft Establishment airfield at Bedford.
Later phases of the trials programme will examine other aspects of the operational

‘ use of the radar equipped helicopter including the assistance to be afforded in

| landing, control of other (non radar~equipped)aircraft and the possibility of

I obtaining station-keeping situation displays when a number of aircraft are operating

. in concert.
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Since all the flying to date has taken place in the south of England where the
land is fairly flat but manmade landscapes are both widespread and varied an
extensive range of terrain situations has been available for study.

A selection of photographs taken from the radar's photographic recorder is shown
but it must be emphasised that the lack of the dynamic effect resulting from the
use of still snapshots robs the display of much of its effect. Moving objects
such as cars and aircraft are much more obvious in reality.

Two identical displays are available in the aircraft each using a 10cm diameter
D.V.S.T. one visible to the pilot, the other in the rear cabin. The special
photographic recorder uses a repeat display which appears on a 2.5cm CRT optically
coupled to a camera. The radar operator can select single shot, continuous bursts
at 2 frames/second or dwell times of 2 or 1 seconds per frame.

Some aspects of the accompanying photographs from the test flights are worth
high-lighting. At lower altitudes such as 350 ft. it is interesting to see that
shadowing can enhance a terrain feature, in some cases creating almost a 3-D image,
so that identification is particularly easy. This can be seen, for example in
Flight 21 where the annular shape of the earthworks making up the ancient defensive
works called 0l1d Sarum in the bottom right of the picture is clearly visible.
Similarly the road on the left side of the photograph shows up as a bright line
edged with black, it is thought because the road is lined with trees.

The contrast between grass and concrete is very advantageous in the location of
airfields as seen in Flight 24 and this makes it even possible to detect aircraft
on the runway itself.

Roads, and to a slightly lesser extent, railways are almost always visible particularly
on the range scales below 2Km/radius.

The high definition of the radar is clearly evident in the views of coastlines
and estuaries in Flights 21,23 and 24. Even with a scale of 5Km/radius, buoys
and small craft can be distinguished and this is even more evident when the scale
is increased to 2Km/radius as in Flight 24 where many yachts and similar vessels
can be seen at anchor.

This standard of presentation suggests that coastguard applications might be a
particularly suitable role for the Rotor Blade Radar.

This view is strengthened by the fact that a high scanning speed is a well established
technique for the decorrelation and suppression of sea clutter.

CONCLUSIONS

Although the flight trials are not complete, sufficient data has been gathered

to suggest that the wide field of view, high definition radar displays obtainable

from the Rotor Blade Radar both over land and coastal regions would offer significant
advantages for the operation of helicopters in darkness or bad weather. The equipment
installation has been found to make very modest demands in terms of space and

location within the helicopter when competing with other avionics and the aerial

and rotor blade assemblies have proved to be relatively simple to build and maintain
and show good operating lives. It is believed therefore that a Rotor Blade Radar

is an entirely practical and useful sensor for modern helicopters.
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FLIGHT 23 24/4/78 SOUTHAMPTON WATER, FAWLEY JETTIES
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DESIGN PROCEDURE FOR AIRCREW STATION LABELING
SELECTION AND ABBREVIATION*

Patrick M. Curran, Ph.D.
Commander, MSC, USN
and
Norman E. Lane, Ph.D.
Commander, MSC, USN
Aircraft and Crew Systems Technology Directorate
Naval Air Development Center
Warminster, Pennsylvania 18974 USA

SUMMARY

Guidelines for crewstation labeling contained in several military documents are
subject to diverse interpretation, thus leading to inconsistent labeling. The purpose of
this paper is to describe a design procedure for the selection and abbreviation of labels
for crewstation controls and displays. It is asserted that this improved procedure for
increasing information flow between an operator and the systems/subsystems with which he
is engaged will contribute to improved mission effectiveness, safety, and training by re-
ducing operator errors, response times, and learning times.

The design procedures set forth require the identification of specific operator
involvement with displays and controls. From this identification, functional statements
are prepared for each control and display with respect to what, where, when, and how the

operator should act upon gathering information on a characteristic of a system/subsystem
or component.

This report describes methods of preparing these functional statements, the usage
of common labeling of associated controls and displays, as well as specific procedures for
abbreviating display/control labels.

INTRODUCTION

In modern aircrew stations the increased employment of new sensor/display systems
and sophisticated onboard computers have presented operators with increasing amounts of
data in new and unusual formats. These evolutions have considerably altered the tradition-
al man-machine information transfer process that existed in older aircraft. New equipment
technologies greatly extend the human sensory, motor, and mobility range and provide air-
craft/environment information and resolution of flight/tactical dynamics which would other-
wise exceed aircrew capabilities. At the same time, they impose time-critical challenges
to operators to cope with information generation capabilities far beyond the wildest expec-
tations of information needs. To minimize this discrepancy between data needs and data
availability, it is essential that methods be developed to provide aircrew information ac-
quisition, process, and transmittal in the most rapid, accurate, and reliable manner.

Limited space in airborne crewstations necessarily dictates some form of compres-
sion or abridgment of system information. Experienced pilots, in general, represent a
relatively homogeneous group with respect to familiarity with aviation language. This
group becomes less homogeneous when different levels of training, experience, or other
types of crew members are included. This heterogeneity expands when support personnel
(maintenance and servicing) are considered. The diverse needs of different personnel with
varying functions brings about a breakdown in standardization goals. The development of a
systematic procedure which will result in suitable labeling selection that can be effi-
ciently utilized by this diverse group should be of major benefit in crewstation design.

Currently, various documents (e.g., MIL-STD-783B) covering the labeling of air-
crew stations or airborne equipment serve as guidelines for making and identifying the var-
ious displays and controls in aircraft. These documents do not contain objective rules for
the generation of suitable labeling, and provide inconsistent direction for the establish-
ment of abbreviated crewstation labeling. A review of labeling in aircraft cited in an op-
erational survey in 1968 (Reference 6) revealed a total lack of standardized procedures in
the labeling information, composition, and abbreviation that have been derived in accord-
ance with these document requirements. A recent unpublished survey of the crewstation la-

beling in four aircraft verified these earlier findings and concluded that applicable stand-
ards are:

a. subject to varying interpretation;
b. do not result in consistent labeling structure; and

c¢. in the four aircraft surveyed, more than 50 percent of the abbreviated labels
did not conform to the intent of the design criteria specified in these standards.

* Opinions or conclusions contained in this paper are those of the authors' and do not nec-
essarily reflect the views or endorsement of the Navy Department.
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In current aircrew stations, display, control, and panel labeling provides too
much or too little detail which is irrelevant and frequently misleading. Speed and accu-
racy of information acquisition and required control response, even by experienced aircrew,
is severely affected by this improper device labeling.

Most often, the labeling is structured in engineering terms, which describe what
a device is, rather than in terms of the function it is intended to serve. Thus, the oper-
ator is required to determine or recollect functions and, then, translate these into direct
information inputs and outputs. These interface deficiencies have not stemmed completely
from an absence of adequate control and display hardware technology. Rather, they have
emerged from the lack of a systematic methodology for determining and using the functional
operational requirements assigned to the operator and the detailed operator information
and response requirements involved in his task. Display and control terminology from the
hardware engineering development for each system (often carried over from previous systems)
is used in place of device functions, reflecting a lack of human factors engineering anal-
ysis and evaluation during the design and integration phases, which could provide the ap-
propriate information requirements for aircrew decision making and control actions. Pre-
viously cited studies of crewstation labeling have identified a number of common problems:

a. Unnecessary or redundant words in display, control, and panel labels leading
to clutter or illegibility.

b. Labeling content that identifies the equipment and not the direct function
that the operator is concerned with.

c. The use of inappropriate adverbs and verbs that do not provide explicit in-
formation or the desired function.

d. Individual labels for display and control groups when a single label for the
group would be adequate.

e. An excessive use of acronyms and symbols in lieu of proper word descriptions
that facilitate information acquisition and response.

Ideally, the labeling for all aircrew station equipments should present the com-
plete word(s). This is not ordinarily practical given the critically limited crewstation
space available for label presentation. Labeling abbreviation will frequently be required;
the shortening of the iabel should be minimal within the limits of the available space.
Recent U.S. Navy studies (unpublished) have shown that the relative time to read labels is
a function of the extent of their abbreviation. More extensive abbreviations require more
time for the operator to absorb the intended original-word information. Figure 1 depicts
this relationship.
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DEFINITIONS
For the purpose of this report, the following definition of terms apply:
Abbreviation - a shortened form of a word(s) used in the label.
Acronym - a word usually formed from the first (or first few) letters of several

words.

Control - a device that permits operator inputs to the system/subsystem hardware.
These devices include levers, knobs, switches, etc. that are either continuous or discrete.
The continuous control has values and the discrete control has settings.

Display - a device that provides system/subsystem activity information or outputs
to an operator. These devices will include dials, lights, readouts, radar scopes, etc. and
may be continuous such as a fuel gauge, or discrete such as a warning light. A continuous
device has values, a discrete device has settings.

Labeling - refers to the choices of size, type, and location of words, abbrevia-
tions, acronyms, and symbols to:

1. identify the information being conveyed from the system to the
operator and back to the system from the operator; and

2. describe to the operator when and how the various displays and
controls are to be used.

Symbol - a written or printed mark or letter standing for or representing an ob-
ject, quality, process, or quantity that is usually a widely accepted and utilized infor-
mation designator in one or more specialized fields.

System - the collective entity that is the major independent element (machine)
which the operator is controlling (i.e., aircraft, helicopter, ship, submarine, etc.)

Subsystem - the collective components that provide operator capability(ies) (i.e.,
communications, navigation, flight control, etc.) to accomplish the system purpose(s).

LABELING REQUIREMENTS

In the crewstation design displays and controls (devices) are usually arranged
on panels as functional device groups and/or sub-groups serving a common system or subsys-
tem purpose. These groups are intended to provide the operator with all of the information
and control required for the employment of various subsystem capabilities (i.e flight con-
trol, propulsion management, navigation, communications, etc.). In most cuses, the display
panels that provide the status or directive information concerning a subsystem are located
apart from the control panels that contain the operator action devices associated with these
systens. This design practice is primarily due to the highly limited space in the crewsta-
tion and to operator considerations which dictate placement of displays in forward areas
for rapid viewing, and control placement in areas of effective operator reach. As a result,
it is essential to provide clear, concise, and consistent labeling to enhance rapid and ac-
curate association between information acquisitions and appropriate control actions to over-
come problems created by physical separation.

A major difficulty encountered in the design and integration of crewstation dis-
plays, controls, and panels is the selection and presentation of the information the air-
crew will need to effectively accomplish their assigned tasks. The specific requirements
that are identified when operator roles are established form the basis for defining dis-
plays and control requirements for throughput of information between the operator and the
hardware he employs. During this phase of identifying operator interface requirements, op-
erator functions (tasks) must be broken down into finer sub-tasks until all information
the operator must absorb (from displays), process or transmit (through controls) is iden-
tified. It is from this information that labeling for both normal and emergency flight
operations must be derived.

A major requirement of labels and legends is to identify for each device the in-
formation being transferred to and from the operator so that he does not have to rely on
memory for this purpose. Proper labeling will greatly reduce the amount of time needed to
train an operator as to where each information transfer point is located in his crewstation
and will also increase his understanding of how his system may be controlled. A second and
equally important function of labeling is to inform the operator when and how various infor-
mation can be transferred.

The incorporation of computers in aircraft has resulted in an ever-increasing de-
gree of system/subsystems integration with a concomitant increase in quantity and complex-
ity of information transfer between operators and the system. 1In earlier less-integrated
systems, the relationships between information and control responses were fairly well-de-
fined and comprehended. The current emphasis on integration has resulted in a major change
in the man/equipment interface. Advanced systems with tabular message formats, tactical
and strategic situation plots, and multiple sensors make it essential that an effective
and consistent labeling methodology be developed.
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; LABELING DERIVATION PROCEDURE

Purpose and Application

The purpose of this section is to present a systematic procedure for the deter- |
mination of appropriate labels for aircrew station displays and controls. It is antici-
pated that this procedure can also apply effectively for operational and emergency instruc- .
tional placards. i

It is intended that these procedures be applied to major subsystems (e.g., com-
munications, flight control, navigation, radar, sonar, etc.) during their integration ‘into
crewstations in the aircraft design and development program as well as individual subsystem
developments for which no specific aircraft application is immediately contemplated. 1In
this latter development case, application of the procedures should result in display/con-
trol/panel labeling which will minimize change due to different labeling philosophies when
integration with a specific aircraft platform is made.

Further, where possible, this labeling procedure should be employed in conjunc-
tion with analytical methods that serve to determine the required panel space for displays
and controls as a function of information content, criticality, and frequency of usage
(CUBITS) (Reference 7). During this design process, adequate panel space for the most
I appropriate labeling should be allotted. Also, since crewstation panel space is normally
at a premium, it will be desirable and, in many cases, necessary to consider the substitu-
tion of shorter words (e.g., '"SEND" vs. '"TRANSMIT) without sacrificing meaningfulness for
the labels selected in accordance with the procedure specified herein. The Aircraft Cock-
pit Environmental System Control Panel shown in Appendix A was designed with the consider-
ation of the above factors.

Types of Information

e

Display and control labels should be derived from the following types of infor-
mation:

a. Entity Terms - The word or word combinations which unambiguously identify
the physical element (system, subsystem, component, device, etc.) about which information
is to be transferred to or from the operator.

b. Attribute Terms - The general and specific features or characteristics of
the entity which is being presented by the display or changed by the control.

¢c. Setting/Scale Terms - The word, word combinations, and/or numerical desig-
nators which identify the particular settings, range of values and/or the units associated
with the displayed information or control action.

d. Time of Usage Terms - The words which identify the particular mission seg-
ments or situations when the specific display/control should be used.

e. Method of Usage Terms - The word or word combinations which explain how the
operator uses the display or control device to gather or change the information of concern.

f. Information Source Terms - The word(s) which identify the source from which
the information being transferred is derived.

-

Development of Functional Statements :

As a first step, operator involvement with each display, control, and display/ E
control grouping during normal and emergency phases of flight should be determined and the
appropriate types of information, as defined in the previous section, should be compiled.
To obtain the pertinent key information listing, functional statements of the specific in- ;
formation or transmission/change the operator is to obtain from the displays or perform i
on the controls shall be prepared. In these statements, answers to the questions of what,
when, where, and how the operator is involved with the display/control should be clearly
and readily apparent. With displays, the operator is concerned with gathering information
on the state/setting of some feature or characteristic of something. With controls, the
operator is concerned with taking action on, or changing, the state/setting of some fea-
ture and/or characteristic of something. The "entity," "attribute,' and "setting/scale'
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