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SUMMARY

A basic viscous/potential flow iterative technique is
developed for calculating flow on finite wings up to and beyond
the stall. The procedure used is a direct adaptation and exten-
sion of the successfully validated Analytical Methods, Inc. (AMI)
two-dimensional CLMAX separation model to three-dimensional flows.

In the potential flow program, the lifting surface is
divided into a number of panels with linear and constant vorticity
distributions along the chordwise and spanwise directions, res-
pectively. The separation region is modeled in the potential flow
analysis using force-free vortex sheets which require an inner
iteration to establish their shapes. The outer iteration loop
takes the flow velocity and pressure distributions over to the
boundary layer analysis at a selected number of spanwise strips and
returns with the separation locations and the boundary layer dis-
placement source distributions. The addition of the source distri-
bution modifies the normal velocity at each control point of the
panels. The sources are set to zero in the separated region. The
program generates a new wake shape using the new separation loca-
tions together with the information from the previous iteration
and the process is repeated until a convergent solution is obtained.

In order to expedite the development process, several
simplifying assumptions are made. In the separated region, the
free vortex sheet deformation is restricted to vertical movements
only because of the close-approach problem of the present singu-
alrity model which does not permit the full wake roll-up calcula-
tion. Additionally, the separation locations, predicted by the
boundary layer analysis at each of the selected spanwise stations,
are shifted to the trailing edge of the nearest panel on the upper ¢
surface of the airfoil. However, these assumptions do not conflict
with the primary objective of the present investigation which is
to demonstrate the feasibility of extending the two-dimensional

CLMAX separation model to three-dimensional flows. The separation
flow model and the developed computer program are validated by com-
paring the results with wind tunnel test data for some simple cases.

3




B e

. FOREWORD

The work described in this technical report was performed
by Analytical Methods, Inc., for the Department of the Navy,
Office of Naval Research, Arlington, Virginia, under Contract
Number N00014-78-C-0128. The research program was undertaken

under the technical cognizance of Dr. Robert E. Whitehead of
the Vehicle Technology Program of ONR.
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1. INTRODUCTION

In the design and analysis of fighter wings, a detailed
knowledge of the aerodynamic characteristics at high 1lift is re-
quired, particularly with regard to peak performance in maneuver
and during the landing and take-off. The high-1lift flowfield is
characterized by regions of flow separation both from a conven-
tional trailing-edge type of breakdown and from leading-edge,
tip-edge and often part-span separation which lead to vortex
lift phenomena giving considerable non-linear effects. In addi-
tion, many current designs have vortex flows generated by the
forward fuselage or upstream strake which closely interact with
the wing. Since attached flow theories are inadequate for those
conditions, the aerodynamic characteristics must be obtained from
extensive and costly wind tunnel tests. In many cases, however,
the wind tunnel tests occur too late in the design cycle to im-

pact the important aerodynamic/structural design trade-offs.

The wind tunnel tests, themselves, are not entirely satisfactory
because of scale effects. Advanced theoretical methods, therefore,
need to be developed that can model the vortex flow and separated

flow effects more completely.

Recently, Analytical Methods, Inc. has successfully
developed a practical technique for modelling separated flow
using free vortex sheets to enclose the low energy region for
two-dimensional flows (the details of the method are described
in the next section). Under the current contract, this two-dimen-
sional flow model is extended to three-dimensional flows and a
basic CLMAX iterative routine involving boundary layer, potential
flow and separation modelling is developed. For the potential
flow code, an existing program, WBAERO (Wing-Body AEROdynamics,
developed by Analytical Methods, Inc.), is modified to include
the linearly varying vorticity distribution, a convenient singu-
larity model to represent the separated flow regions. For the

viscous/potential (outer) iteration schemes, boundary layer




procedure for infinite swept wings is applied wusing the local
information from the potential flow solution at a number of pre-
selected spanwise scations. Boundary layer calculations yield
the separation points at each of the spanwise stations from which
the separated (initial) wake is generated in the potential flow
program. The potential flow code also incorporates a wake shape
iteration (inner) scheme in which the starting locations of the
separation (obtained from the boundary layer solution) at each

spanwise station are kept at a fixed position, but the ceparated
wake shapes are iterated until a convergent solution is obtained
for each of the outer iterations.

For the current phase of development, the free vortex
deformation is restricted to vertical movements only, i.e., no
roll-up because of close-approach problems. This is not a ;eri-
ous limitation at this stage, and it has expedited the develop-
ment of the basic procedure with known models. This restriction
will be removed during the next phase of research dealing with
the development of a flow model that can handle close-approach
problems.

In addition to the trailing-edge separation method, a
vortex shedding model is being developed, based on the close-
approach techniques, and capable of representing leading-edge
separation/vortex formation. In conjunction with this, an edge
core model is being developed to "capture" the free vortex
sheets as the roll~-up calculation proceeds. The reporting of
the details of the technique and the results will be delayed
until next year when these techniques will be completed and in-
corporated into the program by using prescribed separation

points.

Also, a simple representation of the tip vortex is
included in the potential flow model. The results obtained with
the present viscous/potential flow iterative scheme are compared
with a limited number of available wind tunnel test data and they

show good agreement, demonstrating the feasibility of the concept.

9




2. BACKGROUND

2.1 Flow Problem

Figure 1 illustrates the nature of the vortex flow at
high 1lift for a fighter wing with leading-edge strakes. To
this might be added vortices from the front part of the fuselage
and also separated regions from the trailing-edge flow break-
down. Additional flow breakdown will occur during maneuver due
to shock/boundary layer interaction, but this is outside the
present study. The vortices contribute considerable nonlinear
effects which can only be predicted for special cases, e.g.,
the force--but not the pressure distribution--on sharp-edged
delta wings can be predicted (Ref. 1) using potential flow theory
and Polhamus' (Ref. 2) suction analogy. Rognded leading-edges
and general wing planforms present difficult conditions for
theoretical predictions. The complete solution of the viscous/
vortex flow using a numerical solution of the Navier Stokes
equation is still very remote; however, application of recent
developments in analytical methods offers a possible practical
procedure in the near future based on boundary layer/potential
flow iterative techniques coupled with a free wake analysis.
These developments are in the fields of separated flow modelling
and in the close iteration between the free separated vortex
sheets and the wing. These developments are described briefly

in the next two subsections.

2.2 Separated Flow Modelling

Recent work (Ref. 3) at Analtyical Methods, Inc. has
demonstrated an effective, yet practical, technique for model-
ling separated flow using free vortex sheets to enclose the low
energy region (Figure 2). The method combines boundary layer
and potential flow codes in an iterative procedure as outlined in
Figure 3. An inner iteration is included to determine the

shapes of the free vortex sheets. The method has generated

accurate C2 vs. a curves for several airfoils up to and beyond

10




the stall at a cost of about §$12 per incidence data point--a
mere fraction of the cost of manufacturing and testing a model.
The calculation provides the complete pressure distribution,
i.e., including that in the separated region at each data point
as well as the force and moment values. Comparison between cal-
culated and experimental results are shown in Figures 4 through
6. Lift and pitching moment characteristics with incidence,
shown in Figure 4, for the GA(W)-1 airfoil at a Reynolds number
of 6.3 million indicate good agreement with experiment up to and
beyond the stall. A typical pressure distribution comparison is
shown in Figure 5 for the point at a = 20.04°, i.e., beyond the
stall. There is very good agreement even in the separated flow
region where the vortex model allows pressures to be calculated
directly. Figure 6 shows the good agreement between predicted
and experimental variation of Lo T with Reynolds number for the
NACA 4412 airfoil.

2.3 Close-Approach Technigue

One of the major problems of predicting the vortex/
surface non-linear interaction using panel mehtods is the "close-
approach" situation. Panel methods have distortions in the velo-
city distribution close to the panel edges, and these give rise
to divergent behavior when calculating the trajectory of vortex
lines in free wake analysis. The problem is present in varying
degrees of severity in all panel methods including the recent
higher-order methods. The problem was investigated for vortex
singularities in two~dimensional flow, and a subvortex technique
developed (Ref. 4) which demonstrates negligible flow distortion
along the surface. For example, Figure 7 shows the pressure
distribution calculated directly at arbitrary points (i.e., not
related to the singularity positions) on the surface of a
Joukowski airfoil. Without the close-approach technique, these

pressure values would have a wildly oscillating distribution.

This close~approach technique is now bei..y extended

to the three-dimensional case under NASA funding. In this

Ll
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extension, it has been found more convenient to represent the
vortex sheets with doublet singularities. These are coupled with
source singularities using the symmetrical singularity principle
(Ref. 5) developed at Analytical Methods, Inc. This principle
minimizes the singularity strengths and thereby reduces errors
associated with the singularity modelling.

12




3. DEVELOPMENT OF POTENTIAL FLOW SEPARATION MODEL

The current phase of this study primarily deals with
trailing-edge separations, since this is less dependent on the
availability of the close-approach model described in Section 2.
In this study, the basic viscous/potential flow/wake iterative
procedure in the two-dimensional CLMAX method is extended to
the three-dimensional case. 1In this section the development
work on the modification of an existing potential flow code,
incorporation of the separation model, and wake shape iteration
(inner) schemes are described. Some results are presented vali-

dating the developed model.

3.1 Modification of the WBAERO Program

WBAERO is a wing-body aerodynamics program in which a
lifting surface is divided into a number of panels, each of which
contains a constant source distribution and an internal vortex
lattice. Analytical expressions for the velocity induced by a
constant source distribution and also by the elements of a vortex-
lattice are used to calculate the coefficients of a system of
linear equations relating the magnitude of the normal velocities
at the panel control points to the unknown source and vortex
strengths. The source and vortex strengths which satisfy the
boundary condition of tangential flow at the control points for
a given flow condition are determined by solving the system of
equations by an iterative procedure.

In the present program, the constant source panels in
WBAERO are replaced by vorticity panels, assuming a linear and
a constant distribution along the panel chord and the span,
respectively. The equations are set ujr to solve for vorticity
distribution. The source panels are still there, but take on
values derived from the boundary layer displacement, the details
of which are explained in the next section. For the attached flow
case, the procedure is very similar to the existing code.

The lifting surface is divided into a number of chordwise and

spanwise panels, over each of which the vorticity is assumed to

13 i




vary linearly from the leading to the trailing edge. Assuming
that there are N chordwise panels at a given spanwise station,
there are N+1 unknowns, Yir Yor ccc Yngy! where Yy and YN+l

are vorticity strengths at the leading edge of the lower surface
panel (panel 1) and the trailing edge of the upper surface
(panel N), respectively. However, the application of a Kutta

condition at the trailing edge of an airfoil yields ¥y = =0,

YN+1
resulting in N-1 unknowns but N linear equations. An unknown
uniform source distribution is assumed over the airfoil surface
at each spanwise station resulting in a consistent set of linear
equations.

The velocity induced at any panel, i, due to the
linearly varying vorticity distribution at another panel, k,

can be expressed as a sum of several components (see Figure 8):

Vig = OV v ¥ ADING. Uy < W
HBCV [ (Yks o T T )/ -
k=1

+ E Ty (sg + s, >/ 2] (1)
2=ks+1

where
Vik velocity induced at the ith panel due to linearly
varying distributed vorticity (yk to Yk+l) at
panel k
ADCVik velocity induced at ith panel due to a unit con-

stant distributed vorticity at panel k

14




velocity induced at ith panel due to a unit linear

ADLVi k
distributed vorticity at panek k
ACVik velocity induced at ith panel due to a unit
} constant vortex at panel k
ks the first chordwise panel at the spanwise station
of kth panel (= k - n+l)
3
Y the distributed vorticity strength at the start

of panel k

Note that the summation multiplier of ACVi represents the cumula-

k
tive distributed vorticity up to panel k at that spanwise station.

The various influence coefficients, ADCV, ALDV, ACV,
for all the panels are computed as three component vectors rep-
resenting the three compoments of the velocities along the x, y,
and z axes, respectively. The Influence Coefficient Matrix,

[AM], consists of the normal velocity components, and is expressed

as

{VN} = [AM]{y} (2)

where {VN}is the normal velocity vector at the panels on the wing

surface. The Influence Coefficient Matrix is assembled by using

Egn. (1), and the surface normal vectors at the panels. The

three component velocity vectors (VX, VY, and VZ) are also stored

and used to find the velocity, and hence the pressure distribu-
* tions on the wing surface, once the y distribution is obtained

% j by solving Egn. (2)

; 15
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The modified potential flow code is checked out on
a simple case of rectangular wing of aspect ratio 2 with an
11.17% thick TR17 airfoil section (Boeing wing). This particu-
lar wing has been extensively used as a test case for evaluating
several panel methods and the data is available for comparison.
The wing is divided into 144 panels (36 chordwise and 4 spanwise)
and the angle of attack is 5.73°. The computed results are com-
pared with those of USSAERO (a symmetric singularity method) and
the Doublet Code (close-approach doublet model). The Doublet
Code has been developed by AMI under a NASA contract and it will
be replacing the present potential flow code during the next
phase of the current research. In the doublet code, a semi-
circular tip representation is included in addition to the four
spanwise strips. The comparison for the lift coefficients is

given below.

Section Lift Coefficients

y/b PRESENT USSAERO DOUBLET
0.125 0.3141 0.3264 0.3375
0.375 0.2981 0.3092 0.3204
0.625 0.2635 0.2694 0.2781
0.875 0.2078 0.1920 0.1712

CL 0.2762 0.2740 0.2768

The pressure distribution at the four spanwise

stations are shown in Figures 9(a) through 9(d). As can be

séen from these figures, the pressure distribution comparison
looks good except at the tip section (y/b = 0.875), which can

be attributed to the fact that in the present model in computing
the pressure distribution, the surface velocity induced by the
spanwise variation of vorticity is not taken into account. This
will be corrected in the next phase of research when the close-

approach potential flow model is incorporated.

16
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3.2 Separated Wake Region

The current phase of research deals with the trailing-
edge separation only and hence the separation is limited to the
region extending from the separation line to the trailing edge
over the upper surface of the wing. The arbitrary separation
line is computed from the boundary layer solutions starting from
a potential flow solution (viscous/potential flow iteration) at
a preselected number of spanwise stations. The details of the
viscous/potential flow (outer) iterative scheme are presented
in the next section. The present singularity model of linearly
varying chordwise and constant spanwise vorticity panels restricts
the free vortex deformation to vertical movements only; i.e., no
roll-up because of close-approach problems. Additionally, the
arbitrary separation line is modified in such a way it is dis-
continuous and is shifted parallel to the trailing-edge of the
nearest panel at each of the selected spanwise sections (see
Figure 10). These simplifyinc assumptions are made to expedite
the development of the program to demonstrate the feasibility of

the separation model for three-dimensional flows, and these re-

strictions will be removed during the next phase of the development.

3.2.1 Basic Geometry and Paneling of the Wake Sheets

Starting from an initial potential (attached) flow
solution, the boundary layer analysis predicts the separation
locations at each of the selected spanwise sections providing
the locus of the arbitrary separation line. As explained earlier,
for the current phase these separation locations are modified in
sﬁch a way that they are shifted parallel to the trailing edges
of the nearest panels in the separation region. Initially, the
separated streamlines are not known, and so the shapes of the free
shear layers must be obtained iteratively starting from an initial
assumption. For the current phase, the streamlines are assumed
to lie in vertical streamwise planes, and hence can be completely

described by two coordinates (x and z) only at any spanwise (y)

17




cross section. The initial wake geometry adopted at any spanwise
section is shown in Figure 1l1. This initial wake geometry proved
to be adequate for the two-dimensional separated flow program;
however, the number of wake iterations can be reduced substantial-
ly by a proper choice of the slope of the intial wake over the
upper surface. The upper and lower separated wake sheets (panels)
are represented by parabolic curves passing from the separation

points to a common point downstream. The slope at the upstream

——r—

end is the mean between the free stream direction and the local

L surface slope. The common point downstream is positioned on the
mean wake line, distance WL downstream from the wake mid-point.

Several ways of defining the wake length, WL, were investigated

during the development of the two-dimensional CLMAX program for a
number of different airfoils. The best model was based on a
"fineness ratio" of the wake; i.e., WL is obtained by multiplying
the "height" of the wake by the wake "fineness ratio", WF, which
is a function of the airfoil shape. This model is adopted in
the present program.

The adopted separation model assumes that the vorticity
over the upper and lower surface wake panels at any spanwise
strip is a constant equal in magnitude to the vorticity strength
at the separation line (the trailing edge of the panel at which
separation occurs). A convenient (adequate) number of uniform
vorticity panels are constructed along the curves in the wake
separation region over the upper surface up to a common line
downstream in such a way that the panel edge points correspond
approximately with those on the surface below so that interference
velocities can be reliably calculated if the wake sheet lies
close to the surface. Similar types of uniform vorticity (strength
is equal and opposite to the strength of the separation vortex
sheet over the upper surface) panels are constructed along the
curves from the lower surface trailing edges to the common line
intersecting the wake separation region over the upper surface.

The geometry of the panels in the separation region and their

18
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normal and tangent vectors are computed using the same subroutines
used to compute the surface panel information.

3.2.2 Wake Sheet Influence Coefficients

Since the uniform vorticity in the separation region
can be expressed as a function of the vorticity strengths at
one or more panels on the surface that are affected by the sepa-
ration, the process does not introduce any additional unknown
vorticity strengths. For the present program, since the separa-
tion line at any spanwise section is assumed to coincide with the
trailing edge of a panel, the vorticity strength in the separation
region is equal to the trailing vorticity strength at the separa-
tion panel, which is one of the computed unknowns in the solution
matrix. Hence, the size of the Influence Coefficient Matrix is
not affected by the presence of the separation regions. The
three components of the velocity vector induced by the panels in
the separation region (assuming uniform vorticity of unit strength)

are computed for all of the surface panels on the wing, and are

stored in appropriate velocity component arrays, making use of the
relation that the separated vortex sheet strength is equal to the
vorticity strength at the trailing edge of the separation panel.
From these velocity component arrays, the Influence Coefficient
Matrix (the elements of which are the normal components of the
velocities induced at any surface panel due to another panel)

are computed and stored on tape. Also, the velocity components
induced at the panel edges in the separation region due to the
surface and the wake panels are computed and stored on tape
which is used later in the Wake Deformation and Wake Shape Itera-
tion calculation to arrive at the new wake (iterated) geometry

after each iteration and also for computing the pressure distri-

bution in the wake region.
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3.2.3 Wake Deformation and Wake Shape Iteration

Once the influence coefficient matrix is generated for
the initial wake, the separated flow solution can be obtained
yielding the vorticity distribution over the airfoil surface and
the separated wake sheets. From this known vorticity distribu-
tion, the velocity components on the upper and lower wake panels
can be computed and from these the new wake shape is generated.
At the present time, only the x and z components of the velocity
are taken into account, neglecting the lateral (spanwise) motion

of the wake sheets. The upper and lower separated wake sheets,

which are joined to a common line downstream for the initial
wake, are permitted to terminate at two separate lines. This i
results in a physically inconsistent situation since the two :
wake sheets with finite vorticity are permitted to terminate
abruptly. However, this may be justified as a reasonable approxi-
mation based on the previous experience with the two-dimensional
CLMAX program. The deformed wake panel coordinates are computed
and the new influence coefficient matrix is generated. The flow
solution using the deformed wake is obtained and the process is
repeated using the iterated wake.

The development of the wake iteration scheme is checked
out on a simple case of a rectangular wing of aspect ratio 6 and
an angle of attack of 12°. The semi-wing is divided into 114
panels (38 chordwise and 3 spanwise strips) and the separated
wake sheets over the three spanwise strips are divided into 36
segments. For the representation of the separated flow, the flow
is assumed to separate at x/c = 0.5, 0.7 and 0.8 over the upper
.surface (arbitrary just for the purpose of checking the separation
model and the wake iteration scheme; in the final program, the
separation locations are obtained from the boundary layer solutions)

at the inboard, center and outboard sections, respectively.

20




The computed local lift coefficients for the attached flow,

initial wake, and first wake iteration are given below.

Section Attached Initial First Wake
Flow Wake Iteration
Inboard 0.9982 0.2463 0.3122
Center 0.9715 0.7976 0.8323
Outboard 0.7734 0.6675 0.7013

The pressure distribution and the iterated wake shapes
for the inboard section are presented in Figures 12 and 13,
respectively. As may be seen from these figures, the wake itera-
tion scheme may be completely avoided if a proper guess can be
made for the initial wake. The most important factor in the
description of the initial wake is the slope at the separation
location on the upper surface which is a strong function of

angle of attack.
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TABLE I. RECTANGULAR WING, a = 19.56°

CHORDWISE STATION VORTICITY STRENGTHS (y/4m)
Number & Location (x/c) Strip 1 Strip 2 Strip 3
1. 1.000 -.0792 -.0740 -.0577
2. 0.995 -.0710 -.0652 -.0479
3. 0.980 -.0670 -.0615 -.0511
4. 0.955 -.0727 -.0687 -.0433
5. 0.921 -.0735 -.0708 -.0431
6. 0.878 -.0630 -.0636 -.0481
7. 0.827 -.0571 -.0602 -.0527
8. 0.770 -.0569 -.0603 -.0561
9. 0.708 ~-.0578 -.0610 -.0584
10. 0.641 -.0584 -.0614 -.0600
11. 0.571 -.0585 -.0613 -.0611
12. 0.500 -.0579 -.0607 -.0617
13. 0.429 -.0565 -.0594 -.0617
14. 0.359 -.0542 -.0572 -.0611
15. 0.292 -.0508 -.0539 -.0596
16. 0.230 -.0456 -.0490 -.0566
1% 0.373 -.0384 -.0422 -.0515
18. 0.122 -.0278 -.0321 -.0435
19. 0.079 -.0118 -.0169 -.0309
20. 0.045 .0141 .0076 -.0105
21. 0.020 .0597 .0510 .0267
22. 0.005 .1502 .1347 .1011
23. 0.000 .2683 .2520 .2057
24. 0.005 .2735 .2608 L2224
25. 0.020 .2180 +2121 .1838
26. 0.045 .1842 .1791 .1585
27. 0.079 .1615 .1576 .1410
28. 0.122 .1456 .1423 .1281
29. 0.173 .1333 .1307 .1178
, 30. 0.230 .1233 1212 .1092
i 31. 0.292 L1147 L1131 .1016
; 32. 0.359 .1073 .1060 .0948
é 33. 0.429 .1002 .0996 .0887
34. 0.500 .0936 .0936 .0832
35. 0.571 .0873 .0878 .0781
36. 0.641 .0810 .0822 .0732
- 37. 0.708 .0744 .0765 .0683
38. 0.770 .0675 .0707 .0629
39. 0.827 .0593 .0645 .0567
40. 0.878 .0689 .0673 .0492
41. 0.921 .0792 .0740 .0396
42. 0.955 .0007 .0014 .0439
43. 0.980 -.0004 -.0004 .0577
44. 0.995 -.0004 -.0004 -.0003
45. 1.000 0 0 0

Separation Region
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4.0 DEVELOPMENT OF VISCOUS/POTENTIAL FLOW ITERATIVE SCHEME

The boundary layer development on an arbitrarily-
shaped lifting configuration with separated flow is very com-
plex. A thorough and exact calculation of this development is
properly the domain of the time-dependent solution to the general
Navier Stokes equations. Unfortunately the computer does not yet
exist which is capable of handling such a problem in a cost-
effective manner. Less difficult or costly are the finite-dif-
ference boundary layer programs now in existence. The amount of
computer time for each calculation still prohibits their use in
an analysis type procedure. Having made the above evaluation, one
must conclude that if the objective is a viscosity-dependent
calculation procedure of practical use to the aerodynamicist
for analysis at high angles of attack, and possibly for prelim-
inary design, the method must be relatively simple to use and be
cost effective. This can be achieved if integral boundary layer
methods are used. It is anticipated that integral methods will
be adequate for most applications of practical interest to the
aerodynamicist for flow calculations at high angles of attack
in the attached flow region. Heunce the integral boundary layer
methods are adopted in the current program.

The finite span wing is divided into a number of
streamwise strips. Each strip is treated as if it were a sepa-
rate infinite swept wing. On each strip the boundary layer
development is calculated along streamlines from the stagnation
line to the trailing edge of each element using the integral

boundary layer methods.

4.1 Stagnation Line Fiow

Theoretical prediction of the stagnation line flow of
an infinite yawed wing by Cumpsty and Head (Ref. 6) and Bradshaw
(Ref. 7) as well as others indicates that the boundary layer
approaches an asymptotic state where frictional forces are
balanced by divergence of the flow from the spanwise to the
streamwise direction. Cumpsty and Head found that the stagnation

line boundary layer integral parameters (H, 0, and Cf) and the
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state (laminar or turbulent) correlate with the parameter,

C* = V?/(2du/ds). Cumpsty and Head (Ref. 8) later experimentally
verified their theoretical correlations, and it - these corre-
lations that are used to determine the boundary layer character-
istics on each element of the swept finite wing. If the wing is
unswept, then conventional two-dimensional correlatiocns are used

" to start the boundary layer calculations.

4.2 Boundary Layer Methods

If the Reynolds number is sufficiently low to allow
laminar flow on a swept wing, the two-dimensional equations
of Curle (Ref. 9) are solved along external streamlines to de-
termine the laminar boundary layer development. It is assumed
that the laminar cross-flow effects have a negligible influence
on the overall calculation, at least for moderate sweep angles.

The streamwise boundary layer characteristics are used
with the correlation of Smith (Ref. 10) to determine the point
of laminar instability. With the point of instability, the
momentum thickness Reynolds number distortion, Ry, and the
pressure gradient parameter, k, known, the transition point is
determined using Granville's correlation (Ref. 11). The turbulent
boundary layer development over an infinite swept wing is cal-
culated using the method of Cumpsty and Head (Ref. 12). If the
initial stagnation line flow is turbulent, Cumpsty and Head's
method is used from the stagnation line to the element trailing-
edge.

In those cases where laminar separation occurs prior
to transition, a correlation band on the data of Gaster (Ref. 13)
is used to determine if turbulent reattachment occurs. Should

i reattachment be predicted, the calculation continues for tur-

S

bulent flow; if catastrophic separation is predicted, the boundary

layer calculation is terminated.
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The boundary layer solution predicts the separation
location over the upper surface and the source strength distri-
butions to represent the boundary layer displacement thickness
over the airfoil surface at each of the selected spanwise strips.
This information is passed back to the potential flow program to
start the next iteration. The separation (initial) wake is
generated according to the separation points computed at the

selected strips adopting the procedure explained in the previous

section and the wake is iterated until a convergent solution is
obtained. It is assumed that the source distributions represent-
ing the boundary layer displacement thickness in the attached
flow region affect only the normal boundary condition on the
surface, and hence the right-~hand side of the solution matrix.
Also, the effect of the source distributions in the separation
region is neglected.

The viscous/potential flow iterative scheme is checked
out on a simple case of a rectangular wing of aspect ratio 6
(NASA Langley wing--NACA 0012 section) at an angle of attack of
19.56°. The primary reason for selecting this wing is the
availability of an extensive set of wind tunnel test data covering
a wide range of angles of attack and sweep angles. The semi-
wing is divided into 132 panels (44 chordwise and 3 spanwise
strips) and the separated wake sheets over the three spanwise
strips are divided into 36 segments. The computed local 1lift
coefficients for the attached and separated flows (after one vis-
cous/potential flow iteration with initial wake) and the locations
of the separation points predicted by the boundary layer solution

are given below.

SECTION 5 SEPARATION
, LOCATION

(% semi-span) Potential Separated (% local chord)
Flow Flow

19.8 1.566 1.368 90.2
44.8 1.436 1.278 91.8
89,7 1.024 U934 97.4




T

The pressure distributions at the inboard and outboard

sections are presented in Figures 14 and 15, respectively.

In the accompanying table, the vorticity distribution
computed for the separated flow is given. The chordwise station
numbers start at the lower surface trailing-edge (1) and continue
along the airfoil in a counterclockwise direction towards the
upper surface trailing edge (45). As expected, the vorticity
values in the separation region are low, and the boundary
condition that the vorticity (uniform) over the upper surface
wake sheet 1is equal in magnitude and opposite in sign to the
vorticity over the lower surface wake sheet is satisfied. The
results indicate that the program is working and we can conclude
that the adopted separation model is reasonable at this stage.
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5. DISCUSSION OF RESULTS

In addition to the development of the program described
in Sections 3 and 4, a simple tip vortex model is incorporated
into the program. The tip vortex model assumes that at the last
spanwise strip (near the tip), the flow separates from the
upper surface in the region from the maximum thickness location to
the trailing edge at an inclination angle which is a function of
the angle of attack (a). Usually the inclination is assumed to
be 0.5a or less, depending on the value of ¢. The program has
the option of either including or excluding the tip vortex.

The method was applied to an Aspect Ratio 6 constant
chord wing (NASA Langley wing--NACA 0012 section). An extensive
set of wind tunnel test data is available fbr this wing covering
a wide range of angles of attack and sweep angles. The semi-
wing is divided into 220 panels (44 chordwise x 5 spanwise) and

the selected spanwise locations are given below.

Station No. Fraction of
Semi-Span (y/b)

0.180
0.485
0.695
0.840
0.950

;AW N

The results at low angles of attack are not included
in this section since they were already presented in Section 3,
validating the potential flow program. The computed and experi-
mental chordwise pressure distributions for the case of a = 19.56°
and sweep angle of 0°, are shown in Figures 16, 17, and 18 at
the spanwise strips 1, 3, and 5, respectively. For the computa-
tion, a total of three viscous/potential flow iterations with no
wake iterations (i.e., with initial wake only). As can be seen

from these figures, the inclusion of the tip vortex model does
27




not have any significant effect on the pressure distribution

except at the tip section and the results compare well with

the experiment (wind tunnel test).

The next set of computed results were for the case of

a wing with the sweep angle of 9.72° at a

= 21.38°.

A total

of six viecous/potential flow iterations were performed and the

results of local 1lift coefficients and the separation locations

for the six iterations are tabulated in the following tables.

STRIP
NO.

(Pot% Flow)
1.625
1.563
1.415
1.181
1.839

nn & W N -

STRIP
NO.

(Pot% Flow)
1.000
1.000
1.000
1.000
1.000

oW N

o H K M

.289
.000
.154
.003
. 752

UPPER SURFACE SEPARATION LOCATIONS

0.847
0.643
0.891
0.934
0.979

o O H M

ITERATION NO.

3

«l153
.053
«038
.986
739

4

1.154
1.045
1.050
0.912
0.742

ITERATION

9

0.760
0.683
0.770
0.945
0.979
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NO.

SECTION LIFT COEFFICIENTS

1.078

1,037
1.050
0.929
0.726

0.705
0.672
0.782
0.874
0.957

1.080
1.037
1.048
0.931
0.777

(xX/C)




1
)
ii
3
k]

Inspection of the above tables reveals that the

solution had converged rather well except, perhaps, at the
last spanwise section. However, it should be noted that the
tabulated separation locations (predicted by the boundary
layer analysis) were modified in the potential flow program in
such a way that they are shifted to the trailing edge of the
nearest panel close to these locations. This shift in the
separation locations may introduce substantial errors, especi-
ally if the separation is in the region where panel spacing is
sparse. This restriction will be removed during the next phase
of development which will have provision to incorporate an
arbitrary separation line into the program.:

This case is presented here simply to validate the
iterative scheme and the computer program. Unfortunately no
reliable wind tunnel test data are available at high angles of
attack, and hence the computed results are not compared with
experiment. At the present time, NASA Langley has been conduct-
ing some additional tests on this particular wing in which de-
tailed wake flow measurements are being taken. This detailed
information will be very useful during the next phase of the

development for the validation of the program.

29




6. CONCLUSIONS AND FUTURE WORK

6.1 Conclusions

The development of a basic three-dimensional CLMAX
iterative scheme involving boundary layer, potential flow, and
separation flow modeling is complete, and the program has been
validated by comparing the results with wind tunnel test data
for some simple cases. The basic singularity model is represen-
ted by panels which are assumed to have linearly varying and
constant vorticity along the chordwise and spanwise directions,
respectively. This basic singularity model restricts the free
vortex sheet deformation to vertical movements only, and hence
cannot be applied to close-approach problems in which roll-up
must be taken into account. Additionally,:the separation loca-
tions, predicted by the boundary layer analysis at each of the
selected spanwise sections, are shifted to the trailing edge of

the nearest panel on the upper surface of the airfoil. In spite
of these simplifying assumptions, the major purposes of the

present investigation have been accomplished; viz., the demon-
stration of the feasibility of extending the two-dimensional
CLMAX model to three-dimensional flows and the validation of

the developed computer program.

6.2 Phase II: Leading-Edge Separation and Close-Approach
Model

One of the major problems of predicting the vortex

surface non-linear interaction using panel methods is the "close-
"approach" situation. Panel methods have distortions in the
velocity distribution close to the panel edges and the problem

is present in varying degrees of severity in all panel methods,
inlcuding the present higher-order method. The three-dimensional
form of the close-approach model developed by AMI under a NASA-
Ames contract employs a subpaneling scheme based on distributed

doublet and source singularities.
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The work in Phase II will be based on the new close-
approach model. The doublet/source singularities of this model
will replace the vortex sheet panels in the basic program of
the current Phase (Phase I). The same corner point definition
will be used, so the modification should be straighﬁforward.

The restriction of vertical deformation of the shed
vortex sheets is not necessary with the close-approach method.
Full roll-up of the sheets will be incorporated--in this case
a streamline calculation routine will indicate lines of linear
doublet intensity (i.e., constant vorticity) on the free sheets.

Procedures will be investigated to allow arbitrary
separation lines and to include leading-edge vortex shedding.
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Figure 1. Vortex Flows on a Fighter Wing Planform.
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Figure 4. Lift and Pitching Moment Characteristics for the
GA(W)-1 Airfoil. Reynolds Number = 6.3 Million.
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Figure 12. Chordwise Pressure Distribution (Inboard
Section).
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Figure 13. Iterated Wake Shapes (Inboard Section) .
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Figure 15. Chordwise Pressure Distribution
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