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I. INTRODUCTION AND SIGNIFICANCE OF THE PROBLEM

Hypersonic vehicles in flight are subjected to critical loads
which have increased the complexity of their structural design.
One of the most critical ones is the high temperature environment.
A second one is the effect of the fluctuating pressure generated by
the hypersonic turbulent boundary layer and its interaction with
the accompanying shock wave system especially those from lifting
surfaces. These two effects have a strong impact on the structural
response of the vehicle and must be factored into the vehicle

design.

In addition to causing potential structural failure, the
turbulent induced aeroacoustic excitations can cause unacceptable
sound pressure levels to equipment stations on the vehicle as well
as the crew compartment in manned vehicles. Hypersonic vehicle
structures featuring control surfaces can generate significant
sound pressure levels as a result of the increased static pressure
levels and is a potential for éeparated flow regions. Thus, in
order to perform a structural fatigue analysis of a vehicle in this
environment the requirement is the prediction of the aeroacoustic
loads for the flowfield behavior as dictated by the mission of the
vehicle.

‘

The prediction of aeroacoustic loads o2 hypersonic structures
have used empirical models based on ground test data and limited
flight data for axisymmetric as well as 3D maneuvering bodies as
given in References (1 and 2). Both ground and flight measurements
show high vibration 1levels that were attributed to flow

interactions associated with control surfaces.

The algorithms that have been developed for hypersonic flow
conditions are generally for shapes that are planar, 2D, or
axisymmetric except for control surface regions. Moreover, the




algorithms which were based on physical laws, are generally for
attached boundary turbulent boundary 1layer flows. Regions
experiencing flow separation have a complex flow structure and
present a more difficult problem for modeling. Future hypersonic
vehicles will require lifting body configurations where vzhicle
lengths can be an order of magnitude 1longer than those
configurations from which present aeroacoustic predictive
techniques were developed. A typical hypersonic configuration
featuring 3D non-circular cross-sections with ramps, control
surfaces, and shock/boundary layer interactions is shown in Figure

(1).

This document will review the analytical and experimental
works to date on the prediction of aeroacoustics 1loads on
hypersonic vehicles and their capability for both attached and non-
attached turbulent boundary flow.

II. AEROACOUSTIC LOAD PREDICTION
1. Attached Flows-Smooth and Rough Surfaces
a. Smooth Surfaces

The rms pressure fluctuations for the supersonic/hypersonic
attached turbulent boundary layer are a function of the boundary
dynamic pressure, Mach number, and wall temperature ratio.
Experimental data have confirmed this scaling as well as prediction
models (References 1, 2 and 3). The prediction models have
proceeded from the incompressible flow to include compressibility

effects and heat transfer effec’s.

For subsonic conditions Lilley (Reference 4) had found that
the normalized rms pressure fluctuations can be found by the
expression 1.7 < '5/7H < 3 for M<1l and can rise to a value of 5.6 at

2
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a Mach number of 10. A more useful expression is in terms of free
stream conditions and can be expressed for zero Mach number

(incompressible) in the form of

p/g, - 0.006

This ratio has compared favorably with experimental data
(References 5, 6 and 7) and 1is the starting point for the
development of prediction models for the supersonic/hypersonic
conditions based on experimental data and fluid dynamic principles.
The expressions for the rms pressure fluctuations and power spectra
have been derived in Reference (3) to account for viscous effects
in addition to compressibility and heat transfer. For a smooth
wall and considering the boundary layer displacement and thickness
and velocity as characteristic length and velocity respectively

these equations are:

B/q - 0.006 FA D (1)

o(w)v  2.293 x 10-5 F.-0.5733

(2)

L 1 + FC2'867(£ w)?
v

Ce h -1 v-1

Fc=__i=h*/he=1+l(l+rY——Mez)+0.22r—'Mez (3)
ch 2 hay 2 4 2
with

A= [2m - (1+n)]/(3+n) and b = 2(M1)/[(14n) - 2] (4)
where n and m are velocity [u/u, = (y/6)'"] and viscosity (k/p, ~

(T/T,)") power law exponents respectively.



Using realistic values of velocity power exponent (7< n <12)
together with viscous power exponent (0.6 < m < 1.0, values of ‘b’
fall in the range of 0.3 < b < 0.6 which are consistent with values
experimentally determined in References (1 and 2) in the range of
0.3 < b < 0.5.

For the values of m = 0.7 and n = 9 the value of b is equal to
0.4 and Equation 1 reduces to p/q = 0.006/F,. Thus in the case of
incompressible flow Fc-'unity and reduces to the Lowson (Reference
5) result as given above. The value of the constant 0.006, while
accepted by the scientific community, is believed to be in error as
a result of instrumentation gage size limitations (Reference 8).
The error could yield incompressible values of 0.010 in its place.
Until further definitions can be made concerning transducer size
error, the following will continue the use of the value 0.006.

A comparison of the predicted normalized rms pressure and data
with compressibility and heat transfer is shown in Figure (2).
This figure shows the expected drop rms pressure with increasing
Mach number. The results of Lowson is shown for the adiabatic
wall.

POWER SPECTRA

Equation (2) is the power spectra; this equation has been
developed from the power spectrum density developed by Houbolt
(Reference 9). This development is based on experimental data
which indicates that the spectrum peaks near the wall within the
boundary layer and decays away from the wall. Thus the power
spectral density is considered as a function of the spectrum of the

form:

¢(w) = — (5)
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where the parameter K is dependent on the local properties of the
flow; these are the characteristic length 1 and the characteristic
velocity v. The product in the denominator is a Strouhal number.
Thus the spectra scale on this number. For this form of the
spectrum equation the associated correlation function 1is an
exponential function and leads to a scale of the turbulence of the
order of the characteristic length.

By definition the rms pressure is related to the power spectra
by:

- ¢(0)n/2
/q)? =
(p/q) k(2] 32 (6)

Equation (2) 1is obtained with this relation and the rms
pressure fluctuation Equation (1). The details of this derivation
is given in References (1,2 and 3). The derivation involves the
application of fluid dynamic principles as well as experimental
data to include the effects of compressibility and heat transfer.
This is in contrast with the earlier work of Reference (10) which
uses an empirical relation from curve-fit of the experimental data.
The power spectra experimental data 1is compared with the
predictions of Equation (2) in Figure (3) (Reference 1). Both
incompressible and compressible data are shown in this figure.
There is good agreement of the prediction value with experimental
data.

CROSS-POWER SPECTRA

The co-power spectral density or the narrow band space
correlation function is needed to describe the spatial correlation
properties of the fluctuating pressures field on a structure
surface for the purpose of calculating the induced mean-square
response of the structure. The empirical relations from
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experimental data have been derived in References (5,10, and 11).
b. Rough Surface

The acoustic loads can be augmented in the presence of rough
surfaces. Equation (1) has been extended in Reference (12) to
include the increase in wall skin friction due to the roughness
elements. Good agreement with experimental measurements have been
obtained (References 3 and 12).

2. Separated Flows

Separated flows over a vehicle in flight due *to localized
pressure gradients caused primarily by the body shape leads to
enhanced fluctuating pressure load on the body surface. A number
of these typical separations have been discussed in References
(10,11) . These have been categorized as 2D separation flows having
mean separation and re-attachment lines normal to the free stream.
Large fluctuating pressure levels are produced at the reattachment

‘point with lower pressures between the separation point and
reattachment point. An example is the blunt body induced
separation which can occur at cone-cylinder and flare-cylinder
expansion corners at subsonic Mach numbers. Expansion induced
separated flows occur downstream of expansion corners such as
regions aft of cone-cylinder junctions, rearward-facing steps and
the near wake of a boattail. Empirical relations based primarily
on curve-fitting the experimental data for the rms pressure have
been obtained by Robertson (References 10,11). These have been
used for the prediction of the aeroacoustic loads. The inclusion
of fluid dynamic principles in deriving these empirical relations
would have put them on a more firmer base and enhanced their
application to extended conditions. The methodology as presented
by Laganelli and Wolfe (Reference 3) does this and is discussed

below.
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3. Shock/Boundary Layer Interaction (non-attached)

a. 2D Compression Corner

Experimental data on shock wave boundary layer interaction
have been obtained for several two dimensional and three
dimensional configurations. The simplest geometry is the 2D
compression corner followed by a 3D swept-fin configuration. The
2D flow is typical of that of a flare-induced or step induced
separation.

Rms pressure fluctuations and associated power spectra for
this 2D flow have been obtained in a series of experiments and
given in References (13, 14, 15, and 16) for the shock/boundary
layer characteristics of flow over a 24 degree compression ramp.
The data is limited to the Mach range <3.

A typical configuration is shown on Figure (4a) (Reference 14)
showing the boundary layer edge and the coalescence of the wave
system into a single shock for a free stream Mach number of 2.85.
Note that Mach number one line within the boundary layer structure
and the distance along the surface is measured from the corner.
the mean pressure distribution at the wall is shown in Figure (4b);
the mean pressure shown is relative to the approach flow and starts
to rise (to a peak of about 4) upstream of the corner creating a
subsonic flow separation region that reattaches on the ramp. The
extent of this region and the strength of the shock is dependent
upon the angle of deflection of the ramp.

The rms pressure fluctuation is shown on Figure (4c) and is
the result of the conversion of the mean flow energy into random
fluctuations by the shock wave system. The normalized rms
fluctuating pressure is characterized by peaks relative to the
points of separation and reattachment. The peak value, located at

10
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Figure 4. Typical Example of Compression Corner Shock/Boundary Layer
Interaction (24° Ramp) - Reference 14
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approximately two times the approach flow boundary layer thickness
upstream of the corner, is characteristic of shock oscillations
observed in other experiments experiencing 2D flow separation.

Dolling and Or (Reference 13) have obtained results for the
rms fluctuation pressure for several ramp angles. These pressures
normalized by the upstream static wall pressure are shown in Figure
(5). As expected, this figure shows that the rms peak pressure
fluctuation as well as the plateau levels experienced a decrease
with decreasing shock strength. However, even at the lowest ramp
angle (attached flow) there is a significant rise in the rms
fluctuating peak level.

b. 3D Swept-Fin

Additional results for the 2D compression corner interactions
as part of the investigations in swept shock wave/turbulent
boundary layer interactions were obtained by Tran (Reference 17).
This study focused on the unsteadiness in these interactions. It
was shown that the 2D compression corner was inherently different
in their response to the same approach flow.

The results are shown in Figure (6) for various sharp fin
generated interactions for both mean and rms pressure fluctuation.
The mean pressure distribution in part A of the figure shows
locations for the upstream influence (UI) and coalescence (C) line
where the latter is the location of the flow separation. The UI
line corresponds to the position of initial pressure rise while the
coalescence line does not appear to relate with any flow feature of
the mean distribution. Both mean pressure (20 degree fin data
shown) and rms pressure show a dependence on shock strength as was
experienced in the 2D ramp experiments. However, the rms peak for
the 3D swept interaction is approximately one-half of the value
experienced in the 2D ramp rise for similar approach flow and

12




S

gz pvue 61 saouaiajal - aanssaad (qa)
putzenionld pue (¢) uesK ao03 suotaoelalul
aahke] Aaepunod/300Us (ae) po3elau?d utd

[ »- a-

R
"y

-g 2anbTd

» [ 4 - o L € [ o

vt
2

[ - &

3
}
]
n
L]

s ] IoBWAS

)

m 4

()

*3/*x

0 - Bo £- 9= §o O L 8=

SuEONAsNYUL JUWRS

(Y )iee

M

0T
S.L.
Ozmdo.c _vv:
—— J v M

Acoﬁuumuwu:H a
yatm uotaInqata

g ro-b0- 90 80 ot 1= v 91 8t

£l asu2a33Iad
z) uapua13ds yoous
umaO muﬁmmwu& SWA

gL Lt

-G aaxnbtd

'

90’0
4200

oo
|
no
9o
0o

b=

\

Lo}
o

00
a

Lo
:QN;
B
# g1

gl
02
x)

N

d”caax I "

oJ1 0

e

1




similar shock strength. As shown in the figure, the rms
fluctuation pressure peaks suggests an intermittent action at the
start of the interaction even though the mean pressure has not
shown a significant increase.

Tran (References 17, 18) has made a comparison of 2D ramp and
swept type interactions. The comparison includes overall inviscid
pressure rise, the peak rms pressure fluctuations, pressure
gradient distribution, and the spatial extent of large amplitude
disturbance. Figure (7) shows a comparison of the rms pressure
fluctuations for the 2D ramp and swept interactions. The rms peak
increases with shock strength and magnitude and for a given
inviscid pressure rise the swept interaction is approximately half
of that of the corresponding 2D ramp interaction.

c. Correlation of rms Pressure and Power Spectra

The data for the interacting shock wave/boundary flows
discussed in the last section have been used to obtained acoustic
load algorithms useful in applications. As shown above the
normalized rms fluctuating pressure distributions for 2D ramp
(corner flow) and 3D swept shock interactions show a peak
nccurrence and plateau region prior to its reduction to the
approach flow levels. Thus the algorithms must focus on these
regions. Any prediction results must also incorporate the approach
flow characteristics. Correlations for peak rms pressure and
plateau l..vel rms pressure have been made by Laganelli and Wolfe
(Reference 3). These correlations have not required the a priori
knowledge of the initial pressure gradient and spatial extent
through the interaction region for its application.

The plateau level of the rms pressure fluctuation is assumed
to correlate with the approach flow and shock strength of the form:

14
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(z—)plat = (—) (=—=)max (7)
sz Pw1 Pw1

Using Equation (1) the rms pressure for the approach flow can be
written as

(8)
with q, the dynamic pressure

The maximum inviscid pressure rise (shock strength) is given by the

oblique shock relation. This is

PW, 2Y Mp2? sin? 8¢ - (Y-1)
(—%)max = (9)
Py, Y+1

In this equation, the shock angle has been approximated (Reference
2) and is given by the relation

8s = a + sin-1 (1/Mq) (10)
for a the shock generator angle.

For the 2D corner flow at a ramp angle of 24°, the maximum

inviscid pressure rise becomes (P /P = 4.6 and the normalized

i)

W1/ max
rms pressure fluctuation, Equation (7) has a value of 0.078 which
shows good agreement with the results of Figure (5). Oon a 16
degree ramp the normalized fluctuating pressure in the plateau

region has a value of 0.0552 which also shows good comparison with

Figure (5).




3D SHOCK WAVE/BOUNDARY INTERACTIONS

For 3D flow, the shock generator angle has to be modified
(Reference 3) to account for interactions which occurred closer to
the shock generator. Observations of maximum heating (shear)
locations indicate this and suggests that the maximum rms pressure
fluctuations will also occur at this location. The 1location of
peak mean pressure and heating occurs approximately along a
streamline from the shock generator leading edge. The angle ¢
between this ray and the freestream direction has been correlated
as ¢ = 0.24 (0, - a)+a. The modified shock angle has been

S
generalized to include a constant, §, and is given in the form

¢ = a+ B sin~1 (1/M) (11)

where
(i) B = unity @ 2D flow interaction (¢ = 0s)
(ii) ¥ < B < 1 @ rms preak fluctuation pressures for swept
shock/boundary layer 3D inteiactions.

Since the maximum rms fluctuating pressure can be expected to
occur at the approximate locations of peak pressure and heating
(shear), the normalized rms fluctuating pressure can be expressed
in terms of the shock strength with the new definition of shock
angle and 3 determined from experimental measurements. Thus the
normalized peak rms fluctuating pressure for a 2D/3D shock boundary
layer interactions is correlated as

(Puloeak_ | 1o, 1713 (bt 8 (Pyo/Piy)?
3;1 = -1, + 1. ( W Pwl) + 0.468 ( W ul) (12)
for P_,/P,> 1. The inviscid pressure rise is obtained using

Equation (8) with the new angle ¢ for § = 0.6.

17




The correlation is shown in Figure (8) compared with
exper .mental data of Figure (7) as well as Reference (21). 1In the
plateau region of a swept 3D-shock/boundary layer interaction
Equation (7) can be used with f = 0.6 in Equation (11). For
example, for the fin generated swept shock experiments represented
in Figure (6) the normalized rms plateau pressure has a value of
0.0452 for a fin angle of a = 20 degrees and this value is
representative of the levels shown in the figure. Similar results
are easily obtained for other fin angles and these also show good

comparison with measured data.
POWER SPECTRA

An increase in the power spectra of the pressure fluctuation
due to the interaction phenomena is experienced above the attached
flow level. While the spectra tend to converge toward a common
level and slope at high frequencies, a significant variation exists
between the separated flow spectra and that of the attached flow
distribution. This can be seen from Figure (9) for a 24 degree
ramp. It is evident from the figure that the low frequency
components of the fluctuating pressures are increased in intensity
while the intermediate and high frequency retain the
characteristics of the approach boundary layer (which is attached).
The approach flow displays a characteristics that is typical of
power spectra that includes low frequency peaks associated with
facility generated noise. An excellent comparison with the
prediction of Equation (2) is shown in part A of the figure. The
part B of this figure displays broad-band characteristics of the
spectra at several locations relative to the corner of the ramp.

For the correlation of data, the approach flow boundary layer
parameters are generally selected for normalizing the power spectra
for the convenience of engineering applications since local
boundary layer characteristics in the interaction region are not

18
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well defined and sometimes not easily accessible. The correlation
(Reference 3) of the power spectra requires the amplitude of the
power spectra at low frequencies of the form

2
o(f0) » 1L 1433 (52 (13)

With normalized rms pressure put in terms of the approach flow and
peak and/or plateau levels, the amplitude of the power spectra in
the plateau pressure region with the value from low frequency is

then given by

12 (Y+1) (Pyp/Pyy)?a, Sin? (85-a)] 2
(14)

M
¢(f>0)prateau 0(f*0)a?proach {- (v-1) Wy? sin? 6, + 2
- ]

Similarly, if the dynamic pressure is evaluated at plateau

levels, the amplitude of the peak power spectra is given by

(Plpeak M Pw 2
¢(f+0)peak - ¢(f*0)a?proach [ (ﬁ- F—l (15)
pw1 2 P

where the Mach numbers are related by the oblique shock relations.

Figure (9b) shows the peak and plateau level power spectral
density predictions compared to the corner data of Reference (19).
It is seen that the predicted amplitudes are reasonable but the
spectral distribution is over predicted in the high frequency range
although the rate of drop of the curves are reasonably close.

Figure (10) compares the prediction results to the swept shock
wave/boundary layer interaction of Reference (20). It appears that

21
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the roll-off characteristics for the 3D type interactions are more
commensurate with attached flow behavior thereby allowing for a
reasonable engineering estimate of the power spectra.

4. Application to McDonnell-Douglas Blended Wing Body

The prediction techniques discussed in the previous sections
have been applied to the McDonnell-Douglas Blended Wing Body (BWB)
by Laganelli (Reference 22).

a. BWB Flowfield

The BWB configuration is shown in Figure (11). Note that the
body includes vertical and horizontal stabilizers which will have
shock boundary layer interactions in additional to the typical
attached boundary over the frontal part of the body. Thus the
spatial and temporal resolution of the power spectra will depend
upon the location along the body and the mission profile. For this
analysis several vehicle stations were selected for investigation
for the ascent phase of high dynamic pressure and heating flux and
for the descent phase of lower dynamic pressure and heating rates.
The parameters for the boundary layer flow over the body were
obtained utilizing a PNS (parabolized Navier-Stokes) computer
program. These parameters included the shock/boundary layer
interactions from the vertical/horizontal stabilizers.

Figure (11) also shows the body region of interest and the
flight conditions which is being investigated. Trajectory (Mach
number and altitude), transition and wall temperature are
identified for nominal freestream dynamic pressure conditions of

1000 and 2600 psf respectively.

The SAIC PNS codes (References 23, 24), SCRAMP and SCRINT were
used to generated a 3D parabolized Navier-Stokes turbulent flow

22
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over the 3% BWB (3 feet) without horizontal/vertical stabilizers.
These codes use a space marching finite-difference technique to
solve the Navier-Stokes equations for supersonic/hypersonic viscous
flows for either 3D or 2D planar/axisymmetric flows. The solutions
were generated on the main meridian of the windward (bottom) and
leeward (top) surfaces of the BWB.

The flowfield generated determined the general characteristics
of the approach flow in the region of the stabilizer intersection.
Figure (12) shows the SAIC 3D PNS results at the 77% axial station
(stabilizer intersection) for the 3% BWB configuration for a
freestream Mach number of 12.4. The table shown compares the
difference of using 2D PNS solutions (main meridian at K = 1) to
establish approach flow conditions leading to the horizontal
stabilizer (HS) and vertical stabilizer (VS) shock/boundary layer
interactions region (K = 24 streamline in the 3D PNS solution).

Figure (12) shows the strong cross-flow effects as denoted by
the shock curvature (Section A-A). However, since the similarity
parameters of Mach and unit Reynolds number do not vary
significantly and the ratio of the boundary layer thickness to the
flowfield thickness is maintained the use of 2D PNS (main meridian)
appear to be adequate for engineering level estimates of the
approach flow 1leading to the HS/VS' shock/boundary layer
interactions region.

b. BWB Acoustic Loads-Attached Turbulent Boundary Flow

A number of solutions of acoustic loads were studied in
Reference (22). These included the rms pressure fluctuations,
power spectra, and sound pressure level as well as mean pressure
and heat transfer along the top and bottom meridian of the BWB for
attached turbulent boundary layer flow conditions. The trajectory
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and surface locations corresponding to these solutions are given in

Figure (11).

The rms fluctuation pressure on the BWB configuration at the
Mach number of 10 is shown on Figure (13). These curves show the
difference of the rms pressure for two value of free stream dynamic
pressure. These two values are the nominal (1000 psf) and the
maximum (2600 psf). The differences disappear if the boundary
layer edge dynamic pressure is used in the normalization of the rms

pressure.

Figure (13) shows the impact of surface geometry on the
forebody and ramp on the rms pressure. In general, the rms
pressure fluctuation decreased with distance along the top surface
while increasing in regions were the static pressure is increased

due to ramps.

The power spectra is shown in Figures (14, 15). From these
figures it is seen that the normalized power spectral density do
not vary significantly along the configuration or from the top to
the bottom surfaces. The dimensional forms presented in part (b)
of these figures shows the variation in power intensity (energy)
represented by the area under the power spectra curve.

Other effects such as the variation of Mach number and wall

temperatures on these quantities are shown in Reference (22).

c. BWB Acoustic Loads-Shock/Boundary Layer Interaction

Regions

The regions on the BWB consisting of the top aftbody (x/Rn =
240 see Figure (11)), horizontal stabilizer (HS) and vertical
stabilizer (VS), and the inlet/cowl region will 1lead to
shock/boundary layer interactions. The HS is also subject to
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potential bow shock interaction with the shock/boundary layer of
the HS/VS while the inlet splitter plate is subject to bow shock
interactions. The type of interactions that could be generated are
shown in Figure (16) and include the following:

(1) Fin generated: vertical stabilizer shock with aftbody
boundary layer (x/Rn > 200). Ramp guide-rails and inlet
splitter plate with cowl.

(2) Axial off-set fin: horizontal stabilizer shock with
vortical stabilizer boundary layer; consider the offset
distance greater than the boundary layer thickness so as
to use the swept fin and sharp fin data base.

(3) Axial corner: offset distance of the order of the
boundary layer thickness for both HS/VS shock boundary
layer interactions. Ramp guide rails with ramp as well

as inlet splitter plate with inlet/cowl.

(4) Fin generated: bow shock interaction with horizontal
stabilizer boundary layer (2D flow). Also bow shock
interaction with inlet region.

(5) Compression corner: second compression ramp on windward

side of body.

It was found that the strongest potential interaction involved
the bow shock and horizontal stabilizer boundary layer. For this
condition, peak rms fluctuating pressure was shown to increase by
factors of 30 (30 db) to 240 (48 db) over the approach flow level
for free stream Mach numbers between 10 and 20. For the Mach
number regime smaller than 10 the interaction of the bow shock/HS
boundary layer was not likely due to the wide shock angle. The

power spectra was shown to increase by factors 10 to 10%. The
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impact of the bow shock on the inlet which would produce a shock on

shock with a viscous approach flow (ramp) was not investigated.

The low shock generated angles (a < 2 degrees) on the BWB
control surfaces (VS/HS) developed a weak interaction that did not
impact the approach boundary layer acoustic levels.

The axial corner flow when two surfaces approach a common
origin as generated by the HS/VS presents potential interactions.
The acoustic loads were shown to be of the order of 3 times the
approach flow levels. The axial corner flow developed in the inlet
region presents a more complex flow structure whereby shock
interactions from the cowl leading edge can interact with the inlet
splitter plate and airframe corner flow. Further in integration of

this flow region is required.

While References (3) and (22) represent state-of-the-art
prediction capability for non-attached flows, a mounting interest
in defining aeroacoustic loads is developing for structural design.
References (25) and (26) provide experimental work at Mach 3 and
Mach 5, respectively. In the former wall pressure fluctuations
were investigated in the reattachment region of a free shear layer.
It was determined that the reattachment region on a 2D ramp was
highly unsteady and provided wall pressure loading similar in scale
and magnitude to 2D compression ramp flows at the same Mach number
(Reference 13 for example). The work of Reference (26) focused on
shock motion in a compression ramp interaction with the approach
boundary layer. This investigation was concerned with the large
scale structure of the incoming boundary layer to influence the
interaction region and is considered more appropriate for
fundamental modeling of the turbulence structure.

An excellent experimental investigation of an axial-
compression interior-corner region with shock impingement was
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recently conducted?” in the NASA Langley 20-inch Mach 6 Tunnel. The
experiment represents a simulation of a hypersonic engine inlet
region. The unique feature of the test provided an oblique shock
generated by a forebody loading surface that impinged upon a 90°
axial compression corner formed by the intersection of the cowl and
strut (splitter plate). Although no acoustic data was obtained,
the heat transfer results show the complexity of the interacting
shock/shock/boundary layer flow and can provide insight to
instrumentation location requirements.

Finally, a workshop was recently held at Pratt and Whitney?®
for the purpose of discussing state-of-the-art predictions
capability for NASP type configurations; specifically in the areas
of heat transfer and aeroacoustic loads. The conclusions reached
at this meeting were primarily the same as addressed in Reference
(22) and subsequently reiterated and expanded upon in this report.
Several new sources of acoustic data were noted, in particular for
the inlet/combustion region that could potentially be of value.
These data are currently being examined. This data base should be
available during the Phase II program. Of particular interest is
acoustic data for the combustor in the scram-jet mode.

5. Assessment of Literature Review and Prediction Capability

The review has been concerned with the prediction of rms
fluctuation pressure and power spectra for attached and separated
turbulent boundary layer flow. The technique considered is based
both on fluid dynamic principles using the Houbolt algorithm for
the power spectra intensity and the experimental data base.
Regimes of flow include the attached turbulent flow for both smooth
and rough surfaces and the separated flows generated by compression
corners or by fin generated shock impingement. Comparison of the
predictions with the data base have been adequate.
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It was shown that the technique could be applied to a space
transportation system (McDonnel-Douglas Blended Wing Body) which
presented additional shock/boundary layer interactions of control
surfaces and the potential to examine the ramp (viscous
flow)/inlet/cowl surface interactions.

While the data base for attached hypersonic turbulent boundary
layer flow is not extensive, shock/boundary layer interaction type
flow is very limited (M < 3). Thus a desirable program to extend
the data base of acoustic data for M> 3 and should include the
cross power spectra density as well as the rms pressure and power

spectra.

The program should include the three dimensional aspect of
lifting surfaces flows such as discussed above for the BWB. These

are:

(1) Experiments that include approach flows that are boundary
layer (viscous) as well as inviscid with axial corner and
‘axial offset shock generating geometries such as the
inlet region and fuselage/stabilizer regions.

(2) Shock orientation with respect to the boundary layer -
simulate the potential bow shock/horizontal stabilizer
boundary layer interaction.

(3) Shock/laminar boundary interactions which are
characteristic at the higher Mach number altitudes.

(4) Shock on shock/boundary layer interactions - bow shock on

control surface shock/boundary layer as well as
inlet/cowl region interactions.
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IIT EVALUATION OF ATTACHED AND SEPARATED FLOW EXPERIMENTS AT MACH
4 AND MACH 8

1. AEDC MACH 4 AND MACH 8 DATA

An extensive experimental investigation was conducted?® in the
Arnold Engineering Development Center’s von Karman facility at Mach
4 (Tunnel A) and Mach 8 (Tunnel B). The test models consisted of
sphere-cone/slice/flap and a sphere-bicone/slice flap configura-
tions. Figure (17) shows a schematic drawing of the configurations
as well as sensor (heat transfer and dynamic pressure) locations.
Interchangeable nose tips consisting of sharp and blunt shapes were
used. The latter consisted of a porous design in order to provide
transpiration gases to control boundary layer transition zones over
the model gage arrays. Test conditions were:

2.5 x 10® < Re,/ft< 3.7 X 10°
M, = 4 and 8

0 < a (angle of attack) < 14°
0 < ¢ (yaw) < 90°

0 < 6, (flap deflection) < 20°

Inasmuch as large flap deflections as well as combined flap
deflection and angle of attack could produce flow separation, these
data were reevaluated relative to the scaling criteria developed by
Laganelli and Wolfe’. 1In particular, the effect of separation on-
set location on the slice gages was critically examined for
increases in rms pressure fluctuation levels over approach flow
levels (from the conical region). After considerable review of the
processed data it was determined that flow separation apparently
did not occur; i.e., no significant rise in rms pressure was
observed indicative of shock separation onset or plateau regions as

experienced in the 2D Mach 3 experiments shown in Figures (4) and

(5).
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Figures (18) and (19) show the rms fluctuating pressure
normalized with the local mean pressure along the cone/slice/flat
regions. These results are typical of the experiments of
References (2) and (6). The table inset in these figures show the
flap deflection angle, angle of attack, bluntness, transition
zones, and pressure rise from the slice to flap (maximum level and
calculated level). An examination of Figure (18) (Mach 4) clearly
does not show any effect of a separation region relative to rms
pressure rise. However, one notes the impact of transition region.
For example, along the conical region an increase of a factor of 3
is shown for those gages immersed in the transition region. On the
other hand, the blunt nose (with blowing which creates early
transition) and the angle of attack cases reflect turbulent levels
experienced in other tests. The gages showing the higher rms
levels carry the turbulence scale (approach flow) through the flow
expansion region of the cone/slice and are shown to be at higher
levels. Relative to the flap region, normalizing by the local mean
pressure should also provide a consistent distribution, i.e., where
the effect of 6§, and a are scaled by pressure. However case 102
(blunt non-blowing nose tip) had a transition zone that extended to
the flap and resulted in much higher dynamic pressure levels.
Alen, the predicted pressure rise is shown to be more than the
maximum inviscid pressure rise which implies a potential error in
the mean pressure data. The higher level of case 103 along the
flap (blunt with blowing) could reflect the same problem.

The Mach 8 case (Figure 19) presents a much more complex
situation. For these tests, the end of transition was nominally
between 20 and 25 inches which would imply that the conical gages
were in the transition regime while the slice/flap region was
subject to non~equilibrium flow conditions and possible separation.
Relative to separation, the gage location at the axial distance of
28 inches shows a rise over the upstream position (26.5 inches)
which is generally higher than the normalized flap measured dynamic
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pressures except for case 102. An examination of the table inset
shows that the predicted pressure rise is less than the maximum °
inviscid pressure rise, except for case 102 (other blunt nose cases
show higher predicted values), and maybe a result of possible
errors 1in predictions. It should be noted that an integral
boundary 1layer code was used for the calculations that used
correlations for boundary layer growth due to mass transfer. The
wide spread in the data along the slice/flap regions makes the
interpretation of the data very difficult. The next section will
provide some insight to this phenomenon.

2. Assessment of the AEDC Mach 4 and 8 Data Base

There are several fluid flow phenomena that are believed to
contribute to the observed variation in rms pressure fluctuations
along the cone/slice/flap configuration. These include transition,
non-equilibrium turbulence effects (which occurs downstream of
transition), 3D pressure relief, flow expansion (cone/slice), flow
compression (slice/flap), compressibility (reduces the size of the
boundary layer), wave cancellation (expansion waves mitigating the
compression waves), and entropy effects (bluntness).

Transition is known to produce rms fluctuating pressure levels
that are greater than turbulent boundary layer levels. An exten-
sive literature base is available that describes the transition
process, where instability of the flow produces large scale
turbulence which is the likely phenomenon creating the increased
dynamic pressure (especially in the low frequency regime <2000 HZ).
The effect of non-equilibrium flow on dynamic pressure has not been
investigated, per se, to the authors knowledge. Intuitively, one
would not expect a significant impact inasmuch as measured heat
flux and wall shear in this region do not show large departures
from equilibrium (fully developed similar) boundary layer flow. An
examination of Equations (1) and (4) shows that for n<7 (similar
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flow), the dynamic pressure will increase. Measurements in
compressible transitional flow have been shown to be in the range
2<n<7 while in the non-equilibrium region the velocity power law
exponent is in the range 7< n < 16. Using values of 2< n < 6 can
increase the rms pressure by a factor of 3. On the other hand, for
values of 7< n < 16, a variation of less than 25% would occur.

The effect of 3D pressure gradients (pressure relief) can have
a significant effect on the measured dynamic pressure. Figure (20)
shows the cone/slice/flap configuration with the pattern of 2D,
axi-symmetric, and 3D flow stream lines. As noted, a divergence of
the streamlines occur from the 2D planar flows to the 3D flows
experienced by the configuration tested at AEDC. This discussion
is presented since the codes used in the experimental investigation
of References (2) and (6) were 2D planar and axisymmetric. Use of
3D parabolized Navier-Stokes (PNS) solutions (especially at angle
of attack) have shown that 2D codes cannot model important 3D
effects. Hence, gages located off the main meridian will
experience pressure relief which attenuates the rms pressure level.
Further discussion of Figure (20) will be given below.

The curved bow shock occurring on a blunt nosetip produces a
vortical flowfield which is a source in the production of
turbulence. This vorticity should enhance the dynamic pressure
levels, and when coupled with other flow phenomena such as
transition and non-equilibrium, can augment the power intensity to
higher levels. This was experienced at both the Mach 4 and Mach 8
test conditions (blunt nose cases‘. The phenomenon can be further
complicated when subject to compressibility (i.e., Mach 8 compared
to Mach 4) which tends to reduce the size of the boundary layer and
impact the effect of the scale lengths in the low frequency regime.
Moreover, the effect of compressibility tends to bring the sonic
line closer to the wall and subsequently retards separation
potential, or at least restricts the separation zone to a very
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small region at the compression corner. Further discussion
concerning this phenomena will follow.

An examination of Figures (17) and (20) shows that the slice
region is approximately the same length as the flap region (about
4.5 inches). The expansion waves developed from the cone/slice
could impact the compression waves developed from the slice/flap
corner potentially weakening the compression wave; hence
suppressing the strength of the interaction and the potential of
flow separation. The length of the slice region would appear to
play a major role in this interaction. Also, as previously noted,
the effect of entropy which produces vorticity will attenuate the
dynamic pressure by expansion while augmenting the dynamic pressure

through compression.

In an attempt to understand these fluid dynamic phenomena, the
SAIC SCRAMP? (3D PNS) code was exercised for the cone/slice/flap
configuration. Figures (21) and (22) show these results at Mach 4
and Mach 8, respectively. Figure (21A) shows a typical blunt nose
case with a 15° flap at zero angle of attack. The pressure contour
levels represent pressure ratio of local to free stream values from
the body to bow shock. The compression shock is shown over the

- flap region where high pressure contours are expected (purple), a

zone of mild pressure (red, P /P, < 1) 1is noted between the
compression shock and the expansion wave (yellow, emanating from
the cone/slice junction). An inviscid region exists from the
expansion wave (green) to the bow shock (top yellow). For this
situation, the expansion wave could potentially influence the
region over the flap; but does not interact with the compression
shock. At angle of attack (Figure 21B) the pressure contours are
stronger on the flap as expected and the expansion wave is blending
into the inviscid region. Figure (21C) provides an assessment of
the expansion wave effect. Here, the slice region was artificially
made four times the length as that shown in Figure 21A. For this
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situation, the expansion wave is enveloped into the inviscid region
close to the bow shock and has no effect on the flap region.
Shortening the slice region would promote expansion/compression
shock interaction.

Figure (22) shows the pressure contours at Mach 8 for a blunt
nosetip with/without angle of attack. The same process is
occurring and the effect of compressibility to shrink the inviscid
and viscous regions are noted. It is interesting to observe the
pressure distribution along the flap (zero angle of attack)
compared to the Mach 4 case. Here, a more extensive zone of lower
pressure is shown from the compression corner. The expansion wave
as in the Mach 4 case does not interact with the compression shock.
As expected, angle of attack provides an increase in pressure on
the flap region.

A review of experiments featuring flow separation due to
compression corners has shown that the shock generating ramp is
usually high (>15°) and the approach boundary layer flow was
significant (é6>3 inches). In the present investigation, the
approach flow boundary layer was less than one inch and the shock
generating flap angles less than 20°. When the boundary layer is
sufficiently large (i.e., on the order of 3 to 5 inches), the sonic
line will also be a sufficient distance from the surface where
subsonic flow can circulate upstream during separation. A measure
of the ratio of the height of the sonic line was shown to be
approximately 0.05. Hence, for a 4 inch thick boundary layer, the
sonic line could be 0.20 inches from the wall.

Figure (23) was structured to illustrate the Mach number
profiles for the cone/slice/flap configuration using the SAIC
SCRAMP 3D PNS code. One notes that the ratio of §,,/6, is on the
order of the compression corner experiments (i.e., =~ 0.05).
However, with the smaller approach flow boundary layer thickness,
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the region of incompressible flow is shown to be less than 0.02
inches for both the Mach 4 and Mach 8 tests. It is believed that
this suppressed layer does not allow for separation to occur or
keeps the potential of separation close to the compression corner.

v EXPERIMENTAL PLAN
1. Introduction/Problem Definition

The high temperatures and fluctuating pressures experienced in
hypersonic turbulent boundary layers are known to impact vehicle
structures, equipment stations, and crew compartments. Moreover,
lifting body designs required for space transportation systems
featuring control surfaces can generate higher sound pressure
levels as a result of the increased static pressure levels and flow
separation. The latter phenomenon can be developed in adverse
pressure gradient regions associated with ramp type flows and
shock/boundary layer interactions as generated by a bow shock/fin
(stabilizer), cowl leading edge and other control mechanisms.

The resolution of these design problems has relied on
experimental data where empirical models have been developed to
predict the aeroacoustic loads on supersonic/hypersonic structures.
The data base that has been generated has focused on attached
boundary layer type flow over a reasonable Mach number range.
However, the data base is seriously lacking for flows featuring
shock/boundary layer interactions in supersonic flows (M>3), and is
virtually non-existent for hypersonic flows (M>6). Figure (16)
shows a typical design of an air-breathing space transportation
system that would experience several types of attached and non-
attached flow interaction regions. These regions consist of the
horizontal/vertical stabilizers (HS/VS), the VS with the aftbody
fuselage, bow shock/HS, ramp (compression), and inlet. The types
of interactions are represented in Figures 16-e through 16-h by
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potential shock/boundary interactions investigated in the

literature.
The types of interactions previously described include:

(1) Fin generated: vertical stabilizer shock with aftbody

boundary.

(2) Axial offset fin: horizontal stabilizer shock with
vertical stabilizer boundary layer

(3) Axial <corner: both HS/VS shock-boundary layer
interaction where Xo ~ 0(§). While cowl inlet represents
a classic axial corner flow, the impact of the distance
X, for the stabilizers has never been treated.

(4) Fin generated: bow shock interaction with horizontal
stabilizer boundary layer (2D flow).

(5) Compression corner: compression ramp on windward side of
body.

(6) Combinations of the above interactions such as bow
shock/cowl inlet shock interactions with ramp boundary
layer approach flow.

The characteristics of swept shock/boundary layer interactions
propagating from spanwise inboard corner boundary conditions has
been investigated by Settles and Dolling (Reference 30) as well as
Inger (Reference 31) of which the interactions shown in Figure (16)
represent a sub-set. Fin generated shock/boundary 1layer
interactions represent a class of 2D and 3D flows for which X 6 >>
§,. Pressure (rms and mean), profile, and heat transfer data have
been obtained for this type of interaction. The rms pressure has
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generally been restricted in Mach number (M<3) while mean pressure
and heat flux data are available over a wider Mach number range.

The axial offset fin represents a potential new class of
interaction® relative to the offset distance (X,), compared to the
boundary layer thickness developed over the distance X, (ie., X, ~
0 (§)). For this condition, the shock/boundary layer interaction
could behave as an axial corner flow in one limit (X, - 0) to the
sharp/swept fin interaction limit X, >> §. No rms pressure data
exists for this condition. Moreover, to the authors best
knowledge, the sensitivity of X, on mean flow characteristics
(pressure/heat transfer) does not exist. The horizontal/vertical
stabilizer could potentially be subject to an axial offset

shock/boundary layer interaction for which no information is known.

Finally, the axial corner (X, = 0) shock/boundary layer
interaction, while investigated for mean flow (pressure/heat
transfer) behavior,?'*® has no available rms pressure data base. In
the axial offset and axial corner shock/boundary layer interaction
studies, the approach flow has been inviscid as opposed to a
boundary layer flow. The impact of a variable Mach number (M =
M(y)), on the shock strength and subsequent interaction further
complicates the predictive capability of aeroacoustic loads.

2. Purpose and Objective of Wind Tunnel Program

The objective of the wind tunnel test program is to extend
and/or provide a data base for rms and mean pressure for flows
featuring shock/boundary layer interactions; in particular for M >
3. The test program will focus on the shock/boundary layer in-
teractions of axial, axial-offset, and corner flow configurations.
The test program is proposed to be conducted in the WRDC Mach 3
wind tunnel and in the 20 inch hypersonic wind tunnel (20 HWT) at
Mach 12. The Mach 3 tests will extend the data base to include
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axial offset data (rms and mean pressure) as well as corner flow
data (rms pressure). The Mach 12 test will provide an extension to
the data base for conditions at M > 3.

The final result of the test program will be the display of
processed data, in graphical and tabular format, which will be
suitable for direct use for validation and/or aerocacoustic
algorithm development.

3. Test Hardware

3.1 Test Model

The test model that will be used in the proposed experimental
program consists of a flat plate with a variable angled wedge to
provide shock/boundary layer interactions. The model will be
designed to allow for an examination c¢f the axial-offset
characteristics as well as corner flow behavior. The wall
thickness will be selected to minimize vibration while accom-
modating a wall surface gage. The model will be instrumented with
mean (static) and fluctuating (rms) pressure gages. The number of
gages selected will be determined in the Phase II Experimental Test
Report. A schematic diagram of the proposed model and potential
sensor locations for the Mach 3 tests is shown in Figure (24).

The test model will be positioned between the two side walls
of the WRDC Mach 3 facility. Several locations can be selected
(i.e., between stations 1 and 8); however, previous experience has
shown that the location between station 1 and station 3 would be
preferable. Essentially, the model will be modular to include
small sections that consist of the primary instrumented section and
shock generating wedge, a sharp leading edge, and several forebody
sections to accommodate the axial offset investigation. The
primary section will include a circular disc (D<5") that will
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contain the instrumentation. The design will allow the disc to be
rotated in order to locate the surface sensors in the interaction
region. Both analysis and preliminary tests will help to define
the optimum gage locations. Boundary layer transition will not be
an issue in the high Reynolds number facility inasmuch as the flow
has been determined to be turbulent from the nozzle throat.

4, Instrumentation

Both mean (static) and dynamic (rms) pressure will be
measured. Mean pressure data can be obtained by conventional
ported-hole designs or as an element in piezoresistive sensors
(such as a Kulite differential gage). The dynamic pressure will be
measured by acoustic sensors of either the piezoelectric (Gulton
type) or piezoresistive (Kulite or PCB) type. The gage selection
will be determined based on size and range of sensitivity in order
to minimize gage size corrections relative to boundary layer scale
factors. In order to maximize signal-to-noise ratio of the
acoustic data, an amplification package will be investigated as
well as its location (i.e., near the model or external to the
tunnel) to drive the signal to an overall level as close as
possible to the tape recorder full-scale dynamic range available.
Auto-Gain Amplifiers will be used to filter any selected
combinations of sensor signals using a édb/octave, selectable low-
frequency cut-off capability to compensate for the severe high
frequency attenuation due to the shock/boundary layer interaction
in order to contain the full spectral response of the gage within
the designed dynamic range.

The data will be recorded on a Honeywell Portable Signal/
Condition/Amplifier (or equivalent) that features a built-in
calibration routine. The signal will also be monitored with
oscilloscopes for real-time assessment of the flow behavior. The
quick=-look data evaluation can be made with the Honeywell dynamic
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signal analyzer which incorporates a built-in plotting function
with graphical display. This methodology will be used to determine
gage location (disc rotation) as a guide to subsequent test

procedures.

Once a favorable position has been established, flow
diagnostics that include shadowgraph, laser doppler (LDV), and
surface oil (photography of wall shear and flow directions) can be
obtained. The availability and adequacy of these techniques will
be investigated. Also the use of temperature sensitive paint
(phase change paint technique) will be investigated which can be
used simultaneously with infrared photography. The combination of
the two techniques can prcvide heat transfer and wall temperature.
These techniques are readily adaptable to the Mach 3 facility which
incorporates portal windows on all four walls of the tunnel. The
model can be illuminated with stroboscopic lights that will be
synchronized with a 35mm color camera to capture the complex
shock/boundary interactions which will further provide proper
locations for the mean and dynamic pressure gages.

5. Test Matrix

Testing will be conducted in the WRDC Mach 3 and 20 inch HWT
(Mach 12) facilities. The tests will commence in the Mach 3
facility in order to investigate the axial-offset problem. Pending
the results of this investigation, an experimental program will be
recommended for the Mach 12 conditions. If the axial-offset
problem can be characterized with existing data, i.e., the effect
of the boundary layer growth relative the separation distance
between two shock generating surfaces, the Mach 12 tests will focus
an inviscid and viscous approach flow behavior, as well as flow
diagnostic techniques described above. If the axial-offset problem
is deemed a potential interaction problem, the Mach 12 tests will
require further investigation of this problem. The reason for the
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viscous approach flow leading to the interaction surfaces is due to
the actual behavior of the flow that is experienced on an
airbreathing configuration. For example, the boundary layer flow
on the ramp leading into the cowl area (Figure 16) is viscous with
a variable Mach number. Three-dimensional shock/boundary layer
interactions that have been investigated in the literature have
been essentially inviscid hence requiring a proper interpretation
to apply experimental results to actual flight conditions. The 20
inch HWT facility provides a thick boundary layer (on the order of
5 inches) at the exit of the nozzle which allows the required test
conditions for this behavior. An extensicn to the nozzle will be
designed to include the test model as shown in Figure (25).

Table 4.1 lists the tunnel performance capabilities for the
free stream Mach numbers proposed in these tests. It should be
noted that the flowfields of those two facilities have been
extensively 1investigated in recent 1investigations by SAIC
References 34 and 35). A test matrix will be developed in the
Phase II Experimental Test Report that will reflect the coupling
between the aerodynamic and acoustic fields. Both the approach
flow and the interaction flowfield will be investigated in order to
derive similarity laws relating the two flowfields. The following

geometric, flow field, and acoustic parameters will be considered:

TABLE 4.1 TUNNEL PERFORMANCE CONDITIONS

MACH NO. »o_ T, R. x 10°/ft
(psi) (°R)
3 85 460 44
3 240 460 120
3 400 460 196
3 560 460 270
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Mach number: 3 and 12

Pressure (Reynolds number)
Axial-offset length

Shock generator angle

Approach flow (inviscid and viscous)
RMS and static pressure

Power spectra and cross-power spectra
Wall temperature

Flow diagnostics (pending adaptability
Infrared photography

Phase change paint technique
Shadowgraph

0il flow streamline technique

Laser velocimeter

Tunnels conditions and data acquisition will be provided by
WRDC, including acoustic data processing. SAIC flowfield and
viscous interaction codes will be used *to evaluate local boundary
layer properties from free stream conditions. The data will be
assembled in a suitable format for use in developing or validating
prediction algorithms, as well as for dissemination to the
government and scientific community.

V. ASSESSMENT OF PHASE I PROGRAM AND RECOMMENDATIONS FOR PHASE II-
EFFORT

1. Assessment of Phase I Program

It has been demonstrated that rms fluctuating pressure and
power spectra can be predicted for attached and separated turbulent
boundary layer flow. The prediction capability is based on
physical laws governing boundary layer flow and shock physics. As
a result, the prediction capability allows for scaling parameters
that can be used to extrapolate ground test results to flight
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conditions. The techniques emphasize the use of attached approach
flow conditions, which are tractable, for interaction prediction
(i.e., shock/boundary layer) where 1local flow properties are
difficult to determine.

Since supersonic/hypersonic structures require efficient
aerodynamic designs, thin surfaces which generate weak shock

interactions are generally used. The exceptions to this finding

include:
° Corner flow (inlet, stabilizers, and flow guide rails)
° Bow shock interaction (inlet and stabilizer)
° Shock/shock/boundary layer interactions (cowl-inlet, bow-

inlet, and bow-cowl-inlet)

Other phenomena that will require investigation include

L Axial-offset interaction relative to boundary layer
scale length

o Shock interaction with laminar boundary layers

o Angle-of-attack effects

° Viscous approach flow along the ramp leading to the inlet

A re-examination of aeroacoustic measurements obtained on a
cone/slice/flap model at Mach 4 and Mach 8 (AEDC Tunnels A and B)
showed tha: flow separation apparently did not occur. This result
was surprising considering flap angles to 20° and angles of attack
to 14°. An assessment of these data showed that the small approach
flow boundary layer thicknesses and compressibility tended to
position the sonic 1ine very close to the surface which would
restrict the ability for the flow to separate or render the
separation zone to a small region at the compression corner. Other
fluid-dynamic phenomena that could impede the separation process
include potential wave suppression by expansion waves (cone/slice)
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on the compression wave from the slice/flap corner,and the effect
of 3D pressure relief occurring during the flow expansion through
the cone/slice/flap region. This characteristic would be further
realized at angle of attack conditions. Some of these features
could be used in the design process to mitigate the impact of flow
interaction regions. Finally, the occurrence of transitional flow
and entropy (vortical producing flow) have been shown to enhance

dynamic pressure to appreciable levels.
2. Recommendations for Phase II-Effort

Based on the findings of the Phase I investigation, it was
determined that a reasonable data base exists for aerocacoustic
loads in attached turbulent boundary layer flows. On the other
hand, data for flows featuring shock/boundary layer interactions
have been primarily obtained at M< 3. While experiments have been
performed at higher Mach numbers, these acoustic data are rendered
more useful for fundamental turbulence studies than for the design
process. Accordingly, an experimental program is recommended as
outlined in the text of this report. The experiments should be
conducted in a facility that allows for an interpretation of the
interaction process. This will necessitate several preliminary
tests to ensure correctness of gage location and flow diagnostic
techniques. For this reason, the facilities at WRDC are
recommended; in particular the Mach 3 and Mach 12 tunnels which
have been extensively characterized and have been used for
aeroacoustic testing. This test program will serve to add to the
data base that is required for the development of prediction
capability and validation of exiting state-of-the-art techniques.
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