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POREWORD

This experiment was conducted under contract DAALO3-89-C-0013 with the U.S.
Army Research Office. Dr. Thomas Doligalski was the technical monitor. Support
for the contract was also provided by the U.S. Air Force Office of Scientific
Research., Captain Hank Helin and Major Daniel Fant were the AFOSR representa-
tives. The low amplitude (stall flutter simulation) portion of the contract was
supported by NASA Lewis Research Center. The contract paid for fabricating the
instrumented tip portion of the model, conducting the wind tunnel test, and
reducing, analyzing, and documenting the results.

The mode: support structure, hydraulic drive system, and the uninstrumented
portion of the model were developed previously with funding provided by the
Sikorsky Aircraft Division of United Technologies Corporation. The signal
conditioning and data acquisition system was developed under United Technologies
Research Center’s Corporate-Sponsored Research program. The main instrumented
airfoil panel was fabricated as part of an earlier two-dimensional experiment
supported by the AFOSR (Contract F49620-84-C-0082).

The Principal Investigator for this experiment vas Peter Lorber, the
Program Manager was Franklin Carta, and the Lead Technician was Alfred Covino.
This program is part of continuing activity at UTRC’s Aeromechanics Research
Section (managed by Anton J. Landgrebe) to advance unsteady aerodynamics
technology related to helicopter rotors, propellers, and fixed wings. The
authors thank John Ayer and the staff of the UTRC Large Subsonic Wind Tunnel for

their assistance during the two month test program.
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NOMENCLATURE

A nondimensional pitch rate, &c/ZUc

¢ airfoil chord, (17.2 in. , 43.9 cm)
- k reduced frequency, wc/ZUc
M_ chordvise Mach number, M_ cos A
T data acquisition period, sec
U chordvise velocity, U_ cos A
X distance along chord, perpendicular to leading edge

z distance along span from wing tip

o geometric angle of attack, deg
oy mean angle for sinusoidal motions
o, angular amplitude for sinusoidal motions
o« pitch rate, rad/sec
. A wing sweep back, deg

T nondimensional time, t/T

(D]

aerodynamic pitch damping coefficient, see Appendix IV or X

vii




INTRODUCTION

The process of unsteady separation and dynamic stall, because of its
importance to applications such as helicopter rotor, maneuvering aircraft,
highly loaded propellers, and turbomachinery, as well as its inherent interest
as a fluid dynamic problem, has been extensively studied by numerous researchers
using a wide variety of experimental, analytical, and computational

techniques.l—19
6,7-9,12

Various methods, such as force balances,lA flow visuali-

interferometers,lo laser velocimeters, and surface pressure
1-6,11,13

zation,
transducers have been used to measure flow field characteristics and
loads on the aerodynamic surfaces. Model geometries and test conditions have
been quite diverse. Models have included two-dimensional (2D)

1-3,6,8-11,13 4-3,12 ,nd complex

airfoils, three-dimensional (3D) wings,
multi-element configurations.7 The conditions of each experiment may be defined
by the parameters that quantify the relative motidn between the surface and the
fluid: Mach number, Reynolds number, type of unsteadiness (plunging, pitching,
or translation), waveform (sinusoid, constant-rate ramp, or arbitrary),
amplitude, and frequency (or pitch rate). Each study usually concentrates on a
relatively small region of this multi-parameter field. The listed references
provide a selection of recent work, and illustrate the considerable information
that has been uncovered, A unified picture of the inception and progression of
unsteady separation and stall that encompasses conditions of both practical and

academic interest has, however, still not been developed.

The present experiment ls concerned with a sizable, but still limited,
subset of this field. The geometry was a rectangular semi-span wing pitching
about its quarter chord. The approach was to make extensive surface
measurements (using pressure and hot film sensors) at Mach and Reynolds numbers
representative of full scale applications such as helicopter rotors or
maneuvering aircraft. The pressure measurements were then integrated to obtain
the aerodynamic force and moment at five spanwise stations, all within 1.6 chord
lengths of the tip. The objectives were straightforward: to obtain a clear
picture of the unsteady separation and stall process on this model, and to

examine in a single experiment the effects of Mach number, frequency, waveform,

pitching amplitude, and wing sweep.




%
A considerable portion of the experiment dealt with large amplitude

motions, such as constant pitch rate ramps from « = 0 to 30° or sinusoidal
oscillations wvith amplitudes of 16 or 10°. Test Mach numbers ranged from MC-
0.2 to 0.6, sweep angles from A = 0 to 30°, and nondimensional pitch rates from
A =~ 0.001 to 0.025. The model chord of 17.3 in (44 e¢m) was typical of a
full-scale helicopter main rotor, and resulted in Reynclds numbers of 2 to 6
million. The appropriateness of these conditions to helicopter dynamic stall
was confirmed during a recent wind tunnel test of a pressure-instrumented model
rotor.20 For moderate speed forward flight, dynamic stall occurred on the
inboard region of the rotor blade at local pitch rates between A = 0.01 and
0.015 and Mach numbers between 0.2 and 0.4. Qualitative features of stall
observed on the model rotor were quite similar to results for oscillating

21-22

airfoils, and to measurements on the inboard portion of the current 3D

ving.

In addition to investigating large amplitude dynamic stall, this experiment
also examined the aerodynamics of small amplitude pitching oscillations near
static stall. The motivation for this research is the self-induced torsional
stall flutter problem experienced by propeller blades. The instability may be
encountered during high thrust static testing or at the start of the takeoff
roll, when the blades are operating at high angles of attack. The character-
istic behavior includes a small amplitude initiation, a rapid growth to a large
amplitude, and a reduction in growth rate to establish a constant amplitude,

23-25 used strain gages

limit-cycle oscillation. Early phenomenological studies
to record the decay or growth of the airfoil torsional response, but were unable
to determine the actual aerodynamic damping or characterize the underlying
physical mechanism. The related problem of stall flutter of helicopter rotor
blades was studied, starting in the 1960's, by measuring aerodynamic loads

26-28 preliminary

during forced motions of relatively large amplitude (+5-8°).
experiment29 made pressure measurements on a two-dimensional airfoil model
oscillating in pitch at amplitudes of 0.5, 2.0, and 4.0°. The strongest
negative (unstable) damping coefficients were found near the static stall angle
for amplitudes of 0.5 and 2.0°. The measured damping coefficients were then
applied in a simple model problem to compute the behavior of a single degree-of-
freedom torsional oscillation. The predicted rapid growth to a limit cycle

oscillation was similar to the early stall flutter results.



This previous incipient stall flutter experimentz9 used a two-dimensional
model, and was limited to relatively low Reynolds number, Mach number, and
frequency (Re = 650,000, M_ = 0.18, and k € 0.16). The small wind tunnel had
less than ideal flow quality (relatively high turbulence level and unknown

angularity), resulting in an early static stall (at 9.5°). The current
experiment is more sophisticated, and was conducted with a larger model and wind
tunnel, with significantly improved instrumentation, and over a much wider range
of conditions. The effects of six independent parameters (Mach number, mean
angle of attack, oscillation amplitude, reduced frequency, sweep angle, and
spanvise position) were studied. The resulting concepiual model of incipient
stall flutter may aid the design of lightweight propellers that aveid potential

instabilities but do not require excessive stiffness.

This work described in this report is part of a continuing research
program. Unswept tunnel-spanning wing (2D) results for this model have been
presented in Refs. 21-22. Compu.ational simulations of the 2D experiment were
described in Refs. 15-16. An earlier version of the UTRC c¢scillating wing vas

tested in a swept 2D configuration.l'z

The body of this report consists of this discussion of the motivation for
the experiment, a description of the experiment and procedures, and a summary of
the primary observations and conclusions. Additional material is provided in
the attached Appendices. The first two Appendices contain test matrices and run
lists for all conditions studied. Appendix III provides documentation for the
experimental data base that has been generated. At the request of the ARO, a
set of digital tapes containing this data base has been provided to Dr. Lawrence
Carr at NASA Ames Research Center. Copies of the data tapes should be available
from NASA Ames as well as from the authors. The primary technical results of
this experiment have been presented in the series of papers that are provided as
Appendices IV-IX. The final Appendix (¥) describes an empirical model for

aerodynamic damping, and the tabulated data upon which it is based.




DESCRIPTION OF EXPERTMENT
MODEL AND WIND TUNNEL

The modei was a straight, rectangular, untwisted, semi-span wing of 17.2
in. (44 cm) chord and 48 in. (122 cm) semi-span. The planform is shown in
Fig. 1. The aspect ratio of a full wing would be 5.6. The wing consisted of a
steel gpar and fiberglass airfoil panels, and had a Sikorsky SSC-A09 9X thick-
ness cambered airfoil section (Fig. 2). Airfoil coordinates and surface
derivatives are provided in Tables 1 and 2, respectively. The ving was mounted
at sveep angles of 0, 15, and 30° from the side wall of the 8 ft (2.4 m)
octagonal test section of the UTRC Large Subsonic Wind Tunnel. As shown by the
planforms in Fig. 3, additional airfoil panels were added to the spar at higher
sveep angles in order to keep the wving tip guarter-chord at the tunnel

centerline. At A = 30° the semi-span was thu. increased tu 55 in. (140 cm).

Figure 4 shovws the model in the unswept configuration in the wind tunnel.
The fiberglass airfoil panels and wooden tip cap are apparent. The dark circles
on the model are filled bolt holes. The majority of the data were acquired with
the tip cap shown here, an approximate half body of revolution. Limited data
were also acquired using a square tip cap at z = 0. Figure 5 shows a top view
of the model in the A = 30° configuration. The upper section of the wind tunnel
has been removed for this picture. The metal tape was added to the joints of
the inboard (uninstrumented) sections at high speed (Hc 2 0.3) to prevent air
leakage. The tape was not required at lower speeds, and was never used on the
instrumented sections. Note the part span support at z/c = 1.75. The strut is
required to maintain spar loads within the required safety factors, and to
reduce bending deflections. At the maximum speed, maximum lift conditions, the
wing load of approximately 4000 lbs (18,000 N) produced a bending moment at the
strut of 13,000 in-1lbs (1480 Nm). The strut is mounted to the spar using a
bearing at the quarter-chord, and its lower portion is rotated to keep it

parallel to the flow. All instrumentation is outboard of this strut,

The model had a first natural frequency in flatwvise bending of
approximately 20 Hz, as determined by rap testing and by examination of peaks in

the bending strain gage response (instrumentation details are provided below).

The bending stiffness was calculated to be approximately 9x106 1b in2 (2.6x104




Nmz). This was verified by applying concentrated loads at the spar tip and
measuring the resulting deflection. At the maximum lift condition (4000 1b),
the tip deflection is calculated to be approximately 0.6 in. (1.5 cm, 40% of the
ving thickness). Tip deflections scale approximately as Ay(in) = Lift(lb) x
1.5x10—4. The bending response of the model primarily consisted of a quasi-
steady response to the applied lift and a damped oscillation near the natural
frequency upon impulsive starts (as during ramp motions). These oscillations
vere usually extremely small, resulting in tip deflections of less than 0.1 in.
{2 mm).

The first torsional natural frequency was calculated to be 216 Hz, while
the measured initial peak in the torsional strain gage response was near 180 Hz,
probably reflecting deficiencies in the simple model used in the calculation.
The torsional stiffness vas calculated to be 1.3x107 1b in’ (3.7x10% Nm’). The
stiffness vas also verified (approximately) by measuring deflections in response
to a concentrated torque applied to the spar tip. The maximum torsional
deflections at the wing tip caused by aerodynamic loads are estimated to ve
approximately 0.2°. Since the frequencies used in the experiment are much less
than the natural torsional frequency, aeroelastic twist nonlinearities should be
quite small (on the order of 1% at 20 Hz). The torsional strain gages did
detect damped oscillation at frequencies hetwveen 50-90 Hz in response to
impulsive starts. These oscillations were usually of small amplitude,
generating deflections of less than 0.2-0.3° which appeared to have little
effect on the aerodynamic loads. A much more detailed study of the dynamics of
the hydraulic drive, shaft coupler, shaft, spar, wing system would be required
for full understanding. This was not considered necessary.

30 to this

Application of standard wind tunnel wall correction procedures
geometry produces a small flow angle correction of Aa = 0.54°*CL to approximate
free flight. (This correction has not been applied in the published data or to
the data base.) Corrections to the freestream velocity and to the measured
force coefficients were negligible. A minimal gap of 0.005¢ was maintained
between the wing root and the wind tunnel wall at A = 0, The maximum gaps in
the swept configuracion were larger (up to 0.02¢) and varied with a. 0il
visualization in steady-state showed the primary effect of the wall on the
surface flov vectors to be a corner vortex which covered a triangular region

having an extent at the trailing edge of 0.2c. Beyond this region, the oil

pattern did not show obvious wall influence.




ROTARY DRIVE SYSTEM

A hydraulic rotary drive was used to oscillate the model in pitch about the
line connecting the root and tip quarter-chord. The drive is shown mounted at
the end of its turntable, outside the wind tunnel walls, in Fig. 6. The
actuator provides up to 22,500 in-lb (2600 Nm) of torque, and is controlled by
high-response servo valves operated by a closed-loop control system, which
compares the the measured and desired pitching waveforms. The desired vaveform
was supplied by a digital synthesizer. The synthesizer read the waveform from a
programmable memory chip. The frequency, amplitude, and mean value of the
vaveform were manually adjusted. In addition to supplying an analog waveform to
the hydraulic control system, the synthesizer also supplied synchronizing clock

pulses to the data acquisition system.

Two pitching waveforms were used, sinusoids and ramps. The ramps began at
a sieady-state condition (typically e« = 0), increased at constant rate to a
maximum angle, maintained that maximum for a short time, and then returned to
the initial condition. A time delay of 2-4 sec was imposed between ramps to
regain steady-state. The sufficiency of the time delay was verified using an
unsteady pitot-static probe located 2.Bc above the tip quarter-chord to show
that conditions returned tc steady-state before motion resumed. The maximum
angles for ramps were 30° at Mc = 0.2 and 0.3, 20 or 25° at MC = 0.4. 16 or 18°
at Mc = 0.5, and 10, 12, or 13.5° at MC = 0.6. These maxima were determined by
the stall characteristics and structural loads at each Mach number and sweep
angle. Stall penetration was achieved at each Mach number. The nondimensional
pitch rates vere selected between A= &c/ZUc of 0.001 and 0.025, bounded by a
limiting dimensional pitch rate of 560%/sec. Typical ramp time histories, at HC
= 0.2 and A = 30°, are shown in Fig. 7. Five pitch rates are shown from A =
0.001 to 0.025, corresponding to dimensional rates of 18 to 450°/sec. The
primary departure from an ideal constant-rate motion was rounding of the ramp
corners at higher rates. At rates very close to the 560°/sec limit, the
impulsive start of the ramp caused the spar strain gages to detect bending and
torsional oscillations. Below the limiting rate, the oscillations were not

significant.

The large amplitude sinusoids were performed at frequencies from 1.25 to 12
dz (0.025 < k € 0.15), at amplitudes primarily of 6 and 10%, and at numerous




mean angles. Figure 8 shows time histories of o« for 10°-10°cos2nt oscillations
at Mc = 0.2, vhich are typical. The reduced frequency varies between k = 0.025
and 0.15 (1.26 and 7.6 Hz). For such moderate frequency, high amplitude motion
the waveform is quite good, with minimal distortion. The distortion of the
vaveform is increased for the high frequency, low amplitude sinusoids used in
the incipient stall flutter portion of the experiment. Figure 9 shows time
histories at amplitudes of 1° (Fig. 9a) and 0.5° (Fig. 9b), for Mc = 0.2 and
reduced frequencies between 0.1 and 0.6 (5 to 30 Hz). The distortion is
significant for frequencies above 15 Hz, and particularly strong for very small
amplitude oscillations at frequencies close to the spar natural bending

frequency of approximately 20 Hz.

INSTRUMENTATION

Unsteady surface pressure measurements were made on the wing model using
112 miniature transducers (Kulite 15 psi (105 Pa) differential transducers
contained in 0.093 in. (2.5 mm) diameter cylinders) distributed among five
spanwise stations. The suction surface transducer locations are shown by the
dots in Fig. 1. The transducer coordinates are provided in Table 3. The
chordwise arrays on the upper surface had 10, 14, or 18 transducers each. The
lower surface arrays vere less dense, containing 6 or 18 transducers each. The
frequency response of the installed transducers has been measured g{ comparing
The

initial resonance is typically between 4 and 12 kHz, considerably higher than

their response to white noise with that of a reference microphone.

the frequency range required for the current experiment, which has fundamental
frequencies between 1 and 30 Hz. Steady state calibration was performed over
the full range of pressures (+2.5 to -12.5 psi) and temperatures (50 to 110 F)
expected. This procedure results in a steady-state calibration accuracy of

better than 0.5X of the ftull scale pressure rangc.e.zz’j1

Figure 10 shows the instrumentation mounted inside the model. The lowver
surface fiberglass panels have been removed to show the interior details. The
5.5 in. wide spar is identifjed at the top of the picture. The ten dark squares
are the circuit boards containing the 8:1 multiplexers, also shown in a close-up

view in Fig. 11. The multiplexers operate as electronic switches., Data are

acquired for complete cycles for each of the 14 pressure channels (the 10 shown




in Fig. 10 plus 5 on the lowver surface panels), and then all of the multiplexers
are switched to the next position, and the motion is repeated. Also visible in
Fig. 12 are several pressure transducers (gray cylinders) and the manifolds that
distribute the tunnel total pressure to the reference side of each transducer.

The transducers are connected to surface by 0.1 in. (typical) long 0.018 in. ID

pipettes that pass through the fiberglass panels.

Sixteen surface hot film gages were used to determine transition and
The gages were located in chordwise arrays at three
The locations are shown by the

The x/c = 0.026 and 0.103 gages

separation locatiorns.
spanvise stations, z/c = 0.08, 0.27, and 0.70.
X marks in Fig. 1, and are listed in Table 4.
at z/c = 0.70 vere offset by 1 in. (to z/c = 0.65) to reduce the chance for

TSI model 1268 gages were installed in holes drilled

Each gage consists of a heated element
The hot films

thermal interference.
through the fiberglass airfoil skins.
deposited on the end of a 0.15 in. (0.38 cm) diameter quartz rod.
wvere operated in the constant-temperature mode, at a nominal operating

temperature of 225 C, corresponding to an overheat ratio (hot to cold gage

resistance) of 1.35. The anemometer circuits were mounted immediately outside

of the wind tunnel vall to minimize lead lengths.

The hot film gages were intended to provide only qualitative information

on transition and separation locations. VWhen the flow over the hot film gage is

laminar, the heat transfer is generally low, with little random unsteadiness.
Movement of transition past the gage is indicated by a rapid rise in heat
transfer, accompanied by an increase in the higher frequency, random portion of
the signal. Separation is indicated by a low level of average heat transfer,
but a high level of randomness. Interpretation of hot film signals is
simplified in a periodic unsteady flov because the changes from one flow state
to another can be more readily identified than the characteristics of a

steady~state flow. (It is particularly difficult to determine if a single

steady flow with moderately high randomness is turbulent, separated, or

transitional.)

Additional instrumentation (listed in Table 5) included three spar strain
gage bridges to verify that limit stresses vere not exceeded, a spar angle of
attack sensor, and an unsteady pitot-static probe mounted on the upper wind
tunnel vall over the blade tip to identify far field disturbances. Standard




wvind tunnel instruments were used to measure total and static pressures, total

temperature, and dewpoint.

DATA ACQUISITION

Figure 12 shows the wind tunnel control room with the data acquisition
system installed. The output of each pressure, hot £ilm, or other sensor was
buffered and filtered using unity gain amplifiers and 10 kHz low pass 4-pole
Buttervorth filters. On-line digitization of the unsteady signals was performed
by a 32 channel Preston GMAD-1A analog to digital converter system having a
maximum rate of one million 15 bit samples per second. The digitization rate
was controlled by the waveform synthesizer (described above), at a rate of 1024
samples per cycle. A cycle is defined as one period for sinusoidal motion and
as the sequence of steady state lov o, pitch up, and steady state high o for
ramp motion. For ramp motions, a second cycle of 1024 sampios was acquired
during the pitch down. Data were obtained from 20 pitching oscillations for
ramps and large amplitude sinugoids, and from 40 pitching oscillations for small
amplitude sinusoids. For constant-a« conditions, the data were digitized at the
rate of 1000 samples/second over a five second period.

The data acquisition was controlled by a Perkin Elmer (now Concurrent
Computer) 3230 processor. The computer was configured with 10 MB of internal
memory, 1200 MB of disk storage, a 6250 BPI nine-track tape drive, five termi-
nals, two text printers, and a laser graphics printer. The data acquisition
software consisted of ten individual programs running simultaneously and
communicating by means of shared memory and inter-task messages. In addition to
storing the digitized data on magnetic tape, the computer also ensemble averagec
the signals, applied calibration factors, converted the time histories to coef-
ficient form, integrated the pressures to determine sectional airloads, and
stored the results on disc for on-line analysis and plotting. A separate set of
steady-state acquisition hardware (also controlled by the 3230) was used to
obtain time averaged values of the wind tunnel conditions and model operating
conditions. This informatinn was stored for each test point and was also
available on-line for monitoring the operation of the model and wind tunnel.
This ’trim and safety’ information was displayed on a separate terminal and

updated every two seconds.




The pressure transducer results were corrected for thermal effects based
upon pre-~test calibration (described above). Transducer drift vas minimized by
taking frequent zero points with no airflov. The calibration was checked
periodically by applying a known pressure to the reference ports of all
transducers. Since the ramp motions typically began at steady-state, o = 0,
most additional errors caused by problems with individual transducers could be
identified and compensated for. The pressures were integrated along the chord
at each of the five spanvise stations to determine the unsteady 1lift, pressure
drag, and pitching moment coefficients. Integrations were performed using
segmented Gaussian quadrature, a technique that minimizes irtegration error for
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relatively sparse point spacings. All parameters were available for

on-line analysis and display shortly after each test point had been acquired.

TEST CONDITIONS

The wind tunnel test took place during June and July, 1990. The A = 0 data
vere acquired first, followed by the A = 15° and 30° configurations. Data vere
obtained for a total of 234 large amplitude sinusoids, 110 ramps, 263 small
amplitude sinusoids, and 295 steady-state conditions. Appendix I provides a

series of nine test matrices illustrating these conditions. Appendix 11

provides a list of the all of the test conditions, allowing particular points in
the data base to be identified.




SUMMARY OF RESULTS

A detailed presentation of the results of this experiment is provided in
the series of papers reprinted as Appendices IV - IX. A compilation of the
primary conclusions is provided here. Further information on each topic may be

obtained in the Appendices listed at the end of each paragraph.

In steady flow, aerodynamic load characteristics are as expected for a
simple subsonic wing. The effects of increasing Mach number include increasing
the 1ift curve slope in attached flow, reducing the maximum load coefficients,
and reducing the stall angle. For the unswept 3D wing, the tip vortex reduces
the effective angle of attack, generating attached flowv spanwise load
distributions in approximate agreement with lifting line models. Prior to
stall, the effects of sweep on the pressures and airloads on the inboard portion
of the wing can be accounted for using the svept infinite wing normalization
(UC = U_ cosA). Such simple correlations do not suffice close to the wing tip
or after stall. (Appendices IV, V)

For large amplitude ramps at low Mach number (MC = 0.2) and high Reynolds
number (= 2 million), the following transition, separation, and stall mechanism
was obser. at all sweep angles. At the initial steady state condition (o = 0)
pressure gradients are low, and the upper surface boundary layer remains laminar
for x/¢ € 0.3. As « increases, the adverse pressure gradients downstream of the
suction peak cause the transition point to move very close to the leading edge
(x/¢ € 0.026), leading to an essentially turbulent boundary layer by o = 10-12°.
At higher angle of attack (« ? 18°) this boundary layer separates, starting near
x/c = 0.1, and the separation very quickly (within &« = 0.2°) expands, leading
to loss of leading edge suction and formation of an intense and concentrated
stall vortex. The vortex propagates dovwnstream, increasing the the 1lift, drag,
and pitching moment. The fundamentals of this process are quite similar to
those identified on the 2D model, and in several earlier experiments at similar
Reynolds numbers. (Appendix V)

At M_ = 0.3, a small region of slightly supersonic flow (M = 1.1) develops
near the leading edge. The supersonic region is believed to be the source of a
relatively high frequency oscillation that is first observed near x/c = 0.1,
This oscilation grows, leading to separation at an angle of attack 2° lower than

11




at MC = 0.2. At Hc = 0.4, 0.5, and 0.6, the supersonic region forms earlier,
becomes stronger (reaching M = 1.5), and extends further downstream (to x/c =
0.2 at Hc = 0.6). At low angles of attack (a = 7-10%) transition to turbulence
is initiated near the shock, and does not move as far forward as at low Mach
number. As « increases, high frequency pressure oscillations appear at the
shock, beginning a gradual separation. By Mc = 0.6 it takes 16 times longer (in
terms of Oa) than at Mc = 0.2 for the separation to expand to cover the forward
30% of chord, and the stall vorticity appears to be much more diffuse. This
observation agrees with the visualization results of Ref. B. Unsteady effects
on the aerodynamic loads are still present, including measurable stall delays

and increases in the maximum lift, drag, and moment. (Appendices VI, VII)

The effects of other parameters (A, A, and tip cap geometry) on the
airloads during ramps have also been examined. Sweep and tip geometry effects
are most significant very close to the wing tip and after the beginning of
stall. The rollup of the tip vortex over the upper surface of the unswept ving
distorts the pressure distributions and interacts with the stall vortex to
increase the unsteady increment to CLmax by up to a factor of 2. This effect,
which was first described in Refs. 5 and 7, is magnified when the approximate
body of revelution tip cap is replaced by a flat plate at z = 0. The flat plate
appears to generate a stronger and more compact vortex. For the swept wing, the
tip vortex effects are weaker, as also observed in Refs. 34 and 353. The tip
stalls at nearly the same o as the inboard region, and the unsteady increments
to the tip loads are reduced. After stall, there are large differences with
sveep angle, including strong periodic oscillations at A = 15° and strong

spanvise gradients at A = 30°. (Appendix V)

Pressure distributions close to the wing tip have been used to estimate the
direct contribution of the tip vortex to the unsteady force and moment. At low
Mach number prior to stall, up to 25% of the tip normal force and virtually all
of the pitching moment can be attributed to the tip vortex distorting the
pressure distributions. This effect is reduced at higher Mach numbers, because

stall occurs before the tip vortex becomes very strong. (Appendix IX)

Dynamic stall vortex propagation patterns can be estimated by tracking the

minimum pressure locations on the wing surface. Inboard on the unswept wing,

vortex propagation is similar to that observed in 2D (a speed of 0.25Uc at A =




0.01). Closer to the tip, the vortex appears later because of the delay in
stall, and propagates more slowly. Quite different patterns occur on the swept
wving. The inboard propagation speed is reduced, in agreement with earlier
infinite swept wing results, but propagation speeds closer to the tip are higher
than on the unswept wing, possibly because of reduced tip vortex influence,
(Appendix IX)

For large amplitude sinusoidal motions, the basic characteristics of the
transition, separation, and stall process are the same as for constant pitch
rate motions. During pitch-up, there is a substantial stall delay, large
unsteady dincrements to the airloads, and the formation of a strong leading edge
vortex. During pitch-down, flow reattachment begins near the leading edge and
moves aft. Near the tip of the unswept wing, the tip vortex alters these
characteristics. The vortex not only lowers the effective angle of attack over
a relatively large span, but also rolls up over the upper surface, increasing
the trailing edge loading and generating a strong but smoothly increasing
negative moment. Interaction between the tip and stall vortices increases the
relative unsteady loads near the tip. During pitch down, the trailing edge load
is reestablished later than the leading edge suction, causing considerable
hysteresis. There is also substantial hysteresis in the forward and aft motion
of the transition point, even in the absence of separation.

(Appendices VI and VIII)

A series of moderate amplitude (al = 6°) sinusoidal conditions at
increasing mean angle show an abrupt shift between conditions without stall and
conditions with dynamic stall. No conditions were found that generated

ax

significant stall delays and CLm increments without creating a strong stall

vortex and a large negative moment. (Appendix VIII)

For small amplitude oscillations (oz1 = 0.5-2°), the primary concern is
stability, as determined by the sign of the aerodynamic pitch damping. If the
instantaneous angle of attack never exceeds the static stall angle, L the
damping was found to be positive, and in general agreement with unsteady thin
airfoil theory. Motions about mean angles (ao) near e typically have negative
damping. The basic mechanism is an unsteady delay in stall beyond LI during
the pitch-up portion of the cycle, a loss of leading edge suction at stall
(leading to a negative or nose-down moment), and finally a delay in reattachment
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during pitch-down. The resulting hysteresis in C, causes the negative damping.
This mechanism was observed for the complete range of reduced frequencies (0.1 ¢
k £ 0.6), Mach numbers (0.2 ¢ Mc £ 0.6), and sveep angles (A = 0, 15, and 30°)
tested, If o is high enough so that the flow remains separated throughout the
cycle, the damping was found to again become positive. Three-dimensionality and

sweep alter the damping characteristics primarily through their effects on g

As %y is increased with the unswept wing, the inboard region stalls first,
folloved by the tip. Since negative damping occurs only for oy = e the
unsvept wing therefore is never simultaneously unstable. At A = 30°, stall
occurs over the entire span within 8c = 19, allowing a simultaneous instability.
An empirical model for the aerodynamic damping that follows the observed trends
and parameter dependencies has been developed. (Appendices IV, X)

Continued examination of the results of this experiment is anticipated, as
is use of the data to validate computational methods . In addition, there are
several areas vhere further investigation with this experiment may be desirable.
To date, only unsvwept and aft swept configurations have been studied. Depending
on flight speed, azimuth, spanvise position, and geometric tip sweep, dynamic
=tall near the tip of a helicopter blade may occur at local forward sweep angles
of up to 30°. (Forward and aft sweep effects should differ only near the tip.
Over the forwvard half of the disc, the flight velocity causes forward sweep,
vhile the geometric sweep of many current rotor tips contributes 20-30° of aft
sveep.) Since the combination of sweep and tip vortex effects were found to
have a strong influence on unsteady characteristics, an extension of the
experiment to include forward sweep would provide important information.

Second, the desire to cover many spanvise stations limited the spatial

resolution at any one area. Rearranging the existing instrumentation could

provide more closely spaced and simultaneous (rather than sequentially

multiplexed) measurements of the transition and separation process over the

forvard 15% of chord at a single station. This might resolve questions

regarding transitional separation bubbles at high Reynolds number and the

relation between transition, the shock, and separation at higher Mach number.

Finally, continued development of quantitative flow field imaging techniques may -
allow accurate velocity and vorticity information tc be obtained in the critical

(but, at these Reynolds numbers, extremely small) leading edge boundary layer

region before and during separation.
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-0.034%00
~0.040400
-0,0446000
-0,051500
-0.057200
~0.062900
«-0,068900
-0.,078500
-0.083000
'000’1700
-0.301%00
-~0.,111700
=0,121400
-0.129400
-0.135100
«0.138600
-0.!40900
~0.¢1485400
~0+146600
=-Q.150290
~0.:152500
~0.150700
-0.141300
~0.119300
=0.078300
~0.030200

0.014R800
0.054800

dw/dx jover
-0.,012500
=-0.,003300
0.004000
0.,009200
0:014500
0,020200
0.026000
0.031700
0.037200
0.,042200
0:.044700
0.0%0900
0,055100
0.059400
0.063800
0.,068200
0,072500
0.076300
0.079300
0.081400
0.0824600
0.,083000
0,083200
0,083700
0.,084800
0,087000
0.089400
0,089900
0.,084200
0.0464400
0,033400
0.013000
0.012100
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DO J NI WN

jb
N

13
14
15
16
1/
18

B o N =

0.08
Upper Lower
x/c x/c
.0050 .0200
.0256 .0746
.0597 .1575
.1028 .3934
.1490 .7012
.1921 .9371

.2468
.3023
.3718
4638
.5702
.6816
. 7880
. 9495
(CPKT1Sxx)

Swept Array

x/c z/c
.0050 .800
.0597 .771
L1490 .720
.2262 .675

(CPK45Sxx)

TABLE 3.

0.30

Upper Lowver

x/c

.0050
.0256
.0597
.1028
.1490
.1921
.2468
.3023
.3718
.4638
.5702
.6816
.7880
.9495

x/c

.0200
.0746
<1575
3934
.7012
9371

(CPKT2S5xx)

PRESSURE TRANSDUCER LOCATIONS.

Spanwise Position, z/c¢

0.59
Upper Lover
x/c x/c
.0050 .0050
.0256 .,0256
.0597 .0597
.1028 .1028
.1490 .1490
.1921 .1921
L2262 .2262
.2468 .2468
.2616  .2616
.3023 .3023
.3718 .3718
L4638 .4638
.5702 .5702
.6816 .6B16
.7880 .7880
.8801 .8801
.9495 (9495
.9902 .9902

(CPKO4Sxx)

1.06

Upper
x/c

.0100
.0492
1066
.1640
+2031
<2501
<3947

6066
.8184
.9631

Lower
x/c

.0200
.0746
.1575
+ 3934
.7012
.9371

(CPK125xx)

1.52
Upper Lover
x/c x/c
.0100 .0200
0492 .0746
.1066 ,1575
.1640 .3934
.2031 .7012
.2501 .9371

. 3947

.6066

.81B4

. 9631
(CPK20Sxx)




TABLE 4. HOT FILM GAGE LOCATIONS.

¥ x/c  z/c x/c z/c x/c z/e
1 .0256 .65 .0256 .27 .0236 .08
iy 2 .0597 .70 .0597 .27 .0597 .08
3 .1028 .65 .1028 .27 .1028 .08
4 .1921 .70 .1921 .27 .1921 .08
- 5 .3023 .70
6 .4638 .70
7 .6816 .70
8 .8801 .70
(SFGO6Sx) (SFGT25X) (SFGT1Sx)
TABLE 5. ADDITIONAL INSTRUMENTATION.
z/c¢ X/¢ ENAME
Flatwise Spar Bending Strain Gage 1.750 0.250 STR_BEND_1
Flatwise Spar Bending Strain Gage 3.400 0.250 STR_BEND 2
Torsional Spar Strain Gage 3.400 0.250 STR_TORS 1
- Geometric Angle of Attack At hydraulic drive ALPHA E_1l
Wind Tunnel Total Pressure Stilling section (Slov response) TUNL_TOTAL
Wind Tunnel Static Pressure calibrated differential probe located
in the test section (Slow) TUNL_STATIC
Wwind Tunnel Total Temperature Stilling section

Wind Tunnel Dewpoint

Model Dynamic Pressure Pitot probe above tip 1/4 chord, 6 in. below
test section wall (Rapid response) MODEL 0 1

23
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Fig. 1. Planform and instrumentation locations at A = O,

Fig. 2. Sikorsky SSC-A09 airfoil section.
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Fig. 3. Planforms and upper surface pressure transducer locations
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Fig. 5. Top View of Model at A = 30°

C90-247 A-7
C€90-302 D-3 92-11-7-1
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Fig. 6. Top View of the Model and the Support and Drive System

C90-302 C-3 92-11-7-2




Angle of Attack «

Angle of Attack «

30

25

15

M= 0.19
ﬂm;n- 0.1, ﬂmo,‘-m.o
Am30., 30

—— Am 0.0011
- — Am 0.0025
----A= 0.0052
- — - Aw 0.0101
0.0200
0.0251

— A

- o Am

1 ke | J

20

16 |-

12

0.4 0.6 1.0
Time, T

Measured angle during ramp motion.

rig. 7.

M= 020
am 10,0-10.0cos2nr
A=30,, 3D

— km 0.025
— — k= 0.051
---«km 0.099
cmm-km 0.150

| 1 | i

Fig. 8.

0.4 0.6 0.8 1.0
Time, T

Measured angle during sinusoidal motions.




1.0 ~ M= 0.20 ;?}‘-F"“\\
a= 16.6~ 1.0cos2nr 7/ T
- A= 0, 30 . ,-";//
] 0.6 b — k= 0.008 %/
S ~—~km 0199
_2‘) ----km 0.291
. -=— - km 0.399
o 0.2
- — Kkm
<
S
-0.2
Q
o
c
<C
-0.6
-1.0 L.'_._ A -
0.0 0.2 0.4 0.6 0.8 1.0
Time, T
Fig. 9a. Measured angles during 1 deg amplitude sinusoids.
0.6 M= 0.20 2N
a= 16.5- 0.5cos2nT /f: \
. A= 0., 3D ./
0.4} ——k= 0.098 / ,"
o - — k= 0.204 v
“i‘) 02l «es-km 0.300
S - =— - ks 0,400
= — kw 0.600
< 0.0
S
O
@
o 02
c
<C
-0.4
-0.6 ) Il i i J
0.0 0.2 0.4 0.6 0.8 1.0
Time, T
. Fig. 9b. Measured angles during 0.5 deg amplitude sinusoids.
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Fig. 11. Closeup View of Model
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Fig. 12. Wind Tunnel Control Room, Showing Unsteady Aerodynamics
Data Acquisition System

C90-302 A-15 92-11.7-4
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APPENDIX I
TEST MATRICES

LARGE AMPLITUDE SINUSOIDS AT A=0

MACH NUMBER

REDUCED
FREQUENCY | M=0.2 | M=0.3 M=0.4 M=0.5 M=0.6
k=.025 6+6 10:10 10:10 | 626 1010 | 444 4ad
20410 20410 1246 646 5+5
1446 846 616
1646 1046
k=.050 646 10410° 10410 | 6+6° 10+10%| 444 I
1216 20+10° 20310 [12465 646 5¢5
1436 14265 B+6
1616 16+6° 1046
1846
20+6
2246
2416
k=.054 | | 12:8
k=.075 10410 42k 4ib
646 545
816
1046
k=.100 616 10:10°] 646 10410 | 646
8+6 20:10° 20410 [1246
1046 1446
12+6
1446
1646
1846
2046
2246
2446
k=.110 | | 918
k=.150 10410
20410

MATCHING POINTS FOR AMES TEST, A=0 AND M-0.28

k=.040
k=.100

1542, 1534, 1545
15+2, 1544, 1545

S Square tip data in addition to round tip




LARGE AMPLITUDE SINUSOIDS AT A=13

MACH NUMBER

REDUCED
FREQUENCY | M=0.2 |  M=0.3 |  M=0.4 | M=0.5 | M=0.6 |
- k=.025 6+6 10:+10 10410 10+10 | 444 A
20:10 2010 6+6 545
846 646
; 1016
k=.050 6+6  10:10° 10£10 | 6165 10+10%] 434 434
20+10° 20:10 |10:6 616 545
1246° 816
14465 1046
1616°
k=.075 10:10 | 444 4ib
616 545
8+6
10+6
k=.100 6:6 10:10°| 646 10+10 616
8+6 20410° 20:10 |1046
1036 12:6
1246
1446
. 1646
1846
2046
. 2246
2446
k=.150 1010
2010

s Square tip data in addition to round tip

wc . U_cosA

k = 2U_cosA a




LARGE ANPLITUDE SINUSOIDS AT A=30

MACH NUMBER

REDUCED
FREQUENCY | M=0.2 ] » .3 |  M=0.4 | M=0.5 |  M=0.6 |
k=.025 616 10410 10410 | 646 10:10 | 444 4 -
20410 20310 |1046 646 545
1246 846 6+6
1446 1046 746 .
1646 1246 B+6
k=.050 616 10410° 10410 | 6465 10+105| 414 A
B+6 20:10° 20410 {10:6° 616 545
1016 12+6° 846 646
1246 1446° 1046 746
1416 2016 1646 1246 816
1646 2246
1846 2446
k=.054 | |12:8 | | |
k=.075 6+6 10+10 | 444 444
1046 6+6 545
1246 846 6+6
1446 1046
1246
k=.100 6+6 10+10%| 6126 10410 [646
B+6 20:+10° 20£10 [1046
10+6 1246
1246 1446 )
14+6 2046
1646 2246
1846 2446
k=.110 | | 948 |
k=.150 646 10410
846 20+10
1046
1246
1416 2046
1646 2216
1846 2446

5 Square tip data in addition to round tip

s



RAMPS AT A=0
MACH NUMBER

PITCH RATE | M=0.2 | M«0.3 | M«0.4 | Ma0.5 | M=0.6
A=.0010 0410 0410 0210 0-6

0+30° 0430 0420 0416 0410
A=.0025 | 0230 | 0930 | 020 | 0+16 | 0410 |
A=.0050 0410 0410 0410 048

0+30° 0420 0420 0416

10420 0430 0425

12422

14924

16426

18+28
A=.0100 0410 0420 0416

0+30° 0430 0425
A=.0200 | 04305 | 030 | I | |
A=.0250 | 0430 | | | | |
RAMPS AT A=<15

MACH NUMBER

PITCH RATE | M4=0.2 | M=0.3 | M=0.4 | M=0.5 | M<=0.6 |
A=.0010 0410 0410

0430° 0430 020 0416 0412
A=.0025 | 0+30° | 0430 | 0220 | 0416 | 0+12 |
A=.0050 0+10 0410 0410 08 0412

0430° 030 0+20° 0416
A=.0100 0+10

0+30° 030 020
A=.0200 | 0+30° | 0930 | | |

s Square tip data in addition to round tip

U mcosA

M=

© 3t 2U_cosA a,
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RAMPS AT A-30

MACH NUMBER

PITCH RATE | M=0.2 | M=0.3 | M=0.4 | M<0.5 | M=0.6 |

A=.0010 010
0+30° 0+30 0-20 0-+18 0212

>
u

.0025 0-+30 0-+30 020 0-+18 0212
0+13.5

A=.0050 0410 010 010 048
0+30% 0-+30 0-+20° 0-18 0-+13.5
10420
12422
14924
1626
1828

>
i

.0100 0410
0+30° 0-+30 020 0-18

>
[

.0200 0+10
0+30° 0430

4 £=.0250 | 030 | | | ! !

S Square tip data in addition to round tip

UacosA

= 3t 2U cosA M= a




INCIPIENT STALL FLUTTER AT A=0

MACH NUMBER

2U_cosA

" REDUCED
FREQUENCY | 0.2 0.4 0.6
0.10 144.5 1431 1442 1041 6+.5 641 642
16.5¢.5 16.541 16.542 1141 741
18+.5 1841 1842 124.5 1241 1242 8+.5 841 842
13;1 9:+1
14+.5 1441 1442 10+.5 1041
15+1
16:.5 1641 1642
1741
1841
0.20 1041 6+.5 641
12+.5 1241 1242 8+.5 Bil
144.5 1441 1442 10+.5 1041
1541
164+.5 1631 1642
16.5+.5 16.54+1 16.5+2
17:¢.5 1741
18+.5 1841 1842
20+.5 2041 2042
2241
2441
26+1
0.25 124.5 1241 1242
144.5 1441 1442
16+.5 1641 1642
0.30 144.5 1431 1442
16.54.5 16.5+1 16.542
18+.5 18+1 1842
0.40 144.5 1441 1442
16.5+.5 16.5+1 16.5+2
18+.5 1B+l 1842
0.60 14:.5 1431
16.5+.5 16.5:1
U _cosA
K = e M e —




INCIPIENT STALL FLUTTER AT A=15

MACH NUMBER

REDUCED
FREQUENCY | 0.2 | 0.4 | 0.6
0.075 1041 -
1141
1241
1341 .
1441
1541
1641
1741
18+1
1941
0.20 1041
1241
1441
1541
1641
1741
18+1
19:1
2041
2241
2441 .

INCIPIENT STALL FLUTTER AT A=30

MACH NUMBER

REDUCED
FREQUENCY | 0.2 | 0.4 | 0.6
0.10 16+.5 16+1 1642 10+1 6+.5 641 612
18+.5 18+1 1842 1141 741
20+.5 2041 2042 12+.5 12:1 8+.5 B+l 842
13+.5 13:1 1342 9+.5 9.1
144.5 1441 10+.5 10:1 1042
15+.5 1541 1542 11+.5 11:1
16+.5 16:1 124.5 1241
17:.5 1741 1742 13:¢.5 1341 -
18+.5 1841
19+1
20+1 .




INCIPIENT STALL FLUTTER AT A-30, con’t.

MACH NUMBER

REDUCED
FREQUENCY | 0.2 0.4 0.6
0.20 10+1 6+.5 611
12+4.5 1241 1242 T+1
14+.5 14l 1442 8+.5 8i1
15+1 9+1
16+.5 1641 1642 10+4.5 101
16.542 11+.5 1141
17+.5 1741  17:2 124.5 12:1
17.5+.5 17.541 13+.5
18+.5 1841 18+2
18.54+.5 18.5+1
19+.5 1941 1942
20+.5 2041 2042
2141
2241 2242
%441
2641
2841
0.25 13+4.5 1341 1342
15+.5 15+1 1542
17+.5 1741
0.30 16+.5 1641 1642
1741
17.5
18+.5 1841 1842
18.5+1
1941
20+.5 2041 2042
0.50 16+.5 1641 1642
1741
18+.5 1B+1 1842
1911
20+.5  20:1 2042
0.60 16+.5 1611
17+.5 1711
18+.5 18+1
19+.5 19:1
20+.5 2041
2141
2241
2311
39



APPENDIX II
RUN LIST -~ O SWEEP

Angle Pitch Rate

Mach Vaveform Range or Red Fr. Run.Pt Date Remarks
0.2 Ramp 010 A=.0010 31.23 6/15 Attached Ramp
A=.0050 31.24
A=.0100 31.25
A=.0200 31.26
0.2 Ramp 030 A=.0010 31.27 6/15 Large Amplitude Ramp
A=,0025 31.36
A=.0050 31.37
A=.0100 31.38
A=.0200 31.39
A=.0250 35.43  6/22
0.2 Ramp 10220 A=.0050 39.34 6/28 Vary Ramp Range
12422 39.35
14924 39.36
16426 39.37
1828 39.38
0.2 Sine 646 k=.015 31.41 6/15 Attached Sine
k=,050 35.35 6/22
k=.100 31.42  6/15
0.2 Sine 1246 k=.050 35.36 6/22 Sine Mean Angle sveep
1446 35.37
1646 35.38
1816 35.29
2016 35.40
2246 35.41
2446 35.42
0.2 Sine 8+6 k=.100 31.43 6/15 Sine Mean Angle Sweep
1046 31.44
1246 31.45
1446 31.46
16+6 31.47
1846 31.48
2046 31.49
2246 31.50
2446 31.51
0.2 Sine 10410 k=.025 32.09 6/18 Large Amplitude Sines
k=.050 32.11
k=.100 32.13
k=.150 32.15
N.2 Sine 20110 k=.025 32.10 6/18
k=.050 32.12
k=.100 32.14
ke=.150 32.16




RUN LIST - O SWEEP

Angle Pitch Rate
Mach Waveform Range or Red Fr. Run.Pt Date Remarks

" 0.3 Ramp 0+10 A=.0050 32.42 6/18 Attached Flow Ramp
0.3 Ramp 0420 A=.0050 33.18  6/20
0.3 Ramp 0+30 A=.0010 32.43 6/18 Large Amplitude Ramps
A=.0025 32.44
A=.0050 32.46
A=.0100 32.47
A=.0200 32.48
0.3 Sine 616 k=.100 32.49 6/1B Attached Sine
0.3 Sine 10410 k=.025 33.09 6/20 Large Amplitude Sines
k=.050 33.11
k=.100 33.13
0.3 Sine 20410 k=.025 33.10 6/20
k=.050 33.12
k=.100 33.14
0.3 Sine 9:8 k=.110 33.16 6/20 SA Sine Repeat of 2D
- 12:8  k=.054 33.17
0.4 Ramp 0-10 A=.0010 33.52 6/20 Attached ramp
) A=.0050 33.53
0.4 Ramp 0220 A=.0010 33.54 6/20 Large Ampl Ramp
A=.0025 33.55
A=.0050 33.56
A=.0100 33.57
0425 A=.0050 34.11  6/21
A=.0100 34.12
0.4 Sine 646 k=.025 33.44 6/20 Sine Sweep
1216 33.45
1446 33.46
16+6 33.47
0.4 Sine 6+6 k=.050 33.48 6/20 Sine Sweep
1216 33.49
1446 33.50
. 1646 33.51
0.4 Sine 6+6 k=.100 39.03 6/28 Sine Sweep
1246 39.04
1446 39,05
0.4 Sine 616 k=.050 34.07 6/21 Repeated by Mistake
1246 34.08
1446 314.09
1616 34.10
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RUN LIST -~ O SVEEP

Angle
Range

Pitch Rate
or Red Fr. Run.Pt Date

Remarks

0.28 Sine

10+10

0-10
0> 8

0716

444

646
816
1046
646
1046
646
816
1046

06

0-10
0210

b4
545
6+6

bed
545

bed
545

1542
15:+4
1545
1542
1534
1545

34.04  6/21
34,05
34.06

34.44 6/21
35.05 6/22

35.06 6/22
35.07
35.08
35.09

34.32 6/21
34.36
34.40

34.33 6721
34.34
34.35

34,37 6/21
34.38
34.39

34.41  6/21
34.42
34.43

.0010 35.30 6/22

.0010 35.31  6/22
.0025 35.32

35.21  6/22

35.22
35.23

35.26 6/22

35.27

35.28 6/22

35,29

37.03  6/26

37.04
37.05
37.06
37.07
37.08

42

Large Ampl Sine

Attached Ramp

Large Ramp

Attached Sine

Sine sveep

Sine swveep

Sine Sweep .

Attached ramp

Large Ramp

Sines

Sines

Sines

Match Army Ames Pts




RUN LIST - O SWEEP

Angle Pitch Rate
Mach Waveform Range or Red Fr. Run.Pt Date Remarks
- 0.2 Ramp 0230  A«.0010 40.03 6/29 Square Tip Ramp
4=.0050 40.03
A=.0100 40,18
. 4=.0200 40.04
0.2 Sine 10:10 k=.030 40,06 6/29 Square Tip Sine
20410 k=.050 40.07
10410 k=.100 40.08
20:+10 k=.100 40.09
0.4 Ramp 0425 A=.0050 40.16 6/29 Square Tip Ramp
0.4 Sine 10310 k=.050 40.15 6/29 Square Tip Sine
0.4 Sine 6+6 k=.050 40.11 6/29 Square Tip Sine Sweep
1216 40.12
1446 40.13
1616 40.14
0.2 Sine 10¢1  k=.20 37.09 6/26 Incipient Sweep-10Hz
1241 37.11
. 144) 37.12
15:1 37.13
16+1 37.14
16.511 37.22
1741 37.16
1811 37.17
2041 37.18
2241 37.19
2441 37.20
2641 37.21
0.2 Sine 1242  k=.20 37.23  6/26
1442 37.24
1642 37.25
16,542 37.55
1842 37.26
2042 37.27
0.2 Sine 12+.5 k=.20 37.29 6/26
14:.5 37.30
164.5 37.31
16.5+.5 37.32
17+.5 37.33
18+.5 37.34
. 20+.5 37.35
0.2 Sine 144.5 k=.10 37.56 6/26 Incipient at 5Hz
16.5¢.5 37.57
183.5 37.58
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RUN LIST - O SWEEP

Angle Pitch Rate

Mach Waveform Range or Red Fr. Run.Pt Date Remarks
0.2 Sine 1441 38.03  6/27
16.531 38.04
1841 38.05
1442 38.06
16.532 38.07
1832 38.08
0.2 Sine 144+.5 k=.3 38.09 6/27 1Incipient at 154z
16.5+.5% 38.10
18:+.5 38.11
1441 38.12  38.32 New Servo
16.5+1 38.13 38.33
1841 38.14 38.34
1442 38,15
16.5+2 38.16
1842 38.17
0.2 144+.5 k=.4 38.19 6/27 Incipient at 20Hz
16.545 38.20
183.5 38.21
1421 38.22  38.29 New Servo
16.541 38.23  38.30
1841 38.24  38.31
1442 38.25
16,542 38.26
1842 38.27
0.2 14+.5 k=.6 38.35 6/27 Incipient at 30Hz
16.5+.5 38.36
18+.5 38.37
1441 38.138
16.5+1 38.39
18+1 38.40
0.4 1041 k=.1 38.42 6/27 Incipient at 10Hz
1141 38.43
1241 38.44
13:1 38.45
1441 38.46
1511 38.47
1611 38.48
1741 38.49
1821 38.50
0.4 124.5 k=.1 38.55 6/27 Incipient at 10Hz
144.5 38.56
161.5 38.57
18+.5 38.58
1242 38.51
1442 38.52
1622 38.53




RUN LIST - O SWEEP

Angle Pitch Rate
Mach Waveform Range or Red Fr. Run.Pt Date Remarks

0.4 12+.5 k=.25 39.06 6/28 1Incipient at 25Hz
144.5 39.07
16+.5 39.08
« 1241 39.09
1441 39.10
1641 39.11
1242 39.12
1442 39.13
1642 39.14

0.6 6+1  k=.1 39.17 6/28 Incipient at 15Hz
7+1 39.18
841 39.19
941 39.20
10+1 39.21

0.6 6+.5 k=.1 39.22 6/28 Incipient at 15H=z
8+.5 39.23
10+.5 39.24
6+2 319.25
842 39.26

0.6 6.5 k=.2 39.27 6/28 Incipient at 30Hz
8+.5 39.28
. 10+. 39.29
641 39.30
811 39.31
1041 39.32

0.2 Steady 0 0 31.02 6/15 First Steady Sweep

2.3 32.03
4.2 32.04
6.0 32.05
7.9 31.06
10.0 31.07
12.0 31.08
14.0 31.09
16.5 31.10
18.0 31.11
20.0 31.12
21.2 31.13
. 22.0 31.14
22.9 31.15
24.7 31.16
26.0 31.17
* 27.3 31.18
28.5 31.19
29,4 31.20
30.7 j1.21
0.0 31.22
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RUN LIST - O SWEEP

Angle Pitch Rate
Mach WVaveform Range or Red Fr. Run.Pt Date Remarks

0.2 Steady 2 0 31.30 6/15 Second Steady Sveep .
4 31.31

2 31.32

6 31.33

0 31.34

9 31.35

0 37.36 6/26 Third Steady Sweep

0 37.37

0

37.38

0.2 Steady

0 37.39
0 37.40
0 37.41
.0 37.42
0
6
0
0

SN OO e
.

37.43
37.44
37.45
37.46
0 37.47
0 37.48
0 37.49
0 37.50
.0 37.51
0
0
0
0

37.52
37.53
37.54

W BRI NI R (N A b bbb et b ok b b b b 3
AP NHOOUR~NGW

0.3 Steady 0. 32.18 6/18 Steady Sweep
1 32.19
1 32.20
3 32.21
0 32.22
.0 32.23
0 32.24
2 32.25
0 32.26
.9 32.27
9 32.28
8 32.29
0 32.30
9 32.31
0 32.32
0 32.33
.2 32.34 -
0

0

8

0

V]

0

32.35
32.36
32.37
32.38
32.39
33.07 6/20 Check pt

Lo R B R NI N BRI R b b g e 13
c>c>c:u1e-u:h:h-c>a=a:a\uwa-:-u:n:c:a:o\:~h:c: Q
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RUN LIST - O SWEEP

Mach Waveform

Angle Pitch Rate
Range or Red Fr. Run.Pt

Date Remarks

0.4 Steady

0.4 Steady

0.5 Steady

0.6 Steady

o

33.21
33.22
33.23
33.24
33.25
33.26
33.27
33.28
33.29
33.30
33.31
33.32
33.33
33.34
33.35
33.36
33.37
33.38
33.39
33.40
33.43
34.02

e » s 0

¢ & o e s . s s e s

PLWOOVIHVNAAULDWLWNEFEROIDIASNO
L] » L[]
V=S O0COOROOQOM WK EMONWOO

Do

.

QO NN NI N = b b b o b fud ped ped b fed

34.15
34.16
34.17
34.18
34.19
34.20
34.21
34.29
34.23
34.24
34.25
34.26
34.27
34.28
34.13
34.31
35.04

L e
.

.

0 35.13
35.14
35.15
35.16
35.17
35.18
35.19
35.20
35.12

e
SR OWONWMRO OOOO NP WLWNERODODDNDMNE =D

OO NOONME COOHROOVOOOROVOOOTO
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6/20 Steady Sweep

6/20 Check pt
6/21 Check pt

6/21 Steady

Varm up
Check pt
6/22 Check pt

6/22 Steady

Varm up




RN LIST - 15 DEG SWEEP

Angle Pitch Rate
! Mach Vaveform Range or Red Fr. Run.Pt Date Remarks
0.2 Ramp 0-10 A=-.0010 41.55 7/5 Attached Ramp
A=,0050 41.56
A=.0100 41.49
A=,0200 41.57
4=.0200 45.05 7/11 Spline Coupling
0.2 Ramp 02430 A=.0010 41.58 7/5 Large Amplitude Ramp
A=.0025 41.59
A=.0050 41.60
A=,0100 41.61
A=.0100 45,06 7/11 Spline Coupling
A=,0200 45.07
0.2 Sine 6+6 k=,025 41.34 7/5 Attached Sine
k=.050 41,35
k=.100 41.36
0.2 Sine 8+6 k=.100 41.37 7/5 Sine Mean Angle Sveep
1046 41,38
1246 41.39
' 1446 41.40
1636 41.41
: 1846 41.42
. 2016 41,43
2246 41.44
2416 41.45
2 ine 10310  k=.025 41.62 7/5 Large Amplitude Sines
k=.050 41.65
k=.100 42.03 7/6
k=.150 42.05
0.2 Sine 20:10 k=.025 41.63  7/5
%=, 050 41.64
k=.100 42.04  7/6
k=.150 42.06
0.3 Ramp 0210 A=.0050 42.30 7/6 Attached Flow Ramp
0.3 Ramp 0430 A=.0010 42.31 7/6 Large Amplitude Ramps
A=,0025 42.32
A=.0050 42.33
A=,0100 42.34
A=.0100 45.08 7/11 Spline Coupling
A=,0200 45.09
0.3 Sine 10210 k=.025 42.36 7/€¢ Large Amplitude Sines
k«.050 42.38
k=.100 42.40
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RUN LIST - 15 DEG SWEEP

- Angle Pitch Rate
Mach Waveform Range or Red Fr. Run.Pt Date Remarks

- 0.3 Sine 20£10 k=.025 42.37 7/6
k=.050 42.39
k=.100 42.41
0.4 Ramp 0210 A=.0050 42.68 7/6 Attached Flow Ramp
0.4 Ramp 0220 A=.0010 42.69 7/6 Large Ampl Ramp
A=,0025 43.03 7/9
A=.0050 43.04
A=.0100 43.05
A=.,0100 45.10 7/11 Spline Coupling
0.4 Sine 616 k=.050 42.59 7/6 Sine Sweep
1016 42.60
1246 42.61
1446 42.62
16+6 42.63
0.4 Sine 6+6 k=.100 42,64 7/6 Sine Sweep
1046 42.65
1246 42.66
0.4 Sine 10410 k=.025 43.06 7/9 Large Ampl Sine
k=.050 43,07
. k=.075 43.08
0.5 Ramp 0+ 8 A=.0050 44,03 7/10 Attached Ramp
0.5 Ramp 0+16 A=.0010 44.04 7/10 Large Ramp
A=.0025 44,05
A=.0050 44,06
0.5 Sine 4+4  k=.025 43.45 7/9 Attached Sine
k=.050 43,49
k=.075 43.53
0.5 Sine 6+6 k=.025 43.46 7/9 Sine sveep
B+6 43.47
10+6 43.48
. 0.5 Sine 6+6 k=.050 43.50 7/9 Sine swveep
Bs6 43,51
1046 43.52
- (0.5 Sine 6+6 k=.075 43.54 7/9 Sine Sveep
816 43.55

1046 43.56




RUN LIST - 15 DEG SVWEEP

Angle Pitch Rate
Mach Waveform Range or Red Fr. Run.Pt Date Remarks
0.6 Ramp 0210 A-=.0010 44.28 7/10 Large Ramp
0212 A=.0012 44,29
0412 A«.0025 44,30
0412 A=.0050 44.31
0.6 Sine byl k=.025 44,20 7/10 Sines
545 44.21
646 44.22
0.6 Sine byl k=.050 44.23 7/10 Sines
545 44,25
0.6 Sine b4ad k=.075 44,26 7/10 Sines
515 44,27
0.2 Ramp 0-30 A=.0010 46.03 7/12 Square Tip Ramp
A=,0050 46.04
A=.0100 46.06
A=.0200 46.07
0.2 S$ine 10210 k=.050 46.08 Square Tip Sine
20410 k=.050 46.09
10+£10 k=.100 46.10
204+10 k=.100 46.11
0.4 Ramp 0420 A=.0050 46.12 Square Tip Ramp
0.4 Sine 10410 k=.050 46.17 Square Tip Sine
0.4 Sine 646 k=.050 46.13 Square Tip Sine Sweep
1246 46,14
1446 46.15
1616 46.16
0.2 Sine 10:1 k=.20 43.20 7/9 Incipient Swveep-10Hz
1241 43.21
1441 43.22
1541 43.23
1641 43,24
1741 43.25
1841 43.26
1911 43.27
2011 43.28
2211 43.29

43.30




RUN LIST - 15 DEG SWEEP

Mach Waveform

Angle Pitch Rate
Range or Red Fr. Run.Pt

Date Remarks

. 0.4

0.2 Steady

0.3  Steady

10£1  k=.075 43.09
1141 43.10
1241 43.11
13#1 43.12
l4s1 43.13
1541 43.14
16+1 43.15
1741 43.16
1841 43.17
1941 43.18

0 41,08
41.09
41.10
41.11
41.12
41.13
41.14
41.15
41.16
41.17
41.18
41.19
41.20
41.21
41.22
41.23
41.24
41.25
41.26
41.27
41.28
41.29
41.30
41.31
41.32
41.53

e o« & » @

OO CHORE OROOOOROROOAOPOOROONIR OO O

LRI NI A RS NI RO RO NI B bt b e b b b ped e b

NOAUVMPWNNORADNO DNOCONA NP WEREEHOOUNOOTAUDLNNONA(AENC

¢« o o * e

0. 42.07
42.08
42.09
42.10
42.11
42.12
42.13
42'1.!'
42.15
42.16
42.17
42.18

-

O o = gy S
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7/9 Incipient at 7.5Hz

7/5 Steady Sweep

7/6  Steady Sweep




RUN LIST - 15 DEG SWEEP

Mach Vaveform

Angle Pitch Rate
Range or Red Fr. Run.Pt

Date

Remarks

0.3 Steady

0.4 Steady

0.5 Steady

18.0 42.19
19.0 42,20
20.0 42.21
21.0 42.22
22.0 42.23
23.0 42.24
24.0 42.25
26.0 42.26
42.27
42.28

W N

0 42.43
42.44
42.45
42.46
42.47
42.48
42.49
42.50
42.51
42.52
42.53
42.54
42.55
42.56
42.57
42.58

B S S e e s
FAUMEHBE OO OVIRDNG CODDNOULSWNRPODOASTNG OO
. . . . . s e . e e e el

43.32
43.33
43,34
43.35
43.36
43,37
43.38
43,39
43,40
43.41
43.42
43.43
43.44

a e . o e o

OO OO OORNEHOND 0000000000000 OO

1
1
1
1
1
1
1

776

1/9

Steady Sweep

Steady




RUN LIST - 15 DEG SWEEP

Angle Pitch Rate
Mach Waveform Range or Red Fr. Run.Pt Date Remarks

- 0.6 Steady 0 44,08 7/10 Steady
44.09
44.10
44.11
44.12
44.18
44,14
44.15
44.16

44.17

bt =t OO0 OO OO

s o s *

R OXOANESNO

1
1
1




RUN LIST - 30 DEG SWEEP

Angle Pitch Rate
Mach Waveform Range or Red Fr. Run.Pt Date Remarks

0.2 Sine 646 k=.025 47.32 7/18 Attached Sine
k=.050 47.33
k=.100 47,34
k=,150 47.35
0.2 Sine 846 ke.050 47.36  7/18 Sine Mean Angle Sweep
1016 47,37
1246 47.38
1446 47.39
1646 47,40
1816 47.41
2016 47.42
2246 47.43
2446 47.44
0.2 Sine 816 k=.100 47.45 7/18 Sine Mean Angle Swveep
1046 47,46
1246 47.47
1446 47.48
1646 47,49
1846 47.50
2046 47.51
2246 47.52
2416 47.53
0.2 Sine 846  k=.150 48.37 7/19 Sine Mean Angle Sweep
1046 48,38
1246 48,39
1446 48.40
1616 48.41
1846 48.42
2046 48,43
2246 48,44
2416 48,45
0.2 Ramp 0-10 A-.0010 47.55 7/18 Attached Ramp
A=,0050 47,56
A=.0100 47.57
A=.0100 55.03 7/30 Spline Coupling
A=,0200 55.04
(1.2 Ramp 0+30 A=.0010 47.59 7/18 Large Amplitude Ramp
A=,0025 47.60
A=,0050 48,03 7/19
A=.0100 48.04
A=.0100 55.05 7/30 Spline Coupling
A=.0200 55.06

A=.0250 55.07




RUN LIST - 30 DEG SVEEP

Angle Pitch Rate

" Mach Waveform Range or Red Fr. Run.Pt Date Remarks
- 0.2 Ramp 10920 A=.0050 48.05 7/19 Vary Ramp Range
12422 48.06
1424 48.07
1626 48.09
1828 48.10
0.” Sine 10410 k=.025 48.11 7/19 Large Amplitude Sines
k=.050 48.13
k=.100 48.15
k=.150 48.17
0.2 Sine 20410 k=.025 48.12
k=.050 48.14
k=.100 48.16
k=.150 48.18
0.3 Ramp 0210 A=.0050 49.27 7/20 Attached Flow Ramp
0.3 Ramp 0230 A=.0010 49,28 7/20 Large Amplitude Ramps
A=.0025 49.29
A=,0050 49.30
- A=.0100 49.31
A=.0200 55.08 7/30 Spline Coupling
0.3 Sine 10410 k=.025 49.32 7/20 Large Amplitude Sines
k=.050 49.34
k=.100 49.37
0.3 Sine 20+10 k=.025 49.33
k=.050 49.35
k=.100 49,38
0.3 Sine 9+¢8 k=.110 (BHz) 49.39 7/20 SA 1976/86 Repeat
1248 k=.055 (4Hz) 49.40
0.4 Ramp 0+10 A-.0050 49.59 7/20 Attached ramp
0.4 Ramp 0+20 A=.0010 49.60 7/20 Large Ampl Ramp
A=.,0025 50.03 7/21
AE-OOSO 50-0&
A=.0050 55.11 7/30 Spline Coupling
. A=.0100 55.12
0.4 Sine 6+6  k=.025 50.05 7/21 Sine Sweep
1046 50.06
. 12+6 50.07
1446 50.08

1646 50.09




.40

RUN LIST - 30 DEG SWEEP
Angle Pitch Rate
Mach Vaveform Range or Red Fr. Run.Pt Date Remarks
0.4 Sine 626  k=.050 50.10 7/21 Sine Sweep
10+6 50.11
1246 50.12
1446 50.13
1646 50.14
0.4 Sine 636 k=.075 50.16 7/21 Sine Sweep
1046 50.17
1246 50.18
1446 50.19
0.4 Sine 6+6 k=.100 50,20 7/21 Sine Sweep
1016 50.21,50.23
1246 50.24
1416 50.25
0.4 Sine 10410 k=.025 50.26 7/21 Large Ampl Sine
k=.050 50.27
k=.075 50.28
0.5 Ramp 048 A=.0050 51.20 7/24 Attached Ramp
0.5 Ramp 0-18 A=.0010 51.21 7/24 Large Ramp
A=.0025 51.23
A=.0050 51.24
A=,0100 55.13 7/30 Spline Coupling .
0.5 Sine 444 k=.025 51.25 7/24 Attached Sine
k=.050 51.30
k=.075 51.36
0.5 Sine 646  k=.025 51.26 7/24 Sine sweep
B+6 51,27
1046 51.28
1246 51,29
0.5 Sine 6+6 k=.050 51.31 7/24 Sine gveep
846 51.32
1046 51.33
1246 51.34
0.5 Sine 646 k=.075 51.37 7/24 Sine Sveep
846 51.38
1046 51.39




RUN LIST - 30 DEG SVEEP

Angle Pitch Rate
Mach Waveform Range or Red Fr. Run.Pt Date Rem. rks
0.6 Sine LFYA k=.025 53.17 7/26 Moderute Amplitude Sines
545 53.18
6+6 53.19
7+6 53.2¢C
816 53.21
0.6 Sine 414 k=.050 53.22 7/26 Moderate Amplitude Sines
545 53.23
6+6 53,24
746 53.25
846 53.26
by k=.075 53.28 7/2% Moderate Amplitude Sines
55 53.29
6+6 53.30
0.6 Ramp 0-12 A=.0010 54.02 7/27 Large Ramp
0-+12 A=.0025 54.04
0+13.5 A=.0025 54.05
0-13.5 A=.0050 54.06
0.2 Ramp 0230 A=.0010 55.15 7/30 Square Tip Ramp
A=, 0050 55.16
A=.0100 55.17
A=.0200 56.03 7/31
0.2 Sine 10:10 k=.050 56.04 7/31 Square Tip Sine
20410 k=.050 56.05
10+10 k=.100 56.06
20110 k=.100 56.07
0.4 Ramp 0220 A=.0050 56.09 7/31 Square Tip Ramp
0.4 Sine 6+6  k=.050 56.11 7/31 Square Tip Sine




RUN LIST - 30 DEG SWEEP

Angle Pitch Rate

Mach VWaveform Range or Red Fr. Run.Pt Date Remarks
———————————— Incipient Stall Runs—-~~-—-— e
0.2 Sine 10+1  k=.20 48.20 7/19 1.0 deg at 10Hz

1241 48.21
1441 48,22
1641 48.23
1741 48.24
17.521 4B.34
1811 48.25
18.5¢1 48.35
19:1 48.26
19.5+1 48.36
2011 48,27
2111 48.28
2211 48.29
2411 48.30
26+1 48.31
28+1 48.32
0.2 Sine 1242 k=.20 52.11 7/25 2.0 deg at 10Hz
1442 52.12
1642 52.13
16.5+2 52,19
1742 52.14
1842 52.15
1942 52.16
2042 52.17
2242 52.18
0,2 Sine 12+.5 k=.20 52.20 7/25 0.5 deg at 10Hz
141.5 52.21
16+.5 52.22
17+.5 52.23
17.54.5 52.24
18+.5 52.25
18.5:.5 52.26
194.5 52.27
20¢.5 52.28
0.2 Sine 16+.5 k=.10 52.30  7/25 0.5 deg at 5Hz
18+.5 52.31
20+.5 52.32
0.2 Sine 1641  k=.10 52.33 7/25 1.0 deg at 5Hz
1811 52.34
2011 52.35
0.2 Sine 16312 k=«.10 52.36 7/25 2.0 deg at 5Hz
1842 52.37

2042




RUN LIST - 30 DEG SWEEP

Angle Pitch Rate

Mach Waveform Range or Red Fr. Run.Pt Date Remarks
- 0.2 Sine 164.5 k=.3 52.39 7/25 0.5 deg at 15Hz
18+.5 52.40
20+.5 52.41
0.2 Sine 1631 k=.3 52.43 7/25 1.0 deg at 15Hz
1741 52.49
17.5:1 52.52
1841 52.44
18.5:+1 52.51
191 52.50
2041 52.45
0.2 Sine 1642 k=.3 52.46 7/25 2.0 deg at 15Hz
1842 52.47
2042 52.48
(.2 Sine 16+.5 k=.5 52.54 7/25 0.5 deg at 25Hz
1845 52,55
20+.5 52.56
0.2 Sine 161  k=.5 52.57 7/25 1.0 deg at 25Hz
1741 52.58
181 52.59
1941 52.60
. 2041 52.61
0.2 Sine 1642 k=.5 52,62 7/25 2.0 deg at 25Hz
1842 52.63
2042 52.64
0.2 Sine 16+.5 k=.6 52.66 7/25 0.5 deg at 30Hz
17+.5 52.70
18+.5 52.67
19+.5 52.69
20+.5 52.68
0.2 Sine 16+1 k=.6 52.71 7/25 1.0 deg at 30Hz
1741 52.72
18+1 52.73
19+1 52.74
20+1 52.75
2141 52.76
) 2211 52.77

2311 52.78




RUN LIST - 30 DEG SWEEP

Angle Pitch Rate
Mach Waveform Range or Red Fr. Run.Pt Date Remarks

0.4 Sine 10+1  k=.1 50.30 7/21 1.0 deg at 10Hz
1111 50.31
1241 50.32
1341 50.33
1441 50.34
1511 50.35
1641 50.36
17:1 50.37
1811 50.38
191 50.39
20+1 50.40
0.4 Sine 12+4.5 k=.1 51.48 7/24 0.5 deg at 10Hz
13+.5 51.42
144.5 51.43
15+.5 51.44
16:.5 51.45
17+.5 51.46
18+.5 51.47
0.4 Sine 13:+2  k=.1 51.49 7/24 2.0 deg at 10Hz
1542 51.50
1742 51.51
(i.4 Sine 13+.5 k=.25 52.02 7/25 0.5 deg at 25Hz
154+.5 52.03
17+.5 52.04
1341 52.05 7/25 1.0 deg at 25Hz
1541 52.06
1741 52.07
0.4 Sine 1342 K=.25 52.09 7/25 2.0 deg at 25Hz
1542
0.6 Sine 6+.5 k=.1 54.08 7/27 0.5 deg at 15Hz
8+.5 54.09
9+.5 54.10
10+.5 54.11
11+.5 54.12
12+4.5 54.14
13:+.5 54.15
0.6 Sine 6+1 k=.1 54.17 7/27 1.0 deg at 15Hz
741 54,18
B:l 54.19
9:1 54,20
10:1 54.21
11:1 54,22
1241 54.23
1341 54,27

60




RUN LIST -

30 DEG SWEEP

Angle Pitch Rate

Range or Red Fr. Run.Pt Date Remarks
6+2  k=.1 54.24 7/27 2.0deg at 15Hz
B+2 54.25

1042 54.26
6+.5 k=.2 54.29 7/27 0.5 deg at 30Hz
B+.5 54.30

10+.5 54.31

11+.5 54.32

124+.5 54.33

13+.5 54.34
6+l  ke.2 54.35 7/27 1.0 deg at 30Hz
741 54,36
B+l 54.37

9+1 54,38

1041 54.39

1141 54.40

12+1 54.41




RUN LIST - 30 DEG SWEEP

: Angle Pitch Rate
Mach Waveform Range or Red Fr. Run.Pt Date Remarks

——

0.2 Steady 47.07 7/1B  Steady Sweep
47.08
47.09
47.10
47.11
47.12
47.13
47.14
47.15
47.16
47.17
47.18
47.19
47.20
47.21
47.22
47.23
47.24
47.25
47.26
47.27
47.28
47.29
47.30
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0.3 Steady 49.03 7/20 Steady Swveep
49.04
49.05
49.06
49.07
49.08
49.09
49,10
49.11
49.12
49.13
49.14
49.15
49.16
49.17
49.18
49.19
49,20
49.21
49.22
49.23
49,24
30.0 49,25
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RUN LIST -

30 DEG SWEEP

Mach Vaveform

Angle Pitch Rate

Range or Red Fr. Run.

Pt Date Remarks

- 0.4 Steady

0.5 Steady

0.6 Steady

.

VO NO OO CRHOD OO0V OOODOD CO00COOCVVONODO®OO
wn
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1
1
1
1
1
1

.42 7/20 Steady Sweep
.43
44
.45
46
47
.48
.49
.50
.51
.52
.53
.54
.55
.56
.57

.03 7/24 Steady Sweep
.04
.05
.06
.07
.09
.10
.11
.12
.13
.14
.15
.16
.17
.18

.03  7/26 Steady
.04
.05
.06
.07
.08
.09
.10
.11
.12
.13
.14
.15




RUN LIST - 30 DEG SWEEP

Mach

Yavelorm

Angle Pitch Rate

Range or Red Fr. Run.Pt Date Remarks

0.2

0.4

().6

Steady

Steady

Steady

4 7/19 Steady Surface 0il Flow
10

16

22

28

6 7/31 Steady Surface 0il Flow
12

15

18

5 7/31 Steady Surface 0il Flow

64




RUN LIST - 1986 2D TEST (0O SWEEP)

Angle Pitch Rate
Mach Waveform Range or Red Fr. Run.Pt Date Remarks

) 0.2 Steady 0 06.01-.18 6/17 Steady Swveep
0.2 Sine 545 k=.025 17.04 6/23 Station 04 Only
0.2 Sine 10410 .025 17.05 6/23 Sta 04
.050 17.06
.100 17.07
0.2 Sine 20410 025 18.01 6/23 Sta 04
: .050 18.02 Sta 04,12,20, Hot Films
.100 19.01 6/24 Sta 04
0.2 Ramp 0420 A=.0010 07.03 6/17 5ta 04
.0010 08.01 6/18 Sta 04, +Unavg. Data
.0025 08.02 Sta 04
.0050 08.03
.0100 08.04
0.2 Ramp 010 A=.0010 07.01 6/17 Sta 04
.0025 08.07 6/18 Sta 04, Unavg
.0050 08.05
.0050 13.01 6/20 Sta 04,12,20, HF, Unavg
.0100 08.06 6/18 Sta 04
. 0.2 Down Ramp 20410 A=.0010 17.02 6/23 Sta 04,12,20, HF, Unavg
.0100 17.03
0.2 Ramp 0+30 A=.0010 09.04 6/18 Sta 04
.0010 10.02 6/19 Sta 04,12,20, HF, Unavg
.0025 09.05 6/18 Sta 04,12,20
.0050 09.06
.0050 10.01 6/19 Sta 04,12,20, HF, Unavg
.0100 09.07 6/18 Sta 04,12,20, Unavg
.0200 15.02 6/23 Sta 04,12,20, HF
0.2 Down Ramp 3040 A=.0010 13.02 6/20 Sta 04,12,20, HF, Unavg
.0050 15.01 6/23
0.2 Ramp 1424 A=.0010 11.03  6/19 Sta 04,12,20, HF, Unavg
.0050 12.04 Sta 04
.0100 17.01  6/23
) 0.2 Ramp 12422 .0010 15.03 6/23 Sta 04
.0050 11.04 6/19 5Sta 04,12,20, HF, Unavg
.0100 16.02 6/23 Sta 04

65




RUN LIST - 1986 2D TEST (O SWEEP)

Angle Pitch Rate

Mach Vaveform Range or Red Fr. Run.Pt Date Remarks
0.3 Sine 1248  k=.054(4Hz) 22.01 6/24 Sta 04
9+8 .110(8Hz) 22.02
0.3 Ramp 0420 A=.0050 22.03  6/24 Sta 04
0230 A=.0100 22,04
0.4 Ramp 010 A=.0010 19.02 6/24 Sta 04
.0050 19,03
0.4 Ramp 0420  A=.0025 21.02  6/24 Sta 04
.0050 21.01
.0100 21.03

0.4 Down Ramp 200 A=.0100 21.04 6/24 ©Sta 04




APPENDIX II1IX
DOCUMENTATION OF THE EXPERIMENTAL DATA BASE

Ensemble Averaged Data Files

The primary data set consists of files (one per test condition) containing
wind tunnel and model operating conditions and time histories of the ensemble
averaged pressures, hot film signals, integrated section force and moment
coefficients, and other time-dependent parameters. The initial lines of such a
file are shown in Table III-1. Wind tunnel operating conditions are based upon
an approximately 20 second average.

The unsteady measurements included in each file are listed in Table III-2.
Each ensemble average contains 1024 samples. This corresponds to one period for
sinusoidal motion, and the positive pitch rate portion for ramp motions.
Steaay-state data are provided in ’'quasi-steady’ files, with each sample
corresponding to the time average of the results at the specified a. The first
112 measurements are from the wing pressure transducers. Each transducer is
identified by an engineering names ('ENAME’) of the form 'CPKnnSmm’' (Coefficient
of Pressure, Kulite, at spanvise station nn, Suction (or Pressure) surface
chordwise station mm). As shown in Table III-1, the spanvise (z/¢ from the wing
tip) and chordwise (x/c from the leading edge) positions are also provided.
Thermal corrections and zero shift adjustments have been applied. Pressure
measurements that have been further corrected by interpolation between
neighboring stations are identified by the notation ’'INTERP ALL’, 'INTERP MEAN’,
or 'INTERP UNST’ depending on whether the entire signal, only the time average,
or only the unsteady portion have been interpolated.

The next 16 time histories in each file are the hot film gage output
voltages, identified by ’'SFGnnSmm’ (Skin Friction Gage at spanwise position nn
and chordwise position mm), The data are in the form of unscaled DC voltage
levels. Section 1ift, pressure drag, and moment coefficient time histories
follov. The ENAMES are of the form ’'Cxnn’ (Coefficient in x direction -

Lift, Drag, Moment - at spanvise station nn). The remaining time histories are
for the additional instrumentation, identified in Table 5 of the report.

Data Tape Format

Ensemble averaged data files are supplied on ASCII-formatted magnetic
tapes. Each record is B0 Bytes long and corresponds to one line in Table III-1.
The data file for each test condition is 19661 records (1.6 MB) in length.

Seven 6250 BPI tapes contain the complete set of 607 unsteady and 15 quasi-
steady test conditions (the steady-state data at the same sveep angle and Mach
number have been collected into common files as functions of w), a total of 1.04
GB. The tapes are grouped into steady-state data, ramp motions, large amplitude
sinusoidal motions, and small amplitude sinusoidal motions. The conditions on
each tape are listed in Table III-3. A FORTRAN program 'READASCO’ is supplied
with the data files. This program was written in FORTRAN-77 on a Perkin Elmer
computer, but it has also been successfully run on a Digital Equipment
Corporation VAX using the VMS operating system. The utility ‘ETAPE’ is the




preferred means to read the data tapes into a VAX system, but any utility
capable of reading unlabelled ASCII tapes should work. Note that the number of
number of records (bytes) per block is longer than the default value on most
systems, and must be reset. The READASCO program reads a formatted ASCII data
file and places the data into a series of common areas. It may be used by
itself to verify that the data has been read in correctly. converted to an input
subroutine, or used as a model for writing a specialized program. More
extensive documentation on the data files is included as comments in this
program.

Data From 1986 2D Test .

An eighth data tape contains results from the 1986 test of the 2D version
of the model (Refs. 20-21 of the report). This tape contalns steady-state data
at M = 0.2, and unsteady sinusoidal and ramp data at M= 0.2, 0.3, and 0.4. A
run Iist of the 45 conditions is included in Appendix 1f. These files can also
be read using READASCO, but the unsteady parameters differ from the 3D files.
Some 2D files contain only pressures at station 04 (z/c = 0.59 on the 3D model),
vhile other also have pressure data at stations 12 and 20 (z/c = 1.06 and 1.52
on the 3D model), and/or hot film data at station 06. (The station numbers are
in inches, referenced to the end of the maip instrumented panel.) There is no
reliable steady data at M_ = 0.3 and 0.4, and the overall confidence level in
the 2D data is somewhat léwer than in the more recent 3D data. For example, the
noticeable difference between the values of CL(a=0) at MC = 0.2 and 0.4 may
represent calibration shifts in the o sensor.

Unaveraged and Down Ramp Data

The complete set of 20 to 40 cycles of unaveraged digital data for each
test condition has been archived as binary Perkin Elmer format tapes. The
complete set of 60 tapes contains approximately 8 GB of binary integer and
floating point data. If necessary, unaveraged ASCII data tapes can be produced .
for selected conditions. The format would be similar to that used for ensemble
averaged tapes. Ensembled averaged data for the negative pitch rate portions of
the ramp conditions are also available, but have not been included in the basic
data set. Down ramp and unaveraged data for the 1986 2D experiment exist only
for those conditions indentified in Appendix II.

Summary Test Conditions

The set of conditions listed in Table III-4 are proposed to provide a
summary of the results. These conditions emphasize the effects of the primary
independent variables (A, Mc, A, k, a,, o,), and provide and an overviewv of the
data. These conditions are available as a single ASCII data tape (identified in
Table III-3).




TABLE III-1.
EXAMPLE OF DATA FILE

Khkkhkdkkkkkhkikhkhkhkhkhhkkhhhkkkkhkhkhkhhhhkhdrhkhhkkhhhkhkhkkhhhdhhhhhhhhhkhhkhkhhhkkhihhkhkhkhihhhk

UTRC OSCILLATING VING DATA
*dchkdedhdokdkddekdodhdok ik hkk ko dkk Rk khdokddddoddokokddkdkdod ko hdk ke deddodokdeokkddiokdokdkokkk ok

RUN 32.48 DATE 06/18/90 15:19:54

PART SPAN MODEL WITH SSCA09  AIRFOIL AT 0. DEG SVWEEP

P TOTAL 2093.2PSF P STATIC 1964.7PSF Q DYNAMIC 125.65PSF

T TOTAL B87.6F T STATIC 77.8F RHO STATIC 0.002115SLG/FT3
DEWPOINT 58.5F  SOUND SPD 1139.7FPS WING CHORD 1.441FT
TUNNEL SPD 344,7FPS MACH # 0.302

CHRD SPEED 344.7FPS CHRD MACH 0.302 REYNOLDS # 3040101.

RAMP FROM 0.00 TO 30.00 DEG

RAMP PERIOD= 0.05464SEC, PITCH UP RATE= 0.0200
MEAS. MEAN ANGLE= 15.00 MIN= 0.02 MAX= 30.61 INIT=
#SPAN STA= 5 #PRS XDCRS=112 $HT FILMS= 16 #0THER= 6
FhdAd kA kAR Rk A ket Aok e dode e ook e s ddk A A kb ok s kb dek A Rk R ke A d ok gtk ok e A sk ok ek ok ek

ENSEMBLE AVERAGED OSCILLATING WING DATA

0.06 FIN= 29.82

SAMPLES/REV 1024 REV/ENSEMBLE 20 TIME SHIFT -0.121826
ALPHA (DEG)
0.02073 0.06721 0.05552 0.05432 0.05732 0.05822 0.05972 0.03972
0.05702 0.05732 0.06062 0.06002 0.05642 0.05912 0.06212 0.05912
0.05672 0.05882 0.06152 0.06122 0.06062 0.06002 0.05972 0.06272
0.06182 0.06572 0.06212 0.06092 0.06392 0.06122 0.06422 0.05972
30.48630 30.49802 30.50429 30.51479 30.52290 30.53250 30.54269 30.55139

30.56007 30.56638 30.57657 30.58287 30.59248 30.59877 30.60837 30.61256
ok ke ek d KAk Ak kA e de ek ek e ke ok e ok ke ek ook dedk ok ok ok ok ok ek ok ek ek ek ok ok

CPKO4S1
¥ / CHORD 0.005 SPANWISE 2/C 0.59
0.54352 0.54513  0.54447 0.54459 0.54507 0.54459 0.54340 0.54352
0.54429  0.54483  0.54418 0.54400 0.54406 0.54477 0.54489  0,54435
0.54560 0.54495 0.54477 0.54578 0.54519 0.54519  0.54578

0.54477

—1.66701 -1.04647 -1.05701 -~1.06552 -1.06826 -1.05957 -1.06927 -1.06665

-1.06379 -1.06873 -1.04510 -1.05522 -1.06481 -1.04599 -1.04665 -1.04010
% e % Kk A e A e e e v e e e g e e v v e sk e o e e e vk e v g ek ok vk vk ok A ke T ok o e ok e Ik e vk e ke e o e e ok e ke ok e e e e ok e sk vk de ok e ke e ke e ik
CPRO4S2
X / CHORD 0.0256022 SPANWISE 2/C 0.59

-0.15138 -0.14964 -0.15138 -0.15242 -0.15200 -0.15124 -0.15221 -0.15214

-0.15186 -0.15269 -0.15207 -0.15228 -0.15221 -0.15290 -0.15269 -0.15117

~0.15200 -~0.15242 -0.15131 -0.15165 -0.15193 -0.15158 -0.15152

-0.15165

69



TABLE IIXI-2.
UNSTEADY MEASUREMENTS CONTAINED IN DATA FILES

ALPHA E 1 (o)

CPKO4S1 CPKO4S2 CPKO4S3 CPRO4S4 CPKO4S5 CPKO4S6
CPKO4S7 CPK04S8 CPKO4S9 CPKO04S10 CPKO4S11 CPKO4S12
CPK04S13 CPK04S14 CPK04S15 CPKO4S16 CPKO4S17 CPK04518
CPKO4P1 CPKO4P2 CPKO4P3 CPKO4P4 CPRO4PS CPKO4P6
CPKO4PT7 CPKO4P8 CPKO4P9 CPKO4P10 CPKO4P11 CPK04P12
CPRO4P13 CPKO4P14 CPKO4P15 CPKO4P16 CPKO4P17 CPKO4P18
CPKR45S1 CPK45S2 CPK45S3 CPR45S4 CPK12§1 CPK12S82
CPK12S3 CPK12S4 CPK12S5 CPK12S6 CPK12S7 CPK1258
CPK12S9 CPK12510 CPK12P1 CPK12P2 CPK12P3 CPK12P4
CPK12P5 CPK12P6 CPK20S1 CPK20S2 CPK20S3 CPK2054
CPK20S5 - CPK20S6 CPK20S7 CPK20S8 CPK20S9 CPK20S10
CPK20P1 CPK20P2 CPK20P3 CPK20P4 CPK20P5 CPK20P6
CPKT1S1 CPKT1S2 CPKT1S3 CPKT1S4 CPKT1S5 CPKT156
CPKT1S7 CPKT1S8 CPKT1S9 CPKT1$10 CPKT1S11 CPKT1512
CPKT1513 CPKT1S14 CPKT1P1 CPKT1P2 CPKT1P3 CPKT1P4
CPKT1P5 CPKT1P6 CPKT2S1 CPKT252 CPKT2S3 CPKT2S4
CPKT255 CPKT2S6 CPKT2S7 CPKT2S8 CPKT2S9 CPKT2510
CPKT2S11 CPKT2S12 CPKT2S513 CPKT2514 CPKT2P1 CPKT2P2
CPKT2P3 CPKT2P4 CPKT2PS CPKT2P6 SFG06S1 SFGO6S2
SFGO6S3 SFG06S4 SFGO6S5 SFGO6S6 SFGO6S7 SFGO6S8
SFGT1S1 SFGT1S2 SPGT1S3 SFGT1S4 SFGT2S1 SFGT2S2
SFGT2S3 SFGT2S4 STR BEND 1 STR_TORS 1 STR BEND 2  MODEL Q_1
TUNL_TOTAL  TUNL_STATIC CLTI cDT1 CMTT CLT2
CDT2 CMT2 CLO4 CDO4 CMO4 CL12
CD12 CM12 CL20 D20 CM20




TABLE II1-3.
DIRECTORY OF DATA TAPES

Tape 1: Steady-State, A = 0, 15° Ramps, A = 30° Ramps at M_ = 0.2 and 0.3

ASCOPYR1.CMD, READASCO.FTN, ¢

90.02, 90.03, 90.04, 90.05, 90.06 (Steady A = 0 at M_ = 0.2,...0.6)
- 91.02, 91,03, 91.04, 91.05, 91.06 (Steady A =15 at M_ = 0.2,...0.6)

92.02, 92.03, 92.04, 92.05, 92.06 (Steady A =30 at M = 0.2,...0.6)

1.23, 31.24, 31.25, 31.26, 31.27, 31.36, 31.37, 31.38, 31.39, 35.43, 39.34,

. 39.35, 39.36, 39.37, 39.38, 32.42, 33.18, 32.43, 32.44, 32.46, 32.47, 32.48,
33.52, 33.53, 33.54, 33.55, 33.56, 33.57, 34.11, 34.12, 34.44, 35,05, 35.06,
35.07, 35.08, 35.09, 35.30, 35.31, 35.32, 41.55, 41.56, 41.49, 41.57, 45.05,
41.58, 41,59, 41.60, 41.61, 45,06, 45.07, 42.30, 42.31, 42.32, 42.33, 42.34,
45,08, 45.09, 42.68, 42.69, 43.03, 43.04, 43.05, 45.10, 44.03, 44.04, 44.05,
44.06, 44.28, 44,29, 44.30, 44.31, 47.55, 47.56, 47.57, 55.03, 55.04, 47.59,
47.60, 48.03, 48.04, 55.05, 55.06, 55.07, 48.05, 48.06, 4B.08, 48.09, 48.10,
49.27, 49.28, 49.29, 49.30, 49.31, 55.08 (109 Data Files)

Tape 2: A = 30° Ramps at Mc = 0.4, 0.5, 0.6, A = 0 S5inusoids

ASCOPYR2.CMD, READASCO.FTN,

49.59, 49.60, 50.03, 50.04, 55.11, 55.12, 51.20, 51,21, 51.23, 51.24, 55.13,
54.02, 54.05, 54.05, 54.06, 31.41, 35.35, 31.42, 35.36, 35.37, 35.38, 35.39,
35.40, 35.41, 35.42, 31.43, 31.44, 31.45, 31.46, 31.47, 31.48, 31.49, 31.50,
31.51, 32.09, 32.11, 32.13, 32.15, 32.10, 32.12, 32.14, 32.16, 32.49, 33.09,
33.11, 33.13, 33.10, 33.12, 33.14, 33.16, 33.17, 33.44, 33.45, 33.46, 33.47,
23.48, 33.49, 33.50, 33.51, 39.03, 39.04, 39.05, 34.04, 34.05, 34.06, 34.32,
34.36, 34.40, 34,33, 34.34, 34.35, 34.37, 34.38, 34.39, 34.41, 34.42, 34.43,
35.21, 35.22, 35.23, 35.26, 35.27, 35.28, 35.29, 37.03, 37.04, 37.05, 37.0e,
37.07, 37.08 (90 Data Files)

Tape 3: A = 15 Sinusoids, A = 30° Sinusoids at M_ = 0,2, 0.3, 0.4
ASCOPYR3.CMD, READASCO.FIN, ¢

41.34, 41.35, 41.36, 41.37, 41.38, 41.39, 41.40, 41.41, 41.42, 41.43, 41.44,
41.45, 41.62, 41.65, 42.03, 42.05, 41.63, 41.64, 42.04, 42.06, 42.36, 42.38,
42.40, 42.37, 42.39, 42.41, 42.59, 42.60, 42.61, 42.62, 42.63, 42.64, 42.65,
42.66, 43,06, 43.07, 43.08, 43.45, 43.49, 43.53, 43.46, 43.47, 43.48, 43.50,
43.51, 43.52, 43.54, 43.55, 43.56, 44.20, 44.21, 44.22, 44.23, 44.25, 44.26,
44.27, 48.11, 48.13, 48.15, 48.17, 48.12, 48.14, 48.16, 48.18, 49.32, 49.34,
49.37, 49.33, 49.35, 49.38, 49.39, 49.40, 50.05, 50.06, 50.07, 50.08, 50.09,
50.10, 50.11, 50.12, 50.13, 50.14, 50.16, 50.17, 50.18, 50.19, 50.20, 50.21,
50.23, 50.24, 50.25, 50.26, 50.27, 50.28 (94 Data Files)

Tape 4: A = 30° Sinusoids at MC = 0.5, 0.6, Square Tip at A = 0, 15, 30°,
Incipient Stall Flutter at A = 15°

ASCOPYR4.CMD, READASCO.FIN,

51.25, 51.30, 51.36, 51.26, 51.27, 51.28, 51.29, 51.31, 51.32, 51.33, 51.34,

51.37, 51.38, 51.39, 51.40, 53.17, 53.18, 53.19, 53.20, 53.21, 53.22, 53.23,

53.24, 53.25, 53.26, 53.28, 53.29, 53.30, 40.05, 40.03, 40.18, 40.04, 40.06,

40.07, 40.08, 40.09, 40.16, 40.15, 40.11, 40,12, 40.13, 40.14, 46.03, 46.04,

46.06, 46.07, 46.08, 46.09, 46.10, 46.11, 46.12, 46.17, 46.13, 46.14, 46.15,

46.16, 55.15, 55.16, 55.17, 56.03, 56.04, 56.05, 56.06, 56.07, 56.09, 56.11,

. 56.12, 56.13, 56.14, 56.15, 43.20, 43.21, 43,22, 43.23, 43.24, 43.25, 43.26,
43,27, 43.28, 43.29, 43.30, 43,09, 43.10, 43.11, 43.12, 43.13, 43.14, 43,15,
43,16, 43.17, 43,18 (91 Data Files)




Tape 5: Incipient Stall Flutter at A =0

ASCOPYRS.CMD, READASCO.FTN,

37.09, 37.11, 37.12, 37.13, 37.14, 37.22, 37.16, 37.17, 37.18, 37.19, 37.20,
37.21, 37.23, 37.24, 37.25, 37.55, 37.26, 37.27, 37.29, 37.30, 37.31, 37.32,
37.33, 37.34, 37.35, 37.56, 37.57, 37.58, 38.03, 38.04, 38.05, 38.06, 38.07,
38.09, 38.10, 38.11, 38.12, 38.13, 38.14, 38.15, 38.16, 38.17, 38.19, 38.20,
38.21, 38.22, 38.23, 38.24, 38.25, 38.26, 38.27, 38.35, 38.36, 38.37, 38.38,
38.39, 38.40, 3B.42, 38.43, 38.44, 38.45, 38.46, 38.47, 38.48, 38.49, 38.50,
38.55, 38.56, 38.57, 38.58, 38.51, 38.52, 38.53, 39.06, 39.07, 39.08, 39.09,
39.10, 39.11, 39.12, 39.13, 39.14, 39.17, 39.18, 39.19, 39.20, 39.21, 39.22,
39.23, 39.24, 39.25, 39.26, 39.27, 39.28, 39.29, 39,30, 39.31, 39.32

(98 Data Files) ([39.31 and 39.32 may be missing, see Tape 7|

Tape 6: Incipient Stall Flutter at A = 30° at MC = 0.2, 0.4 at k=0.1,u0=1°
ASCOPYR6.CMD, READASCO.FTN,

48.20, 4B.21, 48.22, 48.23, 4B.24, 4B.34, 48.25, 48.35, 4B.26, 48.36, 48.27,
48,28, 48.29, 4B.30, 4B.31, 48.32, 52.11, 52.12, 52.13, 52.19, 52.14, 52.15,
52.16, 52.17, 52.18, 52.20, 52.21, 52.22, 52.23, 52.24, 52.25, 52.26, 52.27,
52.28, 52.30, 52.31, 52.32, 52.33, 52.34, 52.35, 52.36, 52.37, 52.38, 52.39,
52.40, 52.41, 52.43, 52.49, 52.52, 52.44, 52.51, 52.50, 52.45, 52.46, 52.47,
52.48, 52.54, 52.55, 52.56, 52.57, 52.58, 52.59, 52.60, 52.61, 52.62, 52.63,
52.64, 52.68, 52.70, 52.67, 52.69, 52.68, 52.71, 52.72, 52.73, 52.74, 52.75,
52.76, 52.77, 52.78, 50.30, 50.31, 50.32, 50.33, 50.34, 50.35, 50.36, 50.37,
50.38, 50.39, 50.40 (91 Data Files)

Tape 7: Incipient Stall Flutter at A = 30°

ASCOPYRS5.CMD, READASCO.FTN,

51.48, 51.42, 51.43, 51.44, 51.45, 51.46, 51.47, 51.49, 51.50, 51.51, 52.02,
52.03, 52.04, 52.05, 52.06, 52.07, 52.09, 52.10, 54.08, 54.09, 54.10, 54,11,
54.12, 54.14, 54.15, 54.17, 54.18, 54.19, 54.20, 54.21, 54.22, 54.23, 54.27,
54.24, 54.25, 54.26, 54.29, 54.30, 54.31, 54.32, 54.33, 54.34, 53.35, 54.36,
54.37, 54.38, 54.39, 54.40, 54.41, 39.29, 39.30, 39.31, 39.32 (53 Data Files)

Tape 8: 2D Data from 19B6 Experiment

ASCOPYR8.CMD, READASCO.FTN

90.00, 17.04, 17.05, 17.06, 17.07, 18.01, 18.02, 19.01, 07.03, 08.01, 08.02,
08.03, 08.04, 07.01, 08.07, 08.05, 13.01, 08.06, 17.02, 17.03, 09.04, 10.02,
09.05, 09.06, 10.01, 09.07, 15.02, 13.02, 15.01, 11.03, 12.04, 17.01, 15.03,
11.04, 16,02, 22.01, 22.02, 22.03, 22.04, 19.02, 19.03, 21.02, 21.01, 21.03,
21.04 (45 Data Files)

Tape O:s Summary Tape of 3D Data
ASCOPYRO.CMD, READASCO.FTN

90.02, 90.03, 90.04, 90.05, 90.06 (Steady A = 0 at M_ = 0.2,...0.6)
91.02, 91.03, 91.04, 91.05, 91.06 (Steady A =15 at M = 0.2,...0.6)
92.02, 92.03, 92.04, 92.05, 92.06 (Steady A =30 at M° = 0.2,...0.6)
33.09, 33.10, 33.11, 33.12, 33.13, 33.14, 32.13, 32.%4, 32.15, 32.16, 34.05,

34,39, 35.27, 34.06, 34.43, 35.29, 40.09, 40.15, 42.40, 42.41, 42.03, 42.04,
43.08, 43.52, 44.25, 49.37, 49.38, 48.15, 48.18, 50.28, 51.39, 51.40, 53.29,
53.30, 32.43, 32.44, 32.46, 32.47, 32.48, 31.38, 35.43, 34.12, 33.56, 35.09,
35.32, 40.18, 40.16, 42.31, 42.32, 42.33, 45.08, 45.09, 45,10, 43.04, 44.06,
49,28, 49.29, 49.30, 49.31, 55.08, 55.05, 55.07, 55.12, 55.11, 55.13, 54.06,
55.17, 56.09, 48,20, 4B.21, 48.22, 48.23, 4B.24, 48.34, 48.25, 48.35, 48.26,
48.36, 48.27, 48.28, 48,29, 48.30, 48.31, 48.32 (99 Data Files)




TABLE III-4.
CONDITIONS ON SUMMARY TAPE

Run A Mc Type Kk o Run A Mc Type A o
80.02 0 0.2 Steady - - 32,43 0 0.3 Ramp .0010 0930
90.03 0 0.3 Steady - - 32.44 .0025

- 90.04 0 0.4 Steady - - 32.46 .0050
90.05 0 0.5 Steady -~ - 32.47 .0100
90.06 0 0.6 Steady - - 32.48 .0200

. 91.02 15 0.2 Steady - - 31.38 0 0.2 Ramp .0100 0-30
91.03 15 0.3 Steady - - 35.43 0250
91.04 15 0.4 Steady - - 34.12 0 0.4 Ramp .0100 0925
91.05 15 0.5 Steady - - 33.56 .0050
91.06 15 0.6 Steady - ~ 35.09 0 0.5 Ramp .0100 0-16
92.02 30 0.2 Steady - - 35.32 0 0.6 Ramp .0025 0210
92.03 30 0.3 Steady - - 40.18 0 0.2 R(Sqr) .0100 0-30
92.04 30 0.4 Steady - - 40.16 0 0.4 R(Sqr) .0050 0425
92.05 30 0.5 Steady - - 42.31 15 0.3 Ramp .0010 0-30
92.06 30 0.6 Steady - - 42,32 : .0025
33.09 0 0.3 Sine .025 10410 42.33 .0050
33.10 20410 45,08 .0100
33.11 .050 10110 45,09 .0200
33.12 20410 45.10 15 0.4 Ramp .0100 0920
33.13 .100 10410 43.04 .0050
33.14 20410 44.06 15 0.5 Ramp .0050 0-16
32.13 0 0.2 Sine .100 10110 49.28 30 0.3 Ramp .0010 0-30
32.14 20+10 49.29 .0025
32.15 .150 1010 49,30 .0050
32.16 20410 49,31 .0100
34,05 0 0.4 Sine .050 10410 55.08 .0200

) 34.39 0.5 10:6 55.05 30 0.2 Ramp .0100 0-30
35.27 0.6 545 55.07 .0250
34.06 0 0.4 Sine .075 10:10 55.12 30 0.4 Ramp .0100 0-20
34.43 0.5 1046 55.11 .0050
35.29 0.6 5+5 55.13 30 0.5 Ramp .0050 0218
40.09 0 0.2 Sin(SqT).100 20410 54.06 30 0.6 Ramp .0050 0-+13.5
40.15 0.4 ,050 10:10 55.17 30 0.2 R(Sqr) .0100 0-30
42.40 15 0.3 Sine .100 10410 56.09 30 0.4 R(Sqr) .0050 020
42.41 20410 48.20 30 0.2 Sine k=.20 10zl
42.03 15 0.2 Sine .100 1010 48.21 1241
42.04 20410 48.22 1441
43,08 15 0.4 Sine .075 10410 48.23 16+1
43.52 0.5 1016 48.24 17:1
44,25 0.6 545 48.34 17.5+1
49.37 30 0.3 Sine .100 10410 48.25 1811
49.38 20410 48.35 18.5+1
48.15 30 0.2 Sine .100 10410 48.26 1911
48.18 20+10 48.36 19.5.:1
50.28 30 0.4 Sine .075 10+10 48.27 2011
51.39 0.5 1046 48.28 2141
51.40 0.5 1216 48.29 2241
53.29 0.6 545 48.30 2411
53.30 0.6 6+6 48.31 26+1
48.32 2841
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APPENDIX IV
IRCIPIENT TORSIONAL STALL FLUTTER ARRODYNANIC EXPERINENTS
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ON A SVEPT THREE-DIMENSIONAL VING

Peter F, Lorber* and Franklin 0. Carta**
United Technologies Research Center
Bast Hartford, CT 06108

ABSTRACT

The aerodynamics of small amplitude pitching
motions near stall have been studied experimentally
in order te improve understanding of the torsional
stall flutter problem for propeller blades. A
model ving vas oscillated in pitch at several small
amplitudes over a wide and representative range of

conditions. Unsteady surface pressures vere meas-
ured and integrated to determine the aerodynamic
damping at five spanvise stations. Attached flow

damping was positive and, for moderate Mach numbers
and frequencies, in good agreement vith thin air-
foil theory. Strong negative damping vas found for
motions centered near static stall for all studied
teduced frequencies, Mach numbers, and swveep an-
gles. The 30° svept back configuration was found
to become negatively damped over the entire span
nearly sisultaneously, while the unsvept model ex-
hibited local regions of negative damping that
moved tovard the wing tip as the mean angle of
attack vas increased.

NOMENCLATURE
A pitch rate, &:IZUc
¢ ajrfoil chord, m
cL section lift coefficient, L/qc
Cy section pitching nonentzcoefficient
about x/¢ = 0.25, M/qc
Cp pressure coefficient, (P-P)/q
Cp* pressur~ coefficient for locally sonic
chordv. e velocity
k  reduced frequency, wc/2U
L aerodynamic 1lift, Nt "
M  aerodynamic moment, Nt-m
Hc chordvise Nach nusber, M_ cosA
H_ freestream Mach number 2
q dynamic pressure, 0.5 p v,
t time, s
T oscillation period, s
Re Reyrolds number, clU /v
UC chordvise component of freestrecam velocity,
U cosA, m/s
U, freestream velocity, m/s
x distance along chord from leading edge, m
z distance along span from tip leading edge, m

geometric angle of attack, a=a - cosut
amplitude of oscillation, deg
time-rean angle of attack, deg
steady state stall angle, deg
sveep-back angle, deg

kinematic viscosity, m“/s 2
damping coefficient, -dCHdu / Ray
freestreanm density

nondimensional time, t/T

circular frequency, 2r/T

phase lag relative to u, deg
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INTRODUCTION

An experiment has been performed to investigate
the aerodynamics of small amplitude pitching oscil-
lations near static stall. The motivation for this
research is the self-induced torsional stall flut-
ter problem experienced by propeller blades. The
instability wmay be encountered during high thrust
static testing or at the start of the takeoff roll,
vhen the blades are operating at high angles of
attack, The characteristic behavior includes a
small amplitude initiation, a rapid growth to a
large amplitude, and a reduction in growth rate to
establish a constant amplitude, limit-cycle oscil-
lation. Early phenomenclogical studies [1-3] used
strain gages to record the decay or grovwth of the
airfoil torsional response, but vere unable to de-
termine the actual serodynamic damping or charac-
terize the underlying physical mechanism. The
related problem of dynamic stall of helicopter
rrror blades was studied, starting in the 1960’s,
by measuring aerodynamic loads during forced large
amplitude motions {4-6]. Accurate unsteady blade
pressure measurements may nov be used to obtain
instantaneous pressure distributions and aerody-
namic damping coefficients. A preliminary experi-
ment [7] made such pressure measurements on a tvo-
dimensional airfoil model oscillating in pitch at
amplitudes of 0.5, 2.0, and 4.0°. The strongest
negative (unstable) damping coefficients vere found
near the static stall angle for amplitudes of 0.5
and 2.0°. The measured damping coefficients were
then applied in a simple model problem to compute
the behavior of a single degree-of-freedom torsion-
al oscillation. The predicted rapid growth to a
limit cycle oscillation wvas similar to the early
stall flutter results.

The initial experiment [7] used a tvo-dimen-
sional model, and wvas limited to relatively iow
Reynolds number, Mach number, and frequency (Re =
650,000, H_ = 0,18, and k € 0.16). The small vind

tunnel had Tess than ideal flow gquality (relatively
high turbulence level and unknown angularity), re-
sulting in an early static stall (at 9.5%). A much
more sophisticated experiment has nov been conduc-
ted with a larger model and vind tunnel, with sig-
nificantly improved instrumentation, and over a
much vider range of conditions. This paper de-
scribes the nev experiment and presents a selection
of the results. The effects of six independent
parameters (Mach number, mean angle of attack,
oscillation amplitude, reduced frequency, sveep an-
gle, and spanvise position) are discussed, and a
conceptual model is provided. It is hoped that
this information will facilitate the design of
lightveight propellers that avoid potential insta-

bilities but do not require excessive stiffness.



DRSCRIPTION OF EXPERIMENT

The current model is a straight, untvisted,
semi-span wing of 17.3 in. (44 cm) chord and 48 in.
(122 em) span (Fig. 1), producing an aspect ratio
of 5.6. The wing consists of a steel spar and
fiberglass airfoil panels, and uses a Sikorsky S5SC-
A09 9X thickness cambered airfoil section (Fig. 2).
The tip is rounded into an approximate body of rev-
olution. The wing is mounted at sweep angles of 0,
15, and 30° from the side wall of the 8 ft (2.4 m)
octagonal test section of the UTRC Large Subsonic
Vind Tunnel. Additional airfoil panels are added
to the spar at higher sweep angles in order to keep
the wing tip 1/4 chord at the tunnel centerline
(Fig. 1). At A =~ 30° the span is thus increased to
55 1in., an aspect ratio of 6.4, A hydraulic drive
is used to oscillate the model in pitch about the
line connecting the root and tip 1/4 chord.

Unsteady surface pressure measurements vere
made on the ving model using 112 miniature trans-
ducers distributed among five spanvise stations.
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Fig. 1 Ving planform and transducer locations.
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Fig. 2 55C-A09 airfoll section.

The sucticn surface transducer locations ara showvn
by the dots in Fig. 1. The frequency response of
the installed transducers has been measured by com-
paring their response to vhite noise with that of a
reference microphone [B). The initial resonance is
typically between 4 and 12 kHz, well above the cur-

rent range of interest (fundamental frequencies of
up to 30 Hz). Steady state calibration vas per-
formed over the full range of pressures (+2.3 to

~-12.5 psi) and temperatures (50 to 110 F) expected.
This procedure [8-9] results in a steady-state cal-
ibration accuracy of better than 0.5% of the full
scale pressure range. Tvo bending and one torsion-
al strain gage bridges vere mounted on the spar to
verify that limit stresses vere not exceeded and to
allov wing deflections to be estimated. (The de-
flections wvere not significant for the conditions
reported here.) The output of each sensor was dig-
itized 1024 times during each of 40 pitching oscil-
lations, recorded on digital magnetic tape, ensem-
ble averaged, and converted to coefficient form.
The pressures were jntegrated along the chord at
each of the five spanvise stations to determine the
unsteady lift, pressure drag, and pitching moment

coefficients.
The incipient stall flutter work reported in
this paper is an element of a continuing program

that is alsc studying large amplitude dynamic stall
with application to helicopter rotors and maneuve-
ring aircraft {[9-10]. Table 1 shows the test ma-
trix for the 260 incipient stall flutter data
points. The test envelope included chordwise Mach
numbers of 0.2, 0.4, and 0.6, corresgonding to Rey-
nolds numbers of 2, 4, and 6 x 10°. Oscillation
amplitudes of = 0.5, 1.0, and 2.0° wvere used.
(Additional steady state and » 6° results are
also included in this paper for comparison.) The
maximum oscillation frequency at these amplitudes
vas 30 Hz, corresponding to a reduced frequency of
k=0.6atM¥ =0,2and k = 0.2 at M= 0.6. These
parameters afe much more reptesentatfve of the pro-
peller operating environment than those used during
the previous experiment {7]. Application of stan-
dard correction procedures [11} to this model and
vind tunnel generates a correction of 0.54°*C. to
be added to the angle of attack measurements to ap-
proximate free £light. (This correction has not
been applied to the results in this paper.) The
test conditions at each combination of M_, A, and k
were either sets of up to 11 mean angles at a fixed
amplitude (at the primary conditions), or (at sec-
ondary conditions) surveys of three mean angles
(above, below, and equal to “ss) at each amplirtude.

Table 1 Test matrix
Number of amplitude and mean angle pairs

A=0 | A=15 | A=30

k

M=2 .6 .6 .2 & .2 4 .6
n.075 10
0.10 9 15 10 11 g 21 18
0.20 25 6 34 13
n.25 9 8
0.30 9 13
0.40 9
0.50 11
.60 4 13




STRADY STATE RESULTS

Steady state pressure distributions vere meas-
ured at zach Mach number and sveep angle, from zero
angle of attack to beyond stall. 1In general the
results are in agreement wvith those expected for a
simple subsonic wing, Of most ralevance here are
the effects of Mach number, sveep angle, and span-
vise position on the stall characteristics. Figure
3 shows lift and pitching moment curves for the un-
svept wving at three Mach numbers for the furthest
inboard station, z/c = 1.5, (Note that spanvise
positions have been referenced to the wing tip to
maintain constant valuss at the different sweep
angles.) The stall angle, as determined from the
break in the 1lift and moment curves, drops from

16.5° at Hc » 0.2, to 13° at Hc = 0.4, and to 10°
at "C = 0.6,
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Fig. 31 Mach effects on steady lift and moment a
A=0 and z/cal.52.

The standard infinite svept ving normalizatic..
vas found to collepse C, to s single curve for the
inboard (2/¢ 2 0.3) &titions up to stall and at
lover Mach numhers (M < 0.4),
in Fig. 4a for e

An example is shown
= 0.2 and z/c =« 1.06. Above
stall, very close to the tip, or at higher Mach
numoer, difterences appear that are not accounted
for by the simple normalization. For example, the
moment at z/c = 0.0B (Fig. 4h) shovs s gradually
increasing negative moment at A « O (caused by the
tip vortex increasing the suction on the upper sur-
face near the trailing edge), while at A = 15 and
J0° the tip vortex effects are much veaker.

The gtatic stall angles vere determined from
the 1lift and momen: curves at each combination of
M. and A. As shovn in Table Z, the stall angle is
sfgn!ticnntly altered by the induced flov of the
tip vortex: at A « O stall occurs frowm o « 2 to &°
higher at z/c = 0.3 than at z/c « 1.5, At z/c =
0.0¢ no stall vaz observed on the unsvept ving over
the range of tested sngles of attack. At higher
sveep angles the combination of spanvize flow and
the inboard translavion (Fig. 1) of the tip trail.
ing edge relative to the leading edge causes e
vortex to be quickly convected avay. At A = 30° e
variation of the stall angle vith spanvize posi.
is less than 1°.

2.0 f‘ 2/cw1.080
1.5p
3 1ok
[ B3
o Q ry 10 1) 26 25 30

a) Inboard CL'

z/c=0.08

-~0.4 . —_ a
o Y 10 15 20 23 30
a
b) C" near wing tip.
Fig. 4 Suveep effects on steady 1ift and moment at
HC-D.Z.
Table 2 Steady.state stall angles
A=O | A=15 | A=130
2/¢
=2 .4 .6 |.2 N S SN
1.52 16.5 123 10 17 14.5 18 14 8
1.06 17 13.5 10 17 14.5 18 13 9
0.59 18 16 10.5 18 14.5 18 13 9
0.30 19 17 >11 18 15 18 13 9
0.08 >30 >30 >11 18 16 9

17.5 13

ATTACHED-PLOV _OSCILLATIONS

Small subsonic pitching oscillations that do
not include penetration into stall are generally
stable. The unsteady component of the flov can
usually be described wusing cthin airfoil theory,
For the simplest circumstances ftvo dimensional,
invigcid, and incompressible flov) Theodorsen's
method [12-13] predicts an unsteady pitching moment
sbout the quarter-chord of

C" - '°1kg {sinwt + %k coswt].

The out of phase first harmonic response (sinut)
term makes the only contribution to the aerodynamic
damping {[5), vhich 35 therefore % « nk/2.

An example of an attached flov result of the
currer: afperiment i  shu'n in Fig. 5. The con-
ditions are o = 1& get, R w 0.2, A= 30, k »
0.2, and z/c = 0 % . The meak pressure distribu-
tion is smooth, v & strong suction pesk of C, «
6.8, Unsteady pi ssures {not shown) for this cgn~
dition are characterized by smooth sinusoidal vari-




ations that are in phase with the angle of attack
on the lower surface and 180° out of phase on the
upper surface. The moment loop is elliptical, and
exhibits counterclockvwise motion (shown by the
arrovs), which corresponds to positive damping and
stability [5], The close match between the experi-
mentzl unsteady momant and the thin airfoil result
(the dached ellipse) is typical of results at lower
Mach numbers, lover reduced frequencies and inboard
stations. (Note that the experimental mean C, has
been added to the thin airfoil result since the
theory predicts a zero steady moment component.)

_a-aw

0 Upper Surface
& Lower Surface

Cp
&

0007 o4 B¢ o8 o
1/e = Ensemble Avg.

——=~Thin Airfoil Theory

0095 TS0 Te.0
Fig. 5 MHean pressures and moment loop for attached

flov at a=l4-2cos2nx, HC-O.Z, k=0.2, A=30°, z/c=.59

Measured damping coefficients for several rep-
resentative attached flov conditions are shown as
symbols and dashed lines in Fig. 6. The theoreti-
cal prediction (nrk/2) is a straight solid line.
The experimental results at ¥ = 0.2 and 0.4 folliow
the theory very well for K € 0.4, for all three
amplitudes, but the experimental damping is sub-
stantially higher than the theory at k = 0.6, per-
haps because the straight line vake model is no

longer adequate [13}. The experimental damping at
M = 0.6 is also much higher than nk/2, a likely
résult of the alteration of the pressure distribu-

tions by the presence of local supersonic flov.
Very close to the ving tip, at z/c = 0.08, the ex-
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Fig. 6 Atiached flov damping coefficients at 2«0.

perimental damping is smaller than the inboard re-
sult. These results have demonstrated a relatively
vide range of conditions beyond incompressible,
two-dimensional flow for which the simple theory
continues to give acceptable results. (More so-
phisticated three dimensional and high subsonic
analytical and numerical methods are available to
extend Theodorsen'’s approach.)

OSCILLATIONS NEAR STATIC STALL

The situation changes abruptly vhen the flow
contains substantial separation over a portion of
the oscillation. As discussed in Ref. 7, the least
stable conditions (the highest negative aerodynamic
damping) are small amplitude oscillations centered
about the static stall angle. This section will
examine such a condition. Figure 7 shovs the mo-
ment loop and pressure distributions for a 2° amp-
litude oscillation about the static stall angle of
18°, at M = 0.2, k ~ 0.3, A = 30° and z/c = .59.
(A = 300 Sas chosen for clarity because the static
s*all ungle is less dependent on spanvise positionm,
reducing three-dimensional effects.) The experi-
mental moment loop (the solid curve) shows a rela-
tively constant moment (C, = -0.03) during the
increase in angle from lg to 20°, followed by a

rapid drop te C, = -0.14 as the angle returns to
19°, The moment then recovers to C, = -0,08 by
« = 16°. In comparison with the small ellipse pre-

dicted by thin airfoil theory (the dotted line),
the experimental loop is much larger and in the
opposite (clockvise or unstable) sense.

The instantaneous pressure distributions in
Fig. 7 illustrate the aerodynamic mechanism. Each
{s related to the corresponding point on the moment
loop by the numbers 1 to 6. Near the start of the
cycle, at t = 0.1 (#1), the pressure distributions
are similar to those in steady attached flow. The
high pitch rate allovs a suction peak of up to Cp &
-5.8 to be maintained at angles above static stall
(#2). This is the same basic mechanism that gerer-
ates dynamic 1lift overshoots during large amplitude
motions [9]. Since the instantaneous pitch rate
for a sinusoidal oscillation is A =2 a,ksinwt, at
maximum angle of attack the pitch rate is zero, and
attached flov can no longer be maintained. The
flov then separates near the leading edge (#3).
The separation propagates back along the chord (#4)
in the form of a small stall vortex, leading to
massive separation by (#5). As thie angle of attack
drops further, reattachment occurs (#6), and the
cycle repeats.

The primary ~ffect of gseparation is to create a
negative (nose-down) moment during the second half
of the cycle by removing the suction peak (which
had contributed a nose-up moment), and increasing
the loading at the trajling edge, (which adds a
nose-dovn = went). The components of a strong in-
stability are therefore: 1) a wminimum angle of
attack lov enough vo maintain at least a locally
attached flov &t the leading edge during the ini-
tial portion of the cycle, 2) a pitch rate high
enough to delay separation until th= maximum angle
is nearly reached, 3) a wuximum angle high enough
so that vhen the positive pitch rate is removed,
the flow separates and remains separated during
much of the remainder of the cycle. If the pitch
rate is too lov, the flov vill separate and re-
attach nesr a _, and the required hysteresis vill
not be establiffed. If the maximum and/or minimum




angles are too high, the flow will either separate
before the maximum angle is reached, or not reat-
tach. In neither case will the necessary hystere-

sis be present. Since pitch rate is determined by
the combination of frequency and oscillation ampli-
tude, since the minimum and maximum angles are
determined by both mean angle and amplitude, and
since the static stall angle is determined by Mach
number, sweep, airfoil geometry, and three-dimen-
sionality, it is understandable that the experimen-
tal damping results exhibit complex dependencies.

——— Cngernple Avg.
—~==Thin Airfoil Theory
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Fig. 7 HMoment loop and instantaneous pressures for
separating flov at aelB8-2cos2ny, M =0.2, k«0.3,
#«30°, and z/c«0.539. ¢

MEAN ANGLE AND AMPLITUDE EFFECTS

Both the mean angle and the amnlitude have a

major influence on the damping. Figure 8 illus-
trates this using curves of damping vs. wmean angle
at k = 0.2, M « 0.2, A« 30% and z/c » 0.39 for

three nnplltudgs: @ = 0.5, 1, and 2%, and, at k =
0.15, for « 6°.° At the lovest amplitude (g1 "
0.5%) the region of negative damping is narrov and

not very intense. Maximum negative damping values
of £ = -0.2 to -0.5-a"e typically found in a band
approximately 0.5 to 1° vide that ends at a = e
At amplitudes of = 1 and 2° the negative dampiﬁg
band is wvider (2 to 49) and more intense (2 = -1.5
to ~2). At higher amplitudes ( 2 6%) a lecs in-
tense (I = -0.5) band of negativeé damping covers a
6 to R° wvide region centered about « At all
amplitudes considered here, the dampinﬁsbelov the
initial penetration inte stall approaches a common
value close to nk/2. The qualitative characteris-
tics described here vere also observed during the
earlier experiment (cf. Fig. 9 in (7]). Both sets
of data indicate that the most unstable motions are
1-2° amplitude oscillations centered about o __.
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Fig. 8 Damping vs. mean angle at several ampli-

tudes for HC-O.2, k=0.2, A«30°, and z/¢=0.59.

Once the flov remains massively separated
throughout the cycle, the damping is positive, and
approaches a value sligh.ly higher than in attached

flov. This similarity betwveen two very different
flov regimes 1is somevhat surprising and vorthy of
further examination. The damping computed for the

attached potential flov stems from three primary
assumptions: a) vorticity is shed from the trailing
edge to maintain zero net circulation as the 1lift
varias; b) Kutta condition is satisfied at the
trailing edge ; and ¢) an undistorted straight wake
is convected downstream from the trailing edge at
the freestream velocity.

The applicability of these three assumptions to
small amplitude motions in separated flov will now
be examined. a) As shown in Fig. 9, lift variations
of similar magnitude occur in both attached («_ =
16°) and separated (a_ = 22%) conditions. Vortili-
ty must therefore stf1l be shed into the vake (al-
thoush the shedding may not be restricted to the
trailing edge). The 'quasi-steady’ 1ift variation
(the a-dependent response obtained by averaging the
increasing and decreasing pitch halves of the
tvele) is reduced at a = 22°, This is compensated
for by increased hystéresis (the minor axis of the

'Expressions of this condition include finite
trailing edge velocities, surface streamlines that
are bounded by the airfoil trailing edge angles, a
=mooth approach to gero pressure differenhce betveen
the upper and lover surfaces, and an ‘extended
Kutta condition,’ [14], that relates the difference
in the upper and lover surface relocities to the
time derivative of the circulatio.



ellipse is 1larger). b) The unsteady pressure re-
sults from the current experiment, as well as
results [15] for a massively separated airfoil sub-
ject to flov angle oscillations at frequencies be-
tveen Kk = 0.5 and 6.4, indicate that the unsteady
:reseyres  smoothly approach a common value at the
trailing edge, satisfying at least one form of
¥atta condition. ¢) An undistorted wake geometry
is the least plausible assumption. Even in attach-
ed flov, the wake distorts significantly from a
straight 1line at high frequencies or large ampli-
tudes. In massively separated flovs vorticity is
shed not in a thin wvake emanating from the trailing
edge, but throughost a broad region starting at the
forvard separation point.

It appears that even though there are viola-
tions in detail of the assumptions underlying the
potential flow damping calculation, the fundamental
similarities of shed vorticity and satisfaction of
a trailing edge condition are sufficient to gener-
ate damping values similar to attached flow.

—— Ensemble Avg.
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Fig. 9 Lift loops in attached (a _=16) and separated
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FREQUENCY EFFECTS

Increasing the reduced frequency of attached
flov oscillations wvas shown previously (Fig. 6)
produce a consistent and benign increase in damp-
ing. Such consistency is not present for unstable
oscillations about the stall angle., This is illus-
trated in Fig. 10, vhich shovs maximum negative
damping coefficients plotted versus k. Each point
represents the maximum measured negative damping
over all values of o for a given combination of

y z/¢, A, and M_. Sdparate symbols sre provided
:&1y for the different values of A. Figure 10 is
not intended to provide comprehengive quantitative
information, it is instead intended to illustrate
trends: a) For all reduced frequencies, damping
coefficients of T € -1 could be found for some com-
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binations of «_and «,. b) The negative damping is
generally weak@st (2 & -1) at k = 0,1, when the un-
steady hysteresis is lov, ¢) The maximum negative
damping is increased at k = 0.2-0,3 (3 = -1.5 to
-2). d) For k = 0.4, 0.5, and for most of the k =
0.6 data, the damping returns to 2 = -1.5.
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Fig. 10 Maximum negative damping coefficients as a
function of reduced frequency.

A somevhat different mechanism is involved in
producing the very strong negative damping (2 = -3
and -5.8) measured at k = 0.6 and A = 0 (Fig. 10).
At this frequency the maximum pitch rate is high
enough (A = 0.01 for = 1°) to generate a sub-
stantial stall vortex. ;} the dynamics are similar
to those at large amplitude [9], the vertex forms
near x__ /c = 0.15 and convects downstream at a
velocity,p V = 0.3U_. It will therefore remain
above the airfoil for a time of approximately

—38R__ 5.3,

At = /
&x/V, or V7u,,

k
Atnzn

The effect of the stall vortex on the pressure dis-
tributions 1is shown in Fig. 11. Separation occurs
after t = 0.4, and by t = 0.8 the vortex is ahove
the trailing edge, generating large trailing edge
suction and a nose-dovn moment and exacerbating the
ingtability.
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Fig. 11 Instantaneous pressure distributions shov-
ing the effect of a strong stall vortex at Hc-0.2,

k«0.6, A«Q, z/cwl.52, and e=18-0.5cozlnT.




MACH NUMBER EFFECTS

In attached flov (Fig. 6) the damping at M_ =
0.4 is very similar both to the M, = 0.2 data &nd
to incompressible theory, vhile the damping at M_ =
0.6 is larger. As illustrated in Fig. 12, it'is
difficult to identify such a clear dependence on
Mach number for the maximum negative damping in
separated flow. As in Fig. 10, each point repre-
sents the maximum over a range of «_ at a partic-
ular combination of a,, 2/c, A, and k. The data
are for k = 0.1 and 0.2 The principal conclusion
drawn from Fig, 12 is that maximum negative values
of 2 = -1 to -2 occur at all studied Mach numbers.
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Fig. 12 Maximum negative damping coefficients as a

function of Mach number.

The mechanism for instability at higher Mach
number is fundamentally the same as at lover Mach
number. The details of the pressure distributions
are, wowever, different. Figure 13 shows pressures
at tvo instants during an a = 15:2° oscillation at
k=0.25, A = 30° and ¥« 0.4. There, is a small
region ot mild superSnnig flov (C, < CP ) near the
leading edge at v =« 0.2. The flov separates over
the forvard 40X of chord at Tt » 0.4, and reattaches
by t = 0.8 (not shown). Except for a reduction in
the chordvise extent of the separation, these re-
sults are similar to those at HC = 0.2 (Fig. 1.
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Fig. 13 Instantaneous pressure distributions for
separating flow at M «0.4, ke0.25, A30*, z/c=

1.06, and ax15-2cosZnt.t
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At M = 0.6 there is a sizable supersonic
region if high angle of attack attached flov, as
shovn in Fig. 14, for a = 9:+1° at k«0.2. For 1 ¢
0.2 a maximum local chordwise Mach number of 1.5 is

attained in a region that covers the front 20% of
the chord. The region is terminated by a strong
shock. A nose-up moment iz created since the shock

is ahead of %/c = 0.25. (This positive moment is
also present in steady flow, Fig. 3.) A" T = 0.5
the flow has separated, and the shock is replaced
by a region of highly random flow having (on aver-
age) a linear pressure gradient between x/¢ « 0.05
and 0.6. This change creates a nose-down moment,
The flow reattaches near t « 0.9.

In terms of the moment loops, the detailed dif-
ferences betveen the pressures at different values
of Hc primarily alter the gquasi-steady and higher
harmoriic components., As shovn in Fig. 15, the
first harmonic response at Mc = 0.4 and 0.6 shovs a
clockvise loop with substantial hysteresis, similar
to the results at M = 0.2, Since the damping de-
pends only on the®first harmonic, the damping is
also similar: 2 = -1.3, -1.4, and -1,0 at M_ = 0.2,
0.4, and 0.6, respectively. The higher farmonie
portion of Fig. 15 differs from the M = 0.2 re-
sults. These differences are caused Both by the
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Fig. 14 Instantaneous pressure distributions for
separating flow at M 20.,6, k=0.2, A=<30°, z/c=
1.06, and o=9-1cos2nr.
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aerodynamics and by the distortion of the pitching N
vaveform at higher frequency. It must be recogniz- a)A=0 ;
ed that even though the strength of the instability )
is similar over the Mach number range studied, it 1.0 "o e '4
occurs at much lover angles of attack at higher \ - T
Mach number, simply because the steady stall angle AN ’ /

is lover (Table 2).
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A second Mach effect may develop at higher re-
duced frequencies (k > 0.6). At large amplitude
compressibility weakens the dynamic stall vortex
{9]. If a similar weakening occurs at small ampli-
tudes, the high negative damping observed at k =
v 0.6 and M_ = 0.2 may not be present for N > 0.4.

(No data for such conditions could be obt&ined by
this experiment.)
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SVEEP AND 3-DIMENSIONALITY EFFECTS

The fundamental requirement for negative damp- 00 0.4 08 1.2 16 20
ing 1is that the angle of attack passes through the Spon (Z/C)
steady stall angle during the cycle. It is thus
not surprising that the differences in «. vith
spanvise position and sveep angle (Table 2) fave a 0 b)A=15°
substantial influence on the local damping. Re- 1ar
sults for the unswept wing will be discussed first. . N
Figure 16a shovs curves of damping vs. z/c for sev- G“E)-‘__e/’ _----8
eral values of « at A =0, M = 0.2, k = 0.2, and e’ ﬂ
o = 1°. The filled-in symbois indicate vhen o = - o
a (M Ay 2). As a_ is increased, negative dagp- ’9‘" Jp——— wa i Qg
Q: --i,c-_ 0 &= 01
yid N ,’ 1/’. oy m
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r
iﬁﬁ firse ocecurs inbBard (at &« = 16.6°), and then
moves outboard (to z/¢ = 0.30 at «_ = 22%). The

region near the tip has a lover effeftive angle of A ’ a7 o= 180
attack because of the tip vortex. The entire ving AN . ’ D oage 10
is never simultaneously unstable, because the in- O\ g S A a1
board region has returned to positive damping 05+ v - O s 21
before the outboard region stalls. The maximum Y A«,_.A‘,'/ O o w0
instability lags the «__ by approximately 1°. The \

station closest to t tip (z/¢ = 0.08) never B

stalls, and alvays has positive damping. 10 i — ) . L N

! ) 2

Results for equivalent conditions at A = 15° Spon (Z/C)
are shown in Fig. 16b. The instability again be-
gins inboard, but for o = 18 and 19° the entire
region outboard of z/c = I is unstable. The maxi- C)A=30°
mum instability lags approximately 1° behind o . 05 o--""" ©
At A = 30° (Fig. 16c) the entire wing has negatﬁe
damping for 17 ¢ o < 19°, a much more general in- -2 :T-Té‘-<-.:'-"@' ———— © Q &1
stability than at lover sveep angles. The influ- 8" T T a8
ence of the tip vortex is much vesker so that the 00 4, 8 Q4o
local effective angles of attack are more uniform. = . 7 o
The z/c = 0.08 station has significant negative .~ AN G a0
damping.  Further, the maximum negative damping is X e~ g s Lo
increased at all spanvise stations, and the lag of _05_&\-’ s \\ k P O
the maximum behind o _ is reduced or eliminated. TR AN
These may be results 3F the simultaneity of stall
intensifying the local instabilities observed vith
no gveep.
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MIDCHORD MOMENTS AND DAMPING \ R SR
-15) o / ) N
The preceding discussion has been concerned v ’ \ *
vith the damping coefficient computed using the ! b AN B
pitching moment about x/¢ « 0.25. This vas the ' m 9
model axis of rotation and the aerodynamic center -10 R R —
. of the SSC-A09 airfoil. Hovever, the elastic axis 00 Ulog” o8 12 16 20

for many propeller and turbomachinery blades is Spon (Z/C)

near x/¢ = 0.50. Therefore damping informatlon for

nidchord oscillations would be gquite useful. Since

the axis of rotation of our apparatus could not be Fig. 16 Damping coefficients vs. spanvige position

moved, this section attempts to extrapoclate from for severasl mean angles, at awe_-lcosZny, M 0.2,

qusrterchord results using previous anslytical and  and k.0.2. ° ¢
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experimental results. In order to estimate the
effects of changing the axis, the influence of two
factors must be considered. The first is the ref-
erence point about which the moment is computed.
The second is the actual axis of rotation.

The change in reference point adds Ax/c = 0.25
times the normal force coefficient to the instan-
taneous quarterchord C,. The quasi-steady effect
is to generate a moment that increases linearly
vith « prior to stall. In unsteady attached flow
the effect is to reduce the positive damping, since
normal force and lift loops generally have a clock-
vise sense, as shovn in Fig. 9. The addition of a
1ift component is reflected in the analytical ex-
pression for the pitching moment {13] by the intro-
duction of additional terms proportional to C(k),
the Theodorsen lift deficiency function [12]. The
attached flov damping for oscillations about x/¢ =
0.25, using the moment referenced to x/c¢ = 0.5 is:

2 95,50 = 0-57( k(0.5-F(k)) - G(k)),

vhere F and G are the real and imaginary parts of

C(k). Since G(k) is negative, and F(k) is betveen

0.5 and 1.0, the theoretical Z will alvays
+25,.50

be positive.

The corresponding attached flov damping coef-
ficient for oscillations about x/c = 0.50 using the
moment referenced to x/c = 0,50 is:

3.50'.50 = 0.5r¢ 0.5k(1.0-F(k)) - G(k)).

The three analytical damping coefficients are
shown in Table 3 at several reduced frequencies.
Vhile all three indicate svability, there are siz-
able differences in the values, particularly at
higher k, vhere Z = 1,57k, & 0..50 > 0.4k, and
) 25..50 0. Pitch axis aﬁa héaent refarence
locations are thus both significant for computing
quantitative attached flow damping.

Table 3 Computed attached flov damping

k Pitch about x/c=.25 Pitch about x/¢ = 0.50

= ©.25,.50 =.50,.50

0.1 0.16 0.23 0.30

0.2 0.31 0.21 0.32

0.4 0.63 0.13 0.32

0.6 0.94 0.11 0.38

1.0 1.57 0.09 0.51
The effects of changing the moment reference
point to wmidchord and recomputing the damping for

the current experiment are illustrated in Fig. 17
for the same condition (M = 0.2, k » 0.2, A « 30)
used in PFig. 8. The priﬁnry changes are a reduc-
tion in the attached flov damping (in sgreement
with Table 3), an earlier onset (by < 1°) of nega-
tive damping, a small increase in the maximum nega-
tive damping, a broadening of the negative damping
region above «_ _, snd a reduction in the positive
damping in post-gfnll region. In general, changing
the moment reference to midchord makes the aerody-
namic damping more negative, but does not change
the essential character of the phenomenon.
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Fig. 17 Damping coefficient based upon midchord
moment vs. mean angle, at several amplitudes for

nc.o.z, k=0.2, A=307?, and 2/c«0.39.

The effects of moving the rotation axis in sep-
arating flow have been studied previously at large
amplitude. Ham and Garelick [16] reported that the
raximum unsteady airload increments (and hence the
strength of the stall vortex) vere not seriously
changed by moving the pitch axis between x/c = -.25

and +.75. Stall vas delayed the longest vith the
axis at the leading edge, and least with the axis
at x/¢ = 0.75. In contrast, the more recent ex-

periment of Helin and Valker [17] found that an aft
axis location delayed dynamic stall and strengthen-
ed the vortex. The theoretical and analytical work
of Jumper, et al. [18) and the computational re-
sults of Visbal [19) indicate that at moderate
pitch rates (A < 0.025) moving the pitch axis aft
delayed stall, but did not appreciably change the
unsteady airlcads.

The consensus appears to be that for moderate
pitching rates aft motion of the pitching axis will
delay stall but leave the basic phenomenon rela-
tively untouched. This implies that damping coef-
ficients for motion about midchord should be simi-
lar to the quarter-chord results, but the mean
angles of attack for maximum negative damping may
be several degrees higher.

CONCLUSIONS

The primary results of this study of small amp-
litude pitching motions of a three-dimensional wing
model are:

1) The aerodynamic damping is positive for all
studied motions where the instantaneous angle of
attack always remains beiow the steady stall angle,
o, . For k £ 0.4 and M, £ 0.4, the damping agrees
with the results of Sncompressible thin airfoil
theory, 2 = nk/2. At higher frequencies or at
M = 0.6, the damping is higher than nk/2. Very
cfose to the ving tip, the damping iz lover.

2) Small amplitude oscillations that include
o are usually unstable, The conditions for
sf?ong negative damping (E < -1) include a positive
pitch rate that delays stall beyond « _, a maximue
angle high enough to cause seperation’ and a mini-
mum angle low enocugh to permit reattachment. The
stringest negative damping vas observed for 1 to 2°
amplitude oscillations centered about o« , at
reduced frequencies of k » 0.2, 38




3) Por k = 0.6, the dynamic stall vortex is
strong enough at lov amplitude to significantly
increase the trailing edge loading. This generates
a8 strong transient nose-down moment and increases

the negative damping to E £ -3.

4) In fully separated flov the damping is posi-
tive, and somevhat larger in magnitude than in at-
tached flov. This implies a degree of independence
betveen the periodic, mean, and random flov fields.

5) Only differences in detail were observed
between the M = 0.2, 0.4, and 0.6 results; the
fundamental ae%odynamic mechanism leading to nega-
tive damping is unchanged.

6) Sveep and spanvise position alter the aero-
dynamic damping primarily through changes in the
local steady stall angle. For the unswept ving,
stall and regions of negative damping occur at low-
er mean angles on the inboard portion of the wing
(one chord or greater from the tip). As mean angle
increases, stall moves outboard. Negative damping
vas never observed at the same instant over the
entire wing. However, at A » 30°, the ving stalled
over its entire span within an angle of attack
range of 19, At M = 0.2, damping was negative
over the entire span £6r a 2° wide band centered at
the static stall angle (18°).

In summation, this experiment has verified that
torsional finstability near stall oceurs at realis-
tie scales, and over a wide range of conditions.
The underlying aerodynamic mechanism is sufficient-
ly basic that negative aerodynamic pitch damping is
possible whenesver the local angle of attack is
close to the local steady stall angle. Actual
flutter vill occur only if an initial excitation is
present and 1if the structural natural frequency,
stiffness, and damping permit. If the wving (or
blade) is designed so that the stall angle varies
sufficiently over its span (as vas true for the un-
svept model here), it may be possible to avoid
global instabilities.
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ABSTRACT

An experiment has been performed to investigate the
transient aerodynamic response of a three-dimensional wing
undergoing pitching motions to angies of attack above static
stall. The experimental parameters included sweep angles
of 0, 15, and 30 *, Mach numbers from M, = 0.2 t0 0.6, and
pitch rates from éac/2U, = 0.001 to 0.025. Data were ob-
tained from 112 surface pressure transducers for steady flow,
sinusoidal oscillations, and constant rate ramps. This paper
describes the experiment and discusses the dependence of
the aerodynamic loads on the test parameters. Where con-
ditions overlap, the current results were found to be consis-
tent with previous work. Significant quantitative changes in
the dynamic stall process were, however, observed upon the
introduction of higher Mach number, three-dimensionality,
and sweep. Of particular interest were the effect of locally
supersonic flow on stall inception, and the interactions be-
tween the tip vortex and the stall vortex.

NOMENCLATURE

pitch rate, ac/2U,

airfoil chord

section pressure drag coefficient, D/ge
section lift coefficient, L/ge

maximum lift coefficient

section 4 chord moment coefficient, M/gc?
pressure coefficient, (P - Py)/q

pressure coefficient for locally sonic chordwise velocity
reduced frequency, we/2U,

chordwise Mach number, M cosA
freestream Mach number

freestream static pressure

dynamic pressure, }poU?

quasisteady load coefficient

time

oscillation period

Reynoids number, ¢U. /v

chordwise component of freestream velocity, U, cosA
freestream velocity

velocity of vortex propagation along chord
distance slong chord from leading edge
distance along span from tip leading edge

PEET

[, ]

I B o R
o

L)

Nox <o
8

- Research Enﬁneer. Member AJAA.
** Leader, Electronic Technicians.

t Supervisor, Experimental and Analytical
Aeromechanics. Associate Fellow AlAA.

Copyright ©19981 by United Technologies Corporstion.
Published by the American lnsti of Ae ico and
Astropautics, [ne., with permission.

APPENDIX V
DYNAMIC STALL EXPERIMENTS ON A SWEPT
THREE-DIMENSIONAL WING IN COMPRESSIBLE FLOW

Peter F. Lorber’, Alfred F. Covino Jr."", and Franklin O, Carta'
United Technologies Research Center
East Hartford, CT 06108

&  pitch rate, rad/sec

a  geometric angle of attack
o= Qmn + 2(1’ - 0.12-5)(0ma: - a,,.,-,.)
a, unsteady stall angle
steady state stall angle
A sweep-back angle
v kinematic viscosity
freestream density
r  nondimensional time, t/T
circular frequency, 21/T

INTRODUCTION

Dynamic stall has been extensively studied by nu-
merous researchers using a wide variety of experimen-
tal, analytical, and computational techniques. *-!® Various
methods, such as force balances ' flow visualization 57912
interferometers,'® laser velocimeters, and surface pressure
transducers! ~1"'13 have been used to measure character-
istics of the flow field and loads on the aercedynamic sur-
faces. Model geometries and test conditions have been
quite diverse. Models have included two-dimensional (2D)
airfoils,1-388-11.13 three-dimensional (3D) wings,*~*!? and
complex multi-element configurations. ” Test conditions are
defined by the parameters that quantify the relative motion
between the surface and the fluid: Mach number, Reyn-
olds number, type of unsteadiness (plunging, pitching, or
translation), waveform (sinusoid, constant-rate ramp, or ar-
bitrary), amplitude, and frequency (or pitch rate). Each
study usually concentrates on a relatively small region of
this multi-dimensional space. The listed references provide
a selection of recent work, and illustrate the considerable
information that has been uncovered. A unified picture of
the inception and progression of dynamic stall that encom-
passes conditions of both practical and academic interest
has, however, still not been developed.

The present experiment is concerned with a sizable, but
still limited, subset of dynamic stall. The geometry was a
rectangular semi-span wing pitching about its quarter chord.
The approach was to measure surface pressures at 112 lo-
cations and integrate to obtain the aerodynamic force and
moment at five spanwise stations, within 1.6 chord lengths
of the tip. The objective was straightforward: to examine in
a single experiment the influence on the aerodynamic loads
of Mach number, frequency, waveform, and wing sweep. The
experiment was conducted at physical scales representative
of practical applications such as helicopter rotors or maneu-
vering aircraft.

Test Mach numbers ranged from M,= 0.2 to 0.6, sweep
angles from A = 010 30", and pitch rates from A = 0.001 to



0.025. The model chord was typical of a fuil-scale helicopter
main rotor, and resulted in Reynolds numbers of 2 to 6 x 10°.
The appropriateness of these conditions was confirmed by
a recent wind tunnel test of a pressure-instrumented mode!
helicopter rotor. * For moderate speed forward flight, dy-
namic stall occurred on the inboard region of the rotor blade
at local pitch rates between A = 0.01 and 0,015 and Mach
numbers between 0.2 and 0.4. Qualitative features of stall
were very similar to oscillating airfoil results. 20~

This paper describes the experiment and discusses the
dependence of the surface pressures and aerodynamic loads
(lift, pitching moment, and pressure drag) on the test pa-
rameters. This work is part of a continuing research pro-
gram. Unswept tunnel-spanning wing (2D) results for this
model have been presented in Refs. 20-21. Computational
simulations of the 2D experiment were described in Refs.
15-16. An earlier version of the UTRC oscillating wing was
tested in a swept 2D configuration. *~? A complementary
study is aiso being conducted of small amplitude oscilla-
tions, with application to the torsional stall flutter of pro-
peller blades. ** Full documentation will be provided in a
final contract report. 23

DESCRIPTION OF EXPERIMENT

The model was a straight, rectangular, untwisted, semi-
span wing of 17.3 in. (44 cm) chord and 48 in. (122 cm) span
(Fig. 1). The aspect ratio of a full wing would be 5.6. The
wing consisted of a steel spar and fiberglass airfoil panels,
and had a Sikorsky SSC-A09 9% thickness cambered airfoil
section (Fig. 2). Airfoil coordinates have been provided
in Ref. 21, The majority of the data were acquired with
a tip cap rounded into an approximate body of revolution.
Limited data were also acquired using a square tip cap. The
wing was mounted at sweep angles of 0, 15, and 30 ° from
the side wall of the 8 ft (2.4 m) octagonal test section of
the UTRC Large Subsonic Wind Tunnel. Additional airfoil
panels were added to the spar at higher sweep angles in
order to keep the wing tip % chord at the tunnel centerline
(Fig. 1). At A = 30" the span was thus increased to 55 in..
an aspect ratio of 6.4,

Application of standard wind tunnel wall correction
procedures?! to this geometry produces a small correction
of Aa = 0.54" xCy to approximate free flight. (This cor-
rection was not applied in ihis paper.) A minimal gap of
0.005¢ was maintained between the wing root and the wind
tunnel wall at A = 0. The maximum gaps in the swept
configuration were larger (up to 0.02¢c) and varied with a.
Oil visualization in steady-state showed the primary effect
of the wall on the surface flow vectors to be a corner vortex
which covered a triangular region having an extent at the
trailing edge of 0.2¢. Beyond this region, the oi! pattern did
not show obvious wall influence.

A hydraulic rotary drive was used to oscillate the model
in pitch about the line connecting the root and tip } chord.
Two pitching waveforms were used, sinusoids and ramps.
The ramps began at a steady-state condition (typically a =
0), increased at constant rate to a maximum angle, main-
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Fig. 1 Wing planforms and upper surface transducer loca-
tions.
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Fig. 2 55C-A09 airfoil section.
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tuined that maximum for a short time, and then returned to
the initial condition. A time delay of 2-4 sec was imposed
between ramps to regain steady-state. The sufficiency of
the time delay was verified using an unsteady pitot-static
probe located 2.8c above the tip j chord. The sinusoids
were performed at frequencies from 1.25 to 12 Hz (0.025 <
k < 0.15), at amplitudes primarily of 6 and 10, and at
numerous mean angles. The maximum ramp angles were
30"at M. =0.2and 0.3, 200r 25 at M, = 0.4, 16 or 18 “at
M, = 0.5, and 10, 12, or 13.5"at M, = 0.6. The upper
limits for the ramps were determined by the stall character.
istics and structural loads at each Mach number and sweep
angle. Stali penetration was achieved at each Mach number.
The nondirnensional pitch rates were selected between A=
éc/2U,, of 0.001 and 0.025, bounded by a limiting dimen-
sional pitch rate of 560 ° /sec, Typical ramp time histories
were shown in Ref. 20. The primary departure from an
ideal constant-rate motion was rounding of the ramp cor-
ners at higher rates. At rates near the 560 ° /sec limit, the
impulsive start of the ramp caused a reasurable torsic..al
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oscillation of the model at its natural frequency of 2UHz.
Below the limiting rate, the structural deflections {as mea-
sured by spar strain gages) were not significant.

Data were obtained for a total of 259 large amplitude
sinusoids, 120 ramps, and 295 steady-state conditions, Ta-
ble 1 shows the test matrix for ramps at A= 30°. Matrices
for the other two sweep angles are similar. Only resuits for
the positive pitch rate portions of selected rainps will be
presented here. The complete data set will be documented
in technical reports and digital data tapes. 3

Table 1. Test Matrix of Ramps at A =30°

Pitch Rate Mach Number

M.=0.2 M.=03 M,=04 M.=05 M=08
A=.0010 0~ 10

0—30* 0-30 0—20 0—18 012
A=.0025 0—30 030 0-=20 0—18 0-12

00— 135

A=.0050 0-10 0—10 0—10 0-—8

0—-30" 0—+30 0—20" 0—18 0—135

10 — 20

12 — 22

14 - 24

i6 — 26

18 — 28
A=.0100 0-—10

0-—-30 0—30 0—~20 0-—18
A=,0200 0—10

0—30" 0-—30
A=.0250 0—30

Unsteady surface pressure measurements were made on
the wing model using 112 miniature transducers distributed
among five spanwise stations. The suction surface trans-
ducer locations are shown by the dots in Fig. 1. The chord-
wise arrays on the upper surface had 10, 14, or 18 trans-
ducers each. The lower surface arrays were less dense, con-
taining 6 or 18 transducers each. The frequency response of
the installed transducers has been measured by comparing
their response to white noise with that of a reference micro-
phone. ** The initial resonance is typically between 4 and
12 kHz, well above the current range of interest (fundamen-
tal frequencies of up to 12 Hz). Steady state calibration was
performed over the full range of pressures (+2.5 to -12.5 psi)
and temperatures (50 to 110 F) expected. This procedure
results in a steady-state calibration accuracy of better than
0.5% of the full scale pressure range. ¥'**

Additional instrumentation included 16 surface hot film
gages to determine transition and separation locations, three
spar strain gage bridges to verify that limit stresses were
not exceeded, a spar angle of attack sensor, and an un-
steady pitot-static probe mounted below the upper wind
tunnel wall to identify far field disturbances. The output
of each sensor was amplified, passed through a 10 kHz low
pass flter, and digitized (to 15 bit accuracy) at a rate of
1024 sumples per period (T). The data from 20 pitching os-
cillations were recorded on digital magnetic tape, ensemble

averaged, and converted to coefficient form. The pressures
were integrated along the chord at each of the five spanwise
stations to determine the unsteady lift, pressure drag, and
pitching moment coefficients. All parameters were available
for on-line analysis. Standard wind tunnel instruments were
used to measure total and static pressures, total tempera-
ture, and dewpoint.

STEADY STATE RESULTS

Steady state pressure distributions were measured at
each Mach number and sweep angle. In general the results
are in agreement with those expected for a simple subsonic
wing. Of most relevance here are the eflects of Mach num-
ber, sweep angle, and spanwise position on the stali charac-
teristics. Figure 3 shows lift and pitching moment curves for
the unswept wing at five Mach numbers for the furthest in-
board station, z/c = 1.52. (Note that 7 1:as been defined as
the distance from the wing tip (Fig. 1) to make the value of
z for each transducer array independent of sweep.} The stall
angle, as determined from the break in the lift and moment
curves, drops from 16.5 " at M.=9.2, to 13° at M.=04, and
to 10 *at M, = 0.6. The maximum lift coeflicient is reduced
from 1.4 at M. = 0.2 to 0.9 at M, = 06, and the sharp-
ness of the changes in lift and moment after stall are also
reduced. The load curves before stall are very similar at all
five Mach numbers, with the exception of the increase in lift
curve slope (as predicted by the Prandtl-Glauert relation?®).
The lift curve slopes for the 3D wing are reduced from the
2D values. ?° The steady-state slope at z/c = 1.52 is 23% less
than the 2D slope, in reasonable agreement with the 27% re-
duction predicted by Weissinger's incompreasible lifting line
theory. 3¢

—e—Mc= 20 -+-M_= 50
~B-M.= I0 —a-M.= 60
TO[ o M= 40

Fig. 3 Effect of Mach number on steady-state lift and mo-
ment at A =0 and z/c=152.




The stendard infinite swept wing normalization (divi-
sion by the chordwise component of freestream dynamic
pressure, g, c08?A) was found to collapse ¢, to a single curve
for the inboard (z/c > 0.3) stations, at lower Mach numbers,
and below stall. An example is shown in Fig. 4a for M, =
0.3 and z/c = 1.06. Close to the wing tip, the influence of
the tip vortex is very strong, and additional differences with
sweep are present. For example, at M, = 0.3 the moment
at z/c = 0.08 on the unswept wing (Fig. 4b) gradualiy be-
comes more negative for a > 4°. This behavior is caused
by the tip vortex rolling up over the tip and increasing the
suction pressure on the aft portion of the chord. At A = 15
and 30 * the vortex does not roll up over the chord, and the
moment remains positive until stall.

-—o—A= 0
~8-A=15
- A=30 F

z/c=0.080
—~0.20 - s —

[+] s 0 15

(-

Fig. 4 Effect of sweep on steady-state inboard lift and tip
moment at M, = 0.3.

20 29 30

Spanwise load distributions are strongly influenced by
wing sweep. Figure 5 shows contours of the steady-state Cp.
as a function of spanwise position and angle of attack at Al
= 0.3. The A = 0 results are in Fig. 5a, and the A = 30 " re-
sults are in Fig. 5b. Since load contours will be used several
times in this paper, it may be helpful to point out how var-
ious characteristics appear. A region without spanwise gra-
dients will have straight vertical contour lines. If the spacing
between these lines is constant, then the load increases lin-
early with angle of attack. If the contour lines are horizon-
tal, then the load is locally independent of angle of attack,
and only spanwise gradients are present. For the unswept
wing (Fig. 5a) the contour lines are uniformly spaced for
a < 13 (the region of attached flow and constant lift curve
slope), and approach vertical as z/c increases. Strong span-
wise gradients are present for 3/c < 0.4. The lift smoothiy
approaches zero at the tip (2 = 0}, A maximum lift plateau
(C, = 1.25) is formed near o = 14 to 16 for z/c > 1.0.
Closer to the tip, maximum lift and stall are delayed by up
to5°.

[ Y

08

Spanwise, z/c

0.

E 3

00

16

12

08

Spanwise, z/¢

0.4

e

0 5 10 15 2 2] 0
Angle, a

Fig. 5 Steady-state lift contours at A = 0 and 30°, M. =
0.3.
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At A = 30° (Fig. 5b) the attached flow contour lines for
a < 10 ° are more nearly vertical for z/c > 0.6, indicating a
reduced influence of the tip vortex. The lift plateau is also
higher (C; =~ 1.4) and broader {15 < « < 19"). Stall is
delayed relative to A = 0, and occurs nearly simultanecusly
over almost the entire span. Many of these effects of sweep
and three-dimensionality will also be important during un-
steady motions.

UNSTEADY PRESSURE RESULTS

Pressure data for a single condition, 8 0 — 30’ ramp
with A =0.02, M, = 0.3, and A== 0, will be examined in some
detail to identify the characteristics of lower Mach number
dynamic stali. Figure 6 shows ensemble-averaged pressures




at z/c = 0.59 for 6 instants during the ramp. At 7 = 0.47
and a = 20.2" (Fig. 6a) there is a strong jeading edge suc-
tion peak {Cp = -9), and no indication of separation. There
is a small region of supersonic flow (M = 1.2) near the lead-
ing edge, indicated by the Cp arrow near x/c=0.005. Sep-
aration begins as the suction peak shrinks (Fig. 6b at o
= 20.8 ). The leading edge separation plateau then widens
and fowers (Figs. 6¢c-fat o = 21.4,22.6, 24.9, and 27.7°), as
the dynarmic stall vortex convects downstreani. The process
concludes with massive separation (Fig. 6g at a = 30°),

The chordwise pressure distributions also illustrate the
strong effects of spanwise posilion on the stall process. Fig-
ure 7 shows instantaneous pressures at 7 = 0.525 (a =23.5 )
for all five stations. At z/c = 1.52, the upper surface sep-
aration plateau extends to x/¢ = 0.6. At z/c = 1.06, the
plateau ends near x/c = 0.4, and at x/¢ = 0.59 it ends near
x/c = 0.2. No evidence of separation is present at z/c = 0.3
and 0.08. The pressures at z/c = 0.08 are distorted by the
roll-up of the tip vortex, which induces high suction loads
on the upper surface trailing edge.

Another view of the stall process is provided by time
histories of the pressures. Figure 8 shows stacks of the
ensemble-averaged upper surface pressures for the condi-
tions of Fig. 6. Results for the furthest inboard station
(z/c = 1.52) are shown in Fig. 8a. The x/c¢ = 0.01 trans-
ducer is at the bottom, with the scale shown at the lower
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Fig. 6 Pressure distributions during 2 0 — 30°ramp at
A=0.02, A =0, M, = 0.3, and 7 '¢=0.59.

right. Successive transducers are offset vertically, with the
origins indicated along the left axis. Both r and o scales are
included along the horizontal axis. Separation is identified
by the sharp loss of suction at x/c = 0.01 and r =~ 0.43
18°). The sharp negative pressure peak associated

~

(a
with the dynamic stall vortex is first observed at x/c
0.049. The peak moves back along the chord and widens.
These time histories are very similar to those obtained at z/c
= 1.06 {not shown}, and are qualitatively similar to ather
results with strong dynamic stall obtained from this exper-
iment, from the 2D experiment,?® and by other researchers.
4-7

Closer to the wing tip, the pressure signature of dy-
namic stall is delayed and diffused. As shown by the time
histories at z/c=0.59 (Fig. 8b) and z/c=0.08 (Fig. &c).
leading edge separation occurs later in the cycle, the ini-
tial strength of the pressure peak associated with the stall
vortex is reduced, and the peak weakens earlier. Separa-
tion occurs at & = 21°for z/c¢=0.59, and at & =~ 26.5"for
2/c=0.08, delays of 3 and 8.5 * relative to z/c=1.52. This
delay is attributed to lower effective angles of attack caused
by proximity to the tip vortex. At z/c=0.59 the negative
pressure peak near x/c = 0.1 remains relatively strong at
ACp =~ 1.6, while at z/c = 0.30 (not shown). the initial
peak is reduced to ACp =~ 0.8. and at z:¢ = 0.08 {Fig. &}
the maximum strength is only ACpr ~ 0.6. As the vortex
moves downstream, the surface pressure peaks become dif-
fuse and difficult to identify for x/c > 0.4 at z/c=0.59 and
for x/c > 0.2 at 2/¢=0.08. The weakening at the tip is prob-
ably related to interaction with the tip vortex. Steady-state
surface oil flow visualization indicates that the vortex rolls
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Fig. 7 Spanwise differences in pressure distributions at o
23.5 "during 8 0 — 30°ramp at A=0.02, A = 0, and M,
0.3.
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up over the wing in a roughly 30 ° triangie beginning at the
tip leading edge.

The effect of spanwise position on the initiation and
propagation of the stall vortex is shown in Fig. 9. Assum-
ing that the minimum Cp at each transducer is associated
with passage of the stall vortex, a least-squares fit of the
times of these minima as a function of chordwise position
may be used to estimate the vortex propagation speed. 2°
In the initial region of constant speed, the estimates for
this particular A=0.02 condition range from 0.25U, at z/c
= 1.52 to 0.15U, at z/c = 0.08. For comparison, speed
estimates for similar conditions from the 2D experiment in-
clude 0.33U, at M, = 0.2 and A = 0.02, and 0.20U, at M.
= 0.4 and A = 0.01. ? The inboard results thus resemble
the 2D results, while the propagation speeds near the tip
are substantially lower. As shown in Fig. 9, the region of
constant apeed extends from x/c¢ = 0.05 to x/c =~ 0.8 in-
board, but only to x/¢ = 0.5 near the tip. Two effects may
contribute to this change. The first is the tip vortex inter-
action discussed above. A second possibility is suggested
by the observation that the region of constant propagation
speed ends at roughly the same time that the pitching mo-
tion stops (r =~ 0.625). In 2D, when motion ended before
the stall vortex passed the trailing edge, there was a pause,
followed by a resumption of vortex propagation at nearly the
same speed. ?° Such behavior is observed in 3D at z/c=0.59
{Fig. 9), but closer to the tip, constant speed propagation
of the vortex does not resume.
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Fig. 9 Estimated stall vortex convection during a 0 —
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Fig. 10 Pitch rate effects on the serodynamic loads at
z/c=1.06, for 0 — 30 °ramps at A = 0, and M, = 0.3.
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Fig. 11 Pitch rate eflects on the aerodynamic loads at
2/c=0.08, for 0 — 30 'ramps at A = 0, and M, = 0.3.

FORCE AND MOMENT RESULTS

Integrated sectional aerodynamic loads exhibit strong
dependence on spanwise position and pitch rate. Figures 10
and 11 contain unsteady sirloads versus a for 0 — 30 ramps
at M, = 0.3 and A = 0 for 5 pitch rates: A = 0.02. 0.01.
0.005, 0.0025, and 0.001. Lift. moment and drag results at
z2/c = 1.06 areshown in Fig. 10, and atz ¢ = 0.08 in Fig. 11.
The symbols represent the steady-state results. The qual-
itative unsteady characteristics are as expected®”: as pitch
raie increases stall is delaved and the peak Cp, Cp. and
Cp are increased. At A = 0.02 the delay is approximately
10 * and the increase in the unsteady load maxima are up to

60% of the steady maxima. At lower pitch rates the effects
are smaller, but still rneasurable, even at A = 0.001. Be-
low stall, the lift and drag results differ only slightly from
the steady-state values, while the unsteady moment shows
the negative offset predicted from thin airfoil theory. 3 The
primary qualitative difference at z/¢ = 0.08 is the gradual
increase in the negative pitching moment (Fig. 11b), rather
than the sharp break observed further inboard (Fig. 10b).
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This is similar to the steady.state results (Fig. 4), and thus
appears to be & quasi-steady rather than unsteady effect.

In agreement with the pressure results (Fig. 7-G), at
M, = 0.3 the quantitative effects of the proximity to the
wing tip include delaying stall and reducing the absolute
levels of the unsteady load increments. This can be seen
in Fig. 12, which plots the difference batween the unsteady
and quasi-steady (QS) lift. (The QS lift was determined
by interpolation of the steady-state values.) At both z/c =
1.52 and 0.08, substantial unsteady loads are first generated
after & =~ 15°. The loads increase much more rapidly at
z/c = 1.52, reaching an initial peak between a = 16 to
19* (depending on pitch rate). At the highest rate, A =
0.02, the largest increment, O — @5 = 1.1, occurs at a =
24*. The unsteady loads increase more gradually at z/c¢
= 0.08, with the maximum (Cp — @S = 0.7 al A = 0.02)
not occutring until @ ~ 26 . (Note that th~ maximum of
CyL — QS is generally larger than the increase in CJ***, since
the delay in stall causes the maximum unsteady lift tc occur
at a time when the QS lift has dropped below its maximum.)

0.0260---- A=
0.0100 ——A=

0.0025
0.0010

2/c=0.08

Fig. 12 Pitch rate effects on the unsteady increment to the
loads for a 0 — 30 *ramps at A =0, and M, = 0.3.

An overview of the spanwise unsteady airloads is pro-
vided by contour plots. Figure 13 shows C; and Cy con-
tours for the A = 0.02 ramp. The primary horizontal scule
is time (r), with an auxiliary scale showing the values of a
during the ramp. In comparison with the steady-state con-
tours (Fig. 5), the C;, contours at A = 0.02 (Fig. 13a) show
a region of high lift (C1 > 1.0) that is stronger and extends
further towards the wing tip. The unsteady moment con-
tours (Fig. 13b) can be roughly divided into three regions.
a) z/¢ > 1, where there are only small spanwise gradients,
b) 0.3 < z/c < 1, where the negative moments induced by
stall are increasingly delayed. and c) zjc < 0.3, where the
tip vortex roll-up exerts the primary influence.
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Fig. 13 Lift and moment contours for a 0 — 30 'ramp at
A =0, A=0.02,and M, = 0.3.

There may appear to be a contradiction near the tip
between the enhanced unsteady lift shown in the contour
plot (Fig. 13), the weakened stall vortex (Fig. 8), and the
reduced levels of C, — @S (Fig. 12). The explanation is
that while the absolute levels of the unsieady increments
are reduced at the tip, the unsteady increments at the tip
are larger relative to the local QS loads. (The QS tip loads
reflect the lower effective angle of sttack induced by the tip
vortex.) The unsteady enhancement of the tip lift has been
previously noted by Robinson and Wissler at lower speed
(M. < 0.08, 6 x 10 < Re < 2 x 105, 5-° Their conclusion
that the enhancement is a result of the tip vortex inhibiting
convection of the stall vortex is supported by the reduced
convection velocities measured near the tip in the current
experiment (Fig. 9).
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MACH NUMBER EFFECTS

Mach number effects on the unsteady aerodynamic
loads are illustrated in Fig. 14 using ramps at M, = 0.2,
0.3,0.4, and 0.5. Eachcurveis for A = 0.01, A = 0, and z/c
= 0.59. The characteristics of the Cr, Ca, and Cp curves
show similarities to the steady-state results (Fig. 3) and to
the previous 2D unsteady results at M.=0.2 and 0.4. *° Be-
low stall the primary difference with M. is the increase of
lift curve slope noted in steady-state. At all Mach nunbers,
the unsteady motion causes a delay in stall and an increase
in the peak Cp, Cp and Cp. These effects are, however,
significantly reduced at higher Mach numbers.

The data can also be presented in terms of the difference
between the unsteady, A = 0.01 loads and the quasi-steady
loads at the same a, M,, and z/c. Figure 15 shows this for
Ci, Cm, and Cp. (The small negative increments to Cp,
for a < 4 ' result from drive system lags associated with the
sudden initiation of the motion.) The unsteady increments
to Cn (Fig. 15¢) are particularly interesting since there
is first the small (Cas — @S = 0.015) negative increment in
attached flow?’, then a positive increment (up to Cp - QS =
0.12) caused by the delay in stall. and fina''y the negative

— M= .20
——-M_= .30

a) 20,

4

5535 W30
- N

Fig. 14 Mach number effects on the anerodynamic loads at
2/c=0.59, for A=0.01 and A = 0.
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increment (up to Cay — QS = 0.12) caused by propagation
of the stall vortex aft along the chord.

The stall delays and maximum unsteady load incre-
ments for the five ramps are given in Table 2. The C,
stall angle identified in the table is the angle at which the
lift either reaches its maximum or (near the tip} at which
the lift slope is abruptly reduced. C) stall is identified
by the the break in the moment curve. AC[** is the in-
crease in the maximum lift above the steady maximum,
while maz(Cx — QS) is the maximum value of the dif-
ference hetween the unsteady and quasi-steady coeflicients
(Fig. 15). Both positive and negative values are given for
Cum — @S. Because of experimental uncertainty and because
determining the stall angle was somewhat arbitrary, Table 2
is intended to illustrate trends rather than to provide precise
quantitative numbers.

A particularly interesting result is that, at M. = 0.2
and 0.3, ACP*® is larger near the tip (in agreement with
Ref. 5 and with the A=0.02 resuits discussed above), while
for M, > 0.4, AC['** is larger inboard. The maz(C, - QS5),
however, is larger inboard at all M.. Since the relative en-
hancement of the tip lift was attributed earlier to interac-
tions between the tip and stall vortices, this observation
implies that compressibility has a significant effect on this
interaction. Another notable result is that the unsteady ef-
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Fig. 15 Mach number effects on the unsteady increment to
the loads at z/¢=0.59, for A=0.01 and A = 0.




Teble 3. Stall Delays and Load Increments
at A=00land A =¢C

a, Oy = Oty ACE“' max(Cx -~ QS)
Ci. Cw CL Cum Cy Cum Cp
z2/c=1.52 '
M.=02 22° 21° 5° 4¢° .30 1.00 +.10,-.22 .39
M.=0.3 19 177 4 2 35 80 +.09.14 .26
M.=04 17 16 4 3 .30 45 +.04.-09 17
M.=05 145 13 45 2 .25 30 +.04-02 03
t/c=1,06
M.=0.2 23 21 6 5 45 1.05 +.12.-.17 .37
.=0.3 19 18 4 3 35 55 +.06,-.13 .23
M.=0.4 17 16 4 3 .30 45 +.02..08 .13
M.=05 145 13 3 1 .20 27 +.04-01 .05
z/c=0.59
M.=0.2 2 22 5 3 .58 80 +.12.-.12 .25
M.=0.3 19 18 3 2 40 45  +.05-.10 .22
M.=04 18 165 3 1 25 .30 - .06 09
M.=0.5 15 4 3 1 15 20 +.00-04 .05
z/€=0.30
M,.=0.2 23 23 5 3 .80 B0 +.07-.07 .17
M.=0.3 22 20 7 2 .30 35 +.04-..08 .13
M.=0.4 18 175 3 5 15 30 +.02-.04 .06
M.=05 155 15 35 1 10 .18 - 03 04
z/c=0.08
M.=0.2 26 - 7 - .50 .55 - 17 .22
M.=0.3 26 - 6 - 40 40 -.-12 .16
-=0.4 23 - B - .20 .18 - 07 .08
M.=0.5 16 - - - .10 15 - .06 04

fect on the moment differs from the effect on the lift and
drag. The maximum negative Cpy — ¢S is nearly as strong
at 2/c=0.08 as it is inboard, even at higher M.. Interac-
tion with the tip vortex is again a likely suspect, since it
has a dominant effect on the tip moments (Figs. 4, 10, and
11). A more extensive study of the relation between the
load increments and the stall delays at each M. is clearly
required.

Instantaneous pressure distributions provide informa-
tion on the inception and progress of dynamic stull at higher
M.. Chordwise pressures for A = 0.01 ramps near the time
of maximum sucticn (shortly before stall) are shown in Fig.
16. The results are for the same conditions and location
used in Figs. 14 and 15. As Mach number increases, the
peak suction pressure coefficient drops from Cp ~ <113 at
M.=0.2, to -3.8 at M.=0.5. At the same time the region of
leading edge supersonic flow expands from less than 1% of
chord at M.=0.3, to 5% at M.=0.4, and to 8% at M.=0.5.
A clear shock is visible at M.=0.5. Also shown in Fig. 16 is
a pressure distribution for an A = 0.0025 ramp at M,.=0.6.
At this condition the peak local Mach number is 1.6, and
the shock occurs at x/¢ =~ 0.15.

The effect of compressibility on the stall process is il-
lustrated in Fig. 17, which contains pressure distributions
during an A = 0.01 ramp at M, == 0.5. Maximum suction
(Cp =~ -3.8and M ~ 1.5) occurs near a = 13.1 ' (Fig. 17a).
At higher a, the increase in C; (Fig. 14) is accounted for
by broadening ihe peak (Fig. 17b). The supersoaic region
remains, but the shock becomes indistinct, and the leading
edge pressure distribution assumes a triangular shape (Fig.
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Fig. 16 Mach number effects on the pressure distributions at
the time of maximum suction during ramps at z/c=0.59 and
A = 0. The M, = 0.6 ramp is at A=0.0025; the remainder
are at A=0.,01,

17 ¢-d). Individual cycle time histories (not shown) indi-
cate that the triangular shape is an accurate representation
of the pressure distribution, and is not caused by ensemble
averaging of a randomly moving shock. Above o ~ 15 the
lift begins to drop, and a separation pressure plateau forms
just below sonic velocity (Figs. 17e-f). This plateau extends
back to approximately x/c = 0.2. The same basic pressure
distribution is maintained through the end of the motion at
a == 16 ° (not shown).

Neither surface pressure distributions nor pressure time
histories (not shown) provide evidence of multiple shocks, as
were observed at moderate a by Schlieren measurements®
of the field about a NACA 0012 airfoil pitching at A =
0016 and M = 0.45. While it is possible (but not likely)
that shifts between supersonic and subsonic flow could occur
between the pressure transducer locations, a more plausible
explanation is that the behavior of a NACA 0012 at Re ~
9 x 10" differs from that of an SSC-A09 at Re ~ 5 x 10°,
Steady flow visualizations (Figs. 245-249 of Ref. 27) show
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a succession of lambda shocks on an airfoil with a laminar
boundary layer, but only a single normz zhock when the
boundary layer is turbulent. Surface hot flm results for the
current experiment indicate that transition occurs upstream
of the shock at M, = 0.5, The multiple shocks of Ref. ¢
may be a resuli of larger regions of laminar flow at the lower
Reynolds number.

A comparison between the A, = 0.5 pressures in Fig.
17 and the M, = 0.3 results in Fig. 6 reveals several dif-
ferences in the stall process. First, at low M, the suction
pressures keep increasing until stall, while at higher M.,

maximum suction occurs well before stall. Second, although
a leading edge separation plateau is formed at both condi-
tions, it is limited to x/¢ = 0.25 at M, = 0.5. The rapid
replacement of the shock by the triangular pressure distri-
bution, followed by the retreat of the suction pressures be.
low C; are also interesting, if as yet unexplained. There
is clearly a strong correlation between the extent of super-
sonic flow, the strength of the shock, the stall process, the
strength of the stall vortex, and the reduction in the un-
steady load increments at higher M., Speculations on the
mechanism have been presented,?1*2028 Byt the issue re-
mains unresolved.
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SWEEP EFFECTS

The effect of sweep on the load coefficients at z/c=
1.06 is shown in Fig. 18 for constant rate ramps at A =
0.02 and M, = 0.3. As was true in steady-state (Fig. 4),
the loads at A = 0, 15, and 30" collapse approxiniately to
a single curve prior to stall, This includes the ACy =~ -
0.03 offsei in attached flow. At this condition and location,
Cpor is somewhat lower at A = 15 and 30° (Fig. 18a), and
occuts at a lower a. The break in the moment curve (Fig.
18b) is also sharper and earlier. These differences become
more pronounced closer to the tip. At z/c = 0.08 (Fig. 19)
the peak Cp, Cp, and Cp are substantially less at higher
A. CP** occurs 1°earlier at A = 15° (Fig. 19a), and an
additional 2 *earlier at A = 30°. The Cps curve (Fig. 19b)
also has u sharper and earlier break at positive sweep.

Many of these features are qualitatively similar to the
steady-state results (Fig. 4). Figure 20 isolates the effects
of sweep on the unsteady increments to the load by piotting
the difference between the Cp — QS and Cp — QS for the A
= 0.02 ramps. At all three sweep angles, large unsteady in-
crements are first observed near o = 15°. At z/c = 1.06 the
maximum unsteady increment to Cp (Fig 20a) is approxi-
mately 1 at A = O but only 0.7 at A= 15 and 30°. The pos-
itive and negative unsteady moment increments (Fig. Z0b)

a) zop ——A= 0
——=-A=15 N,
1.5 S Ay \
""" A=30 ___’.,-" \
< 1of g

g z/cm1.06
0.0 . . . - .
=] S 0 19 20 25 20
o

Fig. 18 Sweep effects on the serodynamic loads at z/c=1.06,
during 0 — 30 * ramps with A = 0.02, and M. = 0.3.




are also slightly smaller for the swept wing. At z/c = 0.08.

C: — QS (Fig. 20¢) is approximately 0.6 at A = G and 15°.
and 0.4 at A =30".

The largest effect of sweep occurs in the moment in-
crements at z/c = 0.08 {Fig. 20d). The negative offset
predicted by thin airfoil theory is present.at all sweep an-
gles below a ~ 15 *. Above this angle the unsteady moment
increment gradually becomes more negative at A = 0, reach-
ing a peak of Cpy — QS =~ -0.20at a= 28", At A = 15 ° there
is a small positive increment (Cy — QS = 0.01) caused by
the unsteady delay of stall, followed by a negative increment
of up to Cpy — QS = -0.15 caused by the stall vortex. At
A = 30°, the unsteady moment increments are similar to
those occurring further inboard at lower sweep angles: a
large positive increment (Cp — QS ~ 0.05), followed by a
negative increment of Cpy — QS =~ -0.07, Differences with
spanwise position are substantially reduced at A = 30°".

The effects discussed above seem to he primarily the
result of a lessened influence of the tip vortex for the swept
wing. Since sweep moves the aft portion of the wing away
from the vortex, the effective angle of attack near the tip
is increased. Stall ccrurs earlier, and the resulting dynamic
stall vortex may be somewhat weaker. After stall, more
complex interactions are likely between the tip vortex, the
stall vortex, and (possibly) the corner vortex at the wall.

z2/c=0.08
o.2}
©-98 e 18 20 25 30
a

Fig. 19 Sweep effects on the aerodynamic loads at 2/c=0.08,
during O — 30° ramps with A = 0.02, and M, = 0.3.

One example is the three post-stall peaks in Cp — QS at A
= 15'{Fig. 20a). This type of sirong oscillation eccurred
at several other test conditions at this sweep angle. Weaker
post-stall oscillations were more common at A = 0and 30°.
Strong osciilations associated with periodic vortex shedding
were previously observed during 2-D testing at higher pitch
rate. 2 The connection between sweep, tip effects, and post-
stall oscillations is not yet apparent.

Lift and moment contours for A = 0.02 ramps at M,
= 0.3 are shown in Figs. 13 (for A = 0), 21 (for A= 15"),
and 22 (for A = 30'). The Cy contours will be discussed
first. For 2/c < 1 there are major differences with sweep
both during and after stall. Maximum lift occurs earlier (at
lower a) inboard at A= 0 {Fig. 13a). but earlier near the
tip at A = 30 ° {Fig. 22a). The high lift (C, > 1.4) plateau
extends over the complete span at A = 0, but only out toz/c
~ 0.3 at A = 15°(Fig. 2la) and toz/c =~ 0.5 8t A = 30",

=0.
3=0.10

~0.205 = - 20 25 3o

&
Fig. 20 Sweep cffects on the unsteady increment to the loads
at z/c=1.06 and 0.08, during 0 -~ 30" ramps with A=0.02,
and M, = 0.3.
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This is a result of the reduced unsteadv lift increments for
the swept wing (Fig. 20). and indicates that the enhanced
tip lift observed on unswept wings® may vanish with sweep.

In the post-stall region, both the Cp and CM contours
exhibit large qualitative differences with sweep. At A = 0
(Fig. 13) the contours are widely spaced, indicating small
spanwise and temporal gradients. At A = 15 °(Tig. 21) the
contours are mostly vertical (independent of spanwise posi-
tion), but show a strong oscillation with time. Finally, at
A = 30" (Fig. 22), the contours are approaching horizontal,
implying a strong spanwise gradient in a largely steady flow.
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Fig. 21 Lift and moment contours for a 0 — 30’ ramp at
A =15", A=0.02, and M, = 0.3.

The differences in stall characteristics are most appar-
ent in the moment zontcurs. The distortion of the contiurs
for 2/c < 0.3 caused by the tip vortex of the unswept wing
{Fig. 13b) has largely vanished at A = 15° {Fig. 21b). At
this A there is still a slight slant in the contour lines from
upper left to lower right for z/c > 1., corresponding to the
delay in stall. At A = 30" (Fig. 22b) the slant is reduced.
implying nearly simultaneous stall over the entire span. A
peak negative moment of Cp; =~ -0.38 occurs inboard for A
= 30°, in comparison with a peak of -0.32 at A= 0. There
is also a much larger spanwise moment gradient after stall
at A = 30°. Cp changes smoothly from -0.38 at z/c = 1.52
to Cpy =~ -0.05 at 2/c=0.08.
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TIP CAP GEOMETRY EFFECTS

The final parameter change to be discussed is remov-
ing the approximate body of revolution (*round’) tip end
cap (Fig. 1), and substituting a flat plate at z/c = (. As
shown in Table 1, a small numbe- of conditions were re-
peated with the square tip cap. Figure 23 shows a typical
comparison. At z/¢ = 0.59 (Fig. 23a) the lift curves for
ramps at M. = 0.2, A = 0.01, and A = O show only mi-
nor differences between the two geometries. (The symbols
represent steady-state data for the round tip.) This inde-
pendence from tip cap geometry is characteristic of results
for z/c > 0.08. At z/c = 0.08 (Fig. 23b). the square tip in-
creases the lift during the entire motion. C[™** is increased
from 1.4 to 1.8. Pressure time histories (not shown) indicate
that the tip voriex has a stronger and more concentrated ef-
fect on the pressures over the aft 40% of chord. This leads
to a substantial increase in the negative pitching moment.
as shown in Fig. 20c. One consequence of the higher tip
load is a somewhat earlier stall, by Aa~2".

An earlier experiment®® on an unswept wing tip oscil-
lating at low amplitude and Mach number aiso showed much
stronger tip vortex effects for z/c < 0.05 with a square tip.
Similar results were also measured on a hovering (steady)
helicopter rotor model. 3° Two effects may contribute to the
differences in the tip loads. First, the sharp corners of the
square tip will define a fixed separation point for the span-
wise flow, and concentrate the vorticity. Second, steady-
state oil flow visualizations (not shown) indicate that the
tip vortex rolls up near the midchord of the round tip cap.
At this location the round tip extends out to z/c =~ -0.04,
so the vortex is farther from the measuring station at z/c =
0.08.

The tip geometry effects are substan‘ially eliminated at
A =30". Asshownin Fig. 22d, the unsteady lift coefficients
for the A = 0.01, M. = 0.3 ramps are virtually the same.
The only difference is a small change in the quantitative
behavior near stall. This is consistent with the previous
observation that sweep moves the tip away from the vortex,
so that changes to the vortex will have much less influence
on the wing.

CONCLUSIONS

Initial examination of the data from this experiment
has produced the foliowing conclusions:

1. The steady-state aerodynamic load characteristics of
this model, including the effects of sweep, compress-
ibility, and spanwise position, are as expected for a
simple subsoaic wing.

2. The dynamic stall phenomenon on the inboard portion
of the wing is qualitatively similar to that observed
in 2D. The unsteady increments to the loads and the
delay in stall increased with increasing pitch rate and
decreased with increasing Mach number.

— Square Tip
—=~Round Tip

a) 1.6 .
Tt --©- Steady R
1.2F \
N .
- os} @ C
z/c=0.59
Q.4r o = O

z/c=0.08
A=30

Fig. 23 Effect of tip cap geometry on the aerodynamic loads
at z/c=0.59 and 0.08, during 0 — 30" ramps at A = 0 and
30', A=0.01, and M, = 0.2.

3. Data for Mach numbers up to M, = 0.5 indicate that
even though the dynamic stall process is weakened by
a region of local supersonic flow terminated by a shock.
measurable stall delays and unsteady load increments
persist.

4. For the unswept wing, the tip vortex reduces the ef-
fective angle of attack, delays dynamic stall, and, at
M, < 0.3, interacts with the stall vortex to enhance
the unsteady airloads near the tip. This enhancement
relative to the inboard loads is reduced at higher Mach
numbers.




5. For the swept wing, the interaction between the tip
) vortex and the wing is reduced. Dynamic stall occurs
nearly simultaneously over the entite span, and the un-
steady increments to the tip loads are less than those
inboard. Post-stall characteristics, including temporal
oscillations and spanwise gradients are very different

at A=0,15,and 30°.

6. Replacing the round tip cap with a flat plate produces
strong tip vortex effects and increases the lift near the
tip. This effect is important only near A = 0.

The results presented in this paper have provided a
broad survey of the acquired data. The emphasis has been
on the large scale effects of the major parameters. Future
publications will include a more detailed examination of
the pressure measurements (incleding stall vortex formation
and propagation characteristics), results for sinusoidal mo-
tions and for the negative pitch rate portions of the ramps,
results from the unsteady transition measurements, and a
more extensive examination of the interactions between the
parameters.
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APPENDIX VI

UNSTEADY TRANSITION MEASUREMENTS
ON A PITCHING THREE-DIMENSIONAL WING

Peter F. Lorber and Franklin O. Carta

United Technologies Research Center
East Hartford, CT 06108

ABSTRACT

Boundary layer transition measurements have been
made during an experimental study of the aerodynamics of
2 rectangular wing undergoing unsteady pitching motions.
The wing was tested at chordwise Mach numbers between
0.2 and 0.6, at sweep angles of (), 15, and 30", and for
steady state, sinusoidal, and constant pitch rate motions.
The model was scaled to represent a full size helicopter rotor
blade, with chord Reynolds numbers between 2 and 6x 108,
Sixteen surface hot film gages were located along three span-
wise stations: 0.08, 0.27, and 0.70 chords from the wing tip.
Qualitative heat transfer information was obtained to iden-
tify the unsteady motion of the point of transition to tur-
bulence. In combination with simultaneous measurements
of the unsteady surface pressure distributions, the results ii-
lustrate the eflects of compressibility, sweep, pitch rate, and
proximity to the wing tip on the transition and relaminar-
ization locations.

NOMENCLATURE

pitch rate, ée /207,

airfoil chord (17.3 in.)

pressure coefficient, (P - I’ )/q
pressure coefficient for locally sonic
chordwise velocity

reduced frequency, wc/2U,
chordwise Mach number, M., cos A
freestream Mach number
freesiream stalic pressure

dynamic pressure, p.l"}
time

oscillation period

Reynolds number, cU, /v

chordwise component of [reestream velocity,
UycosA

freestream velocity

distance along chord from leading edge
distance along span from tip leading edge

é&@  pitch rate, rad/sec
a  geometric angle of attack
FRINP: @ = Q.7 < 0.125

a= amn t 2(7 - 0125} (amaz — Auman),
0.125 < r < 0.625
O = Qg T 2> 0.625

sine:

O =a, - 0,co82nT

steady state stall angle

A sweep-back angle

v kinematic viscosity
freestream density

T nondimensional time, /T
circular frequency, 2x/T

INTRODUCTION

Knowledge of the state of the boundary layer is a pre-
requisite to understanding the aerodynamics of airfoils and
wings in unsteady motion. In particular, the reaponse dur-
ing dynamic stall (pitching motior penetrating beyond the
steady-state stall angle) may differ substantially, depend-
ing upon whether the boundary layer prior to separation is
laminar or turbuleat, completely subsonic or locally cuper-
sonic, fully attached or containing regiors of reversed flow.
The boundary layer state is in turn influenced by the Reyn-
olds and Mach numbers of the exlernal Aow. airfoil contours
and surface roughness, freestream turbulence level, and the
presence of sweep and three-dimeunsionality.

Numerous investigations of dynamic stall have been
conducted, at Reynolds numbers from 10® to 107, at Mach
numbers from essentially incompressible to nearly transonic,
and for a wide variety oi two- and three-dimensional geome-
tries. Most have concentrated on measurements of either
the aerodynamic forces (surface pressures or overall model
loads) or the flow field characteristics (using various visual-
ization techniques). Only a few studies have included mea-
surements of the boundary layer state. The most informa-
tive approach is to obtain complete boundary layer profiles
at numerous stations by means of hot wire anemometry!
or laser velocimetry.? This is usually a difficult and time-
consuming process. A simpler approach is to use surface-
mounted inztrumentation to obtain qualitative characteris-
tics. Sublimation, surface visualization, and shear-sensitive
liquid crystal techniques have proven useful in steady or
slowly varying flow. For higher frequency (f = 10Hz) condi-
tions, and when data can only be efficiently acquired elec-
tronically, the surface hot film gage is preferred.3-*

This paper presents the results of such surface hot film
gage measurements of the state of the boundary layer on
a three-dimensional wing model. The model was scaled to
be representative of a full scale helicopler main rotor, with
Reynclds numbers of 2-6x 10°. It was tested at freestream
Mach numbers between 0.2 and 0.6, and in both swept and
unswept configurations. Previous publications®~1° have de-
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load resulis from the current experiment and from an ear-
lier experiment using a two-dimensional {tunnel-spanning)
version of this model. The boundary layer state measure-
ments described in the current paper should contribute to
the understanding of the previous results. The measured
transition locations should aiso be useful for computational
simulation of the experiment.

DESCRIPTION OF EXPERIMENT

The model was a straight, rectanguiar, untwisted, semi-
span wing of 17.3 in. (44 cm) chord and 48 in. (122 cm) span
{Fig. 1). The aspect ratio of a full wing would be 3.6. The
wing consisted of a steel spar and fiberglass airfoil panels,
and had a Sikorsky SSC-A00 0% thickness cambered section
(Fig. 2). Airfoil coordinates have been provided in Ref. 6.
The surface was kept smooth, with no artificial roughness
added to alter the transition characteristics. The wing was
mounted at sweep angles of 0, 15, and 30 from the side
wall of the 8 ft (2.4 m) octagonal test section of the UTRC
Large Subsonic Wind Tunnel. Additional airfoil panels were
added to the spar at non-zero sweep angles in order to keep
the wing tip | chord at the tunnel centerline. The experi-
ment was conducted at five chordwise Mach numbers, M, =
0.2, 0.3, 0.4, 0.5, and 0.6. Based upon the model chord and
the fact that this wind tunnel is vented to atmosphere in
the stilling section, the chord Reynolds numbers for these
experiments were approximately equal to 107 x M,. Lon-
gitudinal turbulence levels have been measured in this fa-
cility vsing an LDV system to be between 0.7 and 1.2% of
the freestream velocity!!. Measurements with an unsteady
pitot-static probe during the current exneriment indicated
root-mean-square unsteadiness equivalent to 0.35-0.5% of
the freestream velocity for 0.3 < M, < 0.6, and 0.9% at M,
= 0.2.

A hydraulic rotary drive oscillated the model in pitch
about the line connecting the root and tip % chord. Two

2 O
$ $
!x ¢ * N
- . . @ Pressure N
. . . x Hot Film [
® X \
. L ] -
. X
2 [ -
[l 1 i 1 L 1 | ] L J
00 03 06 09 U e

P :
S;)on, l%/c "

Fig. 1. Wing planform and instrumentation locations.
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Fig. 2. 85C-A09 airfoil section.

pitching waveforms were used, sinuroids and ramps. The
sinusoids were performed at frequencies from 1.25 to 12
Hz (0.025 < k < 0.15), at amplitudes primarily of 6 and
10°, and at numerous mean angles. The ramps began at
a steady-state condition (usually a = 0), increased at con-
stant rate to 8 maximum angle, maintained that maximum
for a short time, and then returned to the initial condition.
The maximum pitch angles were 30°at M, = 0.2 and 0.3,
25°at M. = 04, 18°at M, = 0.5, and 13.5"at M, = 0.6.
The nondimensional pitch rates were selected between A=
&e/2U of 0.001 and 0.025, bounded by a limiting dimen-
sional rate of 560 /sec. Data were obtained for a total of
259 large amplitude sinusoids, 120 ramps, 260 small ampli-
tude sinusoids, and 205 steady-state conditions. The com-
plete data set will be made available in a technica! report
and a set of digital data tapes.

Unsteady surface pressure measurements were made on
the wing model by 112 miniature tranaducers distributed
among five spanwise stations. The suction surface trans-
ducer locations are shown by the dots in Fig. 1. The chord-
wise arrays on the upper surface had 10, 14, or 18 transduc-
ers each. The lower surface arrays were less dense, contain-
ing 6 or 18 transducers each. The transducers were installed
80 as to retain a smooth surface contour and achieve a flat
frequency response to at least 4 kHz. The pressures were
integrated along the chord at each spanwise station to deter-
mine the unsteady lift, pressure drag, and pitching moment
coefficients.

Sixteen flush-mounted surface hot film gages were used
to determine transition and separation locations. As shown
by the x-marks in Fig. 1, the gages were located in chordwise
arrays at three spanwise stations, z/c = 0.08, 0.27, and 0.70.
(Note that z = 0 is at the wing tip.) The chordwise stations
were x/c = 0.026, 0.060, 0.103, 0.192, 0.302, 0.464, 0.682,
and 0.880. All eight chordwise stations were used at z/c
= 0.70, while only the forward four stations were used at
z/c = 0.08 and 0.27. The x/c = 0.026 and 0.103 gages at
z/c = 0.70 were offset by 1 in. (to z/c == 0.65) to reduce
the chance for thermal interference. TSI model 1268 gages
were installed in holes drilled through the fibergiass airfoil
skins. Each gage consists of a heated element deposited on
the end of a 0.15 in. (0.38 cm) diameter quartz rod. The hot
films were operated in the constant-temperature mode, at a
nominal operating temperature of 225 C, corresponding to
an overheat ratio (hot to cold gage resistance) of 1.35. The
output voltage will increase with the heat transfer from the
gage, and therefore, by the Reynolds analogy, with the shear
stress at the wall. The anemometer circuits were mounted
imimediately outside of the wind tunne! wall to minimize
lead resistance and noise.

The output voltages from both the pressure transducers
and hot film gages were passed through a 10 kHz low pass
filter, and digitized (to 15 bit accuracy) at a rate of 1024
samples per oscillation period (T). Ensemble-averaged time
histories were computed using data from 20 pitching oscil-
lations. Both the individual oscillations and the ensemble
averages were recorded on digital magnetic tape.
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The hot film results were intended {o provide only qual-
itative information on transition and separation locations.
When the flow over the hot film gage is laminar, the heat
transfer is generally low, with little random unsteadiness.
Movement of transition pust the gage is indicated by a rapid
rise in heat transfer, accompanied by an increase in the
higher frequency, random portion of the signal. Separation
i indicated by a low level of average heat transfer, but a
high level of unsteadiness. Interpretation of hot film sig-
nals is simplified in a periodic unsteady flow because the
changes from one flow state to another can be more read-
ily identified than the characteristics of a stcady-state flow.
It is particularly difficult to determine if an individusl signal
with moderate unsteadiness is turbulent, separated, or tran-
sitional.

No attempt was made to obtain quantitative values of
skin friction. Calibration of multiple surface mounted gages
for unsteady flow is quite difficult, because of the need to
either a) calibrate all probes in a reference unsteady flow
prior to installation, b) provide a reference flow at each
probe, or c) calibrete the probes by comparison to a trace-
able and portable reference probe. Surface-mounted quartz
substrate goges (such as used here) have been shown to
have limitations in unsieady flow, including different steady
and unsteady calibrations'*!® The difficulties are created
because hent is transferred not only from the active element
to the fluid, but also from the element to the substrate, fiom
the substrate to the model, and from the substrate to the
fluid. The characteristic lengths and times for these various
processes differ, resulting in different steady and unsteady
responses.!? Surface gages with a cavity below the heated
element have been more successful in obtaining quantita-
tive unsteady data.!*!® The qualitative information at the
relatively low frequencies (1-10Hz) of interest here should,
however, be valid.

Transition information may also be obtained from the
surface pressure data. As described in Refs. 1, 5, 6, and 16,
transition is frequently accompanied by an increase in the
higher frequency random component of the pressure, and by
a small shift in the ensemble-avarage. The problem with this
technique is that transition is not the only source of such
pressure changes. The pressure information is most uselul
in confirming or extending transition information obtained
from other means. For example, several hot film gages were
not operating properly during the unswept portion of this
experiment. The data from adjacent pressure transducers
was used to cover the resulting gaps between functional hot
films. Comparison between hot film and pressure informa-
tion at other stations confirmed that the pressure changes
were actually caused by transition.

STEADY CHARACTERISTICS

For each steady (fixed a) condition, hot film gage volt.
ages were recorded over a 5 second period and averaged.
Rezults for each value of a during s particular test series
{at fixed M, and A) were used to forma ‘quasi-steady’ data

a) AC Voltage

Hot Film AC Volitage

%

-0.6
X

Hot Filmm Qutput

Fig. 3. Steady hot film results at M, = 0.3, A = 30, and
z/c = 0.7

file contalning hot film outputs ca a function of a. Figure 3
shows an example for M, = 0.3 and A = 30°. The results
for the B gages at £/c = 0.7 (the station furthest from the
wing tip) are shown in two formata: as AC volteges (Fig. 3a)
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and self-scaled to & peak-to-peak vaiue of 1 (Fig. 3b). The
AC voltage illustrates the magnitude of the output varia-
tions, while the self-scaled output allows regions of change
to be easily identified and provides a clear qualitative pic-
ture. (Since the gages are not calibrated, quantitative com-
parisons between gages are not possible.} The origins for the
output at each chordwise position (x/c) are along the left of
the figure, and the scale is at the lower right. Because data
points were only acquired every 1 or 2°, the quasi-steady
series appear tomewhat rough,

At x/c = 0,026 the sharp increase in heat transfer cor-
responding to the passage of the transition point over the
gage occurs between a = 8 and 10° . Similar sharp increases
are also present for the x/¢ = 0,06, 0.10, and 0.19 gages, but
at successively lower values of «. This indicates that at o =
0, transition occurs between the x/c = 0.19 and 0.30 gages,
and as ¢ increases the transition point moves forward, oc-
curring upstream of the x/c = 0.026 gage for & > 10°.
Away frora transition, the heat transfer decreases with in-
creasing o in both laminar and turbulent regions prior to
separatior. This decrease is a consequence of the thickening
of the boundary layer. It is present for 0 < a < 8°and
10°< o £ 20" at x/c = 0.026, and at a £ 15°for x/c =
0.682.

Separation is manifested by the sharp drop in. heat
transfer that occurs after & = 15 °, most noticeably at x/c
= 0.06, 0.10, and 0.19. This sharp drop does not occur at
the x/c = 0.026 station unti! & = 25°', On the aft portion
of the wing, where the boundary layer is never laminar, the
self-scaling emphasizes a 'bumnp’ of increased heat transfer
that oceurs while the separation process is underway (be-
tween its initiation &t a = 15 * and completion at a = 26°.
A possible explanation is that the turbulent boundary layer
near the trailing edge is already quite thick at @ = 15°, and
in fact may have thin regions of reversed flow. The result-
ing heat transfer from the hot Rim gages would be quite low,
The vorticity shed during separation energizes the trailing
edge fow, increasing the heat transfer. Once the process
is completed and the flow has separated over the entire sec-
tion, the average output returns to a low level. (The random
variations, not shown here, remain high.)

A more quantitative picture of the effect of changes in
Mach number, sweep angle, and spanwise position on steady
flow transition is previded in Fig. 4. The symbols represent
the angle of attack, a, at which the transition point moves
past the hot film gage at each chordwise position, x/c. The
selected value of a was that corresponding to the most rapid
increase of hot film output, which generally occurred 20-
40% of the way from the start to the finish of the transition
process. Figure 4a illustrates the effect of Mach number at
fixed spanwise position (2/c = 0.70) and sweep angle (A =
30). At M, = 0.2 transition occurs near x/c = 03 at a =~ 0,
and moves forward of x/c = 0.026 by a = 10°. AL M. = 0.3
transition is always forwerd of x/c = 0.3, and moves paat the
xfc = 0.19, 0.10, 0,08, and 0.026 gages at somewhat lower
angles of attack than at M, = 0.2, This trend continues
at M, = 0.4, as transiiion always occurs before x/c = 0.19,

&) Mach number effects, at 2/c = 0.7
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Fig. 4. Mach number, sweep angle, and spanwise position
effects on transition localions in steady flow.

and moves forward of x/c = D.026 at @ =~ 8.5°, a value
approximately 1.5 ' less than at M, = 0.2. These results are
consistent with previous data from the unswept 2-D version
of this model at M, = 0.2 and 0.4.° The primary difference
is that the lower eflective angle of attack of the 3-D model
(a result of the wing tip vortex®) delays the forward motion
of transition to slightly higher geometric angles. The final
data shown on Fig. 4a are at M, = 0.5. The transition
point ceases forward motion near x/c = 008 at a = 7°.
The shock effects responsible for this will be discussed in
the section on Mach number effects on unsteady transition.
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Figure 4b illustrates the effect of sweep angle for fixed
spanwise location (z/c = 0.7) and Mach number (M, = 0.3).
At lower angles of attack (a < 6 "), transition is delayed by
non-zero sweep. At a = 0 transition on the swept wing oc-
curs near x/c = 0.3, approximately 10% of chord further
downstream than at A = 0. The furward motion of tran-
gition Is delayed by up to 3'in e« at A = 15", and by up
to1'at A = 30", in comparison to the A = 0 results. As
a increases this difference is reduced. The motion of the
transition point past the x/c = 0.026 gage occurs at o =
10 * for all three sweep angles.

The effect of spanwise position is illustrated in Fig. 4c
at fixed Mach number (M, = 0.3) and at two sweep angles
(A = 0and 30'). At A = 0 (the solid lines) there is a
substantial difference between the inboard (z/c = 0.7) and
tip (z/c = 0.27 and 0.08) stations. Compared to the in-
board results, transition near the tip occurs further forward
(at x/c ~ 0.06) at low a but moves forward more slowly
(passing x/c = 0.026 at 2 higher a). Several mechanisms
appear to be involved. Proximity to the wing tip implies
proximity to the tip vortex, which reduces the effective an-
gle of attack. This would tend to delay forward motion of
transition. In contrast, transition may be promoted by the
three-dimensionality and unsteadiness introduced by the tip
vortex. It is possible that at low a this second mechanism
causes early transition, while the forward motion of tran-
sition is delayed by the reduced effective angle of attack.
These differences do not appear at A = 30°, or at A =
13 ' (not shown). This is plausible since the tip vortex has
jess influence on the aerodynamic loading when the wing is
swept.?
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UNSTEADY TRANSITION

The simplest example of transitior. in unsteady flow is
provided by data obtained during constant pitch rate ramps.
Figure 5 shows ensemble averaged hot film and pressure time
histories for an a = 0 to 30 ' ramp at M. = 0.2, A = 15, and
A = 0.005. The series of pressure coefficient time histories
at z/c = 0.59 shown at the left of the figure show a smooth
increase in pressure until an abrupt separation occurs at
a nondimensional time of r = 0.45 (corresponding to a =
20" ). After separation a negative pressure peak associated
with the dynamic stall vortex travels aft along the chord.
This is followed by a region of constant pressure indicating
massive separation. Further details on the pressure mea-
surements during dynamic stall are provided in Refs. 6, 9,
and 10.

The corresponding hot film time gage time histories at
z/c = 0.7 are shown at the lower right of Fig. 5. Note that
because data are acquired 1024 times over the period, T,
the temporal resolution of the unsteady measurements is
much greater than that of the quasisteady ineasurements
(Fig. 3). Thus the movement of transition past the gages
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Fig. 5. Pressure and hot film time histories and chordwise
pressure distributions at M, = 0.2, for a ramp at A = 0.005,
A= 15",and z/c = 0.7.
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is very sharply defined. Over the initial (steady state, o =
0) portion of the cycle, transition occurs just aft of the x/c
= 0.30 gage, but once the pitching motion begins at r
0.125, transition immediately moves forward. The motion
continues until r = 0.3 (& = 10°), when transition occurs
uhead of the x/c = 0.026 gage. As shown by the chord-
wise pressure distributions at r = 0.2 (number 1 in Fig. 5)
and at r = 0.3 (number 2), transition {indicated by the 'T’)
typically otcurs shortly after the suction peak. This is in
agreement with the experimental and theoretical work re-
ported in Ref. 17 for incompressible flow over airfoils at a
Reynolds number range of 10° < Re < 10°. The strong ad-
verse pressure gradient downstream of the suction pressure
peak was found to induce transition within 1-2% of chord
aft of the peak.

The series of arrows on the pressure time histories (the
left portion of Fig. 5) indicate local pressure increases that
approximately correspond to the transition measurements
obtained with the hot film gages (the right portion of the
figure). The pressure increases are quite small, and sre only
apparent between x/c = 0,026 and 0.149. They generally
occur slightly after the hot film gage output rises, i.e. when
transition is complete.

The results in Fig. 5 indicate that transition has moved
very close to the leading edge by r = 0.3, well before the
onset of separation at r = 0.45 (a = 20°*). There is no indi-
cation of a significant transitional separation bubble. This
implies that dynamic stall for the SSC-A09 section at Reyn-
olds numbers greater than 2x10% is a result of turbulent
boundary layer separation. This differs from the observa-
tions reported in Refs. 1 and 2, for the NACA 0012 airfoil
at lower Reynolds numbers (approximately 3-5x10%). For
those conditions, the transitional separation bubble appears
to be a key participant in the dynamic stall process. The se-
quence observed in the current experiment, laminar bound-
ary layer - turbulent boundary layer - separation, has also
been observed during other high Reynolds number experi-
mente, such as Refs. 3 and 4. The separation process for the
current model is discussed at greater length in Ref. 10,

The preceding paragraphs have described the general
behavior of transition during an unsteady pitching motion.
This behavior is similar to that observed at other pitch rates,
sweep angles, spanwise positions, and Mach numbers (at
least when local supersonic Aow effects ire minimal). The
actual location of the transition point, and its motion as a is
increased is, however, dependent on all of these parameters.
These dependencies will be discussed next.

Pitch Rate Fffects

The effect of pitch rate on the location of transition is
illustrated in Fig. 6. Figure 6a shows results at the inboard
station, z/c = 0.7, for ramps at a series of five pitch rates
between A = 0.001 and 0.02, at fixed Mach number (M.
= 0.3) and sweep angle (A = 0). Steady results are also
included. Note that the results at x/c == 0.10 and 0.149 were
obtained using RMS pressure date, because of the probiems
with the 0.10 hot film gage described above. (There is no
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Fig. 6. Effect of pitch tate on transition locations for ramp
motions at M, = 0.3,and A = 0.

hot film at x/c = 0.149). The primary effect of increasing
the pitch rate is to delay forward motion of the transition
point. There is a delay of approximately 0.8 * between the
steady and A = 0.001 conditions, and an additional delay
of approximately 1.2 'from A = 0.001 to A = 0.02. The
unateady delays are consistent with the results for the 2-D
model®. Data at z/c = 0.027 and at other pitch rates and
sweep angles (not shown) exhibit similar lags with increased
pitch rate,

Close to the wing tip, at z/c = 0.08 (Fig. 6b), there
is still = transition delay associated with increased pitch
rate, but there is also & a substantial difference between the
steady and unsteady response. In steady flow the transition
point moves fromx/c = 0.06 at a = 2 "to x/c = 0.026 at & =
10 °. This behavior has been discussed above in connection
with Fig. 4c. In unsteady flow transition occurs consider-
ably further aft, between x/c = 0.10 and 0.19 at low a, and
moves forward of x/c = 0,026 only at a = 15-16°, a delay
of at least 5 ‘compared to the steady results. Since the rel-
atively early transition in the steady flow was attributed to
unsteadiness and three-dimensionality associsted with the
Lip vortex, it is possible that these disturbances do not de-
velop rapidly enough during the unsteady ramp to cause
early transition.




Sweep Effects.

Figure 7 illustretes the effect of sweep angle on the tren-
sition location during ramps at A = 0.01 and M. = 0.3. At
the inboard location of z/c = 0.70 (Fig. 7a), the effect of
sweep appears limited to a somewhat earlier transition at
low o for the unswept wing. For a > 8°, the transition
jocation exhibits no dependence on sweep. This is consis-
tent with the steady-state, M, = 0.2 data shown in Fig. 4b,
and with pressure data® showing little effect of sweep on the
inboard portion of the wing prior to stall. At z/c = 0.08
(Fig. 7b) sweep effects are more significant. Transition on
the unswept wing occurs further forward for a« < 8°, and
further aft for a > 10", This is also consistent with the
steady-state results (Fig. 4¢).

Mech Number Effects.

The effect of Mach number will be iliustrated using
ramp data for the A = 15° wing, at a nondimensional pitch
rate of A = 0.005, and at the z/c = 0.70 station. Ensemble
averaged hot film time histories and instantaneous chord-
wise pressure distributions will be discussed at M, = 0.2,
0.3, 0.4, 0.5, and 0.6. This sweep angle and spanwise posi-
tion was selected for in-depth discussion because the span-
wise variations appear relatively low. The pitch rate of 0.005
was selected because it was the highest value that was within
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Fig. 7. Effect of sweep on transition locations for ramp
motions at M, = 0.3, and A = 0.01,
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the drive system limits at all Mach numbers. Qualitatively
similar variations with M, were measured at other test con-
ditions.

At M, = 0.3 (Fig. 8) the results are generally similar
to those already described at M. = 0.2 (Fig. 5), with two
differences. The first is that the initial transition location is
somewhat further forward, near the x/c = 0.19 gage rather
than at the x/c = 0.30 gage. As shown by the chordwise
pressure distribution at r = 0.2 (a = 4.7°, number 1 in
Fig. 8), the transition location (indicated by the 'T’) is still
slightly downstream of the suction peak. A more interest-
ing difference from the M. = 0.2 results is the rapid drop in
hot film output prior to transition present at x/c = 0.026.
This drop is sharper than the gradual reduction that typ-
ically occurs as increases in a cause the boundary layer to
thicken and thereby reduce the heat transfer. More rapid
reductions tend to occur at M, > 0.3, both in the current
experiment and also in the earlier two-dimensional unswept
experiment®. The cause appears to be compressii litv. The
minimum hot film output is at r = 0.275 and a = .1".
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Fig. 8. Hot film time histories and chordwise pressure dis-
tributions at M, = 0.3, for a ramp at A = 0.005, A=15",
and z/c = 0.7,




Based upon the m- ssured pressure distribution (number 2
in Fig. 8) and th- steady isentropic relations, the maximum
local Mach nuw.oer at this time is approximately 0.6, double
the freest:eam value. Increasing the local Mach number gen-
eraliy increases the temperature, increases boundary layer
thickness, reduces the density, and increases the molecular
viscosity and thermal conductivity.!® The fitst three effects
will tend to reduce the heat transfer from the heated ele-
ment to the air (and therefore to decrease hot film output),
while the increasc in conductivity will tend to increase heat
transfer. The actual balance between the effects in this un-
steady, variable pressure gradient flow is not known, but it
appears that the eflects tending to decrease heat transfer
are stronger., There is in general a good correlation be-
tween rapid drops in hot film output and regions of high
subsonic local Mach numbers. No evidence has been found
for the other possible cause of the decreased heat transfer,
a laminar separation bubble. Neither the surface pressure
distributjons, the magnitude of randoin unsteadiness in the
hot film and pressure signals, nor limited surface oil flow vis-
ualization indicate separation at these low angles of attack
{(a<107).

At M. = 0.4 (Fig. 9) the drop in the heat transfer near
the leading edge prior to transition is more pronounced. The
maximum local Mach number at 7 = 0.35, the time of min-
imum hot film output, is 0.83. The sequence of events is
quite compressed for this condition. First, the transition
point moves forward of x/c = 0.026 at 1 = .37 (& = 9.7" ),
as shown by pressure distribution number 1 in Fig. 9). Next,
the flow becomes locally supersonic at r =~ 0.4 (a = 10.9").
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This is indicated in pressure distribution number 2 by the
C; arrow. The supersonic bubble expands past x/c = 0.060
at 7 = 0.475 (a = 13.9°, pressure distribution number 3),
with & maximum local Mach number of 1.27. This is almost
immediately followed by separation, as indicated by the loss
of leading edge suction starting at r = 0.5 (a = 14.9°,
pressure distribution number 4). The scoaration appears to
initiate near x/¢ = 0.02-0.10 (as indicated by the earliest
drop in heat transfer). The rapid sequence of transition, su-
personic flow, and separation in a very compact region near
the leading edge illustrates the complexity of the flow and
demonstrates the need for high spatial and temperal reso-
lution in both experimental or computational experiments.

At M, = 0.5 the region of supersonic flow is more exten-
sive, leading to the more complex hot film response shown
in Fig. 10. At lower o the flow remains subsonic, and the
behavior is similar to that at lower M,. The transition point
moves forward from its initial position near x/c = 0.19, and
passes x/c = 0.10 at r = 0.3. Pressure distribution number 1
(at @ = T7.1") in Fig. 10 illustrates this portion of the cycle.
By r = 0.4 (a = 8.8, pressure distribution number 2), the
flow ahead of x/c = 0.06 has become supersonic. Although
the maximum local Mach number is quite low (1.05) at
= 0.4, it increases rapidly, reaching 2 maximum of 1.4 at r
= 0.5 (@ = 12°*, pressure distribution number 3). The hot
film time histories reflect the formation of the shock at r =~
0.4 by the rapid drop in heat transfer at the x/c = 0.026
gage and the rapid increase in heat transfer at the x/c =
0.06 gage. The decrease at the x/c = 0,026 gage is similar
to the decreases caused by compressibility that were previ-
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Fig. 9. Hot film time histories and chordwise pressure dis-
tributions at M, = 0.4, for a ramp at A = 0.005, A = 15°,

and z/c = 0.7.
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Fig. 10. Hot film time histories and chordwise pressure
distributions at M. = 0.5, for & ranip at A = 0.005, A =
15°, and z/c = 0.7.

ously described at lower M.. The increase at x/c = 0.06,
which is now downstream of a shock, appears to be & com-
bination of two factors. The first is transition, induced at
the shock, and the second is the increase in density behind
the shock (a 50% increase is predicted by the normal shock
relations). An increase in temperature will also occur be-
hind the shock, tending to reduce heat transfer from the hot
film, but the eflects of the density increase and of transition
are apparently dominant.

As o increases further, the supersonic region expands
aft past the x/c = 0.06 gage at r =~ 0.45. The heat trans-
fer from this gage drops since it is now in the supersonic
flow ahead of the shock. Pressure distribution number 3 in
Fig. 10, at r= 0.5 and a = 12.0 ", illustrates this situation.
It is likely that the transition point has returned aft with the
shock, to between the x/c = 0.06 and 0.10 gages, RMS hot
film time histories (shown at the center of Fig. 10) support
this hypotheses. The RMS is the variation at each value of
1 of the data for 20 individual cycles about the ensemble
average. The RMS at the x/c = 0.06 gage is considerably
lower at r =~ 0.4 and 0.5, when the ensemble averaged out-
put is low (and the flow is presumed to be laminar at this
gage), than at r =2 0.425, when the ensemble averaged out-
put is high (and transition is presumed to be forward of
the gage). At r = 0.55 (a = 13.6°, pressure distribution
number 4) the boundary layer has begun to separate near
the shock. The time and location of the separation are indi-
cated by the initial reductions in heat transfer and suction
pressure. Pressure distribution number 4 clearly shows the
loss of suction and the disappearance of a sharply defined
shock. The flow very quickly becomes massively separated
over the entire upper surface. This process is more com-
pletely described in Refs. 9 and 10.

At the highest Mach number, M, = 0.6, compressibil-
ity effects are even more dominant. As shown by pressure
distribution 1 in Fig. 11, locally supersonic flow begins at
r = 0.3 and a = 4.5'. Transition occurs between the x/c
= 0.10 and 0.19 gages, just aft of the suction pressure peak.
Transition moves forward past the x/c = 0.10 gage at 7 =
0.35 (o = 5.5°, pressure distribution number 2). While the
maximum local Mach number at M, = 0.6 is 1.45, almost
the same as the value measured at M, = 0.5, the supersonic
region exiends further aft, to x/c = 0.19 at r = 045 (a
= 7.6, pressure distribution number 3). As at M. = 0.5,
there is reduced heat transfer from the hot film gage ahead
of the shock and increased transfer from the gage behind
the shock. Transition is again linked with the shock, and
appears to move aft as the supersonic zone strengthens be-
tween 7 = 0.35 and 0.45. Separation occurs starting at r =~
= 0.55, a» indicated by drops in the ensemble averaged hot
film output, increased randomness, and the disappearance
of a sharply defined shock. This last effect is shown in pres.
sure distribution number 4, at r = 0.6 and a = 11.1°. At
M. = 0.6 the loss of leading edge suction is not as sudden as
at M, = 0.5, and massive separation of the entire upper sur-
face is somewhat delayed. Further details on the separation
process are provided in Ref. 10.




The transition results described in this section are sum-
marized in the form of a transition location versus angle
of attack plot in Fig. 12. The low angle of attack (a <
4°') data indicate that as M. increases, the transition point
moves forward earlier. Motion past the x/c = 0.19 gage oc-
curs at approximately 4’ earlier at M, = 0.6 than at M, =
0.2. The earlier transition at higher M, may be at least in
part a result of increased Reynolds number. At low angle
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Fig. 11. Hot film time histories and chordwise pressure

distributions at M, = 0.6, for a2 ramp at A = 0.005, A =
15", and z/c = 0.7.

of attack the adverse pressure gradient aft of the suction
peak is relatively weak, so transition may be induced by the
amplification of natural disturbances, similar to the process
on a flat plate. The concept of a critical Reynolds number
based on x, Q;-!, is applicable. For the 0.4-1% freestream
turbulence levels present in this experiment, a critical Reyn.
olds number of approximately 5x10® is jikely.'"® The value
of x/c yielding this Reynolds number varies from x/c = 0.25
at M, = 0.2 to x/c = 0.08 at M, = 0.6, The M, < 0.4 data
in Fig. 12 are in rough agreement with this trend, but at
M. = 0.5 and 0.6, the experimental transition locations are
considerably further aft.

At higher angles of attack (6 < a < 10"}, the depen-
dence of the transition location on M, is reduced (Fig. 12),
as long as the regions of supersonic flow are very small and
weak. Under these conditions (M, < 0.4), transition ap-
pears to be initiated by the adverse pressure gradient im-
mediately aft of the suction peak. As shown by the pressure
distributions in Figs. 5, 8, and 9, the position of the suctijon
peak does not vary strongly with M,.

For M. = 0.5 and 0.6, sizable regions of supersonic flow
develop at moderate angles of attack. The shock terminat-
ing these regions becomes the initiator of transition. As
shown in Fig. 12, at M, = 0.5 this link between the transi-
tion point and the shock causes the forward motion of tne
transition point to be halted near x/c = 0.06-0.10 at a =~
10'. At M, = 0.6, the transition point also remains near
the shock (x/c > 0.1) for @ > 5°. The chordwise resolu-
tion of the hot film measurements is too coarse to determine
whether transition occurs immediately following or preced-

ing the shock. The results only indicate laminar conditions
forward of the shock and turbuience aft. There is no clear
indication of the separation that is the classic response of a
laminar boundary layer to the presence of a shock. There is
also no evidence of the multiple 'lambda’ shocks that are
commonly observed with laminar boundary layers.2®2! jt
must be emphasized that there are potentially significant
differences between the current experiment and the tradi-
tional results. This experiment is at a low {reestream Mach
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Fig. 12. Effect of Mach number on transition locations for
ramp motions at A = 0.005and A = 15°,
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numbet and moderate angle of attack, generating a thin su- a) Pressure
personic region near the highly curved leading edge, while

the traditional experiments were typically performed at low ORIGH i

angle of attack and higher freestream Mach number, gen- ____g_\'——_’_____

erating a thick region of supersonic flow over the aft (low e -

curvature) region of an airfoil or plate. The combination of T N———

s relatively weak shock (M = 1.3-1.4), & thin supersonic re- D I

gion, and a curved surface may result in a shock that induces W\ ‘
transition, but, at least temporarily, no significant separa- ;SIZ R

tion. At higher angle of attack (o > 12° at M, = 0.5) the

OOOOOOOOOO%

dynamic separation process does begin in the vicinity of the a
!hock‘g'!o U H\/——‘——f—_ -
TRANSITION AND RELAMINARIZATION g W
DURING SINUSOIDAL MOTIONS F W
0 \/___\/SCN.E
The previous sections have described the transition pro- a
cess at steady state and during constant pitch rate ramps. L -1
This section will discuss results obtained for periodic sinu- -3
soidal pitching motions. The primary differences are the -5
introduction of a time-varying pitch rate, and a periodic 'y
wake. The pitch-down portion of the sinusoidal motion also
allows reattachment and relaminarization to be studied. 1'9
PN PR - P | o
Figure 13 provides an example of the hot film and pres- 0.0 0.2 0.4 0.6 08 1.0 ;-‘
sure results during sinusoidal motion. The conditions are o L Lt ) 1 e —— J
=10°- 10" coswt, M, = 0.2, k = 005, A = 15°, and 2/c 0 S1015 2 1510 5 0a

= 0.7. The pressure results (Fig. 13a} show a generally
smooth response, punctuated by a sharp separation at 7 =~
0.46. The separation occurs &t a = 19.8°, afier the pitch b) Hot film
rate has dropped substantially from its maximum value of
A = 0.009. The negative pressure peak associated with the
dynamic stall vortex propagates aft, followed by a constant
pressure region indicating massive separation. Reattach-
ment begins near the leading edge at 1 ~ 0.67 {(a = 15").

The hot film time histories (Fig. 13b) are qualitatively

quite similar during pitch-up to the ramp results at M, =0.2
shown in Fig. 5. As with the ramp, the transition point
moves forward from x/c > 0.30 at a = 0 past x/c = .026 at
a = 10.7°. The region of low heat transfer caused by sep-
aration corresponds to the constant pressure region shown
in Fig. 13a. Starting at 7 = 0.66, the boundary layer reat-
taches from the leading edge aft, as shown by the rapid
increase in heat transfer at the x/c = 0.026, 0.06, and 0.10
gages (Fig. 13b). The high level indicates that the flow
reattaches as & turbulent boundary layer. The subsequent
drop in heat transfer, starting at the x/c = 0.026 gage at
r =~ 0.74 (a = 109"), corresponds to a relaminarization
of the boundary layer, again moving from the leading edge
aft. The relaminarization at x/c = 0.026 occurs at approxi-
mately the same value of a as transition. This symmetry is

Hot Filmm OQOutput

w03

a1 4 N e |
not present for separation and reattachment, since at x/c = 00 0.2 0.4 0.6 08 107
0.026 separation cccurs at a = 19.8 *and reattachment at L Lt i L ]
a = 15°, The symmetry of transition and relaminarization 0 5 10 15 20 1510 S 0aq

does not persist through the conclusion of relaminarization.

The transition point moves aft past x/c = 0.30 at r = 0.97  Fig. 13. Hot film and pressure time histories for sinusoidal
(a = 0.2"), but does not return forward unti! r = 0.07 (@ oscillation at & = 10°- 10 ' coswt, M, = 0.2, k = 0.05, A =
=09"). 15°, and g/c = O.7.
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Transition and relaminarization locations for a series of
sinusoidal oscillations at reduced frequencizs of k = 0.025,
0.05, 0.1, and 0.15 are shown in Fig. 14. The Mach num-
ber, sweep angle, and spanwise position are the same as
in Fig. 13. These results show significant hystezesis in the
transition-relaminarization cycle at higher frequency. At a
given chordwise pasition, relaminarization generally occurs
at a lower a than transition. The largest measured dif-
ference is at x/c = 0.19, where data at k = 0.15 show a
3.6 * lower relaminarization angle. The hysteresis decreases
at higher o, as the transition point approaches the leading
edge, to a maximum of 1.8 ° at x/c = 0,103 and 0.9 " at x/c
= 0.026. At higher a, transition is primarily influenced by
the strong adverse pressure gradient immediately aft of the
suction peak. Thus there is less variation in transition loca-
tion than at lower a, where transition occurs further aft, in
a region with a more moderate pressure gradient. The hys-
teresis observed in Fig. 14 for a = 10" - 10 * coswt motions,
in which there are large regions of flow separation, is also
present in Fig. 15 for a = 6 °- 6 * coswt motions, in which
the boundary layers always remain attached. Separation is
therefore not an essential requirement for hysteresis.

Transition Location, x/c

- 8 12
Angle of Attack, a

Fig. 14. Transition and relaminarization locations for sinu-
soidal motions at o = 10°- 10 coswt, M, = 0.2, A = 15",
and z/c = 0.7.
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Fig. 15. Transition and relaminarization locations for sinu-
soidal motions at a = 6°- 6" coswt, M, = 0.2, A = 15°,

and z/¢ = 0.7.

Time histories at higher Mach number, M. = 0.5, are
shown in Fig. 16, for an a = 6°- 6 coswt oscillation at k
= 0.05. The pressure time histories (Fig. 16a) show a flow
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Fig. 16. Hot film and pressure time histories for sinusoidal
osciliation at @ = 6°- 6°coswt, M. = 0.5, k = 0.05, A =
15°, and 2/c = 0.7.
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that remains attached, but becomes supersonic for x/c =
0.026 and 0.06 at r = 0.3 and & = 8". The expansion of
the supersonic region and rearward movement of the shock
past x/c = 0.06 at 7 = (.38 distorts the pressure time his-
tory by creating a rapid pressure drop. The hot film time
histories (Fig. 16b) during the pitch-up portion of the cycle
appear quite similar to the ramp results at this Mach num-
ber (Fig. 10). The increase in heat transfer at the x/¢ =
0.06 gage between 7 = 0.32 and 0.38 correlates closely with
the pressure time histories (Fig. 16a), which indicate that
the shock forma upsiream of x/c = 0.06, and then moves aft
past this position. A similar, but reversed, sequence occurs
during the pitch-down.

Transition and relaminarization locations are shown in
Fig. 17 for M, = 0.5 sinusoids at k = 0.025, 0.05, and 0.1,
As at M, = 0.2, there is significant hysteresis (up to 1.6°)
involved in the movement of the transition between x/c =
0.19 and 0.06. The differences between the transition and
relaminarization angles for a > 9° are reduced to less than
0.5°. Under these conditions, the shock is believed to be
the primary determinant of the transition location.

0.4

—— Trangition
= = = = Relarmnarizotion

Transition Location, x/c

©.00

. [ O
Angle of Attack, «

Fig. 17. Transition and relaminarization locutions for sinu-
aoidal motions at a = 6"'- 6 coswt, M, = 0.5, A = 15°,
and z/c = 0.7.

CONCLUSIONS

Experimental measurements of transition locations on
a rectangular wing model during steady-state and unsteady
pitching motions at Mach numbers between 0.2 and 0.6 and
Reynolds numbers of 2-6x 10° have resulted in the following
observations.

1. At low angle of attack {a@ < 4 ") transition generaily
occurs between x/c = 0.14 and 0.3. Transition occurs
furthest aft at M, = 0.2, and closest to the leading
edge at M, = 0.6. Under these conditions, where the
adverse pressure gradient is relatively mild, the occur-
rence of transition may be associnted with reaching a
critical Reynolds number, based on x, of approxi-
mately 5x10%.

2. As @ is increased, the adverse pressure gradient in-
creases and the transition point moves forward., For
o > 6-8°, transition occurs a very short distance aft
of the suction pressure peak. Under these conditions,
the dependence on M, (and therefore also Reynolds
number) is reduced, for M, < 0.4. Transition moves
forward of the first hot film gage (x/c = 0.026) at o =
10-12°.

3. For the relatively high Reynolds number range of this
experiment, the boundary layer becomes essentially
turbulent prior to separation. There is no indication of
the transitional separation bubble frequently observed
at lower Reynolds number.

4. At M. = 0.5-0.6, significant regions of supersonic flow
develop near the leading edge at a > T7-10°, with
maximum local Mach numbers of 1.3-1.4. Transition
is initiated at the shock that terminates the supersonic
region at x/c¢ = 0.1~0.15. There does not appear to
be any subatantial shock-induced separation at these
moderate angles of attack.

5. Increasing pitch rate from A = 0.001 tv 0.02 introduces
a lag in the forward motion of the transition point, by
upto Aa=2".

6. Wing sweep angles of A = 0, 15, and 30 do not sub-
stantially alter the transition locations at the inboard
station (z/c = 0.7 chords from the tip). However, very
close to the wing tip, transition occurs earlier for the
unswept wing at low o than for the swept wing, possi-
bly because of disturbances induced by the tip voriex.

7. During sinusoidal pitching motions, the transition
point moves forward as a increases, and aft as o de-
creases. At higher reduced [requency, a significant hys-
teresis of up to 3.6 * develops between the values of o
for transition and relaminarization. The hysteresis is
much atronger near x/c = 0.15-0.30 than it is closer
to the leading edge.
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APPENDIX VII

COMPRESSIBILITY EFFECTS ON THE DYNAMIC STALL
OF A THREE-DIMENSIONAL WING

Peter F. Lorber*

United Technologies Research Center
East Hartford, CT 06108

ABSTRACT

Experimental measurements have been made of the un-
steady separation process on a pitching three-dimensional
wing. Surface pressure transducers and hot film sensors were
used to provide a detailed description of the events prior to
and during separation. The geometric and fiow conditions
were selected to approximate the Reynolds number, Mach
number, pitch rate, and angle of attack range of a full scale
helicopter main rotor blade. Separation characteristics are
described at five Mach numbers between 0.2 and 0.6. At
M, = 0.2 the local velocities always remain subsonic, and
an abrupt separation of the turbulent boundary layer occurs
starting near 10% of chord. A well defined stall vortex is
formed and propagates aft along the chord. At M, = 0.3 the
small region of supersonic flow at the leading edge initiates
a high frequency instability, resulting in an earlier, but less
abrupt, stall. At M, = 0.4-0.6 a significant shock develops.
Flow separation at the shock causes stall to occur at con-
giderably lower angles of attack. The stall is more gradual,
and results in a more diffuse stall vortex.

NOMENCLATURE

A pitch rate, ac/2U,

¢ airfoil chord (17.3 in.)

Cp section lift coeficient, L/qc

section } chord moment coefficient, M/gc?

Cp pressure coefficient, (P — P, ) /0

Cp pressure coefficient for locally sonic

chordwise velocity

chordwise Mach number, M, cos A

freestream Mach number

freestream static pressure

dynamic pressure, }poU?

t time

T  acquisition period

Re Reynolds number, cU, /v

U. chordwise component of freestream velocity,
UgocosA

Uy (freestream velocity

x  distance along chord from leading edge

z distance along span from tip leading edge

*Research Engineer, Member AlAA

Copyright ©1992 by United Technologies Corporation. Published by
the American [nstitute of A tics and Astronautics, [ac., with
permission.

@ pitch rate, rad/sec
«  geometric angle of attack
ramp: a = &min, T < 0.125
a = Qmin + 2(1 — 0.125)(Qmaz ~ Cmin)s
0.125 < 7 £ 0.625
O = Omaz, T 2> 0625
A sweep-back angle
v kinematic viscosity
poo freestream density
T nondimensional time, t/T

INTRODUCTION

It has long been recognized that compressibility can
have a significant effect on dynamic stall. Aerodynamic
load measurements'~* have shown that two of the primary
dynamic stall characteristics, the delay in stall and the in-
crease in lift and moment beyond the steady state maxima,
are reduced at Mach numbers of 0.4 and higher. Surface
pressure measurements®® indicate that, at Mach numbers
of 0.2-0.4, a region of high subsonic or supersonic velocities
may develop near the leading edge at high angle of attack.
Peak suction pressures are constrained by compressibility,™®
and do not rea  the extreme values of Cp = -12 to -14 at-
tained under incompressible or low subsonic conditions. The
structure and propagation characteristics of the dynamic
stall voriex are also altered at increased Mach number.®~!!
Analytical'? and computational'¥~' studies of the effect of
compressibility have also indicated the presence of a super-
sonic leading edge bubble, a limitation on the maximum
unsteady loads, and an alteration in the unsteady separa-
tion characteristics. The appearance of a strong shock in
computations at Mach numbers of 0.5-0.6 has been found
to trigger a 'massive shock-induced separation.’"’

In-depth information on the unsteady separation dur-
ing the dynamic stall of a wing is difficult to obtain be-
cause of the small length and iime scales involved. Ex-
perimental data on the flow field away from the surface
have usually been limited to sub-scale Reynolds numbers,
two-dimensional geometries, and/or relatively low veloci-
ties. Both hot wire measurements!® for a NACA 0012 air-
foil at Re = 3 x 10, and the interferometric® and laser
velocimetry'® measurements of the same section {at a dif-
ferent facility) at Re = 4 — 9x10° show a laminar separa-
tion bubble near the leading edge. These bubbles, which
are quite common at lower Reynolds numbers, may have a
substantial impact on unsteady separation. Such a ‘bubble-
bursting’ mechanism does not seem to be dominant at the
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higher Reynolds numbers (Re > 2 — 3 x 10°%) characteris-
tic of full-scale applications. Surface pressure and hot film
data at such Reynolds numbers*®?® indicate that laminar
separation bubbles are of only secondary importance; the
primary mechanism seems to be separation of the turbulent
boundary layer near the leading edge. The fact that the
unateady separation appears to originate near the leading
edge is also significant, since forward expansion of a trailing
edge separation is commcn in steady flow at high Reynolds
number.??° A region of reversed fiow near the airfoil surface
that propagates forward from the trailing edge is a com-
mon prediction of both steady and unsteady computations
at moderate Mach number.**"?

The object of the current paper is to describe, based
upon experimental data, the unsteady separation and dy-
namic stall process on a pitching wing at high Reynolds
number. The particular areas of interest are the events lead-
ing to separation and the development of the local separa-
tion into dynamic stall. The experiment was designed to
simulate {(as closely as practical on a single, non-rotating
wing) the conditions on a full-scale helicopter main rotor.
This required attempting to match Reynolds number, Mach
number, pitch rate, airfoil section, sweep angle, and angie of
attack range. The resulting geometric and flow conditions
should aiso be relevant to the study of the unsteady aerody-
namics of maneuvering aircraft. High temporal resolution
surface pressure measurements are combined with boundorv
layer state information from surface hov film gages to iden-
tify separation characteristica. The effects of compressiLility
are examined by comparing results at Mach numbers of 0.2,
0.3, 0.4, 0.5, and 0.6, with cther parameters held constant.

This work is a continuation of the analysis of the re-
sults obtained during an extensive study of the aerodynam-
ics of a pitching three dimensional wing. A description of
the experiment and a survey of the characteristics of the
aerodynamic load results for constant pitch rate motions is
provided in Ref. 21. This reference concentrates on the de-
pendence of the surface pressures and loads upon the test
parameters (pitch rate, wing sweep, Mach number, spanwise
position, and tip geometry). Transition measurements are
described in Ref. 22, Results for small amplitude oscilla-
tions, simulating stall flutter, are given in Ref. 23. Results
for a two-dimensional version of the experiment were pro-
vided in Refs. 6 and 24.

DESCRIPTION OF EXPERIMENT

The model was a straight, rectangular, untwisted, semi-
span wing of 17.3 in. (44 ¢m) chord and 48 in. (122 cm)
span (Fig. 1). The aspect ratio of a full-span wing would
be 5.6. The wing consisted of a steel spar and fiberglass
airfoil panels, and had a Sikorsky SSC-A09 9% thickness
cambered section. Airfoil coordinates have been provided
in Ref. 24. The wing was mounted at sweep angles of 0,
15, and 30 ° from the side wall of the 8 ft (2.4 m)} octagonal
test section of the UTRC Large Subsonic Wind Tunnel. Ad-
ditional airfoil panels were added at non-zero sweep angley
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Fig. 1. Wing planform and instrumentation locations.

in order to keep the wing tip 1 chord at the tunnel center-
line. For this geometry, the Mach and Reynoids numbers
are approximateiy related by Re = M, x 107.

A hydraulic rotary drive oscillated the model in pitch
about the line connecting the root and tip % chord. Two
pitching waveforms were used, sinusoids and ramps. Each
cycle of ramp motion began at a steady-state condition (usu-
ally o = 0), increased at constant rate to a n. .ximum angle,
maintained that maximum for a short time, and then re-
turned to the initial condition. The nondimensional pitch
rates were selected between A= &c/2U,, of 0.001 and 0.025,
bounded by a limiting dimensional rate of 560° /sec. The
complete data set {674 steady and unsteady conditions) will
be made available in a technical report and a set of digital
data tapes.

Unsteady surface pressure measurements were made on
the wing model by 112 miniature transducers distributed
among five spanwise stations. The suction surface trans-
ducer locations are shown by the dots in Fig. 1. The chord-
wise arrays on the upper surface had 10, 14, or I8 transduc-
ers each. The lower surface arrays were less dense, contain-
ing 6 or 18 transducers each. The transducers were installed
80 Bs to retain a smooth surface contour and achieve a flat
frequency response to at least 4 kHz. The pressures were
integrated along the chord at each spanwise station to deter-
mine the unsteady lift, pressure drag, and pitching moment
coefficients.

Sixteen flush-mounted surface hot filin gages were used
to determine transition and separation locations. As shown
by the x-marks in Fig. 1, the gages were located in chord-
wise arrays at three spanwise stations. The output voltage
increases with the heat transfer fro- - gage, which may in
turn be related by the Reynolds siu..ss to the shear stress
at the wall.

The output voltages from buth the pressure transduc-
ers and hot film gages were passed through & 10 kHz low
pass filter, and digitized (to 15 bit accuracy) at 2 rate of
1024 samples per vecillation period {T). Ensemble-averaged
time histories were computed using dats from 20 pitching
cycles, Both the individual cycle duta and the ensemble av-
erages were recorded on digital magnetic tape. Note that all
conversions to coefficient use the chordwise velocity compo-
nent, U, = U,cosA. A more complete description of the
experiment is provided in Ref~ 21 and 22.




UNSTEADY SEPARATION AT M. = 0.2

The fundamental characteristics of dynamic atall at low
Mach numbers have been well established.'~® Representa-
tive aerodynamic load curves are shown in Fig. 2 for con-
stant rate (A = 0.01) pitching motions from a = 0 to 30 ° at
M, = 0.2, z/c = 0.59, and three sweep angles, A = 0, 15,
and 30°. Also shown are the steady state results for A =
30 . The unsteady aerodynamic loads exhibit the expected
delay in stal} beyond the steady-state value, accompanied
by an increase in the maximum lift coefficient. Upon sepa-
ration, vorticity previously contained within the boundary
layer near the leading edge is released, and moves aft (as the
'dynamic stall vortex') along the chord. This temporarily
maintains high lift, but generates a very large nose-down
pitching moment. Once the vortex has passed the trailing
edge, the loads begin to relax towards the steady-state val-
ues for massively separated flow. The stall delays and the
unsteady increments to the loads at the different sweep an-
gles shown in Fig. 2 are similar, but the detailed characteris.
tics after stall difer. (See Ref. 21 for additional information
on the parameter dependence of the loads.)

As a first step in the illustration of the unsteady sepa-
ration process observed during this experiment, results for
a single condition will be explored in depth. The M, =
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Fig. 2. Lift and pitching tnoment at ¢/¢ = 0.59, during A
= 0.01 ramps at M, = 0.2.

0.2, A = 001, A = 30'condition from Fig. 2 was selected
for initia] examination for the following reasons. First, ine
low freestream Mach number minimizes compressibility ef-
fects. Second, the pitch rate is moderate, but representa-
tive of rates experienced on helicopter rotors.?® Third, the
30 * sweep angle minimizes the influence of the wing tip vor-
tex, and reduces the spanwise gradients. The results at the
other sweep angles (not shown) are fundamentally similar
through the initial stages of stall. Resultsat z/c = 0.59 from
the tip are presented because this station has the highest
instrumentation density, and because it is relatively distant
from both the wing tip and from the wind tunnel wall, The
data will be presented using several different formats, each
of which emphasizes different aspects of the separation and
stall process.

Chordwise P Distributi

The pressure data from this condition will firat be pre-
sented as a series of chordwise distributions. Each distribu-
tion in Fig. 3 represents the ensemble average of 20 cycles
at a particular instant in the cycle, and is identified both
by the nondimensional time, 7, and by the angle of attack,
a. The first distribution (Fig. 3a) is at « = 18 *, the steady
stall angle. The upper surface pressures are quite smooth,
with a pesk suction pressure of C, = -9 at x/c = 0.005. As
shown in Fig. 2, the lift at this time is only slightly greater
than the steady-state value. As a increases (Figs. 3b-d),
the suction peak strengthens, reaching a maximum of C, =
-11.8 at @ = 20.8° (Fig. 3d). Small distortions in the pres-
sure distributions are developing between x/c = 0.1 and 0.2.
At a = 21" (Fig. 3e) these distortions increase, and the suc-
tion peak start to collapse. This is the time of maximum lift,
and the beginning of the drop in pitching moment (Fig. 2).

At a = 21.3" (Fig. 3f), the leading edge suction peak
hes collapsed to C, = -4.8, and the negative pressure re-
gion associated with the stall vortex has formed at x/c =
0.06~0.10. This region broadens, weakens, and moves down-
stream for a = 21.4-21.8" (Fig. 3g-i). By a = 22.2" (Fig. 3))
the negative pressure region extends over the forward 507%
of chord, and does not seem to reflect a compact, sharply de-
fined vortex. This is in agreement with the interferometric
results reported in Ref. 8. During this portion of the cycle,
the lift remains above the steady state maximum (Fig. 2),
but (at this sweep angle) contains a small oscillation. The
broadening and weakening of the stall vorticity continues for
o = 23* (Fig. 3k). The maximum negative moment (Cy =
-.33) occurs shortly thereafter, at a = 24°(Fig. 2). The
lift and moment then relax towards their steady-state val-
ues, as the pressure distribution corresponds to massive stall
(Fig. 31).

A second way of presenting the pressure resulis for this
condition is by means of time histories of the ensemble aver-
ages. Figure 4a shows time histories for all 18 upper surface
transducers during the period 0.1 < 7 < 0.7, which includes
the entire @ = 0~30° ramp. Both r and a scales are provided
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along the horizontal axis. The data at x/c = 0.005 is at the
bot‘vm and corresponds to the scale at the lower right. The
origins for each successive curve are offset along the left ver.
tical axis. At x/¢ = 0.005 and 0.026, the suction is abruptly
removed at stall, and the pressure increases monotonically
until the relatively uniform values characteristic of massive
stall are attained. For 0.060 < x/c < 0.464, there is an initial
valley of negative pressure (associated with the stall vortex)
prior to massive stall. For x/c > 0.57, the pressure first in-
creases, and then drops. The negative pressure valleys are
quite mild and broad, in comparison with the sharp valleys
observed closer to the leading edge. Note that a sharp valley
in Fig. 4 implies an event which is compact in time (it passes
rapidly passes over a particular location), while sharpness in
Fig. 3 implies spatial compactness (an event which extends
over only a small portion of the chord at a particular time).
These two characteristics are frequently, but not necessarily,
related,

In order to concentrate on the separation process,
Fig. 4b shows an expanded picture of the region from 0.46
<1 <£05(20'S a < 225°), for x/c £03. At x/c =
0.005, there is an initial rapid pressure rise from C, = -11.8
at r = 0475 to C, = -5 at 7 = 0.48, followed by a period
of more gradual increase. A similar, but less extreme, pres-
sure increase occurs at x/c = 0.026. For x/c > 0.06 the
pressures initially become more negative at separation, and
then recover. The straight, approximately horizontal, lines
on each curve in Fig. 4b indicate the linear trends for 0.46
< r < 047 (which are assumed to correspond to attached
flow), while the vertical marks show the initial departure of
the pressures from this linear trend. This departure pro-
vides an indication of separation. As shown by the marks,
the earliest indication of separation is at x/c = 0.1 and 1
= 0.472. (Note that, in this discussion, separation refers to
detachment of the boundary layer at a particular location,
while stall refers to a change in the overall aerodynamic
characteristics, such as a leveling off or drop in lift, or the
introduction of a strong negative pitching moment.) The
disturbance then spreads forward and aft by r = 0.473 to
include the region 0.06 < x/c < 0.15, and reaches x/c =
0.005 by 0.474. This time interval, Ar = 0.002, corresponds
to an angular increment of Aa = 0.12°, and a convection
time increment of ”;" = 0.1. (A disturbance traveling at U.
would move O.1c in this time interval.} An additional inter-
val of equal duration is required for the initial indication of
separation to appear at x/c = 0.3.
Hot Film Results

Time histories of the hot film gage signals are shown in
Fig. 5. These signals provide qualitative information on the
state of the boundary layer. Each has been self-scaled to a
peak-to-peak value of 1. Figure 5a shows ensemble averaged
results for the complete ramp motion. Figure 5b shows .l
root-mean-square (RMS) variation of the 20 cycles about
the ensemble average. Each RMS time history has been
scaled using the same factors as the ensemble average; an

RMS of 0.1 therefore represents 10% of the peak-to-peak of
the ensemble average. At the start of the motion (a = 0) the
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Fig. 5. Hot film gage time histories at z/c = 0.7, during an
A=00lrampat M, =02and A =30".
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point of transition from laminar to turbulent flow is near x/c
= 0.3. Forward of this position, both the ensemble average
(Fig. 5a) and the RMS (Fig. 5b) are low, indicating lami-
nar flow, Aft of x/¢ = 0.3, both the ensemble average and
the RMS are high, indicating an attached turbulent bound-
ary layer. At the x/¢ = 0.3 gage, the ensemble average is
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low but the RMS is significant. This local intermittency
implies that at a = 0, transition is taking place at this sen-
sor. As o increases, the transition point moves forward,
as indicated by the succession of rapid increases in ensem-
ble averaged heat transfer, accompanied by narrow peaks in
the RMS. After the RMS peak during transition, the RMS
returns to & lower, but non-zero, level characteristic of a
turbulent boundary layer. Transition moves forward of the
x/c = 0.026 gage at a = 10°. Much more information on
transition is contained in Ref. 22, including a more complete
description of the process and its dependence on compress-
ibility, sweep , pitch rate, and spanwise position. The results
of primary current interest are that, at Re = 2 x 10°, the
boundary layer has become essentially turbulent well before

separation, and there are no signs of a laminar separation
bubble.

The hot film response near stall is highly dependent
on chordwise position. At x/c = 0.026 and 0.06 there is
a sharp drop in ensemble averaged heat transfer (Fig. 5a)
and an increase in the RMS (Fig. 5b), corresponding to
separation of a turbulent boundary layer. The expanded
view of the 0.46 < r < 0.5, x/¢ < 0.3 region shown in
Fig. 5c indicates that this occurs at 7 =~ 0.473, the time
when suction pressure is lost near the leading edge (Fig. 4b).
(Note that small timing differences are possible because the
hot film gages are 0.11 chord lengths inboard of the pressure
transducers.) At x/c = 0.1 the hot film response is similar,
but there is a small region of increased heat transfer for 0.478
< r < 0.49 (Fig. 5a,¢), which corresponds to the negative
pressure valley associated with the formation of the stall
vortex (Fig. 4b).

Further aft, for x/c = 0.10 to 0.46, the increase in heat
transfer (Fig. 5a) caused by the stall vortex is much stronger,
and the subsequent reduction is relatively small. The RMS
asignals (Fig. 5b) also show a more gradual decrease after the
vort~x has passed, in comparison to that observed further
forward. This behavior is even more pronounced at x/c
= 0.68 and 0.88. As «a increases prior to stall, for 0.2 <
7 £ 0.45, the ensemble-averaged heat transfer for the aft
four gages (x/c > 0.3) decreases and the RMS increases,
characteristic of a thickening turbulent boundary layer.

It is in fact likely, but not proven, that the fiow near the
trailing edge becomes reversed and/or separated at higher
angles of attack. The reduction in ensemble-averaged heat
transfer (Fig. 5a) at the x/c = 0.68 gage at 7 = 0.4 may
be related to this. Corroborating evidence was provided by
aurface oil flow visualization for several steady-state condi-
tions. For @ > 10°, the oi! drops (not shown) moved very
little, implying minimal surface shear. Trailing edge flow
reversals or separations have previously been observed both
experimentally!®?® and computationally.!” As observed dur-
ing these earlier studies, there is no indication here that a
trailing edge separation is connected to, or plays a signifi-
cant role in, the separation near the leading edge that causes
dynamic stall. Neither the ensemble averaged pressure re-
sults (Figs. 3 and 4) nor the RMS pressures (not shown)
exhibit any eflects of a trailing edge separation.

Pressure Contours

Contour plots of the ensemble-averaged pressure pro-
vide a different perspective on the separation process. Fig-
ure 6a shows the complete process, from 7 = 0.1 0 0.7 along
the horizontal axis, and from x/¢ = 0 to 1 along the ver-
tical axis. The isobars are generally quite smooth prior to
stall (r < 0.47), with two exceptions. The first is the Cp =
0.0 contour near the trailing edge, which turns vertical near
r = 0.4, possibly as a result of a trailing edge separation.
The second is the region of strong gradients at the suction
peak, very close to the leading edge. The dominant feature
of the plot is, however, the dense pattern of isobars that
traces the motion of the stall vortex from 7 = 0.47 and x/c
=~ 0.1 to 7 = 0.52 near the trailing edge. Ref. 9 describe
how such contours were used to identify vortex propagation
characteristics. In this paper, the contouts serve a primarily
qualitative purpose.

Figure 6b shows a close-up of the isobars on the forward
half of the chord during separation and stall (046 < 7 <
0.50). Although the contour plot provides & useful picture
of the process, caution is needed to avoid being misled by the
contouring algorithm. In particular, since there are only six
transducers between x/c = 0 and 0.2, much of the apparent
fine detail results from interpolation. As evident from the
earlier presentations of the pressure data (Figs. 3 and 4),
the first indications of separation appear near x/c = 0.1,
and the disturbance then spreads forward (collapsing the
suction peak) and aft (forming the stall vortex). The aft
propagation of the vo. ex is indicated by the dotted line in
Fig. 6b, which represents the least squares fit to the times
of minimum pressure at each transducer.® Based upon the
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slope of this line, the infiuence of the vortex propagates at
a speed of approximately §§ = 0.32U..

Individual Cycles

The preceding description has used ensemble averaged
data. Ensemble averages generally provide a satisfactory
perspective on the basic features of the stall process., At
time scales representative of the overall motion (> 0.02r),
the variations between individual cycles (realizations) are
small.® However, at the relatively fine time scales used here
to examine the details of separation, differences between
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individuat cycles become apparent. Figure 7 provides ex-
amples using pressure time histories at two locations. The
upper curve in each set (labeled 'AVG’) is the ensemble av-
erage of 20 cycles {as in Fig. 4), and the lower five curves
{labeled #1, #2,...} are individual cycles. At x/c = 0.005
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(Fig. 7a), cycles 01 and 04 resemble the average, while cy-
cles 02 and 05 have a much steeper loss of suction. Cycle 04
appears to separate earlier than the average, while cycle 03
separates later. Angle of attack time histories (not shown)
provide no indication of any substantia! variation of a(r)
from cycle to cycle, implying that these differences repre-
aent variations in the aerodynamic response rather than in
the geometric boundary conditions. At x/c = 0.08 (Fig. Tb),
the negative pressure peaks at cycles 01, 02, and 05 occur at
approximately the same time as the average (at r = 0.475),
but they are sharper and stronger. The negative peaks at
cycles 03 and 04 occur later (at 7 = 0.481), although there
is an fncregse in pressure near r = 0.475. There is & sec-
ond strong negative peak at r = 0.49 for cycle 01. (Note
that because the pressure transducers were divided among
eight multiplexer positions,® individual cycle data for differ-
ent transducers cannot, in general, be correlated: cycle 01
at x/c = 0,005 is not the same event as cycle O1 at x/¢c =
0.060.)

Results such as these suggest that substantial cycle-
to-cycle variations should be considered while interpreting
ensemble-averaged results, since the averaging will smooth
out the sharp changes that may be present in any individual
realization. There are two implications for detailed stud-
ies of separation. First, simultaneous measurement of the
same event at all relevant sensors is desirable. Second, laser
velocimeiry data, which are inherently ensemble-averaged,
should be interpreted with care.

M, = 0.3 RESULTS

The effects of compressibility on the aerodynamic loads
on this model in steady state and during dynamic stall have
been described in Ref. 21. As M, increases, stall generally
occurs more gradually and at lower a. Further, the delays in
stall and increases in loads caused by unsteady motion are
reduced in magnitude (but not eliminated). Figure 8 shows
lift and moment coefficient curves at Mach numbers between
0.2 and 0.6, at fixed sweep angle (A = 30°), pitch rate (A
= 0.01), and spanwise poaition (z/c = 0.59). The M, =
0.2 condition is that described in the previous section. The
maximum lift coefficient is reduced from 1.6 at M, = 0.2 to
1.0 at M, = 0.6, and the angle at which the negative pitching
moment starts to develop (often referred to as the 'moment-
stall’ angle) drops from 21 °to 11*. The remainder of this
paper will describe the changes in the unsteady separation
process that are responsible.

At M, = 0.3, the unsteady chordwise pressure distribu-
tions are very similar to those at M, = 0.2 prior to the onset
of stall, but quite different thereafter. As shown in Fig. 9a,
the pressure distribution at @ = 17 *is quite smooth. As in-
dicted by the Cp arrow, the chordwise velocity component
near the leading edge is just becoming supersonic. Surface
hot film data®® indicate that, as at M.=0.2, the point of
transition to turbulence has moved forward of x/¢ = 0.026
by a = 10", so the boundary layer has becomne essentially
turbulent. At o = 18°the pressure distribution st M, =
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Fig. 8. Mach number effects on lift and pitching moment
at z/c = 0.59, for A = 0.01 ramps ai A = 30°.

0.3 (Fig. 9b) remains virtually identical to that at M, =
0.2 (Fig. 3a), with the exception of a slightly lower suction
peak. The peak of Cp = -8.2 corresponds to a slightly su-
personic chordwise Mach number of 1.1. Distortions to the
pressure distribution first appear near x/c = 0.1-0.2at a =
18.6 ' (Fig. 9¢). This is the same chordwise position where
distortions appeared at M, = 0.2, but they now occur at ap-
proximately 2 * lower a. The disturbed region of the chord
widens as o increases to 18.8 * (Fig. 9d) and 19 * (Fig. 9e),
but the suction peak does not immediately collapse. In
fact, the Mach number at x/c = 0.005 remains sonic un-
til 19.2° (Fig. 9f). The region of negative pressure caused
by the propagation of stall vorticity is also not as strong as
at M. = 0.2. At a =~ 20" the moment is at its most negative
(Fig. 8), but the pressure distribution (Fig. 9g) shows only
a general thickening near the trailing edge. The pressure
distribution becomes flat by o = 22* (Fig. 9h), again with
the exception of x/c = 0.005. The leading edge suction is
not eliminated until @ = 26 * (not shown).

Time histoties of the ensemble-averaged pressures dur-
ing stall st M, = 0.3 (Fig. 10), show a more gradual loes of
suction near the leading edge (x/c = 0.005-0.06) than at M,
= 0.2 (Fig. 4b). (Note that the time scale in Fig. 10 covers
twice the period of that in Fig. 4b) The negative pressure
valley associnied with the formation of the stall vortex is not
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Fig. 9. Chordwise pressure distributions at z/c = 0.59,
during an A = 0.01 ramp at M, = 0.3and A = 30".

apparent at x/c = 0.06-0.10, and is weaker and more diffuse
for x/c = 0.149-0.30 than at M. = 0.2. This trend can also
be seen in the pressure contour plot shown in Fig. 11. In
comparison with the equivalent plot at M, = 0.2 (Fig. 6a),
the isobars that trace the motion of the stall vortex are much
less dense. i

The individual cycle pressure time histories shown in
Fig. 12 for six transducers reveal a separation mechanism
different from that at M. = 0.2. At M, = 0.3 there in a high
frequency oscillation that first becomes visible at 7 ~ 0.42
{a = 17.8°), and then grows in amplitude until separation
occurs near r = 0.44 (a = 18.7"). The phase of this os-
cillation is not coupled to the pitching motion, and is thus
virtusally invisible in the ensemble average (Fig. 10). The
oscillation is strongest at x/c = 0.1, but is also present at
x/c = (.06 and 0.149. The frequency is approximately 2200
Hz during the initial stages, and then drops to 1500-1700
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Fig. 10. Pressure time histories at z/r = 0.59, during an A
= 0.0l ramp at M, =03 and A =30".
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Fig. 11. Pressure contours at z/c = 0.59, during an A =
0.01 ramp at M, = 0.3 and A = 30°.

Hz near r = 0.43. After stall, the high frequency oscillations
disappear, and & lower frequency (= 360 Hz) oscillation may
occur, as seen in the x/¢ = 0.026 and 0.192 time histories.
(These frequencies are cited to identify the time scales, and
do not imply that the oscillations represent pure sinusoids.)
Results for other cycles of the motion are not shown here,
but are very similar to Fig. 12. In contrast to the substantial
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Fig. 12. Individual cycle pressure time histories at z/c =
0.59, during an A = 0.01 ramp at M, = 0.3 and A = 30°".

differences in the timing of the stall events observed at M, =
0.2 (Fig. 7), the more gradual stall at M, = 0.3 apparently
leads to a more repeatable process. No such oscillations are
apparent at M, = 0.2 (Fig. 7), but they are present at M,
= 0.3 for the other two sweep angles, A = 0 and 15° (not
shown),

Beyond a circumstantial attribution to compressibility,
the source of this oscillation has not been identified. Be-
sides Mach number, the only difference between the M, =
0.3 and 0.2 conditions is Reynolds number (3 rather than
2x10°). The nondimensional pitch rates, sweep angles, and
geometries are the same, as are the ensemble-averaged Cp
distributions prior to the onset of the oscillation (Figs. 3 and
9). Without the oscillation, the flow at M. = 0.2 remains at-
tached to 2 * higher a than at M, = 0.3, The only apparent
change at M, = 0.3 is the existence of a supersonic region.
1t is, however, quite weak (M < 1.1), and ends ahead of x/c
= 0.026 (Fig. 9). While it is plausible that the oscillation
originates at a (very weak) shock and then strengthens as it
convects downstream to x/c = 0.1, no solid evidence for this
exists. The connection between the oscillation and the early
separation is clear, and results at higher M, (to be discussed
below) will solidify the links between the supersonic region,
the oscillations, and separation.

M. = 0.4 RESULTS

At M, = 0.4, compressibility and shock effects become
increasingly important. Figure 13 shows chordwise pressure
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Fig. 13. Chordwise pressure distributions at z/c = 0.59,
during an A = 0.01 ramp at M. = 0.4 and A = 30".

distributions for the A = 0.01 ramp for A = 30'at this
Mach number. The cherdwise velocity first becomes super-
sonic near @ = 11', and at & = 14° (Fig. 13a) maximum
suction (Cp = -5.3), maximum local Mach number (M =
1.3), and maximum lift (Cp = 1.1, Fig. 8) are reached. At
this time, the boundary between supersonic and subsonic
velocities occurs between x/¢ = 0.06 and 0.1. The sharp
gradient implies the presence of a shock. As a increases be-
yond 14 *, the lift remains relatively constant (Fig. 8), and,
as shown in Fig. 13b at a = 14.6°, the suction peak is re-
duced. The gradient (shock) is weakened, but there are no
clear signs of separation in the pressure distribution. At a
= 15" (Fig. 13c) the velocities at x/c = 0.005 have become
subsonic, and there is & constant pressure plateau at x/c =
0.026-0.06. The pressure distribution over the forward 26%
of chord continues to fatten by a = 15.6 * (Fig. 13d), reflect-
ing the presence of the stall vorticity. This distortion is not
as strong at a = 17° (Fig. 13e), the time of peak negative
pitching moment (Fig. B). It is interesting to note that even
though the flow is now largely separated, and (as will be
shown below) contains considerable random unsteadiness,
the ensemble averaged pressure distribution does not look
very different from an attached flow distribution. By a =
19 ' (Fig. 13f) this is changed, and there is & more conven-
tional conatant pressure plateau at 0.08 < x/¢ < 0.2. Some
leading edge suction still persists,
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The sequence of events during the formation of the su-
personic region and the subsequent separation are shown
using ensemble averaged time histories in Fig. 14. The hor-
izontal scale has again been expanded, to approximately
twice the angle of attack range used at M, = 0.3 (four times
the range used in Fig. 4b at M, = 0.2). The first event of
interest is the bump in the pressure at x/c = 0.026 that
occurs at 7 = 0.38 (a = 10" ). As described in Ref. 22, this
bump occurs at the same time as a rapid increase in hot film
output, and indicates motion of the transition point forward
of x/c = 0026, The chordwise velocity becomes supersonic
first at x/c = 0.005 and r = 0.4, and then at x/c = 0.026
and 7 = 0.45. The relatively rapid drop in pressure at x/c
= 0,026 between 7 = 0.44 and 0.47 is caused by the mo-
tion of the shock aft past the transducer. At r = 0.48 (a =
14.1°), the pressures at x/c = 0.005 and 0.026 level off, and
the pressure at x/c = 0.060 starts to become more negative.
This is the first indication of separation in this plot. At r =
0.49 (@ = 14.5 "}, the pressure begins to increase at x/c =
0.026 and decrease at x/c = 0.1 and 0,149. This behavior
looks similar to the loss of leading edge suction and forma-
tion of the stall vorticity observed at lower Mach number. In
fact, the contour plot in Fig. 15 shows the pattern of a stall
vortex in the region 0.1 < x/c < 0.4 and 0.5 <7 < 0.55. In
contrast to the results at lower Mach number (Figs. 6 and
11), no recognizable vortex pattern is evident further aft. A
similar disappearance of a strong vortex signature at M, =
0.4 was observed during the 2D experiment.®
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Fig. 14. Pressure time histories at z2/c = 0.59, during an A
= 0.01 rampat M, = 04and A =30°.

The small high frequency oscillations that have survived
ensemble averaging to appear in Fig. 14 hint that a high
degree of unsteadiness is likely in individual realizations.
As shown in Fig, 16, this takes several forms. The firat is a
small amplitude, higher frequency (approximately 2300 Hz)
oscillation that appears at x/c = 0.026 and 0.06 at r ~ 0.47.
The frequency is somewhat higher than at M, = 0.3 (Fig. 12)
and the first appearance of the oscillation is further forward,
at x/c = 0.06 instead of 0.1. Tnis location is immediately
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Fig. 15. Pressure contours at z/c = 0.59, during an A =
0.01 ramp at M, = 0.4 and A = 30".
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Fig. 16. Individual cycle pressure time histories at z/c =
0.59, during an A = 0.0l rampat M. = 0.4and A = 30°,




downatream of the shock (as indicated by the C} arrows and
Fig. 13a), improving the case for a shock-induced separation.
Once the flow has separated (at r =~ 0.48) the oscillation
amplitude is greatly increased, and the primary frequency
is reduced. Frequencies near 1200 and 480 Hz have been
identified for different chordwise positions and cycles. Note
that these frequencies, while lower than those observed at
M. = 0.3, ure still much higher than the vortex shedding
frequencies of 38-70 Hz that were identified in the post-stal!
flow over the 2D model.®

M. = 0.5 RESULTS

Chordwise pressure distributions for the M, = 0.5 con-
dition are shown in Fig. 17. These data are again for A =
0.01 and A = 30". At a = 9 (Fig. 17a) a weak supersonic
region (M < 1.1) has developed over the forward 6% of
chord. Surface hot film results shown in Ref. 22 show that
by this time the point of transition to turbulence has moved
forward to x/c =~ 0.06. By a = 11'(Fig. 17b) the maxi-
mum local Mach number has increased to 1.3, and a shock
is apparent in the sharp pressyre rise between x/c = 0.06
and 0.1. At M, = 0.5-0.6, the hot film data?? indicate that
once transition has moved forwerd to the shock position, it
tends to accompany the shock during any additional mo-
tion. There does not, however, appear to be an immediate
shock-induced separation. The shock remains well-defined
through & = 12.6 * (Fig. 17¢), with a maximum local Mach
number of approximately 1.5. The measured pressure ra-
tio across the shock is now 2.2, in approximate agreement
with the normal shock relations. At a = 12.8° (Fig. 17d)
the peak suction is reduced, and the shock becomes less dis-
tinct. This is the time when the pitching moment starts to
drop (Fig. 8), although the lift continues to increase. By a
= 13 * (Fig. 17e), the leading edge pressure distribution ap-
pears roughly triangular, with no clear shock. The forward

10% of chord remains supersonic. At a = 13.6* (Fig. 17f)
and 14.4° (Fig. 17g) the suction peak continues to drop,
while the pressure distribution between 10 and 60% of chord
fattens. At a = 16" (Fig. 17h) the supersonic region has
vanished, and there is a constant pressure plateau over the
forward 40% of chord. At this time the lift has begun to
drop (Fig. 8}, and the moment has attained its most nega-
tive value.

The sequence of events during separation is clearly iden-
tified in the pressure time histories. Figure 18 shows ensem-
ble averaged pressures during the period 0.36 < r < 0.56,
which covers the expansion of the supersonic region and the
initiation of separation. The earliest events of interest are
the bumps of increased pressure that occur at x/¢ = 0.06
and r = 0.4, and at x/c = 0.1 and r =0.44. They coincide
with the aft motion of the shock past each location. The
initial indication of separation in the ensemble average is a
drop in pressure observed downstream of the shock, at x/c
= 0.1 and 0.149. It occurs at r = 0.46 (@ = 12*). The in-
dividual cycle time histories (Fig. 19) show an oscillation at
these locations which begins somewhat earlier, at 7 =~ 0.45
{(a = 11.8°). This osciilation becomes quite strong by r =~
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Fig. 17. Chordwise pressure distributions at z/c = 0.59,
during an A = 0.01 ramp at M, = 0.5 and A = 30°.

0.47 (a = 12.2*}. These signs of separation begin approxi-
mately Ar = 0.04 (Aa = 1.5" ) before any comparable signs
appesr in the chordwise pressure distributions (Fig. 17).

Compared to the resuits for M, = 0.4 (Fig. 16), the
initial instability at M, occurs earlier (by approximately A«
= 2'), and further aft (at x/c = 0.1-0.14 instead of x/c =
0.068). These changes can be ascribed to a stronger shock
which is located further aft. Well forward of the shock, at
x/c = 0.005 and 0.026, the individual cycle time histories at
M, = 0.5 (Fig. 19) are extremely smooth during these initial
stages of separation, with no indications of instability. There
is a small oscillation just upstream of the shock at x/¢c =
0.08, but it does not seem to grow in magnitude until after
suction has been lost at ¥ = 0.48. The loss of ieading edge
suction in the ensemble averaged time histories (Fig. 18)
occurs as & gradual progression, which moves forward from
x/c = 0.1 at 7 = 0.45, to x/c = 0.06 st r = 0.48, and finally
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Fig. 18, Pressure time histories at z/c = 0.59, during an A
= 0.01 ramp at M, = 0.5 and A = 30°.

to x/¢c = 0.005 at r = 0.50. The entite process requires
approximately Aa = 2".

The contour plot for this condition (Fig. 20) shows that
separation also moves aft as a region of negative pressure
(stall vorticity), in a manner resembling that observed at
lower Mach number. In fact, the only significant changes
from the isobars at M, = 0.4 (Fig. 15) are a direct reflection
of the stronger supersonic region (the shock is represented
by the dense set of horizontal isobars between r = 0.42 and
0.48), and the earlier stall. (Note that the interval between
isobars has been reduced from 0.2 to 0.1 to compensate for
the reduced range in Cp.) The overall pattern is quite sim-
ilar,

M. = 0.6 RESULTS

In order to stay within structural load limits, the high-
est pitch rate at M, = 0.6 was limited to A = 0.005. '
Based upon trends observed at other conditions,®?! the re-
duction in rate from A = 0.01 probably resuits in somewhat
lower maximum lift and moment coefficients and in an ear-
lier stall. However, it is likely that the mechanics of the

1The peak lift on the mode} at this condition was 3440 Ibe, and the peak
pitching moment was 375 ft-lbs. These loads were applied during a ramp
period of 0.05 sec.
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Fig. 19. Individual cycle pressure time histories at z/c =
0.59, during an A = 0.01 ramp at M, = 0.5 and A = 30".
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Fig. 20. Pressure contours at z/c = 0.59, during an A =
0.0l ramp at M, = 0.5and A = 30°.

separation and stall process, which are of primary current
interest, are not substantislly altered.

As shown by the pressure distribution in Fig. 21a, at
M. = 0.6 a shock between x/c = 0.1 and 0.14 first becomes
apparent at o = 5°. As a increases, the shock strength-
ens, reaching a local chordwise Mach number of 1.25 at o
= T7°*(Fig. 21b). The shock moves aft past x/c = 0.15 at
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= 8'(Fig. 21c), and continues to strengthen, reaching  0.005, respectively, are 16 times greater than the equivalent
a peak local Mach number of 1.5 near a = 9° (Fig. 21d).  intervals at M, = 0.2 (0.12 and 0.24°, Fig. 4). In terms of
Indications of separation appear as the pressure distri- the convection time scale, %", the interval is 32 times longer
bution'becornea distorted downstream of the shock at a &t M, = 0.6,
= 10°(Fig. 2le). The sharp shock disappears by a =
11°* (Fig. 21f), and the pressure distribution between x/c =
0.2 and 0.4 starts to fill in. The suction peak ie then slowly
reduced, and a pressure plateau expands to about x/¢ =~ 0.2,
as shown in Fig. 21g at a = 12°. The plateau covers the
entire forward 40% of chord by a = 12.8* (Fig. 21h).

The pressure contour plot at M, = 0.6 shown in Fig. 23
shows the expected similarity to the M, = 0.5 results in
Fig. 19. The dense set of horizontal isobars corresponding
to the shock illustrate the growth in the supersonic region
from o = 4 t0 9, and its rapid contraction by a = 12°.

The ensemble averaged pressure time histories at M, (The apparent jump .in the c‘hordwise (vertical). position of
= 0.6 (Fig. 22) are qualitatively very similar to those at the.shock atr =0.42isan amfac.t of the contouring package,
M. 0.5 (Fig. 18). The primary difference is that the shock whlc}.x represer‘xts the shock' asa linear fit between transducer
is approximately 10% of chord further aft. The separation l°°‘t":’“°'? It is perhaps mgmﬁc-:ant that, even at M, = 9'6’
begins just downstream of the shock at a = 8", and slowly there is !tl}] a strong pntte‘rn of isobars that trace the motion
expands both forward and aft, The drop in pressure first of a negative pressure region f’°f” r = 0.52, x/¢ = 02tor7
reaches x/c = 0.3 at a = 10°, and the suction collapse = 0.62, x/¢c ~ 1.0. Vorticity is still apparently being f?rmed
reaches x/c = 0.005 at o = 12°. The required intervals of and propagated downsiream at stall, although no.t in the
Aa = 2 and 4 * for separation to propagate to x/c = 0.3 and form of the compact vortex present at M. = 0.2 (Fig. 6a).

The final piece of information to be presented is the
individual cycle time histories at M, = 0.6, As shown in
Fig. 24, the high frequency oscillations that signal the onset
of instability first appear at x/c = 0.22-25 at 7 =~ 0.47 («a
= 9"). (The transducer at x/c = 0.192 appears to have
a poor high frequency response, and therefore is not able
to detect these oscillations.) The oscillations (which may
be more accurately described at this time as a region of
aperiodic unsteadiness) expand in magnitude and chordwise
extent as separation proceeds. As at M, = 0.5, there are no
oscillations prior to separatiun in the supersonic region, x/c
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SUMMARY AND CONCLUSIONS

Experimental information has been presented on the
unsteady separation and dynamic stall process for pitch-
ing motions of & wing model at conditions representative
of a full helicopter main rotor blade (Re = 2-6x10%, A =
0.01). The primary observations and interpretations that
have been extracted from these results are as follows.

1. At low Mach number (M. = 0.2), when the local ve-
locities remain subsonic, separation begins near x/c
= 0.1, and rapidly spreads (within an angle of attack
increment of approximately 0.2°) to include loss of
leading edge suction and formation of an intense and
concentrated region of vorticity. This stall vortex then
propagates downstream, increasing the lift and pitch-
ing moment.

2. Surface hot film measurements at M. = 0.2 indicate
that, by the onset of separation, the point of transition
to turbulence has moved very close to the leading edge.
There are no signs of a laminar separation bubble.
Turbulent boundary layer separation near x/c = 0.1
appears to be the primary stall mechanism.

3. Time histories for individual cycles (realizations) of
the motion show considerable variation over the small
time scales that characterize separation at M, = 0.2.
Ensemble averages may therefore provide a misleading
picture of the details of the phenomena.

4. At M, = 0.3, a very small region of weakly supersonic
velocities is formed near the leading edge. This re-
gion is the only visible difference from the results at
M, = 0.2. Thus the supersonic region is presumed to
be the cause of a relatively high frequency oscillation
observed near x/c = 0.1. The oscillation grows in am-
plitude until separation occurs, at an angle of attack
2 ' lower than at M, = 0.2,

5. As Mach number increases to M, = 0.4, 0.5, and 0.6,
the supersonic region appears at lower angle of attack,
and is increased in strength and chordwise extent. The
shock terminating this region also strengthens, reach-
ing an upstreamn Mach number of 1.5 and a pressure
ratio of 2.2 at M, = 0.5. At low to moderate angles of
attack (prior to separation), transition to turbulence
occuts near the shock.

6. The high frequency pressure oscillations that precede
separation also occur at lower angles of attack as Mach
number increases. s hey originate shortly downstream
of the shock, and appear to initiate a gradual separa-
tion. The separation requires up to 32 times longer {in
terms of the convection time scale) at M, = 0.6 than
at M. = 0.2 to expand from the point of initiation to
cover the forward 30% of the chord.




7. During thie process, the sharp shock is replaced by a
region of transition from supersonic to subsonic fow
that is (on average) approximately linear with chord-
wise position. The aperiodic unsteadiness of this re-
gion is, however, very high. Eventually the flow be-
comes everywhere subsonic, and the pressure distri-
bution takes the form of a conventional separation
plateau,

8. The pressure signatures of the stall vortex become
much less concentrated at M, > 0.4, and disappear
well before the trailing edge. At M. = 0.4, a strong
signature is visible only from x/c =~ 0.05 to 0.3, while
at M. = 0.6, the signature vanishes by x/c = 0.25,
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APPENDIX VIII

DYNAMIC STALL OF SINUSOIDALLY OSCILLATING
- THREE-DIMENSIONAL SWEPT AND UNSWEPT
WINGS IN COMPRESSIBLE FLOW

Peter F. Lorber

United Technologies Research Center
East Hartford, CT

ABSTRACT

Measurements have been made of the unsteady
aerodynamic response of a three dimensional win~ to si-
inusoidal pitching oscillations. The model scale and test
conditions were selected to simulate the Reynolds num-
ber, airfoil section, Mach number, reduced frequency,
angular range, and sweep angles of a full scsle heli-
copter main rotor blade. Surface pressure measure-
ments at five spanwise locations are used to identify
the physical processes and characterise the resulting
sirloads. Qualitative agreement is found with data for
constant pitch rate ramps, implying that previous ob-
servations regarding the details of the stall process re-
main valid for sinusoidal motions. The effects of the
primary test parameters on the airloads during large
amplitude sinusoids are described. Study of a series of
moderate amplitude motions at varied mean angle of
attack suggest that it is not feasible to acheive signifi-
cant unsteady lift enhancements and stall delays with-
out generating a strong dynamic stall vortex and thus
an undesirable unsteady pitching moment.

NOMENCLATURE

A pitch rate, ac/2U,

¢ sirfoil chord (17.3 in.)

Cp section pressure drag coefficient, D/qc

Cr section lift coefficient, L/gc

section 4 chord moment coefficient, M/qc?

Cp pressure coefficient, (P — Py )/q

Cp pressure coefficient for locally sonic
chordwise velocity

M, chordwise Mach number, My, cos A

freestream Mach number

P freestream static pressure

q  dynamic pressure, 40, U?

.3. quasi-steady force or moment coefficient

t time

Presented st the AHS 48th Annusl Forum, Washington, D.C.,
June 3-8, 1902, ®1092 by the American Helicopter Society, Inc.
All rights ressrved.

T  acquisition period

Re Reynolds number, cU, /v

U. chordwise component of freestream velocity,
Use cos A

freestream velocity

distance along choid from leading edge
distance along span from tip leading edge

pitch rate, rad/sec
geometric angle of attack
Tamp: @ = Quin, T = 0.125
@ = amin + 2(r ~ 0.125)(@maz — Qmin),
0.128 < r €0.8625
a = Qmas, T = 0.626
sine: a = ag — aj cos 2m
a,, steady-state stall angle, a,,(M,, A, 5)
A sweep-back angle
v kinematic viscosity
Poc freestream dennity
r  nondimensional time, t/T
w  circular fraquency, 2x/T

PR "N
8

INTRODUCTION

The unsteady aerodynamics of a helicopter rotor
blade have frequently been simulated by oscillating a
model wing in a wind tunnel. Numerous experiments
on two dimensional airfoils have been conducted to
study large amplitude pitching motions that include
dynamic stall.! = These tests were conducted at Reyn-
olds numbers up to thoee appropriate to full scale main
rotor blades (10° — 107), and for a variety of Mach
number ranges and airfoil sections. Many of the fun-
damental characteristics of the resuiting airloads have
been identified by either directly measuring the forces
and moments on the model or by integrating surface
pressure data. Another avenue has been to study the
flow field around the model in order to gain insight into
phenomens such as the development and propagation
of the dynamic stall vortex,10-14

Experimental studies using three.dimensional ge-
ometries are more recent. Two basic geometries have
received most attention: highly swept delta wings and




rectangular wings at low or sero sweep. The latter are
more relevant to helicopter dynamic stall. An exten-
sive series of experiments have been performed at the
U.S.A.F. Academy and the University of Colorado on a
rectangular 6 in. (15.6 cm) chord wing. Smoke wire flow
visualigsation and surface pressure measurements were
first used to examine constant pitch rate motions of the
unswept wing.!®~1¢ The inboard characteristics agreed
well with 2D results, while interaction with the tip vor-
tex was found to prolong the residence time of the stall
vortex and incresse the unsteady tip loads. Flow visu.
alisation and hot wire anemomentry were used to exam.
ine sinusoidal oscillations of a similar model mounted at
sweep angles of -30, 0, and 430 *.*" The spanwise flow
created by sweep strongly affected the unsteady vortex
structure. Aft sweep reduced the influence of the tip
vortex, while forward sweep greatly increased the re-
gion subject to strong 3D effects. Finally, sinusoidal
oscillation of the pressure instumented model!? also
showed strong 3D effects near the tip. While these ex-
periments have provided valuable insight, the geometry
(NACA 0015 airfoil) and test conditions (Re = 4 x 104
to 2x 10%, M <« 0.1, k = 0.6-1.0) are not representative
of a helicopter blade.

The results contained in this paper are aiso for
sinusoidal motion of a rectangular wing. This exper-
iment, however, was designed to simulate (as closely
as practical on a single, non-rotating wing) the condi-
tions of a full-scale helicopter main rotor blade. This
required attempting to match Reynolds number, Mach
number, frequency, airfoil section, sweep angle, and an-
gle of attack range. Effects such as rotational body
forces, plunging motions, and unsteady variations in
Mach number and sweep angle were not simulated.

Other resuits from this program have been de-
scribed in a series of earlier papers. References 19 and
20 describe the experiment and survey the results for
constant pitch rate (ramp) motions. They identify the
dependence of the surface pressures and loads upon the
test parameters (pitch rate, wing sweep, Mach number,
spanwise position, and tip geometry). The unsteady
separation process is examined in Rel. 21, including
the changes introduced by increasing M, from 0.2 to
0.6. Reference 22 describes how the laminar to turbu.
lent boundary layer transition location responds to the
unsteady pitching motion. Finally, small amplitude os-
cillations (a; = 0.5-2 ") sbout mean angles near static
stall were used to simulate the initial stages of stall
flutter.?

While many of the features identified in these pa-
pers are relevant to large amplitude sinusoidal motions
(and will be summarised in a following section}, there
are sufficient differences between sinsoidal and ramp
motions to warrant further investigation. For high re.
duced frequencies in particular, the addition of a peri.

odic wake structure and the lack of an initial steady-
state, low o starting condition may alter the separation
process and the resulting aerodynamic loads. The neg-
ative pitch rate portions of the sinusoids also provide a
convenient way to examine reattachment.

DESCRIPTION OF EXPERIMENT

The model was a straight, rectangular, untwisted,
semi-span wing of 17.3 in. (44 ¢cm) chord and 48 in. (122
cm) span (Fig. 1). The aspect ratio of a full-span
wing would be 5.6, The wing consisted of a ateel spar
and fiberglass airfoil panels, and had a Sikorsky SSC-
A09 9% thickness cambered section.!® The wing was
mounted at sweep angles of 0, 15, and 30 from the
side wall of the B ft (2.4 m) octagonal test section of
the UTRC Large Subsonic Wind Tunnel. Additional
airfoil panels were added at non-sero sweep angles in
order to keep the wing tip } chord at the tunnel cen-
terline. The tip was always perpendicular to the leading
and trailing edges. All conditions reported in this paper
used an approximate body-of-revolution tip cap. A hy-
draulic rotary drive oscillated the model in pitch about
the line connecting the root and tip ! chord. Two
pitching waveforma wer: used, sinusoids and constant
rate ramps. For this muodel, the Mach and Reynolds
numbers are approximately related by Re = M, x 107,
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Fig. 1. Wing planform and instrumentation locations.

Unsteady surface pressure measurements were
made by 112 miniature transducers distributed among
five spanwise stations. The suction surface transducer
locations are shown by the dots in Fig. 1. The chord.
wise arrays on the upper surface had 10, 14, or 18 trans-
ducers each. There were 18 tranducers on the lower sur-
face at s/c = 0,59, and 6 at each of the other stations.
The transducers were installed to retain a smooth sur-
face contour and achieve a flat frequency response to at
least 4 kHe. The pressures were integrated along the
chord at each spanwise station using Gaussian quadra-
ture to determine the unsteady lift, pressure drag, and
pitching moment coefficients. Sixteen Hush-mounted
surface hot Blm gages (identified by the x-marks in
Fig. 1) were used to identify transition and separation
locations.
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The signals from both the pressure transducers and
hot ilm gages were passed through 10 kHs low pass fil-
ters and digitised (to 15 bit accuracy) at a rate of 1024
samples per oscillation period (T). Ensemble-averaged
time histories were computed using 20 periods. Both
the individual cycle data and the ensemble averages
were recorded on digital magnetic tape. Note that all
conversions to coefficient used the chordwise velocity
component, U, = U, cos A. A more complete descrip-
tion of the experiment is provided in Refs. 20 and 22.
The complete data set (295 steady and 607 unsteady
conditions) will be made available in a technical report
and a set of digital data tapes.

PREVIOUS RESULTS

Experimental results cbtained with this model in
steady state, for low amplitude sinusoids, and for ramps
have been described in previous publications. The pri-
mary conclusions will now be summarised to provide a
starting point for the material to be introduced in this
paper.

In steady flow, aerodynamic load characteristics
are as expected for a simple subsonic wing.?" The ef-
fects of increasing Mach number include increasing the
lift curve slope in attached flow, reducing the maximum
load coefficients, and reducing the stall angle. For the
unswept 3D wing, the tip vortex reduces the effective
angle of attack, generating attached flow spanwise load
distributions in approximate agreement with lifting line
models. Prior to stall, the effects of sweep on the pres-
sures and airloads on the inboard portion of the wing
can be accounted for using the swept infinite wing nor-
malisation (¢ = gu cos? A). Such simple correlations
do not suffice close to the wing tip or after stall.

For small amplitude oscillations,?® the primary
concern is stability, as determined by the sign of the
aerodynamic pitch damping. If the instantaneous an-
gle of attack never exceeds the static stall angle, a,.,
the damping was found to be positive, and in general
agreement with unsteady thin airfoil theory. Motions
about mean angles (aq) near «,, typically have neg-
ative damping. The basic mechanism is an unsteady
delay in stall beyond a,, during the pitch-up portion of
the cycle, a loss of leading edge suction at stall (lead-
ing to a negative or nose-down moment), and finally
a delay in reattachment during pitch-down. The re-
sulting hysteresis in Cp¢ causes the negative damping.
This mechanism was observed for the complete range
of reduced frequencies (0.1 < k < 0.6), Mach numbers
(0.2 < M, < 0.6), and sweep angles (A = 0, 15, and
30°) tested. If ay is high enough so that the flow re-
mains separated throughout the cycle, the damping was
found to again become positive. Three-dimensionality
and sweep alter the damping characteristics primarily

through their effects on a... As aq is increased with
the unswept wing, the inboard region stalls first, fol-
lowed by the tip. Since negative damping occurs only
for cp 2¢ tuy, the unawept wing therefore is never simul-
taneously unstable. At A = 30°, stall occurs over the
entire span within Aa = 1°, allowing a simultaneous
instability.

For large amplitude ramps at low Mach number
(M, = 0.2) and high Reynolds number {Re = 2 x 10°),
the following separation and stall mechanism was ob-
served at all sweep angles. At the initial steady state
condition (o = 0) pressure gradients are low, and the
upper surface boundary layer remains laminar for x/c
< 0.3.3% As o increases, the adverse pressure gradi-
ents downstream of the suction peak cause the transi-
tion point to move very close to the leading edge (x/c¢
< 0.026), leading to an essentially turbulent bound-
ary layer by a =~ 10-12°. This boundary layer sepa-
rates, starting near x/c = 0.1, and the separation very
quickly (withkin Aa = 0.2°) expands, leading to loss
of leading edge suction and formation of an intense
and concentrated stall vortex.?! The vortex propagates
downstrean, increasing the the lift, drag, and pitching
moment.?” The fundamental characteristics are quite
similar to those identified on the 2D model,® and in
many earlier experiments.! =!8

At M, = 0.3, a small region of slightly supersonic
flow (M = 1.1) develops near the leading edge. The
supersonic region is believed to be the gource of a rel-
atively high frequency oscillation3! that appears near
x/c = 0.1 and then grows, leading to separation at an
angle of attack 2°Jower than at M, = 0.2. At M, =
0.4, 0.5, and 0.6, the supersonic region forms earlier,
becomes stronger (reaching M = 1.5), and extends fur-
ther downstream (to x/c = 0.2 at M. = 0.8). At low
angles of attack (o = 7-10 ) transition to turbulence
is initiated near the shock, and does not move as far
forward as at low Mach number.3? As « increases, high
frequency pressure oscillations appesr at the shock, be-
ginning a gradux| separation. [t takes up to 32 times
longer than at M, = 0.2 for the separation to expand
to cover the forward 30% of chord, and the stall vor-
ticity is much more diffuse.?! This observation agrees
with the visualisation results of Refs. 13-14. Unsteady
effects on the serodynamic loads are still present, in-
cluding measureable stall delays and increases in the
maximum lift, drag, and moment.?®

The effects of other parameters {A, A, and tip cap
geometry) on the airloads during ramps have also been
examined.?° Sweep and tip geometry effects are most
significant very close to the wing tip and after the be-
ginning of stall. The rollup of the tip vortex over the
upper surface of the unswept wing distorts the pres-
sure distributions and interacts with the stall vortex to
increase the unsteady increment to CJ'** by up to a
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factor of 2. This effect, which was first described in
Refs. 15-16, is magnified when the approximate body
of revolution tip cap is replaced by a flat plate at ¢ =
0. The flat plate appears to generate a stronger and
more compact vortex. For the swept wing, the tip vor-
tex effect are weaker, as also observed in Refs. 17-18,
The tip stalls at nearly the same a as the inboard re-
gion, and the unsteady increments 1o the tip loads are
reduced.?® After stall, there are large differences with
sweep angle, including strong periodic oscillations at A
= 15 * and strong spanwise gradients at A = 30°.

BASIC CHARACTERISTICS

Results for two sinusoidal conditions, a = 10°-
10" cos2xr and a = 20°-10"cos2xr, both at M, =
0.3 (340 fps), A = 0, and k = 0.1 (7.5 Hs), will be de-
scribed first. Figure 2 shows unsteady lift coefficient
loops for these conditions at each of the five spanwise
stations. Increasing time is indicated by the arrows.
The triangles show the steady-state lift curves, The in-
board lift loops (8/c > 1) exhibit the classic features of
dynamic stall.l=9:18=30 g¢q]] is delayed well past a..,
C°* is increased, and there is substantial hysteresis
caused by delayed reattachment during the pitch-down
portion of the cycle. At ay = 10°, stall occurs (C
collapses) when the instantaneous pitch rate goes to 0
at a = 20", while at ap = 20°, a more gradual loss of
lift occurs near a = 22°. Close to the tip (s/c = 0.08),
both the steady and unsteady behavior differ from the
inboard results. Although the slope of the steady lift
curve decreases after a = 15 °* (when the inboard por-
tion of the wing stalls), the steady lift near the tip con-
tinues to increase up to a =~ 23 °, and only falls slightly
at higher a. The unsteady lift continues to increase
until @ = 28 °, and displays less hysteresis than at the
inboard stations.

Pitching moment loops for these conditions are
shown in Fig. 3. The inboard stations show a sharp
drop in both the steady and unsteady moments at
stall, with a peak unsteady Cp, of -0.34 at 8/c = 1,52.
As identified by earlier studies?3-¢%33 the moment
loops are composed of three subloops. Large subloops
which have a counter-clockwise sense (with increasing
time) occur below and sbove a,,, while a small clock-
wise subloop occurs near a,,. The greater area of the
counter-clockwise subloops indicates that the aerody-
namic damping for these large amplitude motions is
positive, in contrast to small amplitude motions?> that
enclose a,,. The moment stall characteristics for s/c
< 0.59 are leas abrupt than for s/c > 1, and the trend
from s/c = 1.52 40 0.30 is for reduced peak moments as
s is reduced. This trend is reversed at ¢/¢ = 0.08. This
station has the strongest peak moment, Cp¢ == -0.37 at
ap = 20°. Both the trend and its reversal seem to be
caused by the tip vortex, since it not only lowers the ef-

1.0P z/cm0.99

. 2/cm1.06

o ) 6 18 20 2% 3o
-

Fig. 2. Effect of mean angle and spanwise position on

unsteady lift. (@ = ap-10 "cos2rr, M, = 0.3, A = 0,

and k = 0.1}

fective o, delaying and smoothing stall, but (very close
to the tip) interacts with the stall vortex to strengthen
the unsteady loads (as also observed in Refs. 15-16 and
20).

The blade pressure characteristics that are respon.
sible for these loads will now be described. Figure 4
shows chordwise pressure distributions at s/¢ = 0.59
for the @ = 20 *-10 * cos 27r condition. The left column
shows the pitch up portion of the cycle, and the right
column shows the same o during pitch down. Each dis-
tribution ie labeled both by & and by nondimensional
time, r. The results during pitch-up are very similar to
those for a constant rate ramp.3"-3! A strong suction
peak develops during attached flow (Fig. 4a), generat.
ing a small supersonic bubble (a = 20°, Fig. 4b). Sep-
aration follows, and a stall vortex is formed (Fig. 4¢).
The vortex broadens and propagates aft (Fig. 4d), lead-
ing to massive separation (Fig. 4e). The separation per-
sists during pitch-down (Figs. 4f, g, and h). Note the
major differences between these distributions and those
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on unsteady moment. (a = ay=10"°cos2xr, M, = 0.3,
A=0,and k=0.1)

at the same a during pitch up (Figs. 4¢, d, and ¢). The
absence of the leading edge suction during pitch-down
accounts for the lift and moment hysteresis. The flow
begins to reattach by a = 22° (Fig. 4h), with the for-
mation of a small amount of leading edge suction. The
suction peak grows, and reattachment slowly moves aft
along the chord (Fig. 4i). By a = 15° (Fig. 4j) the
distribution has the appearance of attached flow, but
both the leading edge suction and the overall fullness of
the pressure distribution ure less than during pitch-up
(Fig. 4a). Similar sequences of pressure distributions
occur at other spanwise locations away from the tip
(not shown).

The behavior close to the tip in quite different, as
shown in Fig. 5 by the chordwise pressure distributions
at g/c = 0.08. At a = 15°during pitch-up (Fig. 5a)
there is aiready significantly higher load over the aft
30% of chord than at s/¢ = 0.59 (Fig. 4a). The aft load
is caused by the rollup of the tip vortex over the up-
per surface of the tip, and is responsible for the smooth
increases in negative C), with & observed in Fig. 3.
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Fig. 4. Chordwise pressure distributions at s/¢ = 0.59

during pitch-up (left column) and pitch down (right

column). (@ = 20°-10 *cos2xr, M, = 0.3, A = 0, and

k =0.1)

Steady surface oil flow visualisations (not shown here)
confirm the presence of the vortex. Both the leading
edge suction peak and the vortex loading at the trailing
edge increase as a is increased to 23 * (Fig. 5b). For o ~
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(a =20°-10"cos2nr, M, = 0.3, A =0, and k = 0.1)

23 °, the leading edge suction stops increasing, but the
trailing edge suction does not (Figs. 5b-c), producing a
more rapid increase in negative moment (Fig. 3). At a
= 27 (Fig. 5d) the flow begins to separate aft of the
suction peak. The leading edge suction has almost van-
ished at a = 29° (Fig. 5e), but subtantial trailing edge

loading remains. There appears to be a brief period of
complete upper surface separation during pitch-down
(Fig. 5f), but the leading edge soon begins to reattach
(ax = 27°, Fig. 5g). The trailing edge suction is not
as rapidly reestablished (Figs. 5h-i), perhaps becanse
the inboard region of the blade is still stalled, and in-
board lift i¢ needed to generate the tip vortex. By a =
15 (Fig. 5j), the flow appears essentially reattached,
but the trailing edge loading is still less than during
pitch-up (Fig. 5a}.

Time histories of the ensemble.averaged upper sur-
face pressures at the two stations for the ap = 10 and
20 ° conditions are shown in Fig. 6. Fig. 6a is for an =
20°-10"cos 277, at 2/c = 0.08. The bottom curve is
for x/c = 0.005, with its Cp scale at the lower right.
Origins for each curve are offset vertically, as ind:.ated
along the left axis. The horisontal axis shows both time
(r) and angle (a ). The suction at x/c = 0.005 stops
increasing near r = 0.3 (@ = 23 °, indicated by "A”},
and a separation dlateau is present from r = 0.25 to
0.62. The separation is less obvious at the other sta-
tions. There is no clear trace of a stall vortex propagat-
ing back along the chord. The effect of the tip vortex
appears strongest at x/c = 0.788, with a strong suction
bump between r = 0.36 and 0.48 ("B"). At 3/c = 0,59
{Fig. 6b) there is a strong negative presssure peak from
the stall vortex that can be traced back from x/¢ =
0.026 to at least x/c = 0.372 ("C”). The leading edge
separation plateau is also larger, extending from r =
0.3 to 0.7.

For the lower mean angle condition (aq = 10°),
the pressure time histories at s/c = 0,08 (Fig. 6¢) show
no separation plateau, but there are deviations from
a smooth sinusoidal response between r = 0.45 and
0.70 ("D"). These reductions in suction are probably
a reflection of the separation and loss of lift that are
occurring on the inboard region of the wing. At 8/c =
0.59 (Fig. 6d) the pressures at x/c = 0.005 indicate a
rapid separation at r = 0.43 (e = 19°), and a gradual
reattachment starting near r = 0.5 and completing by
r = 0.65 (@ = 16" ). A strong stall vortex trace is alwo
visible from x/c = 0.06 to 0.57 ("E").

The final results to be presented for these two con-
ditions are the unsteady airload increments. As shown
in Fig. 7, the steady-state results at each o (referred to
as the quasi-steady or QS loads) have been subtracted
from the Cp, Cp, and Cp loops (Figs. 2 and 3). Loops
for Cp — QS are shown in Fig. 7a for both the o, =
10° and 20° conditions at 5/c = 1.52 and 0.08. At z/c
= 1.59 O - Q5 becomes strongly positive (up to +1)
because of the delay in stall, and then negative (-0.2
to -0.35) during pitch down because of the delay in
reattachment. The Cr ~ QS loops at £/c = 0.08 nre
smocther, with reduced maximum positive increments.
For an = 10'and s/c = 0.08, Cp — QS is relatively
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small {between +0.2 and -0.1} because the wing tip
does not stall. The loops for Cps — QS (Fig. 7b) are
more complex. At g/c = 1.52 during pitch-up there
is a3 small negative increment in attached flow, a posi-
tive increment caused by the stall delay, and finally a
large negative increment (up to -0.2) generated by the
stall vortex. During pitch-down the increment becomes
positive as the flow reattaches from the leading edge aft
(reestablishing leading edge suction before trailing edge
loading). At g/c = 0.08, the C); — QS loop is simply
connected, with an increasing negative increment dur-
ing pitch up as the tip-vortex-induced suction near the
trailing edge strengthens, and a generally positive in-
crement during pitch-down as the leading edge suction
becomes predominant. The pressure drag increments
(Fig. 7c) remain quite small during attached flow, are
negative during the unsteady delay in stall, and then
betome strongly positive (up to Cp — Q@S = 0.3 to
0.4) as the stall vortex propagates aft along the chord.
Cp ~ QS becomes negative during pitch-down, as the
reattaching leading edge suction provides a thrust in-
crement. {Note that Cp remains positive, and that skin
friction drag is not included in these pressure integra-
tions.)

SINUSOIDAL AND RAMP MOTIONS

The object of this section is to compare the un-
steady aerodynamic load results for sinusoidal motion
with results for ramp motion at similar conditions. The
sinusoidal cases are the k = 0.1, a, = 10" conditions
described in the previous section. The ramp is from
a = 0 to 30°at a nondimensional rate of A = 0.02
(850 ° /sec). The pitch-up portion of the ramp was de-
scribed in Ref. 20. The complete motion consists of a
several second delay at a = 0, a constant rate pitch-
up to 30 ° over a period of 0.5T (0.054 sec), holding at
30 *for another 0.5T, and then pitch-down to o = 0
at the same rate. The primary differences between si-
nusoidal and ramp motions are the replacement of the
steady-state initial condition with periodicity and of
the constant rate with a rate of A = ka, sin 2rr. For
this condition the maximum pitch rate is ka; = 0.0175
at a = ay.

Figure 8 shows the comparison of C;, and Cy¢ loops
at s/c = 1.52 and 0.08. The solid line is the A=0.02
up-ramp, the dashed line is the down-ramp, the dot-
ted line is the sinusoid at ap = 10°, the dot-dashed
line is the sinusoid at ap = 20°, and the symbols are
the steady data. The general conclusion is that there
is good qualitative agreement, especially between the
ramps and the oy = 20 * sinusoids. The lower a portion
of the ramp data also agree with the ay = 10 * sinusoids
until the sinusoid stalls near its maximum angle (20°).
Some small differences are present, but the basic fea-
tures of the unsteady stall process appear to be the
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Fig. 7. Unsteady load increments at three spanwise

potitions and two mean angles. (o = «p-10 ' cos 2rr,

M.=03,A=0,and k =0.1)

same. Comparisons of sirloads at other sweep angles
(A = 15 and 30°), Mach numbers (0.2 < M. < 06},
and reduced frequencies (0.05 < k < 0.15) are not
shown here, but there is a similar level of agreement.
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Fig. 8. Comparison of sinusoidal and ramp lift and
moment. (M, = 0.3, A = 0, and k = 0.1 or A = 0.02)

This is very encouraging, since it implies that the de-
tailed information on the separation process obtained
for ramps®"~32 ghould also apply to sinusoids. (This is
also supported by the similarity between the sinuscidal
pressure characteristics shown in Fig. 4-6 and similar
results for ramps.?’)

MODERATE AMPLITUDE MOTIONS AND
LIGHT STALL

In addition to the large amplitude (a; = 10°)
motions described in the previous sections, moderate
amplitude (a; = 6 °) conditions were also tested for
sequences of increasing mean angle. Lift and moment
curves for the sequence ag = 10, 12, 14, 16, and 18" at
M, = 0.2, A =0, and k = 0.1, gre shown in Fig. 9. The
O, curves (Fig. 9a) at s/c = 1.52 seem to fall within
the same envelope. At ag = 10°, the flow remains

0.05¢ z/cw0.08 J v
= -
& 0.00

Q.10

- ao- 12 +o=- ao- 16

el ag= 14 —-ag= 18

by s 3 16 26 24
™

-0.30

Fig. 9. Lift and moment loops for moderate ampli-
tudes. (0 = @y -6"cos2nr, M, =02, A=0,and k =
0.1)

attached, and the loop is a narrow (and hard to see)
ellipse, At higher ag, the lift follows the top of the
envelope during pitch-up, but collapses when the pitch
rate falls to sero. During pitch-down, the lift in sepa-
rated flow follows the bottom of the envelope, and then
recovers to the attached Sow value when pitch-up re-
sumes. Qualitatively similar behavior occurs at s/c =
0.59 and 0.08. The hysteresis is reduced because prox-
imity to the tip vortex has lowered the effective angle
of attack and reduced penetration into stall. The C),
curves (Fig. 9b) at 5/c = 1.52 and s/c = 0.08 also tend
to fall within envelopes. At s/c = 1.52, however, there
are also strong negative moment spikes for all values of
ap greater than 10°, the only conditions which indi-
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Fig. 10. Upper surface pressure and hot film time
histories at moderate amplitudes. (x/c=0.1, 5/c¢=0.59,
a = ap -6 cos2nr, M, = 0.2, A =0, and k=0.1)

cate any substantial extension of the lift curve beyond
the steady limits.

The pressure and hot film time histories shown in
Fig. 10 illustrate the rapid growth in separation with
ap. Fig. 10a shows pressure time histories at s/c =
0.59, x/c = 0.1 for the ap sequence described above.
At an = 10" (the sclid line), there is a smooth, sinu-
soidal response, with the minimum pressure occurring
near r = 0.5, the time of maximum a. At ag = 12 * the
response is somewhat distorted for r > 0.6, proba-
bly in response to separation occuring further inboard
(Fig. 9a), but there are no major changes. This is con-
firmed by the hot film time histories shown in Fig. 10b.
The output voltage (heat transfer) for ap = 10 and
12 * remains high throughout the cycle, indicating an
attached turbulent boundary layer.?? In constrast, at
an = 14, 16, and 18 * the hot film voltages show a rapid
reduction indicating separation. As aq increases, the
drop occurs at progressively earlier values of r. The
separation is accompanied by a sharp negative pressure
spike (Fig. 10a), indicating the formation of a dynamic
stall vortex.®3° The downstream propagation of this
vortex is responsible for the negative moments shown
in Fig. 9d. These results, together with similar results
at other values of k, M., and A (not shown), suggest
that the boundary between the onset of the benefits of
forced unsteady motions (delays in stall and increases in
CP*** ) and the development of the costs (unacceptably
strong pitching moments) is extremely narrow. The
boundary width is certainly less than the 2 ° spacing in
aq studied here. No combinations of paraineters that

generated significant additional lift or substantially de-
layed stall avoided the creation of a strong stall vortex
and the subsequent moment and drag penalties.

FREQUENCY AND SWEEP EFFECTS

Ae shown in Fig. 11, the familiar effects of reduced
frequency on the airloads are present during sinusoidal
motions of this model. Lift (Fig. 11a} and moment
(Fig. 11b) loops at M, = 0.3 and A = 0 are compared

a) 20r z/cw1.82

1.8

1.04

0.3

—— k= 0.025

-.2

— = k= 0.050 e
=03 c...km 0.100 --- Steady ‘.’
-0.4k Y Ty ::3 26 3o

@
Fig. 11. Frequency effects on lift and moment. {a =
20°- 10°con2xr, M, = 0.3, A=0)
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at k= 0.025, 0.05, and 0.10. In general, increasing fre-
quency increases maximum loads, delays stall, increases
hystereais, and delays reattachment. At s/¢ = 1.52 (far
from the tip) the stall delays reach approximately 8 * at
k = 0.1, but stall is still very abrupt. At s/c = 0.59, the
delays are about the same, but stall is more gradual.
Instead of having a sharp negative peak followed by a
reduction, the negative moments at this station con-
tinually become meore negative until almost a = 30°.
This tendency is even more pronounced at s/c = 0.08,
Here the k = 0.1 condition appears to entirely avoid
stall during the pitch-up, and the unsteady increments
to lift and moment (ACP** = 0.60, ACy'" = —0.24)
are larger than at any other spanwise position. This
is consistent with low speed, high frequency results at
smaller acale,!~1® and with ramp data for the current
model.?°

Sweep can also have a significant effect on the un-
steady loads, especially near the tip. Figure 12 com-
pares lift (Fig. 12a) and moment (Fig. 12b) loops at
A =0,15 and 30°, for M, = 0.3 and k = 0.1. Re-
sults are shown for g/c = 1.06, 0.59, and 0.08. Steady
data at A = O are also included. Both during pitch-
up prior to stall and when the filow is massively sepa-
rated during pitch-down, the inboard (s/c = 1.06 and
0.59) Cp and Cpy results appear largely independent
of sweep. There are, however, substantial differences
during pitch-up after stall. At s/c = 1.06, the A =0
and 30 ° lif¢ loops (Fig. 12a) are very similar, while the
A = 15 *loops has a double peak indicating a temporal
oscillation. At s/c = 0.59 and 0.08, the hysteresis and
unsteady load increments are reduced at A = 15 and
30°. Because the wing tip remains perpendicular to
the leading edge, the tip vortex does not roll up over
the swept wing. Ref. 17 also showed that the spanwise
flows present with aft eweep weaken the tip vortex. The
effects combine to suppress the interaction between the
tip and stall vortices that enhances the unsteady tip
loads at A = 0,

The temporal oscillations are investigated further
in Fig. 13a, which shows upper surface pressure time
histories at 5/c = 0.59 for the A = 15 * condition. Fol-
lowing the initial valley of low pressure associated with
the dynamic stall vortex ("A”), there is a peak and a
second valley (" B”) that is probably associated with a
second vortex. In contrast to the initial vortex, which
is first visible near x/c = 0.026, the secondary vortex
does not become apparent until x/¢ ~ 0.3. No sec-
ondary vortices are present at A = 0 (Fig. 6b) or at
A = 30° (Fig. 13b). Similar oscillations also occurred
during ramp motions?® of this model at A = 15°, and
for the unswept 2D model.® The oscillations in 2D had
frequencies appropriate for von Karman vortex shed-
ding from a bluff body of diameter ¢ sin a. The frequen-
cies for the 3D condition are similar, although there is
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Fig. 12. Sweep eflects on lift and moment. (a = 20°-
10 ' cos 2xr, M, = 0.3, k = 0.1)

as yet no explanation why the oscillation is only strong
atA=15".

As was discussed in Ref. 20, sweep influences hoth
the steady and unsieady response. The steady effects
can be at least partially removed by subtracting out
the quasi-steady response. Figure 14 shows Cp - ¢S
and Cp — QS loops at s/c = 1.06 and 0.08. Botl the
oscillations at A = 15°and the reduced unsteady tip
loads at A = 15 and 30 ° are apparent.

MACH NUMBER EFFECTS ON AIRLOADS

Compressibility has been recognized as being of
primary importance to dynamic stall 3.5.8.13~14.30-21
The effects of Mach number on the airloads on the 3D
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Fig. 14. Sweep effects on unsteady increments to
lift and moment. (@ = 20°- 10" cos2xr, M. = 0.3,
k=0.1)

model during sinusoidal motions are also subatantial,
particularly near stall and at higher M,. For light stall
and moderate Mach number conditions, the effects are
less significant. PFigure 15 shows lift loops at M, =
0.2, 0.3, and 0.4, for the same sweep angle {A = 0},
frequency (k = 0.05), and angular range (« = 10°-
10 * cos 27r). These relatively light stall loops are qual-
itatively similar. The major difference is a reduction in
stall angle with Mach number. At M. = 0.2, stall does
not occur until the pitch rate approaches sero at a =
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20°. At M, = 0.3 stall begins slightly earlier, near a
= 18.5 °, while at M. = 0.4 the lift begins to drop near
a = 16°. These reductions in the stall angle may be
related to the formation of the leading edge supersonic
region at M. = 0.3, and the appearance of a shock at
M. =042

— M= .20
~— M= .30
-ees M= 40

1.6

Fig. 15. Mach effects on lift for light stall and lower
M. (@ = 10°- 10" cos2x7, k = 0,05, A = 0)

The differences are increased for deeper penetra.
tion into stall. Figure 16 shows lift and moment loops
for the same three Mach numbers and reduced frequen.
cies, but with a = 20°- 20 " cos 2n+ used for the M. =
0.2 and 0.3 conditions. {The M. = 0.4 condition is still
ao = 10°, since stall has occurred before o = 20°, and
because higher values of @ might exceed structural lim-
its.) The primary difference is again a reduction in stall
angle with Mach number, particularly at s/c = 1.52.
The responses in both the attached and massively sep-
arated flow regimes differ only slightly with Mc. The
amount of hysteresis is similar. As was observed for
ramp motions,?! the major change occurs between M.
= 0.3 and 0.4; there is only a relatively small reduction
in stall angle between M. = 0.2 and 0.3.

A comparison of lift and moment loops at the
higher Mach numbers of M, = 0.4, 0.5, and 0.6 is shown
in Fig. 17. All of the results are at k = 0.075and A = 0,
and represent light to moderate stall penetration. As
M, increases, the peak Cp and Cjp¢ are reduced, stall
occurs earlier, and the Lysteresis is lessened. For the
M, = 0.6 condition, the tested a range creates only
a light stall on the inboard portion of the wing at a
>~ 9°, For M. = 0.4 and 0.5, the stall begins near o
= 16 and 12", respectively, and the moment loops at
t/c = 1.52 show strong negative moments and 'figure-
eight’ shapes indicating formation and propagation of
dynamic stall vorticity. At s/c = 0.08, Cpy becomes
steadily more negative as a increases, indicating devel-
opment of a wing tip vortex as at lower M, (Fig. 3).

Loope of the unsteady load increments, Cr — @S
and O ~ @S, at 3/c = 1.52 and 0.08 for the M, =
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Fig. 16. Mach effects on lift and moment for deep stall
and lower M.. (a = 20°- 10" cos 2»r, k = 0.05, A = 0)

0.4, 0.5, and 0.6 conditions are shown in Fig. 18. The
decrease in the magnitude of the unsteady increments
with increasing M. is clear. It is also clear that un-
steady effects are still present at M. = 0.6. There is
particularly strong hysteresis in Cp — QS and Cp - QS
at /¢ = 1.52 in the attached Aow region (a < 7°).

Figure 19 suimnmarises the unsteady lift effects by
plotting the increase in the maximum lift coefficient,
ACP** | and the delay in reaching maximum lift,

An(CP'™7 ), versus spanwise position for several of the
highest frequency conditions at each M.. The largest
increase (ACT* = 1.0-1.2), and the longest delay {Aa
= 10-127) occur for the highest frequency, lowest M.
condition. This condition also exhibits the largest in-
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Dig. 17. Mach effects on lift and moment at higher M..
(% =0.075, A = 0)

crease in unsteady tip load above unsteady inboard
loads. At M. = 0.3 there is much less variation with
spanwise position, and at higher M. the unsteady in-
crements are actually lower at the tip than inboard.
The cause of the coupling between the effects of com-
pressibility and three-dimensionality is not yet known.

SUMMARY AND Cf LU. 'ONS

This investigation of the une.. ~erodynamic re-
sponse of a three dimensional wing .  ausoidal oscil-
lations at conditions representing a fui. .cale helicopter
main rotor blade has produced the following observa-
tions:

1. The basic high amplitude dynamic stail character-
istica on the inboard portion of the 3D wing at
low Mach number (M, < 0.3} sre similar to earlier

results, including those on the 2D version of this

model. During pitch-up, there is a substantial atall
deluy, large unsteady increments to the -irloads,

and the formation of a strong leading edge vortex.

--s M= 60

(=] - [] 12 18 20
x

Fig. 18. Mach effects on unsteady increment to lift and
moment. (k = 0.075, A =0)

During pitch-down, flow reattachment begins near
the leading edge and moves aft.

2. Near the tip of the unswept wing, the tip vortex
alters these characteristics. The vortex not only
lowers the effective angle of attack over a relatively
large span, but also rolls up over the upper sur-
face, increasing the trailing edge loading and gen-
erating a strong but smoothly increasing negative
moment. Interaction between the tip and stall vor-
tices increases the relative unsteady loads near the
tip. During pitch down, the trailing edge load is
reestablished later than the leading edge suction,
causing considerable hysteresis,

3. Sinusoidal and ramp motions at equivalent max-
imum pitch rates generate similar aerodynamic
responses, both during pitch-up and pitch-down.
The detailed information on the separation pro-
cess obtained for romps?"~2? ghould therefore alsn
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Fig. 19. Summary of unsteady lift increments and stall
delays. (A = 0)

apply to sinusoids.

4. A series of moderate amplitude (ay = 6°) con-

ditions at increasing mean angle show an abrupt
shift between conditions without stall and condi-
tions with dynamic stall. No conditions were found
that generated significant stall delays and Cp**
increments without creating a strong stall vortex
and a large negative moment.

. Increased frequency delays stall, increases un-
steady loads, and delays reattachment, as would
be expected from 2D results.

. Prior to stall and av-ay from the wing tip, sweep ef-
fects can be accounted for using the swept infinite
wing normalisation. Tip loads and stall character-
istics are very sweep-dependent. Increased sweep
reduces the tip vortex effects, and hastens stall
near the tip. Unsteady post-stall oscillations oc-
cur at A = 15 " but not at either A =0or 30°.

. Mach number effects are relatively small for M, =
0.2 and 0.3, and in light stall. Stall occurs slightly
earlier at M, = 0.3, and is preceded by formation
of a small leading edge supersonic sone.

8. Results at M, = 0.4, 0.5, and 0.6 show increasingly

early stall and reduced unsteady effects. How.
ever, measureable unsteady stall delays, increases
in loads, and hysteresis persist to the highest stud-
ied Mach numbers.
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APPENDIX IX

TIP VORTEX, STALL VORTEX, AND
SEPARATION OBSERVATIONS
ON PITCHING THREE-DIMENSIONAL WINGS

Peter F. Lorber
United Technologies Research Center
East Hartford, CT

Abstiract for the AIAA 24th Fluid Dynamics Conference
July 1993, Orlando, FL

Experimental results on the separated flow characteristics and the unsteady separation process
for a pitching three-dimensional wing are described. New results are presented in several areas. The
measured surface pressures and airloads are used to infer tip vortex characteristics and effects, and
to identify leading edge dynamic stall vortex propagation patterns. Leading and trailing separation
phenomena are investigated using the experimental measurements on the surface, and a useful
correlation is found with Stratford’s turbulent boundary layer separation criterion.

As shown in Fig.1, the experiment was conducted using a rectangular semi-span wing model
that could be mounted at sweep angles of 0, 15, and 30°. The model scale and test conditions
were selected to simulate conditions on a full scale helicopter main rotor blade (Mach numbers
between (.2 and 0.6, Reynolds numbers of 2-6 million, 9% thickness airfoil section, nondimensional
pitch rates, A = &c/2U, of 0.001-0.025, and angles of attack, a, of 0-30°). Extensive surface
instrumentation (112 pressure transducers identified by the dots in Fig. 1 plus 16 hot film gages)
was used to identify the physical processes and quantify the effects of the test parameters.

Previous results from this program have been described in a series of papers. References 1 and
2 describe the experiment and survey the results for constant pitch rate (ramp) motions for two- and
three-dimensional geometries, respectively. They identify the dependence of the surface pressures
and loads upon the test parameters (pitch rate, wing sweep, Mach number, spanwise position,
and tip geometry). The unsteady separation process is examined in Ref. 3, including the changes
introduced by increasing M from 0.2 to 0.6. Reference 4 describes how the laminar to turbulent
boundary layer transition location responds to the unsteady pitching motion. The response to
large amplitude sinusoidal oscillations is covered in Ref. 5, while Ref. 6 describes results for small
amplitude oscillations about mean angles near static stall, a simulation of the in. ial stages of stall
flutter.

The wing tip vortex has been shown previously (Refs. 2,5,7) to strongly influence the aerody-
namic loads on this model before, during, and after stall. The delays of stall and enhancements
of the unsteady lift and pitching moment near the tip are particularly strong at low Mach number
and for the unswept geometry. This paper will use measured pressure distributions at the spanwise
station 8% of chord from the tip to examine tip vortex effects. Figure 2 shows an example for a
test case with strong tip vortex effects, the unswept wing at M, = 0.2 and A = 0.02. The three
curves along the top show the growth of the distortion of the upper surface trailing edge pressures
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at a = 10, 18, and 26 °. A quantitative estimate of the direct effects of the tip vortex was obtained
by subtracting from the measured ACp (lower surface - upper surface) the ACp calculated by ap-

plying the ACp « a\/"_‘-—;—-; dependence of thin airfoil theory. This difference is computed from x/c

= 0.4 to the trailing edge. The second row of plots in Fig. 2 show the measured ACp distributions

(squares) and the thin airfoil curves (solid lines). The agreement in shape shown at a = 10" is also .
typical of attached flow conditions at all other spanwise positions (z/c > 0.3). The large increment

to ACp visible at @ = 18 and 26 ° can be integrated to estimate the increments to the lift and

moment directly induced by the tip vortex.

This computation is periorr.ied at each instant during an unsteady ramp motion, producing
normal force and moment ¢uxves such as those shown in Fig. 3. The solid lines are the measured
loads, and the dashe litres are the computed tip vortex increments. The upper plots are close to
the tip (z/c = 0.08), and show that virtually all of the negative (nose-down) Cs and up to 26%
of the Cy is generated by :he tip vortex distortion. The lower pair of plots in Fig. 3 are further
from the tip, at z/c¢ = 0.3. There is almost no contribution from tip vortex distortion prior to
stall (= < 26°). After stall the pressure distributions are distorted by the leading edge vortex and
massive separation; non-zero values of the dotted curves after stall are therefore not caused by the
tip vortex. For the cases examined at M, = 0.2 and 0.3, tip vortex roll-up loads contribute 20-30%
to the peak Cyv and 60-70% to the peak Cps. The paper will quantify effects such as pitch rate and
waveform (constant rate ramp vs sinusoid) on the tip vortex loads.

It will be further shown that tip vortex effects are very small for swept geometries, and, as
Mach number is increased, the contribution of the tip vortex loads on even the unswept wing drops
to Cn drops to 10% at M=0.5 (shown as the bottom plot in Fig. 3) and 3% at M. = 0.6. The
most likely explanation is the lower stall angle at higher M. . The roll-up loads do not become
significant (at any Mach number) until angles of attack above about 10, and are strongest above
20 (Fig. 3). At higher M. , the shock-induced stall (discussed in Ref. 3) occurs at a relatively low
angle of attack, before a strong tip vortex is able to form. This appears to be the reason why the
significant enhancements of the unsteady tip loads observed at low speed (Ref. 7) were not present
at higher Mach number (Ref. 2).

A second application of the surface pressure results is to investigate the propagation of the
dynamic stall vortex. The approach is to use the pressure vs. time results at each transducer
to identify the time of minimum pressure, which is assumed to correspond to the passage of the
vortex past that location on the wing. Figure 4 shows an example of the pressure time histories for
the ten transducers at a single spanwise station. The minimum pressure locations are marked by
circles in both the overall view of the entire 0-30 " ramp (left plot) and the close-up of the time of
stall vortex propagation (right plot). This technique has been used on this model in earlier papers
to estimate vortex propagation speeds for two-dimensional conditions (Ref. 1) and for individual
spanwise locations on the unswept three-dimensional wing (Ref. 2). The information will be used
in this paper to generate views of the stall vortex position on the wing planform at specific times.
Figure 5 shows such views at sweep angles of 0, 15, and 30°, for a chordwise Mach number of
0.3 and a pitch rate of A=0.01. Vortex positions are shown at time intervals of t/T = 0.025, or
approximately Aa = 1.5°. For the unswept wing (top view), the vortex is first apparent inboard
att/T = 0.40 (& = 16.5 " ). At z/c = 1.52, the vortex propagates steadily aft, reaching the trailing
edge at o = 21°. This corresponds to a speed of 25% of the freestream velocity. Closer to the tip,
the vortex appears later (corresponding to the delay in stall caused by the reduction in effective
angle of attack induced by the tip vortex, Refs. 1, 5-7), and propagates more slowly, as shown by
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the reduced spacing between the vortex position curves. The initial propagation speed at z/c =
~ 0.08is reduced to 9% of U.. This result is consistent with initial results for this experiment (Ref. 2),
and with lower speed flow visualization data from other experiments (Refs. 7-8).

Vortex propagation patterns are quite different for swept geometries, as shown in the lower two
views of Fig. 5. While the stall vortex still first appears on the inboard portion of the leading edge,
the subsequent development appears quite different. The inboard propagation speed is reduced
by sweep, in agreement with the swept tunnel-spanning wing results of Ref. 9. Closer to the tip,
vortex propagation speeds are increased, both relative to the unswept case and relative to the
inboard values. This behavior is not yet fully understood, but it is probably related to differences
in tip vortex strengths (weaker with sweep) and roll-up locations (over the surface at A = 0 and
outboard of the tip at A = 15-30°).

The effect of pitch rate on the vortex propagation patterns is illustrated in Figs. 6 and 7, which
are for the same Mach number (M, = 0.3), motion, and pitch range as Fig. 5, but at pitch rates
of A = 0.006 and 0.02, respectively. The qualitative characteristics and the effect of sweep are
similar. The absence of an identifiable stall vortex within 0.5 chord lengths of the tip at A = 0.005
and A = 0 (the upper view in Fig. 6) is the primary difference. Two effects combine to weaken
the stall vortex here: the low pitch rate and the effective angle of attack reductions induced by the
tip vortex. As expected, because vortex propagation speeds are tied to the chordwise velocity, the
vortex remains over the wing for a wider range of angle at higher pitch rate (Aa = 3-5"at A =
0.005 and 9-12°at A = 0.02).

Vortex propagation patterns for sinusoidal motion are shown in Fig. 8, for the condition a =
20°-10° coswt, at M. = 0.3 and k = 0.1. The basic characteristics are again similar to the A=
0.01 ramp results (Fig. 5), which are at approximately the same maximum pitch rate. The final
comparison of vortex patterns is shown in Figures 9 and 10, which illustrate the effect of Mach
number using M; = 0.2 and 0.4 ramps at a constant nondimensional pitch rate of A = 0.01. The
M. = 0.2 results (Fig. 9) have the same appearance as the M, = 0.3 results shown in Fig. 5, with
the exception of an early initial appearance of the stall vortex, at a =~ 20-21 "instead of 17-18°.
This results from the early separation apparently induced by the appearance of locally supersonic
flow near the leading edge (Ref. 3). At M, = 0.4 (Fig. 10), patterns at 0 sweep are the same as at
lower Mach number, as are the patterns over the forward portion of the wing at A = 15 and 30°.
No distinct pressure signature of the stall vortex could be identified over the aft portion of the
wing, especially at A = 30°. The apparent early disappearance or dissipation of the stall vortex
at higher Mach number was discussed in Refs, 2-3.

Two other issues related to the separated flow characteristics of this experiment will also be
addressed. First, the measured pressure time histories in the presence of the stall vortex (such as
Fig. 4) will be compared to the surface pressure signatures computed from the unsteady potential
flow of a line vortex over a surface. This comparison generates estimates of the vortex strength,
height above the surface, and propagation speed. While there is qualitative agreement with ob-
servations and expectations for these characteristics, the quantitative results show a vortex that
is too strong, too high above the surface, and moving too rapidly. The paper will explore what
can be learned from these differences, beyond the obvious fact that the dynamic stall vortex is
not a concentrated line moving two-dimesionally in a potential flow. The second issue concerns
vortex shedding following the primary stall vortex, The two-dimensional version of this experiment
exhibited strong periodic vortex shedding after stall, at frequencies of 50-60 Hz, similar to those
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expected for vortices shed from & bluff body of diameter equal to the vertical projection of the
airfoil chord (csina). Strong post-stall oscillations were not observed for the three-dimensional
wing, although weak oscillations were occasionally present inboard. At a sweep angle of 15° (but
not at 0 or 30°) there were one to two rapid pressure changes that followed the primary stall
vortex, possibly reflecting additional shed vortices. A more quantitative description of this as yet
unexplained behavior will be provided in the paper.

The separation process inferred from the surface measurements on this model has been de-
scribed in Refs. 3 and 4. At high Reynolds number and angle of attack, the suction surface boundary
layer is turbulent downstream of the suction peak. At lower Mach number (M, < 0.3), unsteady
separation begins in the forward 5-10% of chord, and rapidly expands to eliminate the leading
edge suction peak and form a strong stall vortex. Trailing edge separation, while often important
in steady flows, does not seem to play a major part in this unsteady process. At higher Mach
numbers, a local region of supersonic flow forms near the leading edge. An early but more gradual
separation then occurs near the strong adverse pressure gradient (a well-defined shock for M, > 0.4)
terminating the supersonic region.

This paper will add to this interpretation by examining the surface pressure gradients and
applying the turbulent boundary layer separation criterion of Stratford (Ref. 10) to the measured
pressure distributions to identify likely separation locations at various steady and unsteady test
conditions. Stratford’s criterion is based on an approximate solution to the boundary layer equa-
tions in a steady adverse pressure gradient. The basic relation for predicting the separation location
is:
dCp
dz

with Cp, 2, and R based upon the starting conditions for the adverse pressure gradient region. (A
somewhat more complex relation is actually used here, to account for initial regions of laminar flow
and favorable pressure gradient, and for variations in Reynolds number.) Tt is recognized that there
are several valid objections to the application of this approximate steady flow, two-dimensional,
constant gradient analysis to this unsteady problem. However its relative simplicity and need for no
information other than the pressure and gradient make it worthwhile to see if any useful information
can be obtained.

Cp(z=E)3 = 0.39(10-R)Ts, (1)

Figure 11 shows results for a sample case: the z/c = 0.59 results for a ramp at A = 0.01 and
M. = 0.3. The rows represent results at four angles of attack during the motion: a = 10, 14,
16, and 18°. The left column is the pressure distribution (Cp based on the freestream velocity),
the center is the pressure gradient (based on surface distance, s), and the right is the ratio of the
left to right hand sides of Equation 1 (Stratford’s ratios greater than one imply separation). At
a = 10 * (top row) there is a moderate adverse pressure gradient over the forward 20% of chord,
followed by a region of uniform gradient (in terms of dCp/ds), with a slight increase near 80% of
chord. (The region of favorable pressure gradient is very small for this airfoil at moderate to high
angles of attack, extending only from the stagnation point near x/c = .02 on the lower surface to
the suction peak near x/c = 0.006 on the upper surface.) The plot of the Stratford ratio for this
case (in the upper right corner) shows two peaks, one near 15% of chord, and the other at 80-85%.
The aft peak is much stronger, reaching 120% of the separation value. No convincing evidence
has yet been seen of this predicted trailing edge separation in the surface measurements of this
experiment. As angle of attack is increased, the suction peak pressures (left column) and the peak
adverse gradients (center coluinn) increase rapidly, Because the Stratford ratio depends on the
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velocity at the suction peak, it increases more gradually, as shown by the third peak forming at the
station closest to the leading edge. This peak first exceeds 1 0 at a =~ 20", approximately 1 ° before
the first signs of separation are observed in the unsteady pressures (Ref. 3). The Stratford ratio
peak near 16% of chord stays at an approximately constant value of 0.85-0.90, while the peak near
85% weakens as a increases. The leading edge peak seems most clearly connected to the separation
process observed in the experiment. The paper will examine pressure gradients and Stratford’s
ratios for other conditions. In particular, comparisons will be made between steady and unsteady
cases, and between low Mach number (M, =0.2) and compressible cases.
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Figure 1. Planforms and upper surface pressure transducer locations
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APPENDIX X
AN EMPIRICAL MODEL FOR AERODYNAMIC DAMPING

Experimental measurements of the aerodynamic damping coefficient for small
amplitude pitch oscillations (Ref. 1, also Appendix IV) exhibit complex
dependencies on humerous parameters. Six independent variables are present:
Mach number, reduced frequency, mean angle of attack, pitching amplitude, sweep
angle, and spanvise location. Damping coefficients measured for each of the 260
test conditions are provided in Table X-1 of this Appendix. Because the regions
of negative damping occur over a very narrov range of mean angle of attack,
which is different for each set of test conditions, the tabulated data does not
by itself provide sufficient resolution to determine all of the dependencies.
Hovever, many fundamental trends have been identfied (Ref. 1), such as the
qualitative effects of changes in frequency, Mach number, or pitching amplitude.
In order to applg these results, a method of estimating the damping coefficient,

= —IC de / ne,“, at arbitrary combinations of the variables is needed. The
object of thismippendix is to describe an empirical procedure to provide this
estimate. The procedure is primarily designed to provide a reasonable approxi-
mation to the experimental damping characteristics; it does not precisely match
all or most of the specific measurements. A listing of the FORTRAN code for
this procedure, function EDAMP, is included in Table X-2 of this Appendix.

The data clearly indicate that the occurance of negative damping is very
closely linked to the steady stall characteristics of the wing section. The
first prerequisite for determining the damping is therefore to find the steady
stall angle (oss) at the given Mach number, sweep angle, and spanwise position.

ass = ass(M, A, z, airfoil, ...)

For current purposes, ass is defined as the angle corresponding to the onset of
a rapid drop in the pitching moment. This stall angle is assumed to be an input
to the empirical damping procedure. 1In the current model all effects of sweep,
airfoil section, and spanwise position are assumed to be included in the
determination of the steady stall angle. There are no direct effects of these
parameters in the damping function. The direct inputs (in addition to ass) to
function EDAMP are therefore the Mach number (M), the reduced frequency (k), the
mean angle of attack (o0), and the angular amplitude (al).

The single most significant quantity for determining the aerodynamic
damping is the difference betveen the mean angle of attack (e0) and the steady
stall angle (ass). For fully attached flov (a0 << ass), the damping is
positive. There is a region of negative damping vhen ol is near ass, with a
width proportional to the pitching amplitude (al). 1In fully separated flow
(a0 >> ass) the damping is again positive. The magnitude of the positive and
negative damping, and the location and width of the peak are influenced by
parameters such as Mach number, frequency, and pitching amplitude. The
empirical procedure uses a series of expressions to qualitatively model the
observed dependencies.

The first parameter to be determined is the mean angle of attack for the
negative damping peak, cus. A delay beyond ass iz postulated, proportional to




the square of the frequency:

2
s = % * 0.2 k o

us S

This delay is similar, but not identical, to the frequency dependent delay in
dynamic stall. The damping is the sum of two terms, the positive (background)
value plus the negative peak.

E(ao, oy Sgos k, M) = Ep + .'?.n
For attached flow (eD < oms) the positive term (Zp) is nk/2, the result of
incompressible thin airfoil theory (see Ref. 1). If the Mach number is high
enough to produce supersonic flow over part of the section, the chordwise
pressure distribution becomes qualitatively altered, increasing the positive
damping. This etfect is modelled by adding a coefficient to the positive

damping term: 2
S=A l'lk.,
p a
Aa =1 y M < Msonic’ u0<u'us
2
Aa =1+30k (M- Msonic) » M2 Msonic’ °b<“us

For the airfoils such as the NACA 0012, SC1095, and SSC-AQ9, M is

approximately 0.3. sonic

In separated flow, the positive term is increased by a constant, following
a transitional region. The transitional region is represented a cosine function
between 0 at o0 = ous and the full value at «0 = aus + «al.

I
-
+
>

% " %us
Aa a,fs * 5(1 - COS[T('——'_ ), %S < % < o st

%
Ay =1+ Ay gs % > %s * N
In the model, Aa £ is set to 0.5. This number is somewhat arbitrary, since
there is consid8tiBle scatter in the fully stalled damping results.

The negative peak is assumed to have a Gaussian distribution as a function
of mean angle, with the magnitude proportional to terms dependent on the reduced
frequency, Mach number, and pitching amplitude. Note that the amplitude of the
exponential function drops by 87% at o) = oms + ol.

- a 2
En = Ap exp[—-z [-;‘Q-——E] ]

“
A = * A *
P Ap,k pyM Ap,al

The frequency term (A_,) increases linearly from 0 at k=0, reflecting

increased hysteresis in thg’geparation and reattachment process. The sum of the
positive and negative terms is held constant (at 3.0) above k = 0.6, since no
data were obtained to justify any other value.




A = 6.6 k, 0 <k £0.6

prk

Ap,k = 3,0 + nk/2, k > 0.6

The Mach number term (A_ ,) is constant below M = 0.4, and drops linearly
to 50% of its original valuePat M = 0.6. This term is included because
compressibility has been found to reduce the hysteresis associated with unsteady
separation. Above M = 0.6 the term is constant, since no data vere obtained.

Ay y = 1.0, M < 0.4
=2.0-2.5M, 0.4 .

Ap,H 2.0 5M 0.4 <M <0.6

AP,H = 0;5, M 2 006

The amplitude term (A ) starts at zero when al = 0, and builds as a
cosine function to a valuePd¥'1 at a1 = 1°. This represents the need for finite
amplitude to initiate the hysteresis necessary for negative damping. At higher
amplitude the negative damping is also reduced, since the conditions for maximum
hysteresis (attached flow during the increasing pitch half of the cycle and
separated flow during the decreasing pitch half) cannot be maintained at high
amplitude. This is represented by an exponential square deacy, reaching a value
of 0.2 at ol = 6°,

A 4= 0.5(1 - cos(ney)),

1°
Psx $

"
= exp(-0.25(ey-1))%, o > 1°

The characteristics of the damping function are illustrated in the
following figures. Figure 1 shovs damping as a function of mean angle at
several different frequencies. All cases are for an amplitude of 1° and a Mach
number of 0.2. The steady stall angle for these conditions is 16.5°. The
damping in both attached and fully separated flows increases with frequency, but
is constant with mean angle. The negative damping peak is centered about ass at
low frequency, but is increasingly delayed at higher frequency (by the ous
term). The magnitude of the negative peak increases until k = 0.6, and is
constant thereafter. The width of the peak is constant at +1° («l).

Ap, al

Figure 2 shows the effect of amplitude at constant frequency and Mach
number. At the lowest amplitude (el = 0.25°) the peak is narrow and weak. Both
the width and magnitude increase until ol = 1°. At higher amplitudes the
magnitudes are slowly reduced. The damping is always positive at for al > 6°.

Figure 3 shows the effect of Mach number at constant frequency and
amplitude. The attached damping shows an increased value at M = 0.6, while the
fully separated values are the same at all Mach numbers. The width of the
negative peak is the same at all Mach numbers, while the magnitude is reduced at
M = 0.6. The reduction in the mean angle at the peak is a result of the effect
of Mach number on the steady stall angle.
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Figure 4 emphasizes the effect of freqency by plotting damping vs. k at
several different mean angles. Amplitude and Mach number are fixed. At ol =
12° and 14° the damping follows the attached flov (nk/2) line. At o0 = 16°
there is a slight reduction at low frequency, and at ¢ = 16.5° (oss) there is
negative damping for k < 0.3. At o0 = 18° there is strong negative damping
between k = 0.3 and 0.7 (a result of the increase in ocus above ass). At of =
20° the flow is fully separated over this range of frequency, and there is a
linear increase in positive damping at a slope greater than n/2,

Figure 5 shows a plot of damping vs. amplitude at several mean angles, for
fixed frequency and Mach number. At o0 = 16 and 16.5° the the damping starts
out positive, and becomes negative at amplitudes of 1-2°, reaches peak negative
values between al = 2 and 3°, and returns to positive near al = 6°. Similar
behavior occurs at ol = 18°, except that the inital positive damping is higher
because the steady flow is separated. For mean angles outside of this range,
the damping remains positive.
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Run

37.09
37.11
37.12
37.13
37.14
37.22
37.16
37.17
37.18
37.19
37.20
37.21
37.23
37.24
37.25
37.55
37.26
37.27
37.29
37.30
37.31
37.32
37.33
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37.35
37.56
37.57
37.58
38.03
38.04
38.05
38.06
38.07
38.09
38.10
38.11
38.32
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38.34
3g.15
38.16
38.17
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38.20
38.21
38.29

A M

c
. 201
.198
.196
.196
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.201
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.199
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.199
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.198
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.201
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.199
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. 201
.200
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-196
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k
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. 204
. 204
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.098
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.098
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.098
.300
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.390
.409

ﬁo

10.0
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15.0
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22.0
24.0
26.0
12.0
14.0
16.0
16.6
18.0
20.0
12.1
14.0
16.0
16.5
17.0
18.0
20.0
14.1
16.5
18.0
14.0
16.6
18.0
14.0
16.6
14.1
16.5
18.0
14.0
16.6
18.0
14.0
16.6
18.0
14.0
16.5
18.1
14.0

*1

1.00
1.01
1.00
1.00
1.00
1.00
1.01
1.01
1.01
1.01
1.01
1.00
1.98
1.98
1.98
1.95
1.96
1.95
0.48
0.49
0.49
0.54
0.54
0.54
0.48
0.51

O QO M i OO =0
O
5]

1.03

TABLE X-1
EXPERIMENTAL DAMPING COEFFICIENTS

A
max
0.0035
0.0036
0.0036
0.0036
0.0036
0.0035
0.0035
0.0036
0.0035
0.0036
0.0036
0.0036
0.0069
0.0069
0.0069
0.0068
0.0070
0.0068
0.0017
0.0017
0.0017
0.0019
0.0019
0.0019
0.0017
0.0009
0.0009
0.0008
0.0018
0.0017
0.0018
0.0035
0.0034
0.0025
0.0025
0.0024
0.0051
0.0053
0.0056
0.0106
0.0103
0.0102
0.0032
0.0031
0.0033
0.0073

0.08

0.184
0.218
0.208
0.197
0.180
0.308
0.243
0.303
0.377
0.190
0.908
0.800
0.202
0.186
0.128
0.210
0.285
0.227
0.210
0.188
0.183
0.284
0.273
0.416
0.261
0.093
0.133
0.169
0.079
0.145
0.180
0.099
0.238
0.301
0.286
0.328
0.362
0.319
0.370
0.327
0.206
0.294
0.504
0.441
0.351
0.622

Damping
0.30

0.241
0.273
0.235
0.263
0.278
0.302
0.293
0.305
0.133
-0.344
0.563
0.550
0.263
0.240
0.217
0.249
0.289
-0.261
0.268
0.241
0.296
0.381
0.266
0.275
-0.420
0.123
0.118
0.126
0.129
0.087
0.136
0.131
0.099
0.409
0.403
0.438
0.439
0.388
0.386
0.408
0.330
0.327
0.589
0.695
0.471
0.679

Coefficient, E

@z/c=
0.59

0.268
0.280
0.275
0.284
0.282
0.187
0.294
0.247
0.640
0.621
0.501
0.449
0.265
0.266
0.177
0.136
0.079
0.253
0.279
0.283
0.286
0.094
0.290
0.120
0.831
0.147
0.141
0.080
0.133
0.089
-0.015
0.139
~0.116
0.417
0.410
0.229
0.448
0.361
0.343
0.422
0.170
0.251
0.583
0.635
0.359
0.702

1.06

0.295
0.318
0.320
0.316
0.325
-0.295
0.031
0.162
0.669
0.942
0.416
0.331
0.299
0.303
-0.224
-0.570
0.050
0.991
0.307
0.311
0.316
0.232
-0.004
0.038
1.109
0.168
0.196
0.241
0.157
0.196
0.174
0.155
-0.749
0.479
0.060
0.094
0.496
-0.499
0.053
0.466
~-0.407
-0.316
0.644
0.026
0.189
0.758

1.52

0.298
0.311
0.311
0.334
0.312
0.617
0.680
1.343
1.133
0.945
0.360
0.536
0.293
0.301
-0.881
~-0.719
0.992
1.138
0.314
0.326
0.324
0.015
0.795
1.228
0.951
0.179
0.219
0.536
0.165
0.138
0.620
0.164
-1.110
0.472
0.361
1.570
0.481
0.530
1.310
0.467
-0.324
0.799
0.694
0.580
1.617
0.653




EXPERIMENTAL DAMPING COEFFICIENTS

Damping Coefficient,

e @z/qm

Run A M, k o %4 Ay 0.08 0.30 0.59 1.06 1.52
38.30 0. .203 .399 16.6 1.03 0.0072 0.298 0.605 0.386 -0.062 0.047
38.31 0. .196 .409 18.0 1.00 0.0071 0.197 0.704 0.565 0.118 0.937
38.25 0. .201 .390 14.1 1.99 0.0135 0.569 0.625 0.646 0.707 0.674
38.26 0. .210 .365 16.5 1.99 0.0127 0.430 0.487 0.338 -0.290 -0.606
38.27 0., .196 .400 18.1 1.98 0.0138 0.254 0.243 0.111 -0.774 -1.132
38.35 0. .196 .600 14.0 0.47 0.0049 0.947 1.227 1.254 1.361 1.447
38.26 0. .196 .400 16.5 0.51 0.0053 0.779 1.001 0.916 0.001 -2.977
38.37 0. .201 .585 18.0 0.51 0.0052 0.698 1.016 0.777 -0.543 -5.805
38.38 0. .197 .585 14.0 1.00 0.0102 0.983 1.191 1.190 1.247 1.29%
38.39 0. .201 .599 16.6 1.00 0.0104 0.754 1.118 1.006 0.4539 -1.382
38.40 0. .196 .599 18.1 1.02 0.0107 0.764 1.155 0.919 0.213 -3.089
38.42 0. .402 .101 10.1 1.02 0.0018 0.080 0.140 0.153 0.196 0.189
38.43 0. .403 .101 1i.1 1.01 0.0018 0.080 0.151 0.168 0.219 0.245
38.44 0. .399 ,101 12.1 1.01 0.0018 0.137 0.174 0.206 0.225 0.209
38.45 0. .399 .102 13.0 1.00 0.0018 0.197 0.190 0.221 0.030 -0.176
38.46 0. .402 .101 14.0 0.97 0.0017 0.298 0.218 0.102 -0.289 -0.968
38.47 0. .398 ,101 15.0 0.96 0.00C17 0.299 0.218 0.033 0.177 0.367
38.48 0. .398 .101 16.0 1.00 0.0018 0.326 0.183 -0.083 0.251 0.642
38.49 0. .399 .101 17.0 1.00 0.0018 0.363 0.006 -0.057 0.366 0.327
38.50 0, .402 .100 18.0 1.01 0.0018 0.387 -0.182 -0.192 0.352 0.482
38.55 0. .402 .100 12.1 0.47 0.0008 0.193 0.207 0.238 0.300 0.354
38.56 0. .400 .100 14.1 0,51 0.0009 0.318 0.211 0.172 0.056 -0.311
38.57 0. .401 .101 16.0 0.48 0.0008 0.490 C€.341 0.137 0.622 0.769
38.58 0. .400 .100 18.0 0.41 0.0007 0.354 -0.444 -0.223 0.155 0.498
38.51 0. .399 .102 12.0 2.02 0.0036 0.152 0.171 0.190 0.133 0.090
38.52 0. .402 .101 14.0 2.01 0.0035 0.275 0.198 0.126 0.012 -0.554
38.53 0. .404 .100 16.0 1.98 0.0035 0.332 0.138 -0.008 0.214 0.392
39.06 0. .399 .250 12.1 0.4€ 0.0020 0.569 0.548 0.612 0.339 0.612
] 39.07 0. .401 .250 14.0 0.43 0.001Y 0.637 0.481 0.214 -0.862 -0.783
' 39.08 0. .399 .248 16.0 0.42 0.0018 0.872 0.467 -0.337 0.116 1.534
39.09 0. .405 .246 12.1 1.00 0.0043 0.393 0.498 0.529 0.442 0.436
39.10 0. .402 .246 14.0 0.98 0.0042 0.574 0.478 0.138 -0.739 -0.746
39.11 0. .404 .246 16.0 0.99 0.0043 0.643 0.318 -0 51 -0.086 0.627
39.12 0. .402 .248 12.1 1.98 0.0085 0.429 0.512 0 .64 0.231 0.195
39.13 0. .402 .248 14.0 1.97 0.0085 0.559 0.488 0 52 -0.184 -0.331
19.14 0. .404 .246 16.0 1.96 0.0084 0.681 0.350 ( 46 0.020 0.212
39.17 0. .604 .100 6.1 1.01 0.0018 0.105 0.225 0.260 0.277 0.302
39.18 0. .604 .100 7.1 0.98 0.0017 0.117 0.235 0,270 0.324 0.328
39.19 0. .603 .100 8.0 0.96 0.0017 0.161 0.247 0.280 0.309 0.286
39.20 0. .601 .100 9.0 0.95 0.0016 0.159 0.241 0.300 0.236 C.248
3ja.21 0. .604 .100 10.1 0.91 0.0016 0.198 0.255 0.239 0.154 -0.240
39.22 0, .605 .100 6.0 0,40 0.0007 0.154 0.228 0.246 0.267 0.317
19.23 0. .605 .100 8.0 0.44 0.0008 0.144 0.214 0.255 0.322 0.235
39.24 0. .601 .100 10.0 0.37 0.0007 0.039 0.141 0.174 -0.113 -0.997
39.25 0. .605 .100 6.1 2,03 0.0035 0.197 0.287 0.242 0.275 0.290
19.26 0. .600 .101 8.1 2.02 0.0035 0.169 0.259 0.257 0.275 0.266
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EXPERINENTAL DAMPING COEFFICIENTS

Damping Coefficient, &

@Z/C=
Run A Mc k W % Amax 0.08 0.30 0.59 1.06 1.52
v & 39,27 0. .603 .201 6.1 0.49 0.0017 0.502 0.747 0.816 0.963 1.064
39.28 0. .604 .201 8.0 0.42 0.0015 0.432 0.672 0.779 0.873 0.708
39.29 0. .603 .201 10.0 0.47 0.0017 0.451 0.406 0.506 0,431 -0.512
. 39.30 0. .605 .200 6.1 0.97 0.0034 0.464 0.721 0.746 0.864 0.940
39.31 0. .603 .201 8.0 0.97 0.0034 0.428 0.67B 0.764 0.778 0.663
39.32 0. .602 .201 10.1 0.96 0.0034 0.525 0.521 0.549 0.240 -0.123
31.43 0. .196 .100 8.1 6.01 0.0105 0.079 0.122 0.136 0.154 0.150
31.44 0. .197 ,100 10.0 6.01 0.0105 0.072 0.128 0.138 0.155 0.154
31.45 0. .196 .100 12.0 6.00 0.0105 0.091 0.138 0.120 -0.057 -0.110
31.46 0. .201 .099 14.0 5.97 0.0103 0.171 0.076 -0.099 -0.202 -0.153
31.47 0. .196 .101 16.0 5.96 0.0105 0.219 -0.143 -0.240 -0.134 -0.129
31.48 0. .201 .099 18.0 5.95 0.0103 0.292 -0.203 -0.306 -0.192 -0.038
31.49 0. .196 .101 20.1 5.95 0.0105 0.449 -0.238 -0.256 0.025 0.210
31.50 0. .201 .096 22.0 5.96 0.0100 0.623 0.231 0.347 0.527 90.608
31.51 0. .201 .099 24.0 5.97 0.0103 0.742 0.427 0.638 0.492 0.578
39.03 0. .402 .101 6.0 6.03 0.0106 0.083 0.134 0.149 0.167 0.169
39.04 0. .397 .101 12.0 6.04 0.0106 0.167 0.140 0.076 ¢.C55 0.128
39.05 0. .405 .099 14.0 6.04 0.0105 0.215 0.101 0.056 ©.i46 0.111
35.21 0. .601 .025 4.1 4.00 0.0017 0.021 0.044 0.055 0.061 0.060
35,22 0. .603 .025 5.0 4.95 0.0021 0.026 0.045 0.052 0.058 0.059
35.23 0. .602 .025 6.1 6.02 0.0026 0.028 0.042 0.051 0.049 0.045
, 35.26 0. .602 .050 4.1 4.00 0.0035 0.056 0.097 0.110 0.128 0.128
35.27 0. .602 .050 5.0 4.96 0.0044 0.059 0.097 0.112 0.120 0.122
35.28 0. .605 .075 4.0 3.89 0.0051 0.088 0.146 0.178 0.183 0.202
35.29 0. .598 .076 5.0 4.83 0.0064 0.068 0.141 0.178 0.199 0.195
43,20 15. .199 .200 10.1 0.99 0.0035 0.165 0.244 0.263 0.29 0.305
43,21 15, .199 ,200 12.1 0.98 0.0034 0.186 0.245 0.268 0.307 0.335
43.22 15. ,199 .200 14.0 0.99 0.0035 0.192 0.248 0.276 0.311 0.304
43,23 15. .199 .200 15.1 0.98 0.0034 0.204 0.259 0.289 0.329 0.350
43.24 15. ,199 .200 16.1 0.99 0.0034 0.235 0.263 0.278 0.311 0.332
43.25 15. .199 .200 17.1 0.99 0.0035 0.228 0.260 0.287 0.217 0.260
43.26 15. .199 .200 18.0 0.97 0.0034 0.094 -0.538 -0.585 -0.302 0.242
43,27 15. .199 .200 19.1 0.97 0.0034 -0.277 -0.904 -0.712 -0.036 0.480
43.28 15. .201 .200 20.1 0.98 0.0034 -0.153 -0.317 0.036 0.162 0.571
43.29 15. .196 .200 22.1 0.98 0.0034 0.734 0.706 0.645 0.970 0.777
43.30 15. .199 .200 24.0 0.97 0.0034 0.485 0.463 0.397 0.586 0.698
43.09 15. .399 .075 10.0 0.98 0.0013 0.061 0.108 0.116 9.137 0.139
43.10 15. .400 .076 11.0 0.98 0.0013 0.064 0.107 0.141 0.162 0.156
43.11 15. .403 .075 12.0 0.99 0.0013 0.107 0.145 0.198 0.213 0.193
43.12 15. .405 .075 13.0 0.98 0.0013 0.154 0.157 0.165 0.124 0.122
43.13 15. .400 .075 14.0 0.95 0.0012 0.196 0.021 -0.122 -0.223 -0.241
. 43.14 15. ,400 .075 15.0 0.94 0.0012 0.024 -0.211 -0.245 ~0.263 -0.573
43,15 15. .402 .075 16.0 0.94 0.0012 0.036 -0.032 0.071 0.117 -0.072
43.16 15. .400 .075 17.0 0.94 0.0012 0.085 0.026 0.180 0.123 0.259
43.17 15. .405 .074 18.0 0.95 0.0012 -0.106 -0.137 0.065 0.117 0.336
19.0 0. 0

. 43.18 15. .403 .074

.0012  -0.226 -0.209 -0.016 0.264 0.402




EXPERIMENTAL DAMPING COEFFICIENTS

Damping Coefficient, &
@z/c=

Ran A M k oy 0y A .08 0.30 0.59 1.06 1.52

c max

.295 0.295 °
.301  0.325

48.20 30. .199 .200 10.1 1.01 0.0035 0
0

.146 0.245 0.283 0.308 0.281
0
0

48.21 30. .199 .200 12.1 1.02 0.0035
48.22 30. .199 .200 14.1 1.02 ©.0036
48.23 30. .199 .200 16.0 1.02 0.0036
48.24 30. .197 .204 17.0 1.01 0.0036
48.34 30. .195 .204 17.6 0.98 0.0035
48.25 30. .199 .200 18.0 1.01 0.0035
48.35 30. .199 .200 18.6 0.96 0.0034
48.26 30. .198 .200 19.1 1.00 0.0035

<137 0.240 0.277
.143 0.232 0.275

.162 0.243 0.283 0.266 0.282
.158 0.171 0.173
.129 -2.077 -1.930 -0.367 0.095
.836 -0.943 -0.626 -1.336 -1.874
.401 -0.555 -0.343 -0.795 -1.682
449 -0.369 -0.042 -0.514 -1.459

.136 0.246

0

0

0

0

0

0

-1

-0

-0

-0
48.36 30. .199 .200 19.6 0.96 0.0033 0.082 0.165 0.438 0.499 -0.319
48.27 30. .199 ,200 20.0 1.02 0.0035 0.173 0.301 0.314 0.071 -0.509
48.28 30, .199 .200 21.0 1.02 0.0036 0.473 0.635 0.553 0.742 0.448
48.29 30. .199 .200 22.1 1.02 0.0036 0.258 0.392 0.472 0.578 0.613
48.30 30. .201 .200 24.0 0.99 0.0035 0.280 0.315 0.401 0.538 0.645
48.31 30. .195 .204 26.0 1.00 0.0035 0.178 0.261 0.299 0.456 0.525
48.32 30. .199 .200 28.0 1.00 0.0035 0.150 0.321 0.293 0.262 0.491
48.37 30. .203 .147 8.0 6.04 0.0155 0.094 0.168 0.190 0.205 0.194
48.38 30. .199 .150 10.1 6.05 0.0158 0.099 0.176 0.202 0.219 0.207
48.39 30. .199 .150 12.1 6.04 0.0158 0.103 0.173 0.199 0.211 0.206
48.40 30, ,199 .150 14.1 6.03 0.0158 -0.221 -0.404 -0.424 -0.279 0.005
48.41 30. .196 .150 16.1 6.02 0.0157 -0.339 -0.517 -0.564 -0.685 -0.570
48.42 30. .199 .150 18.1 6.01 0.0157 -0.275 -0.449 -0.468 -0.576 -0.787
48.43 30. .199 .150 20.0 6.00 0.0157 -0.129 -0.301 -0.281 -0.374 -0.735
48.44 30. ,202 .150 22.1 5.99 0.0157 0.073 0.050 0.172 0.168 -0.335
48.45 30. .199 ,150 24.0 5.99 0.0157 0.192 0.371 0.479 0.462 0.414
52.11 30. ,199 .201 12.0 2.02 0.0071 0.138 0.238 0.268 0.305 0.265
52.12 30. .199 .201 14.0 2.02 0.0071 0.147 0.238 0.265 0.290 0.291
52.13 30. .202 .197 16.0 2.02 0.0070 0.093 0.049 0.116 0.246 0.287
52.19 30. .199 .201 16.5 2.02 0.0071 -0.224 -0.575 -0.428 0.146 0.238
52.14 30. .199 .201 17.0 2.02 0.0071 -0.720 -1,282 -1.542 -1.407 -0.945
52.15 30. .199 .201 18.0 2.01 0.0071  -0.357 -0.456 -0.395 -0.692 -1.112
52.16 30. .199 .201 19.0 2.00 0.0070 -0.301 -0.171 0.010 -0.266 -1.058
52.17 30. .199 .201 20.0 2.01 0.0070 0.026 0.199 0.456 0.322 -0,207
52.18 30. .203 .197 22.0 1.99 0.0069 0.236 0.362 0.468 0.6420 0.589
52.20 30. .202 .201 12.0 0.52 0.0018 0.156 0,244 0.271 0.305 0.280
52.21 30. .200 .201 14.0 0.53 0.0019 0.152 0.224 0.248 0.305 0.305
52.22 30. .199 .201 16.0 0.56 0.0020 0.159 0.179 0.196 0.225 0.237
52.23 30. .195 .205 17.0 0.63 0.0023 -0.038 -0.311 -0.187 0.139 0.177
52.24 30. .199 .201 17.5 0.55 0.0019 -0.122 0.455 0.605 -0.230 -0.691
52.25 30. .201 ,201 18.0 0.45 0.0016 0.184 0.955 1.112 -0.398 -0.247
52.26 30. .199 .201 18.5 0.4% 0.0017 0.091 0.930 0.622 -0.036 -0.391
52.27 30. .199 .201 19.0 0.52 0.0018 0.057 0.365 0.628 0.019 -0.394
52.28 30. .196 .205 20.0 0.50 0.0018 0.197 0.313 0.547 0.540 0.294
52.30 30. .203 .100 16.0 0.49 0.0009 0.097 0.123 0.127 0.134 0.168
52.31 30. .206 .099 18.0 0.43 0.000? -0.008 0.296 0.347 -0.552 -0.864
52.32 30. .199 .102 20.0 0.42 0.0008 0.335 0.382 0.649 0.942 0.554
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52.
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52.
52.
52.

52.
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52.
52.
52.
52.
52.
52.
52.
52.
52.
52,
52.
52.
52.
52.
52.
52.
52.
52.
52.
50.
50.

A

30.
30.
30.
30.
30.
30.
30.
30.
30.
30.
30.
30.
30.
30.
30.
30.

30.

M«

.199
.199
.198
.197
.199
.199
.203
.199
199
.199
.199
.199
.195
.199
.202
.201
.203
.201
.199
.199
.199

. .199

.201
.203
.199
.199
.203
.195
.199
199
.199
.199
. 206
.19¢
.203
.197
. 201
.199
.199
.200
.203
.199
.199
.199
403
402

k

.02
L1107
Y
L1027
.102
.102
»299
.304
. 304
.302
.302
.302
. 307
.302
.296
.301
.296
.296
.301
.400
.502
.502
.502
.493
.502
.502
+492
.511
.501
.502
.502
.600
.579
. 600
.589
. 600
.600
.600
. 600
.589
.H88
.599
.599
.599
.099
.100

EXPERIMENTAL DAMPING COEFFICIENTS

“0

16.0
18.0
20.1
16.0
18.0
20.0
16.1
18.0
20.0
16.1
18.0
20.1
16.0
18.1
20.0
17.1
19.1
18.5
17.5
16.1
16.1
18.0
20.0
16.0
17.0
18.1
19.0
20.1
16.1
18.0
20.0
16.1
18.1
20.0
19.0
17.0
16.0
17.1
18.1
19.0
20.1
21.0
22.0
23.0
10.1
11‘1

dl

1.03
1.01
1.01
2.03
2.02
2.02
0.48
0.47
0.46
1.05
1.07
1.06
1.97
1.97
1.97
1.00
0.99
0.98
0.97
0.49
0.47
0.47
0.46
1.01
1.02
1.11
0.93
0.88
1.91
1.96
1.96
0.48
C.46
0.48
0.51
0.40
1.05
1.08
1.08
1.01
1.01
1.00
1.00
1.02
1.01
1.03

Amax
0.0018
0.0018
0.0018
0.0036
0.0036
0.0036
0.0025
0.0025
0.0024
0.0055
0.0056
0.0036
0.0106
0.0104
0.0102
0.0052
0.0051
0.0051
0.0051
0.0034
0.0041
0.0041
0.0040
0.0087
0.0089
0.0097
0.0080
0.0079
0.0167
0.0172
0.0171
0.0051
0.0047
0.0051
0.0052
0.0042
0.0110
0.0113
0.0114
0.0104
0.0103
0.0104
0.0105
0.0106
0.0018
0.0018

0.08

0.089
-0.088
0.307
0.001
-0.163
0.219
0.248
0.195
0.246
0.234
-0.434
0.100
0.244
-0.607
0.039
0.195
-0.27
-0.410
-0.275
0.355
0.447
0.751
-0.636
0.473
0.459
-0.693
0.003
0.367
0.548
-0.064
-0.583
0.832
-1.699
0.669
-0.230
1.129
0.923
0.946
-v.632
-0.482
-0.025
0.225
0.799
1.055
0.075
0.08B4

Damping Coefficient,
@z/c=

0.30

0.113
0.097
0.549
-0.104
~0.075
0.444
0.366
0.522
0.312
0.320
-0.711
0.166
0.356
-1.143
0.121
0.232
~0.569
~0.516
~0.727
0.510
0.679
1.184
-0.722
0.690
0.743
-0.992
0.135
0.642
0.766
-0.222
-0.506
1.151
~1.095
0.860
-0.361
1.670
1.261
1.345
-1.172
-0.401
0.482
0.810
1.571
1.651
0.151
0.175

0.

0.
0.
00
-0.
0.
0.
0.
0.
0.
0.
-0.
0.
0.
-1.
0.
0.
-0.
-0.
-0.
0.
0.
0.
-0.
0.
0.
-0.
0.
0.
0.
-0.
-0.
1.
-1.
0.
-G.
1.
1.
1.
-1.
-0.
0.
0.
1.
1.
0.
0.

59

120
152
755
036
0B2
692
378
621
401
342
678
089
388
405
169
229
283
532
621
547
724
370
063
727
700
921
041
526
773
360
538
148
148
516
103
626
241
241
365
734
136
915
395
598
177
239

1.06

0.123
-0.299
0.931
0.120
-0.226
0.751
0.411
0.440
0.394
0.305
-0.867
0.177
0.424
-1.659
~0.474
0.245
-0.646
-0.847
-0.050
0.474
0.678
0.271
0.010
0.710
0.704
-0.681
-0.333
0.656
0.800
~-0.548
-1.068
1.169
-0.641
-0.117
-0.692
1.456
1.307
1.192
-0.222
-0.918
-0.534
-0.068
0.613
0.867
0.202
0.222

-
&

1.52

0.157
-0.434
0.655
0.148
-0.572
0.461
0.423
-0.062
0.017
0.380
-1.,088
-0.448
0.435
-0.834
-1.166
0.363
-1.150
-1.143
0.280
0.559
0.834
0.585
-0.162
0.827
0.839
-0.696
-0.771
-0.014
0.871
0.283
~-1.457
1.355
-0.183
-0.427
-1.213
1.571
1.433
1.356
~-0.034
-0.384
-0.719
-0.521
0.024
0.261
0.153
0.180




EXPERIMENTAL DAMPING COEFFICIENTS

Damping Coefficient, E
@z/c=

Run A Mc k o % Amax 0.08 0.30 0.59 1.06 1.52
50.32 30. .400 ,100 12.1 1.02 0.0018 0.097 0.184 0.227 0.210 0.188
50.33 30. .402 .099 13.1 1.02 0.0018 0.050 0.067 0.023 0.103 0.122
50.34 30. .396 .101 14.1 1.00 0.0018 -0.033 -0.052 -0.109 -0.103 -0.061
50.35 30. .402 .099 15.2 0.98 0.0017 -0.101 -0.113 -0.076 -0.261 -0.272 .
50.36 30. .402 .100 16.1 0.95 0.0017 -0.160 -0.122 -0.062 -0.094 -0.051

50.37 30. .402 .099 17.1 0.94 0.0016 -0.107 -0.033 ©0.198 0.450 0.103

50.38 30, .402 .099 18.1 0.96 0.0017 -0.151 -0.026 0.335 0.384 -0.364

50.39 30. .404 .099 19.2 0.95 0.0016 -0.005 0.092 0.321 0.416 -0.160

50.40 30. .402 .100 20.1 0.95 0.0017 0.126 0.184 0.459 0.528 0.253

51.48 30, .402 .099 12.0 0.49 0.0008 0.09¢ 0.187 0.206 0.212 0.117

51.42 30. .400 .100 13.0 0.48 0.0008 -0.003 -0.048 -0.029 0.071 0.209

51.43 30. .400 .100 14.0 0.49 0.0009 0.000 0,031 0.050 -0.088 -0.321

51.44 30. .403 .099 15.0 0.48 0.0008 -0.098 -0.213 -0.324 -0.881 -1.618

51.45 30. .402 .099 15.9 0.52 0.0009 -0.210 -0.210 -0.026 0.153 -0.431

51.46 30, .396 .100 17.0 0.57 0.0010 -0.098 -0.112 -0.005 0.207 0.181

51.47 30. .400 .100 18.0 0.54 0.0009 0.152 0.188 0C.418 0.330 0.279

51.49 30. .400 .100 13,0 2.01 0.0035 0.028 0.045 0.058 0.024 -0.058

51.50 30. .401 .100 15.0 1.96 0.0034 -0.178 -0.248 -0.178 -0.266 -0.617

51.51 30. .400 .100 17.0 1.95 0.0034 -0.165 -0.145 -0.015 0.18B4 -0.535

52.02 30. .401 .250 13.0 0.54 0.0024 -0.176 -0.348 -0.401 0.041 0.388

52.03 30. .400 .249 15.1 0.49 0.0021 0.068 0.176 -0.171 -2.129 -2.208

52.04 30, ,399 .251 17.0 0.49 0.0021 -0.733 -0.610 -".621 -0.250 -0.991

52.05 30. .401 .249 13.1 1.03 0.0045 -0.039 -0.099 -0.114 0.066 0.271
52.06 30. .402 .250 15.0 0.87 0.0038 -0.156 -0.228 --0.550 -1.536 -1.314
52.07 30. .402 .249 17.0 0.94 0.0041 -0.541 -0.505 -0.659 -1.008 -1.327
52.09 30. .408 .246 13.0 1.99 0.0085 0.057 0.056 -0.022 -0.173 -0.175
52.10 30. .401 .251 15.1 1.97 0.0086 -0.365 -0.389 -0.462 -0.852 -0.704
54.08 30. .600 .101 .0 0.50 0.0009 0.141 0.256 0.284 0.337 0.368
54.09 30. .600 .101 0.48 0.0009 0.114 0.250 0,267 0.255 0.279
54.10 30. .598 .101 0.49 0.0009 -0.221 -0.307 -0.310 -0.114 0.217
54.11 30. .600 .101 0.49 0.0009 0.012 0.010 -0.055 -0.318 -0.110

54.12 30. .598 .101
54.14 30. .596 .101
54.15 30. .601 .100
54.17 30. .603 .100
54.18 30. .604 .100
54.19 30. .602 .100
54,20 30. .599 .100
54.21 30. .600 .100
54.22 30. .5398 .101
54.23 30. .599 .101
54.27 30. .599 .101
54.24 30. .600 .100
54.25 30. .602 .100
54.26 30. .600 .100
54.29 30. .601 .200

0.46 0.0008 0.010 0.151 0.282 -0.235 -1.448
0.49 0.0009 0.073 0.164 0.416 0.261 -0.525
0.51 0.0009 0.182 0.289 0.420 -0.012 -0.646
0.94 0.0016 0.149 0.280 0.323 0.377 0.367
0.97 0.0017 0.113 0.252 0.266 0.327 0.311
0.97 0.0017 0.073 0.206 0.242 0.255 0.291
0.98 0.0017 0.018 -0.021 -0.012 -0.023 0.209
0.91 0.0016 0.008 -0.054 -0.095 -0.319 -0.173
0.93 0.0016 -0.065 -0.087 -0.165 -0.380 -0.069
0.94 0.0016 -0.146 -0.007 -0.089 0.059 -0.392
0.98 0.0017 0.040 -0.048 0.109 0.134 -0.303
2.00 0.0035 0.125 0.255 0.274 0.312 0.287
1.98 0.0035 0.066 0.156 0.186 0.175 0.219
2.00 0.0035 -0.016 0.001 -0.011 -0.163 -0.063
0.40 0.0014 0.571 1.149 0.998 1.223 1.200
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EXPERIMENTAL DAMPING COEFFICIENTS

Damping Coefficient, =
@z/c=
A ax 0.08 0.30 0.59 1.06 1.52
0.0016 0.406 0.841 0.789 0.977 0.906
0.0010 -0.173 -0.012 -0.563 -1.464 -0.090
0.0013 -0.178 0.045 -0.195 -1.755 -2.628
0.0019 -0.197 0.032 -0.096 -0.799 -1.727
0.0015 -0.253 -0.283 -0.346 -0.133 -0.995
0.0033 0.506 0.966 0.974 1.121 1.058
0.0033 0.485 0.899 0.938 1.125 1.030
0.0031 0.257 0.411 0.449 0.587 0,948
0.0031 0.081 0.125 0.024 -0.108 0.445
0.0030 -0.124 -0.124 -0.391 -0.974 -0.557
0.0030 -0.081 0.084 0.101 -0.190 -1.120
0.0028 -0.054 0,113 0.184 0,035 -1.440
0.0104 0.061 0.110 0.126 0.136 0.127
0.0106 0.064 0.115 0.134 0.144 0.140
0.0106 0.067 0.116 0.136 0.142 0.140
0.0108 -0.135 -0.261 -0.291 -0.241 -0.043
0.0106 -0.210 -0.330 -0.340 -0.462 -0.511
0.0106 -0.160 -0.281 -0.247 -0.313 -0.577
0.0107 -0.086 -0.200 -0.104 -0.182 -0.531
0.0105 0.058 0.111 0.238 0.234 -0.073
0.0103 0.168 0.291 0.383 0.432 0.426
0.0052 0.029 0.055 0.064 0.069 0.065

Run A Mc k
‘ 54.30 30. .598 .201
54.31 30. .600 .200
54.32 30. .600 .200
. 54.33 30. .600 .200
54.34 30. .598 .200
54.35 30. .604 .199
54.36 30. .602 .199
54.37 30. .600 .200
54,38 30. .600 .200
54.39 30. .600 .200
54.40 30. .600 .200
54,41 310. .600 .199
47.45 30, .202 .099
47,46 30. .198 .100
47.47 30. .198 .100
47.48 30. .196 .102
47.49 30. .198 .100
47.50 30. .198 .100
47.51 30. .198 .102
47.52 30. .198 .100
47.53 30. .202 .098
47.36 30. .198 .050
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TABLE X-2
FORTRAN CODE FOR EMPIRICAL DAMPING MODEL

FUNCTION EDAMP(M,K,ALO,AL1,ALSS,IFLAG)
EMPIRICAL DAMPING COEFFICIENT FORMULA

M = CHORDWISE MACH NUMBER

K = REDUCED FREQUENCY (OM C/2U)
ALO= MEAN ANGLE (DEG)

ALl= AMPLITUDE (DEG)

IFLAG=2 TO PRINT DEBUG

Fook ek K de ek ke de o dedk ok ko ke kR ok ek ok ok ok ok ek ke ke ke k kkk

*

%

REAL M
: © 4K
: yM_SONIC /0.3/ ;1ST APPEARANCE OF M LOCAL >1
: »ALO
: +AL1

yALSS ; LOCAL STEADY STALL ANGLE

DATA PI /3.1415926535/

IF(IFLAG.EQ.2) WRITE(6,5) M,K,ALO,ALl1,ALSS
FORMAT(’ IN: M=’ ,F5.2,' K=',F6.2,' ALO-',F6.1,’ ALl=’,
1 F6-1,' ALSS=',F6-1)

CHECK FOR <0 AMPLITUDE, O FREQUENCY, OR NEGATIVE MACH
IF(AL1.LT.O. .OR. K,LE.O. .OR, M.LT.O.) THEN

EDAMP = O

RETURN

ENDIF

DELAY IN NEGATIVE PEAK PROPORTIONAL TO STEADY STALL ANGLE, Kx*2
DAL = ALSS * 0.2 * Kw¥*2
ALUS= ALSS + DAL

POSITIVE DAMPING CONTRIBUTION IS AA * PI * K / 2: (AA=1 IN ATTACHED)
IF(ALO .GT. ALUS) THEN
IN FULLY STALLED FLOW, COEF (AA) IS INCREASED BY AAFS
AAFS = 0.5
IF(ALO .LE.ALUS+AL1 .AND. AL1.GT.O.) THEN
USE COSINE FUNCTION TO SMOOTHLY GO FROM ATTACHED VALUE (AA= 1)
AT ALO = ALUS TO AA = AAFS AT ALO = ALUS + ALl:
AA = 1.0 + AAFS * 0.5 * (1.-COS( (ALO-ALUS)/AL1 * PI))
ELSE
USE CONSTANT ABOVE ALDUS + ALl
AA = 1.0 + AAFS
ENDIF

ELSE
IN ATTACHED FLOV, FULLY SUBSONIC, USE AA = 1
IF(M.LT.M_SONIC) THEN
AAHI-O
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ELSE
INCREASE ATTACHED POSITIVE DAMPING OVER PI K/2 AT HIGH MACH
AA = 1.0 + 30.0%K * (M-M_SONIC)**2
ENDIF

ENDIF

FREQUENCY DEPENDENCE OF NEGATIVE PEAK:
IF(K.LE.0.6) THEN
INCREASES LINEARLY VITH K (NOTE POS TERM INCREASES PI K /2)
PEAK WILL BE -APK + PI K /2, (-3 AT K = .6)
APK = 6.6 * K
ELSE
SUM OF NEG AND POS IS CONSTANT (-3) FOR K > 0.6
APK = 3.0 + (PI/2. * K)
ENDIF

MACH EFFECT ON NEGATIVE PEAK:
IF(M.LE.O0.4) THEN
CONSTANT BELOW M = 0.4
APM = 1.0
ELSE IF(M.LE.0.6) THEN
DROPS LINEARLY BETWEEN 0.4 AND 0.6
APM = 2.0 - 2.5*M
ELSE
SMALLER CONSTANT FOR M>0.6
APM = 0.5
ENDIF

AMPLITUDE EFFECT:
IF(AL1.LE.1.0) THEN
COSINE FUNCTION BETWEEN O AT AL1=0 AND 1 AT 1DEG
APAl = 0.5%(1.0 - COS(PI*AL1/1.0))
ELSE
EXPONENTIAL SQUARE DECAY TO 0.2 AT 6 DEG
APAl = EXP(-((AL1-1.0)/4.0)**2)
ENDIF

NEGATIVE COEFFICIENT IS THE PRODUCT OF THREE TERMS
AP = 1.0 * APK * APM * APAl

EXPONENT FOR GAUSSIAN NEGATIVE PEAK IN AMPLITUDE:
CENTERED ABOUT MEAN ANGLE = STALL ANGLE + DELAY
VIDTH PROPORTIONAL TO AMPLITUDE (E**-2 AT ALO+ALl)

IF(AL1.NE.Q.) THEN

AE = -2.0%((ALO-ALUS)/AL1)*%2
ELSE
AE = -100
ENDIF
IF(AE.LT.-100.) AE = -100. +BOUND NEGATIVE EXFPONENT




* DAMPING IS SUM OF POSITIVE AND NEGATIVE PEAK TERMS
EDAMP = AA* PI*K/2. - AP*EXP(AE)
*
IF(IFLAG.EQ.2) WRITE(6,10) EDAMP,AA,APK,APAl,DAL,AE
10 FORMAT(’ DAMP=',F6.2,' AA=',F6.3,' APK-',F6.3,’ APAl-',
1 F6-3" DAL=’,F5-2,' AE=',F813) I
*
RETURN
END
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