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CHAPTER 14, AERODYNAMIC MODELING 14.1 

14.1 INTRODUCTION 

Over the past 20 years, more and more aircraft performance testing is being dedicated 

to the validation of aerodynamic and propulsion system models for use in performance 

prediction routines. Since it has always been impractical to test an aircraft at every 

flight condition, mathematical aircraft models have served as tools which allowed us 

to "extrapolate" beyond the actual test points in the production of flight manuals and 
other performance documentation. The development of better aircraft models not only 

provides more confidence in the extrapolation of test data, but reduces the amount of 

performance flight testing actually required. 

The purpose of this course is to provide an understanding of the role of aerodynamic 
models in aircraft performance predictions and to introduce the stabilized, quasi- 

steady-state, and dynamic flight test methods for building these models. 

14.2 AERODYNAMIC MODELS 

An aircraft aerodynamic model consists of a set of drag polars and a corresponding set 

of lift curves (Reference 1). Drag polars define the relationship between the airframe 

lift coefficient, CL, and drag coefficient, CD, while lift curves define the relationship 

between the airframe lift coefficient and angle of attack, a. For each aircraft 
configuration and loading combination, drag polars and lift curves are dependent on 
Mach number, M, center of gravity location, eg, dynamic trim drag, Reynold's number, 
Re, and structural flexing. Of these, Mach number, center of gravity location, and 
Reynold's number (presented in the form of an altitude effect) generally provide the 

most significant effects. Thus, for the drag polar, we will assume 

CD= f (CL, M, ReorHc, eg) (14.1) 
And for the lift curve; 

a = f (CL, M, ReorHc, eg) (14.2) 

Generally, drag polar and lift curve data for a particular configuration and loading are 

presented as functions of Mach number at a given altitude and eg, as shown in 

Figures 14.1 and 14.2 for the F-16B aircraft. Notice that as the Mach number 
increases, the drag polar shifts in the direction of increasing drag coefficient, as 

expected, due to flow separation and the formation of shock waves. 
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To better understand the significance of altitude and eg variation on aircraft 

aerodynamic characteristics, consider Figures 14.3-14.6. These figures show that the 

F-16B drag polars and lift curves are more dependent on eg than altitude. Only at 

altitudes below 20,000 ft pressure altitude (PA) with Mach numbers above 0.9 does 

the lift curve become moderately affected by altitude changes. Other aircraft may 

show different results. For example, while the F-15B aircraft drag polars (Figure 

14.7) are like that of the F-16B - more dependent on eg than altitude - the F-15B lift 

curves (Figure 14.8) are more dependent on altitude. 

An aircraft aerodynamic model is, in general, first developed using data obtained 

during wind tunnel testing. This initial model can later be corrected using flight test 
data. Once an aerodynamic model is developed, it can be used in conjunction with an 

accurate engine model to predict the standard day or test day performance of an 
aircraft at any flight condition modeled. The predictions can then be spot checked 

using data from maneuver and cruise performance flight tests. 

14.3 FLIGHT TEST METHODS FOR DETERMINING AERO- 
DYNAMIC CHARACTERISTICS 

The characterization of lift and drag of an aircraft can be performed using any of a 
variety of flight test methods. The aircraft type, availability of a valid engine model, 
and desired accuracy are all factors which must be considered when determining the 
best aerodynamic modeling flight test method for a given test program. Data are 
generally collected for a particular Mach number at various load factors (ie CL values) 

in order to develop the constant Mach curves which make up the drag polars and lift 
curves. However, for low subsonic speed aircraft, the Mach number effects are 

negligible. Therefore, the aerodynamic characteristics for a given aircraft configur- 

ation and loading can be modeled with a single drag polar and lift curve at a 

particular altitude and eg. This allows data collected at a variety of speeds to be used 

in the development of this model. 

14.3.1 AERODYNAMIC CHARACTERIZATION USENTG ENGINE MODELS 
In the past, the construction of an accurate thrust deck was the limiting factor in 

performance testing. As a result, performance data were collected without the 

requirement to accurately measure installed thrust. However, today thrust can be 

modeled very accurately. In fact, on the X-29 project, real-time thrust values were 

obtained to within 3-5% using 8 different telemetered pressure measurements. 
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The aerodynamic modeling methods presented for determining lift and drag 

characteristics using contractor engine models can be broken into three categories: 

stabilized, quasisteady-state, and dynamic methods. Stabilized methods include 
constant altitude and descending turn maneuvers which allow data collection during 

stabilized test points at various load factors. Quasisteady-state methods include level 

accelerations and decelerations performed to take advantage of the variation in lift 

coefficient with airspeed. They are primarily used for slow speed aircraft whose 

aerodynamic characteristics are not significantly influenced by Mach number effects. 

Finally, dynamic methods include roller coaster, wind-up turn, and split-S maneuvers 

to obtain data at a wide range of load factors. The stabilized methods provide limited, 

but reliable, data for limited instrumentation, and can be used to validate the results 

of other methods. The significance of dynamic performance methods is the ability to 
accumulate large amounts of performance data from a single maneuver. Rather than 

accomplish a large number of quasisteady-state or stabilized test points, a smaller 

number of dynamic maneuvers may be flown. Figures 14.9-14.16 illustrate this 
concept, comparing data collected on a series of stable points with that collected 
during a single roller coaster and split-S maneuver. 

14.3.1.1  STABILIZED METHODS 
Stabilized methods can provide data for load factors from 1-g to maximum g (aircraft 
lift or structural limit) at a given altitude. The aircraft is stabilized at a given Mach 
number, altitude, load factor, and power setting, with sideslip angle held to zero. 

Once stabilized, the aircraft is maintained stable for approximately 10 seconds to 
allow for data collection at the desired altitude. The disadvantages of these methods 

are that each maneuver provides only a single point of the drag polar and lift curve 
and takes several minutes to set up. The advantage is that only limited 

instrumentation is needed for data collection. Data required for stabilized methods 

include calibrated airspeed, pressure altitude, ambient temperature, climb rate, pitch 
angle, roll angle, angle of attack (if available), and the engine parameters necessary 

for thrust determination (C-23: Output shaft torque, xs, and propeller speed, Np; 
C-141: engine pressure ratio, EPR; F-15, F-16, or T-38: engine core speed, N2). 

14.3.1.1.1 CONSTANT ALTITUDE 

This method allows data to be collected during constant altitude flight, thereby 

removing the possibility of altitude (Reynold's Number) or structural flexing effects. 
The aircraft is stabilized at the test Mach number, altitude, and load factor. Throttle 
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setting is used to control airspeed, pitch to control load factor, and bank angle to 

maintain constant altitude. The maneuver is first performed at wings level (1-g), then 

repeated at each desired load factor. Since the engine must be re-stabilized at each 

new load factor, this method takes the most time to set up. However, performed 

precisely, it can produce very accurate results. 

14.3.1.1.2 DESCENDING TURN 

The descending turn method allows for data collection within a small altitude band 

(usually ±1000 of target altitude) during a constant descent maneuver. This 

maneuver requires that bank angle be used to maintain both a constant descent rate 

and Mach number, with throttle position held constant, while pitch is used to 

maintain the desired load factor. The aircraft is first stabilized wings level (1 g) at 

the target altitude and Mach number, as was done in the constant altitude method, 
with the engine setting noted. The aircraft is then taken to 2000 ft above the target 
altitude and re-stabilized at the same engine setting. The descending turn maneuver 
is then performed at the desired load factor. Once stabilized at a constant descent 

rate, data are collected during a 5-10 second period within the ±1000 ft altitude band. 

The maneuver is repeated for each additional load factor desired. Note that the 
higher the load factor, the greater the descent rate will be in order to maintain a 

constant Mach number. This maneuver is very difficult to perform due to the 

sensitivity of descent rate to changes in bank angle. Nevertheless, successful data 
collection is dependent on maintaining both Mach number and descent rate constant. 

14.3.1.1.3 DATA ANALYSIS 

The data analysis required for the stabilized methods is inherently simpler than the 

quasisteady-state or dynamic maneuvering methods because the stabilized methods 
allow the following assumptions: 

(a) no vertical (excluding gravity) or flight path acceleration (ar  = ar = 0) zi xs 

(b) no sideslip (ß=0, therefore the stability and wind axes are aligned) 
(c) no side force generators 

(d) fixed thrust vector (oT = 0, yT = if) 

14.3.1.1.3.1 Angle of Attack 

If angle of attack was not available from the aircraft instrumentation it can be 

calculated using equation 13.14b, from the Equations of Motion (EOM) I text 

(Reference 2). Applying the assumption that ß=0, this equation yields: 
T 

Hc _L = vt [sin6cosa-cos<&cos6sina] (14.3) 
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where 

Hc = climb rate (from the aircraft air data sytem) 

Vt = true airspeed 

O = roll angle 

0 = pitch angle 

Equation 14.3 can be used to solve for a using an iterative method. Notice that the 

vertical wind component, Vw , was not included in the equation since the aircraft air 

data system measures climb rate relative to the air mass, not the ground. 

14.3.1.1.3.2 Lift and Drag Coefficient 

We can use equation 13.26b, derived from equation 13.25 in the EOM I text, to 
determine lift and drag. With our assumptions, this general equation can be written 
in terms of stability coordinate system accelerations: 

0 

m {ay 

-w (sQca - c<S>cQsa)  - D + Fg c(a + iT)  - Fe 

W s®cQ 
w {sQsa + c&cQca)  - L - F s(a + iT) 

where 

y» 

zs 

e 

D 
L 
m 
W 
tig 

= inertial acceleration in the y-stability (or wind) direction 

= inertial acceleration in the z-stability (or wind) direction 

s gross thrust 
= engine drag 
= aerodynamic drag 
= aerodynamic lift 
= mass 
s weight 
= angle of thrust 

Note: c = cos, s = sin 

The gross thrust and engine drag needed for this equation can be obtained from an 

engine model based on the required engine settings, Mach number, pressure altitude, 

and ambient temperature. Resolving the x-component of this equation produces the 
following equation for drag: 

D = W (cos<I>cos0 sina - sinö cosa)  + Fg cos (a + ir)  - Fe (14.4) 
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Without inertial acceleration measurements, the z-component of the general equation 

cannot be solved. However, if we rewrite EOM I equation 13.25 in terms of inertial 

coordinates and assume the z-acceleration is zero, we find the following expression for 

lift which is independent of the x and y accelerations: 

m \a y 

0 -Fe-D FgcosiT 

0 '   + TIS ' 0 ■    + TIB - 0 

w. j -L s -FgsiniT 
' J B 

The z-component of this relation produces the desired equation for lift: 

W-{Fe + D) (c3>c6sa-s6 coc) -F (c®cQ siT + sQ ciT) ] 
L = 

(c®cQ ca + so sa) 
(14.5) 

Notice that both equations 14.4 and 14.5 simplify to classical lift and drag equations 

for the case of wings level flight (<& = 0): 

D = -Wsiny + Fffcos (a + iT) - Fe 

W + (Fe + D) siny-F sin (6 + iT) 
L = 

(14.4a) 

(14.5a) 
cosy 

The lift and drag coefficients can now be found from the following equations: 

CL = -£, (14.6a) 

C, = ^ (14.6b) 

where 
i 

q      s dynamic pressure     =   __. p 

=   1481.36 lb/ft2 8M2 

vl =  ^ypajM* 

(14.6c) 

and 

S = reference wing area (ft2) 

Pa s ambient pressure at sea level (= 2116.2 lb/ft2) 

Y ■ 1.401 (air @ 40°F or 4°C) 

M = Mach number 

8 = pressure ratio,  —-2- 



CHAPTER 14, AERODYNAMIC MODELING 14.16 

14.3.1.2 QUASISTEADY-STATE METHODS 

14.3.1.2.1 METHOD DESCRIPTION 

The quasisteady-state method provides a means of collecting lift and drag data for a 

subsonic aircraft during constant altitude acceleration or deceleration maneuvers 

(Reference 3) at the desired load factors. It is assumed that the aircraft aerodynamic 

characteristics are not influenced by Mach number effects. The aircraft must be 

equipped with an inertial navigation unit (INU) or body accelerometer so that 

accelerations can be measured from a source other than the aircraft air data system, 
since, during an acceleration or deceleration maneuver, pneumatic line lags in the 

pitot static system can degrade the accuracy of the data collected. Additionally, the 

aircraft should be equipped with a data acquisition system so that data can be 
obtained at a rate of at least 2 samples per second. Aircraft equipped with an INU 
are initially stabilized at the desired initial speed and target altitude to allow for the 

calculation of wind velocity. These data will then be used for data reduction of 
quasisteady-state portion of the maneuver. Data required for the calculation of angle 

of attack, lift coefficient and drag coefficient include INU inertial velocities or body 
accelerometer measurements, calibrated airspeed, pressure altitude, ambient 

temperature, roll angle, pitch angle, yaw angle, angle of attack (if available), and the 
engine parameters necessary for thrust determination (C-23: Output shaft torque, Ts, 
and propeller speed, Np; C-141: engine pressure ratio, EPR; F-15, F-16, or T-38: 
engine core speed, N2). 

14.3.1.2.2 DATA ANALYSIS 

The data analysis for the quasisteady-state methods requires the use of the aircraft 

velocity and force equations in their generalized form. The data analysis presented 
includes the following assumptions: 

(a) zero sideslip during pre-maneuver stable point (ß=0, therefore the 
stability and wind axes are aligned) 
(b) fixed thrust vector (aT = 0, yT = i,-) 

14.3.1.2.2.1 Wind Velocity 

For aircraft not equipped with an INU, the wind velocities should be obtained from 

a pacer aircraft so equipped or from weather balloon data. Otherwise, they must be 
assumed negligible. For aircraft equipped with an INU, the wind velocity can be 

directly computed from the INU velocities and the true airspeed calculated from the 

air data system measurements during stabilized flight prior to maneuvering. From 

equation 13.11 of the Equations of Motion I text: 
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VK N 1 H VK r   = <V i  y -   • _ 
rpiw < 0 

KJ i v.. i 
0 , 

Wind INU Air Data System 
Velocity      Velocity True Velocity 

VK 

V,., 

V, - VAcec^ca+(c^sQcW+s^s^) sa] 

Vv - vt [cG s¥ca + (c<Ds0 sY- sOcY) sa] 

V,  - 7J-s0ca + cOc0so] 

(14.7) 

where 

Vw s inertial x-component of wind 

Vw = inertial y-component of wind 

Vw = inertial z-component of wind 

Vx = INU inertial velocity component in x direction 

Vyi = INU inertial velocity component in y direction 

Vz = INU inertial velocity component in z direction 

Vt = true airspeed 
*¥ = yaw angle 

8 = pitch angle 

<& = roll angle 

a s angle of attack 

The flight test noseboom measurements of a are used in the above equation. 

Otherwise, the assumption of a = 9 can be made, since the maneuver is accomplished 
during constant altitude, wings level flight. Once the winds are computed, the INU 

velocity relative to the air mass can be calculated at each data sample taken during 
the maneuver using the equation: 

(14.8) 
vt. 

K' VK 

K > =. Vy 
. - . 

VK 

K i kJ i hi 
INU velocity    INU velocity       wind 
relative to velocity 
air mass 
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14.3.1.2.2.2 Angle of Attack/Angle of Sideslip 

The aircraft angle of attack and sideslip can either be measured in flight by use of 

special instrumentation, or if an INU is present, calculated using the INU velocities 

relative to the air mass through the relations derived with the help of Figure 14.17. 

From the figure we find 

a = tan"1 

ß = tan"1 

Vf 

\ 

£,. 

vt 
V    " J 

( v. 

Jvt 
2 + vt 

(14.9) 

(14.10) 

and the flight path angle relative to the air mass, y 

where 

Y = tan -i 
-K 

Jvt 
2 + vt 

vt. 
V*. 

Vt 
>    _ 'par < vr uy '-y 

KJ B KJ 

(14.11) 

Figure 14.17 Calculation of a, ß, and y from the Components of 
INU True Airspeed 
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(14.12) 

14.3.1.2.2.3 Lift and Drag Coefficients 

Rewriting the left hand side of equation 13.26b of the EOM I text for body-axes 
accelerations, the general form of the force equation can be expressed as: 

m T 

where 

'SB 

F 
D 
L 
m 
W 

SSL 

'-w (s0ca - c<3>c6sa) D - Fe + Fg c(a + iT) 

WS®CQ  +  YA 

W (s6sa + cOc0ca)  - L - Fg sin(a + iT) 

= inertial acceleration in the x-body direction 

= inertial acceleration in the y-body direction 

= inertial acceleration in the z-body direction 

= gross thrust 
s engine drag 
= aerodynamic drag 
= aerodynamic lift 
= aircraft instantaneous mass 
= aircraft instantaneous weight (= m gSL) 
= sea level gravitational acceleration (= 32.174 ft/s2) 
= angle of thrust 

The x-component of this equation provides an independent expression for aerodynamic 
drag: 

D = F  cos(a + iT)  - Fe - JL  (ax cosa + a7 sina) 

- W (sinöcosa - cos<I>cos6 sina) 
(14.13) 
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The y-component provides an independent expression for aerodynamic side force: 

YA = JL aYc - fVsin^>cos0 (14.14) 

And finally, the z-component produces an independent expression for aerodynamic lift: 

L = - F   sin(oc + ir)   +     (ax sina - az cosa) 
9 9SL        ' " (14.15) 

+ W (sinösina + cos$cos8cosa) 

The above equations are valid if the accelerations do not include gravitational 

acceleration. This would be the case if we calculated the accelerations by taking the 

time derivative of the INS inertial velocities. However, if gravitational acceleration 

is included, as is true for body accelerometer measurements, the last term in each of the 

above equations is not needed. For this case, the lift, side force, and drag equations 
are 

D - Fg cos(a + ir)   - Fe - JL  (aXjCosa + a^sina) (14.13a) 

W Y
A = — ays (14.14a) 

9. SL 

L = - Fg sin(cc + iT)   + JL   (ax>since - a^cosa) (14.15a) 

Obtaining gross thrust and engine drag from our engine model, the above equations 
can be solved. The lift and drag coefficients can then be found from equations 14.6a 

and 14.6b, while the side force coefficient, CY, can be found through the following 

similar expression: 

Cy = -^ (14.6d) 

14.3.1.3 DYNAMIC METHODS 

Dynamic methods provide a means of collecting lift and drag data at near constant 
Mach number over a large range of lift coefficients in a single maneuver (Reference 

1). This is accomplished by varying load factor in a short period of time, with 
maneuvers lasting less than 10 seconds. The three maneuvers currently used in 

dynamic performance testing include the roller coaster, windup turn, and split-S. 

Each maneuver begins with a stabilized trim point to allow the engine to adequately 
stabilize and to collect data for calculating winds for use in reduction of the dynamic 

portion of the maneuver.  It also provides a stabilized method "check" point for the 
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drag polar and lift curve developed. The aircraft must be instrumented with either 

a body accelerometer or inertial navigation unit (INU) and must be equipped with a 

data acquisition system (DAS) to collect data at a rate of at least 10 samples per 

second. Data required for the calculation of angle of attack, lift coefficient and drag 
coefficient include INU inertial velocities or body accelerometer measurements, 

calibrated airspeed, pressure altitude, ambient temperature, roll angle, pitch angle, 

yaw angle, angle of attack (if an INS is not available), and the engine parameters 

necessary for thrust determination (C-141A: engine pressure ratio, EPR; F-15, F-16, 

or T-38: engine core speed, N2). 

14.3.1.3.1 ROLLER COASTER (PUSHOVER-PULLUP) 

The roller coaster maneuver consists of a smooth near-sinusoidal variation of load 

factor with time. The maneuver begins with a-stabilized trim point at the target 

Mach number and altitude (Nz = 1 g). Once initially stabilized for 10 seconds, the 

maneuver progresses with a pushover to a load factor of less than 1 g. For fighter 

aircraft, this load factor is usually 0 g, while for transport aircraft, the load factor is 
only reduced to approximately 0.5 g. Note that throttle settings remain constant 
throughout the maneuver. The next step of the maneuver includes a pullup back 

through the initial 1 g load factor up to 1.5 g in transport aircraft or 2 g or more (or 
aim angle of attack) in fighter aircraft. Some Mach loss will occur at this point since 

the aircraft is at a higher drag condition with a positive flight path angle. The last 

step of the maneuver is a pushover back to a load factor of 1 g. The rate of change 

in load factor (or g onset rate) during the maneuver should be fast enough to maintain 

the Mach number within ±0.01 of the desired value. However, keeping this change 

below 0.5 g per second will help minimize dynamic effects. An entry technique 

adopted for fighter aircraft which will aid in this includes preceding the dynamic 

portion of the maneuver with a setup pushover-pullup maneuver to place the aircraft 
in a slight climb at the target Mach number. 

14.3.1.3.2 WINDUPTURN 

The windup turn maneuver consists of a smooth increase in load factor using bank 

angle to maintain Mach number constant. The aircraft is placed in a descending turn 

with pitch used to vary load factor from 1 to maximum g or angle of attack. The 

maneuver begins with a stabilized trim point at the target Mach number and the 

target altitude plus one half of the actual altitude loss expected during data collection. 

This increase in altitude is necessary to center the maneuver around the target 

altitude, and is generally around 1000 ft.  Following the trim point, the aircraft is 
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gradually pulled into a descending turn with the load factor increasing at a rate of up 

to 1 g per second, up to maximum g or the angle of attack limit. This usually takes 

from 3 to 8 seconds depending on the aircraft type and pilot technique. Throttle 
setting remains constant throughout the maneuver to keep the engine stabilized and 

Mach number is maintained to within ± 0.01 of the target. The total altitude loss 
from the beginning of the maneuver to the end of recovery can be up to 10,000 ft, 

since the aircraft ends up pointing nearly straight down at the conclusion of the 

maneuver. While the wind-up turn can be utilized for nearly any aircraft, fighter 

aircraft should perform a pure inverted pullup (split-s) instead to obtain smoother 

data for the same range of lift coefficient, since roll rate effects are eliminated. 

14.3.1.3.3 SPLIT-S (INVERTED PULLUP) 

The third dynamic performance maneuver is performed similarly to that done during 
the initial part of a split-S maneuver. The maneuver begins with a stabilized trim 

point at the aim Mach number and the target altitude plus one half of the altitude 
loss expected during data collection. Again, as with the windup turn, this altitude 

increase allows the maneuver to be centered at the target altitude, and is generally 

between 500 and 1000 ft. Following the trim point, the aircraft is rolled inverted. 
After a momentary pause to allow roll and yaw to stabilize, an inverted pullup is 
flown at a rate of approximately 1-2 g per second, up to the maximum load factor or 

angle of attack. This usually takes between 3 to 5 seconds, depending on aircraft type 
and pilot technique. No attempt is made to minimize the Mach number variation, 
unless it exceeds ±0.01 during the data portion of the maneuver. If this occurs, the 

g onset rate must be increased, as required. The maximum load factor should be 

reached before 70° of pitch is exceeded. This will avoid getting data near 90° where 

some of the data reduction equations develop singularities and the aircraft INU 
transitions. Throttle setting is kept constant throughout the maneuver to maintain 

stable engine parameters. From the beginning of the maneuver to the end of recovery 
an altitude loss of over 10,000 ft can occur, depending on the test Mach number. 

14.3.1.3.4 DATA ANALYSIS 

The data analysis for the dynamic methods is identical to that presented for the 

quasisteady-state methods. However, INU data collected during a dynamic maneuver 

must be corrected, as discussed in section 14.4, before use in these equations. 
Additionally, during a dynamic maneuver, flight test nosebooms bend due to the high 

loading, causing errors in the value of angle of attack and angle of sideslip measured. 

Therefore, these angles should be calculated from INU data. For aircraft not equipped 
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with an INU, these errors can be corrected using contractor noseboom bending 

correction data, if available. Otherwise, these errors can be ignored with some loss 

in accuracy. Note that the equations presented previously included bank angle, 

making them valid for all three dynamic maneuvers. 

14.3.2 AERODYNAMIC CHARACTERIZATION WITHOUT THE AH) OF 

ENGINE MODELS 
Two methods of determining lift and drag characteristics for an aircraft without the 

use of an engine model are presented. They include the asymmetric power technique 

and the mass consumption acceleration (MCA) method. The asymmetric power 

technique is a stabilized method involving an engine shut down. The MCA method 

uses quasisteady-state techniques (level accelerations and decelerations) to collect data 

to develop thrust and aerodynamic models. 

14.3.2.1 ASYMMETRIC POWER TECHNIQUE 

14.3.2.1.1 METHOD DESCRIPTION 
The asymmetric power technique involves a series of constant airspeed stable point 

pairs performed throughout the aircraft airspeed envelope and operating weight to 
provide a variety of lift coefficients (Reference 4). The stable point pairs include a 

constant altitude stable point with all engines operating, followed by a constant 

descent stable point with one engine shut down. This method assumes that each 
engine provides an equal amount of thrust. The test technique begins by stabilizing 

the aircraft at the test altitude and airspeed with all engines set at the same power 
setting. Once stabilized, data are recorded, including the current power setting. The 

aircraft is then flown to approximately 1000 ft above the test altitude and re-stabilized 

at the original power setting and test airspeed. One engine is shut down, and, if 

propeller driven, the propeller is feathered. On aircraft with three or more engines, 
the shut down engine should be the center or most inboard engine to minimize 

additional trim drag. The aircraft is then placed into a descent, as required, to 

maintain the aim airspeed. As the aircraft descends through the test altitude, descent 

rate is measured and recorded. For propeller aircraft, this method assumes that trim 

drag, feathered propeller drag, cooling drag increments, and the slipstream drag 

increments are partially cancelling and can be assumed zero. However, for turbo prop 

and turbo fan aircraft, while the additional trim drag during the stable descent is 

assumed negligible, the ram drag of the shut down engine cannot be ignored. 
Obviously, with the assumptions stated, this method is less accurate than those 

presented for use with the aid of engine models. The data required for post-flight 

analysis of asymmetric power test points include pressure altitude, calibrated 
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airspeed, ambient temperature, climb rate, pitch angle, engine speed (for shut down 

engine), and angle of attack, if available, for both the constant altitude and constant 

descent rate stable points. 

14.3.2.1.2 DATA ANALYSIS 
The assumptions, other than those previously stated, include: 

(a) zero sideslip (ß = 0) 

(b) zero roll (<£ = 0) 
(c) zero acceleration (excluding gravity) 
(d) lift coefficient/angle of attack variation between constant altitude 

and constant descent points is insignificant 

14.3.2.1.2.1 Flight Path Angle/Angle of Attack 
Rearranging equation 13.14b from the EOM I text and applying the assumptions 

presented produces: 

H„ = 

where 

(T    \ aSD 

V     a   ) 

V, sin (0 -a)  = (14.16) 

Hc s climb rate 
Vt = true airspeed 
ra = ambient temperature 
T. = standard day ambient temperature at test altitude 

**SD 

9 s pitch angle 
a s angle of attack 
Y s flight path angle (= 6 - a) 

Solving for a: 

a = 6 - sin" (14.17) 

For the engine-out stabilized descent, substituting and solving for y, this equation 

yields 

yE0 = sin" (14.17a) 

The angle of attack can now be found using the measured pitch angle during the 

descent. Thus, 
>BO -•»- Y BO (14.17b) 
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During the constant altitude stable point with all engines operating, Hc = 0. Therefore, 

YAK=0 (14.17C) 

and 

UAE = e^ d4.i7d) 

14.3.2.1.2.2 Lift and Drag Coefficients 

With our assumptions, equations 14.4a and 14.5a, derived for the stabilized methods, 

can be used to calculate lift and drag. For the constant altitude stable point, these 

equations simplify to: 

DAE = F (14.18) 
and 

where 

LAE   =    -FffAE
Sin  (aAE+iT)   +W=   W (14.19) 

•PAE        
S
 drag with all engines operating 

Fn = net thrust for all engines operating 
= Fgts COB(aJkE*iT)  - FGMS 

Fg = total gross thrust for all engines operating 

Fe = total engine drag for all engines operating 
•*B 

Notice that equation 14.19 for lift made the assumption that the term sin (a+iT) was 
small enough to be ignored, thus allowing for direct calculation of lift. 

With thrust unknown in equation 14.18, let us now look at the corresponding constant 

descent engine-out stable point. For this case equations 14.4a and 14.5a produce: 
D

EO = Fn„~ Wsiny£0 (14.20a) 

and 

L
EO      ^3^-      Fffrosin(aE0 + aT) 

W       ^(F^-DKo)tany£0 (14.21b) 
cos yE0 

where 
Dm     = drag during engine-out descent 
Fn       = net thrust during engine-out descent 

Again, we assumed the term sin (a+ij) was small enough to be ignored in the lift 

equation, eliminating the second term. Now if we assume that the difference in thrust 
between all engines operating and with an engine out is 
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F„    - F„    = n«       i\J + F„ 
eng 

or 

where 

F      =   Kr"1) ^„   _ 
N. 

(14.22) 
eng 

N. eng 

rSB 

= total number of engines 

= single engine windmilling ram drag (obtained from 
engine manufacturers curves based on engine speed, 
altitude, and Mach number) 

then equations 14.20a and 14.21a can be written as: 

Dm =  V  eng„   ;    "" - F.- tfsinyE0 yEO N. 
(14.20b) 

eng 

and 

LEO   = 
W 

cosy£ 
VEO ~ 

(*W-1)   Fn, 
N. eng 

ftany, (14.21b) 

With the variation in lift coefficient between all engines and engine-out stable points 

assumed negligible, 
DE0 = Dm = D (14.22) 

And, with our assumption that all engines provide the same thrust, we can substitute 

equation 14.18 and the above equation into equation 14.20b to produce the desired 

equation for drag 
D = -Neng ( FXm + W sin yE0) (14.20c) 

Using the same substitutions, the lift during the engine-out stable descent can then 

be calculated from 

LEO   ~ 
W f   D    ^ 

cosy£ JL 
tanyE0 (14.21c) 

Now, equation 14.6a can be used to calculate the drag coefficient. We can then use 

equation 14.6b to calculate the lift coefficients for the constant altitude and constant 

descent stable points based on the lift calculated from equations 14.19 and 14.21b, 

respectively. Comparison of these lift coefficients will allow us to determine if our 

original assumption assuming insignificant variation in lift coefficient was valid. 
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14.3.2.2 MASS CONSUMPTION ACCELERATION METHOD 
The MCA method is a flight test technique developed by the German Flight Test 

Center to determine the in-flight thrust and drag characteristics of an aircraft without 

the use of a separate propulsion model. Instead the flight-mechanical dynamics of the 

total aircraft system are used to develop an integrated thrust and drag model. The 
method is based on the principle of the conservation of energy - in particular the 

conversion of thermal energy (fuel) into mechanical energy (kinetic) - and uses the 

overall aircraft efficiency as a variable in the determination of in-flight thrust. Since 

the method considers the aircraft as a whole, including the engine, the normal 

distinction between the engine and fuselage cannot be made. The flight testing 

required to support this method includes a series of wings level accelerations and 

decelerations at constant altitude and power setting over the speed range of the 

aircraft. 

The advantage of the MCA method is that it requires very few, commonly available 
measurement parameters: aircraft mass, fuel flow, body accelerations and orientation, 

true airspeed, and ambient conditions. The disadvantage is that the method requires 
a great deal of complex data reduction, as described in Reference 5. A discussion of 

this data reduction is beyond the scope of this course. 

14.3.3 DATA STANDARDIZATION 
Final standardization of flight test aerodynamic data requires the use of contractor 
aerodynamic models derived from wind tunnel or previous flight testing. For a given 
configuration and loading, aerodynamic data are standardized at the test lift 

coefficient, target Mach number, and standard conditions (standard center of gravity, 

standard altitude, etc), as appropriate for the particular model. The drag coefficient 

and angle of attack are standardized by adding corrections derived from the contractor 

model. Thus, 

CDsT = CD + ACDST (14.23) 
and 

aST = a + AaST (14.24) 

The corrections are determined from the model predictions of test and standardized 
drag coefficient and angle of attack: 

ACD   = CD     - CD (14.25) 

AaST = a     - apred (14.26) 
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14.4 INERTTAL NAVIGATION UNIT CORRECTIONS 

Inertial navigation units (INUs) are self-contained systems that supply all data 

necessary in defining the motion of an aircraft in three-dimensional space. However, 

since it is usually not possible to locate this unit at the aircraft center of gravity (eg), 
the data must be corrected before being used in the air data computer or in data 

reduction routines (Reference 6). 

14.4.1 FUSELAGE BENDING CORRECTIONS 
Bending in the fuselage requires the correction of the three orientation angles 

measured by the INU. Generally, the only significant deflection in the fuselage occurs 

in the pitch axis. Since many INUs are located ahead of the eg, an upward load factor 

will cause the INU to be rotated below the normal xB-axis by an angle of, as shown 
in Figure 14.18. This deflection is a function of Mach number, load factor, dynamic 

pressure, angle of attack, and forward fuel weight, and it can be determined by 
analysis of the aircraft structural characteristics and pressure model tests in the wind 

tunnel. 

Thus, once the deflection angle is calculated, the corrections to the measured platform 

angles can be found from the following equations: 

^INU = 9y + Of sin 9R (14.27a) 
9iNu = 9p + of cos 6R (14.27b) 
0INU = eR (14.27c) 

where 
9y = platform yaw angle 
9p = platform pitch angle 
9R = platform roll angle 

LOAD FACTOR 
▲ 

d)---... ->X| 

Figure 14.18 Fuselage Deflection 

INU v ^ 
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14.4.2 CENTER OF GRAVITY CORRECTIONS 
Because the INU is located ahead of the eg, it senses additional accelerations and 

velocities induced by aircraft rotation that must be corrected for. If the location of the 

INU relative to the eg is known, the necessary corrections based on the corrected 

orientation angles can be determined. 

Figure 14.19 provides a schematic of the INU location relative to the aircraft eg, 

where the xB, yB, and zB distances are defined by 1,, ly, lz, respectively. From this 

figure we find that the corrections in the body-fixed reference frame velocities are 

given by 

AVX>= -Qlz + Rly 

I, 

Ql, 

AVyB =  -Rlx + Plz 

AV, = -PI, 

(14.28a) 
(14.28b) 
(14.28c) 

and the acceleration corrections: 

AaXi = Rly-Qlz + lx (Q2+R2) -P(Qly + Rlz) 

Aay[ = Plz-Rlx + ly (P2+R2) -Q{R1Z + P1X) 

Aaz  = Qlx-Ply + lz (P2 + Q2) -R (Plx + Qly) 

(14.29a) 

(14.29b) 

(14.29c) 

\ Q 

V 

V*B, MU 

Figure 14.19 Inertial Measurement Unit Location Relative to Aircraft 
Center of Gravity 
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The inertial body system angular rates, P, Q, and R used in the above relations are 

determined from equations 13.16a, 13.16b, and 13.16c of the EOMI text. The angular 

accelerations, P, Q, and R, are found from the time derivatives of these rates. Note 

that the platform angles must be corrected for fuselage bending (equations 14.27a, 

14.27b, and 14.27c) before substitution into the angular rate equations. 

Once the corrections due to aircraft rotation have been calculated, they can be added 
to the measured INU motion. However, care must be taken to ensure the proper 

transformations are first performed, keeping in mind that the above correction 

relations are defined in the body axis. The final inertial aircraft velocity and 

acceleration at the center of gravity expressed in the inertial frame can therefore be 

calculated from the following equations: 

= TJ 

V, *— 

V, 

\AV 1 

+ T
IB
 JAV; 

Av 

V a*~ Aax 

ay 
.      _   •J'IINÜ  • 

ay_ + JIB   . Aay 

laJ I, a*~ 
INU 

Aa "    z. 

(14.30) 

(14.31) 

14.5 SUMMARY 

In this chapter, the subject of aircraft aerodynamic modeling, with and without engine 

models, was presented. The flight test techniques discussed included stabilized, 

quasisteady-state, and dynamic methods, with the basic equations necessary for 
analysis of each provided in detail. An underlying goal was to develop an appreciation 

for the advantages and limitations offered by each flight test technique for application 

to future test programs. 
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