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Abstract 
In response to government and 

industry needs for greater space lift 
capability, greater space mobility, and more 
affordable spacecraft, the Air Force 
Research Lab has been researching 
advanced technologies that include solar 
thermal propulsion and solar thermionic 
based power systems. Efforts over the last 
ten years have focused on feasibility, design, 
and fabrication issues of the various 
components. Recent programs have 
progressed to the point of ground based 
demonstrations of major subsystems. 
Because solar thermal based concepts are 
designed to make use of the 0-g space 
environment, the validation of several key 
issues can only be accomplished with a 
space flight experiment. These issues 
include the long duration containment and 
acquisition of two-phase hydrogen, stability 
and dynamic control of large solar 
concentrators, exhaust plume impingement, 
and autonomous multi-impulse orbit raising. 

In an effort to validate these issues, a 
conceptual design of a space experiment has 
been created which includes basic layout 
and design drawings, performance 
predictions, and subsystem requirements. 
The design was produced using a design to 
cost approach. This paper gives a basic 
overview of the conceptual design as well as 
a description of the drivers and rational 
behind the design. The DTC method shows 
to be a valuable tool for defining low cost 
technology experiments although the results 
must be considered in the light of the driving 
factors. 

Introduction 
In the commercial and government 

space sectors, the high cost of launching 
assets into orbit has been both a hindrance 
and the target of many programs trying to 
achieve affordable access to space. 
Although the launch costs are dominated by 
the effort to get a payload from the ground 

into orbit, the efficiency of the orbit transfer 
stage does have a major impact for missions 
going to higher orbits such as geostationary. 
A more efficient transfer stage will use less 
fuel and can effectively double the mass of 
useful payload that can be lifted by a launch 
vehicle. Not only can a more efficient space 
propulsion system move heavier payloads; it 
can allow the creation of a space vehicle 
with significantly more velocity change 
capability. This increased mobility allows a 
space tug vehicle to become feasible. A 
space tug would be able to rescue satellites 
that failed to reach proper orbit, retrieve 
satellites for servicing or upgrade, and be 
able to move satellites to new orbits part 
way through their life. 

Once any vehicle h?p reached orbit, 
the propulsion system trade-off between 
thrust level and Isp changes significantly. 
The traditional chemical thermal propulsion 
based systems are inherently limited to 
about 450 sec Isp using cryogenic oxygen 
and hydrogen. To enable space vehicles 
with dramatic increases in propulsive 
capability, a much higher Isp technology 
must be used. This requires a separation of 
the propellant from the energy used to 
accelerate it. Ion, Hall effect, arcjet, nuclear 
thermal, and solar thermal are all examples 
of advanced propulsion concepts. The 
advantages of solar thermal are that it is 
safer and politically more acceptable than 
nuclear thermal, and has a higher energy 
efficiency than the electric propulsion 
systems. Although Hall effect and ion 
engines offer an Isp of 1500 - 4000 seconds 
compared to 800 seconds for solar thermal, 
the mass associated with creating the electric 
power can be a penalty for some 
applications. Solar thermal propulsion 
offers a compromise between propellant 
efficiency and energy efficiency that can be 
very advantageous for certain mission 
applications. (1,2,3,4) 
Basics of Solar Propulsion 

Solar thermal propulsion is a very 
simply low pressure fed rocket that uses 
focused sunlight to heat the propellant 



before it accelerates out a nozzle. This 
allows a system to be as reliable as a cold 
gas thruster but able to achieve 800 seconds 
or more Isp when using hydrogen as a 
propellant. At earth distances from the sun, 
a heat exchanger can reach 2500 K or higher 
by concentrating the sun's radiation by a 
factor of close to 10000. This is generally 
accomplished by using reflective parabaloid 
mirrors that point at the sun and place the 
focal spot on the heat exchanger. Figure 1 
shows an artist's concept of a vehicle that is 
propelled by solar propulsion. The 
concentrators are clearly visible as is the 
propellant tank that could hold either 
cryogenic hydrogen or a storable propellant. 
Because applications place ■• different 
constraints on a vehicle, some concepts 
make use of a thermal storage medium in 
conjunction with the heat exchanger. These 
systems can then make dual use of the 
concentrators by also powering thermionic 
diodes to produce electrical power. 
Incorporation of thermionic power 
production enables a bi-modal concept. 
Figure 2 shows one arrangement of an array 
of diodes that would be placed around a 
cylindrical thermal storage device. 

As these technologies have 
progressed, a number of component and 
subsystem ground tests have been 
conducted. These have included fabrication 
and tests of the heat exchanger's capability 
to withstand 2500 K thermal cycles without 
leaking hydrogen, fabrication and tests of 
large deployable mirrors with sufficient 
surface accuracy, and integrated tests of the 
mirror and heat exchanger optical 
train.(5,6,7,8,9,10,ll,12) The success thus 
far has prompted the development of several 
applications at the conceptual level. 
Although the solar propulsion and 
thermionic power production technologies 
are based on simple principles, incorporating 
them into a vehicle involves unique 
challenges. The concentrators must be 
pointed to within 0.1 degrees for extended 
durations and deployment and vibration 
dynamics of the large precision mirrors must 

be controlled. The tank system must 
maintain a cryogenic fluid for weeks or 
longer and be able to acquire propellant in a 
micro-gravity environment. Furthermore, 
optimum sizing of the propulsion system 
requires the vehicle to perform dozens of 
burns in a multi-impulse maneuver to 
perform significant orbit changes. The 
validation of these issues with an integrated 
system can only be adequately performed by 
means of a space flight 
experiment.(13,14,15,16) 
Driving Requirements 

To investigate this space experiment 
need, the Air Force Research Laboratory 
initiated an effort to better define a space 
experiment that could both satisfy the 
technical needs and fit with in programmatic 
constraints. The constraints that were 
known at the time were to validate 
technologies in a type and size that are 
traceable to an operational system, create a 
design that is compatible with a Taurus class 
launch vehicle, and to define a program to 
accomplish the experiment that would not 
exceed $30 million.(17,18) The operational 
system that was selected as the reference 
mission was an orbit transfer stage that 
would deliver payloads from LEO to 
GEO.(19) Although it was desired to have 
the experiment follow this mission as 
closely as possible, the other constraints 
pushed for a concept which was heavier and 
less ambitious. Table 1 compares the 
mission parameters that were derived for 
several space experiment options with the 
parameters of the operational reference 
mission. Although the experiment was 
scaled down significantly, it represented a 
good technical solution that conformed to 
the constraints. 

The conceptual design parameters 
were selected from the trade space by means 
of a Quality Function Deployment (QFD) 
exercise. QFD is defined as a systematic 
approach to product development that 
translates customer needs into program 
requirements, creates a product that is 
customer driven,  and produces a cost- 



effective product. The key output of using 
the QFD prioritizing approach is a House of 
Quality matrix that correlates customer 
requirements to design requirements. The 
matrix shown in Figure 3 includes the 
ranked customer requirements, design 
requirements, and the relationship matrix 
between the two lists. Also included are the 
objective target values, an engineering 
competitive assessment, and the technical 
importance rating for each of the design 
requirements. The QFD matrix shows that 
the strongest Air Force wants were to meet 
the cost and launch vehicle constraints while 
still achieving a technically traceable 
system. This drove the highest priority 
methods for the effort to include basing the 
design on tested hardware and performance, 
using a Design To Cost (DTC) approach, 
delivering a representative Isp, and 
producing as much orbital velocity change 
as constraints will allow. 

The incorporation of a DTC 
approach created an iterative design process. 
Program cost target values were determined 
and allocated to the sub-systems as 
individual cost targets. The DTC process 
works to balance the top-down allocation of 
cost targets with the bottom-up detail cost 
estimates to ensure that program targets are 
realistic and achievable. The process is a 
disciplined approach to refining the product 
design through iterations of improvement 
efforts that ensure that all program 
requirements are satisfied. Various options 
are explored at all levels in the effort to meet 
technical and cost targets. Figures 4 and 5 
show the relationships between the cost 
targets and the engineering estimates for the 
space experiment. It can be seen that 
although the engine receiver was expected to 
be the most expensive component, the 
concentrator had significant difficulty in 
trying to reach its target and ended up being 
one of the major cost drivers. 

The final cost estimation based on a 
bottoms up costing approach was within 
10% of the cost target. This was considered 
sufficient since the experiment was still in 

the conceptual development phase. Not all 
subsystems achieved their original cost goal 
but number of trades were performed in an 
effort to reduce the cost as much as possible. 
The concentrator subsystem started at 
roughly 300% of its cost target. Cost based 
decisions were made to only fly one 
concentrator instead of two, to reduce test 
support labor, and to reduce the complexity 
of the boom gimbals. These all increased 
technical and program risk. Several hinges 
and motors were eliminated which increased 
the needed fairing size and mirror facet size 
was increased with a corresponding 
reduction in optical quality. All combined, 
these trades brought the concentrator 
subsystem down to 160% of its cost target. 
The heat exchanger subsystem started at 
150% of its target and progressed to the 
target value by means of the following 
choices. The fabrication of complete 
hardware was limited to one unit for ground 
testing and one for flight. The designs of the 
thermionic converters and the secondary 
concentrator would be based on previously 
tested hardware without effort to improve 
their performance. Finally, no life testing of 
the exchanger would be performed and the 
flight would rely on the partial life data 
gathered in previous ground testing. These 
choices added risk to the experiment and 
moderately reduced the expected 
performance. Several trade decisions were 
also made for the spacecraft bus. The bus 
components were selected based on lowest 
cost for off the shelf hardware. These 
included items that exceeded needs and 
added mass and power penalties but were 
less costly than custom components. 
Residual solar panel hardware from other 
programs was also found which could be 
adapted for use and saved significant costs. 
Space Experiment Design 

The conceptual design shown in 
Figure 6 was the final result of the effort. 
The propellant tank was cylindrical in shape 
and sized to fit with in the Taurus payload 
fairing. The spacecraft bus contained the 
attitude   control,   communication,   and 



processing. It was located at the opposite 
end of the spacecraft from the thruster and 
heat exchanger, which is also referred to as 
the receiver, absorber, converter (RAC). The 
RAC was attached to the propellant tank by 
the engine interface structure that contained 
movable flexures. This allowed the thrust 
vector to be controlled as the spacecraft 
center of gravity changed during flight. The 
concentrator subsystem was attached to the 
RAC structure such that motion of the 
engine interface structure would not .effect 
the alignment of the concentrator. The 
concentrator is supported and controlled by 
several struts with gimbaled joints. This 
provided both the ability to deploy the 
concentrator from its launch packaged state 
and to allow both course and fine pointing 
control during operation. A more detailed 
description of the subsystem design and 
rationale is given next. 
Concentrator Subsystem 

The intent of the concentrator design 
was to minimize the mass while maintaining 
a view half angle of 30 deg. The choice of 
30 deg was based upon previous 
optimization and because it was tracable to 
ground test hardware.(20,21) 
Approximately 3.9 m2j of projected facet 
area were required to provide sufficient 
power to the aperture. Therefore, the focal 
length became 120 in= for a 30 deg offset 
angle. The true area of the concentrator is 
4.5 mÖ] and was attached in the middle by a 
single boom. Between the spacecraft and 
concentrator are two 2-axis gimbals for all 
pointing motions. The most effective use of 
stowage volume is to utilize the available 
length of the envelope and minimize the 
width of the envelope required. The design 
has hinged panels that wrap around the tank. 
This creates a stowed volume that is 110 in. 
in length and 10 in. thick. Figure 7 shows 
how the stowed configuration would appear. 

The concentrator is comprised of 12 
rectangular graphite epoxy facets with a 
replicated epoxy face sheet, a silver 
reflective  layer  and  a SiOx protective 

overcoat. They contain a toroidal curvature 
with a series of ribs co-cured to provide 
stiffness. This method of manufacturing is 
based upon demonstrated and ground tested 
hardware under previous programs. Typical 
performance of the concentrator components 
are listed in Table 2. Some of the design 
trade rationale is described in Table 3. 
RAC Subsystem 

The purpose of the RAC is to 
convert the high intensity sunlight into 
thermal energy. This is accomplished by 
using a graphite black body cavity with high 
temperature insulation around the outside. 
This high temperature thermal storage 
medium enables the ability to have thermal 
energy available throughout the orbit 
including any eclipse time. The propellant 
absorbs this thermal energy during 
propulsion modes and the thermionic diodes 
are driven by the thermal energy in power 
mode. Figure 8 illustrates several of the 
major cTJ^ihMisd^il^eSA^rarhfebsiKß^ 
äxJseüh'riiKnrnatiHsi. derived from previous 
ground testing.(22,23,24) The majority of 
the design features and manufacturing 
processes were the same. However, 
component size was scaled down and fewer 
thermionic diodes were planned to reduce 
cost and risk of unexpected heat leaks. 
Some improvements to the insulation design 
were included, because the additional cost of 
validating a modified design was deemed 
acceptable for the expected performance 
improvement. 

The graphite thermal storage 
cylinder was designed to be CVD coated 
with rhenium on both the inside flow tubes 
and on the outside. This protected the 
graphite from both the hydrogen and from 
sublimating at high temperature. It also 
provided structural bonding of the four 
sections of the absorber. Limiting high 
temperature creep of the rhenium to 2% was 
the structural design driver for the CVD 
thickness. 

The optical secondary concentrator was 
designed with a compound parabolic shape. 



Because of the close proximity to the high 
temperature cavity and due to the direct 
illumination of the high intensity sunlight, 
the secondary concentrator was designed to 
operate at temperature without active 
cooling. The structural backing was 
graphite with coatings of rhenium and then 
iridium. Iridium is 74% reflective to 
sunlight and 87% reflective to blackbody 
radiation at 2300 K. This design was based 
on previously tested designs and was 
followed due to cost constraints. 

The design for the thermionic diodes 
was based upon hardware that had been 
fabricated for ground tests although the tests 
had not yet been completed. The diode 
array consisted of the diodes, alumina 
spacers, electrical conductors, graphite 
fiberform, and felt insulation. The diode 
design contains a hot shoe and emitter, an 
electrical collector, and a sodium heat pipe 
to discard the waste energy. The spacers 
provide electrical isolation and closely 
control the spacing of interfacing thermal 
insulation. The diodes are rigidly mounted 
through the spacers to the frame, which also 
supports the diode array insulation. When 
installed on the RAC, it properly positions 
the diode hot shoes next to the thermal 
storage device. 

The high temperature insulation 
design was an evolution from previous 
ground test efforts. Graphite felt and multi 
layer insulation combination was selected as 
the best approach. The cylindrical portion 
of the receiver was to be wrapped with 
graphite felt. Tungsten multi layer 
insulation was to be used on the end caps 
where the insulation is not curved and space 
for thick insulation does not exist. The area 
adjacent to the thermionic diodes was to be 
insulated using fiberform because it can be 
better held in place and thus avoid electrical 
shorting of the diodes. A thin shell of nickel 
foil sheet would enclose the fiber felt to 
further enhance the thermal resistance and to 
shield against the migration of contaminants 
or graphite dust. 

Propellant Storage and Feed 
The propellant storage and feed 

subsystem stores liquid hydrogen during the 
several week mission and vents higher 
quality H2?to maintain nearly constant tank 
pressure. All of the vented hydrogen is used 
in the thrusters during propulsion operations. 
The system uses environmental heat flux for 
pressurization of the tank and delivery of the 
propellant. Excess heat is removed by 
having the vented hydrogen pass through 
active and passive thermo-dynamic vent 
systems. A schematic of the components is 
shown in Figure 9. The design is based on 
hardware that has been ground tested. 
(25,26,27,28) 

During the design effort, three 
primary trade studies were conducted. 
Aluminum was selected for the experiment 
tank since it is a low-cost material with 
excellent properties at cryogenic 
temperatures. A composite tank would have 
been lighter but would be more expensive 
and has had less testing with hydrogen. A 
second trade considered increasing the size 
of the thermo-dynamic vent system or 
increasing the amount of multi layer 
insulation to slow the pressurization rate. It 
was felt that a larger vent system would be 
less expensive with out significant weight 
impact. The final trade involved assessing 
the need for a quantity mass gauging system. 
A quantity gauge or a mass flow gauge 
would provide a direct measurement of the 
propellant flow rate but either flight rated 
cryogen gauge would be comparatively 
expensive and have questionable accuracy. 
A low-pressure drop venturi was selected to 
measure the flow down stream where the 
propellant had already gasified. This 
provided the most cost-effective choice to 
obtain the needed information. 
Bus subsystem 

The requirement of the bus 
subsystem was to provide the spacecraft 
power, communications, flight management, 
attitude determination, and reaction control. 
The design was carried out with emphasis 
on   finding   low   cost,   flight   proven 



components and approaches.(29) It was 
determined that momentum wheels would 
add system flexibility but were too costly 
since small attitude thrusters could maintain 
pointing to 1 deg. This pushed more of the 
pointing requirement onto the concentrator 
system but provided significant savings on 
the bus. The power system was designed 
around existing solar cells that might be 
available at no cost and were designed to 
mount on one side of the propellant tank. 
This again reduced flexibility in operation of 
the spacecraft but provided a more simple 
and economical design. S band 
communications was selected due to the 
greater availability and affordability of 
components and a decision to rely on the Air 
Force SGLS was based on avoiding custom 
control units or more expensive 
transponders. The shape and construction of 
the bus structure was selected to be 
hexagonal to allow lower cost 
manufacturing and modular assembly. 
Although these choices added to the mass of 
the experiment and reduced its flexibility, 
they allowed a design close to the cost 
target. 
Conclusion 

A conceptual design of a flight 
experiment was produced which represents 
the necessary next step in developing and 
proving the solar thermal propulsion and 
power technologies. This conceived 
experiment will validate the space related 
issues of the technology and allow the 
follow on development of operational 
advanced upper stages, space tug 
architectures, and high mobility vehicles 
which will allow in-space servicing of 
assets. In addition to providing a method to 
demonstrate integrated system performance 
and operation, the low gravity environment 
will be used to: 
- Demonstrate concentrator pointing and 

tracking and thermal management 
- Validate low-g LH21 acquisition, storage 

and supply 
Validate low-g operation of advanced 
static power converters 

- Provide   multi-impulse   low-thrust 
propulsion performance data 

- Demonstrate integrated propulsion and 
power system 

To meet the above objectives under the 
constraints of a very aggressive cost goal 
and limited selection of launch vehicles, a 
design to cost methodology was 
implemented that defined a cost-driven 
space experiment design. Several of the 
cost drivers were identified and included: 

- Level of component and subsystem 
testing 

- Technology maturity 
- Unknowns about flight readiness 
- Experiment size/launch vehicle 

volume constraint 
- Experiment power requirement 
- Mission duration 

Although a conceptual design was 
developed which met all the 
requirements, the cost constraint was 
achieved at the expense of system 
performance and increased risk. The 
experiment was reduced in both the size 
and the thermal power available for 
propulsion and electrical conversion. 
Hardware such as the propellant tank 
was designed for low cost instead of 
being lightweight. The reduction in 
power and increase in component mass 
significantly reduced the Delta-V 
capability of the experiment. However, 
the sub-fscale design still achieved the 
defined objectives. To further reduce 
cost, engineering test units and 
subsystem performance tests were 
removed from the plan. This meant that 
designs had to more closely follow 
previously tested hardware even though 
many areas have been identified where 
the technology can be improved. These 
choices make sense in the light of a cost 
constrained approach and a level of risk 
consistent with a class D experiment. 
Although most of the components 
proposed for the flight have reached a 



TRL level between 5 and 7, there is still 
a significant research effort needed for 
the concentrator and absorber 
technologies to increase their 
performance and life capability to the 
level needed for operational use. This 
additional research effort is expected to 
continue concurrently with the space 
experiment program. 
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TYPE 
Max 
Target 
Target 
Target 
Max 
Target 
Target 
Max 
Target 
Target 
Min 
Target 
Min 
Target 
Target 
Target 
Target 
Target 
Target 
Target 
Target 
Target 
Max 

MEASURES 
(howto satisfy customerwantsfoe 

Based on tested hardware 
Design utilizes Tl & STP 
Mission DV 
Use DTC, CAIV 
% Cost related to test article 
Specific impulse 
Conceptual drawings 
Looks like real system 
% Cost related to testing 
Cavity temperature 
Single point failures 
Compatible w/ multiple payload^ 
Deployed/active components 
Launch processing timeline/req|s 
Space experiment volume 
Mission duration (CONOPS) 
Expert review 
# of defined margins 
Specific power 
Optical efficiency/effectivenes 
Thermal capacity 
Power level 
Innovation in operation  

Measure effective for satisfying 
requirement? (null, 1, 3 or 9) 

Importance (Rated 1 thru 5) 6/97 

GOAL 
(value of measure (in 6/97 
% @ TRL > 6 
Yes 
2500 m/s 
Yes 
78% Est Cost 
750 sec 
Yes 
0.8 
15% Est Cost 
<2300K 
Zero 
Yes 
Zero 
Yes 
Taurus/EELV1 
> 90 days 
Yes 
10 
> xx W/kg 
Watts into RAC/k< | 
xx mega-Joule 
500 Watts electric 
Yes 

SCORE 

122 
117 
103 
95 
90 
72 
72 
69 
66 
65 
63 
61 
56 
55 
54 
47 
47 
44 
43 
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30 
30 
29 
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VIS (Vehicle 
Interface Structure) 

EIS (Engine Interface Structure) 

RAC (Receiver/Absorber/Converter) 

Spacecraft Bus 

Cryogen Storage and Propellant 
Feed System (CSPFS) 
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Multi-Layer Insulation 
4 Blankets,^^ 

25 L-P Each 
Reduces heat leak 

into tank. 

100W Active 
Thermo dynamic 

Vent Syste m (ATVS) 
Controls bulk propellant 

heat content and thereby 
tank pressure. 

Mixes bulk propellant. 

Aluminum Tan 

Quick Disconnect 
to Facility U\ Fill and Drain  i 

Quick Disconnect 
to Ground Ve nt 

Level Sensor and 
Temperature Diodes 

20W External Tank Heaters (4) 
Active control of heat leak for 
tank pressurization. 

4 Low-gravity Screened-Channel 
Liquid Acquisition Devices 
(IADs) 
Capillary aq&fsition devices 
supply LH2      eed system. 
Integrated passive TVS (PTVS) 
removes heat from bulk propellant 
during every burn period. 

~~r)     Flow Control Valve Panel 

^rÖ-öi 

ToRAC 

Table 1. SOTV Requirements for Space Experiment and Operational System 

Requirement 

Initial Orbit 

Perigee 



(int  X 
terns included either ä~Stand«fd-£malliaunch Vehicle (SSLVjJatrfusor an Evolved Expendable 

Launch Vehicle (EELV) Medium Launch VehicIe^MLfV^^l^oth launch opportunities were based 

out of the Cape Canaveral launch^siten^MTssion requirements thatweTe-eslablished included 

Tabled SOTV Requirements for Space Experiment and Operational System 

Requirement 

Space Experiment 

SOTV EELV Taurus 

Initial Orbit 

Perigee km 926 926 555 200 

Apogee km 926 926     . 2350 8000 

Inclination deg 55 55 28 28 

Final Orbit 

Perigee km 926 926 555 35786 

Apogee km 5350 35786 8200 35786 

Inclination deg 55 55 28 0 

Mission AV m/s 816 2300 820 3000 

Transfer Time days 21.6 41.2 20.8 30 

Specific Impulse sec 746 340 756 800 

Thermionic Power We 100 100 100 15000 

Propellant H2 NH3 Eb H2 

initial/staging orbit elements (perigee and apogee altitude and inclination), final orbit elements, 

total mission AV, maximum orbit transfer time, maximum space experimen^rrussion time, 

specific impulse, thermioruXpower level, and propellant type. These^equirements are summa- 

rized and compared to similar requirements for an operational SOTV in Table 2. 

The initial orbit for the EELV was definedby the SJr office to be compatible with the other 

multiple-manifested space experiments designated with the 2001 EELV launch opportunity. The 

initial orbit for the Taurus launch vehicle-was useckto derive the initial mass limit for the space 

experiment. The initial (staging) andiinal (target) oroks for the SE and operational SOTVs were 

used to derive the orbit transfer'AV. This mission AV requirement coupled with the additional 

requirements (transfer time\ specific impulse, thermionic power, and propellant type) were used 

to derive design requirements for an SOTV in terms of sizing (mass and volume). Selection of a 

single or set of launch vehicle fairing(s) imposes additional constraints on the stowed configura- 

tion of the SOTV. 
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Parameter Worst Case Value 
Facet Slope Error 1.7 mr 
Facet Reflectivity 0.92 
Facet Specular Error 1.7 mr 
Solar Alignment Error 0.1 
Optical Vertex Shift 0.1" 
Focal Length Change 0.5" 

T< qkii-e. 

Design Trade / 
Number of      \ 
Concentrators      \ 
Offset or Center Fed\" 
Optics                         ^ 

"   \                / 

T^  3 



Table 7. CATS Interfaces with the Spacecraft 

Interface Specification 

Stowed concentrator attab 
locations 
Power from S/C bus 

Telemetry 

Pointing and Tracking Control 

S/C Pointing 
Aperture Size 

1 attachment at location whererljoom attaches to S/C 
8 attachments at locations'where panels interface with tank 
Power for release mechanisms 

'er for deployment actuators 
Powersfoi>glmbal adjustments 
Pow^for&un sensors 

:ployment completion indicators 
Gimbal location potentiometers 
Sun sensor output 
Aperture flux gage outputs'" 
Key temperature sensors 
S/C provides controller to process felejnetry and determine 
gimbal adjustments 
S/C to point within 1.0° of the sun 
2-in. diameter 

4.1.3 Design. The main fon&tienal CATS requirement is to proyjde-3£75w into the secondary 

concentrator, which will result in 246(TWTiet^0wer13lne engine during operation. There are 

several basic architectural design-trades, summarizedin-Table 8, which form the basic architec- 

ture of the CATS. 

3 
Tabled CATS Subsystem Design Trades 

Design Trade Considerations Selection 

Number of 1 concentrator is much less expensive 1 Concentrator 
Concentrators 2 concentrators provide better dynamic balance 
Offset or Center Fed Offset reduces weight, size, simplifies stowed Offset Optics 
Optics package 

Center fed simplifies deployed design 
Concentrator Type Inflatable is lightweight but unproven 

Spline Radial Panel is lightweight but unproven 
Hex Panel structure is proven low risk, low cost 

Hex Panel Structure 

Panel Structure Hex panel design is mature, reduces cost, but Rectangular Structure 
Geometry doesn't package 

Rectangular panels cost slightly more but 
package well 

Facet Shape Triangular facets are a proven design 
Rectangular facets reduce stowed package and 
weight 
Attaching at focal point is optimum for optical 

Rectangular 

Spacecraft to Boom 12-in. from Focal Point 
Attachment performance 

Attaching 12-in. from focal point avoids blockage — 
and extreme temperatures 

Boom to Concentrator Attachment at edge reduces boom size Center Attachment 
Attachment Attachment at center reduces gimbal cost, weight 

\>u VOlt. 


