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Abstract

In this paper the present knowledge on the vortex formation on slender delta wings is
summarized. The interference mechanisms between primary and secondary vortices as well
as the vortex breakdown phenomenon are especialy emphasized. The effects of Mach
number and Reynolds number are treated separately and the differences in the flow around
wings with sharp and rounded leading edges are discussed. The experimental details
necessary for the validation of numerical methods are derived and a brief review of relevant
modern experimental techniques is given. Finally a configuration suited for a new
International Vortex Flow Experiment (VFE-2) as well as a corresponding test program are
presented.

1 Introduction

At the beginning of the 1980’s the status of the Euler methods for the calculation of vortical
flows had reached such a high standard that good experimental data were necessary to
validate the codes. This lead to the International Vortex Flow Experiment (VFE-1) [1] which
has been carried out in 1984 — 1986: On a cropped delta wing with a leading-edge sweep of
65° combined with a fuselage, see Fig. 1, force and pressure distribution measurements as
well as flowfield studies have been carried out for a certain variety of flow conditions in
various wind tunnels worldwide. The results have been summarized in [2], and later the state
of the art has been reviewed in [3], [4], [5].

Even for sharp leading edges with fixed primary separation the Euler codes are not well
suited to calculate the pressure distribution on a slender wing properly, see Fig. 2, since the
secondary separation is not modelled. In the last ten years considerable progress has been
achieved in the numerical calculation of vortical flows by taking into account viscous effects
through solutions of the Navier-Stokes equations [6], [7], [8]. This means that Reynolds
number effects are now included and secondary vortices turn out. Laminar solutions tend to
have convergence problems due to weak viscous damping. For turbulent flows in solutions of
the Reynolds-averaged Navier-Stokes equations a turbulence model has to be applied which
provides additional viscous damping in the boundary layers as well asin the viscous regions
of the primary and secondary vortices. The pressure distribution on the upper surface of the
wing is very sensitive to correct modelling of the viscous regions of the flowfield as shown in
Fig. 2. If the grid resolution is fine enough reasonable pressure distributions turn out by
taking into account the viscous effects, but different turbulence models lead to differencesin
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the pressure distributions. Looking into more details of these calculations according to Figs. 3
and 4, large differences concerning the total pressure distribution and the eddy viscosity
contours are present: The Baldwin-Lomax turbulence model [9] (with the Degani-Schiff [10]
modification) provides eddy viscosity only in the boundary layers, whereas the Wilcox k - w
turbulence model [11] shows eddy viscosity within the primary and the secondary vortex.
Only the correct prediction of the secondary separation line and of the structure of the
secondary vortex lead to the right lateral and vertical position of the primary vortex and
hence to the correct suction peak in the pressure distribution. All calculations for viscous
flows shown in Figs. 2 - 4 have been carried out for fully turbulent boundary layers and
regions with laminar boundary layers have not been taken into account.

In the present paper the vortex formation on the upper surface of slender wings will be
described in some detail and the interference mechanisms between the vortices as well as the
vortex breakdown phenomenon are especially emphasized. The effects of Mach number and
Reynolds number are treated separately for sharp and rounded leading edges. For the
validation of numerical methods the required experimental details are derived and areview of
relevant modern experimental techniques is given. Finally a configuration for a new
International Vortex Flow Experiment (VFE-2) and a corresponding test program will be
presented.

N = 2y/bioca = y/s1
pe(muet = /)
Vv

2 Notations
A =b%S Aspect ratio
M Free stream Mach number
R=Vclv Free stream Reynolds number
Ry = VXulv Transition Reynolds number
S Wing area
\% Free stream velocity
b Wing span
C=CR=C Wing root chord
C Mean aerodynamic chord
C=(P-p.)A. Pressure coefficient
p Static pressure
Pt Total pressure
pe=1—(P,/Pw) Total pressure loss
d., Free stream dynamic pressure
I Streamwi se |eading-edge radius
t Wing thickness
X, Y, 2 Wing apex-fixed coordinates
A L eading-edge sweep
a, B Angle of attack, sidedlip

Dimensionless spanwise coordinate
Dynamic eddy viscosity
Kinematic viscosity
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3 Description of the vortical flowfield
3.1 Wings with sharp leading edges
3.1.1 Basic vortex formation

On a sharp-edged slender delta wing inclined against the free stream at an angle of attack a,
according to Fig. 5 the flow on the lower side moves outboard. Flow separation takes place at
the sharp leading edge and a primary vortex is formed over the upper surface of the wing.
Undernesath this vortex an attached flow is established with an attachment line located at the
centre-line or at some spanwise position between the centre-line and the leading edge,
depending on the angle of attack. The flow near the wing surface is directed outboard and
after having passed the suction peak underneath the primary vortex axis the steep adverse
pressure gradient towards the leading edge causes flow separation. The separation line is
clearly indicated in Fig. 5 and a secondary vortex is formed in the region close to the leading
edge. Under certain circumstances even a tertiary separation can be observed underneath the
secondary vortex [12], [16].

On both sides of the wing the boundary layer flow starts laminar at the apex and far more
downstream transition to the turbulent state will take place depending on the Reynolds
number. The turbulent boundary layer status can also be triggered by means of a turbulence
generator as shown in Fig. 6 for the upper surface. In this case the secondary separation line
is shifted towards the leading edge and compared with the laminar case (Fig. 5) a smaller
secondary vortex is generated. Concerning the pressure distribution there exists a remarkable
effect of the upper surface boundary layer status as shown in Fig. 7: The large secondary
vortex resulting from the separation of a laminar boundary layer shifts the primary vortex
upwards and inboard compared with the inviscid case represented in Fig. 7 by the slender
body theory of J.H.B.Smith [13]. Therefore the suction peak is considerably reduced. On the
other hand the strong secondary vortex itself induces large additional suction and this leads to
a second suction peak in the pressure distribution of about the same amount. In the case of
the separation of a turbulent boundary layer the smaller secondary vortex leads to a lower
shift of the primary vortex. Correspondingly the suction peak is larger and due to the smaller
additional suction induced by the secondary vortex a pressure distribution with a single
suction peak turns out. Thus the shape of the pressure distribution is a clear indication for the
status of the boundary layer at a certain station of the wing. In Fig. 8 the two types of
pressure distributions are shown for afully laminar case and for an artificially turbulent case.
It is interesting to note that although the pressure distribution strongly depends on the status
of the boundary layers the overall forces and moments are the same in the laminar and the
turbulent case since the area underneath the pressure distribution remains virtually
unchanged.

3.1.2 Effects of Reynolds number

For wings with sharp leading edges the flow separation is fixed to the leading edges and a
Reynolds number effect on the primary separation does not exist. Neverthel ess the boundary
layer formation depends on the Reynolds number. For low Reynolds numbers the flow is
laminar everywhere on the lower surface and between the secondary separation lines on the
upper side, see Fig. 5. With increasing Reynolds number the flow becomes turbulent in the
rear part of the wing, and this leads to an outboard shift of the secondary separation line on
the upper side. For a given wing the Reynolds number Ry = VXy/v, based on the distance X
of the transition point from the wing apex, is only a function of the angle of attack a as
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shown in [14] for an A = 1.0 deltawing. The comprehensive data set provided by NASA [15]
for the sharp-edged 65° delta wing contains low speed measurements only for R = 6 » 10° at
which the upper surface boundary layer was already mainly turbulent. The same istrue for M
= 0.85 and according to Fig. 9 there are no Reynolds number effectsup to R = 36 « 10°.

3.1.3 Effects of Mach number

Within the VFE-1 program the main investigations have been carried out at M = 0.85, but a
certain variation of Mach number including incompressible flow has been considered. Later
this configuration has been tested again by NASA [16] in the Mach number range 0.4 <M <
1.6 at Reynolds numbers 2.5 « 10° < R < 5.4 «10°. In some cases the boundary layers were
laminar in the front part and turbulent in the rear part of the wing. With increasing Mach
number the primary vortex moves inboard and its suction peak in the surface pressure
distribution decreases. The flow becomes supercritical within the primary vortex and a
crossflow shock is formed for M = 0.6 at an angle of attack a = 20°, increasing in strength
with increasing Mach number. At first the laminar boundary layer separation and later also
the turbulent boundary layer separation become fixed to the crossflow shock location. For
Mach numbers M > 0.8 a terminating normal shock occurs between the primary vortices in
the rear part of the wing, and this shock reaches the trailing edge of the wing at M [10.95.
Quantitative details of the flowfield with crossflow and terminating shocks are not available.
Fig. 10 shows an example from the comprehensive NASA data for the 65° delta wing [15]:
All compressibitity effects discussed so far may be taken from the overall forces and
moments as well as from the pressure distributions, but a detailed flow analysis has not been
carried out.

3.1.4 Vortex breakdown

For large angles of attack vortex breakdown takes place within the primary vortices. On a
deltawing with a leading-edge sweep of 65° this phenomenon occurs for angles of attack a >
20°. Vortex breakdown has been described for the first timein [17] and since that time a huge
number of investigations on this subject has been carried out worldwide, which will not be
described in al details here. Out of the two possible modes of vortex breakdown discussed in
[18] the spira type occurs in the flowfield of slender delta wings. Today it is common
understanding that the flow past a dlender delta wing at large angles of attack becomes
unsteady even for afixed wing. This means in other words that for large angles of attack and
steady boundary conditions only unsteady solutions of the Euler and the Navier-Stokes
equations do exist. The spiral-type vortex breakdown is well predicted by numerical solutions
of the Navier-Stokes equations [19], [20], [21], [22], [23], [24], see Fig. 11. The
instantaneous vortex axis spirals in space against the sense of the primary vortex and this
spiral turns around with respect to time in the sense of the primary vortex, and in the centre of
the spiralling motion a region of reversed flow is present. Correspondingly all quantities of
the flowfield, the pressure distribution on the wing as well as the overall forces and moments
show oscillations. A detailed frequency analysis [22], [24] reveals three dominating
frequencies: The most important one is related to the azimuthal mode described so far, but an
axial and a radial mode, each with a corresponding frequency, do aso exist. These three
modes and frequencies are well confirmed by experimental data [25], [26] measured on
different delta wings but unfortunately experimental data are not available for those
configurations, which were subject to calculations.
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The determination of the vortex breakdown position on the wing is a problem in experimental
investigations as well as in numerical calculations. For comparisons the same definitions of
the breakdown location should be used, e.g. starting point of the spiralling motion of the
vortex axis or the onset of reversed flow. An attempt to correlate properly evaluated
experimental data with numerical calculations for the experimental conditions is presently
under way within the AVT Working Group 080 [27]. The vortex breakdown position is
always located in a region with adverse pressure distribution in axia direction. Therefore it
starts at a certain angle of attack in the vicinity of the trailing edge of the wing and moves
upstream over the wing with increasing angle of attack. The vortex breakdown position is not
very sensitive to Reynolds number and Mach number. In high subsonic and in supersonic
flows the terminating shock causes a strong pressure increase in axia direction, and its
relation to vortex breakdown istreated in [28].

3.1.5 Deadwater -type flow

With increasing angle of attack the vortex breakdown position within the primary vortices
moves upstream over the wing, see Fig. 12, and at a certain angle of attack the wing apex is
reached. According to [29], this happens for the VFE-1 configuration at an angle of attack of
a = 43°. The pressure distribution on the whole upper surface of the wing suddenly jumps to
a constant value and the corresponding flow is a separated flow with deadwater-type
structure. As shown in [22] and [24], for angles of attack o > 43° the pressure distribution
and the overall forces and moments are well predicted by unsteady Euler and Navier-Stokes
solutions.

3.2 Wingswith rounded leading edges

Within the scope of the original vortex flow experiment on the VFE-1 configuration a
rounded leading edge has been studied as well [1], [2]. The comprehensive data set provided
by NASA [15] contains pressure distribution and balance measurements on the 65° delta
wing with three different rounded leading edges at various Reynolds and Mach numbers.
Finally in Germany the hypersonic configuration ELAC-1, which consists of a blunt body
with eliptic cross sections, has been tested in awide range of Reynolds and Mach numbersin
various wind tunnels [30].

These investigations on wings with rounded |leading edges show that the basic flow pattern
described in section 3.1 for sharp edged wings occurs in the same way also for wings with
rounded leading edges. Reynolds and Mach number effects on the suction side flow are
virtually the same as for sharp-edged wings. The principal difference is the fact, that at
rounded leading edges the primary separation is no longer fixed and new effects result from
the dependence of the primary separation on curvature radius and Reynolds number. Fig. 13,
taken from [15], indicates that on the wing with rounded leading edges at low angles of attack
the flow remains attached at the rounded leading edges in the front part of the wing. High
suction peaks are found in the vicinity of the leading edge and flow separation takes place
only in the rear part of the wing where the leading edge radii are small. With increasing angle
of attack the region of separated flow becomes larger. For low Reynolds numbers the primary
separation takes place just at the leading edge, but for high Reynolds numbers the region of
attached flow increases. The primary separation line moves to the upper surface of the wing
and again strong suction peaks occur in the pressure distribution at the leading edge.
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3.3 Unsteady vortical flows

A 65° delta wing has been investigated in rolling motion [31] and the VFE-1 configuration
has also been tested in pitching, rolling and yawing motion. The complete results of these
measurements at DLR Braunschweig are available in [32] and some data for the pitching
motion at various angles of attack may be taken from [29]. A similar configuration with a
modified thickness distribution has been tested recently by means of unsteady PSP
measurements at DLR Gottingen [33]. Euler and Navier-Stokes codes have aso been applied
for the calculation of pitching [34], [35], [36] and rolling [37], [38], [39], [40] delta wings.
The overall characteristics are well predicted by Navier-Stokes codes, but experimental
details for comparison are missing.

4 Experimental needs

In calculations of the vortical flow around a delta wing by means of the Reynolds-averaged
Navier-Stokes equations a turbulence model has to be used and the Figs. 2 to 4 show typical
examples for the differences in the results for different turbulence models. For the validation
of Navier-Stokes codes many experimental details of the flowfield are needed which are far
beyond the scope of the measurements on the VFE-1 configuration. These needs are listed
subsequently:

1) The location of the transition line on the upper and the lower surface of the wing should
be determined in order to know the status of the boundary layers and to adapt numerical
calculations to experimental conditions. Apart from this, a data base on this subject is also
necessary for the validation of future methods for the prediction of the laminar/turbulent
transition on slender deltawings.

2) More detailed surface pressure distributions are necessary to identify the effects of
primary, secondary and tertiary separations. For this purpose reliable and accurate
methods should be used which are not based on surface pressure taps, since wind tunnel
models with pressure taps are very complicated and they provide only a limited number
of sections which have to be fixed apriori.

3) There exists an urgent need of experimental data on the structure of the boundary layers
on the wing. The only existing study of the 3D boundary layers on a delta wing has been
published in [41] for laminar flow on upper and lower surface. Similar measurements for
3D turbulent boundary layers are missing. The distributions of total pressure, velocity and
vorticity components, turbulent energy and eddy viscosity e.g. are necessary for
comparisons with numerical results according to different turbulence models.

4) The distributions of magnitude and direction of the wall shear stress and the position of
the separation lines on the surface of the wing are necessary from experiments for
comparison with numerical results. For this purpose direct measurements of the shear
stress have to be considered, since oilflow pictures from the surface cannot be carried out
in modern facilities such as cryogenic wind tunnels.

5) The positions of the primary, secondary and tertiary vortices relative to the wing are
needed for comparison with numerical results.

6) The structure of the viscous regions of the flowfield has to be anaysed in detall
experimentally in order to be able to judge whether the various CFD codes and turbulence
models describe these details properly. Regions of special interest in this respect are the
shear layer and the viscous core of the primary vortex as well as the secondary and the
tertiary vortices.
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7) Theinvestigations according to 1) to 6) should be carried out for various angles of attack.
For cases with vortex breakdown the unsteady flowfield has to be analysed. Important
details related to numerical calculations are the position of the onset of vortex breakdown
relative to the wing and the frequency of the surface pressure fluctuations in the vortex
breakdown region.

8) Important parameters for the investigations according to 1) to 7) are the Reynolds number
and the Mach number. A wide range for both parameters should be covered. Concerning
the Reynolds number the fully laminar case at R [0 10° should mark the lower end and the
investigations should be extended to Reynolds numbers as high as possible. Concerning
the Mach number incompressible flow should be included. In compressible flows with
local supersonic zones the positions of the crossflow and terminating shocks should be
determined experimentally, and in the vortex breakdown investigations according to 7)
the interference between shock-induced pressure gradients and vortex breakdown location
should be analysed.

9) The measurements according to 1) to 8) should also be extended to pitching and rolling
dender wings. In cases with vortex breakdown time-accurate pressure distribution
measurements should be carried out in order to separate the unsteadiness due to the wing
motion from the unsteadiness caused by vortex breakdown.

10) The investigations according to 1) to 9) should be carried out for a wing with sharp
leading edges as well asfor at least one wing with rounded leading edges.

The experimental program sketched in these 10 paragraphs is a very comprehensive task,

which can only be carried out by an international effort. In the following section some

experimental techniques are described which might be suitable for the needed measurements,
and in the final chapter a proposa for the model geometry and the organisation of an
international program will be given.

5 Available experimental techniques

For al wind tunnels measurements of overall forces and moments by means of a sting-
mounted strain gauge balance as well as pressure distribution measurements by surface
pressure taps are standard techniques, which will not be treated separately. If high speed data
acquisition in combination with a proper calibration of the lengths of the pressure tubes is
applied, unsteady pressure distributions can also be measured. Some experimental techniques
are available only in some wind tunnels. They will be described subsequently.

5.1 Hot-wire measurement technique (HWT)

The hot-wire technique is well known since a long time [42], and its main application liesin
boundary layer measurements. However, this technique has also been successfully applied to
vortical flowfields [26], [43], [44], [45], [46]. Usualy cross-wire probe configurations are
used, and for the determination of all three velocity components including the corresponding
fluctuations, the probe has to be rotated around its axis by 90° to adjust the wire plane, and
two traverse sweeps through the flowfield are necessary. If triple-wire probes are used al
velocity components can be obtained in one sweep. The calibration and evaluation
procedures are described in [45]. The hot-wire technique is a vulnerable tool since the probes
can easily be destroyed by particles in the flowfield. Nevertheless this technique has been
successfully applied to investigate very large vortical flowfields [26], [44], [45], [46] around
delta wings, canard configurations and forward swept wings. An example taken from [26] is
presented in Fig. 14. Concerning the needs for future experimental investigations it can be
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expected that this experimental technique will bring about boundary layer measurements with
distributions of velocities, turbulent kinetic energy and eddy viscosity. The hot-wire
technique is also well suited for studies of the shear layer and the viscous core of the primary
vortex aswell as of the secondary and tertiary vortex regions.

5.2 Laser-Doppler Velocimetry (LDV)

Today many wind tunnels are equipped with a Laser-Doppler Velocimeter (LDV) for the
non-intrusive measurement of all three velocity components and the six Reynolds stresses.
These systems use lasers as the source of light in both forward and backward scattering
mode. The forward scattering mode provides a higher signal to noise ratio, but it is not
always applicable due to the arrangement of the model in the test section. In most systems
three wavelengths of the laser light are used, and these three beams are divided into pairs by a
network of beam-splitters and mirrors. The three pairs of beams are then focused in a small
probe volume where they form three overlapping fringe works oriented at different angles
with respect to the wind tunnel axis. For a single particle passing the three fringe patterns
three instantaneous velocity components are acquired simultaneously. By means of Bragg
cells as acoustic-optic modulators in each pair of beams, the flow direction can also be
determined. Using statistical methods, the mean velocity component in each of the three
directions as well as the Reynolds stresses are then calculated from a large number of particle
signas.

The LDV technigue as a non-intrusive method for unsteady flows, which provides the mean
values as well as the fluctuations of all velocity components, has been applied to the vortical
flow over delta wings, especialy in studies of vortex breakdown [47], [48], [49], [50], [51],
[52], [53], [54], [55]. An example taken from [55] is shown in Fig. 15.

This technique is well suited for the analysis of the structure of the flowfield especialy in
vortex sheets and in the primary vortices. If boundary layers as well as secondary and tertiary
vortices are concerned, reflections from the wall have to be omitted and the movements of
the probe volume relative to the wall have to be considered. Applications of the LDV
technique in measurements of the surface shear stress will be discussed in section 5.6.5.

5.3 Particle Image Velocimetry (PIV)

In this technique the beam of a pulsed laser isformed into alight sheet. Particles added to the
flow are illuminated and their scattered light exposes a photographic film or a CCD sensor
[56], [57]. In laser sheet imaging (LSI) the particles just mark discrete stream filaments in
order to make them visible and to yield qualitative information on the flow structure. In
particle image velocimetry (PIV) the position of particles is determined at successive instants
in order to gain quantitative informations on the local fluid motion. Concerning the flow
around a delta wing the two instantaneous velocity components can be determined in one
plane perpendicular to the main stream using commercial PIV systems. In order to get aso
the third velocity component in this plane the stereo technique has to be applied or two
parallel light sheets (dua plane PIV) have to be considered. Full 3D flow surveys can be
carried out by scanning the flowfield or by applying holographic PIV. These extended
techniques are presently under development.

Particle image velocimetry has been applied to the flow around delta wings in [30], [58],
[59], [60] as well asin [61], [62], [63]. An application of the stereo technique to a vortical
flow is given in [64] and a result is shown in Fig. 16. Particle image velocimetry is a
powerful tool for the investigation of the structure of vortical flows, but it is still a question
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how close to a wall measurements can be carried out in order to investigate boundary layers
and secondary and tertiary vortices.

5.4 Doppler global velocimetry (DGV)

In this technique a Laser light sheet is used which illuminates the flowfield in a cross section
perpendicular to the main stream. The scattered light from the particles passes a filter with a
permeability, which depends on the Doppler frequency. This means that at a certain point in
the flowfield the velocity component in the direction of view is transformed into the
brightness of the scattered light, which can be calibrated and measured. If the whole light
sheet is considered, aglobal picture of this velocity component is established [65], [66], [67],
[68], [69], [70], but one has to bear in mind that for a fixed camera position the direction of
view is different for each point of the light sheet. Three velocity components can be obtained
either by simultaneous viewing with three cameras from different positions in space or by
means of a single camera at a fixed position and applying three different directions of the
Laser light within the light sheet [67]. In the latter case the three velocity components are
taken subsequently and the data do not belong to the same period of time. Up to now asingle
application on a delta wing has been published [66].

5.5 Pressure Sensitive Paint (PSP)

Pressure sensitive paint (PSP) is an efficient technique for measuring the surface pressure
distribution on models without a large number of pressure taps. Pressure sensitive paints
comprise a luminescent compound, which is stimulated by the absorption of light, and due to
non-radiative processes such as oxygen quenching the wavelength of the emitted light is
larger than that of the excitation. The intensity of the luminescence is correlated with the
partial pressure of oxygen and hence with the ambient pressure.

PSP measurements are temperature sensitive. In a typical situation an error of 1 mb is
induced by a temperature change of 0.1 K. A common way to correct for the temperature
effects is to use some conventional pressure taps in order to calibrate the paint during the test
assuming a uniform temperature distribution on the model. Apart from this low temperature-
sensitive paints are needed.

The PSP technique is available since about 10 years [71], [72], [73], [74], [75]. Some papers
contain measurements on delta wings [76], [77], [78]. Results for a double delta wing [79]
are shown in Fig. 17, and the latest developments comprise the application on slender wings
in unsteady motion [80], [33]. The present state of the art is described in [88]. By means of
PSP detailed pressure distributions can be determined without a complicated wind tunnel
model with alarge number of pressure taps in positions, which have to be prescribed a priori.

5.6 M easurements of the Wall Shear Stress

For the validation of numerical results the magnitude and the direction of the local shear
stress on the surface of the wing are needed.
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5.6.1 Oil film interferometry

The classica method for an overview is the well-known oilflow pattern technique according
to Figs. 5 and 6 which show the direction of the local wall shear stress. In many wind tunnels,
especially for low speeds, this technique can easily be applied and even quantitative
evaluations by means of the oil film interferometry [81], [82], [83], [84], [85], [86] are
possible. Laser interferometry is used to measure the thinning rate of the oil film at a certain
station and the shear stress is evaluated from the thin-oil-film equation. In recent
improvements this technique has been extended to lines of oil, to multiple oil drops and to a
technique in which multiple interferograms are acquired in a single run. Using these
techniques 3D flows with high shear gradients can be investigated [87]. The state of the art is
described in [88], and applications on deltawing flows are possible.

The ailfilm interferometry can also be used for the detection of transition on a wing since the
sudden increase of the wall shear stress marks the onset of turbulent flow [88].

5.6.2 Floating element balance

In some wind tunnels the oil film interferometry cannot be applied since the test section is not
accessible because it is pressurized and/or filled with another gas as in cryogenic wind
tunnels. In such a situation local wall shear stress measurements could be carried out by all
the well-known techniques [81] and using elements distributed in a certain pattern on the
wing surface. Floating element balances measure the shear stress almost directly by means of
one- or two-component balances, but at present the size of these elementsistoo large in order
to determine the shear stress in a certain point. Progress in this field can be expected from
micromachined wall shear stress sensors.

5.6.3 Pressure probes

Other sensors such as Preston tubes, surface fences and related devices [81], [82] could also
be applied. In order to determine the direction of the shear stress the sensor elements should
be turnable around an axis perpendicular to the wing surface. Unfortunately these sensors are
not very sensitive with respect to the flow angle and therefore the accuracy of the measured
flow directionsis low. The sensors have to be calibrated and this might be a problem in wind
tunnel applications.

5.6.4 Wall (pulsed) hot wires

In these methods the velocity is measured in a certain point located very close to the wall,
and based on this velocity the wall shear stress is evaluated from v. Driest’s law of the wall.
Its shape is determined from a calibration, and the measured wall shear stresses are as good
as the velocity distribution within the unknown boundary layer fits with that of the
calibration. The velocity measurement can be carried out by means of a calibrated hot wire
probe or by a calibrated pulsed hot wire probe. In order to determine aso the direction of the
shear stress the sensor elements have to be installed turnable around an axis perpendicular to
thewall.
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5.6.5 Wall-gradient LDV

The velocity near the wall can also be measured by LDV. In order to avoid vibrations of the
Laser system relative to the wall the Laser system should be fixed to the wall. If parallel
fringes are used the Doppler signals vary with the distance of the probe volume from the
wall. If, however, a conica fringe system with its apex at the wall is used, the Doppler
signals are the same for all distances of the probe volume from the wall, since in the viscous
sublayer the velocity varies linearly with the distance from the wall. Thus such a Laser
system measures the velocity gradient directly, and no calibration is necessary to evaluate the
wall shear stress.

5.6.6 Other methods

The methods according to the sections 5.6.2 to 5.6.5 have not yet been applied to delta wing
flows and they have been mentioned for the sake of completeness as possibilities to gain a
limited number of data for comparison with numerical results. Two other methods namely the
hot film technique and the liquid crystal technique are very important for wall shear stress
measurements. Since they are also applicable in other respects they are treated in separate
sections 5.7 and 5.8.

5.7 Hot film techniques

For heated surface elements the convective heat transfer is correlated with the wall skin
friction. Asin hot wire anemometry the constant current and the constant temperature modes
are applied. The surface hot film elements can be used for the detection of transition without
calibration, but for the evaluation of the wall shear stress they have to be calibrated [89], [90].
The resulting calibration curves are empirical functions between the heating voltage at the
Wheatstone bridge and the wall shear stress. They depend on many flow parameters, and the
reference flow for these calibrations is the main problem. Concerning hot film arrays the
thermal interference amongst the hot films, caused by the temperature wake of an upstream
hot film influencing the thermal boundary conditions of the downstream sensor, has to be
taken into account. This interference can be eliminated by staggering the hot film sensors. If
at afixed position on the wing a V-shaped installation of two hot films is used, the direction
of the local shear stress can be determined from the difference of the signals from both sides.
The present status related to this technique is described in [88].

Hot film sensors and hot film arrays are widely used in wind tunnels for the detection of the
laminar/turbulent boundary layer transition and of the onset of separation [90], [91], [92].
The use of this technique under cryogenic conditions is possible [93]. Up to now there exists
just one application on deltawing flows [94].

5.8 Liquid crystal techniques

Another technique for wall shear stress measurements is the shear-sensitivity liquid crystal
coating method [88], [95], [96], [97] which can be used for visualization and measurement of
continuous surface shear stress vector distributions. White light illuminates the coated surface
and if the reflected light is registered at a certain angle, a colour change is observed if the
shear stress has a component in the direction of view. A calibration colour vs shear is
required and the reference shear has to be measured by another method such as hot film or ail
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drop interferometry. In order to evaluate also the direction of the shear stress, a certain point
is viewed from different directions and a Gaussian curve fit is used for the determination of
the vector orientation. Up to now the method described so far is confined to plane surfaces.
Using temperature sensitive liquid crystal coating the surface temperature distribution can
also be measured after a calibration colour vs temperature. For this kind of liquid crystals the
fluid matrix has been replaced by plastic foils. Progress in wall shear stress measurements for
arbitrarily shaped bodies can be expected from the application of such foils for liquid crystal
coating.

5.9 Piezoelectric foil arrays

Piezo sensor arrays are made of a plastic foil with piezo- and pyroelectric properties.
Electrical surface charges are caused by mechanical pressure as well as by temperature
changes within the material. If a small temperature gradient between sensor and fluid is used,
the pyroelectric properties of the foil are predominant and high signal to noise ratios are
achieved. For this purpose piezo foils are heated, and the wall shear stress fluctuations are
determined from the heat flux fluctuations by means of the Reynolds analogy.

Piezo foils are mainly used for the detection of transition in wind tunnels as well as in free
flight [98], [99], [100]. The present state of this technique is summarized in [88].
Applications on slender delta wings have not yet been performed

5.10 Infrared technique

The wall temperature can be measured by means of an infrared camera, which is calibrated
against some surface mounted thermocouples. The same can be achieved by means of
temperature sensitive paint according to section 5.5. The magnitude of the local wall shear
stressis related to the heat flux through the Reynolds analogy. Sudden jumpsin local surface
temperature might indicate laminar/turbulent boundary layer transition, but high heat transfer
rates can also be generated by high velocities underneath the vortices on a delta wing.
Therefore the pressure distribution has a significant influence and both effects cannot be
separated definitely. Progress can be expected from a combination of the PSP method for the
determination of the pressure or the local velocity at the outer edge of the boundary layer and
the infrared technique for the determination of the heat flux.

6 Proposal for a new vortex flow experiment (VFE-2)

The flow around a slender delta wing and the needs for further experimental data for the
validation of numerical methods have been described in section 4, and the available
experimental techniques are summarized briefly in section 5. Following here the
configuration for a new vortex flow experiment and the program for new measurements will
be discussed.

6.1 Geometry of the configuration

The planform of the configuration should be chosen in such a way that all flow regimes,
which occur with increasing angle of attack, are covered properly. The main parameter for
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thisisthe aspect ratio or the leading-edge sweep of the wing, and for aleading-edge sweep of
65°, corresponding to an aspect ratio A = 1.85, the flow regimes are established as follows

i) Attached flow without vortex formation 0°<a<4

i) Separated vortical flow without vortex breakdown 4°<a<20°
iii) Separated vortical flow with vortex breakdown 20° <a <40°
iv) Separated deadwater-type flow 40° <o <90°.

This favourable partitioning of the angle of attack range is the reason why 65° swept wings
have been chosen for the VFE-1 [1], [2], at NASA [15] and at NAE [31]. The VFE-1 wing is
the only one with cropped wing tips. Since the grid generation technique for numerical
methods is well established, pointed wing tips are no problem and therefore a smple delta
wing with 65 ° leading edge sweep can be chosen.

Concerning the thickness distribution a sharp as well as some (at least one) rounded leading
edges should be chosen. Camber and twist should not be applied. In order to fix the model at
arear sting a symmetrical fuselage is necessary, but it should be kept as small as possible in
order to minimize the deviation from a simple deltawing.

All these requirements are fulfilled by the NASA configuration [15], which is shown in Figs.
18 and 19. Itsdata are

L eading-edge sweep A =65°
Aspect ratio A=185
Mean aerodynamic chord ratio Clc, =23
Flat plate thicknessratio t/c, =0.034
Streamwise |eading-edge radii re/C=0
= 0.0005
= 0.0015
= 0.0030.

The wing consists of an inner flat plate part and interchangeable leading edges with four
different leading-edge radii as well as a trailing-edge closure region. The wing geometry is
described by means of analytical expressions. In the rear part of the wing a small sting fairing
is applied and its shape is aso given by analytical expressions. In addition the geometry of
the model sting isdescribed in all detailsin [15].
To apply this wing as the basic configuration for a new vortex flow experiment has the
following advantages:
)] If anew wind tunnel model shall be built, the geometry of the wing and the sting
are available in analytical form and the manufacture of the model is easy.
1)) For all four configurations of this delta wing the overall aerodynamic coefficients
as well as the pressure distributions in sections at x/c;= 0.2; 0.4; 0.6; 0.8 and

0.95 are available in [15] for a large variety of Reynolds numbers and Mach
numbers. These data can be chosen for comparison with those of the first wind
tunnel entry of the new model.

6.2 Test program

For comparison with numerical results the following experiments should be carried out:
1) Detection of transition laminar/turbulent.
2) Detailed pressure distribution measurements.
3) Boundary layer measurements including total pressure, components of velocity and
vorticity, turbulent energy and eddy viscosity.
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4) Determination of the wall shear stress and detection of the secondary and tertiary
separation lines.

5) Flowfield measurements in the primary and secondary vortices including total
pressure, components of velocity and vorticity, turbulent energy and eddy viscosity.

Measurements of this kind should be carried out in a wide angle of attack range. In the
regime without vortex breakdown the angle of attack should be chosen as high as possible in
order to investigate cases with large vortical effects.

In the regime with vortex breakdown the additional analysis of the unsteady flow should lead
to the

6) Position of the onset of vortex breakdown from flowfield measurements and to the

7) Frequency of the surface pressure fluctuationsin the vortex breakdown region.

All investigations should be carried out for

8) Various Reynolds numbers, starting with the fully laminar caseat R 0 10° up to
Reynolds numbers as high as possible.

9) Various Mach numbers. The incompressible case should be included. For
compressible flows with local supersonic zones the positions of the crossflow and
terminating shocks should be determined experimentally, and in cases with vortex
breakdown the interference between shock-induced pressure gradients and vortex
breakdown location should be analyzed.

Concerning unsteady boundary conditions the configuration according to section 6.1 should
also betested in

10) Pitching and rolling motion. In cases with vortex breakdown time-accurate
pressuredistribution measurements should be carried out in order to separate the
unsteadiness due to the wing motion from the unsteadiness caused by vortex
breakdown.

The investigations mentioned so far should be carried out for the wing with

11) Sharp and (at least one) rounded leading edge.

6.3 Organization of the new vortex flow experiment (VFE-2)

Experimental data as well as numerical results for the proposed configuration are highly
welcome. Results should be published and corresponding data files should be made available
for the scientific community through a web-site as in [15]. Short notes on the existence of a
publication and a web-site should be sent to the authors at DLR (Guenter.Redeker@dir.de).
From time to time a status report on the VFE-2 will be published and if appropriate a
symposium will be arranged.

7 Summary

The vortex formation on the upper surface of slender wings is described in some detail and
the interference mechanisms between primary and secondary vortices as well as the vortex
breakdown phenomenon are especially emphasized. The effects of Mach number and
Reynolds number are treated separately for sharp and rounded leading edges. The
experimental details necessary for the validation of numerical methods are derived and a brief
review of relevant modern experimental techniques is given. Finally a configuration suited
for a new International Vortex Flow Experiment (VFE-2) as well as a corresponding test
program and a handling procedure are presented.
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Fig. 1: Configuration of the International Vortex Flow Experiment (VFE-1)
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Fig. 2: Surface pressure distributions on the wing (only) of the VFE-1 configuration at M =
04, R=31+ 10°, a = 9°. Effects of grid resolution and turbulence modelling.
FLOWer code results according to W. Fritz, EADS Munich.
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Fig.3: Tota pressure loss and eddy viscosity contours in section x/c = 0.8 on the wing of the
VFE-1 configuration at M = 0.4, R = 3.1 » 10°, a = 9°. FLOWer code results using

the Baldwin-Lomax turbulence model according to W. Fritz, EADS Munich
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Fig. 4: Total pressure loss and eddy viscosity contours in section x/c = 0.8 on the wing of the
VFE-1 configuration at M = 0.4, R = 3.1 » 10°, a = 9°. FLOWer code results using

the Wilcox k - w turbulence model according to W. Fritz, EADS Munich
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Fig. 5: Oilflow patternson adeltawing A = 1.0 at R = 9« 10°, laminar boundary layers
a) a=20.5° pressure side
b) a =20.5° suction side
(1) Secondary separation line

Fig. 6: Oilflow patterns on a deltawing A = 1.0 at o = 20.5°, suction side with artificially
turbulent boundary layers
(1) Secondary separation line
(2) Turbulence generator
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Fig. 8: Pressure distribution on deltawing A = 1.0 at a = 20.5°
a) Re=9+ 10°, laminar boundary layers
b) Artificialy turbulent boundary layers
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Fig. 9: Effect of Reynolds number on the pressure distribution of the A = 1.85 (A = 65°)
sharp-edged deltawing at M = 0.85, a = 13° [15]
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Fig. 10: Effect of Mach number on the pressure distribution of the A = 1.85 (A = 65°) sharp-
edged deltawing at R = 6+ 10°, @ = 13° [15]
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Fig. 11: Numerical simulation of vortex breakdown for the VFE-1 configurationat R = 1.55 ¢
10%, M = 0.2, o = 21°, Navier-Stokes solutions with k — o turbulence model: Total
pressure losses at x/cg = 0.95 and vortex axes for different time steps [24]
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Fig. 12: Pressure distributions with lines ¢, = const. in the sections at x/cg = 0.3, 0.6 and 0.8
of the VFE-1 configuration for different angles of attack o, R = 3.1 « 10° [29]
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Fig. 13: Effect of leading edge bluntness on the pressure distribution of the A = 1.85 (A =
65°) delta wingat M = 0.4, R=6+ 10° o = 13° [15]
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Fig. 14: Results of hot-wire measurementsin the section at x/c=0.9 of an A =1 (A =76°)
deltawing at R = 1.7 « 10° according to [26]
a) Vectors of the mean crossflow velocity
b) Vertical rmsvelocity contours (in % of V)
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Fig. 15: Results of LDV measurements in the crossflow plane at x/c = 0.84 of an A = 1.46

(A = 70°) ddtawing at o = 27° [55]
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Fig. 16: Ve ocity distribution in the tip vortex of a helicopter blade measured by means of 3-
component stereo PIV [64].
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Fig. 17: Pressure distribution on the DLR-F7 configuration at M = 0.8, a = 10°. Result of PSP
measurements. (Numbers in the legend indicate the absolute pressure in Pascal) [79].
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Fig. 18: NASA NTF deltawing configuration A = 1.85, A = 65°[15]

Fig. 19: A = 1.85 (A = 65°) deltawing at cryogenic tests in the National Transonic Facility
(NTF), NASA Langley Research Center ( by courtesy of J.M. Luckring)
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