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ABSTRACT

The Rocket Propul sion and Conbustion Laboratory at the
Naval Postgraduate School was evaluated to determine if the
currently installed systens could support the operation of
a subscale hypersonic test stand. Trait analysis of
existing lab support sub-systenms was performed and an
envel ope of operation, defined by flight altitude and
flight Mach nunber was determ ned. Cal cul ations reveal ed
that if the air supply volunme was doubled to 160 ft3 a
hypersonic bl owdown facility could generate conditions to
perform testing in the dynamc pressure w ndow of 500 to
2000 psf, from Mach 5 to 7.5 with a maxi num system nass
flow rate variation from 3 to 45 |bnis. Additionally, a
dynam c design process was outlined to assist other
designers in producing simlar test stands. Finally, a
software anal ysis package was devel oped to anal yze proposed
changes in the support system architecture.
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. 1 NTRODUCTI ON

A MOTI VATI ON

In August of 2002, an Australian l|ed design team
tested a |owcost hypersonic engine. The air-breathing
scranj et (supersonic conbusti on ramet) engi ne was
accel erated to supersonic speeds by neans of a solid rocket
not or powered m ssile. The air-breathing engine was then
started and positive thrust was achieved. This nodest
success has noti vat ed desi gners to rei nvestigate
applications for scranjet engines. One area of interest to
the space industry is conbined cycle rocket engines, that
prom se to reduce |launch costs from $10,000 per |Ib to $1000
per |b. To support the verification of new designs,
hypersonic test facilities are necessary. A forward
t hi nki ng nmethod of developing an optim zed hypersonic test
facility was formul ated. Specifically, the Rocket
Propul sion and Conbustion Laboratory (RPCL) at the Naval
Post graduate School was evaluated to deternmine if the site
and support sub-systenms were suitable to support a
hyper soni ¢ test stand.

Scramnmjet propulsion provides an air breathing nethod
of achieving speeds above Mach 5, and provides the prom se
of reducing the cost to access space. Traditional vertical
| aunch nethods are costly, estinmated at $10,000 per pound
of payload because the fuel and oxidizer nust be carried
onboard the vehicle, and accelerated, with the payload to
escape velocities. Addi tionally, Dbipropellant rockets
provide limted specific inpulse (Isp). A conbi ned cycle
launch vehicle may contain a hypersonic engine as an
i nternedi ate stage on a conventional chem cal rocket. Such

1



a conbi ned cycle configuration would use the chem cal fue
and oxidi zer stored on board the vehicle for initial |aunch
and acceleration to speeds where sustained supersonic
conbustion can be achieved at, approximately Mach 4 to 5.
At this tinme, the air breathing engine would be used to
augnent the thrust of the min rocket engines. Thi s
concept provides a higher Isp and a |lower cost to access
space due to the fact that the conbined cycle rocket
carries less fuel and considerably |ess oxidizer and thus
its mass is significantly less than a conventional |aunch
vehi cl e. This drastic reduction of the launch vehicle's
mass yields an order of nagnitude increase in payload nass,
whi ch reduces the cost to launch payloads into space down
to roughly $1,000 per pound (Ref. 1).

Hence, the desire to test small scale hypersonic
engines for sustained periods of tinme provides the
notivation for wuniversities to establish |owcost test
facilities to study the processes involved in optimzing
the performance of these engines. This thesis provides a
road map to the process of designing and optim zing a bl ow
down facility for the testing of subscale conbustors. Air
heating nethods are introduced but, vitiated heating is
analyzed for this design, due to its sinplicity and |ow

cost.

B. BACKGROUND

There is a wde variety of nmethods available to
achieve the supersonic flows required to supply scranets,
and as Lu and Marren (Ref. 2) state, that the goal of any
ground based test facility is “Duplication” in which all
aspects of the flight environment are matched. Lu and

Marren note that this is rarely achievable and further
2



state that wuseful test results can be derived from a
facility that “Replicates” the flight environment. In this
realm flight tenperature, pressure, velocity and chem ca
conposition conditions are net. Finally, “Simulation” is
presented as the last area of operation where sone

i nportant paraneters of the flight environnent are equat ed.

1. Air Heating Mthods

The cost of the test facility is directly dependent on
the accuracy to which the flight environnment is duplicated.
For exanple, chemcally accurate air conpositions are nost
readily obtained by heating the air wth a pebble-bed
heater, but these units are costly and the university test
facility designer is forced to utilize other neans. It is
inmportant to note that achieving the high enthal py required
to match the flight environment is perhaps the nost
chal l enging aspect of designing a hypersonic test stand.
The design of the heater affects the naxi num enthal py of
the airflow, as well as the chem cal conposition of the air

and the maxi num nass fl ow rate sustai nable by the system

Since so nmany test paraneters rely on the design of
this conponent, it is wse to investigate sone of the

avai |l abl e options further.

a. Pebbl e Bed Heating

As stated earlier, one option is the pebble-bed
heater, which consists of a several l|ayers of ceramc
spheres that are heated wusing a conbustion cycle or
electrical heating units. When a target tenperature is
reached, the conbustor is turned off and high pressure air

flowis directed through the matrix of pebbles, where it is

3



heat ed. In this manner, no chemcal inpurities are
introduced to the air and the chemcal conposition is
accurate to what would be seen during in-flight conditions.
However, as stated before, these units are prohibitively

costly for nost universities.

b. Vitiated Heating

Conmbustion heating of the supply air is another
option that is available to produce the high enthalpies
needed to support testing. In this method, a high pressure
burner section |ocated before the facility nozzle is used
to start, support and nmaintain conbustion during the
duration of the test run. The chem cal conposition of the
air supplied to the facility nozzle will depend on the type
of fuel used to heat the air. Wen hydrogen is used as the
fuel, with oxygen and N, as the oxidizer, water and very
m nute amounts of NG, OH G, N, H, O and Hwll be the
by-products of the conbustion. The concentration of each
of these species depends on the conditions in which the
conbustion occurs. The result is essentially air with by-
products and surplus water which absorbs a significant
anount of heat. Vitiated heating as this nethod is called
also requires running the fuel and oxidizer flowrates at
stoichionetric correct ratios to ensure that the O content
in the final mxture is correct. Dependi ng on the size of
the facility and therefore the flowrates involved, this
met hod provides acceptable facility run tinmes, and the nost
econom cal solution to the university facility designer



c. Arc and Shock Heating

Two other air-heating nmethods are not suitable
for this analysis because they support only very short test
durations which is unsuitable for testing the operation of
t he conbustor sections of hypersonic vehicles.

Arc heating of the airflow is one of these
methods and while it is capable of achieving very high
enthal pies, Lu and Marren state that chemcal inpurities
will nost likely be present in the air and only small flow
rates are sustainable. Finally, shock facilities are
capabl e of producing “clean” air but the test tinme length
is not sufficient for testing conbustor sections al one.

In this thesis, the use of vitiated heating was
chosen as the nethod wused for generating the high
ent hal pi es needed to support this test facility. Vitiated
heating requires a lower initial investnent than pebble-bed
heating and if designed and operated correctly, it can
produce high quality air over a range of enthal pies and at

a flowrates that are useful for testing scranjets.

2. The Eval uation Process

The first step in designing the test facility is
determ ning the paraneters that need to be matched and the
ranges of interest for those variables. In the case of
hypersonic propulsion, the paraneters of interest are
outlined in reference 2. For a blowdown facility, the
conponent of interest is the supersonic conbustor of a
scranj et engine, and the conbustor inlet conditions are the
paraneters that need to be matched. However, dependi ng on
the specific scramet design and vehicle flight profile,
the conbustor inlet conditions vary greatly Dbetween

5



desi gns. In an effort to ensure maxinmum utility of the
final design, the collection of performance data, by Heiser
and Pratt (Ref. 3) was consulted. Specifically, the data
for conbustor static pressure, static tenperature and Mach

nunber were used.

a. Conbustor Pressure Limts
Hei ser and Pratt identify the followng limts.
Conmbustor static pressures are typically in the range of

0.5 to 10 atnospheres. The upper limt is “...a value that
Wil | lead to “reasonable” or “accept abl e” wei ght ,
conplexity and cost.” While the lower |imt is to mnimze
the “... length of the conbustor required to conplete the

reacti on and consume the avail able fuel ...

b. Conbustor Tenperature Limts

The conbustor tenperature limts are based on
maxi m zing the thernodynam c cycle efficiency. For flight
at the sane altitude and Mach nunber, a |ower conbustor
inlet tenperature nmeans additional heat nust be added in
the conbustor to support the sanme thrust. This means
greater fuel consunption by the engine and |ower
efficiency. Therefore higher conbustor inlet tenperatures

are desirable, but as Heiser and Pratt note, if the
conmbust or i nlet static tenperature IS t oo hi gh
di ssociation will occur, which results in a loss of energy

due to the dissociation process and subsequently |ower
effici encies. Because of this limtation, Heiser and Pratt
state t hat t he maxi mum conbust or entrance static

tenperature is al nost always found to be in the

relatively narrow range of 2600-3000 °R.. To bound the
6



value for tenperature requirenent, their “.representative

estimate of 2800 °R..” was used.

c. Combustor Mach Nunber Limts

Finally, appropriate values for the conbustor
inlet Mach nunber were needed and determned again from
reference (3). A close look at the relationship between
Mach nunber and static tenperatures shows that for air at
tenperatures ranging from anmbient to 3000°R the average
value for ?, the ratio of specific heats, is 1. 36. The
maxi mum ratio  of conbust or to free stream static
tenperatures is normally found to be about 7. Usi ng these
values, the mnimm flight Mach nunber that ensures
supersonic conbustor inlet flow was calculated to be

approxi mately Mach 7.

C. OBJECTI VES

This collection of data, summarized in Table (1),
forms the boundaries within which a test facility should
operate in order to supply flow wuseful for testing
hyper soni ¢ conbust ors.

Tabl e 1. Conmbust or I nlet Boundary Conditions
Lower limt Upper limt Units
Pressure 0.5 10 At m
Tenper at ur e None 2800 °R
Mach nunber 7 >7 N A




Based on this information, the volume of the air tanks
and the size of the supply lines and I|imtations of
installed regulators at the RPCL were anal yzed to determ ne
if they could support the operation of a test facility with
these outlet conditions for a period of tinme that would
allow the collection of neaningful data to evaluate sub-
scale tests of hypersonic conbustor designs. Additionally,
this information forned the basis for a program that was
developed to allow for analyzing the effects of changing
many different paraneters.



1. DESI GN AND ANALYSI S

A. PHYSI CAL LI M TATI ONS

The first calculation in the process was to define the
flight envelope; this condition l[imts the stress on the
vehicle franme at higher dynamc pressures and ensures
sufficient oxygen concentration at |ower dynam c pressures.
The values were calculated using equations (1) through (4)

and the United States Standard Atnosphere Tables 1976 (Ref.
4) .

M=— 1
/ 0
a=.gg.RT (2)
P=rRT (3)
rv?
dynamic = E (4)
denam'c = % PstaticM ? (5)

where: Psiatic 1S a function of altitude

The fornmula for dynam c pressure is equation (4) but

the density is altitude dependent and the velocity is

tenperature dependent. To account for these variations,
equation (3) was solved for density and equation (1) and
(2) were solved for velocity. Resulting in equation (5),

the dynam c pressure was then calculated as a function of
the independent variables which were the Mach nunber
defined in equation (1) and Pstatic. The next aspect of the

solution was to determ ne the conmbustor stagnation pressure
9



and tenperature conditions that fall inside this flight
profile. To do this the stagnation conditions were
cal cul ated using the free-stream conditions using equations
(6) and (7). Then those results were translated using
equation (8) and the fact that the adiabatic conpression

process does not change stagnation tenperature conditions.

P=P Z?H—(g_l)Mz?_l (6)
e 2

static
(4]

T=T

static

g:eu(g'l)lvlz? (7)
< 2

The free stream stagnation tenperature was cal cul ated
from the static tenperature which was a function of
altitude, obtained fromthe atnospheric nodel, and the free
stream Mach nunber which was known. Since the conpression
process using oblique shocks was analyzed as an adiabatic
process, the free stream stagnation tenperature and the
conmbustor inlet stagnation tenperature had to be equal.
Also one of the premses of the problem was that the
maxi mum conbustor inlet static tenperature was limted to
2800 °R, (Ref. 3) as stated previously, this conservative
val ue was then substituted into the stagnation tenperature
relationship and used to find the conbustor inlet Mach

nunber .

The fact that the oblique shock conpression process
is adiabatic neans that the free stream and conbustor inlet
stagnation pressures are not equal. Therefore, equation
(8) is used to relate the static conditions in the free

10



stream and the conbustor inlet through the use of the

conpression efficiency, ?:. and the maximum static
tenperature ratio, 2. To perform this calculation, the
free stream static pressure was determ ned next. It is a

function of altitude and obtained via the atnospheric
nodel . The free stream Mach nunber was the independent
variabl e and therefore a known val ue. Next, the conbustor

static pressure was eval uated using equation (8).

F= <] (o (RN
=P y

P — %
freestream gy (1_ nc)_'_nC 5 (8)

combustor

Then combust or i nlet stagnati on pressure was
calculated wusing the conbustor inlet Mach nunber and
equation (6) t he stagnation pressure i sentropic
rel ati onship.

B. EVALUATI ON OF RPCL’ S SCRAMIET FACI LI TY

Wth the physical limtations of the processes
defined, the next step was to evaluate the proposed site
This process of designing the conponents to supply the high
tenperature, high pressure and subsequently the high Mach
nunber air to a test conbustor can be acconplished in two

di fferent ways.

In the first nmethod, the air supply requirenents of a
prototypical scranjet are supplied to a test facility.
Normally this is in the form of stagnation pressure,
stagnation tenperature, Mach nunber and nmass flowrate

requi renents. Using this information an engineer can

11



design the heating section and convergent-divergent nozzle
to develop these flow conditions. The result would be a
test stand that is specifically designed to support such a
prototype conmbustor. It is however unlikely that this test
stand would fully utilize the capabilities of the facility
support systens (i.e. specifically, the air supply system
Addi tionally, it would probably require significant
redesign to accommopdate future prototype conbustors that
were submtted to the test facility for evaluation, even if
only one of the test paraneters that fornulated the initial
desi gn were changed.

A nore dynam c approach allows the designer to define
t he operational envel ope of a proposed test stand based on
current |aboratory support system capabilities. In this
way, a proposed solution can be designed to utilize the
full capacity of any existing facility support systens. | f
the design process is translated into software, then the
designer gains the ability to quickly investigate the
effects of changing certain paraneters on the performance
of the proposed test stand. Allowing this evaluation of
performance w thout having to purchase additional hardware
is a very attractive feature to designers working wth
smal | budgets. In the end, a suitable and versatile
solution to testing sub-scale hypersonic conbustors can be
achieved. Using this second nethod, the RPCL, at the Naval
Post graduate School was evaluated to determne its ability

to support the operation of a hypersonic test stand.

1. Existing Subsystens
Several of the required support sub-systenms were
already in place and operational. These included, the air

12



supply system and hydrogen and oxygen supply systens. The
air sub-system is supplied by two air conpressors. Bot h
are manufactured by Bauer, the conpressor with the highest
capacity is rated at 50 cfm and the other delivers
approximately 30 cfm This high pressure air is directed
to four 20 ft3 high pressure storage tanks which can store
air at a maximum pressure of 3000 psi. Air from these
storage tanks is piped to several test bays using 1%
stainless steel tubing. A pressure regulating valve
upstream of the test bay connections regulates actual air
supply pressure up to 1000 psi. Conpressed hydrogen and
oxygen cylinders are also installed at the facility and
directed to several test bays wusing ¥ stainless steel
t ubi ng.

a. Air Subsystem

The choked air flow rate for the current air
supply piping size was calculated to generate an upper
limt for the maximum nmass flow rate that can be supplied

to a test article.

It is inportant to note that the air tank static
tenperature changes over the course of a test run. This is
due to the fact that the air is being supplied through an
i sentropi ¢ expansion process from the air supply tanks.
This aspect of the process was included to account for the
large variation in supply tenperature that occurs during

t ank bl ow down.

Starting with the isentropic expansion equation

to determ ne nmass flow rate/area:

13
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L+
=

gg. R (9)

? R T

Q-
o
=

m _O
A 26

The variables above were specified and supplied
to the equation and a choked area for the desired nmass flow
rate was found. The process was repeated for all of the

gas supply systens using the appropriate system paraneters.

Equation (9) was evaluated for the values of
conmbustor stagnation pressure that fell within the flight
profile. Stagnation pressures ranged from 337.5 to 2563
psi and the stagnation tenperature was set to 70 °F. This
ensured that a test stand designed to accommodate this
maxi mum mass flow rate would not encounter choked flow in
the air supply system The air piping dianeter is 1 ¥
downstream of the regqgul ator. A high stagnation pressure
estimate of 2563 psi with a stagnation tenperature of 70°F
(530°R) was used to calculate the maxi mum air system nass
flow rate. As stated before, the tenperature estimate is
conservative because no cooling was assuned in the choked
flow calcul ation. Using these paraneters, it was
determned that the maxinmum airflow rate was about 50
| bm sec.

The choked system flow rates were then calculated for
each of the conbustor stagnation pressure and tenperature
values that were found to fall within the flight w ndow.
The results for the total air system flow rates varied as

shown in figure (1).
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Mass Flow Rate vs Stagnation Pressure
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50
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Figure 1. Mass Fl ow Rate as a Funct i'on of Tenperature for 2560
psi

b. Vitiated Heating Subsystem
The next cal culation that was perfornmed was based
on determning the required nass flow rate to generate the
conmbustor inlet stagnation tenperature at the conbustor
inlet stagnation pressure. This was done using a |ook-up
table based on conbustion data calculated wth Therno-
Chem cal Equilibrium Program{TEP). The conbustion data was
generated using hydrogen as the fuel and varying anmounts of
air and oxygen as the oxidizer, and was performed at 17,
34, 51, 68, 85, 102, 120 atm The air mass concentration
was held constant and the fuel/air ratio was varied to
produce a mxture with 21% oxygen after conbustion. The
final oxygen content was adjusted so that all wvariations

were contai ned within 0. 33%
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Variation in O, Content in Vitiated Air
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Air Weight percent of Oxidizer
Fi gure 2. Vari ation of Oxygen Content in Vitiated Air
[ P.=1000 psi]

The air mass concentration and fuel/air ratio were
recor ded. The mxture’s nolecular weight, density, and
ratio of specific heats were also tabulated and entered
into the |[|ook-up table. Then wusing the relationship

between mass flow rate of air and the air mass
concentration, the mass flow rate of the oxidizer and
oxygen were found. Simlarly, using the mass flow rate of
oxi di zer and fuel/air ratio, the nmass flow rate of hydrogen
was found. These relationships are described in equations
(10) through (14).

Mot = Myiizer T My (10)

ri-l)xidizer = rhajr + rn)xygen (11)

16



y, =Weight%,, (Myew)  (12)

rnOX|d|zer We'ght%a” ( 3)

mfud = rnwydrogen = F / A(rnoxygen) (14)

These val ues were cal cul ated so that the hydrogen and
oxygen flowrate limts were not exceeded.

2. Testing Tine

Wth the air system flow rate nmaximzed, it was
necessary to determne the run tinme that the air flow rate
could be supplied for. Therefore using an air system nass
flow rate, 3000 psi initial supply air pressure and a
starting supply tenperature of 70 °F as the initial
conditions in the air supply tank, the corresponding system
run time was cal cul at ed. This was done using the perfect
gas relationship, and the definition of mass flow rate.
The mass flow rate equation was sinplified for steady flow
conditions, which is an assunption of the calculation.
Additionally, the continuity equation and the isentropic

expansi on process were used.

- (19
= (10

m= Myitia ; Mgy (17)
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m=r AV (18)

1g
Tflnal ap ital 09
- Inital _ 19
Tmmal gpfinal a ( )
t= r initialv_. r finalV (20)

m

Finally the equations were solved for systemrun tine.
This result was then evaluated to determne if it was
sufficient for conducting neaningful testing based on the
criteria outlined by Pope and Goin (Ref. 5). Specifically,
they assert that many factors should be considered when
determ ning acceptable system run tines. They concl ude
that the facility designer needs to address pressure
stabilization inside the test stand, instrunment response
times for the test equipnent and the type of test to be
run. While the instrunent response characteristics have
undoubtedly inproved since 1965, the rate at which pressure
stabilizes and system test profiles are still salient
points of consideration. Thus this thesis used their

initial estimte for acceptable systemruntinme of 30 s.

If the systemrun tinme result is less than 30 s, then
the run tine was set to 30 s and the air system nass flow

rate is cal cul ated, and used for further cal cul ati ons.

3. Facility Nozzle Throat Area

The sum of the oxygen, air and hydrogen mass flow
rates were then used to calculate the facility nozzle
choked area, using the choked flow equation (9) presented
earlier. Since the process in the facility nozzle is

18



isentropic, the vitiator stagnation pressure and stagnation
tenperature values were used in this calculation as well

refer to equations (6) and (7) (From Ref. 6).

The facility nozzle supersonic area ratio was

cal cul ated as foll ows:

A_1
A M

Equation (21) was evaluated to determne the area
ratio required to generate the highest conbustor Mach
nunber . Specifically, the solution was found using
Newton’s Method (From Ref. 7). Using a starting guess, of
Mach 5, equation (21) and (22) were eval uated.

® 2 (g-1) 6000
dgl‘?1+ EE
A 6 gMé @+) - -
“tag & 5 ° ;
M dM (22)

Then the Mach nunber, equation (21) (the function),
and equation (22) (the derivative), were substituted into

equation (23).




Wen the Mi=0, the solution was the M wused in
eval uati ng equation (21) and (22), otherwi se M=M.1, the new
Mach nunber estinate and the process repeated until a
solution was found. Convergence occurred in 2 iterations
for al nost every case due to the well chosen starting point

and the properties of the function itself.

The values for facility nozzle throat area at the
vari ous stagnation tenperatures and the 2560 psi stagnation
pressure (the nost limting condition) were plotted as
shown in figure (3). The facility nozzle design was then
based on these val ues.

016
//
f 015 //' ]
<on —
E /
013 "
s [
._"e.: 01z
011
01
2500 3100 3300 3500 3700 3800 4100 4300 4500
Facility Nozzle Stagnation Temperature [R]
Fi gure 3. Facility Nozzle Throat Area for 2560 psi

C. TEST STAND DESCRI PTI ON
Figure (4) is a schematic of the nmjor conponents
required in the construction of a blowdown test facility.
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The supply tanks, wvitiator, and facility nozzle were

analyzed in the previous section. Al t hough various heat
transfer processes are listed in figure (4), not all of
t hese were nodel ed. Further refinenent of the presented

anal ysis should consider the nodeling of these additiona

processes.

Nonet hel ess, all variable targeted conditions depicted
at the bottom of figure (4) were conputed in the presented
analysis. The typical values are listed in table (2).

Tabl e 2. Mat ched Conditi ons
Property Val ue/ Range Units
St agnati on 337. 5- 2560 psi
Pressure
St agnat i on 2960- 4400 °R
Tenperature
Mass Fl ow Rate 3-45 | bn' s
Run tine 1- 30 S
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Figure 4. Process Overview (not all processes were nodel ed)

The thernodynam c processes that occur are further
defined in the enthal py versus entropy plot shown in figure
(5). Although the open cycle is not drawn to scale it does
show the inportant processes and the |egend shows the

correlation between flight and test stand states.

22



Thermodynamic

P orriuctor Processes
a-b = HPAC compression (not modeled)
b-c = Expansion losses due to friction in
) the subsystem piping and other
= Stagnaton. Pamospher= | components
- an:; P;s‘aaurshin
@ the supply . . apr
5 tanks ¢-d = Combustion in vitiator
c
w d-e = Expansion in the Facility nozzle and
losses due friction and other losses
Ambient Air
Entropy
Fi gure 5. Schemati c Representation of the Thernodynam c
Processes of the Test Stand (not to scal e)
D. SCALI NG
Anot her aspect of the design is scaling. The test
article will be sone fraction of the size of the flight

conmbustor and therefore the flow nust be appropriately
adjusted to account for the smaller physical size. The
test article needs to be both geonetrically and dynam cally
simlar to the flight article. Once the geonetric

simlarity requirenent is met, dinmensional analysis is

performed to identify paraneters that will ensure dynamc
simlarity. In Ref. (8) Penner identifies the three
factors that will ensure dynamc simlarity. They are the

Reynol ds nunber, Dankoéhler’s first nunber and the Mach

nunber.
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w—combustor 0
D, = m (25)

ru?
M= [— 26
‘/gp (26)
r L = constant (27)

r test L[eﬂ =r flight I‘flight (28)
wher e: i f Liest = Y2 Lt1ignt

then ?iest = 2 ?%1ignt

The dynamc simlarity is then established by neeting
the requirenments of equation (27), which can be expanded to
the version shown in equation (28). Specifically, in the
case where the test article is half the length of the
flight conbustor, the test flow density nust be tw ce the
flight density (From Ref. 9). Applying this relationship
to equations (24) through (26), it is easily shown that the
Reynol ds nunmber of the flow in the test article is matched
when binary scaling 1is applied, also since density
increases with pressure at a near linear rate, Mach nunber
simlarity is achieved. However the effect of binary
scal ing on Dankohler’s first nunber is not so readily seen.

Dankéhl er’s first nunber, shown in equation (25), is a
rel ati onship between the conbustor Ilength, flow velocity
and chem cal conversion tine. The nunerator represents the
residence time, and it is sinply the tinme that air is

available for interactions in the conbustor. The cheni ca
24



conversion time however is process dependent, and is a
function of the conmbustion, dissociation, and reconbination
reactions taking place. It is inportant to note that the
conmbustion and dissociation chem cal conversion tinmes are
the inportant factors in the chem cal conversion tine,
because for specific mxture states they are al nost always
| ess than the residence time of the flow in the conbustor.
O less inportance is the tinme required for reconbination

since it is significantly greater than the residence tine
given a flight wvehicle |Iength. It then follows, that
Dankoéhl er’s first nunber describes the physical state of
t he conbustion reaction.

The chem cal conversion tine is inversely proportional
to a conmbination of the previously stated reaction rates,
and the chemcal reaction rate is directly proportional to
the pressure at which the reaction is taking place. Since,
binary scaling 1is achieved by increasing the static
pressure and therefore the density, the chem cal reaction

rates also increase and the chem cal conversion tine
decreases. Referring again to equation (25), if the length
of the conbustor is halved, then the chem cal conversion
time nust be halved as well. This neans that the reaction
rates nust be doubled and therefore the pressure nust also
be doubl ed, which was the case to increase the density to
neet the requirenents of matching the Reynolds nunber and
t he Mach nunber .

In summary, a test article geonetrically simlar to

the flight nodel will be dynamically simlar if the flow
Reynol ds nunber, Dankéhler’s first nunber, and the flight
Mach nunber are matched. This dynamic simlarity is

achieved by using the binary scaling relationship shown in
25



equation (27). The binary scaling factor wll vary
depending on the scale of the test article, and the test
stand flow can be adjusted by increasing the static
pressure at the facility nozzle outlet, which increases the

density.
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I'11. SOFTWARE DESI GN

A SOFTWARE DESI GN OVERVI EW

The purpose of the software is to allow the facility
designer to have a resource that will perform nuch of the
conpari sons t hat are required to determ ne t he
i nt erdependence of paraneters. The software was devel oped
using MATLAB student edition version 6.0 and SIMJLINK
version 4. SIMILINK was used to nodel nost of the
processes which allows the user to nore readily see the
flow of the solution. The MATLAB code sinply links the
SI MULINK nodels. Figure (6) shows the programfl ow pat h.

‘atmosphericmodel’
model

‘stagnationpressure’

model
¥
‘stagnationtemperature’
model
‘Chokedflowrate’ Note: If the ‘Makesystemruntime’
model maodel is called it fixes the test time
to 30 s and determines mass flow
‘Combustionflow’ rate.
model
I
¥
‘systemruntime’
model
h 4
‘ﬂndmyexitm:clhnumber’ No ‘Makesystemruntime’
mode model
Yes
m
¥ L
AIA* A*
Fi gure 6. Program Fl ow Pat h

27



The flight conditions in the form of dynam c pressure
and conbustor stagnation conditions are <calculated to

establish the boundary conditions that the vitiator and

facility nozzl e wer e desi gned to usi ng t he
‘at nosphericsol ver’, ‘stagnationpressure’, °‘stagnationtenp’
and ‘ Conbustionflow nodels. Then the limtations of the

install ed support subsystens at RPCL are weighed into the
design considerations in the form of sustainable mass flow
rates and the test tinme wusing the ‘systenruntinme’ and
‘makesystenruntine’ nodels. Subsequently, the conbustor
stagnation conditions, conbustor Mach nunber and mass fl ow
rates are used to determne the facility nozzle choked area
and supersonic area ratio of the facility nozzle in the
mai n program and ‘fi ndmyexi t machnunber’ nodel.

B. SOFTWARE LI M TATI ONS

As with any nodel, limtations will be present. In
this software, there are two categories where inaccuracies
will arise. The two areas are physical nodeling errors,

and programmng limtations.

1. Modeling Limts

Wien nodeling a system the designer has to bal ance
the level of fidelity (necessary to provide neaningful
results) and the level of effort or tinme to achieve them
Despite the effort to ensure a high fidelity nodel, the use
of one- di nensi onal isentropic flow 1is not entirely
accur at e. Al t hough, Conputational Fluid Dynamcs would
provide a nore realistic description there are a few
reasons why this path was not considered. First, the

anount of conputational tinme required would increase by at
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| east 3 orders of magnitude. This alone would have |inmted
the nunber of conditions presently considered. Secondl vy,
CFD requires a detailed geonetric description of the
proposed facility. This level of detail requires a priori
knowl edge that can only be provided by the nodels under
consideration in this thesis. Therefore, once the final
design is reached with the present nodels, one can use CFD
to refine the design. Hence, macroscopic perfornance
results were determned to be the best way to nodel this
system

Another |imtation present in this software was that
the mass capacity of the hydrogen and oxygen supply systens
was not consi dered. It is therefore possible that the
software would report a feasible solution, when actually
the condition is beyond the available total nmass of oxygen
or hydrogen. Accounting for this aspect of the design was
not included in the software because of the objective to
keep the software sinple in its design. Additionally, for
small facilities, the addition of extra O or H cylinders
is a trivial matter which is overcone sinply by connecting
addi tional cylinders. To estinate the mass of oxygen
required, the user only needs to nultiply the applicable

flowrate and the final test tine.

Additionally, the data used to describe the real gas

effects on different air and gas mxture properties was

organi zed into look up tables. The tables wuse Iinear
i nt erpol ati on for i n- bet ween val ues and i near
extrapolation for values outside of the table Ilimts.
Wile the data is alnost entirely linear for tenperature

and pressure values inside the table, dissociation effects

are seen near the upper tenperature and | ower pressure data
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point of the table. These values are 4400 °R and 337.5 psi
respectively. Thus extrapol ation of data values beyond

t hese conditi ons should be viewed wi th cauti on.

2. Programm ng Limtations

Programm ng inconsistencies can introduce sonme errors
as well and one nethod utilized frequently in this software
is the use of the ‘hit/crossing’ function in sone of the
SI MULINK nodels (From Ref. 10). This function is used to
identify the point where the ranped input, such as the
altitude nodel depicted in figure (8), provides a solution
to the problem however, if the step size of the input
variable is not sufficiently small, then the solution my

actually not be the correct val ue.

Regardless of the errors involved due to these
limtations, the results of this type of analysis are
sufficient to nmake prelimnary design decisions, and
highlight areas where a nore detailed analysis nmay be

required.

C. MODEL S

1. Atnospheric Mde

When the program executes, the first figure displayed
on the screen is calculated using the *atnosphericsolver’
nodel . This nodel generates an Altitude versus Mach nunber
graph based on the limtations outlined in Ref. (2). Look-
up tables are used to provide the state conditions of the
at nosphere and the data used in the tenperature and density
ook up tables was obtained wusing the United States
Standard At nosphere 1976 tables (From Ref. 4). The val ues
in the |look-up tables were conpared with the 1962 United
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States Standard Atnosphere tables included in Ref. (11) to
ensure accuracy. The | ook-up tables contain data for a
height of 60 km or nearly 200,000 feet. But as seen in
the dynam c pressure formulation, the flight w ndow defined
by Ref. (3) peaks out at about 130,000 ft. Therefore, to
reduce the program run tinme, 130,000 ft was chosen as the
maxi mum altitude used for <calculations. The node

subtracts a reference dynamc pressure (From Ref. 3), from
the calculated dynamc pressure and keeps track of that
di fference. Wen that difference equals zero (actually
crosses zero) the nodel stops and the altitude is reported,
the program then continues execution for the next Mach
nunber . The reference dynamc pressure values (500 and
2000 psf) are sequentially passed to t he
“at nosphericsol ver’ SIMJLINK nodel depicted in figure (8).
This nodel is located inside of a loop that increnents the
free stream Mach nunber to the user defined maxi num val ue.
For each Mach nunber value, the nobdel ranps the altitude
input fromO to the maxinmum altitude (also a user defined
val ue.) Subsequently, the Iline of constant dynamc
pressure is plotted on an Altitude vs Mach nunber plot as
shown in figure (7). The loop continues for each reference

value of constant dynamic pressure that was defined.

Figure (7) shows the plot of I|ines of constant dynanic
pressure. The upper line represents 500 psf and the | ower
2000 psf.
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Figure 7. Dynamic Pressure Limted Flight Profile
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2. Conbustor Stagnation Pressure

The flight conbustor stagnation pressure is determ ned
as depicted in figure (9). Two nested |oops allow the
reference values of stagnation pressure to be varied
bet ween the user defined values, the upper limt being set
by the maxi mum pressure in the supply air tanks at the test
facility. The inner loop is the flight Mach nunber and is
vari ed as descri bed I n section (a) for t he
“at nosphericsol ver’ nodel . The *‘stagnationpressure’ nodel
shown in figure (9) uses these values to determne the
cal cul at ed conmbustor stagnation pressure.

As before, the flight altitude variable is a ranped
i nput and the nodel uses the sane atnospheric nodel. The
static pressure |ook-up table is used to find the static
pressure at the given flight altitude. Using equations (6)
and (8), the conbustor entrance Mach nunber and the
conmbustor entry static pressure are detern ned. The
conmbustor stagnation pressure is then determned and the
reference stagnation pressure (convenient values specified
by the operation of the outer |oop, and chosen within those
bounds) is subtracted fromit. \Wen the difference equals
zero, the nodel stops and control is shifted back to the m
file. Additionally, the altitude, atnospheric density,
at nospheric tenperature and conmbustor Mach nunber are al so
passed to the MATLAB mfile. Next, the ‘atnosphericsolver’
nmodel is used again to determine if the altitude found by
the ‘stagnationpressure’ nodel falls wthin the flight
profile w ndow. If it does, a point is plotted and the
stagnation pressure i s recorded.
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eval uat ed

m ni mum run

The stagnation pressure is recorded so that

nunber

val ues of conbustor
iteration
the supersonic area

process is repeated until

is recorded

it
i f

t he conbustor

later in the program to see it nmeets

time requirenent. Al so,
if its value is larger
Mach number. This
used in the program for

limt, | at er

ratio of the facility nozzle.

al |

pressure limts have been evaluated for each Mach nunber
specified by the inner |oop. These results are shown
figure (11). For clarity, an unreduced set of data spaced
at 250 intervals is plotted in figure (10).
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x 10* Altitude vs Mach number
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Figure 11. Li nes of Constant Stagnation Pressure within the

Fl i ght Envel ope

3. Stagnation Tenperature

The next step is to determine the conbustion
stagnation tenperatures that fall within the flight profile
dynamic pressure limts. This is performed by the
‘stagnationtenp’ nodel shown in figure (12) and the results

are shown below in figure (14).
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The *‘stagnationtenp’ nodel differs fromthe two nodels
al ready considered because in this case the flight Mach
nunber is the ranped input variable. This is due to the
fact that the atnospheric tenperature profile as a function
of height has mnultiple altitude solutions for a given

tenperature value, as shown in figure (13).

14 X 104 Altitude vs Mach number

12

Altitude [ft]
N o
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Fi gure 13. Li nes of Constant Stagnation Tenperature

This nodel has inner and outer iteration |oops. The
outer loop varies the stagnation tenperature between the
upper and lower |imts defined at the beginning of the
program Also, the flight altitude is increnented from
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zero to the altitude Ilimt. The nodel perfornms a
conpari son between the calculated and reference val ues and
termnates the iteration when a zero crossing is detected.
The flight Mach nunber, conbustion Mach nunber, atnospheric
density, and atnospheric tenperature are then output to the
mai n MATLAB program The al titude from t he
‘stagnationtenp’ nodel was checked agai nst t he
‘at nosphericsolver’ solution of altitude for the dynamc
pressures wused to define the flight profile. If the
altitude from the ‘stagnationtenp’ nodel is in the
al l omabl e range then a point is plotted on the figure, see
figure (14). The conbustor stagnation tenperature is
recorded and the conbustor Mach nunber is evaluated to
determ ne whether this value becones the new |imt for the
supersonic area ratio calculation that is performed |ater
in the program The process was then repeated for all
stagnation tenperatures and for the respective altitudes up
to the defined limt.
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4 Altitude vs Mach number
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Fi gure 14. Li nes of Constant Stagnation Tenperature in the

Fl i ght Envel ope

Conbining the results for stagnation tenperature and
pressures at the conbustor inlet creates a mtrix of
tenperature and pressure conditions that define the region
which is shown in the figure (15) bel ow
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4. Choked Fl ow Cal cul at or

The pressure values are wused to determne choked
system flow rates for each of the supply gases whose
properties are defined by the user. For each gas system
the ‘ Chokedflowate’ SIMILINK nodel, shown in figure (16),
determ nes the mass flow rates. The gas nmass flow rate is
supplied as the ranped input variable. Using equation (9),
the choked flow equation, and the wuser defined supply
system characteristics, the nodel iterates through mass
flow rates until the zero crossing is detected and then
st ops. The mass flow rate is recorded and passed to the
mai n  MATLAB program The process repeats for each gas
system and the results form the flow rates upper boundary

condi ti ons.
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5. Vitiator Flow Rates

Next, the *‘Conbustionflow nodel represented in figure
(17) is used to determne the mass flow rates required to
generate the stagnation tenperatures found in section (c).
In this nodel, the pressure and tenperature and the | oop
variables are applied to a series of |ook-up tables that
determine the air mass concentration and Fuel/Air ratio
needed to generate the specified tenperature at the
specified pressure. These values along with the air nass
flow rate which is a ranped input are then wused to
cal cul ate the required oxygen and hydrogen nass flow rates,
used to generate the input tenperature. The nodel wll
continue to increase the air mass flow rate until the air,
hydrogen or oxygen mass flow rate reaches 80% of their
respective choked flow values, which were found by the

‘ Chokedf | owr at e’ nodel .

When t he ‘ Combust i onf | ow nodel finishes al |
calculations, the final air, hydrogen and oxygen flow rates
as well as the mxture gas constant (Ryx), mxture density
(?nix) and the ratio of specific heats for the mxture (?nx)
are reported to the main program |If the & or H, mass flow
rates were the limting factor then the corresponding air
flow rate is assigned as the maxinmum air flow rate.
However, if the ‘Conbustionflow nodel «calculations were
not l[imted by the hydrogen and oxygen flow rate
[imtations, then the maxinmum air flow rate becones 80% of
the choked air systemflow rate.
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6. Testing Tine

The maximum air flow rate conputed above is sent to
the ‘systenruntine’ nodel shown in figure (18). Here, the
air supply system paraneters are applied to the maxi num air
flow rate determned by the *Conbustionflow nodel .
Specifically, the air supply tank volune is evaluated to
find the ampbunt of tinme the maximum air flow rate can be
supplied, while mintaining the tank pressure above the
m ni mum val ue as specified in the user variables section of
t he program The target final tank pressure is found by
adding 250 psi to the stagnation pressure |oop variable
(unless this sum exceeds the supply air tank pressure).
The nodel then returns the calculated run time to the main
MATLAB program

At this point, the min program determnes if the

testing tinme is sufficient as discussed earlier in section

. B. 2. If the run time does not neet the specification,
anot her SI MJULI NK nodel, *‘Makesystenruntinme’ shown in figure
(19), is called to lower the air mass flow rate until the

mnimumtesting tine requirenents are net.
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7. Facility Nozzle Throat Area and Area Ratio

The final part of this program calculates the tota
mass flow rate and subsequently determnes the facility
nozzl e paraneters. The program suns the mass flow rates of
the three gases, H, & and Air to determ ne the total nass
flowrate that the facility nozzle will experience.

Since this is a choked condition at the facility
nozzle throat, once again equation (9) is used. In this
nmodel , equation (9) is solved for throat area. The val ue
is stored by the programin the ‘Astar’ matrix. The next
step uses the ‘findnyexitmchnunber’ nodel shown in figure
(20). This nodel uses a reference input for area ratio,
and then applies Newton’s nethod to solve for the exit Mach
nunber . Wen the matching Mach nunber is found the nobde
stops and returns the exit Mach nunber to the main program
The process is then repeated for each of stagnation
pressure and tenperature conditions that were found to be

valid in the atnosphere nodeling process.
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A

determ ne the conbustor
cal cul ati ons,
maxi num conbust or

| V. RESULTS

Al R PRESSURE SOURCE

Sever al

series of calculations were perfornmed to

inlet stagnation pressures. These
(21),

stagnation pressure that

depicted in figure show that the

occurs in the

dynam c pressure flight w ndow ranges roughly from 340 to

2560 psi the region of concern (flight Mach nunbers 1
to 10).

4 x 10* Altitude vs Mach number

1709 psi
P values 759 g 1139 psi 5
12+ 2563 psi
-—
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— 8
E
g .
2 L 2960 R
< 6 " o5 T values
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4k 5 Payn=2000 psf
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0 | | | | | | | | |
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Fi gure 21. Regi on of QOperation in the Flight Wndow
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The graph above shows the black dynam c pressure |ines
formng a flight envelope dotted wth red and blue

asteri sks.

The upper black line represents a dynam c pressure of
500 psf and the |ower one is 2000 psf. The red “lines” are
lines of constant stagnation pressure. The blue lines are
lines of constant stagnation tenperature. The upper red
line is 340 psi and the |owest “broken” red line is about
2560 psi conbustor stagnation pressure. One aspect of the
graph that should not be overlooked is that at a stagnation
pressure (P;) of 2563 psi, the full dynamc pressure
( Pdynanic) W ndow (from 500 to 2000 psf) can be replicated up
to nearly Mach 7.5. Also the nost restrictive condition of
337.5 psi and 4400 °R and the mass flowrate is limted by a
choked oxygen system flow. The corresponding air flow rate
was determined to be about 17.1 Ibm's, which yields a test
time of about 4 s. As discussed earlier, the m ninmm
acceptable run time was set at 30 s. To achieve this
mnimum run tinme value w thout changing the piping systens,
the air tanks would have to be 8 times larger than the
current size if the air mass flow rate was kept at 17.1
| bms. Conversely if +the air supply volume were Kkept
constant, the air flow rate would have to be reduced to 1.9
Ibms to achieve 30 s test tine. Reducing the mass fl ow
rate by installing an orifice in the air supply line is
certainly the cheapest solution in the short run but the
reduction in system mass flow rate would require a smaller
pr ot ot ype conbustor. A smaller conbustor would introduce

ot her problens that could lead to inaccurate test results.

In order to mnimze the cost and avoid sone of the

problenms involved wth very smll scale nodeling, a
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conprom se i s proposed. If the volume of the air tanks is
doubl ed, then the air system mass flow can be doubled to
nearly 4 |bmsec, and because the air nmass flow rate at
this tenperature was only 65% by weight of the oxidizer,

the total mass flow rate was about 6 | bnl sec.

By increasing air storage volume, the RPCL would be
able to perform hypersonic testing throughout the dynamc

pressure flight w ndow.

B. VI TI ATOR DESI GN

The design of a vitiated heater is wthout a doubt the
nmost chal l enging part of this design. In the case of the
RPCL design, the vitiator nust be able to safely contain
2560 psi and heat the air to 4400 °R° A cooled vitiator is

necessary. One design is discussed by Hashinmbto and
Yoshida (Ref. 12). Their nodel was proven to operate at
about 4 |bm sec, 3000 °R and nearly 900 psi. Wil e these
conditions are not sufficient to support the conditions
desired in this proposal, the tenperature distribution
profile was of interest. Specifically with a relatively

smal | design they showed a 5-15% tenperature stability in a
short m xing distance. This was achieved by injecting the
O, and H, through 8 injectors. They also designed the
hydrogen and oxygen flow rates to be injected at different
velocities, which results in shorter lengths to achieve
macr oscopi ¢ m xi ng. This success proves their design
process and wll aid in the design of a vitiator for the
NPS hypersoni c test stand.
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C. FACI LI TY NOZZLE

The facility nozzle design is one feature of the NPS
test stand that wll need to be adjustable, or several
different nozzles wll need to be available to support
testing at different Mach nunbers. This is due to the fact
that the maximum total nmass flow rate (not including test
time restrictions) that RPCL can support was found to vary
from about 3 to 45 | bm sec, as shown in figure (22), over
the entire dynamc flight w ndow.

Mass Flow Rate vs Stagnation Temperature and Stagnation Pressure

Stagnation Pressure

2563 psi

1700 psi

Mass Flow Rate [Ibm/s]

1130 psi

750 psi
101 508 psi
0 T T T T T T T T |
2800 3000 3200 3400 3500 3800 4000 4200 4400 4600
Stagnation Temperature [R]
Fi gure 22. Mass Fl ow Rates versus Stagnation Tenperatures at

vari ous Stagnation Pressures

This resulted in correspondingly large variations in
facility nozzle throat area, A. Finally, the variation of
A at a constant mass flow rate was determned. The | owest
system flow rate was used to normalize each ratio of mass
flow rate to A. Figure (23) shows that for the nost
restrictive condition, which corresponds to the |owest P;

and highest T;, (337.5 psi and 4400 R), the facility nozzle
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throat area varies by less than 0.03 in. This snall
variation will allow for the proposal of a facility nozzle
design that consists of a conmmobn converging section wth
nodul ar diverging extensions to allow for the supersonic
area ratio to be adjusted to neet the exit Mach nunber

requirenents.

Facility Nozzle Throat Area Variation

at a constant mass flow rate at 2560 psi

017

0.16

\

\

013 P—

Facility Nozzle Throat Area [in*2]

[}
[}

011

0.1
2900 3100 3300 3500 3700 3200 4100 4300 4500

Facility Nozzle Stagnation Temperature [R]

Fi gure 23. Facility Nozzle Throat Area Variation
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V.  CONCLUSI ON

In order to support a hypersonic blowdown facility at
NPS RPCL, the air supply tank volune needs to be increased
by at |east 100% of its current capacity, (which is 160 ft?3
at 3000 psi, or over 32,500 ft* of air at STP). This will
allow testing of scramet engines throughout a dynamc
pressure flight envelope of 500 to 2000 psf in the Mach
nunber range of 5 to 7.5. Additionally, the installed
regulator will need to be bypassed to achieve stagnation

pressures greater than 1000 psi.

A nmethod was developed and wused to perform this
eval uati on. This method was inplenmented into a software
suite developed to perform the calculations allowng the
user to access multiple paraneters and investigate the
proposed hardware system changes to the design results.

The prelimnary requirements for the vitiator and
facility nozzle were also found and basic solution concepts
wer e proposed. A vitiated heater design burning H, and G
with evenly spaced multiple gas injection ports wll
generate the uniformtenperature profile that is needed for
this testing. Also since there are only small variations
in the nozzle throat conditions, a nodularized facility
nozzl e desi gn IS f easi bl e, wth di vergi ng section
extensions to allow the target exit Mach nunber to be

adj ust ed.

Wth mnor support system nodifications, the reality

of a hypersonic test facility is within reach
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APPENDI X A. PROGRAM LI STI NG

clear all

oA D/0/80/0 Ay

Tst ati cconbust or =2800; % Static tenperature in nbustor [R]

(Hi ghest val ue chosen here because it will generate the highest Tt)
gc=32. 174; % [ft-1bmlbf-sec”?2]

flight Mrax=10; % H ghest mach nunber to be eval uated

al t max=130000; % The highest altitude used in the
at nospheri c nodel

st agpl ow=100; % The | owest stagnation pressure eval uated
for the hypersonic flight profile described in HAP

st agt | ow=Tst ati cconmbust or; % The | owest stagnati on t emper ature
eval uated for the hypersonic flight profile described in HAP

st agt hi gh=4400; % The highest stagnation tenperature
eval uated, the upper limt of the conmbustion | ook up tables

dynanp=[ 500, 2000] ; % Dynanic pressure limts stated in HAP as
t he Hypersonic Flight w ndow

machcmax=1. 0; % Initialize the maxi num conbustor inlet

mach nunber

%88888888888888888k

% Gas Properties %

%88888888888888880

GasConst =[ 53. 3, 48. 3, 766] ; % These are the properties of the air, Q2
and H2 respectively [ft-1bf/IbmR]

ganma=[ 1. 4,1.4,1.41]; % Ratio of specific heats for air(STP),
oxygen, and hydrogen respectively
ganmacai r =1. 36; % Ratio of specific heats for calorically

perfect air

%BBB0888RBBR008RN

% USER VARI ABLES %
9888888880888
Diams[1.5,0.5,0.5]; % [in]
Pai rt ank=3000; % [ psi ]
Vai rt ank=80; % [ft~3]

IP<>I>IOIOISISIOIOISISIOISOISIOISISISISISISISIOISISISOISIS>ISI>I><I><Y

% Program Starts Here

Up<>ISISISISISIS SIS SIS SIS SIS SIS SIS SIS SIS SIS IS S>>
% %
% Generate the ideal gas nbdel of ALTI TUDE vs MACH NUVBER %
% %

Altitude vs Mach nunber plot for graphing the
o :




figure(l);

title(' Altitude vs Mach nunber');
xl abel (' Mach numnber');

yl abel (" Altitude [ft]"');

hol d on

for i=1:1ength(dynanp);
dynanpr ess=dynanp(i);
j =1; Mach=[];alt=[];
for Me=1:0.5:flight Mhax;
si m(' at nospheri csol ver');
if altout(end)<altmax; % Time lint of solver, if true then a
sol ution was found
Mach(j)=Mal t(j)=altout(end);
j=i+1
end
end
pl ot (Mach, alt, "' k');
end

st agpr ess=st agpl ow; i =1;
whi | e stagpress<=Pai rt ank;
for Me1:0.1:flight Mrax;

si m(' Stagnati onpressure');
dynanpr ess=500;
si m(' at nospheri csol ver');
hi ghl i m t =al t out (end) ;
dynanpr ess=2000;
si m(" at nospheri csol ver');
| ow i mt=altout(end);
if altoutp(end)<highlimté&altoutp(end)>lowimt;

if i==1;
stagp(i)=stagpress;
i =i +1;
end
if i>1l&stagpress>stagp(i-1); % Records the stagnation

pressures that fall within the defined flight w ndow
stagp(i)=stagpress;
i =i +1;
end
plot(Maltoutp(end), 'r*");
i f machc(end)>machcnax;
machcmax=machc(end) ; % For the flight wndow this
speci fies the maxi mum Conbustor Mach nunber
end
end
end
st agpr ess=1. 5*st agpr ess;
end

st agt enp=stagt! ow; i =1;
whi | e st agt enp<=st agt hi gh;
for Alti=0:2500:altnax;
si m(' Stagnati ont enper at urebetter');

if mach(end)<flightMmax; % Solution found if true, limt of
sol ver and valid conbustor Mach nunber
Memach(end) ;
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dynanpr ess=500;

si m(' at nosphericsol ver');

hi ghli m t =al t out (end) ;

dynanpr ess=2000;

si m(' at nospheri csol ver');

| owl imt=altout(end);

if Alti<highlimt&Alti>lomimt;

if i==1;
stagt (i) =stagtenp;
i =i +1;
end
if i>1&stagtenp>stagt(i-1); % Records the stagnation

pressures that fall within the defined flight w ndow
stagt (i) =stagtenp;
i =i +1;
end

pl ot (mach(end), Al ti, "' b*");

i f machc(end)>machcnax;
machcnax=machc(end); % For the flight w ndow this

speci fies the naxi mum Conbustor Mach nunber

end

end
end
end
st agt enp=st agt enp+( st agt hi gh-stagt| ow)/ 10;

end
hol d of f

I <>LIOIOISIOIOISIOIOIOIOISIOISISISISI>I>><Y
% Facil ity subsystem paraneters eval uation %
WP <>ISISISISISISISISISISISISISISISISISISI><Y)
for x=1:1ength(stagp);
P=st agp(x);
for y=1l:length(stagt);
T=stagt(y); %I[R|

% Current configuration choked flow limt in the air,® and
H2 supply systens at RPCL %

for i=1l:length(GasConst); % Loop for the nunber of gas supply
syst ens
R=GasConst (i) ; gamrgamma(i ) ; Press=P; Di a=Di an(i);
si m(' Chokedf|l owrate');
ndot choke(i) =0. 8* mxndot (end) ;

end




% Calculates the 2 and H2 flow rates required to give the
desired vitiator tenperatures %
% and returns the density of the mixture

070 Q I.I.
% Calcul ates the total system runtine given the upper limt

Pt max=P;
i f Pairtank>=P+250;
Pt max=P+250;

end
sim ' systenruntinme');
i f runtime(end)<30;
si m(' Makesystenruntinme'); % If this nodel is called then it
will calculate a new maxinumair flowate to allow 30 sec of run tinme
maxi munmrdot =mxndot (end) ;
end

% the beginning of the process for designing the system

t ot al massdot (x, y) =Al Rrdot (end) +O2ndot ( end) +H2ndot (end) ;

% Find the throat Area that wll support the target flowate
found above %

Ast ar (X, y) =t ot al massdot (x, y)*sqrt (T)/ ((gamm x(end) *gc/ Rm x(end) *(2/ (gam
m x(end) +1) ) *((gamm x(end) +1)/ (gamm x(end)-1)))"0.5)/ P; %
DATA DUMP! I1]
Machf nout =1. 1; AR=1. 0;
for AR=3;
sim(' findnyexitmachnum);

end
Exi t MN( x, y) =Machf nout (end) ;
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end

9RBBB8BBBBE NOTES: TO THE USER
n'n'n'n' n'

% Astar - contains the various facility nozzle throat area [in?2] for

the conditions in the flight w ndow

% Exit MN - for each calculated condition the AR to get a certain Mach
nunber

% MDOTAI R, MDOTH2, MDOTQ2 - contain the flowates required to neet Pt,
Tt conditions.
% t ot al massdot
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APPENDI X B. TEP COVBUSTI ON DATA

Preszure [120 atm_ | =1750 p=i
Air weight 3 | FAA ratio | Temp[K] | Temp [R] | Density[gill] [Gamma  [a[mfs]  |02% +13 percent deviation | <13 percent deviation | Molecular Weight
95 000425 Jit 13824 X 13453 BE2| 2047 205 2095 28289
a0[ 00034 1157) 20828 jii 13113 E74.4| 205382 .06 2095 27708
i) 0.0124 1434 26712 268 12888 7628 203 205 2095 27202
a0 00164 177 3878 221 1272 8336 209817 .06 2095 26.713
780 002025 2006 k288 181 12596 290 209634 205 2095 26272
Fil} 0.024 2227)  4003E 17 12458 9366 209614 .06 2095 25849
BB 0027 2407) 43328 155 12413 are2[ 2048 205 2095 2545
Pressure (102 atm | =1600 psi
Air weight 3 | FA ratio | Temp [K] | Temp [R] |Densitfall] |Gamma  [a[mfs] (02 +13 percent deviation | -3 percent devistion | Malecular Weight
95 000426 it 13824 458 13483 062 20475 .06 2095 28.269
a0[ 00034 157) 20828 ik 13113 ETd.4 205335 il 2095 27708
i) 0.0124 1434 26712 228 12888 TE2E[ 210304 205 2095 27202
a0 00164 177 3878 18.7 1272 8336 20882 .06 2095 26.718
780 002025 2006 k288 182 12596 22990 20969 205 2095 26272
Fil} 0.024 2227)  4003E 144 12458 9364 209533 .06 2095 26847
BB 0027 2405 4329 132 12413 aT48[ 20097 205 2095 25447
Pressure | 85 atm =1260 psi
Air weight 3 | FA ratio | Temp [K] | Temp [R] |Densitfall] |Gamma  [a[mfs] (02 +13 percent deviation | -3 percent devistion | Malecular Weight
95 000426 it 13824 381 13483 062 20475 .06 2095 28.269
0[ 00034 157) 20828 248 13113 ET44( 20,5987 205 2095 27706
Fii) 0.0124 1434 26712 181 12885 TE28[ 210309 .06 2095 nr0z
a0 00164 17 TR 158 1272 2336 200824 205 2095 26718
76 002026 2006[ 36288 138 12596 3898 20,3685 .06 2095 26.271
Fil} 0.024 2226) 40063 12 12458 9361)  20.9567 .06 2095 26346
BB 0027 2404) 43272 1 1242 743 20039 205 2095 265445
Pressure | 68 atm =1000 psi
Air weight 3 | FA ratio | Temp [K] | Temp [R] |Densitfall] |Gamma  [a[mfs] (02 +13 percent deviation | -3 percent devistion | Malecular Weight
95 000426 it 13824 305 13483 062 20476 .06 2095 28.269
0[ 00034 157) 20828 188 13113 ET44 205939 205 2095 27706
Fii) 0.0124 1434 26712 6.2 12885 TE2E[ 20313 .06 2095 nr0z
a0 00164 17 TR 125 1272 2335 208827 205 2095 26718
76 002026 2006[ 36288 0.8 12596 3896 209677 .06 2095 26.27
m 0024 2228 4005 962 12438 9367 208832 205 2095 20844
BB 00276 2403) 43254 8.78 12421 9737 209963 .06 2095 2544
Preszure | 51 atm =740 psi
Air weight ¥ | F4 ratio | Temp [K] | Temp [R] |Densityfall] |Gamma  [a[mfs] (024 +I3 percent deviation | -3 percent devigtion | Malecular 'Weight
95 000426 it 13824 k] 13483 062 20476 .06 2095 28.269
0[ 00034 157) 20828 143 13113 ET44( 20,5932 205 2095 27706
Fii) 0.0124 1434 26712 14 12885 TE2E[ 2031 .06 2095 nr0z
a0 00164 17 TR 9.8 1272 2335 205829 205 2095 26718
76 002026 2015 3627 LAl 12596 3394 209662 .06 2095 26.269
m 0024 2224) 40032 T2 12439 93520 2094 205 2095 265842
BB 00276 2400 4320 B53 12422 9728 203856 .06 2095 26437
Preszure |34 atm | =500 psi
Air weight 3 | FAA ratio | Temp[K] | Temp [R] | Density[gill] [Gamma  [a[mfs]  |02% +13 percent deviation | <13 percent deviation | Molecular Weight
95 000425 Jit 13824 183 13453 BE2| 24T 205 2095 28289
a0[ 00034 1157) 20828 4.82 13113 E74.4| 209936 .06 2095 27708
i) 0.0124 1434 26712 76 12888 TE2E[ 210324 205 2095 27202
a0 00164 17 HETE £.25 1272 9234 20983 205 2095 26717
76 002026 204 36262 54 12687 8841) 209637 .06 2095 26268
m 0024 2223 40014 482 128 9345 208397 205 2095 25839
BB 00276 2387 43146 44 12423 9716)  20.9683 .06 2095 25429
Preszure |17 atm =260 psi
Air weight 3 | FAA ratio | Temp[K] | Temp [R] | Density[gill] [Gamma  [a[mfs]  |02% +13 percent deviation | <13 percent deviation | Molecular Weight
95 000425 Jit 13824 TEY 13453 BE2| 2047 205 2095 28289
a0[ 00034 1157) 20828 496 13113 ETd4 b .06 2095 27708
i) 0.0124 1434 26712 18 12888 TE2E[ 203N 205 2095 27202
a0 00164 177 3878 313 1272 8332 209824 .06 2095 26716
780 002025 203 k234 7 12597 2984 209897 205 2095 26266
Fil} 0.024 b | I EEM 24 1260 9328 205224 .06 2095 26832
B3] 0027 2390 4302 22 12426 9629 208387 .05 2095 25418
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