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EXACUTIVE SUMMARY

Funds provided through the DoD Infrastructure Support for HBCU/MI grant awarded to
California State University, Los Angeles (Cal State LA) by the Air Force Office of
Scientific Research (AFOSR) Dynamic Systems and Control on August 2001 were used
for development of significant infrastructure of research, competency and capabilities in
multidisciplinary modeling and control design of high-performance air vehicles. The
investigators established a state-of-the-art research facility at CSULA- the
Multidisciplinary Flight Dynamics and Control Laboratory (MFDCLab,
www.calstatela.edu/centers/mfdclab) where novel methodologies and tools for accurate
modeling, simulation, and control system design for high-performance air vehicles were
developed. The accomplishments of this project include:

I. The Rapid Conceptual Design Testbed: The grant was used to build
infrastructure, expertise, competency, and tools for modeling, control, and
simulation of complex multidisciplinary aerospace systems. Specifically a "Virtual
Testbed" consisting of a cluster of PCs, a rack of dedicated processors and
discipline-oriented software linked to create a fully integrated computational
environment for air vehicle rapid conceptual design and simulation has been
developed.

2. Nonlinear Adaptive Flight Control Laws: Nonlinear adaptive control laws for
fighter type aircraft and hypersonic flight vehicles have been developed.
Algorithms to identify, measure, and isolate failure through a failure identification
scheme to maintain attitude stability and reestablish guidance command following
performance have been designed. Adaptive guidance laws capable of recognizing
the inner-loop performance degradation and maintaining flight path stability have
been developed. Design of an onboard algorithm to modify mission/retarget
trajectory to maximize chance of survival is underway.

3. Aeroservoelasticity: Novel methods for identification and control of aeroelastic
instabilities including ARMA and NARMA and neural network models and a linear
quadratic Gaussian algorithm have developed.

4. Airbreathing Hypersonic Vehicles: Comprehensive literature survey on
airbreathing hypersonic vehicle control was conducted. Mathematical models for
two generic hypersonic vehicles (GHV) have been developed. An effort to develop
a high-fidelity model of an in-house designed full-scale airbreathing GHV with an
integrated airframe propulsion system is underway. This model will be used to
quantify the coupling between various dynamics that makes control of this class of
vehicles very challenging.

5. Human Resource Development: The grant was used to attract underrepresented
student populations to the study of engineering; provide them the opportunity to be
exposed to cutting edge research and development related to NASA missions;
encourage them to work for DoD, NASA, and aerospace industry and/or undertake
graduate work. Over the three and a half years eleven undergraduate and eighteen
graduate CSULA and USC students and numerous college, high School, and
international interns, many of them minorities have been supported by the grant.
Many have transitioned to MS and PhD programs or have taken employment at
aerospace related jobs.
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6. Integration of Research into Curriculum: The grant became a vehicle for
innovative courses and integration of research into the Mechanical Engineering
curriculum. The investigators were able to integrate their research into their courses
and gain support for development and offering of new courses such as flight
dynamics and control, computational flight dynamics, UAV conceptual design and
combustion.

7. Collaboration and Synergies: As the result of this grant the investigators at Cal
State LA established collaboration and synergetic research with USC, University of
Kansas, Oklahoma State University, Air Force Research Laboratory at Wright
Patterson Air Force Base at Dayton Ohio, Boeing Huntington Beach, and Lockheed
Martin at Lancaster California.

8. Leveraging the Grant: The track record established by the Air Force grant was
crucial in serving the investigators to obtain a major NASA research grant - a five-
year six million dollar University Research Center in 2003

The results of the endeavor in each of the technical areas addressed by this project are
presented in a series of reports, conference papers and journal papers which are attached
in Appendices I - IV. Below a brief summary of the technical results in each area of
research focus is briefly described. Other accomplishments including infrastructure and
human resource development, student and budget data are also presented in the following
sections.

- ii-



Table of Contents
PAGE

EXACUTIVE SUM M ARY .............................................................................................................. i

Table of Contents ........................................................................................................................... iii

I. The Rapid Conceptual Design Testbed .................................................................................. !

2. Intelligent Flight Control for High-Performance Air Vehicles .......................................... 3

3. CFD-Based Aeroelasticity and Aeroservoelasticity ........................................................... 5

4. Modeling and Control of Air-breathing Hypersonic Flight Vehicles (AHFV) .................. 8

5. Human Resource Development ....................................................................................... 12

6. Budget Summary .................................................................................................................. 13

7. Appendices ........................................................................................................................... 14

- ii -



1. The Rapid Conceptual Design Testbed

A testbed for rapid conceptual design, multidisciplinary optimization, and simulation of
high-performance air vehicles has been developed. The testbed uses state-of-the-art
networking technologies and CAE software to enable "virtual aircraft design," the ability
to simulate an entire aircraft via computational capabilities. The testbed enables the user
to accomplish the complete design cycle in a fraction of time that is currently feasible.
The user can shift seamlessly between discipline-oriented CAE software to accomplish
conceptual design, detail structural design, and generate the complete aerodynamic data
base. Control-oriented software uses the data to outputs equations of motion. Control
laws developed can be used for flight simulation and performance evaluation through the
entire flight envelope of the vehicle on full-blown high fidelity models. The current state
of the testbed consists of a series of data translation codes and graphical user interfaces
(GUIs) linking NASTRAN/PATRAN, I-DEAS, STARS, DATCOM, AeroDynamic,
Matlab, and Simulink. Entry to the testbed can be at the very start, or with an already
existing model. Proof of concept has been demonstrated through a series of test cases
involving the complete design cycle, starting from the initial sizing to controller design
for simple configuration such as a simple wing and for more complex geometry such as a
GHV.

SNetwok Boed I Coliabwaelt I Co-MMe An ect Tes*We

Figure I MFDCLab Testbed Configuration
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For more detail see Appendix I which includes reprints of the following papers and
reports:

1. E. Kemper and C. Wu, "U.S.A.F. DIGITA DATCOM, TEST CASES",
California State University, Los Angeles, California, 2001

2. C. Wu and M. Mirmirani, "Development of Multidisciplinary Analysis Software
for Teaching and Research", NASA MU-SPIN/MURED Conference, Atlanta,
Georgia, September 2000
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2. Intelligent Flight Control for High-Performance Air Vehicles

Future combat aircraft are expected to operate outside currently achievable flight
envelopes pushing their performance closer to possible performance limits. Furthermore,
they are expected to maintain their flight control properties in the presence of large
uncertainties, classes of subsystem failures and battle damage and large unanticipated
disturbances. During aggressive maneuvers the nonlinear nature of the aircraft dynamics
becomes crucial. Robust nonlinear adaptive control is a class of intelligent control
schemes that has potential for meeting these challenges. In this project the use of
advanced adaptive control techniques to deal with uncertainties and nonlinearities high
performance air vehicles were exploited. The results are presented in the reports and
papers listed below and attached in Appendix II. What was considered in each article is
briefly is briefly described below.

In [1] a comprehensive review of failure detection, isolation and control reconfiguration
schemes that appear in literature is conducted. The report indicates that the design of such
schemes for future high performance aircraft under large uncertainties and nonlinearities
is not straightforward and additional research needs to be carried out to meet current and
future challenges.

In [2] a class of multi-input multi-output nonlinear systems with unknown nonlinearities
is considered. Such systems apply to high performance aircraft especially during
unpredictable failures where prior knowledge of aircraft dynamics is no longer valid due
to changes in aerodynamics and/or control surface effectiveness due to failure. Nonlinear
control schemes using established concepts from robust adaptive control, sliding modes
and neural networks were designed which guarantee pre-determined tracking
performance. The paper provides a systematic procedure of selecting a number of design
parameters so that the tracking error is guaranteed to be within a pre-specified bound in
finite time.

In reference [3] the results of the above work are extended to a complex large scale
system. In this case the complexity of subsystem interconnections require a decentralized
control scheme which is developed using similar elements and techniques used in the
work described above. Appropriate bounds are developed for the strengths of the
interconnections so that the tracking error for each subsystem converges and stays within
pre-specified bounds guaranteed by the choice of certain design parameters.

The results of [2] and [3] are used in reference [4] to design a multi-input/multi-output
adaptive sliding controller for the longitudinal dynamics of a generic hypersonic air
vehicle. This work is presented in the next paper listed below. In this case the air vehicle
is nonlinear, multivariable, and unstable and includes uncertain parameters. Simulation
studies are conducted for trimmed cruise conditions of 110,000 ft and Mach 15 where the
responses of the vehicle to a step change in altitude and airspeed are evaluated. The
controller is evaluated for robustness with respect to parameter uncertainties using
simulations. The simulation studies supported by analysis, demonstrate that the proposed
controller is robust with respect to parametric as well as nonlinear function uncertainties
and meets the performance requirements with relatively low-amplitude control inputs.
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In reference [4] longitudinal control of an F-16 aircraft is considered and an adaptive
linear quadratic control scheme is designed which meets the performance requirements
set by the designer. The control scheme is found to be robust with respect to the
parametric uncertainties which could arise during normal operations as well as during
failures. The adaptive scheme was shown to be superior to a corresponding gain
scheduling scheme from the performance as well as the data storage requirement point of
view.

For more detail see Appendix II which includes reprints of the following papers and
reports:

1. Y. Huo, P. loannou and M. Mirmirani, 'Fault-Tolerant Control and
Reconfiguration for High Performance Aircraft: Review', USC CATT Technical
Report, Nov 1, 2001,

2. H. Xu and M. Mirmirani, "Robust Adaptive Sliding Mode control Design for a
Class of MIMO Nonlinear Systems," Proceedings of the AIAA Guidance,
Navigation and Control Conference, Montreal, Canada, August 2002

3. H. Xu, P. Ioannou and M. Mirmirani, 'Adaptive Control For A Class Of Large
Scale Nonlinear Systems', accepted in International Journal of Control, to appear
in 2005

4. H. Xu, M. Mirmirani, and P. A. Ioannou, "Adaptive sliding mode control design
for a hypersonic flight vehicle", AIAA Journal of Guidance, Control, and
Dynamics, Vol. 27, No. 5, September-October 2004 (presented in Appendix D)

5. Y. Huo, M. Mirmirani, P. Ioannou, and R. Colgren, "Adaptive Linear Quadratic
Design with Application to F-16 Fighter Aircraft," AIAA Guidance, Navigation,
and Control Conference and Exhibit, Providence, Rhode Island, August 2004
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3. CFD-Based Aeroelasticity and Aeroservoelasticity

Aeroelasticity deals with interaction of aerodynamic, inertia and structural forces during
flight. Aeroelastic instabilities such as flutter can potentially be catastrophic and result in
destruction of the airframe. In high-performance aircraft such as a full scale hypersonic
vehicle, where the airframe and the propulsion system are very tightly integrated the
vehicle will experience significant aeroelastic effects. Expensive and time consuming
flutter testing is mandatory in certification of all new aircraft to demonstrate that the
aircraft can fly safely at all Mach numbers and altitudes within its flight envelope and
remains flutter free. CFD-based aeroelasticity offers the potential for developing tools for
modeling and rapidly providing valuable preflight data in flight test operations. System
identification procedure is used to approximate aerodynamic forces with a set of linear or
nonlinear state space formulation. Through this grant significant stride has been made in
this direction and methods and tools for identification and control of aeroelastic
instabilities have been developed. In reference [1] an LQG control algorithm for an
aeroelastic supersonic wing is developed which is written in a code in MATLAB as well
as FORTRAN for integration in STARS, the NASA DRFC-developed multidisciplinary
software. The aeroservoelastic block diagram shown in Fig. 1 includes aerodynamic,
structural and actuator models. The finite element structural model consists of modes that
include rigid body, elastic, and control surface motions. The linear state space model for
the aeroelastic wing is obtained using ARMA identification technique. The objective is to
obtain a controller with limited control authority to suppress flutter. Simulations show
that the controller can suppress flutter when it is induced by progressively increasing the
dynamic pressure. Neural network-based models also have been employed for the
aeroelastic system when the assumption of small structural deformation and quasi static
CFD are relaxed. Methods and tools that can be employed for identification of flutter
speed in a procedure referred to as "Nonlinear Auto Regressive Moving Average,"
NARMA have been developed and reported in reference [3]. The method was applied to
an aeroelastic wing and simulation studies were conducted. Training data were obtained
using STARS steady and unsteady solvers.

r. f, (k

a I A orody no o$ StruDyn m ict r .

Actuator u
Model

Figure 1 The Block Diagram of Coupled ASE
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Figure 2 AE Neural Controller Architecture

the behavior of aeroelastic system in transonic regime is of particular interest. A CFD-
based study was conducted using STARS, to investigate the flutter boundary prediction
in transonic flow regime. STARS Direct Aeroelasticity Analysis Module utilizes Finite
Element (FE) methodology for both the CFD solver and the Structural Finite Element
solver with modal superposition. A full set of Navier-Stoke governing equations is
applied for the steady and unsteady CFD solutions taking advantage of its capability in
predicting complex shock induced influence for transonic and supersonic flows. By
coupling the solutions from the CFD unsteady solver with the modal vectors from the
Structural Finite Element solver, the dynamic equations of aeroelastic system are solved.
For the study reported in reference [3] a simple configuration, the AGARD 445.6 Wing
for which wind tunnel data are available is used. The results of the flutter analyses are
compared with those obtained using the ARMA identification method and wind tunnel
testing reported by NASA Dryden (Fig. 5).

Time -Hstoric Response of AGAR 445.6 Wing at Mach 1,141
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Flutter Frequency Ratio of Agard 445.6 Wing
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Figure 3 Flutter Frequency Ratio around the Transonic Flow Regime

For more detail see Appendix III which includes reprints of the following papers and
reports:

1. S. Choi, H. Xu, and M. Mirmirani, "LQG Control of a CFD-Based Aeroelastic
Wing Model,", IEEE Conference on Decision and Control, Maui, Hawaii,
December 2003

2. S. Choi, "Nonlinear Dynamics and Control for an Aeroservoelastic System Using
Neural Networks", California State University, Los Angeles, California, March
2003

3. C. He, S. Choi, M. Mirmirani, and C. Wu, "CFD-based Aeroelasticity Analysis in
Transonic Flow Regime," ASME 2004 International Mechanical Engineering
Congress and RD&D Expo, Anaheim, California, November 2004
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4. Modeling and Control of Air-breathing Hypersonic Flight Vehicles (AHFV)

The unique dynamic characteristics of AHF make modeling and control of AHFVs
especially challenging. Due to the strong coupling between the aerodynamics, the
airframe, and the propulsion system, the modeling and control techniques used for
conventional aircraft are inadequate. Mathematical models incorporating the interactions
within the AHFV as well as an integrated airframe-engine control system are needed.
Furthermore, the large variations and uncertainties associated with the dynamic
characteristics over the flight envelope and the corresponding robustness issues need to
be taken into account. Even if dynamic interactions are ignored and parameter variations
and modeling uncertainties are assumed to be negligible - an invalid assumption as
demonstrated in- the unique aero-thermodynamic characteristics of hypersonic flight
need to be considered. Although a number of studies on the control of AHFVs do
consider all of the effects described above, most works in the AHF control literature have
ignored the coupling effects, have assumed parameter variations and uncertainties to be
small, and have considered only some of the aero-thermodynamic characteristics due to
hypersonic speed. Even in these cases, significant nonlinearities had to be introduced
making them distinctly different from the conventional flight control problems. With
renewed interest in air-breathing hypersonic flight for access to space and military
applications effort was devoted to develop models and advanced control laws that
incorporate the special characteristics of AHFVs. Theses efforts are presented in papers
and reports listed below and in section 2. In [1] we conducted a comprehensive review of
existing literature on AHFVs identifying the major challenges involved in modeling and
control, accomplishments made and issues remaining. In [2] we developed a
comprehensive CFD-based model of a GHV, the so-called NASA Langley winged-cone
configuration. A complete set of aerodynamic coefficients and stability derivatives,
including rate-dependent coefficients using STARS CFD code were obtained. In reference
[3], section 2 an adaptive sliding modes control law was developed for a longitudinal
model of a GHV reported in open literature.

In addition, the investigators have developed a computer model of an airbreathing
hypersonic flight vehicle, the CSULA-GHV, as shown in Figure 5. The configuration and
dimensions are developed based on 2-D compressible flow theory, and a set of mission
requirements broadly accepted for a hypersonic cruise vehicle intended for both space
access and military applications.

Analytical aerodynamic calculation assumes a cruising condition of Mach 10 at an
altitude of 100 km. 2-D oblique shock theory predicts shock wave angles, pressure on the
frontal surface, and Mach number at the engine inlet. The scramjet engine is simply
modeled by a 1-D compressible flow with heating, which predicts the flow rate of
hydrogen fuel required for a chosen design Mach number at the engine exit. The exit flow
is modeled by 2-D expansion wave theory, which can be used to predict the pressure on
the rear surface. Resultant aerodynamic forces and engine thrust are then estimated by the
summation of these pressure forces and momentum change of the airflow. Applying
moment balance also dictates the center of gravity location of the vehicle for a trimmed
flight condition.

8 -



Figure 4 Two side views of a conceptual vehicle design

i L

Figure 5 Basic Dimension of CSULA-GHV

Computational Fluid Dynamics (CFD) simulations for a 2-D model of this vehicle have
also been conducted using FLUENT, a CFD code capable of simulating compressible
flow coupled with combustion. Hydrogen fuel is injected from the upper surface of the
scramjet as a boundary condition in this CFD model. Figure 6 shows the CFD results for
the shock waves and Mach number contours for coupled aerodynamic propulsion, and
H20 produced as a product of the reaction between the free stream air and Hydrogen fuel,
both at optimum design condition of zero AoA and the off-design condition of AoA of 5
degrees. The zero AoA simulations are found to agree well with analytical results. In an
off-design condition (the three simulations in the second row in Figure 6), the
aerodynamic and propulsion performance of the vehicle is clearly reduced. The
temperature contours as a result of combustion in the scramjet engine, and the
concentration of the H20 product of combustion, are shown in the second and third
column of Figure 6, respectively. The product is highly concentrated along the upper
walls of the scramjet and nozzle due to the high speed of the air stream, which forbids the
fuel to dissipate more uniformly into the scramjet. A more effective fuel injection design
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is clearly needed to produce a more uniform reacting flow in the scramjet. This can be
expected to be better achieved when full 3-D CFD simulations are conducted, since more
design options are possible in a 3-D configuration.

c. ,.c~*N.. ......2 0

I - I

II...... 1 I-.....0 - I0

Figure 6: FLUENT Coupled Aero-Propulsion Simulation

To facilitate aeroelastic studies, a finite element model for the CSULA-GHV's airframe
has been developed using MSCNASTRAN, a widely used software program for
structural analysis. This structural model consists of 1320 nodes and 1172 elements of
fictitious material and shell properties to model actual material and cross sections of the
fuselage, tail, and fins. As shown in Figure 7, different element properties are used for
different areas to model the real structure. The horizontal and vertical tails are attached to

-10-



the fuselage through rigid body connections in this preliminary structural model. Modal
analyses for the structure are performed and the mode shapes and corresponding
frequencies are obtained. Figure 7 shows the result for the first bending modes.

CSULA-GHV Structure properties CSULA-GHV first flexible mode CSULA-GHV second flexible mode

Figure 7 NASTRAN Structural Modes Simulation

For more detail see Appendix IV which includes reprints of the following papers and
reports:

1. S. Keshmiri, M. Mirmirani, and R. Colgren, "Six-DOF Modeling and Simulation
of a Generic Hypersonic Vehicle for Conceptual Design Studies," AIAA
Modeling and Simulation Technologies Conference, Providence, Rhode Island,
August 2004

2. B. Fidan, M. Mirmirani, and P. Ioannou, "Flight Dynamics and Control of Air-
Breathing Hypersonic Vehicles: Review and New Directions," 12th AIAA
International Space Planes and Hypersonic Systems and Technologies
Conference, Norfolk, Virginia, December 2003
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5. Human Resource Development

One of the primary objectives of the program was to significantly increase the number of
graduate minority engineering students at CSULA. Other major educational goals were
the integration of research into the engineering curriculum, enhancement of existing
courses, and development of new courses in emerging areas.

During the three years of the AFOSR grant, the investigators have developed a successful
model to achieve these goals. Table 1 provides tracking data for students supported by
this grant. The collaboration with Ph.D.-granting institutions (USC and the University of
Kansas) has been a key to the success of the program. In addition to a natural transition, it
provided an opportunity for CSULA students to routinely interact with Ph.D. candidates
who served as mentors and role models.

Table 1 Student Participants
D egree C r e t D g eNAME Received from Current Degree Institution Post Graduation Tracking
CSULA Objective

I Amir Massoudi MS PhD UCR Ph.D
2 Christophe r_______ BS CSULA Will Pursue MS at CSULA
3 Bhkta BS CSULA

4 H_________hen MS____ CSJJLA
5 Jti R BS CSULA Will Pr MS at CSULA
6"Josh d BS MS USC "
7 iceaLpe BS CSULA......d M

8_Mohammd_____o MS_____ CSULA Will Pursu~e PhD
9 _ _ "o MS_ I CSULA Will PhD
10 Masuam MS ULA W Pursue PhD

121 ____ MS " I

13 Chunlei He MS PhD I Ph.D
14 ...... Samir MS P .. ..

16 Mariso-Avila BS MS " I17 Shha .....r Ms U. of Kana Ph.D

19 Nazli Kahveci PhD USC
20 Ying Huo PhD USC
21 Jacob Parks PhD USC
22 Jianlong Zhang PhD USC
23 Baris Fidan PhD (graduated) USC Post-Doc
24 Haojian Xu PhD (graduated) USC Industry
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6. Budget Summary

22O

35%i

13%

* StefsW Facuty 03 Subewitrsct a LAS C&G Salare E C & (3 wo*dre Evpvns.

mT=e U Eqwme"t a Cmoug4ant Fees U SVp~kes & swVOe

Description Amount

Stipends $277,130.98
Faculty $160,440.82
Subcontract $190,500.00
UAS C&G Salaries $15,465.77
C & G Indirect Expenses $106,637.73
Travel $13,532.38
Equipment $19,417.32
Consultant Fees $16,000.00
Supplies & Services $875.00

Total $800,000.00
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7. Appendices
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Appendix I

1. E. Kemper and C. Wu, "U.S.A.F. DIGITA DATCOM, TEST CASES", California
State University, Los Angeles, California, 2001

2. C. Wu and M. Mirmirani, "Development of Multidisciplinary Analysis Software for
Teaching and Research", NASA MU-SPIN/MURED Conference, Atlanta, Georgia,
September 2000



INTRODUCTION

Datcom is a program created by the U.S.A.F. to quickly estimate the aerodynamic stability and control
characteristics of an aircraft or component of an aircraft. To examine the capabilities, limitations, and
accuracy of Datcom, test cases were conducted for as many configurations and flight regimes as possible.
When possible, the data obtained from Datcom was compared with existing data or from results obtained
through other methods and software.

TEST CASES

Test cases were conducted in every flight regime except for transonic flight. Datcom's ability to perform
analysis in the transonic region is very limited and produced no results when tested. All test cases were run at
normal atmospheric conditions at sea level and the Pitching Moment Coefficients are given with respect to
the front of the vehicle.

S" Wnic Trmnsenk $rsenik Hyper-HeC

I I I I I
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SUBSONIC

Y- Wing

The Y-Wing is a very simple wing designed for low velocities. It uses a NACA 0012 airfoil, has a
wingspan of roughly 2 m, and chord lengths of roughly 1 m.

Assumptions: None

Results: Test case was run at Mach 0.6

Aerodynamic Characteristics for the Y-Wing
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Normal and Axial Force Coefficients for the Y-Wing
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Rolling Angle Stability Derivatives for the Y-Wing
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Datcom Analysis for Control Surfaces: Datcom is capable of analyzing the effects of control surfaces at
deflected angles. A variety of different control surfaces can be analyzed for symmetrical and asymmetrical
deflection angles. The changes in lift, maximum lift, minimum drag, and pitching moment coefficients are
calculated for the control surface deflection angles. In addition, the change in induced drag is calculated for
each deflection angle at each angle of attack specified. The following graphs are the results for a plain trailing
edge flap used on the Y-Wing as shown in the following picture.

Planform Geometry for Y-Wing with a plain trailing edge flap



Change in Aerodynamic Coefficients Due to Plain Flap Deflection for the Y-Wing
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Messerschmidt 262

The Messerschmidt 262, or ME 262, is a WWII era jet fighter. It has very simple geometry making it a
good test case for Datcom.

Assumptions: NACA 0012 airfoils used for wing, horizontal tail, and vertical fin. Jet engines and cockpit
were neglected.

Results: Test case run at Mach 0.8

Aerodynamic Characteristics for the ME 262
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Normal and Axial Force Coefficients for the ME 262
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Pitching Angle Stability Derivatives for the ME 262
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Rolling Angle Stability Derivatives for the ME 262
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B-2 Stealth Bomber

The B-2 is a high subsonic flying wing.

691

Assumptions: The B-2 was analyzed as a wing (no body) with a NACA 0015 airfoil. The tip chord was
assumed to be parallel to the root chord. It is not possible to enter the complexities of the trailing edge of the
wing so the B-2 was approximated with the following planform geometries.

Results: The results for the B-2 with the two different planform geometries were dose. The only
significant difference was the reduced drag in the second geometry, which gave increased performance over
the first geometry. The following two graphs are for the first and second planform geometries respectively.

Aerodynamic Characteristics for the B-2 Approximated with No Trailing Edge
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Aerodynamic Characteristics for the B-2 Approximated with a Trailing Edge
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The following graphs are just for the second planform geometry.

Normal and Axial Force Coefficients for the B-2
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Pitching Angle Stability Derivatives for the B-2
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SUPERSONIC

F- 16

The F-16 is a supersonic jet fighter that typically flies at about Mach 2.0. The basic geometry of the F-16
is relatively simple. But there are some complex features, such as strakes, that cannot be analyzed with

Datcom.

Assumptions: Stakes were neglected. The vertical fin, which is actually a series of smaller vertical fins,

was analyzed as a single vertical fin. The small fins on the under-body were neglected. The horizontal tail
was assumed to be continuous, neglecting the small gap between the rear of the tail and the engine.

Results: Test case was run at Mach 2.0

Aerodynamic Characteristics for the F-16
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Normal and Axial Force Coefficlents for the F-16
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Rolling Angle Stability Derivatives for the F-16
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HYPERSONIC

Hyper X-43

The X-43 is an experimental aircraft used to test the practicality of using a scramjet engine for hypersonic
flight.

X-43A Vehicle

Assumptions: Datcom can only handle bodies of revolution or close approximation. Since the cross
sections of the X-43 body are rectangular and trapezoidal they were approximated as elliptical cross-sections.
For more information on this test case, see "Aerodynamic Analysis of the X-43 Hypersonic Vehicle using
Datcom."

approximated as

Results: Test case was run at Mach 10.0



Aerodynamic Characteristics for the X-43
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Pitching Angle Stability Derivatives for the X-43
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Generic Hypersonic Vehicle (GH I)

The GHV is a generic design for hypersonic vehicles. It has that basic properties that a hypersonic
vehicle is believed it should possess: small wings at the rear of the vehicle, a relatively flat body, and a
continual increase in body cross-section.

Assumptions: A very thin airfoil was used for the wing.

Results: Test case was run at Mach 10.0

Aerodynamic Characteristics for the GHV
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Normal and Axial Force Coefficients for the GHV
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Rolling Angle Stability Derivatives for the GHV
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The following is a comparison done between the results obtained from Datcom and I-Newton.

Comparison of I-NEWTON and DATCOM for the GHV
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Biconic Re-Entry Vehicle (BR 1)

The BRV was a concept considered for the entry into Mars' atmosphere to deliver a payload. It is not a
vehicle designed for sustained flight.

Assumptions: None

Results: The test case was run at Mach 10.0 and analyzed as a body only.

Aerodynamic Characteristics for the BRV
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Normal and Axial Force Coefficients for the BRV

2

0

-2

-3

-36 -25 -15 -5 5 Is 25 36

A M Wo, •M k (fto)

Pitching Angle Stability Derivatives for the BRV

01

0,06

0

-006

-0o

-016
-35 .26 .16 -6 6 is 26 36

Angis of Attock (dog)



Rolling Angle Stability Derivatives for the BRV

015

OO6

oos

0

.01
-36 -25 A1s -6 5 is 26 35

RoM5" Angle (d"g)

1-----CYB --- W- CNB CLS

The following is a comparison of Datcom and I-Newton for the lift-to-drag ratios for the GHV. The values
obtained from Datcom had to be scaled up by a factor of 10.

Comparison of Datcom and I-Newton for the BRV

16

10

6

0

.10

-5

-3M -26 -15 -5 5 1 5 25 36

Angle0 Attack (d")~

1-4-U Q-EWTON) -- L/A210 (DATCOO4) -Poty (LD (I-NEWTON)) -Poy (ULAM (DATCOM))



CONCLUSION

Datcom is a good tool for getting a quick idea about the performance of an air vehicle. However, it is limited
in the complexity of vehicle geometry it can analyze. From the results obtained in these test cases it is
concluded that Datcom is best suited for subsonic analysis because air vehicles designed for this flight regime
tend to have simple geometry. It can be used for supersonic and hypersonic flight regimes too but due to the
complexities that vehicles designed for these regimes tend to have, assumptions must be made in most cases.
If the number and size of the assumptions are small then Datcom can give reliable results. But if a lot of
assumptions are needed to be made the results may become inaccurate and useless.

The translator developed for Datcom, called DatTrans, was used for all of the test cases.
These test cases were conducted as part of a project funded by NASA Dryden Research Center and the U.S.
Air Force.
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ABSTRACT

The integration and application of multidisciplinary INTRODUCTION
computer-aided engineering (CAE) software to expedite the
configuration and structural designs of aircraft are being A few aircraft design software, such as AAA [I] and RDS [21,
attempted. Various interfaces and computer programs have are commercially available to assist the design team to come
been developed to transfer data between computer aided up with a conceptual configuration, starting from a set of
design (CAD) software. finite element analysis (FEA) codes, flight mission specifications. The methodology used is
computational fluid dynamics (CFD) meshes and control largely based on empirical data from existing aircraft of
system analysis programs to facilitate multidisciplinary similar type. Only crude estimates of vehicle weight,
analysis of a vehicle design. The structural, thermal, aerodynanmic characteristics and flight performance can be
aerodynamic and control characteristics. and their made at this stage. Wind tunnel models are subsequently
interactions can be predicted. The computer codes, interfaces built and tested, or CFD analyses are conducted to verify
and data translators developed, and the modeling and mainly the aerodynamic characteristics of the design. Then
simulation procedures are described herein. The modeling structural design is conducted to create the airframe for the
and multidisciplinary analysis of a generic hypersonic vehicle chosen configuration. With modern solid modeling and
configuration is presented as a test case. The CAE software Finite Element Analysis (FEA) software, structural analysis
developed are used to support research projects on air vehicle can then be performed. This cycle of configuration design,
design and analysis, and to enhance teaching of the emerging CFD analysis, solid modeling, structural design and analysis
field of multidisciplinary engineering analysis. is often iterated many times before yielding a final design. It

is anticipated that if multidisciplinary (CAD/FEA/CFD)
analysis can be conducted concurrently once the concept
vehicle is designed, the feasibility of the design can be
determined at a much earlier stage. Consequently. the final

Vehicle Design Engine Data design or comparable options can be determined in a much
shorter time before committing expensive wind tunnel testing.

-• It is the objective of this project to develop and integrate
CAD Model appropriate CAE software to conduct multidisciplinary

analysis for a given configuration design. The flow chart in
_......Fig. 1 summarizes the concept and procedure developed for

' cF) Modl Stru,-tural FEA Mmultidisciplinary analysis of flight vehicles.

Aerodynamic Temripcrature & Mass
Coefficients Pressure Loads Properties DEVELOPMENT OF SOFTWARE & INTERFACE

__The first phase of the project has been focused on the
development and testing of a graphical user interface (GUI).

Fstress & Viration Analysis data translators for selected CAD. FEA. CFD and control
Stress &irtisimulation software. and specialized computer codes to

. .. .. integrate the design and analysis of flight vehicles. Structural
__ . __Dynamics Research Corporation's (SDRC) IDfE4S software

Flight Dynamics & Control Analysis was selected as the CAD modeling tool because of its
comprehensive capabilities to create complex solid models.
generate meshes. perform structural and thermal FEA, and

Fig. 1 I-STARS Multidisciplinary Analysis System export model data. The primary multidisciplinary FEA
software used is STARS, developed at NASA Dryden Flight



Research Center by Gupta et. al. 13,41. Specialized computer STARS-CFD Virtual Wind Tunnel

codes for estimating aerodynamic forces and stability
derivatives on hypersonic vehicles, for interpolating This component of the GUI (Fig. 2) enables the user to run I-
aerodynamic pressu and thermal loads on FEA models, and STARC and generate the STARS-CFD grid files. specify the

for flight control simulation have also been developed, free stream condition and CFD control parameters
interactively. It executes the S7ARS-CFD code, then the

IDEAS-STARS DATA TRANSLATORS aerodynamic force integration utility program once the
solution converges. It provides the options for multi-angle of

Whil IDAS s eficint n slidmodeingandFEAattack and multi-Mach number simulations. The result is a

simulations of structures. it does not have a CFD capability to attack pond set of su r s sul a n d Te mpe ratu re

predict the aerodynamics of the vehicle. On the other hand. corresponding sct of surface pressure and temperature
distributions on the vehicle and overall acrodynamic

STARS is capable of simulating interactions between d th i ovrl aeo .a

aerodynamics, heat transfer. structure and controls, but lacks
a GUI preprocessor for modeling and mesh generation.

In order to take advantage of the features of both software. it .

is necessary to develop a procedure in IDEAS to generate a
CFD mesh along with the solid and structural FEA model. ..

and translate both the CFD mesh and FEA model into input I .... -.. .

data for STARS. A computer program package written in ___- . r- .,r .--.-
C++. called I-STARS 151 has been developed to serve this 2 .. . r - "

purpose. It consists of the following components: r- - r 7 -r-

.-- r --

Once the solid model of a vehicle configuration is created in
IDEAS, an appropriate "airspace". i.e. the CFD domain, can
be created around the model concurrently. Appropriate
surface and volume grids for the CFD domain can be obtained coefficients.

by the automatic mesh generation capability in IDEAS. A
procedure has been developed to write out data files Fig. 2 I-S7:RS GUI - Virtual Wind Tunnel

containing the node coordinates, element connectivity and
indices specifying the type of boundary conditions. etc. as Hypersonic Aerodynamics Simulator

needed for subsequent CFD analysis. A conversion program
call I-STARC has been developed to translate these data into A relatively simple code called I-NERTOON, based on the

STARS-CFD input files, so that aerodynamic simulations can modified Newtonian theory for hypersonic flow 16,71, has also

be conducted. been developed to quickly estimate aerodynamic coefficients
and stability derivatives. This program employs the surface

Structural Finite Element Model Translator (I-START) mesh generated from an IDEAS model to predict pressure
distributions on the vehicle surface. Consequently, the

With the IDEAS solid model, finite element mesh for the overall aerodynamic forces can be integrated.

surface and internal structure of the vehicle can be generated
interactively. This could be a complex model containing Another component of the GUI has been created to run this

different types of elements (shell. beam, plate, solid, lumped hypersonic aerodynamic code for multi-angle of attack and

mass, etc.) and materials (isotropic, an-isotropic, laminated, multi-Mach number simulations. A control surface activation

etc.). A procedure has been developed to export information sub-panel is also available in this GUI for updating the

on the nodes, elements, material properties, loads and meshes of the control surfaces at specified deflection angles,

boundary conditions. A translator called I-START has been so that aerodynamic coefficients and corresponding stability

developed to convert all these data into STARS input files for derivatives can be obtained interactively without the need to

structural FEA. It also imports pressure and temperature modify the solid model and regenerate the meshes.

distributions, obtained from STARS-CFD simulation. as
aerodynamic loads on the structural model. STARS-SOLIDS Structure Analyzer

GRAPHICAL USER INTERFACE (I-STARS GUI) This component of the GUI provides an interactive
environment for executing I-START to translate IDEAS

A GUI system. called 1-STARS, has been developed to link models into input data files for structural and heat transfer

and execute the data translators. CAE software and utility analyses with STARS, and import aerodynamic pressure and

programs interactively and more efficiently. It consists of the thermal loads from CFD results needed for static stress and

following components: aeroelastic analyses. It consists of several sub-panels

designed for different types of analysis (static, vibration.
thermal. etc.)



Flight Dynajcs and Control Simulator plates made of various materials. The geometric and mass
properties, which are necessary for aerodynamic. structural

Longitudinal rigid body equations of motion were used to and flight dynamics control analyses, can be easily obtained

develop nonlinear control laws for flight vehicles. The from these models.

equations contain mass and inertia properties. as well as
aerodynamic characteristics of the vehicle. Two nonlinear CFD GRID & AERODYNAMIC ANALYSIS

control algorithms. one based on the sliding mode method
18,91, and one based on neural-adaptive techniques have been A CFD mesh was generated around the solid model, as shown

developed. The approach of the sliding mode control, also in Fig. 6. The surface pressure distribution on the vehicle

called (variable structure systems) is based on its ability to obtained from a typical STARS-CFD simulation is presented

treat nonlinear time-varying, and uncertain systems in a in Fig. 7. Using the I-STARS GUI, it is a matter of routine to

straightforward manner. Equally. adaptive and neural control obtain aerodynamic coefficients at a various angles of attack

techniques are known to be the most suitable approach for and/or Mach numbers (Fig. 10). The I-NEWTON GUI

systems with uncertain and changing dynamics. They are the quickly predicts the effect of control surface deflection at

most effective methods for control design for systems in hypersonic speeds, as shown in Fig. 11.

which distributed dynamics are coupled with other system
dynamics. The effects of structural dynamics, aeroelasticity STRUCTURAL ANALYSIS

and other unmodeled dynamics were included in the form of
uncertainties in the internal and aerodynamic parameters. STARS FEA solution for static stress and deflection due to

aerodynamic loading on the structure is given in Fig. 8, and a

A SIMUIdNK-based computer program called I-CONSIM has typical mode shape from vibration analysis is shown in Fig. 9.

been developed to employ these control algorithms to conduct
flight dynamics and control simulations. The top control FLIGHT CONTROL SIMULATION

panel of this simulator is illustrated in Fig. 3. Mass and
inertia properties obtained from the FEA model, aerodynamic The mass properties and aerodynamic characteristics of the

coefficients and stability derivatives obtained from 7IARS- GHV were fed into the I-CONSIM flight control simulator,

CFD Virtual Wind Tunnel simulations, and engine data are along with performance characteristics of a hypothetical

imported via the plant module. Changes in flight condition engine. The vehicle response to reach a desired flight speed

are input to the sensor and the controller executes the and altitude can be obtained. For a desired altitude change of

simulation. 1000 ft. for instance, the corresponding change in elevator
deflection angle and engine thrust with time are shown in

Nonlinear Control of a Hypersonic Vehicle Fig. 12 and Fig. 13.

ControI SId.•, MOd.
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CONCLUSION

A set of computer codes and software interfaces have been

developed to integrate design, modeling and analysis for air

vehicles. Once a solid model of the design is created.

corresponding finite element models for structural analysis
.0, d.tlow, and meshing for aerodynamic simulation can be generated.

Multidisciplinary analysis involving interactions of

aerodynamics, structure and longitudinal flight controls can

then be conducted. It is anticipated that three-dimensional
flight control simulator and aircraft design software based on

siting from the flight mission and performance requirements

Fig. 3 l-CONSIM Flight Control Simulator may be incorporated in the future. Refinement and

optimization of configuration design can be achieved by

iterations of this type of multidisciplinary CAE analysis.

TEST CASE: GENERIC HYPERSONIC VEHICLE These CAE tools are being used to support multidisciplinary
research projects and integrated into the engineering

SOLID MODEL AND STRUCTURE curriculum to enhance teaching in this emerging field.

To verify the software tools developed, multidisciplinary ACKNOWLEDGMENTS
analyses for a generic hypersonic vehicle (GHV) design
[5,10] were conducted as a test case. A solid model (Fig. 4) This project was supported by NASA Dryden Flight Research

and a FEA model for the structure (Fig. 5) were created with Center under Grant No. NAG4-130 and NAG4-174.

IDEAS. The structure consists of thin shells, beams and
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Fig. 4 GHV Solid Model Fig. 7 CFD Results - Surface Pressure

Fig. 5 FEA Structural Model Fig. 8 Static Stress Analysis
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Fig. 9 Aertclastic Analysis

Fig. 6 CFD Mesh
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Abstract

Fault-tolerant control of high performance aircraft is an important area that needs to be

developed in order to meet strict performance, safety requirements, and mission

satisfaction, especially when operating under adverse flying conditions. The purpose of

this paper is to review and present in a compact form a wide range of techniques and

approaches developed over the years in the area of fault detection, isolation and control

reconfiguration that are applicable to aircraft.



1. Introduction

The aim of a fault-tolerant control scheme is to maintain system stability and retain acceptable

performance under system failures. Research into fault-tolerant control and applications has

attracted more and more attention and references can be found in, for example, Looze et al.

(1985), Joshi (1987), Dittmat (1988), Wu (1992), Rauch (1995), Makila et al. (1995), Elaine et al.

(1998), Blanke et al. (1997), Stoustrup and Niemann (2001). With the development of modern air

vehicles fault tolerant flight control system (FTFCS) has become a critical in the operation of

high-performance airplanes, space vehicles, and structures, where safety and mission satisfaction

are among the main concerns. With a FTFCS system the flying aircraft can maintain good

performance even with impairments to actuators, sensors or control surfaces, and thus increase

survivability, and probability of mission success.

With the FTFCS flight is possible even in the presence of failures, however, it may be

necessary to modify the control surfaces and reconfigure the control law. Fault-tolerant control

methods can be classified into two categories: Those based on fault detection and isolation and

those that are independent of fault diagnosis. The first uses on-line fault detection and isolation to

monitor the system and when fault occurs the control laws are redesigned to ensure that the faulty

system maintains satisfactory performance, i.e., active fault-tolerant controller design. The second

is based on designing fixed controllers without consideration of whether the fault has occurred or

not. If the effects of certain faults and modeling errors are alike, a fixed robust controller can be

carefully designed to achieve fault-tolerance to these faults, which is the so-called passive

approach to fault-tolerant control (Eterno et al. 1985, Horowitz et al. 1985, Williams et al. 1990,

Jaxobson and Nett 1991,Veillette et al. 1992, Marrison and stengel 1998). Clearly, fixed

controllers don't work well for those 'additive' faults that have additive effects on the

input/output signals. If the additive faults are physically inseparable from the signal flow in

nominal case it is sometimes impossible to use one fixed controller to deal with all possible faulty

conditions. Another drawback of the passive fault-tolerant controller is that in the faulty situation
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all the damaged signals will be used in the closed-loop system so that stability and performance

cannot be guaranteed (Patton 1997). In this paper our emphasis will be on the first category where

an overview of methods of fault diagnosis and controller reconfiguration for aircraft is presented.

Fault detection and isolation (FDI) is a critical part of a FTFCS and it is expected to provide

warnings and diagnostic information as soon as the failure develops, so that the controllers are

reconfigured and further deterioration is prevented. According to generally accepted terminology,

the task of the FDI consists of (Gertler 1988, Patton 1991):

"* Fault detection, i.e., the indication that something is going wrong in the system.

"* Fault isolation, i.e., the settlement of the exact location of the failure.

"* Failure identification, i.e., the determination of the size of the failure.

According to the depth of the information used of the physical process, the approaches to the

problem of failure detection and isolation fall into two major categories:

"* Methods that make use of the quantitative plant model, or, model-based FDI;

"• Methods that do not depend on the quantitative model of the plant, or, model-free FDI.

This paper is organized as follows: Section 2 is devoted to methods used in model-based FDI.

Section 3 discusses the robustness problems in model-based FDI. The model-free FDI approaches

are discussed in section 4. Control reconfiguration is discussed in section 5.

2. Model-based Fault Detection and Isolation

A wide class of FDI methods makes explicit use of a mathematical model of the plant, and is

referred to as model-based FDI. This approach is motivated by the conviction that deeper

knowledge of the system results in more reliable diagnostic decisions. In the last 20 years

different approaches for fault detection using system mathematical models have been developed

in the following categories: observer-based method, parity space approach, eigenstructure

assignment, frequency domain design, parameter identification and nonlinear techniques ( see,

e.g. Willskey 1976, lsermann 1984, Gertler 1988, Frank 1990 ). The dynamics of an aircraft are
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well studied leading to accurate mathematical models and diagnosis techniques as presented in

Deckert, et al. (1977), Chandler (1989), Ioannou et al. (1989), and Polycarpou (1994).

The main idea behind the model-based FDI is 'analytical redundancy,' the comparison of

measurement data with prior known mathematical model of the physical process (Chow and

Willsky 1984, Patton 1991). Analytical redundancy is preferable to 'hardware redundancy' in that

analytical redundancy offers a simpler, flexible structure, with less equipment and cost (Gertler,

1993).

In this section the concept of model-based FDI is elaborated further by discussing the

mathematical models of systems in faulty and fault-free states. Section 2.2 presents a general

description of the steps required in model-based FDI, and the remaining two sections give an

outline of different methods used in model-based FDI as they apply to aircraft dynamics.

2.1 Mathematical Model of a System with faults

Most model-based FDI methods are based on linear dynamic models. In the case of a non-

linear system, these methods rely on model linearization around an operating point. Although

aircraft dynamics are inherently nonlinear, aerodynamic nonlinearities generally are smooth

enough in a trimmed flying condition to warrant linear design techniques (Stengel 1993).

For modeling purposes, an aircraft system with faults can be separated into three subsystems:

actuators, aircraft dynamics and sensors as illustrated in figure 1.

[Insert figure I here.]

In figure 1, u(t) is the known input vector, y(t) is the vector of measured output signals

corrupted by sensor faults; uR(t) , yR(t) is the actual input and output signals of the aircraft

dynamics respectively, and uR(t) is corrupted by actuator faults. The system dynamics shown in

figure 1 can be described by a state-space model as:

{(t) = Ax(t) + Bu.(t) + f(t) (1)

yR(t) = Cx(t) + DuR(t)
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where x(t) is the state vector, A,B,C,D are matrices of appropriate dimensions, and

fj(t) represents the effect of possible component faults. Substituting in (1)

UR(t) = u(t) + f.(t), f,(t) - actuator fault

y(t) = yR(t)+f(t), f(t) -sensor fault

the model of the dynamic system becomes

{ (t) = Ax(t) + Bu(t) + Bf0 (t) + f,(t) (2)

y(t) = Cx(t) + Du(t) + Df (t) + f,(t)

which can be represented in the general compact form

{i(t) = Ax(t) + BuQt) + R, f(t) (3)

y(t) = Cx(t) + Du(t) + R2f(t)

where f(t) = [fo(t) f,(t) f (,)I1 is a qx I fault vector, with each element corresponding to a

specific fault.

An input-output transfer matrix representation for the system with possible faults is then

described as:

y(s) = G (s)u(s) + Gf (s)f(s) (4)

where

{GP(s) = C(sl - A)-'B + D
G1(s) =C(sl - A)-'R, + R2

From a practical point of view, it is reasonable to make no further assumptions about the fault

modes but consider them as unknown functions of time. The corresponding distribution matrices

R, and R2 of faults are usually assumed to be known (Frank 1994, Chen and Patton 1999).

2.2 Residual Generation and Evaluation

A traditional method of detecting faults is to use limit checking, i.e., to compare process

variables with preset limits. Then exceeding of a limit indicates a fault situation. Although

simple, this method has a serious drawback in that the process variables may be varying with
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different operating states, thus the check limit is dependent on the operating state of the process.

As a different indication of occurrence of faults, residual signals are quantities that represent the

inconsistency between the actual system variables and those generated from the mathematical

model. They are independent of the system operating state and respond only to faults, which

makes it a direct development of the limit checking method (Chen and Patton 1999).

In model-based FDI, faults are detected by setting a threshold (fixed or variable) on the

residual signal where the exceeding of the threshold indicates a fault occurrence. A number of

residuals can be designed, each having special sensitivity to individual faults. Figure 2 illustrates

the conceptual structure of a model-based fault diagnosis system comprising two stages of

residual generation and decision-making (Chow and Willsky 1984, Isermann 1997).

[ Insert figure 2 here. ]

The residual signal, r(t), carries information on the time and location of the faults. It should be

near zero in fault-free case and deviate from zero when a fault occurs. The decision process

evaluates the residuals and monitors if and where a fault has occurred.

A typical structure of a residual generator is shown in figure 3, which involves processing of

the input and output data of the system (Basseville 1988, Gertler 1988).

[ Insert figure 3 here. ]

The simplest approach to residual generation is the use of system duplication. That is, system

F, is designed to be the aircraft system model and F2 is set to be identity, thus the signal z is the

simulated output of the system and the residual r is the difference between the calculated output z

and the real output signal y. The disadvantage of this method is that the stability of the model Fl,

referred to as the simulator, cannot be guaranteed when the system being monitored is unstable. A

direct extension of the simulator-based residual generation is to replace the simulator by an output

estimator, as shown in figure 4 (Patton 1991).

[Insert figure 4 here.]
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(Beard 1971, Frank 1990) or a Kalman filter in the stochastic case (Willsky 1976, Basseville

1988). The flexibility in selecting the observer gains has been studied by (Frank and Ding 1997).

In practice, it is desired to estimate a linear function of the state, i.e. Lx(t), using a generalized

Luenberger observer with the following structure

iz(t) = FzQ) + Ky(t) + Ju(t) (7)
w(t) = Gz(t) + Ry(t) + Su(t)

where z(t) is the state vector of the observer, which is an estimate of a linear function of the

state x(t), say, Tx(t), and F,K,J,R,G and S are matrices derived according to the following

conditions

"F has stable eigenvalues

TA-FT = KC

J = TB - KD
RC +GT= L

S+RD=0

It is worth noting that in the case of a full order observer T = I. If the above conditions are

satisfied and there are no faults, we can establish that

lim[z(t) - Tx(t)] = 0,
I-.-)

and w(i) converges to Lx(t) exponentially fast. If the matrix L is taken to be L = C, then the

residual vector is defined as

r(t) = Q[y(t) - ý(t)] = Ltz(t) + L2y(t) + L3u(t) (8)

where '(t) = w(t) + Du(t) is the estimate of the output vector, and

L, = -QG
L2 =Q-QR

L, = -Q(S + D)

From Eq. (7) and (8) we obtain the following expression for the residual vector

r(s) = [L Z(sl - F)-'K + L.]y(s) + [L, (sl - F)-YJ + L,]u(s) (9)
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This structure is expressed mathematically as:

Y(S)Jys)

where H.(s) and HY(s) are transfer matrices with stable poles to be designed. In order to

guarantee that the residual is zero for the fault-free case the following condition must hold

H.(s) + HY(s)G,(s) = 0 (6)

Eq. (5) is a generalized representation of all residual generators. The design of the residual

generator involves the selection of the transfer matrices H.(s) and Hi(s). Usually, residuals are

generated using analytical approaches, such as observers, parameter estimation or parity

equations based on analytical redundancy (Clark, 1989, Ding et al. 1992, Patton et al, 1994,

Wang et al. 1996, Chen et al. 1996, Stoustrup et al. 1999). It is important to note that the function

of the residual generator is not to estimate the state of the plant but rather to respond promptly to

the occurrence of a fault (Patton and Lopez-Toribio 1999).

For residual evaluation the residual generator must posses the following properties of fault

detectability and isolability (Frank 1994, Gobbo and Mapolitano 2000).

Fault detectability-A fault f,(t)is said to be detectable if gfi(s) # o, Vs where gfi(s) is the i th

element of the transfer matrix G1(s) = [g61(s) ... gjq(s)] defined in Eq.(4).

The detectability condition gfi(0) •0 is evident because otherwise the fault effect on the

residual will disappear although the fault still exists in the system.

Fault isolability- A fault is isolable if it is distinguishable from other faults using one residual

set (or a residual vector) and such residual set is said to have the isolability property.

In the following subsections we present several residual generation approaches.

2.2.1 Observer-based Residual Generation

The basic idea of the observer or filter-based approach is to estimate the states or the outputs of

the system from the measurements using either a Luenberger observer in the deterministic case

8



Let us define e(t) = z(t) - Tx(t) to be the observer error, which in the absence of faults converges

to zero exponentially fast. The dependence of the residual vector on the fault is obtained using

Eq.(3) and (9) that

{ (t) = Fe(t) - TRJf(t) + KR2f(t) (10)
r(t) = L,e(t) + L2Rj(t)

It follows from Eq. (10) that at steady state the residual signal will depend only on the faults. The

observer-based residual generator always exists because any input-output transfer function matrix

with no zero-pole cancellations has an observable realization (Chen and Patton 1999).

2.2.2 Parity Space Approach

The parity equation method was first proposed by (Chow and Willsky 1984) using the

redundancy relations of the dynamic system. The main premise of this method is to provide a

proper check of the parity (consistency) of the measurements for the monitored system. Consider

the discrete-time system

x(k + 1) = Ax(k)+ Bu(k)+ R,f(k) (11)

y(k) = Cx(k) + Du(k) + R 2f(k)

which can be reorganized into a set of matrix equations for a series of s output measurements:

1 ) u(k-s) f(k-"s)
y(k -s+ 1) H u(k -s+-1) f(k- s+1) (12)

[y(k) J [u(k) f(k)
Y(k) 1(k) F(k)

where

D 0 ... 0 R2 0 ... " 1 C

H D ... 0 M CR R ... , CA

CAs-'B CAs-2 B ... LCA-'R, CAs-2 RI ... CA

A residual signal can be defined as:

r(k) = V[Y(k) - HU(k)] (13)

= VWx(k - s) + VMF(k)
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where V is the matrix chosen to satisfy the conditions

VW=0, VM•O (14)

The condition vw=0 implies that r(k)=0 when there is no fault, and the condition

VM # 0 implies that r(k) is observable from F(k).

Once the matrix v is derived, the residual signal can be generated using Eq. (13). For an

appropriately chosen s, the solution of Eq. (14) always exists. This implies that a parity relation-

based residual generator for fault detection always exists (Chen and Patton 1999).

2.2.3 Parameter estimation method

Model-based FDI can also be achieved by the use of parameter identification techniques if the

basic structure of the model is known (Isermann 1984, 1997). This approach is based on the

assumption that faults are reflected in the aircraft system parameters such as mass, inertia, etc. In

this method parameters of the mathematical model are estimated on-line using parameter

estimation methods and are compared with those obtained initially under the fault-free case. Any

inconsistency indicates a fault. Consider the aircraft system model

yt) = f(A, u(t)) (15)

where 0 is the parameter vector of the aircraft model. By on-line parameter identification, one

can obtain the estimation of parameters, 00, in the fault-free case. Denote by k-, the estimation

of the parameters at time step k - I, and assume the coefficient estimation at time step k iso6, the

residual can then be defined as

r(k)=Ok - 0  or (16)
r(k) = y(k) - f(8k-1 , u(k))

Song et al. (2002) compared time-domain based and frequency-domain based online parameter

identification methods for application within a fault tolerant flight control systems. The

simulation conducted on NASA IFCS F-15 aircraft demonstrated the usefulness of these two

schemes. The parameter estimation method is valid not only for linear models, but nonlinear ones
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too. Its drawback is that it cannot be easily used to achieve fault isolation since the identified

parameters cannot always be converted back to the aircraft physical parameters (Isermann 1984).

Furthermore issues associated with parameterization of the parameters to be estimated in a linear

in the parameters model (Ioannou and Sun, 1996) as well as the persistence excitation property of

the regressor vector need to be resolved before using this method for fault detection. Lack of

persistence of excitation for example will lead to parameter estimates that are different from the

true ones even in the absence of faults.

After a nonzero residual signal is derived, it is evaluated to distinguish a particular fault from

others, i.e., to isolate different faults. In model-based FDI one can establish the structured residual

set which is sensitive to specific faults and insensitive to others (Gertler 1993, Frank 1994, Chen

and Patton 1999). The other way is to design a directional residual vector that lies in a fixed

direction or a plane corresponding to a particular fault in the residual space. We will discuss these

cases in the following subsections.

2.2.4 Residual Evaluation: Dedicated Observer Scheme (DOS)

The dedicated observer scheme (DOS) in fault isolation uses a bank of residual signals. Each

residual is sensitive to a specific fault while insensitive to the rest of possible faults (figure 5)

(Wunnenberg 1990). The task of isolating faults is achieved by comparing each residual signal

with an initially set threshold and a resulting Boolean decision table. The fault isolation logic can

be expressed as

r'Q) > T, i = 1,2,...,q (17)
r,(t) r, f(t)=0;

where r, () is the residual signal output of the i - th observer; T, is the threshold, and f (t) is the

fault to which the residual r,(t) is most sensitive. The DOS scheme is simple and all faults can be

detected simultaneously. However it is not robust with respect to unknown inputs such as

disturbance, uncertainty and noise (Wuennengerg 1990, Frank 1990).

[Insert figure 5 here.]
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2.2.5 Generalized Observer Scheme (GOS)

The generalized observer scheme in fault isolation also uses a set of structured residual signals,

but the difference with DOS lies in the fact that all residuals of the residual set are generated to be

sensitive to all but one fault, i.e.

rQ) = R(f (t),.., (t),f.,(t),..,f(t))

where R(.) denotes a functional relation. The fault isolation logic is as follows:

r,(t) 5 i f
r,(1)> Tj,VjE {l,...,i-,i+l,...,q}} f,(t)O (18)

Here the i -th fault affects all but the i -th residual, so that the residual signals isolate only a

single fault at a time. For an example shown in figure 6, the residual signal r, is determined by all

three possible faults except f 2, and the fault f. is diagnosed when both r, and r, exceeds the

thresholds but r2 remains below the threshold T2. The GOS scheme is superior to DOS scheme in

that the additional design freedom can be utilized to deal with the robustness to unknown inputs

(Frank 1994). The logic of GOS is shown in figure 6 for the case of 3 possible faults.

[Insert figure 6 here.]

2.2.6 Directional Residual Set Evaluation

A third way to accomplish fault isolation is to use the directional residual vector ( Chen and

Patton 1999, Chen and Speyer 2001). Here, the signature directions, 1(f) , of each possible

fault f are needed. The signature of fault is a vector referring to a single direction or an invariant

subspace in the residual space that does not overlap each other and thus uniquely represents the

specific fault. Figure 7 illustrates an example of fault isolation scheme using directional residual

vector. In this example there are three signature directions corresponding to three possible faults

represented by dashed lines in figure 7. The fault isolation is achieved by comparing the derived

residual vector r and the signatures of different faults. The fault whose signature direction is
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closest to the residual signal will be the most likely one occurred. Figure 7 shows the residual

vectorr and its projection to the signature directions. The detection and isolation of the fault is

determined by the projected value of r that was the highest magnitude. In the example of figure 7

the fault is f 2.

[Insert figure 7 here.]

3. Robustness Problems in Model-based FDI

Model-based FDI techniques have the advantage of taking full use of the prior quantitative

information of the dynamics and the success of on-line FDI. The price to pay is that they are

potentially sensitive to modeling errors and require an accurate model of the aircraft. In practice

modeling errors such as disturbances, noise, and parameter uncertainties are inevitable, giving

rise to the question of robustness in fault detection and isolation. Robustness is defined as the

ability to isolate faults in the presence of modeling errors (Gertler 1988, Frank and Ding 1997,

Basseville and Parisini 2000). Robustness in an FDI is important since disturbances and

uncertainties could interfere with fault isolation and lead to false alarms.

A number of methods have been proposed to address the FDI robustness problem in

applications to aircraft and flight control (Patton and Kangethe 1988, Stengel 1991). In the

following subsections several methods of robust residual generation and evaluation are discussed.

3.1 Robust Residual Generation Problem

Robust residual generation is to design a residual signal that is highly sensitive to faults while

decoupled from disturbance and inaccuracies of the model. Taking model errors into

consideration the aircraft dynamics described in (3) becomes

{i•(t) = Ax(t) + Bu(t) + E~d(t) + RJf(t) (19)
y(t) = Cx(t) + Du(t) + Ezd(t) + R2 f(t)

Here d(t) is a function of unknown inputs including disturbances, noise and uncertainty of the

model, and E1,E2 are assumed to be known matrices of proper dimensions. Methods of
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determining the matrices E•, E have been exploited during the last decade, together with

disturbance de-coupling methods such as eigenstructure assignment (Patton and Chen 1991),

frequency domain design (Frank and Ding 1994), and orthogonal parity approach (Gertler and

Kunwer 1995).

The output of the system (19) with faults and modeling errors in the frequency domain is:

y(s) = (GP (s) + AG, (s))u(s) + Gf (s)f(s) + Gd (s)d(s) (20)

where {Gp(s) = C(sl - A)-B+D

G/(s) = C(sI - A)- 'R + R2

Gd(s) = C(sl - A)-' Ej + E2

and AGP (s) describes the modeling uncertainty in matrices A, B, C, and D.

Replacing y(s) in (5) with the above output, and assuming the condition

H.(s) + HY(s)G,(s) = 0

shown in Eq.(6) is satisfied, the residual signal becomes

r(s) = Hy(s)AG1 (s)u(s) + Hy(s)Gd(s)d(s) + Hy(s)Gf (s)f(s) (21)

To accomplish the task of fault detection and isolation in the presence of unknown inputs and

other possible faults in the residual signal, the effect of a specific fault has to be decoupled from

the effects of the other faults and unknown inputs. The decoupling of unknown inputs can be

achieved if

H, (s)Gd(s) = 0 (22)

If the above condition does not hold, perfect decoupling from the unknown inputs is not

achievable. An alternative approach is to solve the optimal or the approximate decoupling

problem by minimizing the following performance index (Ding and Frank 1991):

=IH (jw)G (jw)i (23)

IJHY(jw)G (jw)4
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over a specific frequency range. The extreme case j = 0 means that the effect of unknown inputs

on the residual signal is completely decoupled, as in Eq. (22).

3.2 Robust Residual Generation Designs

Many methods have been developed to enhance the robustness of residual generation

(Watanabe et al. 1982, Viswanadham et al. 1988, Ding et al. 1992, Hou et al. 1994, Duan et al,

1997, Frank and Ding 1997). Methods such as H_ optimization and nonlinear designs have also

been exploited to generate robust residual signals (Lou et al. 1986, Gertler et al. 1995, Zhang et

al. 2002).

3.2.1 Unknown Input Observer Scheme

An unknown-input observer estimates the state without coupling among faults and unknown

inputs (Watanabe and Himmelblau 1982, Wunnenberg 1990). Since the control signal u(t) is

always known, the system model described in (19) can be simplified as

i(t) = Ax(t) + Bu(t) + Eid(t) + Rjf(t) (24)

ý(t) = Cx(t) + E2d(t) + Rf(t)

where T(t) = y(t) - Du(t).

The unknown input observer is given by

{i(t) = Fz(t) + K'3(t) + Ju(t) (25)
r(t) = Ltz(t) + L23

The estimation error defined as e(t) = z(t) - Tx(t) and the residual signal are governed by the

equations

4~t) = Fe(t) + Ju(t) + KCx(t) + KE2d(t) + KR2f(t) - TAx(t) - TBu(t) - TEtd(t) - TRf(t) (26)

r(t) = L, (e(t) + Tx(t)) + L2Cx(t) + L2E2d(t) + L2R2f(t)

Suppose the system is initially in a fault-free state, i.e. f (t0) = 0, i = 1, ... ,q

The conditions to make the fault detectable, say,

{f,(t) = O,i=i 1,2,...,q = r(t 0 1Ž1t (27)
any f(t)0,O,i=l,2,.-.,q r(t) * 0
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are satisfied if the following equations hold

F has stable eigenvalues
TA-FT = KC

TE, =0

KE, = 0 (28)
L2E2 = 0

J = TB

LIT+ L2C = 0

Given the above conditions, the estimation error and the residual signals obeying (26) become

i(t) = Fe(t) + KR2f (t) - TRJfQ) (29)
r(t) = LIe(t) + L2R2 ft)

This equation reveals that the residual is independent of disturbances and will only depend on

the fault information as the estimation error asymptotically converges to zero.

Hou and Muller (1994) presented a method for designing Unknown Input Observers (UlOs)

using an algebraic approach. In this method, the reduced order and full order UlOs are the same

if the conditions of disturbance decoupling, Eq. (28), are satisfied. Chen, Patton and Zhang

(1996) also presented the method that use the freedom of full order UlOs to make the residual

vector 'directional' as introduced in Section 2.2.6.

3.2.2 Eigenstructure Assignment for Robust FDI

In the design of UlOs the state estimation error is independent of the disturbance, and the

residual is defined as the weighted linear transformation of the state estimation error. Therefore,

the residual is independent of the disturbance. An alternative way to accomplish robust residual

generation is to de-couple the residual from the disturbance directly, while the state estimation

error may be dependent on the unknown inputs. Eigenstructure assignment approach is such a

method presented in (Patton, et al 1986) and applied to robust FDI of flight control in (Shen et al

1998).
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The main idea of the eigenstructure assignment approach is to assign the left or right

eigenvectors of the observer to be orthogonal to the disturbance distribution directions. Using a

linear transformation of the output y(t), the state equation in Eq.(19) becomes

{k (t) = Ax(t) + Bu(t) + Eld(t) + R, f(t)
y(t) = TyCx(t) + TyDu(t) + TYE 2d(t) + TYR 2f(t)

where the matrix TY is selected such that the disturbance term T E, is null. The system's state-

space expression becomes

{.x(t) = Ax(t) + Bu(t) + Eld(t) + Rf(t) (30)

YT(t) = C7x(t)+ DOu(t)+ R2rf(t)

where y7 (t) = Tyy(t), C1. = TYC, DT = TYD, and Rr = TYR,. The full order observer for residual

generation is given by

.i(t) = (A - KCr )i(t) + (B - KDO )u(t) + Kyr (t)

5(t) = Cr i(t) + Dru(t) (31)
r(t) = Q[y1.(t) - 15(t)]

Defining the state estimation error as e(t) = x(t) - i(t), the residual vector is generated as

J'(t) = (A - KCT)e(t) + Eid(t) + Rjf(t) - KR 2 TfQt)

1 r(t) = QCe(t) + QR2 .f (t) (32)

To make the residual independent of the disturbances, the following condition must hold

G,d(s) = 1(.-t) = QCT(sI - A + KCr)- 'Ed(s) = 0 (33)
d(t)

The sufficient conditions for satisfying the disturbance de-coupling requirement are

QCTEI =0 (34)
1All rows of QCT are left eigenvectors of (A-KCT) correponding to any eigenvalues

Methods to assign left observer eigenvectors include, for instance, the parametric approach

presented in (Choi et al. 1995, Duan et al. 1997). It is also feasible to achieve disturbance

decoupling by assigning right eigenvectors of the observer where the columns of E, are assigned

as right eigenvectors of (A - KC.) corresponding to the eigenvalues (Patton and Kangethe 1988,
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Choi 1998). The limitation of the eigenstructure assignment is that the number of independent

disturbances to be decoupled has to be smaller than the number of independent available

measurements.

3.2.3 Robust FDI using Optimal Parity Relations

Consider the discrete model of an aircraft dynamics with disturbances and faults

x(k + i) = Ax(k) + Bu(k) + Ed(k) + Rjf(k)
y(k) = Cx(k) + Du(k) + E2d(k) + R2f(k)

Similar to Eq. (12), the output equations with unknown inputs d(.) and f(.) become

y(kl-s) u(k-s+) d(k - s) f(k-s+)

y(k- s+1) u(k- s+1) [d(k- s+1) [f(k- s+1)
1 x(k-s)+H,[ I H2 +)] (36)

y(k) u(k) d(k) f(k)
Y(k) 1I(k) 0(k) F(k)

where

CA
CA

Ho =

[CA'.]

D 0 .. 0
CB D ...

H-

CA -'B CAs-2 B ...[E2  00
CE, E 2  ... 0H2= i: ". "

-CAN-'E 1  CAs-2 El ... 2

C g 0 "" 01

CR, R2  .. 0H3= "R

LCAS-iRI CAS-2 R, " 2J

The residual signal is generated using the measurements u(.) and y(.) as

19



r(k) = V[Y(k) - HU(k)] (37)

As in the case of Eq.(14), the conditions for fault detectability are

VHo = O, VH3 * 0 (38)

To satisfy perfect disturbance decoupling another condition must also be satisfied:

VH2 = 0 (39)

These conditions are rather restrictive and in some cases they may not have a solution. In such

case only approximate unknown input decoupling rather than perfect disturbance decoupling

could be achieved. In the approximate decoupling the performance index

L4= 4 (40)

is minimized in order to strike a compromise between the effect of faults and unknown inputs.

Such work can be found in (Lou et al. 1986, Wuennenberg 1990, Frank 1990, Gertler and

Kunwer 1995) and a review of parity space approaches to fault diagnosis for aerospace systems is

given in (Patton and Chen 1994).

3.2.4 Frequency Domain Design and H_ Optimization

Frequency domain designs for fault detection are based on the fact that unknown inputs and

faults have different frequency characteristics (Viswanadham and Minto 1988, Kinnaert and Peng

1995). For the system and output equation described in (19) and (20), the residual generator via

factorization was given by (Ding and Frank 199 1)

r(s) = Q(s)(Mf' (s)y(s) - N(s)u(s)) (41)

Here Gp(s) = ý'-'(s)N(s) is the left co-prime factorization of the transfer matrix Gp(s) and M4(s),

N(s) are transfer matrices defined by:

Mf(s) = -C(sl - A + KC)-' K + 1 (42)

N(s) = C(sl - A + KC)-(B - KD)+ D
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K is the feedback matrix chosen to make (A - KC) stable, I is the identity matrix and the matrix

Q(s) is a stable proper transfer matrix of weighting functions which can be static or dynamic.

Substituting the model in Eq. (19) into (41) the residual signal is obtained as follows:

r(s) = Q(s)(Nf (s)f(s) + Nd (s)d(s)) (43)

with

Nf (s) =C(sI - A + KC)-'(R, -KP) + R2

Nd (s)= C(sI - A + KC)-'(EI - KE2 ) + E2

Perfect disturbances decoupling requires (Frank and Ding 1994)

Q(s)Nf (s) = diag(t. (s),...,tq (s)) E RH.
Q(s)N N(s) = 0(45)

where RH. denotes the set of all stable and proper transfer matrices.

In the term of the transfer matrices G/(s) and Ga(s) the perfect decoupling condition is given

by

f rankjGf(s) Gd(s)I= rank {G1(s)}+ rank {Ga(s)}

rankerf (s)}= g (the number of independent faults) (46)

When such conditions do not hold, perfect disturbance decoupling is not achievable. In this

case, the best approach is to obtain an optimal approximation by minimizing the following

performance index

JminIQ(s)Nd(d4 (47)
) = •(s)Ni(s)I

This optimization problem and the H_ approach were studied by Ding and Frank (1991).

Other methods using singular value decomposition techniques were proposed by Lou et al.

(1986), Mangoubi et.al. (1992), etc. Niemann and Stoustrup (1996) introduced modeling error

blocks into the H_ observer design and similar work for nonlinear systems can be found at

(Stoustrup and Niemann 1998). Niemann and Stoustrup (1997) also investigated the feasibility of
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designing the robust controller and robust FDI units simultaneously. In their work the fault

estimation problem is solved without generating the residual signal, and the estimated fault is

used for both the FDI unit and the controller.

3.2.5 Nonlinear Residual Generation

The methods discussed in previous sections apply to linear models of the aircraft dynamics,

which rarely represent the real case accurately. One way to deal with nonlinearity is to obtain the

linear approximation at an operating point and utilize robust techniques to make the residual

signals insensitive to model errors, as described above. The problem of using a linearized model

is that it works only within a small range near the operating point. If the system operates in a wide

dynamic range, the linearized model may fail to describe the dynamics and the linear techniques

are not applicable. The preferred way to address nonlinearity is to deal with it directly and

develop nonlinear fault detection and isolation techniques. Some of the existing methods include

exploiting nonlinear and adaptive observer designs to address the nonlinear fault detection and

isolation (Ding and Frank 1992). To find a 'universal' model for nonlinear systems neural

networks have been introduced (Narendra and Parthasarthy 1990, Alessandri et al 2000).

Similarly, to overcome the problem of precision and accuracy of the models used in FDI, fuzzy

logic is integrated in model-based FDI (Takagi and Sugeno 1985, Dexter and Benouarets 1997).

Polycarpou (1994) presented a general learning methodology for fault diagnosis and

accommodation. The main idea is to monitor the system dynamics using adaptive nonlinear

modeling techniques that detect changes in the dynamics and create a rough model of these

changes for fault accommodation. The robustness to modeling uncertainties was addressed in

Vemuri et al (1996), and a detectability analysis was proposed by Polycarpou and Trunov (2000).

Similar work can be found in Demetriou et al. (1998), Polycarpou and Vemuri (1998), and

Trunov and Polycarpou (2000).

3.3 Methods of Robust Residual Evaluation
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As discussed earlier, residual evaluation is to compare the decision function of the residual

signal versus threshold set initially in the fault free case. In addition to a number of robust

residual generation methods, some approaches that increase the robustness in residual evaluation

have been proposed (Emani-Naeini et al 1988, Clark, 1989, Frank, 1995, Zhang et al 2002).

These approaches make use of thresholds that are modified with residuals or controls of the

system in contrast to the use of fixed thresholds applicable only to one specific operating point.

3.3.1 Adaptive Threshold Method

In nonlinear systems residual and decision function may vary with changing control input and

system parameter uncertainties causing false alarms when these changes are large enough to

exceed the fixed value of the threshold. In order to increase robustness in such cases, an adaptive

threshold was proposed (Clark 1989, Frank 1995, Zhang et al. 2002) which depends on the

control activity and the noise. In the presence of parameter uncertainties, the threshold is varing

with the changing system dynamics even if no fault occurs. Figure 8 gives a graphic illustration

of the adaptive threshold for direct residual evaluation.

[ Insert figure 8 here.]

3.3.2 Robust Threshold Selector

In a similar way, to increase robustness in residual evaluation, one can use the robust threshold

selector presented by Emani-Naeini et al. (1988) shown in the block diagram in Figure 9.

[ Insert figure 9 here. ]

Consider the residual signal described by Eq.(21), and assume that unknown inputs are

decoupled. The residual signal in the fault free case is

r(s) = Hy(s)AGP(s)u(s) (48)

Assume the model error is bounded by

IAGp(jw)I <•6 (49)

thus

23



Ijr(iw)II = 11H, (jw)AG, (jw)u(jw)II
<_ H, (iw)u( jw)IAG (jw)l (50)
: MIH, (jw)u(jw~l

Then an adaptive threshold T(t) for Eq.(I 7) and (18) can be selected as

T(s) = 6H- (s)u(s) (5)

Clearly, the control activity and the system operating states will influence the threshold selector

and hence improve the fault detection and isolation.

4. Model-free FDI Techniques

The methods described so far were all based on quantitative models of the system dynamics.

These methods are not applicable when an adequate quantitative model of the system is not

available. As a complement, there is a branch of fault detection and isolation that deals with cases

when either no model or only a qualitative model of the dynamics is available (Narendra et al

1990, Rauch et al 1993, Raza et al 1994, Kiupel et al 1995, Benkhedda et al 1996, Fenu et al

1999, Precidi and Parisini 2001, etc.). In this section we will introduce some of these methods

that are applicable to aircraft dynamic and control.

4.1 Fault Diagnosis Using Qualitative Models

It is often difficult to develop an accurate mathematical model of the system dynamics,

whereas cruder description of the system is easier to achieve. Fault diagnosis of dynamic systems

can be accomplished based on the declarative knowledge called 'qualitative models'. Qualitative

models require only declarative (heuristic) information of the variables - the tendencies and the

magnitudes of the signals - so that robustness to uncertainty is achieved (Chen and Patton 1999).

Qualitative-based FDI methods can be used when no analytical model is available, the on-line

information is not given in quantitative measurements, or the parameters and system structure are

not precisely known.
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Qualitative model-based FDI does not use quantitative residual generation to generate the

symptoms of faults but turns to qualitative knowledge usage. The qualitative knowledge includes

fault-tree, i.e. the connection of symptoms and faults, the process history, fault statistics, and so

on ( Huo et al 1998, 1999). Through human observation and inspection heuristic characteristic

values in the form of noise, colour, smell, etc. are generated. The heuristic information can also

be expressed in linguistic terms like 'little', 'medium' or 'full'. Based on the available heuristic

knowledge diagnostic-reasoning (forward and backward reasoning) strategies can be adopted

(Isermann 1994) and on-line expert systems can be applied (Frank 1990). An alternative way is to

use qualitative observers based on Markov chain models which, like quantitative observers used

in model-based FDI, generate and evaluate residuals for stochastic systems (Zhuang et al 1998).

Chessa and Santi (2001) presented a graph-based diagnosis with multiple faults in which the error

propagation between system components is modeled as a direct graph. Pecht et al. (2001)

suggested an on-board hardware-software diagnostic means referred to as built-in test when

failure occurrences were uniquely associated with the operating environment and the usage of this

method into Boeing 767 and 777 proved its usefulness.

4.2 Diagnosis Using Classification Method

The task of fault diagnosis is to identify the most probable fault causing the apparent symptom

in system operation. Denote by S =[S S2 ... S,,]r the features of the system in operation and

S. = $so. $Z ... S.0 the reference vector determined for the normal behaviour in fault free

case, AS' = S' - S is the symptom vector that indicates the occurrence of one or more fault(s).

The binary vector

F=[F. F2 ...

expresses the fault f, as either 'happened' with F, = I or 'not happened' with F, = 0. If no further

information is available for the relations between features and faults, classification or pattern
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recognition methods can be used (Isermann 1997). The block diagram of classification methods is

shown in figure 10.

[Insert figure 10 here.]

In figure 10, the relationship between S and F is learned or trained experimentally and

stored, forming the explicit database. By comparison of the observed S with the normal

reference So, the fault indication vector F can be concluded.

Bayesian classification is a main kind of probability-based statistical classification method that

works on the premise that classified faulty and fault-free data exist. The nearest neighbor scheme

is a geometrical classification similar to Bayesian classifier while it makes no statistical

assumptions (Molnar 1997). A more generalized classification method is to use neural-networks

because of their ability to approximate nonlinear relations and determine flexible decision regions

in continuous or discrete form (Molnar 1997, Hoffman et al 2001). Fuzzy classification is also

possible, which is at the edge of the probability theory and expert systems (Isermann 1997).

4.3 Application of Computational Artificial Intelligence in FDI

Artificial intelligence (Al) has been exploited for FDI for a period of time (Frank and Kiupel

1997). Integrating the symbolic and quantitative knowledge with a neuro-flizzy system is a new

trend in this area (Benkhedda and Patton 1996, AI-Jarrah and AI-Rousan 2001, Frey and Kuntze

2001). A neuro-fuzzy system combines the learning ability of neural networks with the explicit

knowledge representation of fuzzy logic, and thus can model and design nonlinear systems

efficiently. Patton and Lopez-Toribio (1999) integrated B-Spline neural network and fuzzy logic

to deal with the qualitative information to diagnose faults. The general parameter adaptation of

fuzzy neural network is presented by Akhmetov et al. (2001).

Another trend in FDI using Al is to use fuzzy residual evaluation (Kiupel et al. 1995). In their

work the objective is to release only weighted alarms instead of the "yes-no" decisions. The final
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decision is made by both a decision maker with fuzzy logic and the human operator. The method

contains no defuzzification but it has to be understandable for the operating persons.

5. Controller Reconfiguration

Using a fault detection and isolation scheme, the system is under monitoring during the

operation for any possible fault. To make the aircraft dynamic tolerant to failures and complete

the flight and the mission uninterrupted, control reconfiguration, which modifies the controller in

either structure or parameters needs to be adopted. (Monaco et al. 1997, Joseph and Wise 1998,

Blanke et al. 1997, Blanke et al. 2001).

5.1 Control Reconfigurability Analysis

The function of a reconfigurable controller is to retain aircraft nominal stability and

performance characteristics when a failure occurs. This requires that the on-design controllability

and observability be preserved (Stengel 1991). At the same time the reconfiguration should, at

least, provide sufficient stability long enough for the FDI process to take place and new

controllers switch (Chandler 1989). To implement a reconfiguration strategy the following

control surfaces and mechanisms are needed (Napolitano et al 1989)

"* control surfaces like speed brakes, wing flaps, rudder below fuselage, etc,

"• thrust control mechanisms.

and the quantities to be available for reconfiguration purposes include

"* actuator position for each actuator,

"• aircraft body angular and linear velocities in three body axes,

"• aircraft attitude and angle of attack.

5.2 Reconfiguration Law Design

The block diagram in figure 11 illustrates the fault detection, isolation and controller

reconfiguration for control surfaces using multiple aircraft models (Rauch 1995).
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[ Insert figure 11 here. ]

Here, the decision function monitors the sensors and compares the measured system response

with the estimated response from the system models built in the fault-free condition. Once a

potential fault is detected fault isolation fulfills the task of isolating the position of the fault, and

controller reconfiguration modifies the control law based on the stored control schemes designed

for each anticipated fault. However, there is a trade-off between speed of reconfiguration and

computer storage requirements since the structures and parameters for all failed states that can be

generated off-line and stored for future use require an enormous memory (Stengel 1991).

5.2.1 Pseudo-inverse Methods

The reconfigured control can use a pseudo-inverse approach (Raza et al. 1985, Caglayan et al.

1988, Yang and Blanke 2000) to implement a feedback control law similar to that of the primary

controls used in the fault-free nominal operation. In other words, the new feedback control is

calculated to achieve equal product of the new control matrix (K,. ) and the new control (u,. )

with that of the previous ones, K and u, i.e.

K,,,,u,,, = Ku (52)

If a fault occurs, the control influence matrix K,. is derived from K by eliminating the column

corresponding to the failed control input. If the redundancy in the actuators is available the new

control signal u,,. can be calculated using the pseudo-inverse as follows

u. = (K,.TK.)*K.Ku (53)

Rattan (1985), and Ioannou et al (1989) presented the evaluation of control mixer concept for

reconfiguration of flight control system. The reconfiguration algorithm computes a new control

mixer gain matrix that distributes the forces and moments of the failed control surface to the

remaining healthy surfaces. In Rattan's work the failed control surface gets 'locked' to the centre

position requiring zero input to the failed surface. In the work of loannou et al the surface is
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allowed to be jammed at any position although this non-zero stuck needs accommodation by a

compensating input signal. Assume the unimpaired, healthy aircraft is modeled as

io = A0x0 + Bog (54)

The subscript '0 implies the system is working in the normal fault-free case, x,,, denotes the

state vector of the aircraft and J, the aircraft control surface deflection vector which is governed

by the control vector u as

8 = Kou (55)

Assuming the fault detection and isolation unit diagnosed that the j th control surface failed,

i.e. the surface got stuck at 5= 6, the system dynamic becomes

S= A x + B0o[K,.,u + d] + b01ji6 (56)

01. ... O.'s

Oj-l,I . OJ-1,

where B1 = Bo- I I.j, Bo, and boj is the j th column of Bo.

Oj+1,1 ... Oj+[,s

o.. -.. o0,
onI on's

K,. and d are control mixer and compensating signal to be designed such that x is as close to xo

as possible, i.e.

BoKou = Bo0 [K,,u + d] + bojg

or BoKo=BoK,,, 1.., BJod+boj01 =O (57)

The solution to (57) is given by

{ __ (BoJ) BoK 0  (58)
d = (J+jj

where (BoJ)÷ denotes the pseudoinverse of matrix Bo.
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Ostroff (1985) presented a similar method in which K,. is determined such that the closed-

loop state transition matrix for the system approaches the transition matrix of the normal plant

without any fault. Gao et al. (1991) showed that the eigenvalues of the 'faulty' system will be

bounded close enough to those of the 'healthy' system if K,,, minimizes the Frobenius norm of

the difference between the 'A' matrices of the 'faulty' and 'healthy' closed-loop systems.

Different fault modes and corresponding K,_,, can be analyzed and stored in the flight-control

computer system. Once a fault is diagnosed the appropriate feedback gain matrix is utilized.

However for some faults where the feedback gain matrix cannot guarantee system stability an

additional constraint should be applied to the calculation of K,,. (Gao et al. 1991).

5.2.2 Model Following Methods

To achieve controller reconfiguration a variable structure model following control which

forces the aircraft dynamics to follow the nominal dynamics or a desired model was proposed

(Zinober et al 1988, Mudge and Patton 1988). Huang et al. (1990) presented the idea of model

following control where the eigenstructure of the nominal system is sustained by minimizing the

quadratic function of the difference of actual and modeled state rates. Then in the work of Morse

et al. (1990) a multivariable model following adaptive controller (Sobel et al 1982) was used

which adjusted the controller gain in real time to follow the desired trajectories. They considered

the case when the control surface is stuck and gave a discussion of stability properties.

A similar control allocation method with quadratic programming is proposed at the NASA

report (Burken el al. 1999). When the number of independent control surfaces is greater than the

rank of required response vector, the control commands can be distributed to 'cancel' the injured

jammed surface. Consider the linear dynamics of the aircraft

i = A + Bu (59)

In the case of ajammed control surface positioning at w the state equation of the system will be

= Ax + Bu, + bIw (60)
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B, is the matrix B eliminating the column, b,, which corresponds to the jammed control surface

and u, e R'" represents the remaining control surfaces. Let

z=C.x r RP (61)

be the desired output vector to define the control allocation, then

S= C.Ax+C. Bru, +Czbjw (62)

At current state x(t), suppose the output of the nominal controller is u" e R"'•' in fault free case,

then the desired change rate of the output vector is

i" = CAx + CBu" (63)

The task of the control allocation is to find u, such that z is as close to z" as possible, that is,

i = ± . This problem can be organized as the following quadratic programming problem,

minj=-Ix[(!-e)(C.Bru, +C~bjw-C•Bu') Q1
•. 2 r(64)

x(CBu,+Czbj w- CBu')+eurQzuI

for 0 < e < I and subject to the constraint

/r_ rai • /r • dr _ma.

Q, and Q2 are positive definite matrices, and u,.mi, and u . are the lower and upper bounds of

Ur.

5.2.3 Control Law Reschedule

A more general approach is to develop rescheduled control laws for the case of changing

aerodynamic coefficients and flight status with different Mach number and altitude (Shamma et al

1992, Rugh 1991, Lawrence et al. 1995). In the work of Moerder et al (1989) the reconfiguration

control law was presented for AFTI F16 aircraft at Mach 0.8 and 5000 ft altitude. Based on an

FDI scheme monitoring the system they developed optimal gain scheduling using state

estimation. The stabilization is achieved by a proportional-integral-filter (PIF) output feedback

regulator given by
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u(k + i) = u(k) + AT[q(k) - q(k - 1)] (65)

7(k) = -Gy(k)

where u(.) is the control command vector, y(.) is the plant output vector, and AT is the controller

sampling interval. The PIF feedback gain matrix is scheduled as

n

G(O) = Go + _OjGj (66)
j=1

Here 8=[O...Oj ...Onr is the vector representing the surface effectiveness loss of n control

surfaces. 0, = 0 implies full effectiveness while 0, = I indicates faulty or missing effectiveness of

the j th control surface. The gain matrix G, is obtained using LQG output feedback stabilization

design.

Similarly, Boskovic et al. (1998a, b) used the multiple parallel identification models together

with corresponding controllers to achieve flight performance. Control law reschedule is an open-

loop action, that is, there is no feedback to compensate for incorrect reschedules. False alarms

may destroy the stability and/or deteriorate performance of the overall system. To improve its

robustness, Zheng et al (1997) took into account the modeling errors and inaccuracies of faults

and used LMI theory to synthesize the feedback gain as a function of 'fault effect vectors'

obtained by the FDI mechanism. They used simulations to demonstrate the effectiveness of the

approach for the longitudinal flight control of unmanned aircraft with nonlinear dynamics.

5.2.4 Adaptive Control Techniques

Ahmed-Zaid, loannou et al (1991) proposed a fault accommodation method based on adaptive

control theory (Ioannou and Sun, 1996). In the presence of failures the control law was

reconfigured using on-line estimates of the faulty aircraft dynamics. A reduced-order linearized

AFTI/F- 16 model using Hankel norm model reduction algorithm at the frequency range of

interest was used to develop the adaptive fault accommodation scheme that was tested on the full-
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order nonlinear dynamics. The method requires no explicit information of the types of faults and

hence it simplifies the design and is robust with respect to false alarms.

Other researchers working on fault diagnosis and accommodation with adaptive techniques

include Wang and Daley (1996), Wang et al. (1997) and Tao et al. (2001). The latter group

described an adaptive-state feedback control scheme of updating the controller parameters to

achieve the 'healthy' plant model state matching when some of the actuators are stuck at some

fixed or varying values. Chen et al. (2002) derived the necessary and sufficient matching

conditions for adaptive state tracking control for a linear time invariant model. Tao et al. (2002)

also presented an adaptive actuator failure compensation controller using output feedback. They

used the Boeing 747 airplane model to demonstrate stability and asymptotic output tracking

despite the uncertainties of the plant. A multivariable adaptive control technique for fault-tolerant

control was considered by Bodson and Groszkiewicz (1997) where three adaptive algorithms

based on multivariable model reference control ideas were compared in the presence of actuator

or control surface failures. Calise et al. (1998) investigated the usage of neural network based

direct adaptive control approach to reconfigurable flight control. Similar work can be found in

Rysdyk and Calise (1998) where the fault tolerance capabilities of XV-15 tiltrotor was

demonstrated with a nonlinear adaptive controller architecture.

Like the FDI, there are also qualitative-model-based and knowledge-based methods for flight

dynamics identification and control (Arkin and Vachtsevanos 1990, Ahmed-Zaid et al. 1993,

Chandler et al. 1993, Snorrason et al. 1993, Rauch 1994, Youssefet al. 1995, Zhang et al. 2001 a,

2001b). Koutsoukos et al. (2000) discussed the supervisory control of hybrid systems, and the

control and fault detection were addressed at Mingnone et al. (1999), Parisini et al (1998) and

Lunze et al. (2001). Polycarpou(1994) presented a systematic procedure for constructing

nonlinear estimation using neural networks and a stable learning scheme for accommodating

failures. Recently Zhou and Frank (2001) proposed a PID state feedback control for nonlinear

stochastic systems in closed loops combined with fault detection and accommodation.
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6. Conclusion

In this paper a wide class of fault-tolerant control techniques applicable to aircraft dynamics

with emphasis on approaches combining fault diagnosis and controller reconfiguration are

reviewed. The main principles and most relevant techniques of model-based and model-free fault

diagnosis are discussed. Robustness issues due to the presence of modeling errors and

disturbances are discussed together with several robust techniques for detection, isolation and

reconfiguration. While most of the results on detection, isolation and reconfiguration are based on

linear time invariant models of the aircraft dynamics, recent approaches to extend these results to

non-linear models are reviewed and discussed. These approaches include the use of adaptive

control, neural networks, fuzzy logic and knowledge-based methods from artificial intelligence

(Al).
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Abstract of SISO nonlinear linearizable systems with unknown uonlinearities.
The design of stabilizing controllers for nonlinear plants with We developed upper bounds for the tracking error that can be
unknown nonlinearities is a challenging problem. The inability to computed apriori. In fact given any desired nonzero upper bound for
identify the nonlinearities on-line or off-fine accurately motivates the the tracking error at steady state, a number of design parameters can
design of stabilizing controllers based on approximations or on be chosen apriori to meet such bound.
approximate estimates of the plant nonlinearities. The price paid in In this paper we develop a robust adaptive control scheme for a
such case, could be lack of theoretical guaramees for global stability, wider class of MIMO nonlinear linearizable systems with unknown
"and/or nonzero tracking or regulation error at steady state. In this nonlinearities. The only assumptions made are that the unknown
paper a nonlinear robust adaptive control algorithm is designed and nonlinear fmnctions are smooth, and a sufficient condition for
analyzed for a class of multi-input multi-output nonlinear systems controllability is satisfied. The proposed scheme guarantees semd-
with unknown nonlinearities. The controller guarantees closed loop global stability and convergence of the tracking error to a residual set
semi-global stability and convergence of the tracking error to a small whose size depends on design parameters that can be chosen *priori.
residual set. The size of the residual set for the tracking eraor For any given desired upper bound for the oacking error at steady
depends solely on design parameters, which can be chosen to meet state, our approach provides a procedure for choosing the design
desired upper bounds for the tracking error. Consequently the parameters to meet the tracking error bound.
proposed methodology provides a design procedure to meet apriori This paper is - organized as follows: In section 2 the problem
specified performance guarantees for the steady state tracking error. statement and preliminaries are presented. In section 3 we present

the proposed adaptive control scheme is discussed. In section 4, the
I. INTRODUCTION theoretical results are applied to the control of a two-link robot.

The traditional way of designing feedback control systems is based Finally, section 5 includes the conclusions. Throughout this paper,
on the use of Linear Time Invariant (LTI) models for the plant. Off- J" I indicates the absolute value, and . ] indicates the Euclidean
line frequency domain techniques could be used to fit such an LTI
model to experimental data and identify its paramneters. In the case, vector norm.
where the parameters of the LTI model change with time, gain 2. PROBLEM STATEMENT AND PRELIMINARIES
scheduling, on-line parameter identification, adaptive control, robust Consider the following multi-input multi-output nonlinear system:
control techniques etc. are developed over the years to address such
situations [I]. The reliance on LTI models for control design x,11 -f,(x)+b.(x)u, +...+b,_(x)u,
purposes often puts limitations on the performance improvement that (1)
could be achieved for the plant under consideration. For example if (x.' = f,,(x) + b., (x)u, + + baa (x)u,
the plant consists of strong nonlinearities, its approximation by an
LTI model, may considerably reduce the region of attraction in the ' , , Y.
presence of disturbances and other modeling uncertainties. During where, x . X,,---, ,.. . .... ,. r e91', r -r+...+r.js
the recent years, considerable research efforts have been made to
deal with the design of stabilizing controllers for classes of nonlinear the overall state vector, x• :- d tx Idi•, u, e 91, t-l,2,.m,
plants. These efforts are described in detail in a recent survey paper are the inputs and y, 4 91, l,2,. -,m, are the outputs of the
[2], where a very eleganm and informative historical perspective of
the evolution of nonlinear control design is presented and discussed. system. The nonlinear functions f,...,f, and b1,I, l,,m are
Most of the recent efforts (e.g., surveyed in [2h, and [31-[4]) on assumed to be smooth functions. The problem is to design the
nonlinear control design assumed that the plant nonlinearities are control input u=(r4 1,,.,u.]r e9t" such that the outputs of the
known. The case where the plant nonlinearities are products of system y,,...,y, track the desired trajectories y,,(t),.-.,y,.(t)
unknown constant parameters with known nonlinearities gave rise to
a number of adaptive control techniques [1), [51-[101. Adaptive respectively.
nonlinear control techniques based on universal function The system (1) can also be written in the compact form
approximators have been found to be particularly useful for [4x`' x11 .... xr1'J] =f(x)÷B(x)u (2)
controlling more general unknown nonlinearities (II ]-[ 17). However where,
there am no systematic analytical methods of ensuring the stability,
robustness, and performance of the closed loop system. In [18] we f(x) = (x). f. (x)r . 1,

designed and analyzed a robust adaptive control scheme for a class (b~(x) ... /i,(x)l

"This work was supported in part by Air Force under grant F4920- lb,1t(x) .b(x)-
01-0489 and in part by a collaborative linkage grant from the NATO We make the following assumptions:
Cooperative Science and Technology Sub-Programme.
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Ana .pdon 1: The matrix J(y(x)+ 5r(X)) is known to be either s-ST SC 0 (9)
uniformly positive definite or uniformly negative definite for all then it can be show that liil -* 0.
x etQ, where (t c 9" is a compactset, i.e.,a (-(8(X +he B ) k b1 >s pc Vet Xe Q, (3) Lemma 1: Let us define X -. [x,y,]'. For any square matrix 3(x)

cr(j(5()+ Br(x))) >b>0. V xefl, (3) satisfying Assumption 1, there exists a smooth scalar function p(

where •.() represents the smallest singular value of the matrix such that for any vector S(X), Sr(X)B(x)S(X) = i(X)IS(X),
inside the bracket and k is its lower bound.
Assumption I guarantees that the nonlinear system (1) is uniformly where iP(XJ•> b.
strongly controllable. Proof. the proof process is omitted due to the limited space.
Assuntpdan 2: The desired trajectories y.v (t), i-l,2,...,m are

known bounded functions of time with bounded known derivatives let us now consider the control law:
0-0 .... ... 2... '-`,.. ,c, , 0, where S r ksJM -Srf(x )-Srv()] (10)

t13 is a known compact set. where ks > 0 is a design constant. Using lemma I we can rewrite
Assumption 3: The state vector x is available for measurement (10)AS
Assumption 4: The fnctons f,(x) and bi(x), Q j=l,2,...,m are (
smooth finctions but otherwise completely unknown. a- X)- ks -$f(X)-$r t)A (11)

Let us first consider the cas where f, and bo, Q- 0l,2, m.,m Par

completely known and examine whether we can meet the control S,=SI is the unit vector. The control law (11) guarantees

objective. This is a reasonable step to take since if we cannot meet that
the control objective in the case of known nonlineaities, it is V•- S -k'S W 50 (12)
unlikely that we will do so in the case of unknown nonlinearities. which in turn implies that lumS,() -0 and therefore e, and all its
We define the following error metric, S,, that describes the desired
dynamics of the error system: derivatives up to r, - I converge to zero asymptotically.

S,(t) - (dd/ dt+ k e•(t), e,(). - y, - In the case wherejx) and B(x) ane unknown nonlinear functions, the
control law (11) can no longer be used. In the following section we

(4) will modify the control law (II) to guarantee stability and meet the
S(s) = (didt+ k)-':e,(t), e(,) = y. -y,. control objective whenAx) and B(x) are unknown.

where ) X,...,). are positive constants to be seleced. It follows from 3. ROBUST ADAPTIVE CONTROL SCHEME
(4) that for S,(t)=0. ill,2,...,m, we have a set of linear Let us consider the system (l) and control problem solved in section
differential equations whose solutions imply that e,(t) converges to 2 for the case of known nonlinearities, In this section we assume that
zero with time constant (r, - l)l/,. In addition all the derivatives of the nonlinear funnctions in (1) ar unknown functions and design acontrol law to meet the control objective. We assume that the
e,(t) up to r, - I also converge to zero [3]-[4]. nonlinear functions Ax) and p(X) can be approximated by the

It follows from (4) that general one layer neural network [13]-[16J.J 9] as

[2,*.,m (13a)

where, where 4,,(X), ý,(x). -,,*, are somne known basis
funictions and Of are constant parameters and -l2.,I.The

v.(t) = -y• ) +a. e',"(t) ... + ) (6) neural network approximation errors d., (x), d,(X) are given by

and we1.. , , i-I,2,....m a coefficients of the binomial d,(x):=f,(x)-Jf(x), d,(X):m (X)- 1 *(X) (14)
expansion of the corresponding error metric in (4). Let e, , 9, - whem i-I,2..,n.
Equation (5) can be written in the compact form: By "optimal" approximation we mean the weights

S-f(x)+V(1)+ B(x)u (7) ,e90,0, e 9 are chosen to minimize dA(x),d,(X) for all

where, S=I$S --- S.Ye5R., wt)-.v(t) ... v.(t)1Te9l. xaef c91' and X x fln, c 9f' respectively, i.e.,

Let us consider the Lyapunov-like function V(t)•=+SrS. Then O,uargm ( sup Ip(X)-p"(XI) (I 5a)
V _ SrS _ Srf(x) + Sr(t) + SrB(x)a r2 (15b)

If we now choose the control law . so that O rg( ,,,..,m
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Assumpdon 5: There exists a set of constant parameters 0,s,-y44 i 14 > (21)
i-0.,...,x, referred to as optimal output weights such that the s,/ 0  if Pse0
approximation error d,, (x) is upper bounded by a known constant I ( 2 0, a, >0, a/ >0, 0>0 WesRan design

>0 over a compact set x . c 91' and the approximation c k > 0 bs a constant chosen by the designer. The small

error d,(X) is upper bounded by a known constant w, >0 over linear boundary layer 0 is used to smooth out the control

the compact set X e (, x10, a 91]', i.e., discontinuity and avoid possible singularities in calculating S,. By

supiK (xjd ,, t:- ......n, VxeO, (16) design, the control law in (20) cannot become singular since
(ui(X,t))"+, 2,, >0. VX,t. Therefore, the proposed

sup , X)IV- VX C-'OXt (16b) controller overcomes the difficulty encountered in many adaptive
X49N0 control laws where the identified model becomes uncontrollable at

It is also assumed that the basis functions, number of nodes 1,, some points of time. It is also interesting to note that u -+ 0 with the
i-0,1,...,n am specified by the designer, and the onlyunknowns are same speed as i'(X,t)-+0. Thus, when the estimate A*(Xi)
the output weights. As shown in (15], [191 and the references approaches zero, the control input remains bounded and also reduces
therein, different basis functions can be used to satisfy assumption 5. to zero. In other words in such case it is pointless to control what
If we denote the estimate of the unknown functions, f,*(x) and appears to the controller as uncontrollable plant. This design is

y ,and (X,) respectively, we an rcritical since the potential loss of controllability has been the main
o*(X). by f,(x,:) adrawback of many nonlinear adaptive laws that are based on

.(17s) feedback linearization.
The control law (20) rewritten in the compact form

(I 7b) 2*'U (22)1k 1- $•, -'Vc'q r. *6(23)

where 6, (t) i-0,1....,m are the estimatesof 0, respectively. FP - T()1 •+23
The difference between the estimated and actual parameter values provides some insight into the action of the controller. The control
results in the estimation errors vector u is expressed as a normalized directional vector S, scaled by

",X.(,,) -. _,N'g(t);'(x) (18a) the control effort u,. S, represents the direction of the error metric
.4 S. The control vector m can be viewed as apportioning the total

VM(X t) - ox,( .,(X). (I8b) control effort u. in different directions. The components,
/-' corresponding to large values in S, have relatively larger control

where, go (:) -0 (t) -0,, i-0,1,...,m are the parameter errors. Given energy than those components with smaller values. Intuitively, this
suggests that the bigger control energy is directed to those S,(s)the estimates r'(x,t) and lI'(X,t) we can use the Certainty with higher values.

Equivalence (CE) principle [1] to come up with an initial guess for

the control law, i.e.,, r .. - f 1 The adaptive laws for generating the estimates i(i () are as follows:". I- k, Is ,- $/ (x, 1) - S:,iJ (19)f•(x. 1) 9#i)(-kvs, S-2 4,(x),-.. , (24a)

where f(x,)-( .(x,) -- :(x,t)] and k, >0 isa constant S'+0

chosen by the designer, and design an adaptive law for generating O,(t)=kS.u$.j(X)+ p(,)ko . Sogn(Xf.4llulY.,(X) (24b)
the parameter estimates O,(i) and therefore ff(x,i) and 1 '(X,t) where
so thatthe overallsystem is stable and the trackingerrorgoesto zero [k, lsl- s '-SIr -o.1-o (25)
with time. However, the CE control law (19) cannot be used to (I' +6,
stabilize the closed loop system for a couple of reasons. First - s- $ (26)
f,(x,t),jl'(Xt) are estimates of the approximate nonlinear sat(.) is a saturation function (sat(M/0))=i, if j•>,0 and
fnctio f, .p', and may deviate from the actual functions f,,A. sat(l4)-Pj/lb. if 11SM) sn(-) is the sign function
Second, it is well known in adaptive control that the estimate
4'(X,t) cannot be guaranteed to be away from zero for any given (sgn(x)--, if x2!0 and sgn(x)-l, otherwise). Then sgnp()l if

time t. This implies that a cannot be guaranteed to be bounded ±(B(x)+ Ur(x)) is positive definite and sgn(p)-l if
uniformly with time. Therefore instead of (19) we propose -(B(x) +O BT(x)) is negative definite. p(t) is a switching function

"a (..)25 " (20) defined+as:

3051



if 1 ( b-w,- ( 2 7) (x,)) + (32)p ( ,)- (b -y , -+ j)1A , if (27-),,,)*p' <(•_ -).) +2.
S. 17- -kM~ - s1 f(x.,) - S;i.Q,)-o ), -oa (,(33)

i 4 -! In view of(32),(33) and using Lemma 2,
where k, > 0, 1=l,-..,m and k, >0 are adaptive gains chosen by •. =$ . )+$S',Q)+

the designer, a, >0 isa small design parameter, u, is defined in

(23), and A > 0 is a design parameter used to avoid discontinuity in =Srf(x) + Srv(t) + w , + (IA - ft)u,

p(t). A continuous switching ftuction p(t), instead of a discontinuous (, +8 P

one, is used to guarantee that the resulting differential equation =$ rf(x) + S"vQ) + - S W + (iP - )U
representing the closed loop system satisfies the conditions for (W) 2 +8
existence and uniqueness of solutions [20]. =-kj4-o7H-o,•Vi ÷ 5;v'- ?)+(JA- ')a..-8,11'

Lemma 2: The function S. defined in (26) has the following (34)
properties: Using the identities,

S.-0,ifj1 .0 and S .S ,,if M > 0 (28) f(x)-j(xs)=(f-f)-(f -f)=d1 (x)-f(x,) (35a)

Proo. If ISIO,. s3.0o then S,-0. If 151>0, X (35b)

s. = - -,thcn s. =d(J ,)I - ST&4SI=s;.It follows that

The properties of the overall control law (20), (24a-b) are described + s741 + (d^u, -8.ua36
by the following theorem.
Theorem: Consider the system (1), the control law (20) and the The term (d,(X)u, -8,u') in (36) is a modeling error term
adaptive laws (24a-b). Assume that assumptions 1-4 hold. Let representing the effect of the design parameter 8, and they1 ,tiv are some positive constants such that (16a) is satisfied on a

co mat somet positive consand s suchth6) is satisfied on m act approximation error d,(X). The modeling error term will becomecom pact set O l c 9 V" and ( I16b) is satisfied on the com pact set d m n n h nt e e t m t * X t + 0 ei edominant when the estimate lii(X,s) -- 0. Define:
0I x( I.xcW' for some e.=(e,,e1,--.e]r. If the ower bound (37)

b of pMX) satisfies the condition b> K + 3p, +A for arbitrary 8, :- 2 /(6, ) (37b)

small positive constants 8, A, then there exist positive constants 8, :,*- / (b -W,) (37c)

8,<I, 8,<I, 8,<I such that if ks> 4•//{(l-6,)0), Follow the similarprocess in [18], the absolute value of the last term

a,a8,/(1-8'), af :8,/(I-6,). and a, >max(86,8 3), for all in S. can be expressed as:

x(O)efl cQR, 6(O)ef1,,c:W', where 1-1 + 1 +e...+/I all k X*tto8. U18I5t"1&,+ 0 2Ii*1+ +P6sjijiU.j (38)
signals in the closed-loop system (1) are bounded and the tracking Since 1"1-S' +0 . one has
errs e() converge to the residual set Q - jeI ,(r,1 ;'0, H<,ks + k,+( +o.)Il+(l+aIl

"1 ,...,m, as t -+ co that can be made small by selecting small 0b. TThen (38) can be rewritten as

Proof. Let us consider the following Lyapunov-like function: Jd8(X)u -6,uj ; 8,kS. +8,k,-* + 8,(I +0,)M4y~)-IS-+IIiýjY+... + .I-- M Y I +8(~, l•l.x,•1•p(.) ,39)
S(29) Using (36), the first term in V is,

Using the adaptive laws (24a-b), we can establish that SS,= k,[+. -oH .- of .. a IJs. .. S.
VIQ)=0, if 14!ý (30) -Vu.,. +S.'dS. +(du,-6,u')S(

if M> 0, By substituting W5l - S, + 0 and (39) into (40), we obtain:

- ++ f " + - J S*s.-(I -8,)ksS. - ((I -,)k 5,0 - - ,)S(.V~t'$$.+ ,lei + _ + ~ (31)

-..- 8. -,( + om)}H. - ,-8,(, +0,)•p'I s (41)

In the following proof, we only consider the region M+ 0.. a 5( *,)v5 a 8( +,4'
Rewrite u, in (23) as: - + p84ji1ul+ P8,14 .1
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Let us now consider the second term of V in (31). Using the lim V() - V.. Using the fact that S, - 0 for W[ 0 and (47b), we
adaptive law (24a) we have have which implies that

k-1 )A (42) S. e L4. From S,0 (s) eL. , it follows that all signals amre bounded

S,!,' So /(So.+).. 0 .. + S7.-fS. /(S. + 0)= SrT (x, oS. which Implies that 4 L. . From .ee., and S, ebi we have

Finally, in view of the adaptive law (24b), the last term of J' in (31) S, -* 0 as t--* m which implies that MSt converges to the residual
can be written as: set Q3s-{SI 50)} [1]. Inside the residual set we also have

k.= 9.jkSu, 'p P.Ssg,1(f.:50)4 which in turn implies that [-,-, 3],

= W'S*N,-- -IiiiIS. 19[.9J
(43) 4. SIMULATION RESULTS

Now, i " - " - (s1 +d, ) - A i. This together with the fact We demonstrate the performance of the proposed adaptive control
"that POOonlyfor <b and +d "+. b system using a dynamical model of a planar, two-link, articulated

that p a 0 only for jla i b-y, and II +d] I k [ - robotic manipulator (4], [12]. The dynamics of this robotic system

implies that for p * 0, the sign of pa° is always the opposite sign are nonlinear with strong coupling between the two degrees of
freedom. The equations of motion in terms of the generalized

of p(m), V (>0. coordinates q, and q,, representing the angular positions ofjoints I
Combining (41), (42), antd (43), V can be expressed : and 2 and applied torques r, and T3 at these joints is given by:

H,, Hip T-hq1,4 -h(4, + 42)Jq1 [K, -I ~r
to -8-a,, -,)W. - ((l -8,)G, -olf4 . (44) L HI t ,:, H' , 0 /42] [H,, ,. JL'J

- p(o, -8IAuS- p(o, -8~'uswee
H,, -a, + 2aU, cos(q,) + 2a4 sin(q,)

Assume that b > F8+ , +A, we have H,, H = a: + a cos(q) + a, sin(q%),

6, -W, A(A-W, -A) +6* /1(b-W, -,A)2 +8}) < 1 (45) H" =a,, h- a, sin(q%)-a, cos(q,)

Given (45) Let us now choose the design constants k,, 4P. a,, a/, The robot initially is at rest at the position q, = 0, q, -0. It is

a, so that the following inequalities are satisfied. desired to determine control inputs v, (r) and t 2 (t) such that q, and

6, <1 (46o) q, follow a desired trajectory defined by:

k,4> 2 V , 1/(I -8,) (46b) q,, (f) = 30W coa(2xt) ; q,, (t) = 45" cos(2mi)

a,,Of z, 1/(1 -8) (46c) with the tracking perfornmance defined by:
a. max,,0,,80 (46) ý,j= ý, -q'j:s 1.0%' k€j - ý, -qjl S '°"

Given t eThe inertia matrix H(q) is positive defimite. The above equation is in
(Given that the above inequalities are satisfied, it follows thatthgeranolerfrm f(1wih (x-H.Bcuste

0, if 4S 4,(47a) the geneal nonlinear form of (l) with B(x) - W . Because the
workspace is a closed set, it is uy to show that both H and H -' are

< --(0 -,)k 5S,' <0, if lI > 0 (47b) uniformly positive definite for all positions q in the robot's

The results (47a-b) are arrived under assumptions I and 5. Since workspace. In this simulation, the lower bound of the minimum
assumptions I and 5 only hold on a compact set, i.e., xevQ), all states singular value of H" is k-0.152. Assuming a completely unknown
need to remain in this compact set for all f > 0. Consider the set nonlinear plant, one layer radial basis neural network was used to

approximate the unknown functionsf and A. The upper bounds for
Ix. V(t)S Y. (48) the approximation erros are estimated using offline training as

where V.,>V(o) and V> is chosen as the largest , onstantfor V+fs .o, .2 and l&IO.O. i.e., W-1.,0 and

which M=O, xfln, where flncf, fl•c9 . Then for V,,-0.01.The value of 6, is chosen to be 0.002. Using (37a-c),

x(0)fe n. and 6(0)efl0, it follows from (29) and (47a-b) that V(Q) we calculate 8, -0.12<1, 6, -0.141, 6, -0.141. Based on (46c-

Is bounded from above by Vo for all t>0, which implies that d), we choose a,-0.15, a, w0.15 and cr -0.15. Selecting

x * n, nfl,, V t Z 0. Hence assumptions I and 5 will never be ks a 20 and 0 = 0.3, such that (46b) is satisfied. Taking k, - 20,

violated. This condition together with V S0 implies that F(t) and ka 20, the performance requirements for tracking errors are

therefore S,9,(t) are bounded for all tŽ0, ie, S.,9O(1!L,.. satisfied, i.e., ,Is o/n, -=0.9" <1' and frj5S/Il, -=0.9' < i'. In
This in turn implies that x, v are bounded and l'i) has a limit, i.e.
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Abstract

The design of stabilizing controllers for multi-input multi-output (MIMO) nonlinear plants with unknown nonlinearities is a

challenging problem. The inability to identify the nonlinearities on-line or off-line accurately motivates the design of

stabilizing controllers based on approximations or on approximate estimates of the plant nonlinearities. However, the

design of a centralized controller for large scale nonlinear systems is often complex due to the high dimensionality and

difficulty to implement in real time. In this paper a decentralized-like nonlinear adaptive control algorithm is designed and

analyzed for a class of large scale nonlinear systems with unknown nonlinearities. The controller guarantees closed loop

semi-global stability and convergence of the tracking error to a small residual set whose size can be specified a priori

provided the neglected in the control design nonlinear interconnections are small relative to the modeled nonlinear parts. A

procedure for choosing the various design parameters to guarantee that the tracking error bound will converge to within the

specified a priori bound is presented. Even though the proposed controller is not purely decentralized it does reduce

computations and makes the control design easier than a corresponding centralized approach.
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1. INTRODUCTION

In recent years, considerable research efforts have been devoted to deal with the design of stabilizing controllers for classes

of nonlinear plants. These efforts are described in detail in a recent survey paper (Kokotovic and Arcak 2001). Most of the

recent efforts on nonlinear control design assumed that the plant nonlinearities are known (e.g., see Fernandez and Hedrick,

1987, Godbole and Sastry 1995, Kokotovic and Arcak 2001, and references therein). The case where the plant

nonlinearities are in the form of the products of unknown constant parameters with known nonlinearities gave rise to a

number of adaptive control techniques (Slotine and Coetsee 1986, Taylor et al. 1989, Sastry and Isidori 1989,

Kanellakopoulos et al. 1991, Seto et al. 1994, Slotine and Li 1991, Krstic et al. 1995, loannou and Sun 1996, Khalil 1996a,

b, Kosmatopoulos and loannou 1999). An adaptive control scheme for a class of single input single output (SISO) systems

based on a min-max optimization approach is proposed in (Kojic and Annaswamy 2002) by assuming that the nonlinear

functions are convex/concave (as opposed to linear assumed in almost every adaptive system) with respect to the unknown

parameters.

Neural approximation together with adaptive control techniques has been found to be particularly useful for controlling

highly uncertain or completely unknown nonlinear systems (Sanner and Slotine 1992, Polycarpou and loannou 1992, Chen

and Khalil 1992, Liu and Chen 1993, Chen and Liu 1994, Johansen 1994, Yesildirek and Lewis 1995, Polycarpou 1996,

Spooner and Passino 1996, Ordonez and Passino 1999, Seshagiri and Khalil 2000, Rovithakis 2001). In this case, neural

networks are used as approximation models of the unknown nonlinearities. The control design is then based on the neural

network model rather than the actual system. Most of these studies however are focused on the SISO systems (Sanner and

Slotine 1992, Polycarpou and loannou 1992, Chen and Khalil 1992, Chen and Liu 1994, Yesildirek and Lewis 1995,

Polycarpou 1996, Spooner and Passino 1996, Seshagiri and Khalil 2000, Rovithakis 2001).

Control of MIMO nonlinear systems, in particular large-scale nonlinear systems, with unknown nonlinearities introduces

additional complexities. The high dimensionality and inability to identify the nonlinearities on-line or offline accurately

motivates the design of simple adaptive decentralized control schemes. In this case the high-dimensional nonlinear system

is decomposed into interconnected subsystems of smaller dimension and a local controller is designed for each subsystem

by assuming zero interconnections between subsystems. A decentralized adaptive control systems alleviates the

computational burden required by a centralized adaptive control and is easier to implement on-line. Most of the existing

work on decentralized adaptive control focuses on linear systems (loannou 1986, Datta and loannou 1991, Siljak 1991).

Some efforts have been made to deal with the decentralized adaptive control of nonlinear systems using back-stepping

techniques (Jain and Khorrami 1997, Jiang 2000, Liu and Li 2002). For a class of MIMO systems with unknown
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is established that (;, (1) remains inside an invariant set where o.(B') > 0. However, since Od is unknown and does not

have any physical meaning, the assumption that eqj(0) is close to the desired value is difficult if at all possible to

guarantee. In (Ordonez and Passino 1999), an indirect adaptive control algorithm based on fuzzy-neural systems is

proposed provided that convex sets Qi can be constructed such that o'(B') > O.in and F(fla) > or.., for all

e, (t) rE (, ij=1,2, ,m, where -(ha) denotes the maximum and g-(B') the minimum singular value of 5a

respectively and orin, ormax are two positive constants. The estimated weights of the fuzzy/neural systems are then

guaranteed to remain inside fl, by using projection. However, such sets Q are difficult to construct in general even if the

weights were known let alone knowing them a priori where such weights are completely unknown. Moreover, even when

sets 0. are constructed to be convex in the parameter space, there is no guarantee that the unknown 0. that corresponds

to the "optimal" approximation falls inside these sets. If ®ij o 0. the possibility of instability or degraded performance

cannot be excluded. A discontinuous decentralized-like controller was proposed to handle the classes of MIMO systems

consider in (Ordonez and Passino 1999) with some restrictive assumptions. In this study, it was shown that if B(x) is strictly

diagonally dominant with known lower and upper bounds for the main diagonal entries, and if the first derivatives of the

main diagonal entries in B(x) are upper bounded by known functions and the upper bounds of all off-diagonal elements

b, (x), ij=I, ,m, i~j, are known, the MIMO system can be decomposed into a set of SISO subsystems. The desired

controller is assumed to be of the form of a fuzzy system plus a discontinuous robust term. A direct fuzzy adaptive

controller is designed for each SISO subsystem provided that the fuzzy part of the desired control input is upper bounded

by a known continuous function.

Another important issue in adaptive nonlinear control with unknown nonlinearities is that of tracking error performance. By

performance in this context we mean the size of the region of attraction for signal boundedness and the size of the tracking

or regulation error at steady state. Performance issues such as transient behavior are difficult to establish analytically even

in the case of known nonlinearities and is not addressed in most of nonlinear control literature at least analytically. In most

papers on adaptive nonlinear control with unknown nonlinearities, signal boundedness is established first for some region

of attraction within which the assumed neural approximations are valid. Signal boundedness then implies that the

approximation or modeling error is also bounded. The upper bound for the tracking or regulation error is shown to be of the

order of the bound on the modeling or approximation error (Polycarpou and loannou 1992, Johansen 1994, Seshagiri and

Khalil 2000, Rovithakis 2001). In some cases the approximation error is assumed to be upper bounded by some known
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nonlinearities (Seshagiri and Khalil 2000) leading to an upper bound for the tracking error at steady state that is a function

of some design parameters. In (Chen and Khalil 1992, Liu and Chen 1993, Chen and Liu 1994) the tracking error is shown

to converge inside a small residual set that depends on the bounds of the unknown signals and design parameters. In

(Yesildirek and Lewis 1995), the tracking error may be made smaller by increasing the control gain. In all these cases, it is

not clear, from the analysis how changes in the design parameters to improve tracking performance will affect the region of

attraction for signal boundedness. Furthermore, the upper bound for the tracking error cannot be easily computed and

therefore the controller gain cannot be designed a priori to achieve a desired tracking error bound at steady state.

In this paper we develop a decentralized-like adaptive controller for a class of large scale nonlinear systems with unknown

nonlinearities. By designing the control law based on the local isolated subsystems, the computational burden is reduced

and the calculation of the matrix inverse Bhl(x,t) is avoided. The proposed decentralized-like adaptive controller is

continuous and guarantees closed loop system semi-global stability even in the case where the estimated plant loses

controllability. The adaptive law uses a new a-modification function and a new deadzone technique in order to guarantee

closed loop stability and robustness with respect to modeling errors and neglected interconnections among the subsystems.

The tracking error of each subsystem at steady state converges inside a small residual set whose size can be guaranteed by

selecting certain design parameters appropriately. Furthermore, for any given desired upper bound of the tracking error at

steady state, we provide the corresponding design procedure for choosing these design parameters to guarantee the tracking

error bound. However, the proposed decentralized adaptive control scheme involves exchange of information between

subsystems and is referred to as a decentralized-like adaptive controller.

This paper is organized as follows. In section 2 the problem statement is presented. In section 3 a decentralized-like control

scheme for the case of known nonlinearities is constructed. In section 4 the proposed decentralized-like adaptive control

scheme for unknown nonlinear systems is discussed. In section 5, the properties of the proposed controller are illustrated

using an example. Finally, section 6 includes the conclusions.

Throughout this paper, " indicates the absolute value, and indicates the Euclidean vector norm.

2. PROBLEM STATEMENT

Consider the following class of large scale nonlinear systems described as an interconnected set of m subsystems,

X()f (x) + Eb~j x)uj
()=1

y, = x, , i=1,2, ,m
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where for the ith subsystem: x : d"xi /dt"', x E 9W" is the state vector, U, E 9? is the control input, y, E 91 is the

output. x:=[x,...,xJ ,...,x,,..,x, I" E 91 , n=n, +...+n,, is the composite state vector. The nonlinear

functions f (x) r 9' and b, (x) E 91 are assumed to be continuous unknown functions. b,, (x) E 91, iWj, contains the

nonlinear interaction among the other subsystems.

In this representation the composite system can be described as

x") = f(x) + B(x)u (2)

where u = [U,...,um.]7' e 9? is the composite control vector and

x(n) = [X•",) x (n2) ... X (n.)]T E 91' (3)

f (x) = [f,(X) ... f, (X)]r 7' E'X (4)

[b11 x =imEX( 1
b., 1x) ... b m.(x)J

The problem is to design control inputs such that the outputs of each subsystems y, (t) track the desired trajectories yd , (t)

respectively.

We make the following assumptions:

Assumption 1: b,, (x) is bounded from below by a known function g, (x) with 1g,(xA > g* > 0, V x E 9W , where g, is

a known constant, and the sign of b,, (x) is known.

Assumption 2: Let G(x) := diag{g1(x),...,gm(x)}, Bo(x) := diag{1ý 1(x),...,b,,(x)}, AB(x) := B(x)- Bo(x). The

interconnection matrix AB(x) satisfies the condition

max {(AB(:, i)I / g, (x)} < So < 1 (6)
i=fi.. ",m

where AB(:,i) indicates the ith column of the matrix AB(x), and 40 is a known constant representing the strength of the

interconnection. Equation (6) also implies that max {IAB(:, i)JI b,, (xA): o < I which in turn implies that

F{AB(x)Bo1 (x)} < Vm-&0, where a'(.) represents the maximum singular value of the matrix inside the bracket.
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Assumption 2 guarantees that the main diagonal entries of B(x) are dominant over the off-diagonal elements.

Assumption 3: The desired trajectories Yd, (t), i 1,2, ,m, are known bounded functions of time with bounded known

derivatives.

Assumption 4: The state x of the system is available for measurement.

Assumption 5: The functions fj (x) and b,, (x), i 1,2, ,m, are continuous but otherwise completely unknown.

Assumption I guarantees that each subsystem is controllable by its local input. If b(x)=0 for some x, then the controllability

of the subsystem cannot be guaranteed. However the requirement of the knowledge for the lower bound for the function

g(x) may be restrictive. Assumption 2 requires that the main diagonal entries of B(x) to be dominant over the off-diagonal

elements. This requirement is essential for decentralization and is stronger than the assumption of invertible B(x).

Assumption 3 is used to guarantee that bounded control inputs exist to achieve the tracking objective. Assumption 4

requires the knowledge of the state. Since the nonlinearities in system (1) are functions of all states, assumption 4 is used to

show the existence of a controller to meet the control objective in the case of known nonlinearities. In the case of unknown

nonlinearities the knowledge of the state x is used as an input to the neural network model. Relaxation of assumption 4

remains a topic for future research. Assumption 5 is used to guarantee the existence of a neural network that approximates

the unknown nonlinearities reasonably well.

3. DECENTRALIZED-LIKE CONTROL FOR THE CASE OF KNOWN NONLINEARITIES

In this section we consider the design of decentralized controllers for the case where fi(x) and b,,(x), i=1,2, ,m, are

completely known and examine whether the control objective can be met. This is a reasonable step to take since if we

cannot meet the control objective in the case of known nonlinearities, it is unlikely that we will do so in the case of

unknown nonlinearities.

We define the scalar function Si (t) as the metric for describing the tracking error dynamics of the ith subsystem:

S,(t) = (d dI + A1 )n,-1 e, (t)

e, (t) = Yi (t) - Yd, (t)
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where A, > 0, i=1,2, ,m, are constants to be selected. It follows from (7) that for S,(t) = 0, i/1,2, ,m, we have a set of

linear differential equations whose solutions imply that e, (t) converges to zero with time constant (ni - 1) /2 . In addition,

the derivatives of e, (t) up to ni, - I also converge to zero (Slotine and Li 1991).

Differentiating S, (1) with respect to time results in:

S= +a e +... + ,

=f (x)x+ Xbx)uj " (n + (a,,,,,-e, -1) +...+a,.i 1) (8)

J=1

where, a,.,_1 ,-.-, a,,i, 1,2, ,m, represent the coefficients in the binomial expansion of (7). Let

vit (n,) • (n,-I)
V()-Y, += (t ,-1j +"" . + a,,e, (9)

Then, S, (t) can be written in the compact form:

m

S, = fi (x) + v, (t) + Y_ b. (x)u, (10)
j=l

When the interconnection matrix AB=-O, the error metric in ith isolated subsystem is of the form

S, = f, (x) + v, () + b,, (x)u, (11)

If f, and b, were completely known functions, then the control law

S= 1 [- f, (x) - v, () - k,Si (t)] (12)b,, (x)2

where k, > 0 is a design parameter, could be used to meet the control objective provided of course that the controllability

condition b,, (x) # 0 for all x is satisfied.

Using (12) we obtain S, = -k,S,, which implies that S, (t) and therefore e, (t) converge to zero exponentially fast.

Now let S(t):= [S(t),'...,Sm(t)]T, v(t):= [VIt),.,vmt)I'. In this representation the composite error system can be

described as

S= f(x) + v() + B(x)u (13)

When the interconnection matrix AB•O, in order to take care of the interconnection, we modify the control law (12) as

1 = ._ f(x) v,(t)-kiS,(t) - crf, Jf(x)+ v(tliS,(t)} (14)
b, = (x)
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with o-f > 0 as an additional design parameter. To synthesize this control law for the ith subsystem, however, we use some

information of the other subsystems, i.e., the term cf, Ijf(x)+vQ)AS(t), which indicates that (14) is not a pure

decentralized control scheme. However, the control law (14) decentralizes the input channels.

Lemma 1: The function Sb defined as

S IO := [q- Dsat(es1/I) (15)

sat(IcsU/ f) =P /, if [q > (16)

has the following properties:

So =0, Sv =0,if M < <D (17)

SO > 0, S;0 = STSI(So +q), if ISII > (18)

Proof From (15) and (16), we have Sz =0 when ISI_< (I which also implies that So =0 for jS <D. If ISi> ,

S0  (D-- > 0, then So - dtsII) / di = S's / = S7 s/(S, + (). E

The following theorem establishes the stability and performance properties of the closed loop system with (14) as the

control law.

Theorem 1: Consider the system (1) and the control law (14). Assume that assumptions 1-4 hold. If go < i/"mv, then for

2m.6s02
any given positive constant D, there exist constants, c1 > 0, C2 > (I- mj02).b such that if design constants k,, o",

i--1,2, ^m satisfy

C2  l m l c rf < C2_ _2
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all signals in the closed-loop system are bounded and the tracking errors e,(t) converge to the residual sets

Re, = {e, Ile,(tA < A 2 D+1(}, i=1,2, ,m, as t -+ oo exponentially fast. The sizes of the residual sets depend only on the

design constants A, ,4D and can be established a priori.

Proof Consider the positive definite function

V(t) = 2S, (t) (19)

Using Lemma 1, the time derivative of V(t) is given by

V(t) =0, if III5l<D• (20a)

SO S 7S', if S > qI (20b)
S0, +4)

Therefore only the region ISI > (D is considered in the subsequent proof. The composite control law can be written as

u = Bo (x){-f(x) - v(t) - KS(t) - If(x) + v(OPuS(t)} (21)

where K=diag( ki,..., k. ),odiag(o'f ,.--, 0 f ). Substituting (21) in (13), ST S can be obtained as

ST s = S T f(x)+STvQ(t)+S TBo (x)u +ST AB(x)u
:- k S (t)- Bf(x) + v(t)IIX oj A , 2 (i)+ S A (X)Bo' (x)'i (22)

i=1 =

where

W = -f(x) - v(t) - KS(I) - IVf(x) + v(tlasi(t) (23)

The last term in (22), ST7AB(x)u, is the modeling error due to the interconnections of the subsystems. Noting that

IST+AB(x)Bo' (x)u+ < Ils113(ABx)Bo' x))-jj (24)

< 475o0lf(x) + v(t)IIISI + mo0IISIIIK•sI + 4m_50 If(x) + v(t)iSIs(

and using inequalities

22 m C, 20 + IIKI )S (25)
2 2c, .-I 2 2c,

Isllsll< CllsM1I2 + I PsI 2  , (C2 + o. ,)S2 (26)

where c, , c2 , are positive constants, we obtain
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ISTAB(x)BoI(x)ul •ciflf(x)+v(t)II+ X1 60 (ft+kI 1 )S2 (t) (

M t-1 2 2c,(27)

i 2 2c2

Let kmi = min (k,), a0 min = min (f,) Applying (27) to (22) results in

s' -- '(k, - ,•*o C, I ,M o k 2)sil(t)
2I 2 2 c 1

-iII(x)+ v(t)II:(uL, - 5OC2 o'50 2 )(,)+S2 o(1)+v(1)llsI1
i=2 2C2 2S(28)

-IG-50C 4;mS 2•)l(+ v2 • 4•l•x+v'l:- min {k, - k 112 2c1

- min (f-j -Im1O2 -IM5 _____ 2 v(X) +V S12 + I4-.f (X)+ IA

Applying (28) and ISI = S + 4) to Q(t), we have

V:52 - min (k, Nm9°c, 4mýO k
i='.-m 2 2ck, ISP

- min {(a - NIm6°c2 cM'-°2 •o•,}If(x) + v(t)ISS + rmtsoIf(X) + v(t)ISO,-...m ' 2 2C2 A

-- min {k, - 'N6°C 4m9° k2 )S,0- rmin {k, 2 4m6° kh }Sv (29)
2 2c, 2 2c (

m-in ma - NrmvIFOC2 4M°'50 a 2 }t(x) + v(t)s2

2 2c2  A 0

- min {ao - ým 0 c 2 4 -p _m___° ••) + v(t)jS,
i, ,'|,'", 2 2c 2

By choosing the design parameters, k, , ar , such that

mm-8 {k 6C I -/;MOk2}>min (k, °c -'6 k• (30)

2 2c(

min {af -im/°c 2 -M'm0 a 2 }2 > SO (31),-.. ' 2 2C2 A (

It follows that

V(t)_< -2 min {k, -m-°c " }V() (32)•=;..,•2 2c,

Inequalities (30)-(3 I) can be satisfied if
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ki -m 25c 1 Ims° k2 >0,i=1,2, ,m (33)
2  2c,

SJoC2 o'2  ,i=-1,2, ,m (34)arf, 2 2C2 (

which in turn imply that ks, ,jf,, have to be selected such that

-If'-m50 %,fm-90

C2 2I- <- ) _ < a < 1+ 1V-rn1 2m2. , 1,2, ,m (36)

4M•8 10 - C24 ) mS c2•9 C2 (

(35)-(36) hold only if m80 < I and m802 + 2m82 /(c220) < 1. By assuming

,% < l/ 4m (37)

and then choosing the constant c 2 to satisfy

2mc5•
C2 > (I 2m .502)a (38)

ensure that (35)-(36) hold. Given (35)-(36), inequality (32) will follow which implies that V(t) converges to zero

exponentially fast. It follows that Sv, converges to zero exponentially fast and that which implies that N converges to the

residual set Rs = {SI S1 < (D} exponentially fast (loannou and Sun 1996). The boundedness of all signals in the closed

loop follows from the boundedness of V(t). Inside the residual set we have IS (0tA< , which implies that

Re {e,I Iet)I • ,+ ,=1,2, ,m (Slotine and Li 1991, Slotine and Coetsee 1986). E

The control law (14) can no longer be used in the case whereftx) and B(x) are unknown. We assume that f, (x) and b,, (x)

can be approximated by the general one layer neural network (Funahashi 1989, Sanner and Slotine 1992, Polycarpou and

loannou 1992, Park and Sandberg 1993, Kosmatopoulos et al. 1995, Polycarpou 1996, Seshagiri and Khalil 2000,

Rovithakis 2001) on compact sets x E• . c 91" as

f )(x) ) - , f(x) E,ý 4-fx),/=1,2, m (39a)

b,, (x) - b, (x) = T ;b,, (x), i=1,2, ,m (39b)

12



where E) E 91', 10,, E 91" , are unknown constant parameters, and ;f: ý- 911 , 91", -4 91"' are selected basis

functions. The neural network approximation errors d, (x)W, db, (x) are given by

d f (x):=f, (x) fa (x) (40a)

db, (x) := b,, (x) - bii (X) (40b)

By "optimal" approximation it is meant that the weights 0* , , are chosen to minimize df (x), db (x) for all

X ecx 91":

® , :=arg min {sup lf,(x)-eO",f, (x)}, i= 1,2, ,m (41a)
Of, 6911 XGl, f 4a

arg min {sup b,,(x)-0r E (x } /1,2, ,m (41b)
eb? 691- Xen,

Assumption 6: There exists a set of constant parameters " ,* ,i= 1,2, ^ referred to as optimal output weights such

that the approximation error d, (x) is upper bounded by a known constant V f > 0 and db, (x)/ g, (x) is upper bounded

by a known constant, Yb ,, where 0 < V, < I, over the compact set x c r),

sup d Vf f, ,m (42a)

sup {dh (x)/ gt(x)}•-<Vb, <1, V xE" (42b)

It is noted that (42a) and (42b) do not require the approximation errors to be arbitrary small.

Let the estimates of the unknown functions f," (x), b, (x) at time t be formed as

fa(X,) = f (t)f(x), ( =1,2, ,m (43a)

ba'(x,t) = b h (t)4;b (x), i=1,2, ,m (43b)

where 6f (1),0 ;', (1), are the estimates of O , at time i respectively.

The difference between the estimated and actual parameter values results in the estimation errors

•i (x, t) = 6 1, (t)xf (x) (44a)
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bl (x, t) = 6 b,, (t)4ý,, (x) (44b)

where,

6f, (t) = 6f, (t) 6, @(,, (45)

are the parameter errors. For short, we define 6(t) [(6f, ) f b .Z)]T

Given the estimates f'a (x, t) and L,, (x, t) we can use the Certainty Equivalence (CE) principle (loannou and Sun 1996) to

come up with an initial guess for the adaptive control law. In this case replacing fi (x), b,, (x), with fa(x,t) ,b,(x,t), in

the control law (14) will be a straightforward approach,

UI = r ) [* fa(xt) - v,(t) - kS,(t)- u. fa(x~t) + v(O)SfQ)] (46)

where ,a (x,t):=[f1'(x,t) ... f,(x, t)]T Then design an adaptive law for generating the parameter estimates

OEf (t), O9 (t), and hence f' (x,t) ,b'(x,t), so that the overall system is stable and the tracking error of each subsystem

goes to a small residual set with time. However, it is well known in adaptive control that the estimate bi', (x,t) cannot be

guaranteed to be away from zero for any given time t, which in turn implies that u, cannot be guaranteed to be bounded

uniformly with time. Therefore the CE control law (46) is ineffective for closed loop system stability for the case when the

estimate plant loses its controllability, i.e., bi'(x,t) m 0 at some time t. In the following section we will modify the control

law (46) to bypass this problem and guarantee stability whenj(x) and B(x) are unknown.

4. ADAPTIVE DECENTRALIZED-LIKE CONTROL SCHEME

Let us consider system (1) and the control problem solved in Section 3 for the case of known nonlinearities. In this section

we assume that the nonlinear functions in (I) are unknown and design a control law to meet the control objective. In order

to take care the case where the estimated plant becomes uncontrollable at some points of time. We modify the CE control

law (46) as:

= b (x, t) [-].a(xIt)-vt(t)-kSQt)-a IV, (xt)+v(t)Si(t)] (47)S(io (x, t)) I+ ý

where 8b > 0 is a small design constant. By design, control law (47) cannot become singular since

(bt(xt))2 +S b , > 0, V x,1. It is also worthy note that u, -+0 as fast as bL, (x,t) -+ 0. Thus, when the estimate
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/•(x,t) approaches zero, the control input remains bounded and reduces to zero. In other words, in such a case it is

pointless to control what appears to the controller as an uncontrollable plant. The design merits attention since the potential

loss of controllability has been the main drawback of many nonlinear adaptive laws that are based on feedback

linearization.

The adaptive laws for generating the estimates eO (t), 0 b,, (t), in fa(x,) ,b' (x,t) 1=1,2 ^ are as follows:
,S4(xt,/-,2,,(rxa)olos

Of, Wt = rFg So-• Sf', Wx (48a)

0 h sW = , S,.uj4 ,(x) + p, (I)r b sign(bI. (x))+s, ju 1+sol.,I 4 b,,(x) (48b)
S, + ( S + ( S '>,I +'0 1 ZI~

where,

I= -([b,-(x,)) t) -~f(,. v,(i) - k, S, (t) - 0j, IVfa(x, ) + v(OtiS(t)] (49)
u 'ia= (Xj,(x0)) + 5b,

and where F > 0, rb > 0, i=1,2, ,m, are positive definite adaptive gain matrixes, oab > 0 is a design parameter, and

sign(.) is the sign function (sign(x)= 1, if x>0 and sign(x)=- I, otherwise). p, (t) is a switching function defined as:

11, if jb,/' (X, t)/ g'(X) •1 I b
At W V{l-b, - b-i (x, tj/ gi(x)} / A,, if 1-•Vb,-A, <A b,• (x, t1/ gi(x) <:l -W,, (50)

10, if Iba (X,.,)/gi(x)_ l- _ -A,

where 0 < A, < I is a small quotient used to avoid discontinuity in p, (t). A continuous switching function p, (t) instead

of a discontinuous one is used to guarantee that the resulting differential equation representing the closed loop system

satisfies the conditions for existence and uniqueness of solutions (Polycarpou and loannou 1993).

Lemma 2: The following equality holds for all I > 0

P,(t)ba (x,t)sign(b,,(x)) = -p,(t)I•(x,tI, /--1,2, ,m (51)

Proof If p(t) =O, (51) is trivially satisfied. If p,(t)# O, we have [/a (x,t)j ( - 'b)g,(x). This gives

L,,(x, i) + dA, (X)I •- 1b,' (x, 1)1 + jdb, (x)l < g, (x) (52)

Now noting that

15



ba (x, 1) = ba, (x, t) - b,, (x) = (b, (x,t) + db, (x)} - b,, (x) (53)
<5 g, (x) - b,, (x)

this together with the fact Ib,,(x) >Ž g,(x) implies that for p,(t) • 0 the sign of p,( )b(x,t) is always the opposite sign

of b,,(x), V t 0 0, and (51) follows directly. U

Lemma 3: Define:

+= , + [1•, + =1,2, ,m (54a)

5,2 := q , i=1,2. ,m (54b)

I2Vb,

8,3 28b, g,, i=1,2, ,m (54c)
0- Vtb, )g,*

go6,4 := , i=1,2, ,m (54d)
I -Vb, - A,

6 - 5: , i=1,2, ,m (54e)I-Vb,

Then the following inequalities hold true:

]d, (x)u, - 6• ,,u1 5,,k, IS, I + 5, Jfa (x,t) + v,(tj + ,j 1 a, V. (x, ) + v(tJs,I(
idb ( X Ui '5b U' + P, (t)6,i2 1 i (X, t)ku I + P i (1) ,3 J~ u (X, +) u i 1( 5

"I'AB(x)j < m5(l+L 2)S2(t)+Ia(X,1)+v(04' g 4 (C2 +-Ioa )Si2(t)
i=1 2 2c 2 2c2(56)

-- 4 1.a (X, t) + v-t)IPSI + lIstI p, (1)6,5 Jbij (X, I

where 54= 14 + 4"+6,.

Proof The proof is presented in the Appendix.

The properties of the overall control law (47),(48a-b) are summarized by the following theorem.

Theorem 2: Consider the system (I), the control law (47) and the adaptive laws (48a-b). Assume that assumptions 1-6

hold. If 2 max (V'l ) + 4"mo + max (A,) < I is satisfied for an arbitrary small positive constant A,, there exist positive
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m

constants e5,862,6,3,6,4,615, sets id cqx and ?j- CXL, where L= 2(1, +m,), and design constants D, 8b, kj,
i=l

ry, , ocrb, i 1,2, ,m, that satisfy

,5b,< (I - 2y/,, -. 6o - Aj )[(I - V%, - As)g*] ]2(Vlb, + 80)

( j )I-,)1 (6 2 84yif 2I

)2- 1-j < 0 - 5ik ~( 1 )C, I+ 1t- 94 284 Vu
64 (I-,)2 C c 1(I-5,1)

2cD) 84 (1_6,5)2 c2(l-gil ) 240

(b b max(5,2 ,I, SO )

with c1  264 2 2[1- max()]2-6}' > [ m C2 > = V •lf +.**+Vf , such that for all
Il,... -'

x(O) E ?!" and all 6(0) E f--, all signals in the closed-loop system are bounded and the tracking errors e,(t) converge to

the residual sets Re, = {e, Ile, ()l < A7"+'(D}, i=1,2, ,m, as t -- oo. The sizes of these residue sets depend only on the

design constants 2A ,1), and can be specified a priori.

Proof- Let us consider the following Lyapunov-like function:

V(t) +i += D f , F Yb (57)
2 = i=I

Applying Lemma I and the adaptive laws (48a)-(48b), we can establish that

VQ() = O, if MS! <D (58)

So STý m 6T ;1 + 6 , '

S) S 's+X •,; + b,,F; ,' if HSI>4D (59)
SiO + =D i==

In the following proof, we only consider the region ISII > D .

Rewrite u, in (47) as:

b, (X,1t)7
"i (/(X, t)) 2 + (5, (0
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=-- t) -v, () -kS ,()- af IIfo •,,+ v,)I,() (61)

Using (60)-(61), the tracking error dynamics of each subsystem can be expressed as

S,= fj (x) + v, (t) + b, (x)u, + 2 b, (x)uj
jsl;j*i

(ba, (x,t))' 
m

f (+Xi ++ {b,,(x)-bQ(x,t)}u,+ Eb(x)uj

- fk (x) - o, ()(b (x,t) + vi, (t) + {f, (x)-f(, (x, 0}u-

j=IlJji

Utilizing the identities
fJ (X) - fa (X, t) = (f, (x) - fa (X)) - (ýfa (X, t) a- a (X)) = dj; (x) - fa (x, t) (63a)

b,,(x)-[•;•= dxt = ad, (X)_7(~) (63a)

b,, (x) - b (x, ) = [b,, (x) - ba, (x)] - [b,, (x,1) - bi (x)] = db ) (X,

it follows that

S, = -k S-- ff. (x, t) + vQ)ii-- (x,)--'(X, , +d1 (x)+{d,(x)uj,--o6 bu}+ E b,(x)u, (64)
j=I,j*4

In (64), the term .b,, (x)u, is the modeling error term due to the interactions between the i-th subsystem with all other
j=lj*i

subsystems; {db, (x)u, - 8b U} is a modeling error representing the effect of the design parameter 8b, and the

approximation error db, (x). This is the price paid for avoiding the singularity in control law (47) by introducing the design

parameter Sb, which appears as a disturbance in the closed loop system.

Using (64), the composite tracking error dynamics may be described as

S1'S = _ S2 _ 0(x,t) + v@t) -S2 - S,fa(x,t)- S b(xt)ui
i x) + (65)

+ S"df (x) + YS {db, (x)u, - 45b, u,} + SrAB(x)u
j=l

where df (x):= [d1 (x),...-, df (x)]".

Applying Lemma 3, the modeling error term, {db, (x)u, - 8b, u'}, and the interconnection term, S T AB(x)u, in (65) can be

expressed as

18



1d (x>u, -j , uj • ,,kisi + 6,1•,a x,,) + v(jt + vI,, (x,,)+ v@€,>s, (
+ ýo 162j~ x )u + pi (1)6, V (x, 1)b+u;Il i 66

+ A WSI iia~'iI (05 19im (x 12

"[s (x),<M (-S, + k)S, (,) + (x,t) + v(II + , )s?(t)
i= 2 2c, 2i+-=S 2 2C2  (6)

+ 454 Iýa (x, t) + vO)IMsI + Pisiy:; pi (1)6, F (x, +)u, C (7

Substituting (66)-(67) in (65) gives

64CI 654 2)(IS216 6 4C2 __4 21
s~s<_•.{O~a.)_ -: a4,I +2s2 V(14 (t o-)#

i2 2cI = 2 2 ¢2C2

+ Srd W(x) + 64 jj (xt) + v(t)IM - siSf/ ((xt) - SiS, (x,1)u, (68)
1=| 1=1

+ -p,(1)6,• b,, (x,,)lluls, il+ Yp,(1)6,•,, (x,,)llu, I + IIsli~p, (1)6,5 Ia (x,t)iu, I
j1i JMi i=1

The above equation can be developed further as

ST'S• _mi l-6, )kj - 64 c- g4k2}12 m_ mi 6 4 C2  64 a }2 a (X ) + V(1)•lSl 2

2 2c, ' -,=T -n-M{(l -6()'fm 2 2C2' i '
+ wfs + 64 a(xt)+V(t)+jSIIt mSfa(x,t)_- mSgb,(x,t)u, (69)

Vffi lff+ 4 - i (9
i.=I

+ z ,oc()6,l , (x,1,,)1 Ii, I + Ply()6,3,-, (x,,lu,,us, j +•ID P, (,)6, , (.,)i1u,",
Jffi j=l fi

where we use 7'd,(xl< •Wf P11, Vf = V2 +"" + 2•2

Noting that IlS = S. + D and rearranging the terms, the first term in V(t) can be described as

so STS5 - min {(I-6, )k, -L-, - k-L }Sk1 -( min {(I-6,)k, - 64 c' 4 k2},02l}- 'so
S0 +c1; ,=0,.,, 2 2c, , 2 2c, )'54• C2 __4 2v)4 SM

min {(l- 6 ),O)a/f - 64 ,}2 jia(Xt)+V(S1 2 2 C2

min(=I...min {(I- 6,,)oL - 264 C_42)(D1-4 (x't)+ v(tl (70)

S f 0 MSO + S4, i-M 0I,.s, fiocx,,t) -Yba(x,t)us, + A ,(08i, 2 19i (x,, "t s
SID + 4) I=] So• + (D i=1 S4, + (D i=1 U'

+ " P+(C) 6D3 + j b=(Xt u, IS, +So p,(09,5 b lxt I

Let us now consider the second term of V(t) in (59). Using the adaptive law (48a) yields

_~ A Elf =fl (X't) S .D , +...+f~,)(1
i=1
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Applying Lemma 2 and adaptive law (48b), the last term of V(t) in (59) can be written as:

.I,,, , -a- 5 ,, (x,t)uS, s i mb•(x,t)uSI

1SO + D Sv + D j., (72),S.Mpta, ib (x, (xt) uIs I - S. -p, (t)Ub, )Ix't u

Combining (70)-(72), Q(t) is finally given by

V') min {(l-65,)ki -4c, k (mim {(I-6,5)k- -454 k i}- SO
1.1'...M 2 2c, - 2 2c,

min(( -. jjcrf- 4 C2 '54 a0-2 V11> , 11,,2V(
m,.m {(I62 2c 2

- mmn {(1 -6 5)-f 64c2 _ -6442 }(x t) + V(ISO (73)

2 2C2 )- '3~ 4 ) x,) +

S m -p)a 'juS4- S " 'W

-S 0 Ep,()(ab, -65 )Ib (x,t)lu•
i-1

If now we choose the design constants D, k, , a , ,, such that

min {(I-, 1 )k, -. L' 4 k.}2 lf (74)
2 2c, (D

min {(0 - 6, 4)f - } 2 54 (75)
2 2c 2  c

-h 6,2; > Ž'6, 3; a' > 6 ,5 (76)

It results in

v -f S-- :S 0 (77)
ci'

Conditions (74)-(76) imply that the design parameters, i',kk,a-1,-b,, i--1,2, ,m, have to satisfy the following

inequalities:

64 (V-1 -8i) c 1-1 )2  
- - 64 ~ (1 - 6a) 2  cI (1 - 6,1)2 ci' (78)

____2_ 2.3 y(/fic(1 62 262y/
((-6, 1 )c 2 I 1 - - 26402 < -_ 4 2 I (79)

64 (_.5,i)2 C1(I-6,1 )2 (D 64 (1-65i)2 c2(I-6,1 )2 (D
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oCb, > max{t5 2,2I, 3 , 1is} (80)

We now need to establish that such design constants exist to satisfy inequalities (78)-(80). In (78)-(79), we require

g42 2649i4 + 2 <1 (81)(l-gl )2 C1 (Il-gil)2 (

S224
S+- < !(82)

(1- i8 )2 C2(0 _51- )2 (

Assuming

2 max (V ) + 4m6o + max (A,) < 1 (83)

and choosing

8b< (1 - 2V/b, - 50 - Aj )[(I - y/•, - A, )g ]2 /(b,' + go) (84)

ensures that 5,, +654 < 1, 1,2, ,m, which imply 42 /(1 - 6j ) < 1. Then by choosing

S{[ M ax,(.1)]2 _42}4 (85)

2 {[- max (42 (86)
i 1,...an

conditions (81)-(82) can be satisfied. Given (81)-(82) D,k,, f, crb, i=1,2, ,m, can be selected to satisfy equations (78)-

(80), which in turn imply

(t) =0, if P•_ c1 (87a)

:5< -Efs' < 0, if SM > D (87b)

The results (87a)-(87b) hold under the assumption x e 0, , therefore we need to establish that all states do indeed remain

inside the compact set Q, for all t >0.
...• n-I (n.-I) w eef d C9 "6 j l 1

Let Yd = [Yd ... , "',Yd. , E ,where , Y c E is a known compact set. Suppose )(t) e c •t.,

and e(t) E !, where set Q, is defined as

!n, := {e(t) = x(t)-yd(t)I x(t) E x,yd(t) E [DO} (88)

Now consider the set
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M = {e(t),E (tA V(t) < V0} (89)

where V0 > D is chosen as the largest constant for which M c!Qe x f0(. Then for all e(0) E 5, 6(0) E Di, such that

-5, xl:ý c M, it follows from (57) and (87a-b) that VQ) is bounded from above by V0 for all t 1 0, which implies that

e(t) E 0),, V:t 0 . Using the definition of 0, it follows for all x(0) E fdx c Ox, where x(0) E !ý c:>e(0) e ii, implies

X E 0, for all t > 0. Therefore x cannot leave Ox at any time t > 0.

The boundedness of V(t) together with (t) < 0 ensures that S4, , Ef (t), )b,, (l), are bounded for all 1Ž0, i.e,

S,')Ef, ( E),, L.. This in turn implies that x, u are bounded and V(t) has a limit, i.e. lim V(t) = V.. Applying the fact

that S. =0 for NsJ<I 4 and (87b), we have hmJS;(r)dr = J,()d1 : V(0)-V < which gives So E L 2 . From

S0 , 6(t) E L,, it follows that all signals are bounded implying that S0 E L,. From S0 E L., and Sv e L2 we can

conclude that S, -+ 0 as t--+ •o, which implies that ISH converges to the residual set Rs = {(S I < 4} (loannou and

Sun 1996). Inside the residual set we also have IS, I '1 which in turn implies that le, (tA < -"'+D, P1,2, ^ (Slotine

and Li 1991, Slotine and Coetsee 1986). 0

Desian Parameter Procedure

Using the procedure described below, the design parameters can be chosen to guarantee that the tracking error is within a

desired prespecified bound at steady state provided the lower bound g>, which is related to the controllability of each

subsystem, y/, , V/f, the upper bounds for the approximation errors of each subsystem, and 6S, the strength of the

interconnection among the subsystems, are known a priori.

(I) Using Vlb, , the upper bound of the approximation error db, (x) , and 80, the strength of the interconnection among

the subsystems, check if 2 max ('b ) + -'m50 < I is satisfied in each subsystem. If so, choose the design

parameter, A,, such that 2 max (Vb ) + NIm'1o + max (A) < I. Then choose the design constant, 9b , to satisfy

6
5< (1 - 2 y/Wb -. 0 -A, )[(I - ,/, -A, )g1] I(Vl, +50). It is worth noting that the quotient, tg, < 1/2, gives an

upper bound for the approximation error db, (x) that can be tolerated by the each subsystem.
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(2) Set the desired upper bound of the tracking error for each subsystem at steady state equal to A2' n'+D and choose

A, , (D, to satisfy the bound.

(3) Using the results of 8 b, , A, obtained from step (1), calculate S 8, g,2, 50,3 5 4 ,85, through (54a-e).

(4) Calculate 84, 'f. Select the constants, CI, c2, such that cl > 2 8 4y/f
{[1- max (8, )]2 -j41}(

2542
.2 > {[I - max (8,5)]2 _.542}CD

(5) Choose the controller gains k,, af, , for each subsystem such that they are within the range indicated by (78)-(79).

(6) Choose o'0 , in the adaptive law (48b) of each subsystem such that a-b, > max(8, 2 ,863.8, 5).

Remark: The a-modification term p, rb, o, sign(b,)I S-D'- S i + s¢'+•S 'V Suj IS4[b,I has been incorporated in

the adaptive law of each subsystem to ensure stability and robustness. In V(t) the modeling error term, {db (x)u, - 8 b, u')

appears because of the design parameter 8h, and the approximation error db (x). The modeling error term, STAB(x)u,

appears because of the interconnection of the subsystems. These two terms may become dominant in the case where b,, (x)

approaches zero. This implies the signals in the closed loop system may become unbounded when b,/ (x) -+ 0. The a-

modification in the adaptive law of each subsystem is activated to guarantee stability when the estimate b,/ (x) becomes

smaller than the lower bound of b,' (x). In fact, it guarantees the convergence of the tracking error even if b", (x)

approaches zero since it appears as a negative term in the derivative of the Lyapunov-like function to cancel the effect of

the modeling errors, {db (x)u, - 8 u,' } and S 7AB(x)u. Therefore, this special a-modification ensures robustness whereas

the classical a-modification is used to avoid the estimates of the parameters to drift to infinity (Ioannou and Sun 1996).

5. EXAMPLES

In this section, we demonstrate the properties of the proposed decentralized-like adaptive controller using an example.

Consider the following MIMO nonlinear system:
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811=0.094, 512=0.11, 813=0.081, 14 =0.34, 815=0.32, .21=0.13, 822=0.1 1, 623=0.11 824=0.35,

825 = 0.33 are obtained. Then constants, c1 = 43.4, c2 = 47.8 , are selected to satisfy

284 I/If(c, = 43.4) > 24V/j 2 = 4.(c 1  434)>{[1-max(811 ,821 )]2 _82}4: 42.4

(97)

(c 2 = 47.8) > 2= 46.8
{_ -max(8 1 ,,52 )]2 -)] _42 46D

Substituting c1 , c2 into (78)-(79), the design parameters k, , a'l , af" , need to satisfy

55.7 < k, < 108 ; 68.5 < k2 < 87.8

(98)
61.3 < 'fl < 118.4 ; 75.7 < ojf, < 95.9

Therefore following (98), k, = 60, k2 = 70, aj> = 65, r,2 = 80 are chosen. Finally ob, = 0.33, ab,5 = 0.34 are taken to

satisfy conditions:

(oab = 0.33) > max(412,A1 3,8 15 ) = 0.32

(99)
(ob 2 = 0.34) > max(822,(523,625s) = 0.33

In simulation, all initial conditions are taken as zero. The simulation results demonstrate that the desired upper bounds of

the tracking errors in two subsystems are satisfied as shown in Figure I and 2. Figure 3 shows the action of the switching

functions Ao (t)W P2 . The simulation also shows that the closed loop system becomes unstable if P () ,P2 (t) are turned

off.

0o of aM em
0.5

0.4

0.3

0.2

0.1 -

01

-0.1
1 2 3 4 5 6 7 a

Time (second)

Figure 1: The tracking error of subsystem I during the first 8 seconds.
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The dotted line indicates the required error bounds ±0.002.

Decentralized-like adaptiw control of a MIMO nonlinear system
0.1

0-

2I -0.1

-0.2-

-0.3

-04

0 1 2 3 4 5 6 7 8
lime (second)

Figure 2: The tracking error of the subsystem 2 during the first 8 seconds.
The dotted lines indicate the required error bounds ±0.0 1.

The continuous switching functions in the adaptie laws
2

S1.5-

0.5-

0 1 2 3 4 5 6 7 8

2

2 1 ... .... . .. . .. ....... ............................. . .

0[

0% 1 2 3 4 5 6 7 a
Time (second)

Figure 3: The continuous switching functions P, (t) and P2 (t) during the first 8 seconds.

6. CONCLUSION

In this paper, we consider the control problem of a class of large scale nonlinear systems with unknown nonlinearities. The

nonlinearities are assumed to be continuous functions and as such can be approximated and estimated on-line using a single

layer neural network. A decentralized-like adaptive control scheme that bypasses the stabilizability problem for unknown

MIMO systems is designed and analyzed. The controller guarantees closed loop semi-global stability and convergence of

the tracking error to a small residual set even in the case where the estimated plant loses controllability. The semi-global

stability is characterized by a region of attraction for stability whose size depends on the compact set used to approximate
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the nonlinear functions of the plant. The size of the residual set for the tracking error at steady state depends solely on

design parameters, which can be chosen to meet desired upper bounds for the tracking error. Consequently the proposed

methodology provides a design parameter procedure to meet a priori specified performance guarantees for the steady state

tracking error. Even though the proposed controller is not purely decentralized it does reduce computations and makes the

control design easier to implement than a corresponding centralized approach. The problem of designing a purely

decentralized controller for this class of nonlinear systems is a topic for future research. In addition relaxing the assumption

of knowing the full state of the plant is another topic of research which is also present in the case of centralized control of

nonlinear systems.
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APPENDIX - Proof of Lemma 3

In this appendix, we prove Lemma 3 used in the proof of Theorem 2. The proof process consists of two parts: proof of the

inequality (55) and proof of the inequality (56).

A. Proof of the inequality (55)

Let us start with the following equation:

db, (x)u, -. 5b, u' = pi (t) {db, (x)uj - 8b, u'} + (I - p, (t)) {db, (x)u, -. 6b, u'} (A. 1)

From (60), we have

b, (xt)u, = (ja,( (A.2)i(/ax,t)), + Sbj ui,(A2

Substituting ib; (x, t) = bf (x) + 9j' (x, t) into (A.2) gives that

(b, (x,t))2

b (,(xt)) 2 + =b ub -V -b(x t)u, (A.3)

Therefore, the control input u, at each subsystem can be written as:

={ (b (xt))2  l uj -- ; b(xbt) (A.5)u, (X, (xt))2 + 8,b,()b, ()

From (A.5) we have,

u I1! b,',(xj r i

Using the fact b,', (x)I = 11 - d,, (x) b,, (x)llb,, (x)I Ž (1- V )Ib, (xj, it follows that

I1 l I) I iviI + 1bi1-(xt)j,,ui (A.7)

Applying (61), the scalar function u' in (49) can be written as:

29



"" (,x + g" ui (A.8)

Then we have

{[b,'(x)+b, (x,t)j2 +gb,)}ul = 7 (A.9)

and

{(biai (x))2 + (ga (X, t)2 + gb, }U; , - i(x)b, (X, t)u,(A1)

From (A. 10), u' can be expressed as

, 2bU(x) bU -(x,t)u (A.! I)u=(bi (X))2 + (• (x't))2 + gb, I' (ba ()2+(•(X, t))2 +gb,

Therefore, we have

+ 21b,(b (x))+bKý~ l:

(1X)2 +I+ + (x,t)I (A.12)<(bia~x) 
ch

1 2 -•(X I u,1
(I- _ Vb,) 2 b i2,(x ) + i I-• • , ( )

Using (A.7), (A.12), the first term at the right side of(A.1) can be rewritten as

ld,, (x) -bi(x)( + }5b

db I,(x)•,• b,,, ) (xi+)hIPi ( (-21- , f
P, - t) ,I - Vj-, Ab, (xA -g,,

Since Idb, (x)/b.i(x) < y/,, and 14,,(xA Ž g, we have

lp (t){(db (X)Ui - lb, Ui}I') I A Vlb- , + [(1 b, )g ]2 + 6b, }Ii (A14

For Ib (Xt)( >40, we have
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II = (b•x,))2 +,, - 1. , (I.15)

-5b, j(X, t)I

Using (A. 15) together with the fact (I - p, (t)) # 0 only if jbi (x,t> (I -b, - A, )g, (x), the second term at the right side

of(A. I) can be described as

1(1 -p 1(t) {d , (x )u ,- , ,u:-b ', < l-},j) ,l, I,+ 0 -A ,(0 ) I9 bIt, I

(1i U)" , x)I / gX, ))I +g b, (A.16)
< 0 [ -iF() 0-a Y/-F•-,)g? Wx)+ 8,

Using Idb, (X / g, (x) < V/, and g, (x) > g,,

I(1- p, (t){db, (x)u - 9, u1}j < (I - p,(t)) I-F , -A+ [(I1 -+, b, (A. 17)

Combining the results of(A. 14) and (A. 17), it follows that:

jd (, { I'b, + [(1 - . ) g.1 2  + ,-(, }Ii:Wi - ,V,-Ai)i '+(b
__ _ " , 1 . 'i1, x , l , I( . S

+ p, (t) Yb , f ux,,, I + (, l-() ,, )g,

9 I I=,1 + A, (t)0, 2 j (x, f., +jI + p, (t)8,3 1b (x, 1)U I

where ,16,S2O, 8,3, are defined in (54a-c). Using

IuI 1: k s, ISl + 1ý,° (x,,t)+ v, (,)l + a,, Ij° (x.,t)+ v(,)js, I (A. 19)

Yields

jdb, (X)U, -6bz I; < - , Ii , I + pA (:)6,2I x,)l I + p,( t)6,3 l j(x~t)u (A.20)

Proof of the inequality (56)

From (A.6)

1____ _ I+_•,1+• +i_, l(

p,(O)Iu ,I:_ pi(t) (X){I - - - b1, }(A.2)

Using the fact (1 -p,) •0 only if j/k (x, tj> (i -, - A, )g, (x), we have
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0 ~x - i O)u I<0 i 0 (A.22)
(l- pI(t)IuiI•<(l- Pi(t))g 'l-¢ ig -A (A22

Combining (A.21) and (A.22), it follows that

ki 1 . 1 - litl+Pi(t) I -- a((jIUj (A.23)
9, (X) 1 1 - I'. - At

Using (A.23), we have

7*sABcx).l < I•qA(x)4 < VIsll"'.llA(:, ibu I
i=1

•ii Iit +~ Pi oii K(X, Oui} (A.24)-< Iso Vl-v,-Aib

• I 4sIIX IT I + PJS_ p, (46i5 jbia (X, t . I
i=1 i=I

where 45,4 ,5, are defined in (54d-e). Applying (A. 19) in (A.24) yields

JISI My, 48i4,l< 1'7i I , 4 ki IS, I + lS.i -,4 [Va (x, ) + vi (01 + a(x,t)+ v(E)(A 6,4 o' I~' iJ
i~li-1 i=1 01i~ ,

94 IS11Ks +'54 fa (X, t) + V(x)III6ISII +,54 IS•, a(X, 1) + V()+ (A.25)

<= 24 (' 1  )S i2 t + jý(x,t)+ 15m,4 ýL + I CrI)(t) +g j (X,t)+V,• 2 2c1 ul 2 2C2

where 64 = 4+ + + (,24 , and c,, c 2 , are some positive constants. By substituting (A.25) into (A.24), (56) follows.
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Cr = thrust coefficient The open-loop dynamics of the air vehicle exhibits unstable short-
c = mean aerodynamic chord, ft period and height modes, as well as a lightly damped phugoid mode.
D = drag, lbf The control design described in the following sections consists of
h = altitude, ft four steps. First, full-state feedback is applied to linearize the dy-
lyy = moment of inertia, slug. ft2  namics of the air vehicle with respect to air speed V and altitude
kh, kq = observer sliding gains, 1/s h. Next, a pure sliding mode controller is designed. An adaptive
kj, k2 = controller sliding gains, U/s sliding mode controller is then designed to improve performance in
k. = observer sliding gain the presence of parametric uncertainty. In addition, a sliding mode
ky = observer sliding gain, rad/ft • s observer is designed to estimate the angle of attack and the flight-
L = lift, lbf path angle, which are difficult to measure in a hypersonic flight.
M = Mach number [Although with global positioning system- (GPS-) aided inertial
Myy = pitching moment, lbf. ft navigation it is reasonable to assume that the flight-path angle could
m = mass, slug be calculated from the rate change of altitude and velocity.] How-
q = pitch rate, rad/s ever, in this study we consider the worst case where neither the
RE = radius of the Earth, ft flight-path angle measurement nor its calculated value is available.
r = radial distance from Earth's center, ft Finally, the overall controller is synthesized by combining the adap-
S = reference area, ft2  tive controller with the observer. Simulation studies are conducted
T = thrust, Ibf for trimmed cruise conditions of 110,000 ft and Mach 15 to evaluate
V = velocity, ft/s the response of the vehicle to a step change of 2000 ft in altitude
a = angle of attack, rad and 100 ft/s in airspeed. Parameter uncertainties are included in
fi = throttle setting the inertial and aerodynamic coefficients and are allowed to take
Y = flight-path angle, rad their maximum possible deviation in the simulation studies. The re-
S, = elevator deflection, rad suits demonstrate that at the trimmed flight conditions used for the
111, 12 = observer damping coefficients, I/s simulations the combined adaptive sliding controller is robust with
113 = observer damping coefficient, rad/ft , s respect to parametric uncertainty and provides good performance
'14 = observer damping coefficient with limited control authority.
.,. A2  = bandwidth of tracking error dynamics, I/s

A = gravitational constant Hypersonic Air Vehicle Model
p = density of air, slug/ft3pb1 02 = boundary-layer widths, N3  A model for the longitudinal dynamics of a generic hypersonic

vehicle developed at NASA Langley Research Center is presented in

Refs. I and 2. The equations of motion include an inverse-square-law

Introduction gravitational model and the centripetal acceleration for the nonrotat-
ing Earth. The longitudinal dynamics ofthe air vehicle model can be

YPERSONIC air vehicles are sensitive to changes in flight described by a set of differential equations for velocity, flight-path
condition as well as physical and aerodynamic parameters angle, altitude, angle of attack, and pitch rate as

due to their design and flight conditions of high altitudes and Mach
numbers. For example, at cruise flight at altitude of 110,000 ft and T cos a - D At sin y
Mach 15, a I -deg increase in angle of attack produces a load factor Vr =(1)
of about 0.33 g. Furthermore, it is difficult to measure or estimate m r2

the atmospheric properties and aerodynamic characteristics at the L + T sin a (A. - V2r) cos y
hypersonic flight altitude. As a result, modeling inaccuracies can = Vr 2 )
result and can have strong adverse effects on the performance of V

air vehicle's control systems. Therefore, robust control has been the V = v sin y (3)
main technique used for hypersonic flight control." 2

The sliding mode control method provides a systematic approach a = q - y (4)
to the problem of maintaining stability and consistent performance
in the face of modeling imprecision. The main advantage of slid- -_5

ing mode control is that the system's response remains insensitive = (5)
to model uncertainties and disturbances.3 .4 The most completely

developed area of sliding mode control is for single-input/single- where
output systems (SISO).3 In Ref. 4, SISO sliding mode control is
extended to a class of nonlinear multi-input/multi-output (MIMO) L = !pV 2SCL (6)
systems. Although the technique has good robustness properties, 2
pure sliding mode control presents drawbacks that include large D = 5pV2SCo (7)
control authority requirements and chattering. The performance of D -

pure sliding mode control can be improved by coupling it with an T = ½PV2SCr (8)
online parameter estimation scheme.' Also, a sliding mode con- (8)
troller can be implemented only if full state feedback is available,
a requirement not readily achieved in a hypersonic flight. The de- y= IpV 2SI[CM(a) + CM(Se) + Cg(q)] (9)
sign of a state observer for the unmeasurable states based on sliding
modes has been proposed in Ref. 6, where it is shown that sliding r = h + RE (10)
mode observers have inherent robustness properties in the face of
parametric uncertainty and measurement noise. An adaptive sliding The engine dynamics are modeled by a second-order system:
mode controller combined with an observer was applied to a SISO
magnetic suspension system in Ref. 7 and to a linear MIMO robotic fi -2 Cow,, - w.2 + wI2
system in Ref. 8.

In this paper, design of a MIMO adaptive controller for a hy- For the purpose of this study, the aerodynamic coefficients are
personic air vehicle based on the sliding mode control technique simplified around the nominal cruising flight. The nominal flight
is presented. The plant is the longitudinal model of a generic hy- of the vehicle is at a trimmed cruise condition (M = 15, V =
personic air vehicle.' 2 This model is nonlinear, multivariable, and 15,060 ft/s, h = 110,000 ft, y = 0 deg, and q = 0 deg/s). Parametric
unstable with seven uncertain inertial and aerodynamic parameters. uncertainty is modeled as an additive variance A to the nominal



XU, MIRMIRANI. AND IOANNOU 831

values used for control design. For illustration, only limited number where the Lie derivatives are defined as
of uncertain parameters is considered, ah + ah,

CL = 0.6203r (12) ( xa

CD = 0.6450a2 + 0.0043378a + 0.003772 (13) L;(h,) = L4[L;-'(h,)], L,8 (h,) = -h-•(x)

0.02576P] if fi < I Given that the nonlinear system is 1/0 linearizable, for each output
C 1 = 10.0224 + 0.00336fi if # > 1 (14) y, there exists a linearizability index ri. Accordingly,

Cm(a) = -0.035a 2 + 0.036617(1 + ACMC)a + 5.3261 x 10-6 -

(15) i-i

Cm(q) = (e/2V)q(-6.796ci2 + 0.3015a - 0.2289) (16) is called the relative degree of the nonlinear system. The necessary

and sufficient condition for the existence of a transformation lin-
CM(S.) = C,(8, - a) (17) earizing the system completely from the 1/O point of view is that

the relative degree r be the same as the order of the system, n, that is,
m = mo( + Am) (18) r = n. If r < n, however, the nonlinear system can only be partially

linearized. In this case, the stability of the nonlinear system given
1 0y = I0(1 + Al) (19) by Eqs. (25) and (26) depends not only on the linearized system,

but also on the stability of the internal dynamics (zero dynamics).
S = So(I + AS) (20) When the described technique is applied to the longitudinal model

of the hypersonic vehicle, the output dynamics for velocity V and

e= + Ae) (21) altitude h can be derived by differentiating V three times and h
"= o(1 four times as shown later. Therefore, the relative degree of the sys-

tem, r = 3 + 4 = 7 = n, equals to the order of the system. Thus, the
p = Po(l + Ap) (22) nonlinear longitudinal model can be linearized completely, and the

closed-loop system has no zero dynamics.2 The linearized model is
c, = 0.0292(1 + Ac,) (23) developed by repeated differentiation of V and h as follows:

where the nominal values are given by m0 =9375, o= 7 x 106, = fW(x), V = wj/m, V = (w4k + ig 2 )/m (28)

So = 3603, o = 80. and P0 = 0.24325 x 10-'. The maximum values ý siny + Vycosy
of the additive uncertainties used in the simulation studies are taken
as follows: =V sin y + 2fVy cos y - Vy 2 sin y + Vy cos y

]AmI < 0.03, ]All < 0.02, IASI < 0.01 h(4)=V- sin y + 3Vy cosy - 3ýy 2 sin y + 3Vyj cosy

IAZI < 0.01, ]APi _< 0.06 -3Vy siny - Vy 3 cosy + Vycosy (29)

IAcl < 0.03, lACMl1 < 0.1 (24) In Eq. (29),

S=f2)W, =rx, y=,r+xrl-1 2x (30)
The control inputs are the throttle setting fic and the elevator

deflection 8. The outputs are the velocity V and the altitude h. The where xr =[v y a fi h], f, and f2 are the short-hand expres-
commanded desired values of velocity and altitude are denoted by sions of the right-hand side of Eqs. (1) and (2), respectively, and
Vd(t) and hd(t), respectively. (a, = aft(x)/ax, 922 =&v /ax, 7r, =af2(x)/ax, and 1n2 = a3rl/ax.

The detailed expressions of w1 , f22, 7r,, and nl2 are given in the
Input/Output Linearization Appendix.

The longitudinal model of the generic hypersonic air vehicle de- The right-hand sides of Eqs. (28) and (29) involve second deriva-

scribed by Eqs. (1-5) is a special case of a general MIMO nonlinear tives of a and P1. The expression of the second derivatives for a and

system of the form Pi can be viewed as consisting of two parts: a part that is control
relevant and a part that is not,

M " f~~c, pVS

.t) =f(x) + Eg,(x)uk (25) 6=jo + , (31)
k 21y) 3

y(t) =hi(x), i=. m (26) fi=fio+w/1 (32)

where f, g, and h are sufficiently smooth functions of x E 9W'. where
Input/output linearization uses full state feedback to globally lin-
earize the nonlinear dynamics of selected controlled outputs. Fol- dCo = IpV

2 S•'[CM(o) + CM(q) - cea]/lyy - y (33)
lowing the approach in Ref. 4, each of the output channels yj is
differentiated a sufficient number of times until a control input com- o = -2( w,.f - w.fi (34)
ponent appears in the resulting equation. Let ri, the linearizability
index, be the minimum order of the derivative of yj for which the When r = [V 6 0o h] is defined, the output dynamics of V and
coefficient of at least one uk is not zero. When the Lie derivative h can be written in a form in which control inputs P, and S, appear
notation is used, this derivative can be expressed as explicitly,

yV) = L V = fv + b 1 fl0 + b12S, (35)

h -41 = fh + b2 fl P + b 22&, (36)
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where where

fv (wo +lTQ2 i) (37) v 1(x,t)=-Vd +fv +3Uiii +37`e 1 +X7el (49)

f, =3V• cos y - 3Vy 2 sin y + 3VVAcos - 3 Vvj. sin y v2(X, t) = -hl4) + fh + 47 2 ie2 + 67`%2 + 44'i2 + 74e2 (50)

V3COSy+(Wl0 + 02i) sin y The sliding control design is then choosing the control inputs such
M- V 1 O y + that the following attractive equations are satisfied:m

+ Vcosy( r nxo+xTF-2X) (38) 1 ds2 < ki Is, (51)

(p V2Sc:,2w
bt 2m ) cos a (39) 1 ds2 -k 2 Is2 1 (52)

l= - (cpV2Se' (Tsn + D)(40) where k, and k2 are strictly positive constants that determine the
b 2mlyy ) Tn + c(0 desired reaching time to the sliding surfaces. The attractive Eqs. (51)

and (52), also called sliding conditions, imply that the distance to the
/ pV 2Sc,0W . . sliding surface decreases along all system trajectories. Furthermore,

b2 = 2m sin(x + y) (41) the sliding condition makes the sliding surfaces an invariant set, that
is, once a system trajectory reaches the surface, it will remain on

b CepV2SO it for the rest of the time. In addition, for any initial condition, the
b 22 =t )icOsta+Y)+ )V \cosy - ID) sin D 1 sliding surface will be reached in a finite time.3

2a LWhen Eq. (48) is used, the controller that satisfies the sliding

(42) conditions (51) and (52) can be chosen as

0.256, 1 <I J -1 [-vl x,t) - kisgn(si) 1= Fb2  b12110.02576. /3<1 _-,,- = -,,8, -j r8=

= 1=0.00336, 0 > 1 (43) 6, I. -v 2(x, t) - k2 sgn(s2) J' L b22]

aD ½ (53)
- = IpV2S(l.290a +0.0043378)

aa2 where B is assumed to be invertible. It is easy to see that B inverse
aL 1 does indeed exist for the entire flight envelope except on a vertical

-L = 2pv 2S x 0.6203 flight path.2 The control law (53) can be viewed as consisting of

two parts: the term -B- [t vI 2]T, called the equivalent control,
Sliding Mode Controller Design which guarantees si = 0, i = 1,2, for the nominal model, and the

The control design problem is to select a vector [/3 , 6 J]T that other term -B-R[klsgn(sl) k2sgn(s2)], incorporated to deal with
forces the velocity V and altitude h to track some desired com- parameter uncertainties. With this design, the sliding surfaces will
manded values Vd(t) and hd (t) in the presence of parametric uncer- be reached even in the presence of parameter uncertainties. In fact,
tainty. When the techniques introduced in Ref. 4 are applied, first in the presence of parameter uncertainty, one has
two decoupled sliding surfaces st and s2 are defined by

( d )'- Vd (44) L Af +V2 (AB+B)B- -v 2 sgn(s2) (54)

$e 2(r)dr, e(t)=V-
As discussed in Ref. 3, when large enough ki and k2 are chosen,

(d f4 the sliding conditions (5 I) and (52) can be satisfied. However, be-
S2 = + -k2  e2(r) dr, e2() = h - hd (45) cause of the discontinuity across the sliding surfaces, the preceding

dt Jcontrol law may result in control chattering. As a practical matter,

where A1 and A2 are strictly positive constants defining the band- chattering is undesirable because it involves very high control action
width of the error dynamics. The sliding surfaces si = 0, i = 1, 2, and may excite high-frequency dynamics neglected in the modeling.
represent linear differential equations whose solutions imply The discontinuity in the control law can be dealt with by defining

two thin boundary layers of widths 4), and 02 around the sliding sur-
faces, that is, replacing sgn(si) with continuous saturation functions

f ej (t), i = 1, 2 sat(si /01), i = 1, 2, where sat(x) = x if Ixl < 1 and sat(x) = sgn(x)
otherwise. Therefore, our sliding controller is modified as follows:

approach to zero exponentially with the time constants 2/X1, and
3/A2, respectively, where the integrals of the tracking errors are F.1, [-vt(x, t)-k sat(s$/ l)1
used to cancel the steady-state errors.3  I-v 2(xt)k 2sat( 2/ 2)(55)

Differentiating sl and s2, we have

t= -V 4 + fv + 3X7e1 + 3X7ei + Xe2 + bi/b3o +b 126e (46) With this scheme, thecontrol law achieves a tradeoff between track-ing precision and robustness. Analysis demonstrated by simulations

i2 = _h(4) + f, + 4X2 ;F2 + 6).•2 + 4;0e2 + X4e 2 + b21f 3, + b226, shows that both the sliding surfaces and the attractive conditions in-fluence how fast the system responds to a step input."
(47) Also, to guarantee closed-loop stability, it is necessary to identify

the condition where the maximum effect of the combined parameter
which can be written in a compact vector form as uncertainties is encountered. Both analytical and simulation studies

it r , (X, 1) b12  conducted revealed that the closed-loop system is far more sensitiveSS I= +b. [ i1 P,. ] (48) to variation in the gain matrix AB than it is to Afv and Afh. To
i2 V2(X, 0) b21 b22 L 6, calculate AB for the worst case, the gain matrix is written as a
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product of a fixed basis matrix Y and an uncertainty parameter 0 10'1
matrix,A2M 

--- ---

L(1/a)y 2  i (l/b)y221 L Y21  Y 2J L 0 (I/b)]

where 2 x 1) 1 a
2 x1lO4 m ,sc

a = (57) 0 20 40 00 20 40 60pSc•,w

4 10 10_
b P2S2ce (58) 9 105

Y, =V 2 C O 4  (59) 1
Y21 = V2 sin(a + y) x 10-4 (60) 4o

Y 12  -V_ (Crsina + a x O-'4 (61) o 20 40 4 0 20

Time, sem Time. sec

V41 /CL\ x8D 1 ,,4 Fig. 2 Response to a 20004ft step-altitude command for the nominal

Y22V Crcos(a+y)+ --- ) COSy- ( D) sinyj x model.

(62)

Constants a and b embody the combinations of all uncertainty pa-
rameters in H. The worst case occurs when Am and AlI take their2
maximum negative values, while Ap, AS, Ac,, and Ae take their so
maximum positive values. In this study, the nominal values of a and s I
b are 1.1926 ft- s2 and 0.1463 ft3/s. and the true values of a and b are .0- -
".0805 ft" s2 and 0. 1166 ft3/s, respectively. Therefore, the parameter 40 --- -

a contains 10.4% uncertainty and the parameter b contains 25.4% >2

uncertainty. In a hypersonic vehicle, these uncertainties are signifi- or
cant. The uncertainties in fv and fh are nonlinear combinations of 0 20 40 8 0 2-0 40 so

the uncertainty in parameters. When a Taylor series expansion of
these terms around their nominal values is used and the high-order
error terms are neglected, the terms Afv and Afh can be estimated i2
from their nominal values.

The simulation results are shown in Figs. 1-4. Figures 1 and2 2 . -
show the response of the nominal model, that is, no parameter un-
certainty. In the simulation studies for the nominal model, k, and k2are both taken as 2, and 01~ and (12 are both chosen as 0. 1. Figure 1 0. 1-

shows the vehicle response to a 100-ft/s step-velocity command at 0 20 40 0 2 0 40 90the trimmed condition. It is observed that the velocity converges Tme. s Twime, s,
to the desired value in a short time, whereas the altitude remains
almost unchanged. Figure 2 shows the vehicle response to a 2000-ft Fig. 3 Response to a 100-ft/s step-velocity command with parameter
step-altitude command. Similarly, the altitude converges to its de- uncertainties.

sired value with a short response time. In both cases, the controller

0,005 20 IM101 ----------

000

460 20 <-.0 >5

>20 -0.01%

0 20 40 60 0 20 40 60 20 40 so 20 40 U

12 Is5

-1

0 20 40 so -0.4 20 40 so 00 2 0 4-0 Uo 00 20 40 Uo
Time, sec Time, sa ime. se Time. as

Fig, 1 Response to a 100-ft/s step-velocity command for the nominal Fig. 4 Response to a 2000-ft step-altitude command with parameter
model. uncertainties.
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achieves quick convergence, no overshoot and no steady-state error, the states reach the boundary layers to avoid parameter estimate
for the nominal model. Figures 3 and 4 show the simulation results drifting.' Following the treatment in Ref. 9, we have

tainty for the worst case discussed earlier. In this case, k, and k2  -Afv - 1,st
are taken as 1400 and 100, and PI and (P2 are chosen as 0.8 and 41 I T )'r Y12
0.6, respectively. The results show that robustness and stability have ' = S2 +l [r 2
indeed been achieved. The price paid to achieve robustness in this IVAf - k2 sat Y2
case is in the form of large gains k, and k2 and control chattering. I412 j
However, the control gains cannot be chosen arbitrary large due to
practical considerations such as reaching control surface deflection YFy1  Y1212- .
limits. Furthermore, control chattering is undesirable in practice be- X 1 iU + -aa + -bb (66)
cause it involve high control activity and may excite high-frequency Y21  Y22J ak. bkb

unmodeled dynamics. In simulation, the widths of the boundary lay- Equation (66) can be further expanded as
ers have expanded to reduce chattering. To eliminate chattering, the T
widths of the boundary layers have to be further expanded, which V= -(k, -- I Afv)Is IAI - (k2 - IAfh)1s2A I + -ES,
will result in large steady-state errors. Therefore, in the presence of a
large parameter uncertainty, pure sliding mode controller requires rYIY 22  -Y1 Y121 b1 [-Y1 2Y21  YIIY 12 "]_
a tradeoff between steady-state error and control chattering. This x u2 + 21  1
drawback of the sliding mode controller is addressed in the next VY2Y22  Y21 Yi2J b L-2! Y1 Y2J
section, where an online parameter estimator is combined with the
sliding mode controller to improve performance when parameter + -65 + -bb
uncertainty is present. ak. b

Then, the adaptive laws for estimating uncertain parameters can be
Adaptive Sliding Mode Controller Design derived as

As demonstrated in the preceding section, the sliding mode con- FY -
troller achieves good tracking in the presence of parametric un- . T A rLY1122 -YItYt2J u (67)
certainty at the expense of high gains and control chattering. The 21Y22  -Y21 Y12
performance of the sliding mode controller is dependent on the
size of the parametric uncertainties involved. An undesirable char- kb T --Y12 Y 21 YI IY21 - (68)
acteristic of this controller is the quick erosion of performance to b - ' -Y 22 Y21  Y11 2
gain robustness. This shortcoming of the pure sliding controller has
motivated combining the earlier given control law with online pa- where A=Y Y22 - Y12Y21 is the determinant of the ma-
rameter adaptation. In this section, we develop an adaptive sliding trix Y. The sliding gains are chosen as kt I Afv 1. + II and
mode controller that combines an online parameter estimator with k2 > .AfA 1 + 12 (where 11 and 12 are two positive constants) such
the sliding mode controller of the preceding section. The adaptive that V < - 11 ISI A I - 12 Is24 1, which guarantees all trajectories con-
laws for updating parameters are generated using the Lyapunov syn- verge to the boundary layers.
thesis approach (see Ref. 9). As mentioned before, the dynamics of The sliding gains ofk, and k2 in this case are taken as 150 and 10,
the system is more sensitive to the uncertainty parameters in the respectively, which are much reduced compared with those in the
gain matrix B. The gain matrix B itself is the product of a fixed pure sliding mode control. The simulation results using the adaptive
basis matrix Y and a diagonal matrix with two parameters a and b sliding mode controller are shown in Figs. 5-8. When these results
involving uncertainties. The constant a embodies the combination are compared with the results obtained using the pure sliding mode
of a number of uncertain parameters including S, p, I,. and m, and controller shown in Figs. 3 and 4, a notable improvement in perfor-
the constant b embodies the combination of uncertain parameters mance is observed. It is seen that the level of the control effort in
e, S, ce, p, ly, and m. For a hypersonic vehicle, these parameters the adaptive case is significantly smaller. Figures 6 and 8 show that
are fixed and strictly positive but difficult to measure exactly at any the parameters converge to their true values. In Fig. 6, the true val-
given time. To deal with the parametric uncertainty, we combine the ues are a = 1.0805 ft. s2 and b = 0.1166 ft3/s. Initial nominal values
sliding mode controller with an online parameter estimator forming in the estimation were a (0) = 1.1926 ft. s2 and b(0) = 0.1463 ft3/s.
an adaptive sliding mode controller, In Fig. 8, true values are a = 1.0805 ft. s2 and b = 0.1166 ft3/s.

uJY2 i (63) 2-- -

Se = L][Y2, Y22J 10 ---------
[-vi(x't) - ksat(si/0t)] (64) so/ ---- --

L - v2 (x, t) - k2 sat(s2/4P) (64)

where 6 and b are the online estimates of the uncertain parameters 2

a and b. C0  20 40 80 0 2 4,0 0

The adaptive laws can be derived using the Lyapunov synthesis
approach. Consider the Lyapunov-like function, 1 W04

V = SStTS + (l/2ak0 )a 2 + (lI2bkb)b 2  (65)

where T [0 .0.

6=a-a, = - b, sr=[sIA s2A]1 .1

sia =s1 -4 1 sat(s1/0), 2= s2-- =2 2sat(s2/4 )2) -2. 2
0 20 40 1 0 20 40 io

where 41 and (P2 are two small positive constants. In this construc- Time. Sec lim,, sec

tion, sA can be thought of a measure of the algebraic distances of Fig. 5 Adaptive sliding mode controller: response to a 100-fWas step-
the current states to the boundary layers. The adaptation ceases as velocity command.
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1.2 Initial nominal values in estimation were a(0) = 1.1926 ft- s2 and

S1.15 6b(0) = 0. 1463 ft3/s.

. Sliding Mode Observer Design
- -The sliding mode and the adaptive sliding mode controllers devel-

oped in the preceding sections assume that full states are available
for measurement. In practice, however, only the states that corre-

0 0.5 1 1.5 2 215 3 3.5 4 .5 s spond to velocity V, altitude h, and pitch rate q are expected to be
measured. The state variables corresponding to the angle of attack

_____.. . . . . ._ a and flight-path angle y may be difficult to measure in an actual
hypersonic flight because they are generally very small. Accurate

0.15 smeasurements are costly and difficult if at all possible to obtain
S0.14 practically. In this section, a sliding mode observer is designed that

can provide the estimates of the angle of attack and flight-path an-
gle based on the measurements of velocity, altitude, and pitch rate.

0.12- •When the techniques developed in Ref. 6 are applied, a sliding mode
observer is designed whose structure is given by

0 5 10 15 20 25 30 35 40

h =V sin - rih - khsgn(h) (69)
Fig. 6 Parameter estimation in response to a 100-ft/s step-velocity
command. = yy

q= -7 - 12 - kqsgn(4) (70)

L L+Tsin& (A- V2 r)cos) - (71)
____= _ - - f3 h - ksgn(h) (1

------00 --- m V Vr 2

0. soo1 5 a =q - kasgn(4) (72)

10DO where
V /0 15W L=PoV2 So x 0.6203&

" 20- 40 60 0 20 40 W 4yy = •V2So 0[(-0.035&2 + 0.036617& + 5.3261 X 10-6)

_____, e _ _ _+ (eo/2V)q(-6.796(&2 + 0.3015t - 0.2289)

0' +0.0292(S, - 60]

A= -h, q=q-q

5 | and where 11, 12, 1•3, and 14 are positive constants selected as 2.0,
1.8, 0.0001, and 0.001, respectively, and kh, kq, k,, and k. are the

40 20 40 6 0 o sliding gains chosen by the designer."" 2 Tme, sec 4T . The sliding surfaces of the observer are defined by so = 0, where

Filg. 7 Adaptive sliding mode controller: response to a 2000-ft step sa=[h 4]o .The average error dynamics during sliding where so= 0

command. and 0 0 are

=0 (73)

q=0 (74)

V(sin9 - sin y) - khsgn(h) = 0 (75)

1.15
0 1 °)pOV2SOO -0.035(&' - a2 )

+ .00742-0.3015 )q]&-6.79 (o) C

0 1 0! t1 ! 2 2•5 3 3!.5 4 4."S 5 0

O -kqsgn(4) = 0 (76)

•014 -• 0.3102pNV 2So& + T(sin& - sina)
f0.14

V~M V

10113-- V2r)(cos? - cosy) - krsgn(h(

Vr 2  (77)

- ___________. . . . ..__________________ - 2 . . ) 78

0 5 10 5 20 25 30 35 40 = -y - ksgn(q) (78)
Tife, sfc where

Fig. 8 Parameter estimation in response to a 2000-ft step-altitude
command. a=a-- y
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The preceding error dynamics are nonlinear and difficult to ana- 2.5

lyze. Further simplification can be made, however, by noting that, 2 .3
in a hypersonic flight, the velocity V is high and the angle of attack I " Laand flight-path angle y are typically very small, which justifies j F
the following approximations: 0.550.5 ,

sina€• a . a, sin& a, cos y, cos 0 - X 0ý

.a 2 _ 0, (.eo/2V)q . 0 10 20 30 0 10 20 30

An approximation for the local error dynamics can be derived from 300 0.4

the nonlinear error dynamics of Eqs. (73-78) as 250 0

4=0 (79) 2MC2

4=0 (80) o1

+ I (0.3102poV 2So + T)( 0 !.o.,Y•" -Vt•h) + Vit (81) 2si o 2 0 .0= , o 2
oi MV50 10 20 1 0 3

B Time, 56C Tinw, sw

1 -0.00371 (k9) 10 ) m V + initial state errors j(0) = 3.0 degls and &(O) = 2.0 deg.

1• \ -mean and standard deviation 80 ft and 0.15 deg/s, respectively, is
- V - (82) present. The results demonstrate that the sliding observer has good

performance and exhibits robustness with respect to measurement

When the trimmed conditions are substituted, the last two error noise.

equations can be further simplified as Adaptive Sliding Controller-Observer Synthesis

y -15060(ky/kah) + 0.0440& (83) In the preceding sections we discussed the behavior of the
adaptive sliding mode controller and of the sliding mode ob-

a - -{0.8425(/G/kq) + 0.044}E& + 15060(ky/kh)? (84) server separately. In this section we combine the adaptive sliding
mode controller with the observer to synthesize an adaptive slid-

The convergence of j and & depend on the ratios of ky/kh and of ing mode controller that does not require full state measurement as
kg/kq, respectively. As a rule of thumb, the error dynamics of the follows:
observer on sliding surfaces s0 = 0 should be much faster than the [ /
tracking error dynamics, that is, -vi (6, P, t) - k, sat '

mini 15060(kvlkh), 0.8425(ka/kq)} >> max{Xq. ) 2 ) U = (85)

In this study, X, =0.3, A2 =0.38, kylkh is chosen as 0.001, and [(-V 2 (ot, ?. t) - k 2 sat
k. / k. is chosen as 15, thus, placing the poles of the reduced-order
error dynamics of Eqs. (83) and (84) at -15.06 and -12.64. The Yr ry1  12 -

simulation results in Figs. 9 and 10 show the convergence behav- 8jJ=[ 0 y u (86)
ior of the off-line observer, that is, it is not being used for the , bLY2i 2I
sliding controller. Figure 9 shows that the errors converge to zero
fast when no measurement noise is assumed. In Fig. 10, the er- k. s Y2IY22 -Y 1 IY:2j

rors converge close to zero when a measurement noise with zero a = - T [2 Y 2 u
"-s L Y•21Y22 ,,

-0.skb 1o -o Y1 2 Y21 Y1 1

2.5 13 b = -Y22Y21 +1 1 s22 (88)

h V sin? r)- h - h -sgn(h) (89)

0L0-q2 o=-- = - '124 --kGsgn(q) (90)

.00 10 20 30 0 10 20 30 1

L + Tsinrx (jA-V 2 r) cos?
_____ 7V - 173 h - ksgn(h) (91)

SOD 0.4 MV Vr2

250 03

20D 2 an &= q- y- 14 4 - ksgn(4) (92)
150 : where, v,(61, P, t) and v2 (6, 9, 1) are the same function as v1 (x, t)100 0 and v2(x, t) in which arguments a and y are replaced by a50Oi 

and .
0_ The preceding controller is simulated for the same maneuvers

"s°0 Ti 20 30 -o. 10 T 20 3o and conditions discussed in the preceding sections. The values of
Tme. c Tme, i k and k2 are taken as 150 and 10, respectively, which are same

FIg. 9 Off-line sliding observer without measurement noise, initial as in the adaptive sliding control case. The simulation results are
state errors j•(0) =3.0 deg/s and &(0) = 2.0 deg. shown in Figs. 11 and 12. It is seen that the adaptive sliding



XU, MIRMIRANI, AND IOANNOU 837

IN ' ..........- 30 Appendix

s 20 The detailed expressions of the vectors w, and ,r, and matrices

O10 Q12 and n2 are a simplified version of those in Ref. 2:

aT ) os _ D"

20 10 5- 0  _11V
0

20 40 0 0" 20 40 W -mA cos y

r
2

170.02 WT -Tsina - D

S. .o.4(OT'\ S8 ~.0.

6 0.oe Co5I

1 2amg sin y

20 40 60 0 20 40 0L r
Time, see Time. wec

Fig. 11 Adaptive slding mode controler-observer: response to a 100- 7r, =

ft/s step-velocity command with parameter uncertainties with Initial -L/) V + ( V)sin a L + T sin a /. cos y cos "
state errors j(0) = 0125 deg/s and &(0) = 1.5 deg. + +

mV mV 2  + 2r2  r

,u sin y V sin y

2000- Vr2 r

.2 "L/oa + Tcosa
rnV

- 1 ((T/Ifl) sina-2 w mV

0 1 22A cos y V cos y
"40 so 0 4 o Vr r2

10,10 0.. Q12 =[w201 "2 "23 W24 W25s]

S.0 where

5 a2 T) 20

-1 r iV jiCosa - V

20 20o 40 60 .60,- 20 40 60 0
The, e Time,se s (T) .

2 D

Fig. 12 Adaptive sliding mode controller-observer: response to a -21 5V - i a 8Vfa
2000-ft step-altitude command with parameter uncertainties with initial 2T
state errors j(0) = 0.25 deg/s and &(0) = 1.5 deg. ap) Cosa

mode controller-observer does provide good tracking, despite the 0
presence of parametric uncertainty and assumption of incomplete
state measurement. 0

mjA sin y
Conclusions r2

In this paper, a MIMO adaptive sliding mode controller is de- o2 = 0
signed for the nonlinear longitudinal model of a generic hypersonic 0
vehicle. The controller is developed in several stages. First, a slid- 2m/s cos y
ing mode controller is developed using full state feedback. Then, rP
the sliding mode controller is made adaptive to deal with paramet-
ric uncertainty more efficiently. A nonlinear sliding mode observer T2D
is developed to estimate the states that are not available for mea- -____

surement as in a typical hypersonic flight. The combination of the 57 Ma
observer with the adaptive sliding mode controller leads to the final 0
adaptive sliding mode control design that requires only partial statel/ O2D
variables to be available for measurement. Simulations conducted 0913 -T cosa - 2
demonstrate that the combined adaptive sliding controller-observer Ga

has good tracking performance and robustness in the in the pres- (-iT i
ence of parametric uncertainty and the assumption of partial state - ) sina
measurements for the one point in the flight envelop considered in 0
this study. L
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This paper investigates an adaptive linear quadratic (ALQ) control design with its application to
the longitudinal model of the F-16 fighter aircraft. The certainty equivalence principle is used to
combine the adaptive law with the control structure of the standard linear quadratic (LQ) problems.
The aerodynamics of the F-16 fighter aircraft is linearized at different trimmed conditions, and the
traditional gain scheduling LQ design is also implemented. Simulation results demonstrate the
effectiveness of ALQ control design over LQ design with gain scheduling, in that it can discern
aerodynamics changes and adapt the control laws accordingly. This also helps the system to achieve
fault-tolerance to control surface damage. The large computer storage requirement required for a
gain scheduled LQ design is also avoided.

Nomenclature

V = true velocity, ft/sec

U = velocity in x -axis direction, ft/sec

W = velocity in z -axis direction, ft/sec

a = angle of attack, radian ( range -10' to 450)

9 = Euler (pitch) angle, radian

q = pitch rate, rad/sec

h = altitude, ft

p = engine power

g T = throttle setting, ( 0.0 - 1.0)

ty E = elevator setting, degree

T = total instantaneous engine thrust, lb

m - total airplane mass, slugs
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Cx. - total x-axis force coefficient, table

C 7 , = total z-axis force coefficient, table

CM., = total pitching-moment coefficient, table

CT. the look-up table defining engine dynamics

;T = dynamic pressure, psf

b = wing span (ft)

S = wing platform area (ft2)

F = mean aerodynamic chord (ft)

g = gravitational constant (ftlsec2)

IY = pitch moment of inertia (slug-ft)

1. Introduction

Flight control law design for high-performance aircraft is a challenging problem, due to the sensitivity
to changes in flight condition and the difficulty in measuring and estimating the aerodynamic
characteristics of the vehicle. A common control design approach has been to use robust control. Some
robust flight control design examples can be found in references [1] through [6]. However, traditional
robust control is inadequate for the wide range of flight conditions fighter aircraft encounter. This problem
can be addressed by making the controller 'learn' the aircraft's dynamics and then to adjust its parameters
or structure. This is an example of 'intelligent' flight control. Multivariable adaptive control is one such
'intelligent' design (references [7] and [8]). Since frequently the flight dynamics are non-minimum phase,
multivariable adaptive pole placement control is often chosen (references [9] and [10]). This paper
investigates the application of adaptive linear quadratic (ALQ) design, which combines an adaptive law
with the standard linear quadratic (LQ) control structure. The proposed robust adaptive law measures and
estimates the most recent aircraft aerodynamics according to the current flight condition, then adjusts the
controller parameters by solving the corresponding LQ problems. As an illustrative example, the
longitudinal subsystem in steady state flight is considered in this paper. The method can readily be
extended to the aircraft's lateral-directional dynamics and to other flight conditions. The aerodynamics of
the F-16 fighter aircraft are linearized at different operating points, and a traditional gain scheduled LQ
design implemented for comparison and validation. Simulation results of the ALQ and gain-scheduled LQ
designs are analyzed and compared. It is seen that the ALQ methodology is superior to the gain-scheduled
LQ controller in both performance and computer storage requirements.

This paper is organized as follows. Section II presents the aerodynamic model of the F-16 aircraft. The
traditional gain-scheduled LQ design is illustrated in Section III. In Section IV the ALQ controller with
adaptive laws is developed. Simulation results are presented in Section V. Finally, concluding remarks are
presented in Section VI.

I1. Mathematical Model of the F-16 Aircraft

As an example of a mature fighter aircraft, the F- 16 was chosen as the aircraft model for conducting the
controller design. The full six-degree-of-freedom (6DOF) non-linear aircraft model can be found in
references [II] and [ 121. The mathematical model uses aerodynamic data from NASA Langley wind tunnel
tests based on a 1/16 scale model of the F- 16 aircraft. The data applies to speeds up to Mach=0.6, and were
used in a NASA piloted simulation reported in reference [12]. In general, the 6DOF dynamics of the
aircraft are highly coupled. However, for straight and level flight (zero bank angle), the longitudinal
dynamics can be decoupled from the lateral-directional dynamics. In this study we will consider the
decoupled model of the longitudinal aircraft dynamics as an illustrative example for our ALQ design.
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In straight and level flight, the non-linear dynamic Eq. (1-9) can be linearized at different points within
the flight envelope as defined by the aircraft's velocity and altitude. By trimming the aircraft at the
specified velocity and altitude, then numerically linearizing equations of motion at the trim point, the
longitudinal dynamics of the aircraft can be described by a family of LTI models as follows:

i=Ax+Bu

y=Cx 
(10)

where x = [V a 0 q h Pm. ] 7 is the state vector, u = [5T 5E.] is the control vector, and

y [ [V h] is the output vector. The control objective is to track the command velocity and altitude

vector [V.om hom ] . Without loss of generality we make the assumption that the pair (A, B) is

stabilizable, and use Eq. (10) as the basis for the control design.

Ill. Gain Scheduling LQ Tracker Design

For the LTI model (10), the LQ design can achieve zero output tracking error defined as:

e, = Vco,. - V, e. = h.o, -h (hi)

The LTI model of the system can be augmented as:

ia0g = AaxugX jug + Bag U (12)

y=C Cug xag

where xug =[e, eh V a 0 q h P,,]7' is the augmented state vector, whereas

u = [5T 5E ]" and y = [V h] remain the same as before. For a step command vector

[Vom hco ] , the system matrices Aaug, Baug and Caug become:



1 0 0 0 0 0

Aag= 0 -1 0 Baug 0 0 0 ,and Caug=[0 0 C] (13)

O0 0 A-O 0B

Using the augmented system, the tracking problem for model (10) is equivalent to a regulator problem
for model (12). Following the LQ control structure, the performance index is defined as:

=(XaugQxaug + uTRu)dt, Q > 0, R > 0 (14)
0

The solution using full state feedback control is given by:

u = -Kx... (15)

where the optimal gain K is obtained from:

K=R-'B gP (16)

and the matrix P is the positive-definite solution of the algebraic Riccati equation:
AgP+PAs - PBgR-B T P+Q= (17)

Here we assume that the state variables are measurable either directly or indirectly, thus we implement
Eq. (15) directly within the system. The closed-loop stability is therefore ensured, and the performance
index is minimized. For each specified velocity and altitude, the LTI model can be derived. The above
procedure can be repeated to generate the database of optimal gains K at the different combinations of
aircraft velocity and altitude. In the on-line implementation, the optimal gain K is obtained from this
database using gain-scheduling.

In this paper a two-dimensional interpolation is used to calculate the optimal gain K at any
combination of velocity and altitude. The descriptive diagram is shown in Figure 1. Let the triple ( K4, Vi,
hj ) ij=1,2 be the representation of the optimal gain Kij derived from the LTI model of a specified Vi , hj
pair. Then the gain K at any point inside the rectangle can be decided by the following interpolation
algorithm in Eq. (18) through (20) and shown in Fig. I.

(K 1 2, V1 , ]h2  (K 22, V2 , h2 )

(K, V, h)

(K,1 , V, ,h1 ) (K 21, V2 ,h )

Figure 1. Interpolation of Optimal Gain K at any Velocity V and Altitude h

K1 =K,1 + VV 1  (K21K ) (18)

K 2 =K 12 + V-Vr (K 22 _K1 2) (19)V2 - V1



h -- h
K*=K + (K 2 -K 1 ) (20)

h2 -hi

IV. Adaptive LQ Control Design

The key advantage of using an adaptive LQ design is that it combines an adaptive law with the LQ
control structure. In this scheme, the adaptive law estimates and updates the system information to update
the controller parameters. Using Eq. (10) as the nominal system description, matrices A and B are
determined and updated for the flight condition. This includes the body axis aerodynamic forces and
moments. The aerodynamic data including stability derivatives cannot be accurately determined in some
flow regimes (e.g. transonic flight) either by wind tunnel experiments or computational fluid dynamic
(CFD) studies. Experiments and measurements in wind-tunnel tests contain modeling errors. The matrices
A and B derived from linearization introduce further deviations from the exact system. One way to obtain
an accurate description of the system is to estimate and update these matrices on-line using in-flight system
dynamic response information. A general procedure for designing a robust adaptive law is outlined in the
described herewith. From the first scalar equation in model (10), we have:

"i1 = aX A +a 2 x 2 + a 6 x 6 --+ bi 1T + b125E (21)

where ay , b0 are elements of A and B matrices at the i -th row and j -th column.

Reorganizing Eq. (21), and assuming that the measurements of the state variables and their derivatives
are available either directly or indirectly, we have:

z = rTO (22)

where z =

=* =[a,, a12  ''' a 16  b11  b12 ]1 is the true value ofthe elements in AandB;

S= [xI x2  "" X6  5T h, ]7' is the regressor vector.

The robust adaptive law chosen here is the gradient method with o"-modification described in

reference [7]. The estimate 4(t) of 4' is given by:

=fre- rw (23)

where Z" = (24)

S 0 U¢I< MO

ao(11¢1- 1) Mo <- H< 2Mo (25)MO

00 I1¢101 2Mo

with o > 0, Mo 0  211 '11, andr T >0.

Applying the same procedure to the other scalar state equations in model (10), estimates for all the

elements in A and B matrices can be obtained. Denote the estimated matrices by A and B, and using the
certainty equivalence principle, the LQ design process can proceed in much the same way as in Section 3
using the estimated model:

i = Akx + 1iU (26)
y = Cx



Since the estimated matrices A and B are obtained using the current measurements of the state and
control variables, they capture the most recent system changes, hence more accurately represent the system
dynamics. Intuitively, one expects the ALQ design to perform better than the gain-scheduled LQ design.
This is confirmed by the simulation results given in Section IV. The block diagram of the ALQ design is
shown in Fig. 2.

VCom ev f
h c, flteLe c o n tro ller eh L i A •B

Yc=Ax 
+ BU1

iLaw I ]

Figure 2. Block diagram of ALQ control design

Remark 1: The drawback to using the adaptive law to achieve more accurate estimates of the system
parameters is the introduction of increased computational complexity within the on-line flight control

computer. The computational burden can be somewhat reduced by noting that not all element of A and B
need to be estimated. For example, from equation (6), one can directly set:

[a 31  a 32  *. a 36  b31  b32 ]=[0 0 0 1 0 0 0 0]

Remark 2: In many cases, off-line analysis can render useful knowledge about the elements of A and B.
For example, estimates of their upper and lower bounds can be used in updating the A and b matrices. In
this work, the projection in the adaptive law benefited from the utilization of the estimated elements'

bounds. For example, let " and ý denote the upper and lower bound of the estimated parameter •. The

gradient method with projection gives:

Eq(23) " (27)

S 0 elsewhere

Remark 3: The purpose of the parameter identification is to design the control law. One problem we have to
solve is that the presented adaptive law cannot guarantee system controllability. In this case, the adaptive
law needs to be modified, for example, using the switching excitation. The details can be found in [6].

Remark 4: Finally, to reduce the computational burden, one can develop the discretized version of the
above adaptive law. The computational effort to directly implement the discrete adaptive LQ design is
significantly less than the continuous-time scheme, since the Riccati equation is solved at time intervals
rather than continuously.

V. Simulation for an F-16 aircraft

Both of the control designs in Section 3 and Section 4 were implemented using the longitudinal
dynamics of the F-16 fighter aircraft. The mathematical model of the F-16 aircraft uses data from NASA
Langley wind tunnel tests based on a 1/16 scale model. The data is valid up to Mach=0.6. Correspondingly
the velocity and altitude range examined in the simulations are:

Velocity: 400 to 900 ft/sec, with points spaced 125 ft/sec apart from each other



Altitude: 0 to 40,000 ft, with points spaced 2,500ft apart from each other

Case I -- Nominal case

In the nominal case, where the aircraft's mathematical model and its dynamics are identical, both the
gain scheduled LQ and ALQ designs generate satisfactory responses to the velocity and altitude tracking
commands. The following plot (Fig. 3) shows the transient responses of the outputs and the control
commands to a commanded step change in the velocity and altitude.
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Figure 3. Simulation for the nominal case

Case 1-- Pitch moment coefficient uncertainty

During the wind tunnel tests, the experimental data are used to generate look-up tables for all the
aerodynamic coefficients. In these experiments, the accuracy of the measurements vary depending on the
quality of the test and on which aerodynamic coefficient is being generated. Typically, the measurement of

the pitching moment coefficient Cm is associated with some degree of uncertainty, as much as 70% and

80% on the lower and upper bounds respectively. Let C. 0 denote the look-up table value to set the

uncertainty bounds on the true value for C, as:

30% x Cm.0 < Cm <5 180% X C. 0

In this simulation, the lower value of Cm has been assumed, i.e.,

C = 30% X C.,O

The simulation results are shown in Fig. 4. It shows a comparison between the adaptive LG and gain

schedule LG for the velocity and altitude outputs to a commanded step change in both.
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Figure 4. Simulation for the Pitch Moment Coefficient Uncertainty

Case Ill - Control Actuator Failure

In this experiment we simulate the control actuator failure that the throttle setting get stuck at some
unknown position and the elevator deflection angle is drifting with time. In order to do the failure
simulation we add an artificial redundant throttle command and split the elevator panel into two pairs. The
control objective is to keep the aircraft at the constant velocity and altitude in the presence of failures. The
resultant velocity and altitude responses are shown below in figure 5, and the control commands are shown
in figure 6.
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Figure 5. Velocity and Altitude Responses with Actuator Failures
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Figure 6. Control Commands with Actuator Failures

From these experiments, we see that the ALQ design is superior to the traditional gain-scheduled LQ
design in that the ALQ design updates the system's information and uses it to modify the controller
parameters on-line. Also, the ALQ control design is more robust to modeling errors and uncertainties. On
the other hand, the ALQ design has greater potential to cope with unexpected changes in the system. These
uncertainties include battle damage and control surface actuation failures that will affect the systems'
aerodynamic behavior and dynamic response.

VI. Summary and Conclusions

This paper investigates two control methods used in designing the flight control law for the F- 16 fighter
aircraft. These are the ALQ control design method and the traditional gain-scheduled LQ design method.
Both of these methods are outlined in this paper. Simulations of both control law designs are shown and the
results compared. The ALQ control design combines a robust adaptive law with the LQ control structure.
The robust adaptive law estimates the system's most recent model from measurements of the current flight
condition. Then this estimation is used to adjust the controller parameters by solving the LQ problem. The
ALQ method can 'learn' the dynamics, addressing a deficiency in the gain-scheduling method, where the
models are fixed and there is no 'learning' capability. These simulations, which use the longitudinal
dynamics trimmed in steady-state flight, verify this conclusion. It was demonstrated that the ALQ
methodology is superior to the gain-scheduled LQ design in fault-tolerance performance, while storage
requirements when compared to gain scheduled LQ designs is reduced.
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Abstract - This paper presents a Linear Quadratic on rather simple aeroelastic models for an airfoil, which
Gaussian (LQG) algorithm for suppression of flutter in lack the potential to be extended to more realistic
an aeroelastic wing. CFD-based input output data and configurations involving complex mode shapes. CFD-
autoregressive moving average identification method based aeroelasticity is an emerging technology that has
were employed to develop a state space model for the potential for the development of accurate aeroelastic
aerodynamic forces. A finite element model of the wing models and design of active controllers for complex
was constructed to obtain the flexible modes and a airframe and wing configurations [1]. In this paper, we
second set of linear state space equations representing present an algorithm for active suppression of flutter in an
the structural dynamics of the wing. The outputs of the aeroservoelastic wing model based on the Linear
coupled aeroelastic model, pitch, plunge, and the Quadratic Regulator controller with Gaussian
movement of the control surface at the trailing edge of measurement noise (LQG). Our aeroelastic model is
the wing were used to design a combined state obtained using CFD-based input-output data for
estimator and a linear quadratic regulator. Simulation identification of aerodynamic forces and finite element
results presented validates the effectiveness of the model for the flexible mode shapes of the wing. The
controller to suppress flutter induced by increasing approach is applicable to any complex airframe or wing
dynamic pressure. geometry.

I. INTRODUCTION II. THE AEROELASTIC MODEL

The interaction between aerodynamic, inertia and The wing model, shown in Fig. 1 was obtained from
structural forces can result in aeroelastic instability such NASA Dryden Flight Research Center. It is a cantilever
as flutter in the airframe or wing of an aircraft. Flutter can wing that utilizes a NACA 0012 airfoil. The wing has a
manifest itself in large amplitude limit cycles or 2.0178m span and a 1.0089 m chord length. The control
unacceptable wing motions and can potentially be surface, an aileron, attached to the trailing edge of the
catastrophic and result in destruction of the airframe or wing has a 0.6053m span and a 0.2522m chord. It is
the wing during the flight. That is why flight flutter centered at 1.22m from the wingspan.
testing is a mandatory part of certification process that
must be undertaken to demonstrate that the aircraft is
flutter free in its entire flight envelop. So far aeroelastic
instabilities such as flutter has been treated only passively
through proper airframe and wing structural design.
However, for the high-performance air vehicles of the
future suppression of aeroelastic instabilities must depend
on active control as they are designed to be increasingly
lightweight and to operate over a wide range of speed and
altitude. Interaction between structural dynamics,
aerodynamics and flight control system is called
aeroservoelasticity. A prerequisite to active control design
is to have a good model which captures the salient -,

characteristics of the aeroelastic phenomenon but at the Fig. I Structural FEA Model of a Cantilever wing with NACA 0012 airfoil

same time is manageable for control design. The progress
in computational fluid dynamics (CFD) has lead to Unlike most of the previous research in this area, our

construction of accurate aeroelastic models [1-10]. A model is obtained using a set of CFD-based aerodynamic

number of researchers have proposed control strategies for data and a finite element (FE) model of the wing to

active suppression of flutter for linear and nonlinear generate the structural modes for the coupled aeroelastic

structures [9]. Most of these works have been performed blocks shown in Fig. 4. The plant consists of two sets of



linear state space models: one modeling the aerodynamic
loads, the other representing the elastic deformation of the MI4 + Kq + Cq + fa (t) + f, (t) = 0 (2)
wing and the motion of the control surface.

The state space model for the structural dynamics is where,
obtained using a FE model of the wing. The FE model
was created in I-DEAS. The result of this analysis is a set = 4 ) M4, Generalized mass matrix
of undamped equations of motion for, the nodal T
displacement vector -: K =k r K4) Generalized stiffness matrix

C = 4)'C4) Generalized damping matrixM +K4=O (l)
q = (DTý Vector of generalized

where M and K are the mass and stiffness matrices, displacements

respectively. Equation (1) is solved to yield the natural Modal matrix
frequencies, and mode shapes that contain both the elastic
modes and the control surface motion. Only two fa = a 'pS Aerodynamic load vector, where p
fundamental modes (the first bending and the first is the Euler pressure, S is the
tensional) and the first mode related to the motion of the appropriate surface area around
control surface ( 5- ) are retained. The first bending mode the node, Ia pertains is the modal

simulates the plunge (h), and the first twisting mode vector interpolated for structural

simulates changes in the angle of attack (a). These mode nodes.

shapes and the associated frequencies are shown in Table
I. fI User input, impulse force vector

TABLE I Once mode shapes and the associated frequencies are
NORMAL MODES AND FREQUENCIES determined the linear discrete-time state space model for

small structural deformations is obtained using the
generalized displacements and their corresponding
velocities as the states.

The state space equation form can be formulated from
(2) as:

1st Bending Mode (h) - 3.521 Hz
xs(k + 1) = Gsxs(k)+ Hs[fa(k)+ fj(k)]

y, (k) =Cxs (k) + Ds [f (k) + f/ (k)]

The aerodynamic model is obtained using a discrete
autoregressive moving average (ARMA) system

1st Twisting Mode (a) - 14.819 Hz identification method applied to a trimmed condition of
the wing. The system identification makes the assumption
that the aerodynamics behaves linearly about potentially
nonlinear steady state flow in each discrete iteration step
associated with a given flexible configuration of the wing
and the rigid motion of the control surface. As such, the
dynamics of the airflow and the associated pressure can be

1st Bending Mode (S.)-59.797 Hz identified as a linear state space model using a set of
appropriate input and output data generated by steady and

Arbitrary motions of the wing and the control surface unsteady CFD solutions of the flow [1]. To obtain the state

can then be formulated by a linear combination of mode space model for the aerodynamics the corresponding 10

shapes multiplied by a generalized displacement. The representation for the ARMA model at time step k is
written as:

aerodynamic force applied on a surface around a

structural node is obtained by creating a CFD mesh nb-Ina n-
around the wing. The combined structure and CFD-based f 0 (k) = X [a1fa(k -i)+ Y_[bj]q(k -j) (3)
aerodynamic loads will give rise to the following matrix .=1
equation of motion for the aeroelastic wing in terms of the
generalized coordinates q:



Equation (3) relates the current generalized Speed of sound at infinity 1340.29 m/s
aerodynamic force output to na past outputs and nb past
inputs of the unsteady CFD solver. Matrices a's and b's In the coupled aeroelastic interaction, the motion of the
(scaled by the training density) is determined by fitting the whole wing or the control surface will change the
model to a set of CFD-generated "training" 10 data using aerodynamic flow near the wing which in turn excites the
NASA-developed multidisciplinary software STARS. Fig. structural modes, a process that can result in limit cycles
2 shows the Y-wing CFD model. with growing amplitude.

III. CONTROLLER DESIGN

The analysis of the open-loop combined structural and
aerodynamic state space model for the "Y-Wing" shows
that the system can become unstable for certain values of
pinf. The objective is to design a controller such that the

outputs of closed-loop system, pitch and plunge remain

near zero subject to the control constraint Jul < 15" which

describes the limits of the control surface movement. In
addition, we assume that the measurements of the outputs

*, :. ,and the plant itself contain Gaussian white noise. Linear
Quadratic Regulator design was chosen because the
controller can achieve a trade-off between performance
and control effort in the present of measurement noise.

Fig. 2 CFD Model of "Y-Wing" The LQG controller consists of an optimal feedback gain
and a Kalman state estimator. The two components are

The state space form of the unsteady CFD aerodynamic designed independently using the so-called "separation
system can be obtained as [1]: principle". The design process includes the following

steps:
xa (k + 1) = Gxaa (k) + Haq(k)

f (k) = Cax, (k) + Daq(k) + f, A. Model Reduction
The open-loop system is a discrete time model with I

where, input, 3 outputs and 17 states. The large size of the plant
brings undesirable complexity to the controller design."at ... ani aia b1 ... bf_ 2  blbi Furthermore, a controller designed for a large order

I system will be of large order too. Therefore, a model

"reduction method was used to reduce the size of
aerodynamic model from 9 states to only 3 states. The

Ga 0 model reduction method used is a frequency

approximation with input/output balancing. The balanced
gramians reflect the combined controllability and
"observability of individual states of the balanced model.
The balanced gramians of aerodynamic model is:

H, =[b0  0 0 1 0 ... 017T gs = l.Oe+07*[3.4798 0.1050 0.0006 0.0002 0.0001

Ca = [a, ... ana_1 ana b, "'" bnb_2 bnbI] 0.000 0.0 0.0 0.0]

D. = [b° I Six states with small gramians (indicating the weakest

The flight conditions assumed in this study are coupling with the input and output) were deleted while the

described in Table 2. remaining 3 states retain the most salient input-output
characteristics of the original system. The singular values

TABLE II of the original system and the reduced-order aerodynamic

FLIGHT CONDITION model are shown in Fig. 3. The solid line indicates the

Mach number 2original system and the dash line indicates the reduced-
M h r2.0 order system.

Angle of attack 00
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1 .. Other Variables

h Plunge

a Pitch

Control Surface Displacement

u Control Command.

-Pinf Representing Air Density (Scale Factor)

fja, ) (3 x 1) Aerodynamic Force Vector

fj(k) (3x1) Static Ofset Force Vector

fl (k) (3 xl) Applied Structural Impulse Force Vector

The open-loop system has one input u and three
Fig. 3 Singular values of original aerodynamic model and reduced model outputs, h, a, and E..

The closed loop system including the coupled
aerodynamic - structural system and the Kalman filter - B. LQG Controller
LQG gain matrix is shown in Fig. 4. A second order The solution of the LQG Design is a combination of
actuator model converting the output of the controller to Kalman filtering and full-state feedback based on the so-
the control surface movement is also included, called separation principle. Consider the following

discrete time plant.

Aeroelastic Model x(k + 1) = Ax(k) + Bu(k) + Bw

f, (k) y(k) = Cx(k) + Du(k)

I ooymi J.(k) f. (k Strnetniil - o- a~=
WeodNWai Model t

ii _______________________________The goal is to regulate the noisy output y to zero. The
plant is driven by control u and the process noise w. The
regulator uses the noisy measurements y, to generate the

L... cL Icontrol input. Both w and v are modeled as white noise. In
.. .. the "Y- wing" case, x is 17x 1, y is 3x l, and u is a scalar.

Fig. 4 The block diagram of aeroservoelastic model of"Y-Wing" * Optimal State-Feedback Gain with Output Weighting
The first step in design is to seek a state-feedback law

The detailed description of each block is as follows: u(k) = -Fx(k) that minimizes the cost function defined

Aerodynamic Model by:

G0 (9x9), Ha (9x3), Ca (3x9), D,, (3x3) State Space ykMatrice J Y_ y [y (k )Qy(k) + ru' (k)]
h, a, J6 - Inputs k---O

f(k) (3x 1) Outputs The minimizing gain F is obtained by solving an

Structural Model algebraic Riccati equation. The gain is called the LQ-

G663 State Se optimal gain. The weighting matrix Q and the scalar r are
G,_(6x6),_H,_(6x3)_C,_(3x6),_D,_(3x3 Matrices user specified to define the trade-off between regulation

fa(k) (3xl) Inputs performance (how fast y goes to zero) and control effort.
In the "Y-Wing" case Q=diag(l0, 10, 10) and r=0. 1 were

h, a, J),. Outputs chosen.

Actuator Model A Kalman State Estimator
G,(2x2), H, (2x1), C,(Ix2), D, (Ix1) tMatrices The LQ-optimal state feedback u(k) = -Fx(k) is not

u Input implementable if a full state measurement is not available.
EOutput However, one can obtain a state estimate i such that



u(k) = -Fi(k I k - 1) remains optimal for the output- The state space model of the final LQG controller, F is

feedback problem. The state estimator generated by the obtained as:

Kalman filter is:
AF [0.51791 0.46507 -0.21597

i(k + I I k) = Ai(k I k - 1) + Bu(k) -0.44923 0.86064 0.08589

+ L[y,(k) -Ci(k jk-1)-Du(k)] -0.21698 -0.07262 0.67765]

BF = [ 0.63026 -0.31400 -0.04273
L is the Kalman filter gain. The gain is determined by -0.14962 0.13306 0.00581

the noise covariance data, i.e., E(wwT) = q, and 0.19132 -0.15024 -0.01484]

E(vv ) = RI,,. In the "Y-Wing" case, q0 was chosen I CF = [-0.71467-0.16320-0.241391
and R, was chosen as diag(l10,10,10). A large noise

covariance R,, is set to limit the high frequency gain. The DF = [ 0 0 0 ]

Kalman filter is an optimal estimator minimizing the
asymptotic covariance of the estimation error, i.e., IV. SIMULATION RESULTS

lim E[(x- _ )(x- i) T ]. In this section, we present the simulation results for the
"Y-wing". The simulation results using the designed
controller are shown in Figs. 6 and 7. It is seen that the

C. Controller Reduction open-loop system is unstable as the amplitude of
The designed LQG controller has 9 states, too large for oscillations grows unbounded. However, when the control

the simple system on hand. High order digital controllers is applied the plunge and pitch are stable and converge to
are undesirable for real implementation. The same model zero. In Figs. 6 and 7, the controller starts acting at 0.2
reduction algorithm is applied to the controller to reduce second and at 0.5 second, respectively. In both the control
the control law complexity with little change in the effort satisfies the requirement 1ju< 15" .
control system performance. The gramians of balanced
controller in this case are:

gf= [0.9618 0.9092 0.2035 0.0245 1
0.0168 0.0148 0.0071 0.0064
0.0 0.0 0.0] u2 .. . . ,, ,, . . . . .. . .

The last 6 states with relative small gramians were 1
deleted. The reduced-order controller has only 3 states.
Fig. 5 compares the singular value of original controller •,", . . . . . . .
and reduced-order controller in frequency domain. The
reduced-order controller has almost the same frequency fli

response in high frequency area as original controller and
I db lower in amplitude in the low frequency region.

vA ofDesigned b, y LOG , Reducd Co, Fig. 6 Plunge and pitch response, control starts at 0.2 second

0' \Y

/')2.2ft02 0#flft 0 Z 0f

Fig. 5 Singular value of original controller and reduced-order controller Fig. 7 Plunge and pitch response, control starts at 0.5 second
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ABSTRACT

Nonlinear Dynamics and Control for an Aeroservoelastic System Using Neural Networks

by Sang Bum Choi

The high-performance air vehicles of the future are characterized by high-dimensional

and highly nonlinear dynamics as they are expected to operate in a wide range of flight

and atmospheric conditions. Therefore, conventional methodologies including linear

techniques are inadequate to provide satisfactory performance due to the inherent

nonlinearity, instability, large maneuverability, and/or extreme velocity and altitude at

which these vehicles fly. Future combat aircraft will be expected to operate outside the

currently achievable flight envelopes pushing their performance beyond current

performance limits. Furthermore, they are expected to maintain their flight control

properties in the presence of large uncertainties. During aggressive maneuvers the

nonlinear nature of the aircraft dynamics becomes crucial. These nonlinearities can no

longer be neglected or approximated by linear systems. Because these nonlinearity

cannot be analytically solved, a powerful approach is to use neural networks and adaptive

techniques to estimate and accommodate these nonlinearities. In this approach

appropriate neural networks whose parameters or weights are continuously updated

online using robust adaptive laws approximate the unknown nonlinearities. In this thesis

we propose to develop control algorithms based on neural networks techniques for high-
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x 1 X2 2 +3sinxi cosx 2 + 8e 1 -"'ul + sin(.I +2x 1 )cos(ex2x2)u 2  (92)

'2 6 (l -COS)X2 + (e 2 sin x, + sin u + {-5.2 + sin x2 cosx 2 +0.2sin(100t)cos(l0x 2 )}u 2

where the all nonlinear functions are assumed unknown. The output of subsystem 1, y, (t) = x, (t), is required to track the

desired trajectory YdI (t) = -0.5 + sin(2ni), and the output of subsystem 2, Y2 (W) = x2 (t), is required to track the desired

trajectory Yd, (t) = 0.5 + (I - e- )cos(m). The upper bounds of the tracking errors at steady state are required by:

li' (t)I = k.' Wt - Yd, (t)I : 0.02 (3
1e2 (0) = -y2 (t) - Y(2 0 •0.01

One hidden layer radial Gaussian networks are used to approximate the unknown nonlinear functions fA (x ,x 2 ) on the

compact set !Q1 = {xI,x 2 Ix1 E (-3,3),x 2 e (-2,2)) with 2400 nodes; f2(A l , x2 ) on the compact set

C12 = {I 1 ,x2 I x1 E (-20,20),x 2 E (-2,2)) with 4000 nodes; b1I(il) on the compact set 03 = {(Cl I •l e (-20,20)) with 200

nodes; b22 (x 2 , - 2 ,t) on the compact set C14 = {x2 Ix2 E (-2,2)) with 80 nodes, where 0.2 sin(1 00t) cos(l OU2 ) is treated

as unmodeled disturbance which is not estimated. In this example the lower bounds, g, (x) = g* = 8, g2 (x) = g; = 4, are

assumed to be known a priori. The upper bounds of the approximation errors, V'A < 0.2, V'j < 0.4, V/• < 0.075,

lh2 < 0.1, are estimated by using off-line back-propagation training method. The interconnection strength in this example

is max iJb21 I /lb, 111b]2 1/lb 22 1) ! (80 = 0.3). Following the design parameter procedure, first the condition

2 max(=, , , ) +,4-o = 0.63 < 1 (94)

is checked. Then AI = 0.05, A2 = 0.05 are chosen such that

2 max(V/1 , w 1 , ) + 4J2o + max(A, A 2 )=0.68 < 1 (95)

is satisfied. The constants, 6, = 0.4, c1,h = 0.2, are chosen to satisfy the following conditions

(Sb, = 0.4) < (I - 2Vb•, -. 5o - A I )[(I - Vlb - A I )g' 2(/ + 50) = 65.3

(96)
(51, = 0.2) < (1- 2V/b,_5 -o -A2 )[10- Ylb - A2)g 2//b + 90) = 13.0

Second the design parameters, A, = I, A2 = 2, =0.02, are selected such that the desired upper bounds of the tracking

errors at steady state are satisfied, i.e., le,1 • /2A = 0.02 and 1e21 1 .D/' 2 = 0.01. In the next step, using (54a-e),
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nonlinearities, several decentralized adaptive control schmes based on fuzzy systems or neural networks have been

proposed by (Spooner and Passino 1999, Da 2000). Most of these studies assume that the interconnections among the

subsystems are bounded by a first order or an nth order polynomial (Jain and Khorrami 1997, Spooner and Passino 1999,

Da 2000, Liu and Li 2002). The polynomial-type interconnections are relaxed to more general nonlinear interconnections in

(Jiang 2000). All above decentralized control schemes however cannot be applied to the class of large scale systems with

control input interconnections. In fact, in most practical systems the control inputs are interconnected through an input

matrix B(x), i.e., control inputs through the B(x)u structure injecting into the overall system. In the case of centralized

control design using feedback linearization, u is calculated based on the estimated plant and requires calculation of

kl(x,t), where B(x,t) is the estimate of B(x). There are several problems associated with this adaptive centralized

methodology. First, we need to estimate every nonlinear element in B(x) in order to obtain B(x,t). If B(x) is completely

unknown, we may need to model every element in B(x) using neural networks or other universal approximators, and then

develop adaptive laws to update the unknown weights. For a large-scale system, the computational burden is therefore

heavy. Second, we need to calculate the inverse of B(x,t). The calculation of the inverse of a high dimensional matrix at

each time point t is impractical if at all possible. Finally, for the control law to exist it is required that a_((x,t)) > 0 for all

x,t, where r(B(x,t)) denotes the minimum singular value of B(x,t). The on-line estimators that generate B(x,t) have to

guarantee that '(B(x,t))> 0, Vxt. In fact, for computational purposes and uniform boundedness it is required that

oI(B(x,t)) > 6 > 0, Vxt, where c is a small constant. This requirement is not guaranteed by the usual estimators resulting

in the loss of controllability which has to be dealt with in order to establish stability and uniform boundedness. Several

centralized adaptive control schemes have been proposed to deal with this so called "stabilizability problem" for linear as

well as nonlinear case (loannou and Sun 1996). In (Johansen 1994), the stabilizability problem was discussed without any

stability analysis. In (Liu and Chen 1993) each element of B(x) is approximated by neural networks of the form

b,(x)=b b•(x, O)+d, (x) where b,' represents an approximated function constructed by neural networks, O0,,

ij=1,2, ,m, is a constant parameter vector corresponding to the unknown weights of the neural network, and d,, denotes

the approximation error. The weights G0 are estimated on line generating Eg (), the estimate of E), at time t, which in

turn is used to generate b, (x, ;,) and therefore h', the estimate of Ba = k (xGy)Lxm. It is assumed that O)Y(0) is

close to the actual value Oj and then @ (t) is updated slowly by choosing small adaptive gains. Based on this condition it
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The cutting edge research in aeroelasticity is presently being applied to the analysis of

modem high performance aerospace vehicles. These vehicles operate over a wide range

of speeds and are often designed to be extremely lightweight for their size. This light

weight makes them extremely susceptible to aeroelastic phenomena such as wing flutter.

In addition aeroservoelastic instabilities may result from the interaction between the

flight control systems and the aircraft structural modes. Hence, the accurate prediction of

these instabilities is necessary before flight testing the vehicle and establishing its flight

envelope.
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CHAPTER 1

INTRODUCTION

Computational aeroelasticity, or Computational Fluid Dynamic (CFD) - based

aeroelasticity is one of the emerging areas of active research in applied flight dynamics

and control. Aeroelasticity is the interaction of aerodynamic forces with the flexible

aircraft structure and vehicle inertia. Aeroservoelasticity refers to interaction of active

control with the aeroelastic structure via the movement of control surfaces. A major

concern in aeroelastic analysis is the potential instability, phenomena such as flutter and

divergence. Instability occurs as the result of these dynamics interacting over a wide

range of altitudes and Mach numbers, nonlinear flight load r6gimes. Predicting these

instabilities is highly important in the design of modem high-performance air vehicles

which are required to operate over a wide envelope and perform extreme maneuvers.

The design of the vehicle as well as subsequent testing is dependent on novel simulation

tools and methods that can provide timely and accurate account of general flight

characteristics of the vehicle and flight loads [1]. This has motivated significant research

activity to develop tools to rapidly capture aeroelastic phenomena with full airframe

geometry.

In a typical static CFD-based aeroelastic analysis a finite element model of the vehicle

structure is obtained and solved yielding frequencies and mode shapes. A steady-state

rigid vehicle Euler solution is next performed to obtain aerodynamic pressure distribution
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on the vehicle surface. The equation of motion is then written in terms of generalized

coordinates and the associated generalized forces, which can subsequently be cast into

state space format in terms generalized coordinates and their derivatives [2-4]. The next

step involves determination of aerodynamic loads as the flexible structure deforms as the

result of application of these loads. This step, which involves repeated unsteady CFD

solutions at each discrete time interval, is the most difficult and computationally intensive

phase of aeroelastic analysis. As seen in Figure 1, taken from [4], it is the unsteady CFD

solution at each time step which requires the overwhelming proportion of CPU time. It is

not therefore surprising that many researchers have focused on developing more practical

procedures for aeroelastic analysis with the aim of alleviating the unsteady CFD

computational burden.

CFD Solution

Dynamics
Solution

Figure 1 CFD Unsteady Solution CPU usage

Historically, linear static aeroelastic solutions have been acquired for each nonlinear

aerodynamics using aerodynamic panel methods. Most recently, a novel system

identification procedure has been developed, [3] and [4], that allows one to closely

approximate the aerodynamics predicted by the unsteady CFD with a linear state space

2



formulation. The system identification makes the assumption that the aerodynamics

behave linearly about potentially nonlinear steady-state flow in each discrete iteration

step associated with a flexible frame. As such the dynamics of the air flow and the

associated pressure can be identified as a linear dynamic system using a set of appropriate

input and output data generated by selected unsteady CFD solutions in a procedure called

Auto Regressive Moving Average (ARMA). This results in a second set of state space

equations describing the aerodynamics part of the aeroelastic system. The main

advantage in this type of approach is that the aerodynamic model is independent of the

structural parameters and can be varied as parameters to search for aeroelastic

instabilities.

However, linear methods fail to capture nonlinear phenomenon such as flow separation

and moving shock waves during the critical loads flight regimes which is needed in the

design and analysis of control systems for high-performance air vehicles. In addition to

the inherent nonlinearity, the design of control systems for these vehicles is carried out

with a high degree of model uncertainty and with the need to accommodate possible

failure or battle damage. This set of stringent requirements makes the aeroelastic analysis

an ideal candidate for application of artificial neural networks (ANN). Neural networks

are known to be capable of addressing complex dynamic systems which are characterized

by high levels of nonlinearity and uncertainty. Their capability to approximate any

complex dynamic system and adapting online to account for system uncertainties has

made them the method of choice in analysis of dynamic systems in recent years. In this

3



respect neural networks can be used for system identification by training off line, and/or

for providing augmentation to improve dynamic response by training on line to

compensate for uncertainties and accommodate for failures.

This thesis is devoted to demonstrating the application of neural networks in aeroelastic

analysis. Neural networks are used for identification and control of a cantilever flexible

wing, the "Y-Wing." Neural networks are used for development of forward and inverse

dynamics modeling the aerodynamics and the combined aerodynamics and structural

dynamics. The use of neural network for augmentation for compensation of uncertainty

or failure is the subject of future research by the author. This thesis is organized in six

chapters. CFD-based aeroelasticity is presented in chapter 2. In chapter 3 the system

development of its structural and aerodynamic model is presented. System Identification

using ARMA modeling and generation of input output data for off line neural network

training is presented in Chapter 4. In Chapter 5 Multi Layer Perceptron Neural Networks

is introduced and used for system identification of the "Y-wing". Chapter 6 presents

dynamic inversion using neural networks for control. Chapter 7 is discussion of results.
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CHAPTER 2

COMPUTATIONAL AEROELASTIC ANALYSIS

The aeroelastic analysis used in this thesis is based the algorithm used in STARS, a

multidisciplinary software developed at NASA Dryden Flight Research Center. STARS is

one of the modules used in the Multidisciplinary Flight Dynamics and Control laboratory

(MFDCLab) testbed. The testbed is an integrated computational environment where a

number of commercially available tools, including STARS, I-DEAS, and Matlab have

been linked via a common broker architecture. This allows automated communication

and transport of data between different modules. The testbed is used for performing

Multidisciplinary Optimization design and analysis of aerospace structures.

The process for an aeroelastic analysis starts with the finite element modeling of the air

vehicle structure. This is conducted in FEA software such as I-DEAS, or directly in

STARS. The result of this analysis is the undamped equations of motion for q,

displacement vector:

M4I + Kq =0 (1)

In which M and K are the mass and stiffness matrices, respectively, and which can be

solved to yield the natural frequencies, (t'), and mode shapes, (0) that consists of rigid

body, elastic and control surface motions. Arbitrary motions of the vehicle structure can

5



then be formulated by a linear combination of mode shapes multiplied by a generalized

displacement:

The matrix equations of motion for an arbitrary structure in terms of generalized

coordinates is

M4I+ K4 +C+ f (t)= 0(2)

where

M = (DTM D (inertia matrix)

k = IDTK4 (stiffness matrix)

e = &rCoD (damping matrix)

q = DTq (displacement vector)

f= f.+fA

f = (Dp A (aerodynamic load vector, where p is the Euler pressure, A is
surface area, Da is the modal vector interpolated for structural

nodes)

fA (user input, impulse force vector)

and f(t) is a generic forcing function.

In the aeroelastic analysis presented here f is comprised of two forces; the aerodynamic

force, fa, and a user defined force, fl, usually impulsive, that excites the structure and

initiates the aeroelastic interaction. In STARS the unsteady CFD solution is performed on

an unstructured mesh and using the transpiration method to simulate structural

6



deformation. The transpiration method is a technique in which the direction of the

normal vectors to the structural surface is changed at every time step rather than re-

meshing the CFD volume. This saves tremendous computational resources.

A complete aeroelastic analysis is accomplished as shown in Figure 2. As seen in the

diagram of Figure 2, the unsteady CFD solution is carried out using data from the

solution of a steady-state rigid body CFD solution and the modal analysis data provided

by the FE solution. These two sets of data are combined, in a module called the dynamic

solver to furnish the unsteady CFD boundary conditions at every time step. The FE

analysis and the steady CFD are conducted only once.

FEM Solid Steady State
Analysis CFD Solution

Modal I.C,'s
Parameters

10 Dynamics
Solver

Aero.
Forces CFD B.C's

Unsteady CFD
Solution

Global Time Step

Figure 2 Aeroelastic Analysis Block Diagram

As mentioned in the introduction, it is the unsteady CFD solution that occupies the

overwhelming computational time of the aeroelastic solution and needs to be addressed if

7



this type of analysis is to be useful in an operational environment. Specifically, to search

for and to identify points of instability, an aeroelastic analysis must be conducted for

many densities and Mach numbers within the flight envelop. This can become a

formidable task. In addition, the judgment that a cross-over from stability to instability

has occurred must be determined based on evaluation of the time response, which as

pointed out in [1] is often difficult to pin down. A system identification method was used

by Cowan, Arena, and Gupta [4] where a multi input, multi output (MIMO) discrete time

linear dynamic system replaces the unsteady CFD solver in the block diagram of Figure

2. The system identification is based on the well-known autoregressive moving average

(ARMA) described in the next chapter.

The objective of this thesis was to use neural networks (NN) to model the aerodynamics

and replace the solution of the unsteady CFD in the diagram of Figure 2 with these NN.

This study was conducted using a wing model obtained from NASA Dryden Flight

Research Center. The wing, called the "Y-Wing" is a cantilever plate. The wing has a

moving control surface attached to it at its trailing edge. In addition, this thesis studied

the use of NN for control of the aeroelastic wing. The developments of the NN for

forward and inverse dynamics are presented in Chapter 4 and 5, and Chapter 6,

respectively.
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CHAPTER 3

AEROELASTIC SYSTEM IDENTIFICATION

In order for the computational aeroelastic analysis to be useful in an operational

environment, the repeated solution of the unsteady CFD must be replaced with a more

efficient, but at the same time accurate, method. The ARMA system identification

method is exactly such an attempt. It is well known from linear system theory that the

current output of a MIMO observable system can be determined from knowledge of past

inputs and outputs. Assuming that the aerodynamics respond linearly to small

perturbations about a nonlinear steady-state mean flow, it can be approximated with a

linear dynamic system. Then the corresponding 10 representation for the aerodynamics

at time k can be written in the format of an ARMA model as

na nb-I

fa(k)= •[A,]fa(k-i)+ Z[Bs]4(k-j) (3)

The ARMA model of Equation (3) relates the current generalized aerodynamic force

output to na past outputs and nb past inputs of the unsteady CFD solver, with matrices

A's and B's to be determined by fitting the model to an appropriately generated set of

"training" 10 data and employing an optimized fitting technique such as the least squares

method.
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3.1 Training Data Generation

The success of the identification method described here and the NN technique described

in CHAPTER 4 is critically dependent on the amount and quality of data generated for

"training". The data must contain enough information about system dynamics in order

for the identification procedure to succeed and for the NN to represent an accurate model

of the actual system. The data for identification and NN training are generated by

exciting the system with a prescribed input signal and solving the unsteady CFD to obtain

an aerodynamic force output. It is therefore critical that the input signal be selected

carefully.

In general an input signal that contains a broad spectrum of frequencies needs to be

selected so that it can excite all the modes. In addition, the procedure requires

application of two signals: one representing generalized displacements, and one

representing generalized velocities. Furthermore, these two signals must be consistent.

That is, integrating the velocity input must yield the displacement input, and

differentiating the displacement signal must result in the velocity signal. One such

example, which packs broad frequency content in a short signal, is shown in Figure 3.

The signal called the 3211 multi-step has been widely utilized in flight testing application

of system identification. In this thesis a variation of the 3211, called variable amplitude

velocity and its integrated pair displacement, shown in Figure 3 was used.
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Figure 3 3211 Multi-Step Inputs

3.2 State Space Representation

Once system identification of aerodynamic forces is accomplished, both the structural

equations of motion, Equation (2), and the ARMA model of Equation (3) can be cast into

state space representations and be connected in a linear feedback loop as shown in the

diagram in Figure 4. The diagram represents the complete aeroelastic system.

Figure 4 Aeroelastic System

The combined aerodynamics and structural discrete time state space equation can be

written as
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x(k + 1) = G.x< (k)+H-•.f. (k)

O(k) = C.x, (k)+ D.,f (k)
(4)

x,(k + 1) = Gaxa (k) +/ Ha (k)

fo(k) = Cox. (k)+ D.4 (k)

where

X, = 4 ' ,4 q, d,'" q,•q "' q .qa,*"' qd,.

Pi~ Ef.. f ..f
f [ 1.,. :[.4 n fdc, ... f... .

((k-1)

x.(k)= (k-,na)4 (k)

-4(k-nb+])

n: number of elastic modes

m: number of control modes

n+m: total number of modes

na: number of past outputs

nb: number of past inputs

For detail derivation of the above aeroelastic state space equation refer to [5].
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CHAPTER 4

UNSTEADY AERODYNAMIC SYSTEM IDENTIFICATION USING NEURAL

NETWORK

The unsteady aerodynamics in an aeroelastic system can be considered as a nonlinear

dynamic system. In Chapter 3 a linear identification model, ARMA was presented on the

assumption that the aerodynamics respond linearly to small perturbation about a steady-

state mean flow. Therefore ARMA in this case essentially provides local information

about the nonlinear system.

In this chapter, a system identification method for nonlinear dynamic systems, which is

globally invertible, will be introduced. The nonlinear system identification, NARMA,

will be applied for identification of unsteady aerodynamics utilizing Multi Layer

Perceptron (MLP) neural network architecture.

4.1 The NARMA Model

For linear time-invariant systems there is an 10 representation for every state space

representation and vise versa. For nonlinear systems, this dual representation is much

harder to establish. However, if certain smoothness conditions are satisfied, the output of

an nth order single input/single output SISO nonlinear system at time k, y(k), can be

represented in terms of its past n inputs and outputs:
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y(k+ l)=v(u(k),u(k-1) ,..., u(k-n+ 1), y(k), y(k-),..., y(k-n+ l)) (5)

This equation is called the nonlinear autoregressive moving average (NARMA)

representation of the system with a relative degree of one [6]. In a system with a relative

degree one, as it is seen from Equation (5), the current input is affected by the input and

output immediately before to the current time step and those prior to it. For a system of

relative degree d, the current output can be influenced only by the input and output of d

times steps before and those prior to it as described by Equation (6):

y (k+d)=D(u(k),u(k-1),...., u(k-fn+l),y(k),y(k-1),...-, y(kf-+n)) (6)

Equation (6) can be used for identification of nonlinear dynamical systems using neural

networks. Since Equation (6) is known to exist, neural networks can be used to

approximate it using 10 data. Figure 5 shows a block diagram representation of the

NARMA identification scheme represented by Equation (6).

u ~__+0 k) 1

u(k -n ) Umk

y~k.+k + (- ++1
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Equation (6) is derived assuming that the linear approximation to the nonlinear dynamic

system is observable. Hence, the 10 representation by Equation (6) is local in nature.

Thus the question arises as under what conditions the above NARMA model can be used

for global approximation to the nonlinear dynamic system by NN. The answer is

provided by the conditions for the existence of an "extended" NARMA Model. It has

been shown [6] that for a state invertible dynamic system of order n, 2n + 1 past values of

inputs and outputs are adequate to determine the current output. This is the extended

NARMA which is globally valid. For the purpose of this research we assume without

proof that the nonlinear dynamic system representing the unsteady aerodynamics does

satisfy the conditions of the extended NARMA. Rigorous investigation of this

assumption is left to author's future research.

The above NARMA model can be extended to a MIMO system with t inputs and s

outputs as in Equation (7), which is the basis of the NN modeling and simulations in this

thesis.

Y1(k+1) = 12 (U(k), ... ,U(k-n+1);Y(k), ... ,Y(k-n+l))7

y2(k+l) (y2(k ~kl) ... ,U(k-n+1);Y(k),

Ly.,(k +l)j I(,(U(k), ... ,U(k-n+l);Y(k), .. ,Y(k-n+l))_

where
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U ..[u, U2  u,]

4.2 Multi Layer Perceptron (MLP) Neural Network

A multilayer Perceptron (MLP) neural network is built up using a simple single-input

neuron which is shown in Figure (6). In this simple structure, the input to the neuron p is

multiplied by scalar weight w, and then sent to the summer. The other input to the

neuron is 1, which is multiplied by a bias b and then passed to the summer. The summer

output n, referred to as the net input, is applied to a second block with a transfer function

f which produces the output of the neuron, a. The neuron output is therefore given by

the functional relationship:

a= f(wp+b) (8)

1 b

Figure 6 Simple single-input neuron networks

Both the weight and the bias are adjustable parameters of the neuron. The transfer

function of the neuron may be linear or nonlinear and is chosen by the designer. Next,

the parameters w and b are adjusted applying some learning rule, which is designed for

the specific task on hand. The learning rule in most cases is derived by optimizing an
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objective function. One of the most commonly used transfer functions is the log-sigmoid

transfer function shown in Figure 7 with an expression:

1 +ex (9)

Figure 7 Log-sigmoid transfer function

In most applications multiple layers of S neurons with multiple inputs per layer are

needed to produce multiple outputs in order to achieve accurate approximation of

dynamic systems. Figure 8, Figure 9, and Figure 10 depict a neuron with I inputs and

one output, a layer of J neurons with multiple inputs, and a three-layer multi-input

neural network as well as their matrix function representations, respectively. In case of a

multilayer neural network vectors of weights w, and biases b must be adjusted.

It has been proven that given enough hidden layer neurons, there exists a network of the

structure presented above that can approximate any continuous function to any given

accuracy [6].
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Figure 8 Structure of 3 layer Perceptron Network

In this thesis the structure of multilayer perceptrons (MLP) shown in Figure 10 was used.

The network has M inputs, N sigmoidal units implementing the hyperbolic tangent

function in the hidden layer, and a linear output layer. Each unit in the hidden layer is

connected to every input as well as the output. Every connection between neurons in the

input layer and the hidden layer has an associated weight described by w%, likewise every

connection between the hidden layer and the output layer has a weight, vj. The biases of

the neurons in the hidden layer are described by b1 and c as an output layer bias. Thus,

the network can be written as:

5'= •vjU(Z•wIJu, +bjJ+c, or( . ) :activation function (10)

An MLP such as the one just presented above can be trained using the back-propagation

(BP) algorithm with the cost function defined below:
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2

where J is the difference between the actual output, .5, and the desired output, y.

The weights are updated using Equation (11) and the learning rate, a.

a'w, =w, -a-
aJ

a'b

aJ
v, =v, -a---

av
c =c-a-

ac

Specifically, three channels with one hidden layer network and hyperbolic tangent

function as an activation function was used for the aeroelastic system identification

shown as Figure 9 and Figure 10.

q,(k) NN1 fl-- (k)

oo(k) T
(k)(k NN2 f(k)

NN3 f-J(k)

Figure 9 MLP Network Structure with Three Channels
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q~f (k)

fI,(k - )

f.(k-1)

0 kv- *9bw OU01" ~weight

Figure 10 Neural Network Structure for Aeroelastic System Identification

The overall structure of the MLP is depicted in Figure 9. There are three parallel NNs,

NN 1, NN2, and NN3 used for identification of aerodynamic forces each having a detailed

structure shown in Figure 10. The use of three parallel networks is consistent with the

fact that the aeroelastic system of the cantilever wing has three degrees of freedom

(DOF), pitch, plunge, and control surface angle. The output of the network is the three

generalized forces (fh(k),f (k),f,,(k)), which are the intent of the identification

process. However, the input to the network, in addition to the past values of the outputs

(ft (k-1),f, (k-1),f c(k-1)), includes the structural data. (i.e. the current values of
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the generalized displacements ( h(k), 4, (k), ,6c (k))) The training process using the

Back Propagation optimization technique is shown in the diagram in Figure 11.

4 Poo I A

Unsteadyq a Aerodynamics PLANT fa

Back Error +¥I I l ..... ... at o n ..... :

Figure 11 Back Propagation Training Diagram
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CHAPTER 5

IDENTIFICATION OF AN AEROELASTIC WING USING NARMA MODELING

5.1 Structural Dynamics Model

The NARMA identification technique described in Chapter 4 was applied to an

aeroelastic wing model. The model, shown in Figure 12, was obtained from NASA

Dryden Flight Research Center. It is a cantilever wing that utilizes a NACA 0012 airfoil.

The wing has a 2.0178 m span and a 1.0089 m chord length. The control surface, an

aileron, attached to the trailing edge of the wing has a 0.6053 m span and a 0.2522 m

chord. It is centered at 1.22 m from the wingspan.

Figure 12 Structural FEA Model of a Cantilever wing with NACA 0012 airfoil

The flight conditions assumed in this study are described in Table 1. Although this wing

is not designed for the supersonic speeds that are related to the purpose of this thesis, it

can be used to demonstrate the feasibility of using NN in aeroelastic analysis.
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Mach number 2.0

Angle of attack 00

Speed of sound at 340.29 r/s
infinity I _ I

Table 1 Flight Condition

As a first step in conducting the standard aeroelastic analysis supported by STARS, an

FEA model of the wing was created in I-DEAS and a normal mode analysis was

performed to obtain eigenvectors and the associated eigenvalues. Because the wing is a

simple structure, only two fundamental modes (the first bending and the first tensional)

and the first mode related to the motion of the control surface ((c) were retained. The

first bending mode simulates the plunge (h) and the first twisting mode simulates

changes in the angle of attack (a). These mode shapes and the associated frequencies

are shown in Table 2.

1 st Bending Mode (h) I st Twisting Mode (a) 1 st Bending Mode (6c)
3.521 Hz 14.819 Hz 59.797 Hz

Table 2 Normal Modes and Frequencies, Reduced Ordered Model

Once mode shapes and the associated frequencies were obtained a discrete-time state

space model for the structure, Equation (10), was obtained following the procedure

outlined in 3.2.
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x,(k + 1)=Q.x,(k)+ H.If(k) (12)

4l(k) = Ci,,x (k)+ Dsfa (k)

The state (including the generalized displacements and their derivatives), the input, the

generalized aerodynamic forces, and the output, the pitch, plunge and aileron deflection,

are:

X=[ha Sc / ca C

f = Pi,.nf = [fh fa f6cI7

[h a c] T

The numerical values for matrices (G,, H,, C,, D,) are given in the Appendix. The state

space model obtained was used to generate input data for the steady CFD in the next step

in the aeroelastic analysis as described below.

5.2 Training Data for Aerodynamics Model

The complete aeroelastic model was shown in the block diagram of Figure 4. The

aerodynamics module is depicted in Figure 11 which shows • = [h a Sc]T as the input

vector and fa = [fh & fc]" as the output vector. However, for the purpose of

generating 10 data for identification in STARS, both the displacements and their

derivatives have to be applied as input to the block. Once the input and output were

substituted in Equation (7), the NARMA Equation for the wing was obtained as:
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Nf (fa(k), (k- 1), f(k -2), (k), (k- 1), q(k- 2))1
f =N2(f,(k),f.(k -1)f(k -2), t(k), (k -1), (k -2))I (13)

N 3 (f(k), (k - 1), f(k -2), (k), (k-1), (k - 2))]

where

f =[fh f f&]

4=[h a ScCT

h 0- "

a Unsteady Aerodynamics f,
Sc .. .. • f 6 .

Figure 13 Unsteady Aerodynamic 10

Figure 14 CFD Model of Y-WING for Unsteady CFD

Neural networks were used for identification of the unsteady aerodynamics as described

in 4.2. Equation (11) provides the NARMA algorithm for calculating the output of the

aerodynamic block in terms of the present input, and the three immediate past inputs and
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outputs assuming a system with relative degree of three. At this stage, a set of 10 data

were obtained by running unsteady CFD analysis for the wing in STARS. The process of

generating 10 data began by first running the steady CFD for the rigid wing to obtain the

initial aerodynamic. From this pressure distribution, the initial values of the generalized

forces (fh,f,,ff4 ) were computed and used as initial conditions for the subsequent

unsteady CFD runs as described in the flow chart of Figure 2. Next, the 3211 multi-step

displacement input shown in Figure 3 was applied and the resulting generalized forces

that are shown in Figure 15 were obtained. Once an adequate number of 10 data sets

were obtained, they were applied to train the MLP NN as described in Chapter 4. The

NN simulations were carried out using the NN module of Matlab. Using learning rates,

0.1, 0.01, and 0.03 for fh, f, , and f,, respectively, reasonable results reached at 1000,

1500, 1400 iterations for fh, f•, and fj, respectively. Figure 16 shows different stages

of the training process. The figures show how the output of the NN matches the output of

the unsteady CFD for the same input. In addition, in order to validate the results of the

NN identification, the response of the NARMA model to the excitation input 3211 were

compared with those obtained via the ARMA model for the same system as shown in

Figure 17.
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Figure 15 Unsteady Aerodynamic System Responses of 3211 Multi-Step Inputs
(1 F(fh ), F2(f,. ), F3 (f6,.)
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Figure 16 Training Progress vs. iterations (F](fh), F2 (f. ),F3 (f5))
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Figure 17 Final Training Results of the Unsteady Aerodynamic Model( F(fh), F2(f. ), F3(f5,!)
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CHAPTER 6

CONTROLLER DESIGN FOR AEROELASTIC SYSTEM

Neural networks were used in the previous chapter for identification of generalized

aerodynamic forces. In this chapter neural networks will be used for control. There are

several neural network architectures used for control of dynamic systems, including

model predictive control, NARMA-L2 control, and model reference control [8-9]. In a

more general sense, neural controllers can be categorized as direct and indirect

controllers [10]. In a direct control scheme, the parameters of a neural controller are

adjusted using the input and output to the plant. In the indirect control, a neural

identification model of the plant generates estimates of the plant output. These estimates

of the plant output and the input to the plant are used in another neural network. This

other neural network is used as the controller for flutter suppression.

The model predictive scheme is a simple type of indirect control since it uses a neural

network identification model for control. The controller uses the neural network model

of the plant, trained off-line to predict plant response over a certain time horizon. Control

input is then generated by an optimization module which is part of the neural controller in

a manner that minimizes a quadratic performance index consisting of the square of errors

(between the neural model and the plant inputs) and the square of control increments in

each time steps over a specified horizon.
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When either the plant model or its approximation can be feedback linearized, direct

neural control can be implemented. In a NARMA-L2 architecture, it is assumed that the

NARMA identification model of the plant takes a certain form which allows control input

can be calculated directly in terms of the reference input, past plant outputs and input at

each time step. This process is called feedback linearization. Feedback linearization is a

form of dynamic inversion which is the method used for control in this thesis.

In the first step of utilizing "model reference control scheme", a neural network plant

model is developed. This model of the plant is then used to train a neural controller that

forces the output of the plant to follow the output of a reference model. The reference

model is chosen in a manner that it possesses the desired dynamics. The advantage of the

model reference technique is that it does not require a certain structure for the plant.

However, this type of controller requires dynamic backpropagation for training the

controller. This process is more time consuming than the standard static

backpropagation.

In this thesis a neural controller has been developed by direct mathematical inversion of

the neural network plan model. The reference input for pitch and plunge is taken as zero.

Therefore, there is no reference model in the forward loop. Because exact mathematical

inversion is used, there is no need for training by dynamic backpropagation. However,

because the mapping from the input space (control surface deflection) to output spaces

31



(pitch, plunge, and control surface deflection) is not unique, a neural network optimizer

algorithm is used that minimizes the mapping errors.

6.1 The Neural Network Inverse Controller

The inversion of the aeroelastic system was obtained from the identified neural network

model using Equation (14). Figure 18 describes in block diagram how the inversion of

the neural network is optimized. First, it must be noted that because of the interaction

between the aerodynamics and the structure, the discrete-time dynamics of the plant can

be written in the format of Equation (12). The right-hand-side of the equation is

separated into two nonlinear functions f( Li) and g( 11). The physical input to the

inverse block is u5,, which represents the angle of control surface deflection. The other

two, h and a represent aeroelastic interaction.

m.h
Ugc Aeroelastic System _ a

Inverse __e
Neural Network

Figure 18 Training the inversion of the aeroelastic system using neural network

32



y"'(k + 1) = fnr(x,u,u,8 ) + gI" (x,u), ffr (.), g-, (+):nonlinear functions of nr channel (14)

Substituting the aeroelastic neural network model of the aeroelastic wing, (Equation (13),

Chapter 5) into Equation (15) yields:

f r (x(k),x(k- 1)...x(k- na + 1),u(k),u(k- 1)...u(k -nb))

=v (cr w ,,u, w' ru(k- i) + w i+,+)x(k-i)+

g"' (x(k), x (k - 1,", x(k- na + 1), u(k- 1).., u(k- nb)) (15)

vow (t na n

ja w w',u(k- i)w+ (+,+,)x(k - i) +

a (.) sigmoidal function

The inverse of Equation (15) was obtained:

u yr, (k)= I (-'(y"'(k+I)-.gnr(xu) X zwnr u(k-i) + w• iQ`.,x+,x(k - i) + bw, (16)

Equation (14) does not produce a perfect inversion of the aeroelastic system. Therefore a

neural network-based optimization algorithm was applied as shown in the block diagram

of Figure 19. The optimizer algorithm was trained by minimizing the square of the

differences between the outputs of the neural network identification model and the

aeroelastic plant off-line. The structure of the overall neural network controller is shown

in Figure 15.
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Figure 19 Aeroelastic neural controller architecture

6.2 Simulation Results

Simulation studies were conducted using SIMULINK to prove the flutter suppression

ability of the neural controller. The aeroelastic model of the "Y-wing" was used and

flutter conditions were induced by increasing dynamic pressure. Figure 20 shows the

time histories of the outputs, pitch and plunge, and the control surface movement. The

thin-line curves show that the unstable self excited oscillations growing quickly in the

open-loop mode. The thick-line curves show quick suppression of flutter when the neural

controller is placed in the loop.
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Figure 20 Simulation Result
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CHAPTER 7

CONCLUSION

Identification and control of aeroelastic instabilities are crucial in design, flight test and

certification of new aircraft. Obtaining data through experimentation is expensive, and

computational methods based on repeated unsteady CFD solutions are computationally

intensive. In both cases, there is strong motivation for methods to reduce time and cost

for flutter speed identification. Traditionally, whether using test data or using data

generated by computation aeroelasticity, identification of flutter speed is accomplished

by extrapolating the estimated damping ratios to clear or/and expand the flight envelope.

This procedure however is susceptible to erroneous conclusions especially at points near

the flutter speed and in cases where elastic modes are highly coupled. Near flutter, a

small change in speed about changes in system behavior can occur resulting in great

uncertainty. In the case of strong coupling between the modes, the determination of the

damping ratio based on the time history of the response could be misleading.

In this thesis, neural networks as universal approximators where used to identify the

generalized aerodynamic forces in one case and the coupled aerodynamic and structural

dynamics in another. The neural network identification models were trained using input

output data obtained for a flexible wing, called "Y-wing" by using steady and unsteady

CFD solver of STARS. Time domain simulation studies conducted using the typical 3211

input proved that in both cases the neural identification model predicted system behavior
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accurately in a wide frequency range. Developing efficient search methods in frequency

domain using describing function method will be the subject of future research.

A dynamic inversion architecture for neural control of the aeroelastic wing was proposed

and implemented. The neural controller exploits the specific form of the aeroelastic

dynamics to obtain the mathematical inverse of the neural identification model of the

aeroelastic plant. Because the inverse dynamic is not exact, a neural network is trained

using CFD generated input output data to augment the inverse dynamic controller.
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ABSTRACT structure transfers to be unstable resulting in possible
catastrophic structural damage Ref. 121. The flutter of wings is

The aeroelastic instability behavior of the AGARD445.6 an unsteady aeroelastic instability phenomenon where a small
wing at transonic flight speed is investigated by using Finite disturbance would excite a self-sustained oscillation of the
Element-based unsteady CFD simulations and automated three- wing.
dimensional unstructured meshing. A general-purpose
multidisciplinary computer program called STARS (Structural It is believed that flutter occurs because the speed of the
Analysis RoutineS), developed at NASA Dryden Flight flow affects the damping ratio and the phase shifts among the
Research Center is employed as the tool for this study. The motions in different degrees of freedoms. The energy needed
computational results on flutter boundaries of the wing for the flutter is absorbed by the wing structure defined by the
structure are compared with wind tunnel data, and have been airfoil section from the upstream of air when it passes by. It is
found to be satisfactory. noteworthy that, fluttering does not response linearly to the

change of flow speed within a wide Mach number range,
especially in the transonic regime. Most of the experimental

INTRODUCTION flutter tests of the sweptback wings show a sharp drop of the
flutter speed between the subsonic and supersonic region

Aerodynamics analysis is generally considered with the (M:0.7-1.0), which is the well-known "Transonic Dip"
assumption of the rigid body of the test model while the phenomenon. Several factors might cause this phenomenon.
elasticity analysis is considered just under the static force load. One is the large negative out-of-phase component caused by the
However, the performance of an aircraft in actual flight phase lag of the shock wave motion. Another is the effect from
condition usually involves combined features of fluid the thickness distribution of the airfoil on the unsteady
mechanics and elastic structure, which cannot be studied in any aerodynamic flow, which was obtained in the Farmer and
of the two domains independently. That is why aeroelasticity Hanson's experience Ref.13 .
has such a significant role in modem aircraft design.

Interest in flutter instability prediction of flight structures
Aeroelastic analysis of the flight structure is the study of in the transonic regime has intensified in recent years because

the potential instability of structures under the interaction of of the critical role it plays during the design of modem aircraft.
aerodynamic forces and the deformation of elastic bodies. For a However, the traditional wing tunnel testing is tedious,
given geometry, the aerodynamic forces depend on the shape of expensive making the sole use of this process impractical.
the structure and flight conditions as well as the deformation of During the past decade, tanks to the availability of
the wing surfaces, which is affected by the aerodynamic forces inexpensive computational resources and development of
as its external loads. Since the aerodynamic forces increase efficient numerical methods and tools such as Computational
with the speed of the air while the structure stiffness remains Fluid Dynamics (CFD) and Computational Structure Dynamics
independent of it, a critical condition might exist at which the (CSD) the use of computational aeroelasticity during the

t: Graduate student, Department of Mechanical Engineering preliminary design phase and flight test has become more
:: Research Associate, Multidisciplinary Flight Dynamics & Control widely accepted. Still, to accurately predict the aeroelastic
Laboratory behavior of modem aircraft which operate over a wide range of
: Professor, Mechanical Engineering Department speed, altitude and maneuvering conditions is a subject of
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current research. The onset of flutter in transonic flight for
example involves nonlinear phenomena with the mixed NOMENCLATURE
influence from the flow viscosity and shock waves introducing
more complexity to the solution of the flutter problem Ref. [41.
Searching for flutter condition point-by-point within the flight CFD = Computational Fluid Dynamics
envelop involves running a large number of CFD
computational time and cost. Hence the motivation for methods CSD = Computational Structure Dynamics
to reduce the number of CFD runs to obtain the time dependent FE = Finite Element
response of the aerodynamic forces since it is the unsteady P = Upstream static pressure
CFD solver that generally requires the overwhelming CPU p = Upsty stair pressure
time. As a result, for the purpose of generating an accurate p, = Density of air in infinity
time marching solution of the unsteady aeroelastic problems, a a = Sound speed
highly integrated computational tool is need to efficiently M = Mach number
synthesize the interaction between aerodynamics, structures, as [u] = Displacement vector
well as controls to characterize the general dynamics system of
a model aircraft. [q] Generalized displacement Dr [u]

vector
The multidisciplinary computational program STARS is [K] = Generalized stiffness matrix (D [K]()

such an analysis tool employed in this research for the flutter ^
boundary prediction. Its Direct Aeroelasticity Analysis Module [M ] = Generalized inertia matrix .r [M]
utilizes Finite Element (FE) methodology for both CFD solver T= Generalized damping matrix cjr[cID
with unstructured tetrahedral meshes and CSD solver with [ ]

modal superposition. A full set of Navier-Stoke governing (Da Aerodynamic modal vector, interpolated for
equations is applied for the steady and unsteady CFD solutions structure
because it can predict complex shock induced influences for Generalized aerodynamic foA
transonic and supersonic flows and simulates viscosity effects. fa force

By coupling the solutions from the CFD unsteady solver with = Impulse force vector (user input)
the modal vectors from the CSD solver, the dynamic equations - = Mass of unit length of chord
of aeroelastic system can be cast in state-space form.
"Transpiration" method is employed at each time step in p = Mass Ratio N/p.,
unsteady solution to simulate the deformation of surface by bf = Reference length, semi chord
modifying the normal vector of each surface tetrahedral Wo = Damping frequency
element instead of re-meshing it Ref. 1. = Natural frequency

In addition to the Direct Aeroelastic module STARS is = Flutter Speed Index M I a0 -o

equipped with another system approach to perform JjFb-0
computational of aeroelasticity using system identification
technique in accelerating the analysis of aeroelasticity. Auto
Regressive Moving Average (ARMA) is used to model the METHODOLOGY
input-output relationship between aerodynamic forces and the
surface deformation. This ARMA modeling method is proved The computational analyses were conducted using STARS -
to reduce the amount of unsteady CFD calculation without a program developed at NASA Dryden Flight Research Center.
affecting the accuracy of the whole aeroelasticity solutions Ref. STARS is an high level integrated, finite-element program for
(6] Multi-disciplinary Analysis of flight structures, which covers

static, dynamic structure analysis, fluid dynamic analysis, heat

AGARD 445.6 Wing was used for this study because it is a transfer and aeroelasticity analysis. All the analyses are based

well-know structure and in addition to NASA generated wind on the unstructured tetrahedral mesh.

tunnel data there is at least one set of previously published
computational results, in all providing ample data for Aerodynamics Model
comparison and validation tests. The main objective of this
paper is to identify the various differences and inaccuracies of Because both the flow viscosity and shock induced
computational-based flutter behavior in transonic regime by influence need to be accounted for as significant effects during
comparing them against each other and against experimental transonic flow, a full set of Navier-stoke equations is employed
data. The results of flutter behavior of the wing in transonic by the steady and unsteady CFD solvers. Based on the
regime using four sets of data based on a) the ARMA conservation of mass, momentum and energy of the control
identification model; b) two different versions of Direct volume, the Navier-Stoke governing equations of a viscous,
Aerlelasticity solvers, STARS Inviscid Ref."1 and STARS- compressible fluid could be represented as a series of partial
Viscous; c) the wind tunnel test, are compared. differential equations:
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aV 3 aF CFD Mesh Generation
- Eq. (J)

t3t ,• a•X, STARS uses an advancing front algorithm in generating the
automated three-dimensional unstructured mesh This algorithm
has two main advantages. One is its flexibility in describing

The flux F, consists of two parts: the convection itemf and arbitrary shape and adjusting the grid density through the
the viscosity item g).. Also, Eq. 1 can be expressed as: computational domain. The other is its adaptive meshing

associated with solution convergence tendency. In the

av- af ag, procedure of surface meshing, the generation front is
+ + + -= f Eq.(2) continuously updated at each step when a new element is

at Ix ax, created and the nodes and triangles are generated
simultaneously on each boundary surface. The followed

where each term in this equation is can be expanded as: volume meshing fills the whole computational domain with

the flow variable vectors: tetrahedral elements. The appropriated source parameters of the

aV C ~ background meshing helps to define the node density,

at = -tO( pu pv pw pE)r stretching tension and the direction of gradient.

e bThe 3D automated unstructured mesh scheme combined
the body forces vector." with advancing front technique has proved to be versatile for

( 3 ,the modeling of the complex computational domain. However,

fh 0 f. f,,2 fh 3 U ujfJ; due to the extensive time spent in searching nodes and faces on
j.1 the front meshing, a simple modification method is employ by

STARS to accelerate the whole meshing processing. In the
the convection vectors: procedure of surface meshing, an initial coarse mesh is created

at the starting sources defined by user input. Then the size of
U+ + V W each cell is reduced linearly half of the previous one to reach

Saa Ithe desired size. Such new four sub-triangles are created by

. U )+- I + ,-, ) connecting the midpoint of each edge of the previous triangle
ax a- /w" +p Eq.(3) with line segments. Similarly, eight new cells replace one big

u(E+e) v(E+ ) w(E+£) tetrahedral element by introducing six new nodes at the
p p midpoint of each edge.

the viscosity flux vector: Boundary Transformation for Unsteady Calculation

0 0 In unsteady CFD/CSD solver, since the structure, in this

3all C2 4713 case the AGARD wing is considered as an elastic body, the
'ag, a ,2, +.1 0 I+ a ,, Eq. (4) boundary condition of the wing surfaces will need to be

-X, =w 0'3, ay a, az C33 updated in each time step due to the deformation of surface

u+k T, v + k a-) w+k •) undergoing the aerodynamic loads.
ON. az J

Instead of using moving mesh to simulate surface

and the viscous stress tensor is: deformation, STARS uses the transpiration method adapting

au au+ 2 au the normal to the surface element at each FE node appropriately
-+- *, '5 to reflect its deformation. If the changes in the normal

, 3 a directions of the nodes in a surface element are known, the
CFD grid is modified accordingly.

The aerodynamics model is based on the assumption of With the transpiration method, CFD solver can account for
ideal compressible gas, whose state equation can be written as: the surface deformation even without the real mesh deflection

I at that location. At the same time, it has been proved in Ref
p = (y - 1)p[E - (uu,)] Eq. (5) [5] that this application has ignorable effect on the accuracy of

2 /the CFD solutions.
1

2 FE Structural Model

The partial differential equation relating the density and the A finite element model of AGARD 445.6 is constructed to
pressure of the isentropic flow is: calculate the eigenvalues and eigenvectors that describe the

1 Ielastic modes for the structure. Any arbitrary motion of the
p a p Eq. (7) structure can be expressed as the superposition of theat C, at eigenvector and the generalized displacements. The matrix

equations of motion in terms of generalized coordinates
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describing the deformation of the structure under the The Structural Dynamics Solver utilizes the results from
aerodynamic forces is: SOLIDS and CFD STEADY solver to assemble the equations

of motion in the frequency domain repeated here as:q+ +2ý,w,4 +agq, = Fa Eq. (8) A AA A A

M4 + C4 +Kq =fn7 (Q) +f,(t) E q. (10)

where q, is the generalized modal displacement STARS then assembles the matrix state-space equation as:
([q,] = '[u,]), 4 is the generalized damping, w, is the i O 1i. ][O^ [_ 0++

generalized modal frequency and Fa is the generalized f Eq.(11)

aerodynamic forces ([Fj = M ?,, p. S )determined by the A 8.(n) B,[n)

aerodynamic static pressure p at the relative surface area A of
CFD grid nodes. 0,a is the aerodynamic modal vector, which

helps transferring the aerodynamic loads Ia (t) from the CFD The discrete time model response [q q T within an

unstructured grid to FE structure grid by interpolation. In this increment At step is:
procedure, the triangle CFD element around an FE structure [q] A[q

node is first identified. Then the aerodynamic forces of this FE = e + A- [eAA -I] [Ba (n) + B, (n)] Eq. (12
structure node are obtained by interpolating the contribution of q L q-, )
the aerodynamic forces from the CFD nodes to the structure
nodes. The process is repeated to cover all the structural nodes

t Equation (12) shows that the time response solution of
to derive fa (t).

[q,4y' comes from two parts: The last output of

This module can effectively perform the static stability and [qq]? solution, and the new force load based on the last
dynamic analyses for linear and nonlinear structures. boundary condition.

Direct Aeroelasticity Analysis Module and the Flutter On the other hand, the aerodynamic force from STEADY

Analysis solution is taken as the initial force load fn (1) . At an arbitrary

The complete integrated process for Direct Aeroelastic time step n, the structure deformation [u, t1]T obtained from
Analysis in STARS code is shown in the flow chart shown in OT[q,q] is inputted into the CFD UNSTEADY Solver to
Figure.l 1:[~J~i nutdit teCDUSED ovrt

STARS-SOLIDS STEADY update the boundary conditions of the solid surface. This CFDL[od(vu, els, .7) (St[adst, u-c k•nC), solution follows to produce a new aerodynamic force load

--------- f-- (n). The Dynamic Solver next utilizes [q,4I1]/ and
S01'7 J1, C (n) to compute the+o of n+I' -timestp

Structural Dynamnics Solver f()tcopethoutput [q, 4~7o ~s tm tp
(structure state-spac" Matrvces: Gs,~,D;)

The entire procedure is repeated until the desired last cycle step

Deformation of surface: CF) B.C's is reached. Enough number of the cycles would show either a
UNSTEADY fully developed convergent or divergent trend. The damping

(Unsteady CF) solution) ratio ; and flutter frequency o is extracted from [q,l4]? in the
FFT form:

Fig. 1 Procedure for Direct CFD-Based Aeroelastic Analysis q = e (a. cos w)mt + b,. sin wj) Eq. (13)
m=1

At any given flight condition, a steady-state Navier-Stoke
solution is first accomplished through an explicit, global time-
stepping steady CFD solver associated with the residual Aeroelastic System Identification (ARMA)
smoothing strategy. This steady-state solution is utilized as the
initial condition to the following Aeroelastic analysis The ARMA system identification module of STARS
procedure. Meanwhile, STARS-SOLIDS computes the natural converts the CFD Unsteady part in the Direct Aeroelastic
frequencies a) and modes 'P of the structure by solving the free Analysis module with a series of linear equations in state space
vibration motion equation: form, as shown in figure 2.

Mii + Ku = 0 Eq. (9)
where M and K are the inertial and stiffness matrices,
respectively. And u is the displacement vector.
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Airfoil section NACA 65A004

+ f(k) Computational Structure Aspect Ratio AR 1.65
6 (k) Dynamics Solver ()

Taper Ratio cjp/c,, 0.66
Geometry

f (k) Swept Angle A 450

P Semi-Root Chord b 0.965ft

" Ic) I Material mass in unit 0.12764 slug/ft:f,(k len gth F
L ARMA Model

G,-1 1' torsion frequency 38.2 Hz

Structure I bending frequency 9.60 Hz
Model 2

Fig. 2 Coupled ARMA Aeroelasticity Model 2' torsion frequency 91.54 Hz£0,

It is well known from linear system theory that the current 2' bending frequency 48.35 Hz
output of a MIMO observable system can be determined from ca2

knowledge of past inputs and outputs. Assuming that the Number of elements 235000
aerodynamic responds linearly to small perturbations about a Number of nodes 44648
nonlinear steady mean flow, it can be approximated with a
linear dynamic system. Then the corresponding 10 STEADY CPU time 3.96 hr
representation for the aerodynamics at time k can be written in 48.93 hr/case
the format of an ARMA model as: UNSTEADY CPU

CFD time 3-4 cases/ Mach
Solver

ARMA Identification 21.56 hr/Mach
na nb-I

(a(k) = 1"[A,]f0 (k-i)+ E_[B ]q-(k- j) Eq.(14) Number of cycles for 3000a = Jo UNSTEADY

Table 1 Characteristic parameters for Aeroelasticity
The ARMA model of equation (14) relates the current Analysis of AGARD445.6 Wing

generalized aerodynamic force output to na past outputs and
nb past inputs of the unsteady CFD solver, with matrices The wind tunnel test for the flutter analysis usually fixes

the Mach number and decreases or increases the density of flow
A's and B's to be determined by fitting the model to an until the flutter boundary is reached. In order to obtain an
appropriately generated set of "training" 10 data and employing effective comparison with those experimental wind tunnel data,
an optimized fitting technique such as the least squares method. the computational flutter analyses are processed at five Mach

numbers: 0.678, 0.901, 0.96, 1.072, 1.141, independently. Since
Once the aerodynamics model is established for a given most of the flight conditions are within the transonic regime,

Mach number by ARMA identification, one aeroelastic the shock wave occurring around the leading edge and the
calculation can be finished within 60 seconds. Therefore, the xpansion wave occurring around the training edge induce
critical flutter point at this Mach number can be identified large aerodynamic changes. Therefore, extremely fine meshes
through simply changing the value of the air density in a around these two regions are required, as shown in Figure (4).
fraction of time possible using the Direct Aeroelastic module of The mesh on the symmetric plane shown in Figure (3) also
STARS. needs to satisfy this requirement. Figure (5) presents a CFD

steady solution example of the Pressure Distribution on the

AGARD 445.6 SWEPTBACK WING wing surface at Mach 1.141, which is used as the initial
condition of following unsteady calculation.

The AGARD 445.6 Wing is a well-defined test case under
the AGARD Standard aeroelastic configuration. The wing is
structural deformation is defined by the first four vibration
modes-first torsion, first bending, second torsion and second
bending. A Finite Element model of the AGARD 445.6 Wing
conducted in Ref il showed similar natural frequencies and
mode shapes as those of the wind tunnel model. The
characteristic parameters used at each flight point are presented
in Table. 1:
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Time Kstonc Response of AGAROAA56 Wing at Machi1 141
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Fig. 3 Unstructured CFD Mesh on the symmetric plane of Tone Step It)

computational domain Fig.6 Time History Response of the Generalized
Displacement Vectors at the critical flutter condition

Tire H.stoic Aerodynamics Forces o(AGARD 45 6 Wing at
1.20-Mach 1 141

-2.00

Fig.4 Unstructured CFD Mesh on the surface of
AGARD445.6 wing Tm St4

Fig.7 Time History of Aerodynamic Forces at the critical
S~flutter condition

Cp S~Damping condition of Agard 445.6 Wing

0.025

0.02 -pO,,-M 1/141

- -,,,,,,---M o072
- a -. 060 ---- M 00•0

0.0

-'-
0.2005

Fig. 5 Steady Fluid pressure Distrsbution on the surface of -2,20
AGARD445.6WingatMach1.141 13 8 30 8 3 380 430 480 530 58

-0.005

-001Due to the high instability of transonic flow, more than Mass Ratio ( at)
3000 cycles are required for the UNSTEADY calculation toc

obtain a fully developed result. The time historic response of
the generalized displacement vectors at critical flutter point and Fig.8 Damping Condition of AGARD445.6 Wing at

the relative unsteady Aerodynamic forces are shown in Figure different Mach numbers
(6) and Figure (7), respectively:

For a given Mach number, the flutter oscillations of

AGARD 445.6 Wing occur with different damping ratios and
frequency at different flight altitudes. A graph of the damping

ratio against the mass ratio /.4= •r, 2,) reveals the

instabilities of the structure for a given Mach. As shown in
Fig.8, as the mass ratio grows, the damping ratio reduces and

AGAD 456 in a Mch1. 41-000 8 10 SO 8ýA 3'0430 *0 3056



ultimately cross the zero point from positive to negative and
indication that the flutter oscillations change from convergent Flutter Boundary of Agard 445.6 Wing
to divergent. At the exact cross-over point of zero damping the - STARS-Viscous
magnitude of oscillations is constant - the so-called Critical 0.50 - Experimental
Flutter Point. The density of air at this point is defined as - STARS-Euler
critical flutter density. The structural behavior of the wing is 0.45 --- ARMA
thus related to the flight altitude (indicated by density of air
Paw) and the flight speed by a non-dimensional variable, the 0.40
Flutter Speed Index ;,, defined as: 0

_V. tP0,rb 2 a.1 = ~b =M I a o Eq.(19)a. m bcoa fbw 17 0.30

0.25
wa, is the natural frequency of the wing. Since the temperature
To, sound speed ao and the density of free stream air p. 0.20
dependent on the flight altitude h, for an isentropic perfect flow 0.6 0.7 0.8 0.9 1 1.1 1.2

[TI = function(M)), Flutter Speed Index i could be Mach Number

regarded as a function of Mach number and the flight Altitude Fig.9 Flutter Boundary of AGARD445.6 Wing around the
only: transonic regime

4 =f(M,h)

Flutter Frequency Ratio of Agard 445.6
Wing

Flutter Speed Index W" STARS-Viscous
STARS- ARMA STARS- -*-Experimental

Mach Viscous Inviscid Experiment 0.55 STARS-Euler

0.678 0.444 0.429 0.380 0.417 0 0.50oARMA
0.901 0.380 0.376 0.341 0.370 0.45
0.96 0.334 0.322 0.280 0.306
1.072 0.359 0.350 0.302 0.306 3 0.40

1.141 0.418 0.402 0.410 0.308 " 0.35
U-

Table.2 Comparison of Critical Flutter Speed Index of 0.30
AGARD445.6 Wing around the transonic regime LL0.25

Flutter Frequency Ratio W 0.20............................ I

Mach O)o, 0.6 0.7 0.8 0.9 1 1.1 1.2

STARS- ARMA STARS- Mach Number
Viscous Inviscid Experiment

0.678 0.490 0.463 0.428 0.471 Fig.10 Flutter Frequency Ratio of AGARD445.6 Wing around
0.901 0.411 0.414 0.397 0.421 the transonic regime

0.96 0.387 0.366 0.364 0.380 The Critical flutter speed index are plotted against Mach
1.072 0.380 0.380 0.363 0.366 number for four sets of data: three obtained using CFD and one
1.141 0.428 0.415 0.435 0.364 obtained using wind tunnel tests as shown in Figure (9). These

Table.3 Comparison of Flutter Frequency Ratio of graphs help predict the critical flutter boundary within a wide

AGARD445.6 Wing around the transonic regime flight regime. Table.2, as well as Figure (9), presents the
Critical Flutter Speed Index comparison among the STARS
aeroelastic solutions from Viscous CFD model, ARMA
identification model and the experimental data from the wind
tunnel test launched by Langley Research Center. Meanwhile, a
previous STARS aeroelastic solution based on the inviscid
(Euler) CFD model is provided as a reference, The relative
comparison of the damping flutter frequency w and the natural
flutter frequency aw, is presented in Table.3 as well as in
Figure. 10.
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Flutter analysis of AGARD445.6 Wing shows close saves the time required for updating the CFD mesh at each time
matching between the computational and wind tunnel data with step. The ARMA identification procedure is the most time
reasonable disagreements in some areas. The 'Transonic Dip' is efficient method that accelerates the UNSTEADY procedure
well predicted by both computational models at the same Mach with acceptable accuracy of solutions. However, this method
range as the experiment data. In the region of 0.9< Mach < 1.2, can be applied for each Mach number at the time and is valid
a sudden decreasing of critical flutter speed is observed in wind only for small structural deformation and when the unsteady
tunnel tests representing the "Transonic Dip". Both models of aerodynamics can be approximated by a linear dynamic system.
STARS-Viscous and STARS-Inviscous predict the results CFD-based aeroelasticity is useful to cut down the design cycle
closely to the wind tunnel tests with a clear sharp drop within time and save the cost of preliminary analysis before launching
the same Mach range. Disagreements between the the wing tunnel test
computational solution and the experimental data grows for low
Mach numbers. This discrepancy could be due to two main All computational aeroelasticity analyses conducted in this
reasons: study were performed using the STARS program. Common PS

a. The combined influences from the shock wave and computer was the only required hardware. It helps to shorten
Viscous effects on the drag; the design period.

b. The viscous effects on the boundary layer of wing
surface;

c. The shock induced flow separation on the wing surface. ACKNOWLEDGMENTS
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CD, S drag increment coefficient for
Abstract canard

CL total lift coefficient for basic

This paper covers the development of a CFD-based vehicle
Six Degrees of Freedom simulation of a generic CU lift increment coefficient for basic
hypersonic vehicle [1]. The model and simulation vehicle
are being developed to support conceptual design CL, 8, lift increment coefficient for right
studies of hypersonic vehicles with multiple cycle elevon
engines. This includes both air breathing and rocket CL, S, lift increment coefficient for left
propulsion models. This work is supported by the elevon
NASA grant # NCC4-158, in support of their CL, S, lift increment coefficient for rudder
emphasis on new aerospace vehicle concepts and CL, S, lift increment coefficient for canard
hypersonic technologies. A description of the Cy total side force
aerodynamic and propulsion system models Cyp side force with sideslip derivative
developed is included in this paper. for basic vehicle

CY, 5a side force increment coefficient for
right elevon

Nomenclature Cy. 5, side force, increment coefficient for
left elevon

Symbol Definition Cy, 8, side force, increment coefficient for
h Altitude, ft rudder
b lateral-directional reference length, C, total rolling moment coefficient

span, ft CIO rolling moment with sideslip
B Body coordinate fr-ame derivative for basic vehicle
c longitudinal reference length, mean C1, 5, rolling moment increment for right

aerodynamic chord, ft elevon
CD total drag coefficient C, 5 rolling moment increment for left
CDt drag increment coefficient for basic rlevon

vehicle elevon
CD, S. drag increment coefficient for right C1, 6 rolling moment increment forelevon rudder
CD, 5 e drag inrement coefficient for left CIP rolling moment with roll rate

revo n t cdynamic derivative
elevon C11 rolling moment with yaw rate

CD, 8,t drag increment coefficient for dynamic derivative
rudder Cm total pitching moment coefficient



C. pitching moment increment I QBE } Angular velocity quaternion of
coefficient for basic vehicle body frame wrt the Earth

C,. 8 a pitching moment increment [I] Identity matrix
coefficient for right elevon p roll rate

Cu,,5 8 pitching moment increment q Pitch rate
coefficient for left elevon r yaw rate

Cm. 8, pitching moment increment A.O.A Angle of attack, degree
coefficient for rudder PLA pilot lever angle, (%0-% 100)

CM 8, pitching moment increment Thr. Throttle angle
coefficient for canard Fa, p Aerodynamic and Propulsive forces

Cmq pitching moment pitch rate [MB] B Momentum in Body coordinate
dynamic derivative

C, total yawing moment coefficient
C~o yawing moment with sideslip Introduction

derivative for basic vehicle
Cn, 5. yawing moment increment The objective of this paper is to present a CFD-based

coefficient for right elevon Six Degrees of Freedom (DOF) simulation model for a
C. 85 yawing moment increment generic hypersonic vehicle (GHV), the "Winged-

coefficient for left elevon Cone." It was developed to support NASA funded
C,, 8r yawing moment increment conceptual design studies of hypersonic flight vehicles

coefficient for rudder at the Multidisciplinary Flight Dynamics and Control
Cnp yawing moment roll rate dynamic Laboratory at California State University, Los Angeles

derivative (see www.calstatela.edu/centers/mfdclab). The
Cur yawing moment yaw rate dynamic aerodynamic characteristics of the vehicle were

derivative developed using a CFD-based study conducted jointly
E inertial coordinate frame at NASA Langley and Rockwell International. The
ISP engine specific impulse, sec Aerodynamic Preliminary Analysis System (APAS)
a Angle of attack, degree CFD results in reference [1] were digitized and

Sideslip angle, red. organized in more than 60 lookup tables for this
simulation. In addition, analytical expressions up to

SEngine fuel ratio seventh order polynomials were developed [9], [10]
M Mach number based on the values of Sum of Squares due to Error

q dynamic pressure (SSE). A multiple cycle engine model was developed
q Rwhich includes both air breathing and rocket propulsion

Sref Reference area, theoretical wing modes to cover subsonic, supersonic and hypersonic
area, fth speed ranges. A FORTRAN code was developed as the

T engine net thrust, lb implementation of the nonlinear simulation. Results
X, Y, Z total aerodynamic forces (in body from straight and level flight, ascending and descent

coordinate x, y, and z) fihaepeetd

V vehicle free stream velocity (ft/sec) flight, are presented.

W Fuel flow rate, lb/sec Vehicle Description
W0 initial value of vehicle weight, lb
Wcou weight of fuel consume The three-view drawing of the Generic Hypersonic
XC& Longitudinal distance from Vehicle (GHV) is given in Figure 1. The geometric

momentum reference to vehicle characteristics of the vehicle are given in Table 1.
c.g., positive aft, ft Deflections of the elevons are measured with respect

Ixx, lYYV, Izz roll, pitch, and yaw moments of to the hinge line, which is perpendicular to the
inertia respectively, slg-ft2  fuselage centerline. A fuselage, centerline-mounted

n.d. Non-dimensional vertical tail has a full span rudder with its hinge line
c.g. Vehicle center of gravity at 25 percent of the chord from the trailing edge.
SSTO Single-Stage-To-Orbit Deflections of the rudder are measured with respect
DOF degrees of freedom to its hinge line. Positive deflections are tailing edge
{q} The rotation quaternion left. Small canards (65 A series airfoil) are deployed
{QBE} the rotational tensor of body frame at subsonic speeds for improved longitudinal stability

wrt the Earth frame and control [1]. A sizing analysis of the vehicle



yielded an estimated full-scale gross weight of
300,000 lbs. The equations of motion account for the

time varying center of mass, center of gravity, and Area f 161.40

moments of inertia as experienced during flight. It is Span ft 22.80
assumed that c.g moves only along the body x-axis as 25.00
fuel is consumed, vertical changes are not modeled Chord of vertical tail chord ratio %
Fuel slosh is not considered, and products of inertia
are assumed negligible. Exposed area ft2 154.30

Theoretical area ft2 5.48
SSpan ft 33.60

Leading edge sweep angle deg. 16.00

Trailing edge sweep angle deg. 0.00
NACA

, [ ,,•Airfoil section 65A006

•_ • r ., • _Induced angle deg. 1 0.00
" 'Dihedral deg. 0.00

Figure 1: Three View of Generic Hypersonic C• 7
Vehicle Theoretical length ft 200.00

Table 1: Geometric Characteristics of Generic one half angle d 5.00

Hypersonic Vehicle Cylinder radius (maximum) ft 12.87
Cylinder length ft 12.88
Boat tail half angle deg. 9.00

Reference area ft2  3603.00 Boat tail length R 40.00

Aspect ratio 1.00 Momentum reference center ft 124.01

Span ft 60.00
Leading edge sweep angle deg. 75.97 Flat-Earth Equations of Motion
Trailing edge sweep angle 0.00 The translational equations of motion subjected to
Mean aerodynamic chord ft 80.00 aerodynamic and thrust forces fa. p, along with the
Airfoil section - Diamond gravitational acceleration g under the approximations

Airfoil thickness to chord ratio % 4.00 of a "flat-Earth," are presented in this section. The
time rate of change of linear momentum in the

Induced angle des. 0.00 inertial frame [I] equals the externally applied forces
Dihedral deg. 0.00 [2].

S• mD• vH t = f,,.p +mg (1)
•Area each ft2 92.30 mDEVE =M[Da vE + OBEV] (2)Chord (constant) ft 7.22 HB B

The same equation can be written in the Body
Inboard section span location ft 15.00 Coordinate Frame as:
Outboard section span location ft 27.78 m[9D +[i]v=fa,, +mg Airfoitection (3)

Vline Uit To generate the ordinary time derivative, the

Exposed area ft2  645.70 rotational derivative must be expressed in the

Theoretical area ft2  1248.80 coordinate system 1 associated with the frame B.
Span 32.48 The aerodynamic and propulsive forces, the linear

Leading edge sweep angle deg. 70.00 velocity of vehicle with, and angular velocity of
Trailing edge sweep angle deg. 38.13 vehicle with respect to the Earth are expressed in theTiraoile s wepiangle 38.d body axis coordinate system. In the flat Earth

Airfoil sction Diamond__ approximation the gravity vector simplifies

Airfoil thickness to chord ratio % 4.00 to [_-I = [, 0 g 1 [2].



The transitional equation of motion in matrix format Dy I'H=a M, (9)
is written as:

+*+M[T]Li] (4) ( ") = ! +W' VI=M (11)
dt B

For a rigid body term DB/B is zero and equation
Or in the matrix form (11) reduces to:

0 -r q ui IO dwa' [0 ' B I( BE r[IN"r waEa+[M~r)(l2)
+r 0 j -p vf =L I+IrL0

'L J [ p-0 o r The above set of equations represents the threea~dt + L[T] Lf. I mg1 rotational degrees of freedom. This set is coupled

with the translational equations through the

Where aerodynamic moments [MB r [2].To determine the

[t 1, 12 t 13 orientation of the vehicle with respect to an inertial
BL (Earth centered frame from motions described by the

] t 1 t 2  
3 aped The r , Hamilton's quaternion method is-3 applied. The rotation quaternion {q), the rotational

tensor of body frame with respect to E {QBE}, and
Equivalently the three scalar equations for angular velocity quaternion of body frame with
translational motion of the vehicle are [2]: r e tE BE ,du _fapirespect to frame E P"J, are used to develop the
du - qw + f-'P- + t13 g (6-1) quaternion differential equations. The quaternion
dt m formulation has the advantage that the singularities at

dv angles of ninety degrees encountered in the Euler
S-pw- ru + fap 2 + t2 g (6-2) formulation are avoided.

mt m Define the Quaternion vector as [3]:

dw faj,3  qI-- =qu-pv+ z- + t339 (6-3) [q]dm ( {q}j=jq'j (13-1) [q]= q2  (13-2)

Two successive integrations of these equations will q Lq3[q
yield the velocity vector and the location of the air
vehicle c.g. with respect to an Earth reference point. The four - quaternionelementsof{q}: q0 , q%, q2 q3

However, since the integration is carried out in the a scalar part(rotation angle)
local-level coordinate system a transformation from
the Body Frame to the Local-Level coordinate frame [q]: a three- dimensional vector
is required:

[DE•SB. =[_TrLv [V E (7) BE qo[+[Q r
The translational equations of motion for the vehicle [Q
are nonlinear. They are coupled with the rotational
equations of motion through the body rates p, q, and r
and the directional cosine matrix IT] Euler's law E 0 -

is used for modeling the rotational degrees of ,] -

freedom. Euler's law states that the time rate of [W

change of angular momentum equals the externally
applied moments. The rotational equations of motion With substitution of the values for W EJ

in the inertial coordinate frame, E, and its B--E 1
transformation to the body coordinate frame, B, are &[LW J ,the desired quaternion linear differential
written below (9-10&l 1)[2]: are.



0 0 - - q - r o 1 The CFD-based code developed jointly by NASA

q 1 p 0 r - q qq (14) Langley and Rockwell International Inc. was used forq2 2= - r 0 p lq21 developing the aerodynamic model for the GHV [I].

Data was computed for the following Mach numbers
43  r q - p 0 .q 3 J 0.3, 0.7, 4.0, 6.0, 10.0, 15.0,20.0, and 24.2 and

angles of attack -1.0°, 0.0°, 2.00, 4.00, 6.00, 8.00,
q~y/) q(9 q,(0.\ 10.00, and 12.00. Coefficients were generated for a

Combining ( q leads to following range of deflections of the right elevon, the left
equations: elevon, and the rudder at each Mach number and

q0 Y= cos(/)cos(-)cos(-) + sin0V-)sin(0)sin()(15 - 1) angle of attack combination, each taken separately.
2 2 2 2 2 2 Rudder deflections of -20.00, -10.00, 0.00, 10.00, and

20.00 were used for each surface. At two subsonic
q,= cos(-)cos(-&)sin(L-)- sin(-)sin(-&)cos(-)(15- 2) Mach numbers, 0.3, 0.7, and eight angles of attack, -

2 2 2 2 2 2 1.00, 0.00, 2.00, 4.00, 6.00, 8.00, 10.00, and 12.00,
S=cos(-/)sin(-•)cos(-)+sin(-i) o -0)s 5-in(-)1 3) coefficients were estimated for canard deflections of

2 2 2 2 2 2 -10.00, -5.00, 0.00, 5.00, and 10.00.

(= V(• 6 VI The lift, drag, and sideslip force, as well as the
q=sin(-)cos)cos(-)-cos(-)ssin( in (15-4 rolling, pitching, and yawing moment increment

2 2 2 2 2 2 coefficients and derivatives are determined as
The above equations can be solved to give the Euler functions of angle of attack and Mach number. The
angles in terms of the Quaternion elements as increment coefficients caused by control surface
follows: deflections are determined as functions of angle of

attack, surface deflection, and Mach number. They
tan 2(qq + qq 3 ) (16 -1) are added to the basic vehicle increments to form

q2 + q, + q2 + q2 total aerodynamic force and moment coefficients [1].

sin0 = -2( qlq 3 + q0q2) (16 -2) MATLAB codewas developed and was used to
obtain coefficients of the polynomials describing the

tan - 2(q 2q3 +qq) (16 -3) aerodynamic coefficients, (CD, CL, Cl, CY, Cm, andtan qI q q_ _2 _q3 Ca)

[T1.L Dray Force Comoutation
The matrix [Tr also can be written in terms of The total drag coefficient is described by he
quaternion variables too: expression:

[q +q, -q, -q3 Zqq, +qoq3) 2(q~q3 -qoq 2) CD= CDa+ CD, 8e+ CD, 8a+ CD, 8r+ CD, 8c Where
[71 5L=j 2(qq 2-qoq 3) q-q.+q- (q2q3+qoqh) 014 CD= f(M,a, 8, 6,,J,, ,)

[2(qq 3 + +q+qu) -qq) Using a MATLAB routine called FITTER, analytical

expressions for the components of CD are obtained for
The Propulsion and Aerodynamic Forces & subsonic, supersonic, and hypersonic speeds:
Moments Subsonic

Con =+5.810E-03-7.OO0E-04* a
For the simulation, using the flat-Earth Coa =+ 5.800E-03 -7.000E-04*"o
approximation, the aerodynamic and thrust forces and + 3.400E-03*(M) + 3.000E-04*(a) ^3
momentums are written in the body coordinate -6.4E-05*(t) '4 +5.998E-06*(c) -5
system as follows [2]: -2.032E-07*(a) ^6+5.235E-10 * (a) ^7

qSCx +f1 CD, 8. =-5.184E-04+ 1.1 OOE-03 *a
[ = F qSCr (18) +3.38E-07*(a*8a)-l.36E-03 *(a*M)L qIS y -2.79E-04*(M*8a)-l.53E-04 *(ct*M)*8a

qS +f+ 1.29E-03*M^2-1.02E-04 *aA2+9.39E-08*8a^2

-5.69E-07*((a*M)*8a) A2+4.14E-07 *(a*8a) A2
_-1qb + 1.81E-04*(ax*M)^A2-1.68E-05*(M*8a)^A2

qSbC - 1.84E-06*gaA3+6.40E-08*ot^4+5.76E-08*8aA4[M iqScC, (19) +5.71E-09*8a^5 - 8.93E-15*((ca*M) *Sa)^5

[qSbC --7.58E-12*((a*M)*Sa) A4- 3.94E-I0*((a*M) *8a) ^3



Co,6, =-5.184E-04+1.l00E-03*a Using a MATLAB routine called FITTER, analytical
+3.38E-07*(cc*&e)-I.36E-03 *(a*M) expressions for the components of CL are obtained

-2.79E-04*(M*8e)-I.53E-04*(a*M)*8e for subsonic, supersonic, and hypersonic speeds:

+1.29E-03*MA2-1.02E-04*aA2 Subsonic

+9.39E-08*8eA2-5.69E-07*((c*M)*8e) "2 CL, =-0.00 1576+1.800E-02*a
+4.14E-07"(c*8e) ^2+1.81E-04*(a*M) "2 +0.001944*(a*M)-0.000308* MA2

-1.68E-05*(M*Se) ^2-1.84E-06*8e" 3 +0.0013622*LA^2+0.0001992*(a*M) "2

-3.94E- I0*((oC*M)*Se) ^3+6.40E-08*"a4 +6.46E-05 *CA^3+2.29E-05 *aA4+ 1.06E-06*cta^5
+5.76E-08*8eA4-7.58E- 12*((ac*M)*8e) A4 C, ,8a =-5.119E-04+1.000E-03*x

+ 5.71E-09*WeA5 - 8.93E-15*((a*M)*5e) AS -1.406E-04*(ca*8a)+1.313E-03*(ca*M)

CD, 8r =+2.47E-04-1.93E-04 *a+7.27E-05*(a*M) -8.584E-04*(M*Sa)+8.879E-05*(ca*M)*6a
+4.73E-05 *MA2 +1.50E-05 *•A2+5.03E.06*,rA2 -1.604E-04*MA2-3.477E-04*axA2

-1.30E-07*((c*M)*Sr) "2-3.50E-08*(aa*8r) "2 "9.788E'05"*(a*M)A2" 1.703E'06*(M*8a)^2

- 1.68E-06*(ca*M) A2+4.53E-06*(M*&) ^2 +2.532E-05*a ̂ 3"3.727E-05*8a^3
-1.98E- 11 *OA3-2.63E-08*a•4+7.54E-09*8rA4 +1.781E-07*8a "2+7.912E-07*((ct*M)* 8a) A2

+ 3.12E-12*((cx*M)*8r) "4 +2.465E-08*(ca*8a) A2-9.788E-05*(a*M) "2

Cr. ,8 =-5.334E-04+5.548E-04*M+9.3E-05*a -5.942E-09 *((a*M)*8a) ^3-7.377E-08*c^A4

+4.660E-05*(a*8c) -6.330E-05*(a*M) +2.672E-08*Sa "4-1.610E-1 I*((a*M)* 8a) "4

+I.900E-05*(M*8c) +1.270E-05*(a*M)*8c -3.273E-08*ctA5+7.624E-08*Sa ^5

+3.100E-05,•a2+I.550E-05*8cA2 +1.388E-13*((a*M)* 8a)^5

+2.OOOE-07*((ct*M)*8c) A2 + 2.000E-07*(a*Sc) "2 CL, 0. =-5.119E-04+1.000E-03*cL
+3.000E-06*(a*M) A2+2.230E-05*(M*8c) "2 -1.406E-04*(c*8e)+ 1.313E-03 *(a*M)

_7.900E.06*. A3+9.0O0E.07*.cA3+5.000E.07*aA4 -8.584E-04*(M*6e)+8.879E-05*(cz*M)* 8e

-1.01E-08*aCA5- 1.00E-08*&CA5 -1.604E-04*M^2- .477E-04*aA^2

-3.08EI3*((a*M)* 8c) ^5+8.71E-08*8cA4 "9.788E'05*(ac*M)^2"I.703E'06*(M*8e)A2
-4.44E- 1I *((a*M)*8c) A4+3.02E-09*((cx*M)*&c)A3 +2.532E-05*a^3-3.727E-05*6eA3+ 1.781E-07*6e A2

Supersonic/ Hypersonic +7.912E107*((Q*M)* 8e) A2+2.465E-08*(ca*8e)^2

Coo. =+8.717E-02-3.307E-02*M -9.788E-05*(ct*M) ^2-5.942E-09 *((a*M)* 8e) "3
+3.179E-03*a- 1.250E-04*(a*M) -7.377E-08*caA4+2.672E-08*&e "4
+ 5.036E.03*MA2- 0.100E-03*aA2 -1.61 OE-I 1 *((a*M)* 8e) ^4-3.273E-08*ca^5
+1.405E-07*(a *M) ^2-3.658E-04*MA3 +7.624E-08*SeA5+1.388E-13*((a*M)* 8e) A5

+3.175E-04*aA3+ 1.274E-05*MA4-2.985E-05*cxA4 CL, 8C =-1.022E-03+7.OOOE-04*M

- 1.705E-07 *MA5 + 9.766E-07*•A5 +8.33E-04*ct+ 1.96E-05*(ca*&c)-3.93E-04*(ca*M)
Co, 8, =+4.02E-04+2.34E-05 *-1.02E-04 *M -3.40E-04*(M*8c)+1.85E-05*(a*M)*6c

-3.46E-05*6a-5.38E-07*(o*M)*Sa+3.08E-06*a^2 +1.04E-05*o•A2+1.77E-05*"cA2
+2.61 E-06*MA2+6.84E-06*8a^2 + 1.08E-06*((a"M)* 5c)A2+2.70E-07*(ca8c)A2
+5.28E- 12*((ct*M)*Sa)A2 + 1.92E-05*(aC*M)A2- 1.51E-05*(M*8c)A2
Co,. S* =+4.02E-04+2.34E-05 *ca-1.02E-04 *M -2.46E-05*aA3+3.91 E-07'8c-A3

-3.46E.05*,e.5.38E.07*(ca*M)*,e+3.08E-06,a A^2 +3.63E-09*((a*M)* 6C) A3+2.43E-06*^aA4

+ 2.61E-06*MA2+6.84E-06*8eA2 -2.56E-09"8c A4 - 1 .29E- 10*((cc*M)* 6c) A4

+5.28E-12*((ca*M)*8e) "2 -7.29E-08*aA5-2.04E-08 *c A5

CDA 5 = + 7.50E-04-2.29E-05*a 9.69E-05*M - 2.27E-13 *((Ot*M)* 5C) A5

-1.83E-06*&r+9.13E-09*(c*M)*Sr+8.76E-07*c^2 Supersonic/ Hypersonic
+2.70E-06,M^2+1.97E.06*&rA2+... Ct• =-8.19E-02+4.70E-02*M
...- 1.77E- 1I *((cL*M)* 8r) "2 + 1.86E-02*a4.73E-04*(a*M)
The drag force is given by: -9.19E-03*M^2- 1.52E-04 aA 2

h da f rcefi +5.99E'07*(a*M)A2+7.74E'04*MA^3

D =Sf CD +4.08E-06 *,A^3-2.93E-05*MA4

-3.91E-(07*aA4+4.12E-07*MA5 + 1.30E-08*a^A5
Lift Force Comnutation CL 5. -1.45E-05+1.01E-04*a+7.10E-06 *M
The total lift coefficient is obtained as: -4.14E-04*Sa -3.5 1E-06 *(a*&a)+4.70E-06*(a*M)
CL= CLa+ CL, 8a+ CL, 8e+ CL, 6c Where +8.72E-06*(M*8a)-I.70E-07*(a*M)* 8a
CL= f(M,a,6,, 6,S) CL.6 =- 1.45E-05+1.01E-04*ca+7.10E-06*M



-4.14E-04*Se -3.51 E-06 *(a*6e) C, Ba =+3.570E-04-9.569E-05*C-3.598E-05*M
+4.70E-06*(ot*M)+8.72E-06*(M*Se) +1.170E-04* 8 a+2.794E-08*(ct*M).*a
-1.70E-07*(a*M)* 8e +4.950E-06*a^2+ 1.411 E-06*MA2- 1.160E-06*8a ^2
The lift force is given by: -4.6411E-1 1*((a*M)*8a) ^2

L = qaffCL Ci. 6, =- (+3.570E-04-9.569E-05*o-3.598E-05*M
+1.170E-04*6e+2.794E-08*(ot*M)!Se

Rolling Moment Computation +4.950E-06*a^2+ 1.41 E-06*M^2- 1.160E-06*8e"2
The total rolling moment coefficient is obtained as: -4.6411E-1 1*((a*M)*&e) A2)

CI - C1, + CI. 8& + CI. +,Cl & + CI , +r C•,2 V C C1, 6r =-5.0103E-19+6.2723E-20*a
4\2V)) 2V+2.3418E-20*M+0.00011441 *8r-2.6824E-06*(ct*8r)

(hrei t +5.5547E-08*(at*M)*6 r
2 V) are the computed nondimensional roll and C1r =+3.82E-01-1.06E-01*M+1.94E-03*Ct

yaw rates -8.15E-05*(ct*M)+ 1.45E-02*M^2-9.76E-06*a^2

C f (M , a, ,,.. Using a +4.49E-08*(a*M)^2+1.02E-03*MA3-2.70E-07*oa^3
+3.56E-05*MA4+3.19E-08*OtA4-4.81E-07*MA5

MATLAB routine called FITTER, analytical -1.06E-09*aA^5
expressions for the components of Cl are obtained for CIP =-2.99E-01+7.47E-02*M+1.38E-03*a
subsonic, supersonic, and hypersonic speeds: 878E05*(a*M)9.I3E.O3*MA2-2.O4E.O4*a2Subsonic""7E5*t*M)9 3E0*^""E04t2
Cbs =- 9.380E-02-1 .250E-02*M -'52E-07*(a*M)^2+5.73E'04*MA3"3.86E'05**a^3
C,, 6. = 5.38 -1E.O5.02EO*c -1 .79E-05*MA4+4.21 E-06*aA^4+2.20E-O7*MAS
C1.6E= + 5.310E-05-5.272E-04*c -1.1 5E-7*a^5
+3.690E-05*(at* 8a)+2.680E-05*(a*M) The rolling moment is given by:
+1.926E-04*(M* 6 a)-8.5OOE-06*(c*M)* 8 a
..4.097E.04*MA2+ I.258E-O4*aA2 l = qbS,.,,. C,
+3.762E-06* 8aA2-5.302E-08*((a*M).*6 a) ^2

+5.IOOE-06*(a *M) A2+2. 100E06*(M* 8 a) "2

- 8.700E-06*a^3+8.400E-06* 6 a "3 Pitching Momentum Computation
+ 1.153E-09*((ct*M)* 8 a) "3 The total pitching moment coefficient is obtained as:
-3.576E-08*(at* 8 a)^A2+l.384E-08*a A^4 (--. 13.76E-8" 6 a) ^4+1.04E-1*((08*)*6a)4 Cm =Cma+Cm,&x + Cm,de+ Cm, dr + Cm,dc +C(.

-1.137E.O8* 6 4+1.01 1E.12*((a*M)* 8a) "'2V
A 4+1.38g1E.08*aA5-.1676E..08* 6 a A"5

-2.984E-14*((ca*M)* 6 a) A5 , Where is the computed non-dimensional If

C1.i = - (+ 5.3 10E-05-5.272E-04*(M
+3.690E-05*(a*6e)+2.680E-05*(x*M) pitching moment about the c.g. is required, then is

+I.926E-04*(M*6e)-8.500E-06*((a*M)*6e) computed using the following:
-4.097E-04*MA2+1.258E-04*aA^2+3.762E-06* 8 e M = M ,. - X,, Z
"^2 "5.302E-08*((ca*M)*8e) A2+5.1OOE'06*(a*M) ^2 where Z - axis force is given by

+2. IOOE-06*(M*8e) ^2-8.700E-06*atA3 Z = - D sin a - L cos a

+8.400E-06*be A3+1.153E-09*((a*M)*ge) A3 Using a MATLAB routine called FITTER, analytical

-3.576E-08*(8*6e) A2+1.384E-08*aA^4 expressions for the components of Cm are obtained
-1.137E-08*8e A4 for subsonic, supersonic, and hypersonic speeds:

+1.011 E-12*((c*M)*6e) ^4+1.381E-08*ca^5 Subsonic

- 1.676E-08*8e A5-2.984E-14*((a*M)*8e) A5) C , =+ 1.600E-03+1.371E-03*a
Ci, 6r =+7.OOOOOOE-04*Sr + 1.041 E-03 *(ot*M) + 4.464E-04*M^2
C1, =+2.625000E-0 I +2.50E-02*(M) +1.969E-04*aA^2 - 5.475E-05*(ct*m) ^2
CIp =-1.337500E-01-1.2500OOE-02*(M) .6.047E.05*.t^3+4.01 8E.06*,t^4
Supersonic/ Hyersonic -1 .007E-07 * ao^05

C11 =-I.402E-01+3.326E-02*M-7.590E-04*a Cm, =+ 2.880E-04-5.351E-04*a
+8.596E-06*(a*M)'3.794E'03*MA2 +4.550E-05*(a*Sa) +3.3790E-04*(ot*M)
+2.354E-06*aA ̂2-1.044E-089*(a*M) A2 +6.665E-04*(M*8a) -2.770E-05*(cc*M)* 8a
+2.219E-04*MA3-8.964E- 18*aA3-6.462E-06*MA4 -6.027E-04* MA2 +2.660E-05* A^2-1.600E-06*8aA2

+3.803E-1 9*"t^4+7.419E'08*M^5-3.353E-21 *aA5 -l.OOOE-07*((a*M)*6a) ^2-1.910E-05*(ct*M) A2



+2.300E-06*(M*Sa) ^2+1.300E-05*a^3 +3.14E-09.(a) ^5-7.74E-06*(M) ^5
+1.920E-05*Sa ^3 +1.90E-09 *(((a*M)* 8a) "3 -4.77E-22*(Sr) ^5-2.18E-10".(a) ^6
-1.861200E-06*czA4-4.69E-10*Sa ^4 +2.70E-07*(M) ^6-3.38E-10*.(Sr) "6
+I.29E-12*((a*M)* 8a) ^4+7.29E-08*ot^5 +5.74E-12*.(a) ^7-3.58E-09*(M) "7
-3.87E-.08*Sa A5-4.67E-14*((ca*M)* 8a) A5 +2.63E-24*(Sr) A7

Cm, 8e =+ 2.880E-04-5.35 1E-04*a Cm, 8c = 0.00
+4.550E-05*(a*Se) +3.379E-04*(ca*M) Cmq =- 1.36E+00+3.86E-0 1 *M+7.85E-04*o
+6.665E-04*(M*Se) -2.770E-05*(ot*M)* 8e +l.40E-04*.(a*M)-5.42E-02 *M^2+2.36E-03*a^2
-6.027E-04*MA 2+2.660E-05*czA2-1.600E-06*Se ^2 -1.95E-06*.(ax*M) A2+3.80E-03*MA 3-1.48E-03 *aA3

-I.OOOE-07*((a*M)* 8e) ^2-1.910E-05*(ct*M) A2 -1.30E-04 *MA4+1.69E-04*cL^4+1.71 E-06*MA 5
+2.300E-06*(M*Se) ^2+1.300E-05*c^3 -5.93E-06 *a A5

+1.920E-05*Se "3+1.90E-09*(( a*M)* Se) "3 The pitching moment relative to the moment

- .8612E-06*aA4-4.69E- 10*Se A4 reference center is given by:
+l.29E-12*((a*M)*Se) A4+7.29E-08*aA5 M = qcS fC
-3.87E-08*Se A5-4.67E-14*((a*m)* 8e) A5

CmSr =-1.841E-04+3.5E-06*a+2.762E-04*M
-l.OE-07*Sr-4.OE-07*caA2+5.SE-06*Sr "2 Yawing Moment Computation

+6.482E-09 *((c*M)* 8r) "2 The total yawing moment coefficient is obtained as:

Cm,•c =+7.OE-04 +1.OE-04*a.-5.1469e-004*M Cn =C., +Cn, a+C.a +Cn, 6e+Ca, & + C.(,2V
+3.0E-03"c+ 1 .OE-04*(ot*Sc) +1 .OE-04*(ca*M) ( +b

+1.4E-03*(M*Sc) +2.922E-06" (ca*M)* &c W2 V-a
Cmq =-1.0313-3.125000E-01*M Where( is in radian, and the terms and

Cm, 8e =+2.880E-04-5.35IE-04*a (2 V )are the computed non-dimensional roll and
+4.550E-05*(ca*Se) +3.379E-04*(a*M) C = f(Ma, /18 , 8, )
+6.665E-04*(M*Se)-2.770E-05*(ot*M)*Se yaw rates. ,=

.6.027E.04*M^2+Z660E.05*ca^2.1.600E.06*SeA2 Using a MATLAB routine called FITTER, analytical

-1.OOOE-07*((cz*M)*Se) A2-1.91 OE-05*(ca*M) A2  expressions for the components of Cn are obtained

+2.300E.*(M*8e) A2+1 .300E_05*aA 3+1.920E.05*8eA3 for subsonic, supersonic, and hypersonic speeds:
Subsonic

+I.90E-09*((cc*M)! 8e)^3-1.8612E-06*¢z^4 C n ic
-4.9E-0*8A4+.29-12((aM)*8e) 4CnB =+1.062E-01+6.250E-02*M

-4.69E-1 0*Se "4+1 .29E-1 2*((ax*M). Se)^4 Cn, Sa =-2.700E-07*(x*Sa)-1.008E-05*(M*Sa)
+7.29E-08*cc^5-3.87E-08*Se ^5 +3.564E.07*Qx*M)*8a+1.11 E-07 8a "3
-4.67E-14*((a*M)* Se) ^5 9.32E.5-2*((a*M)* Sa). 3- 1.991a e-021* ct4
Cm, 8r =-1.841E-04+3.5E-06*c+2.762E-04*M +2.89E-125*a A 4+1.82E.-.28((a*M)! 8a f^4

-1 .OE-07*Sr -4.OE-07*cL^2+5.SE-06*S8r2 +6.95E-23 *aA5-.22046e-028*()a A 5
+6.482E-09*((a*M)* 8r)A 2 +".25E-23*^2 6*Ma ^5Cm, &€ =+7.0E-04+1 .0E-04"a-5. 1469e-.004*M +2.22E- 16*((cx*M).* Sa) ^5

Cn, 8e =-(-0.00000027*(x*Se)-I.008E-05*(M*Se)
+3.OE-03*8c+I.OE-04*(ctSc) +I.OE-04*(ca*M) +3.564E-07*(x*M)*Se+l.l IE-07*Se A3

+ 1.4E-03*(M*8c) +2.922E-06* (ca*M)! 8c -9.32E-12*((a*M)! Se) ^3-1.9910e-021" at\4

Cmq = 1.0313-3.125000E-01*M +2.89E-25*6e A4+182E28*((cz*M)*Se) "4
Supersonic/ Hyersonic +2.9E-25*e A4+I.2e-28 e A 4
C ma =--5.67E-05-6.59E-05*a-1.51E-06*M +6.95E-23*ca * ^ 2.2046e-5010*) e 5
+2.89E-04*Sa+4.48E-06*(a*Sa)-4.46E-06*(cz*M +2.22E-816*((r*M)* Se)"5)

-5.87E-06*(M*Sa) +9.72E-.08*t(*M)! Sa Cnp =+-.790E-03+2.OOOEr02*M
Cm, 8a =-5.67E-05 - 6.59E-05*c -1.51E-06*M Cnr =- 1.2787-1.375e-001*M
+2.89E-04*Sa+4.48E-06*(a*Sa)-4.46E-06*(ca*M) Supersonic/ Hypersonic
-5.87E-06*(M*Sa) +9.72E-08*(a*M)* 8a Cna -+3.68E-01+6.03E-16*(ct) -9.79E-02*(M)

Cm, Se =-5.67E-05-6.59E-05 *x- 1.51E-06*M -3.84E- 1 6*(c) A2+1.24E-02 (M) "2
+2.89E-04*Se+4.48E-06*(a*6e) -4.46E-06*.(a*M) +8.58E-17*(a) ^3-8.05E-04 *(M) A3

-5.87E-06*(NI*8e) +9.72E-0-8*.(o*M)* 8e -7.75E-18 *(a) A4+2.57E-05*(M) ^4
Cm, 8r =-2.79E-05*c.-5.89E-08*.(a) "2 +2.42E-19*(ca) A5-3.20E-07*(M) "5
+1.58E-03 *(M) A2+6.42E-08*.(ct) "3 C, 5, -+2.10E-04+1.83E-05*c-356E-05*M

-66E0*(M) A321E0*o ^4 +.O-4183-5a35E0*
-6.69E-04( "3-2. 1 OE-08'(a) A4 -1.30E-05*Sa-8.93E-08*(ca*M)* 8a-6.39E-07*cX^2
+1.05E-04*(M) "4 +l.43E-07*(Sr) ^4



+8.16E-07*MA2+ 1.97E-06*8aA2 +3.53E-09*((cL*M)!8e) "2
+1.41 E- 1 *((ca*M)* 8a) ^2 -2.66E-09*(a*8e) A2+3.92E-08*(M*8e) ^2
Ci 8o =- (+2.1OE-04+1.83E-05*a-3.56E-05*M +5.42E-1 *((cz*M)* 8e) A3-4.73E-10*8eA4
-1.30E-05*8e-8.93E-08*(a*M)* e-6.39E-07*o2 +7.35E-14*((c*M)* 8e) A4-3.45E-09*a A5
+8.16E-07*MA2+1.97E-06*8eA2 +6.53E-10*8e^5-1.1 IE-15*((a*M)! 8e) ^5)
+ 1.41 E- 11 *((a*M)* 8e)^2) Ca. a =+2.440E-03*8r
C,, 8r =+2.85E-I8-3.59E-I9*a -1.26E-19*M Supersonic/ Hypersonic
-5.28E-04*8r+1 .39E-05*(a*8r) +1.57E-20*(a*M) Cyp=1.76E+00+4.5BE-0 1*M-3.26E-03*a
+ 1.65E-05*(M*Sr)-3.13E-07*(xa*M)* 8r +3.80E-05*(a*M)-6.36E-02*MA2
Cnp =+ 3.68E-01-9.79E-02*M+9.55E-16*a +2.36E-03*cxA2+3.45E-07*(a*M) "2
-2.79E- 17*(a*M) +1.24E-02*MA -4.26E-16*aA2 +4.44E-03 *MA3-6.03E-04*tA^3

+7.00E-20*(ct*M) A2 -8.05E-04*MA3+9.40E- -1.51 E-04*MA4+4.52E-05*aA4 +1.98E-06*MA5
17a"o^3 +2.57E-05 *MA4-8.90E-I8*aA4-3.20E-07* -1.09E-06*aA^5
MA5 Cy, . =-I.02E-06-1.12E-07*a + 4.48E-07*M +
+2.99E-19*aA5 2.27E-07*ba+ 4.11 E-09 *(a*M)*8a+2.82E-09*aA2
C, =-2.41E+00+5.96E-01*M-2.74E-03*ca -2.36E-08*MA2-5.04E-08*8a^2
+2.09E-04*(ca*M)-7.57E-02*MA2+1.15E-03*otA2 +4.50E-14*((Q*M)* 8a) "2
-6.53E-08*(ao*M) A2+4.90E-03*MA3-3.87E-04*aA3 Cy, u =- (-1.02E-06-1.12E-07*c
-1.57E-04*MA4+3.60E-05*a A4+ 1.96E-06*MA5 +4.48E-07*M+2.27E-07*Se
- . 18E-06* a^5 +4.11 E-09*(cc*M)* 8e+2.g2E-09*aA^2
The yawing moment relative to the moment reference -2.36E-08*MA2-5.04E-08*WeA2
center is given by +4.50E-14*((a*M)* 8e) "2)
N = qbS ,_fC" CY, 8r=-1.43E-18+4.86E-20*ct+1.86E-19*M

If pitching moment about the c.g. is required then it is +3.84E-04*Sr-I.17E-05*(a*8r)
owM = M ,, - -1.07E-05*(M*Sr) +2.60E-07*(a*M)* 8r

computed as follows: M =MThe side force is given by
Where the y-axis aerodynamic force is given in the y = qS",f Cy
following equations:

Side Force Computation The Engine Model
The total side force coefficient is obtained as:
Cy= CyO+ Cy, 8a+ Cy, 8e+ Cy, 8r where fi is in In order to accelerate through all Mach regimes, a
radian. C , = f(M, a, /3,6,6 , 6 ) combined-cycle propulsion system has been

Using a MATLAB routine called FITTER, analytical developed for the GHV. This engine is a

expressions for the components of CY are obtained combination of a hypothetical turbojet, ramjet, and

for subsonic, supersonic, and hypersonic speeds: rocket motor. Turbojets are particularly suited for the

Subsonic low-speed portions of the mission and have adequate

CYP =-4.750E-01-5.000E-02*M performance up to Mach 3.00[4]. These engine
CY, 8a =-1.845E-04*M-2.I3E-07*(ca*8a) designs tend to operate with low overall pressure
CYa 1ratios and low rotor speeds at takeoff.
+3.740E-05*(a*M) +I.990E-05*(M*8a) Ramjets have no rotor machinery and only start to
+6. 17E-08*(cx*M). 8a+3.39E-06*ctA2 operate efficiently at speeds above Mach 2.00.The
+1.37E-07*8a ^2-2.14E-06*(a*M)A2-1.11E-06*oA3 internal flow of the traditional ramjet engine is
-3.40E-07*8a "3+1.09E-07*cA4 subsonic. Ramjet engines can be used to reach speeds
+3.53E-09*((a*M)* 8a)^2 - 2.66E-09*(a*8a)^2 up to Mach 6. Scramjets are similar to ramjets;
+ 3.92E-08* (M*8a)^2 + 5.42E-1 1*((a*M)* 8a)^3 expect that their combustion occur at supersonic
-4.73E-10*8aA4+7.35E-14*((a*M)* 8a) "4 speeds. They become efficient only above Mach 6.00
-3.45E-09*alpha^5+6.53E- 10"8aA5 [6]. The designed engine deck generates a maximum
-1.1 IE-15*((a*M). &a) ^5 330,000 lb thrust at 100% PLA [see Figures 2 and 3].
CY, U =-(-I.845E-04*M-2.13E-07*(a*&e) Assuming a fuel flow rate, th, and the exhaust stream
+3.740E-05*(a*M)+l1.990E-05*(M*8e) velocity, )7, the thrust generated by the engine is:
+6.17E08*(a*M).8e+3.39E-06*cxA2 Thrust= ?h X q7
+1.37E-07*8eA2-2.l4E-06*(a *M) A2-1.11 E-06*aA3
-3.40E-07*8e^3+ 1.09E-07*a^A4



In this study the specific impulse Isp was used instead
of the exhaust velocity for the calculation of the Engine Model

thrust. ISP is defined as the ratio of thrust to Wce. 35.

Thrust
= w or Thrust = sp x Wco. 300

Where 120 0 Accwomon
1I0 - DU44,41iM

W Thrust x thr (20) 100
I sp s

0

Engine Simulation 0 20 40 60
Time (sec.)

Using data available in the open literature, analytical
expressions for the discussed three engine cycles Figure 3: Time Response of Thrust due to Step

were developed. For the turbojet and ramjet engines, Acceleration and Deceleration Commands
the thrust force was simulated as a function of Mach
number and PLA as in the following two equations, Simulation - Flight Trajectory
respectively:
Thrust = PLA*(2.99E+05-1.00E+01*(h) After take-off, subsonic flight is maintained below

+l.33E-04*(h) ^2-6.48E-10*(h) -3 20,000 ft (1780-psf dynamic pressure). The vehicle

+3.75E+03* (AMACH) ^3) then ascends and accelerates to 50,000 ft (944-psf)

(Max. Mach 3.25) and Mach 3. In the third phase of the flight the

Thrust = PLA*(396.103*m-703.1 *m^2+816.19*m^3 vehicle ascends to 100,000 ft and accelerates to Mach

-442.48*mA4+118.28*mA5-15.34*mA6+ 0772*mA7) 20. During descent, the vehicle's speed is reduced to

(Max. Mach 6) Mach 4, and vehicle lands after slowing down to low

For the hypothetical rocket engine, the thrust force subsonic speeds. The ascent and descent flight

was simulated as a function of Mach number and trajectories are shown in Figure4 [7].
altitude (h), or dynamic pressure as follows:
Thrust =-79.7204 + 1.9927 * h + 316.2086*PLA
-0.0 126"(h) ^2+19.4536 *(PLA) ^2 Flight Trajectory

(h: 30k ft- lOOkft) & (PLA= %0-%100) 120000
100000-

Engine Model 80000 --- 0-Accent
"2---- Level flight

40000 Deccent

o., 20000
0.2

0 0,
I 20 40 i0

Time (,ec.) 0 10 20 30
Mach Number

Figure 2: Time Response of Effective PLA due to

Step Acceleration and Deceleration Commands Figure 4: Vehicle Flight Trajectory

Flight Trim Condition

Using the previously discussed equations of motion,

the simulation of the aerodynamic and propulsion
forces and moments was accomplished. The
simulation was implemented in visual FORTRAN. It



was also been implemented in MATLAB. Using a
Jacobian technique, we generated the steady-state
models at the desired flight conditions. The steady-
state flight conditions were determined by solving the
nonlinear state equations for the state and control
vectors using the following additional constraints
according to the flight condition(s) [3], [8].
Staedy Wing- Level Flight 0, , - 0 (.'P , Q, R - 0)

Steady Pull- up 0, r 0 0 s6. Pull- up Rat)

Summary

This paper covered the development of a Six Degrees
of Freedom simulation of a generic hypersonic
vehicle. The model and simulation were developed
to support NASA's conceptual design studies of
hypersonic vehicles with multiple cycle engines. The
models were implemented in a combination of
MATLAB and FORTRAN coded subroutines. The
simulation includes both air breathing and rocket
propulsion models. This work was supported under
NASA grant # NCC4-158.
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FLIGHT DYNAMICS AND CONTROL OF AIR-BREATHING
HYPERSONIC VEHICLES: REVIEW AND NEW DIRECTIONS*

Bari§ Fidant¶, Maj Mirmiranit#, and Petros A. Ioannou5,4
¶ University of Southern California Los Angeles, CA 90089

# California State University, Los Angeles, CA 90032

Abstract Nomenclature The following notation is used
throughout the paper, unless otherwise stated.

The current air-breathing hypersonic flight (AHF)
technology programs focus on development of flight aoo free stream velocity of sound
test vehicles and operational vehicle prototypes that AD diffuser exit/inlet (area) ratio
utilize airframe-integrated scramjet engines. A key is- E reference length
sue in making AHF feasible and efficient is the con- CD drag coefficient
trol design. The non-standard dynamic characteristics CL lift coefficient
of air-breathing hypersonic flight vehicles (AHFVs) Cm- : pitching moment coefficient (pmc)
together with the aerodynamic effects of hypersonic Cm(q) pmc due to pitch rate
flight make the system modeling and controller design Cm(a): pmc angle of attack
highly challenging. Moreover the wide range of speed C"'. OC./Oa
during operation and the lack of a broad flight dynam- Cm (6e): pmc due to 6e
ics database add significant plant parameter variations CT thrust coefficient
and uncertainties to the AHF modeling and control f, stoichiometric ratio for hydrogen, 0.029
problem. In this paper, first, different approaches to h vehicle altitude
this challenging problem presented in the literature are I (I,,) the (n x n) identity matrix
reviewed. Basic dynamic characteristics of AHFVs are IY vehicle y-axis inertia per unit width
described and various mathematical models developed m vehicle mass
for the flight dynamics of AHFVs are presented. Ma- fit vehicle mass per unit width
jor nonlinearity and uncertainty sources in the AHF rhir air mass flow rate
dynamics are explained. The theoretical and practical th : fuel mass flow rate
AHF control designs in the literature, including the M pitching moment
control schemes in use at NASA research centers, are M0,o vehicle flight Mach Number
examined and compared. The review is supported by a nx acceleration along the vehicle x-axis
brief history of the scramjet and AHF research in order n, acceleration along the vehicle z-axis
to give a perspective of the AHF technology. Next, the P pressure
existing gaps in AHF control and the emerging trends q pitch rate
in the air-breathing hypersonic transportation are dis- Q generalized elastic force
cussed. Potential control design directions to fill these re radial distance from Earth's center
gaps and meet the trends are addressed. The major Re radius of the Earth, 20,903,500 ft
problem in AHF control is the handling of the vari- S reference area
ous coupling effects, nonlinearities, uncertainties, and To temperature across the combustor
plant parameter variations. As a potential solution, Th thrust
the use of integrated robust (adaptive) nonlinear con- u speed along the vehicle x-axis
trollers based on time varying decentralized/triangular V vehicle velocity
models is proposed. This specific approach is moti- X force along the vehicle x-axis
vated by the promise of novel techniques in control Z force along the vehicle z-axis
theory developed in recent years. a angle of attack

_, y flight path angle (y = 0 - a)
*This work was supported in parts by Air Force Office of Sci- 

6 e, pitch control surface deflection
entific Research under Grant #F49620-01-1-0489 and by NASA it throttle setting
under grant URC Grant #NCC4-158.

t
Student Member AIAA, graduate student, Electrical Engi- Aa: fore-body elastic mode shape

neering Department. AT2 after-body elastic mode shape
tMember AIAA, professor, Mechanical Engineering Depart- (I damping ratio of the first vibration mode

ment. 11 generalized elastic coordinate
§Professor, Electrical Engineering Department
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fuel equivalence ratio, 7j/J-7 engines.6 Scramjet technology is an enhanced version
8 pitch angle of the ramjet technology, in which the engines oper-
ji gravitational constant ate by subsonic combustion of fuel in an air stream
p density of air compressed by the aircraft's forward speed. In con-
W1 natural frequency of the first vibration mode ventional turbojet engines, the compressor fans com-
Onxm: the n x m zero matrix press the air. Scramjets are basically ramjet engines

in which the airflow through the engine is kept su-

Subscripts personic. Using hydrogen as the basic fuel for com-

A due to aerodynamics bustion, the air-breathing scramjet engines burn oxy-

E due to external nozzle gen scooped from the atmosphere. Obtaining the
T :due to engine thrust oxygen from air rather than carrying it on-board,
0 dutrim condition air-breathing hypersonic flight vehicles (AHFVs) can

oo :free stream condition carry more payload than equivalent rocket-powered
systems.

Since testing via ground facilities gives limited infor-
1 INTRODUCTION mation about the behavior of the air-breathing scram-

jet technology, flight tests at hypersonic conditions are
A recent multi-year research program of NASA, needed for a broader understanding. For this pur-
Hyper-X, focuses on one of the greatest aeronauti- pose, several flights at Mach 7 and Mach 10 have been
cal research challenges, air-breathing hypersonic flight planned. For each flight, the profile (see Figure 2) has
(AHF).' 5 The main task is to design and build ve- a ground track of 400 miles. X-43A rides on the first
hicles that will fly at speeds of Mach 7 and 10 with- stage of a Pegasus booster rocket, which is launched by
out using any rocket noting that the world's fastest
air-breathing aircraft for the time being, the SR-71,
cruises slightly above Mach 3 and the highest speed
attained by NASA's rocket-powered X-15 was Mach
6.7, back in 1967. The prototype (X-43A) developed
for this task is depicted in Figure 1. Based on this pro- I,, ,,
totype, the first goal of the Hyper-X Program, which is *

conducted by the Dryden and Langley Research Cen- too-

ters of NASA, is to demonstrate and flight validate key
propulsion and related technologies for air-breathing
hypersonic aircraft.

smaw

Lene.- 12' 0.7 mnm-,

"NOt: 2' (6s mw Top Vie Figure 2: Hyper-X flight trajectory (NASA LRC
archive).

Once separated from the booster, the control system
of X-43A is required to regulate a strict flight con-
dition for the duration of the test flight and to per-
form a series of maneuvers to identify hypersonic flight
characteristics. The Dynamics and Control Branch
of NASA Langley Research Center (LRC) is respon-
sible for development of the X-43A control system.
The non-standard dynamic characteristics of X-43A

Figure 1: X-43A (NASA LRC archive), together with the aerodynamic effects of hypersonic
flight make the control system design very challeng-

The interest in AHF is based on the advantages it of- ing. Moreover, the wide speed range of operation and

fers, namely increase in payload capacity and propul- the lack of a broad flight dynamics database suggest

sion efficiency, expansion of launch windows, and re- that plant parameter variations and uncertainties are

duction in construction and operation costs.1' 2' 4 The the main issues to deal with in the controller design.

key technology behind AHF and its benefits is usage of
the so-called scramjet (supersonic-combustion ramjet) Although there have been other research programs re-
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lated to or independent of NASA, (see, e.g., 7 12), the The scramjet engine programs conducted in Aero-
current Hyper-X Program of NASA, described briefly dynamics Laboratory of the Polytechnic Institute of
above, gives an adequate perspective of the current Brooklyn (PIBAL) and General Applied Science Lab-
state of the hypersonic flight technology. As can be oratories (GASL) under supervision of Ferri9"18s1 9 fo-
understood from the above, there are several aspects cused on the development of fixed geometry scramjet
of the research on hypersonic flight. In this work, we engines that have good performance over a wide speed
concentrate on flight dynamics, modeling, and control range, e.g., Mach 3-12. The key ideas that enable
issues. wide speed ranges of operation in these programs are

thermal compression and variable aerodynamic con-

After presenting a brief history of the AHF technolo- traction ratios. The design of high performance wide

gies in Section 2, we describe the basic dynamic char- speed range scramjets was approached by other re-

acteristics of air-breathing hypersonic aircraft in Sec- search groups, mainly in the United States, the former

tion 3. Section 4 is devoted to the existing mathemat- Soviet Union, and France, using different techniques

ical models in the literature for the flight dynamics of such as using dual-mode engines and utilizing mechan-

AHFVs. In this paper, we make a distinction between ically variable geometry engines as well. 9' 10 ,2 23

approaches by academicians and those used in indus-
try. In Section 5, we review approaches proposed for The promising high-speed performance of the
the AHF control design problem in academia. The ap- hydrogen-fueled scramjet engines led to increasing at-
proaches to the same problem adopted by NASA cen- tention on hypersonic cruise missions. The PIBAL and
ters and the corresponding control laws are presented GASL scramjet engine programs inspired the U.S. Air
in Section 6. The paper is concluded with a discussion Force funded Scramjet Incremental Flight Test Vehicle
of the future trends in the air-breathing hypersonic (IFTV) program, which was initiated in April 1965.9
transportation and possible control design directions The purpose of the program was to demonstrate the
to meet these trends, which can be found in Section 7. vehicle acceleration from boosted speed of 5400 ft/s to
Some final remarks are made in Section 8. at least 6000 ft/s using four hydrogen-fueled scramjet

modules located around the central vehicle body. Al-
though a non-powered flight test vehicle was launched
in January 1967, the IFTV program was cancelled
in August 1967 due to technical difficulties such as

2 A BRIEF HISTORY considerable problems and delays encountered in the
ground test program due to inlet-combustor interac-

Hypersonic air-breathing propulsion has been studied tions.

by NASA for more than sixty years, since the evolve-
ment of the hydrocarbon-fueled conventional ramjet Another major test program was the NASA Hyper-

(CRJ) engine concept."' 9 Reviews of the early works sonic Research Engine (HRE) program which began

on CRJ development and the early design approaches in 1964 aiming to flight test a complete, regeneratively
to achieving increased flight speeds can be found cooled, flight weight scramjet research engine on the

in.6 ,"13,1 4 In the late 1940s, the feasibility of develop- X-15 rocket-powered research plane.6, 24 26 X-15 flew

ing a scramjet engine was attracting attention as well. several times with a dummy test ramjet attached to it

It had been proposed to add heat directly to a super- and reached a record-making speed of 6.72 M in 1967.
sonic stream, by means of a standing wave, as early as However, this program was terminated without reach-

1946.9,15 The generic problems needed to be addressed ing its main goal due to financial problems in 1968.

in scramjet, such as the technical hurdles about fuel
injection and mixing, wall cooling and frictional losses, After the cancellation of the IFTV and HRE flight test
and nozzle performance, were outlined in early 1960s. programs, the emphasis of NASA research shifted to
Meanwhile, performances of CRJ and scramjet engines developing and ground testing new engine models for a
were compared, and it was concluded that the perfor- while. A structural full-scale HRE model known as the
mance of the scramjet engine would exceed that of the structures assembly model (SAM) was tested at NASA
CRJ somewhere in the speed range of Mach 6-8 and LRC and the original model was enhanced by using
would be superior at higher speeds.9 "16"17 The studies new techniques and developing new structures such
on comparison of CRJ and scramjet engines continued, as a flight-weight hydrogen-cooled structure. Simulta-
however these studies could not produce substantive neously, another model known as the aerothermody-
results due to the lack of demonstrated scramjet com- namic integration model (AIM) was ground tested and
ponent performance and the lack of test data on hy- analyzed in the NASA John H. Glenn Research Cen-
personic CRJ engines. Subsequently, the later studies ter. The AIM ground tests conducted from September
on high-speed engine development were concentrated 1972 to April 1974 produced a comprehensive database
on the scramjet engine.
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on inlet and combustor performance at Mach 5-7.9 tal engines were tested at NASA LRC in the Mach
Moreover the AIM program demonstrated high inter- 4-7 regime. 9' 3 7' 4 1  The NASP program led to ex-
nal thrust performance, smooth transition from super- tensive studies on dynamic modeling and control of
sonic to subsonic mode of combustion, strong inter- the AHFVs as well. In,42 ,43 the dynamic characteris-
actions between fuel injector stages, and combustor tics of AHFVs with airframe-integrated engines were
design approaches. A review of the HRE program is brought into picture with emphasis on the interactions
presented in.27  between the airframe, engine, and structural dynam-

ics. Shortly, based on the X-30 configuration, a few

The axisymmetric configuration of the HRE used in mathematical models were developed, some guidance

the SAM and AIM programs has been popular, and and control schemes were designed, and certain perfor-

has been utilized by the French ESOPE engine and mance and stability issues were analyzed.44"' In spite

several Russian engines9 ,28 30 as well. Later the Rus- of the enormous amount of effort and achievement in

sian Central Institute of Aviation Motors (CIAM) many aspects, the NASP program was first reduced in

performed four major flight tests on axisymmetric scope to the Hypersonic Systems Technology Program

hydrogen-fueled engines utilizing a Hypersonic Fly- (HySTP) in 1993 and then completely terminated in

ing Laboratory (HFL) in November 1991, November January 1995 without conducting any flight test due

1992, March 1995, and February 1998. The second to funding problems. The aim of HySTP was building

and third of these tests were supported by the French up and testing a Mach 10-15 scramjet propulsion in a

aerospace institute ONERA, and the fourth was a test project called the Hypersonic Flight Test Exper-

joint project with NASA. Although the third test was iment (HyFLITE).9,37,3s' In the first two of the three

not successful due to HFL system problems, the other phases of HyFLITE, which were all cancelled, a rocket

three tests were completed successfully producing data powered vehicle would be used to bring the scramjet

for both the subsonic and the supersonic combustion system to hypersonic conditions similar to the HRE

modes.3 0-3 2  program with X-15. Integration of the scramjet and
a test AHFV would be performed at the last stage.
The original NASP program on the other hand was

Another concept NASA started to focus on in 1970s an at for a ruls al o n proot typ ye-
is te rctagulr aifrae-itegatedengne onfgu- an attempt for a full-scale operational prototype ve-

is the rectangular airframe-integrated engine configu- hicle system development rather than an incremental
ration. 6'9 '2 5' 3 3 36 Superior to the axisymmetric HRE technology program. It was realized with the NASP

configuration, this concept utilizes the inlet sidewalls program tt develop en in cae p
to podue etrahoriontl cmprssio inaddtio to program that further development in scrarnjet propul-

to produce extra horizontal compression in addition to sion systems, materials, other systems, and thermal
the vertical forebody compression and uses in-stream mngmn r eddbfr uliga prtoa

strus a hosins fo ditriute fue inectrs.The management are needed before building an operational
struts as housings for distributed fuel injectors. The vehicle similar to X-30.

early works on the airframe-integrated scramjet con-

cept can be seen in.33 Some of the later developments
and the corresponding research at NASA LRC are pre- In 1996, NASA started a similar but more extensive
sented in.35 ,36 The airframe-integrated engine con- and incremental hypersonic technology program, the

cept has also been studied extensively in Russia and Hyper-X program, which is currently underway.'

Japan, and has become a preferred configuration in The exclusive Hyper-X program, which is considered

recent years. as the last stage preceding prototype development for
AHF, is currently foreseen to be completed by 2017.
During the program, four small scale (X-43A, X-43B,

The newly developed scramjet engine technologies of X-43C, X-43D) and one full scale demonstrator vehi-
1970s and early 1980s, specifically the development of cles are planned to be constructed and flight tested. 4

the airframe-integrated engine concept, and the need

for flight testing and flight demonstrating these tech-
nologies led the U.S. Air Force and NASA to initi- X-43A is a 12 foot-long hydrogen-powered experimen-

ate a major hypersonic flight research program includ- tal vehicle with a wing span of 5 feet (see Figure 1)

ing flight tests, the National Aerospace Plane (NASP) which is "smart scaled" from a 200 foot operational

program, in 1986, eighteen years after the cancella- concept. It is planned to be used in scramjet powered

tion of the IFTV program. 6 9'3 7--40 The focus of the and un-powered flight tests at Mach 7 and Mach 10.

NASP program was to build an air-breathing single- X-43B is a 35'-45' reusable demonstrator vehicle with

stage-to-orbit (SSTO) experimental aircraft, the X- a combined cycle engine to be tested in all the propul-

30, which would be used for hypersonic flight test- sion modes from subsonic flight through full scram-

ing and demonstration. During the NASP program, jet operation (Mach 0.7-7). X-43C is a 16 foot-long

there had been extensive development in the rect- hydrocarbon-powered vehicle utilizing a three-module

angular airframe-integrated scramjet technology. A engine which will be used to accelerate the vehicle from

large number of newly developed modular experimen- Mach 5 to Mach 7 during the flight test. X-43D is a
concept to be used for flight testing hydrogen fueled
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scramjet engines at velocities of Mach 15 or greater. Center.69 The PREPHA program, which ended in
Finally a large-scale reusable demonstrator (LSRD) 1999 focused on development and testing of hydrogen-
vehicle, whose architecture is the same as that of the fueled scramjets. In this program, CFD was exten-
operational vehicle and whose size is large enough to sively used in design and analysis of scramjet en-
operate over all air-breathing propulsion speeds, is gines and several prototypes were developed includ-
planned to be built and flight tested. Among these ing a Mach 3-12 wide range ramnjet. The current
flight vehicle projects, however, only X-43A and X- PROMETHEE program focuses on usage of hydro-
43C are currently funded. X-43B and LSRD projects carbon fueled scramnjets in air-launched missiles rather
are scheduled around 2006 and 2010, respectively, with than hypersonic transportation. The JAPHAR pro-
the first flight tests to be conducted in 2010 and 2016. gram, on the other hand, is an ongoing program sim-
X-43D project is in a formulation stage. ilar to PREPHA that aims to develop enhanced wide

range scramjets for AHFVs.

The X-43C project started only at low level in 2001
and will continue through 2007. The X-43A project, Above, we presented a brief history of the air breathing
on the other hand, is highly active, with the major hypersonic flight technologies in an attempt to show
ground tests performed and the flight tests underway. the big picture in as many aspects as possible in a
The ground tests, engine designs, propulsion system limited space. More detail can be found in the works
airframe integration issues, computational fluid dy- cited above and the references therein. In the rest of
namics (CFD) analysis, aerodynamic database devel- this paper, we focus on flight dynamics, modeling, and
opment, and simulation studies for the Hyper-X pro- control.
gram are presented in.5261

The X-43A flight test profiles are shown in Figure 2.
After accelerating to the test conditions (Mach 7 or 3 FLIGHT DYNAMICS OF
Mach 10 at about 100,000 feet) on the first stage of AIR-BREATHING HYPERSONIC
a Pegasus booster rocket, X-43A vehicles are planned VEHICLES
to perform powered and un-powered flight tests using
its scramjet engine and gaseous hydrogen fuel for 5-10
seconds. The first X-43A flight test on June 2, 2001 Before the 1990s, the hypersonic research was almost
was unsuccessfully terminated after a booster failure solely focused on development of engines that would
13.5 seconds into the mission. The second flight test provide hypersonic flight speeds or wide speed ranges
is planned to be performed in 2003. in subsonic, supersonic, and hypersonic regimes. How-

ever, the studies that pursued, especially the NASP

U.S Air Force currently conducts another scramjet and the Hyper-X programs, have all shown that in or-
development program, the Air Force Hydrocarbon der to make hypersonic transportation feasible and ef-
Scramjet Engine Technology (HyTech) program.4,9, 62  ficient there are other key technologies that need to be
Although the HyTech program is currently missile ori- addressed. Amongst them is flight controller design.

ented, it is expected to be incorporated with the hy- In order to design reliable and effective controllers for

personic transportation and, in particular, the X-43B AHFVs, it is essential to consider the unique dynamic
and X-43C projects of the Hyper-X program. characteristics of these vehicles carefully since they

differ in major ways from those of a typical aircraft.

Outside the U.S., the only current exclusive hyper- In this section, we review the basic dynamic charac-

sonic flight technology program including ground and teristics of air-breathing hypersonic aircraft with in-

flight tests is the Russian IGLA program.'963-6 5 IGLA tegrated scramjet engines addressed in the literature.

is a winged scramjet powered gliding vehicle. In the We consider generic hypersonic aircraft configurations
,it is accelerated to Mach 16 using a large with airframe-integrated scramjet engines similar toflight tests, iti ceeae oMc 6uigalre X-30 or X-43A.4 0'4 3' 47 For these configurations, the

booster rocket and then is let to glide down to scram- primar lift .40,43,47 For the onfits, the

jet operation speeds at which the engine tests are primary lift generating surface is the body itself due
jperftonrspeed.Success attempt ith engie aest are- to inefficiency of using a thin wing. It is worth noting
performed. Successful attempts with IGLA are re- that there is no major difference between the dynamics
ported at low hypersonic velocities.6 4 The other major of X-30 and X-43A since the X-43A model is obtained

recent/current hypersonic flight technology programs by phoogaphically sing e part of an opeainal

are the French PREPHA and PROMETHEE pro- by photographically scaling each part of an operational

grams,66,67 the French-German JAPHAR project,68 configuration which is very similar to X-30 except the

and the extensive series of engine ground tests per- engine. For the engine, a scaling that would keep the

formed using the very capable facilities in the Japanese propulsion effectiveness the same and make the flight

National Aerospace Laboratory, Kakuda Research tests results for X-43A valid for the operational vehicle
is preferred.
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Beside the aerodynamic effects of the hypersonic on the other hand, put constraints on the deflections
speed, the strong interactions between the elastic air- applied by the controller to these surfaces.
frame, the propulsion system, and the structural dy-
namics make the explicit characterization of flight dy- At hypersonic speeds, the speed of the flight condition
namics of AHFVs highly challenging.40' 43 ,70 The dy- variations on a specific path is faster than the lower ve-
namic characteristics of the hypersonic vehicle vary locity regimes. Considering this fact in addition to the
more significantly over the flight envelope than other variations due to wide speed ranges of a complete flight
aircraft due to its extreme range of operating condi- and the sensitivity of the AHF dynamics to the flight
tions and rapid change of mass distribution. Moreover, conditions, which will be explained in detail in the
many aerodynamic and propulsion characteristics still following section, the guidance scheme and the flight
remain uncertain and are hard to predict due to lack control system need to be highly integrated in order
of sufficiently many flight tests and inadequacy of the to provide a robust stable high performance flight. On
ground test facilities. Below, we analyze the major is- the other hand, hypersonic speeds cause the so-called
sues characterizing the AHFV flight dynamics in more "path-attitude decoupling" phenomenon which can be
detail. basically described as the resistance of the high mo-

mentum of the AHFV to the changes in the desired
3.1 Effects of the Hypersonic Speed flight path.7 6 -78 Hence the actual flight path signifi-
"Real gas" and viscous effects become important at hy- cantly lags the changes in the pitch attitude at hyper-
personic speeds.4 3 ' 7 0 72 Here, "real gas" effects denote sonic speeds.
the deviations of the aerothermodynamic properties of
the air from the ideal gas behavior. These effects be-
come significant at Mach numbers M > 6 due to the
increase in the temperatures behind the normal shock 3.2 Variations due to Wide Speed Ranges
waves with increasing Mach number. Two of the main The effect of hypersonic speed on flight stability of ve-
impacts of the "real gas" effects are the increase in hicles similar to X-30 and X-43A configurations was
loading on certain aircraft surfaces and the increase in extensively studied as early as 1970s. In,43 ,79 it is
pitching moment coefficient.4 3' 73' 74  concluded that the static stability margins of such

AHFVs generally decrease as Mach number increases.

Viscous effects, on the other hand, are basically due Hence there exists a trade off between having rea-

to the thickening of the boundary layer around the sonable static margins by allowing high static stabil-

aerofoil by the large temperature gradients across this ity margins, large control deflections, and decreased

boundary layer at hypersonic flow regimes. With the maneuverability at lower speeds and keeping the low

viscous effects, the effective aerodynamic surface is not speed static stability margins in the conventional range

the aerofoil itself but the boundary layer together with and accepting unstable configurations at hypersonic

the aerofoil. Hence the viscous behavior in terms of speeds.

pressure distribution, shock waves, and drag differs
significantly from the results of the inviscid analysis The dynamic characteristics of the AHFVs vary much
for the aerofoil. The difference is not only due to the more over the flight envelope than other aircraft due
thickening but because of the skin frictions caused by to extremely wide range of operating conditions and
non-smoothness of the boundary layer as well. mass distributions.

In order to reach hypersonic speeds, the scramjet en- The hypersonic configuration needed for efficient AHF
gine needs to be operated at a high dynamic pres- also affects the landing/take off performance and in-
sure, which causes an increase in aerodynamic heating creases the transonic drag. It has been recorded dur-
and drag.4 3 This may cause violation of temperature ing the ground tests at NASA LRC that examined the
and structural constraints. In order to counteract the subsonic AHFV behavior close to the ground plane
high operating temperatures, which are estimated to that turning the power off causes a sharp increase in
be in the range of 2000'F-4000*F, temperature resis- the lift while turning the power on causes negative
tant materials and active structural cooling must be lift effect together with a large increase in the pitch-
utilized. 40,43 ,70 ,72,75 The most essential parts of the ing moment. These effects have been concluded to
AHFV to be considered for the high temperature is- be due to the diverging angle between the nozzle and
sues are the combustor wall, the fore-body inlet ramp, the ground plane.8 0 The external nozzle configuration
and the control surfaces. Temperature of the com- for good hypersonic performance causes flow separa-
bustor wall is directly related to the engine operation. tion at lower speeds and a steep increase in the drag
Increase in the inlet ramp temperature makes the aero- while passing from the subsonic to supersonic regime
dynamic boundary layer thicker, and hence increases as well. Several flow energizing mechanisms have been
the drag. High temperatures on the control surfaces, developed to overcome the latter effect.43 '8 0
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3.3 Scramjet Engine Dynamics increase in the gross thrust without significantly in-
Since our focus is on hypersonic aircraft configurations creasing the drag that much.,' 34 ,43 It is worthwhile to
with airframe-integrated scramjet engines similar to note here that the net thrust in AHF is usually a small
X-30 or X-43A, it is essential to understand the ba- fraction of the gross thrust, hence any additional drag
sic features of the scrarnjet engines in order to model source can affect flight performance significantly. In
and control flight dynamics of these configurations re- addition to increasing the net thrust, the airframe inte-
liably. As stated in Section 2, the airframe-integrated grated exhaust nozzle configuration generates propul-
scramjet engine concept has been studied extensively sive lift and increases the lift-to-drag ratio. Because
in the U.S., Russia, and Japan, and has become a pre- of this two-fold contribution to the flight performance,
ferred configuration in recent years. The preference use of this configuration is essential in AHF.6 ,4 3,7 3

is based on the potential performance at hypersonic
speeds (M > 6). Aside from the airframe-integration
issue, the preference of scramjet engines to ramjets and 3.4 Airframe/Propulsion/Strucural Dynamics
the other conventional engines at hypersonic speeds is Interactions
due to the fact that slowing the high-velocity airstream In X-30 and X-43A, the elastic airframe, propulsion
to subsonic speeds reduces the performance signifi- system, and structural dynamics are highly interac-

cantly. tive; hence the control tasks for flight and propulsion
systems cannot be separated clearly. Because of the

The scramjet engines operate by supersonic combus- engine-airframe integration issues explained in Section
tion of fuel in an air stream compressed by the air- 3.3, there is significant interaction between the propul-

craft's forward speed. Using hydrogen as the basic sion system and the vehicle aerodynamics. 4t' 4 2'4 3 ' f
fuel for combustion, the air-breathing scramjet engines Considering the longitudinal dynamics, the inlet flow
burn oxygen scooped from the atmosphere. Since the pressure acting on the fore-body generates a nose-up
hydrogen and the scooped oxygen have less time to mix pitching moment while the external nozzle flow gener-

and react in supersonic combustion, the combustor ates a nose-down pitching moment. These flows may

needs to be longer. Moreover, in order to produce suffi- also affect the lateral dynamics if they are laterally

cient thrust for hypersonic flight, the engine inlet needs non-uniform.

to capture as much of the airflow under the AHFV
surface as possible. This is provided by integration of Similarly, the aerodynamics of the AHFV effects the
the engine with the airframe so that the inlet area is propulsion system in several ways. The capture and
contiguous with the vehicle undersurface.6,'9,34 ,43 The compression of the flow through the inlet is determined
inlet sidewalls produce extra horizontal compression in by the properties of the bow shock wave under the ve-

addition to the vertical fore-body compression. hicle fore-body, which are determined by the angle of
attack (AOA) and the dynamic pressure as well as the

Beside the fore-body inlet, the internal modules and free stream characteristics. 43'8 1 The AOA and the dy-
esidethe exhausnozle- iaet the maintcnernts ofles en- namic pressure also effect the combustion kinetics and

the exhaust nozzle are the main components of the en- the exhaust flow/free stream shear layer. The sensitiv-
gine. Figure 1 illustrates these components. The grey itofheprrmneoteAO adtedyac

section under the AHFV body in the front and side ity of the performance to the AQA and the dynamic

views contains the internal modules. The front part of pressure is small at high Mach numbers and increases

this section and the lower boundary of the fore-body as the speed decreases. At low speeds, the AQA and

constitute the inlet, while the exhaust nozzle consti- the dynamic pressure need to be greater than certain

tutes the back part of the grey section together with values in order to provide acceptable performance.

the lower boundary of the after-body. The internal
modules are located symmetrically with respect to the The dynamic coupling among the AHFV aerodynam-

AFHV plane of symmetry. Each module diverges a ics, the airframe, and the propulsion system is demon-

few degrees from the adjacent modules for better align- strated via the results of a frequency domain numeri-

ment with the fore-body flow. In the minimum-area cal analysis in.43 This analysis shows that the thrust

section of each of the internal modules there exist a and the pressure at the engine inlet are significantly

number of wedge shaped in-stream struts that are used effected by pitching control surface, e.g., elevon deflec-

as final compressors as well as housings for distributed tions over a wide frequency range. The analysis indi-

fuel injectors. Injector distribution relaxes the con- cates a similar effect of the fuel flow rate and diffuser

straint on the mixing time due to supersonic combus- area ratio changes on the AHFV pitch rate.

tion and shortens the required combustor length.
Another major source of dynamic coupling in the AH-

Similar to the inlet, the integration of the exhaust noz- FVs is the structural aeroelastic modes. Bending of

zle with the airframe provides larger net thrust, i.e., the fore-body and after-body together with propaga-
tions throughout the entire airframe affect the flows
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through the inlet and the exhaust and hence the aero- namic characteristics are very hard to predict while
dynamic performance. Elastic-rigid body interactions the ability to experimentally determine them is lim-
are also significant in AHFVs due to the low struc- ited. Hence, conventional control methodologies that
tural vibration frequencies which appear as a result depend on relatively accurate models and a reliable
of the requirement for very low structural weight mass aerodynamic database may not be applied and the cor-
fraction. 43 ,82 Accurate determination of the structural responding uncertainties need to be dealt with during
elastic modes is critical for flight control, especially for the flight using intelligent, adaptive, or robust control.
precise control of the AOA. However the non-uniform
aerodynamic heating in AHF, unconventional compos-
ite materials used in building the airframe, and the 4 MODELING THE HYPERSONIC
shell type structure of AHFVs cause significant varia- FLIGHT DYNAMICS
tions and uncertainties in the shapes and natural fre-
quencies of the elastic modes. Further information on The dynamic characteristics of AHF described in Sec-
aeroelastic effects and mode shapes of AHFVs can be tion 3 make the modeling and control of AHFVs very
found in.47 'c 3 t The interactions among the flight dy- challenging. Due to the strong coupling between the
namics, the engine, and the structural dynamics are aerodynamics, the airframe, and the propulsion sys-
illustrated in Figure 3. tem, the modeling and control techniques used for

conventional aircraft are inadequate if feasible at all.
- ]Mathematical models incorporating the interactions

within the AHFV as well as an integrated airframe-
engine control system are needed. 43' 47 ,89 Furthermore

Dy--" n h"maL..4= the large variations and uncertainties associated with
the dynamic characteristics over the flight envelope

and the corresponding robustness issues need to be
taken into account.43 ,5' Even if dynamic interactions
are ignored and parameter variations and modeling
uncertainties are assumed to be negligible - an in-
valid assumption as demonstrated in 5 1-, the unique

Figure 3: AHFV dynamics. aerothermodynamic characteristics of hypersonic flight
explained in Section 3.1 need to be considered. Al-
though a number of studies on the control of AHFVs

3.5 Databases and Uncertainties do consider all of the challenges above, most of the
Despite the unprecedented capabilities of the power- works in the AHF control literature have ignored the
ful CFD codes available today, the development of coupling effects, have assumed parameter variations
conventional aircraft and the design of their control and uncertainties to be small, and have considered
systems depends on the use of empirical estimates of only some of the aerothermodynamic characteristics
aerodynamic and engine data obtained from sources due to hypersonic speed. Even in these cases, signifi-
such as U.S. Air Force DATCOM, wind tunnel data, cant nonlinearities had to be introduced making them
and flight test data. Design and development of hy- distinctly different from the conventional flight control
personic aircraft, however, must proceed without the problems. In this section we review the AHF literature
benefit of a vast statistical database of actual flight where the distinct characteristics of hypersonic flight
test data. As a result, there are many aerodynamic have been incorporated in the modeling process.
and propulsion uncertainties that are a result of insuf-
ficient flight test data and inadequacy of the ground The majority of the AHF dynamic models in the lit-
test facilities. erature consider only the longitudinal motion. The

nominal longitudinal models, in general, are described
Unpredictable aerodynamic and thermodynamic be- in state space by equations of the form
haviors due to hypersonic speed and airframe/ propul-
sion/structural dynamics interactions constitute an- x = f(x, u) (4.1)
other uncertainty source. 43' 5 1'8 2 The propulsion sys- y = h(x, u)
tem perturbations that indirectly impact the longi-
tudinal dynamics, the elastic mode variations, non- where x, u, and y denote, respectively, the state, the
uniform pressure distribution, and uncertainties ex- input, and the output of the AHF system. Typically,
plained in Section 3.4 are some of these unpredictable x is a vector of dimension 5-9 which contains informa-
behaviors. The mass property variations discussed in tion about velocity, AOA, pitch rate, pitch attitude,
Section 3.2 can also be considered as uncertainties in and altitude. The input u is 2-3 dimensional vector
modeling. In general, many of the critical aerody- whose entries are adjustable control coefficients, such
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as elevon angle and fuel equivalence ratio, that deter- where AA and AB are additive uncertainties respec-
mine the aerodynamic and propulsive power supplied tively. In,12 the impact of the propulsive perturbations
to the system and/or fuel and air flow rates in the on the pitching moment is focused among the cou-
integrated engine. The output y can be the state x pling effects and this effect is addressed as parametric
itself -if the state x is fully measurable or can be ac- uncertainty in Cm0 . In this direction, further anal-
ceptably estimated-, measurable entries of x, or some ysis has been performed for the special case of (4.4)
measurements giving information about x. It typically where AA = v[0 0 1 0 0 1 T[0 1 0 0 0],
carries information about the altitude and the velocity AB = 

0 5)2 and v is an uncertain parameter. For this
of the AHFV. The nominal system functions f and h case study, (4.4) is scaled so that v E {0, 1}. Later
can be linear or nonlinear, and their domain can be in,8 2 the coupling between elastic and rigid structure
extended to include uncertainties and external distur- modes is included in the frequency domain equivalent
bances. of (4.4) by defining a cover function carrying informa-

tion about the flexible modes.

A widely used longitudinal model in the literature is
the rigid-body model of9°, 9 1 for the winged-cone accel- A drawback of the linear approaches above is that the
erator configuration. Several different formulations of capability of the model to represent the dynamics and
this model are available in the literature. They differ in the coupling effects realistically is limited. One way to
the method used for modeling and linearization-if the eliminate this drawback is introducing nonlinear mod-
model is a linear one-, and the aerodynamics, mass, els that carry more information instead of linear ones.
environment, and propulsion properties assumed. In91 Although using a nonlinear model puts limitations on
the linear model the designs that can be used to control the system

k = Ax + Bu (4.2) in general, recent and ongoing developments in non-
linear control would relieve this burden. A nonlinear

where A and B are system matrices that depend longitudinal model for a specific flight condition based
on the flight condition -the Mach number and the on90, 9 1 is presented in.93 ,94 In this model the coupling
altitude- and effects and other possible variations from the nominal
x = [V(ft/s) a•(deg) q(deg/s) 0(deg) h(ft)]T system are also considered. These effects and vari-

ations, however, are represented by a set of random
u = [6.(deg) 71fI ]T variables in the context of stochastic robustness95-9 7 as

is developed and studied. Numerical values of A and an alternative to the classical (linear) robustness the-

B for certain flight conditions are derived from a 6- ory,9 ,99 without elaborating their behavior. In this
degree of freedom (DOF) nonlinear rigid-body simula- context, the system model, in its most general form,
tion of the conical accelerator vehicle using a software is described by
program to optimize simulated trajectories(POST).92  x(t) = f(x(t), u(t), v) (4.5)
In,9 1 the atmospheric affects such as turbulence are
included and the model (4.2) is generalized to y(t) = h(x(t), v)

* = Ax + Bu + Exd (4.3) where f and h are smooth nonlinear (vector) func-
tions, and v is a random vector with normal proba-

where d is a vector of dimension 2 which represents bility density function representing the uncertainties
the atmospheric disturbances and Ei is a 5 x 2 system in the parameters of the dynamics. v is assumed to
matrix depending on the flight conditions. be constant throughout an individual process. More

specifically, in,93 ,'94 the system variables are defined to
The winged-cone configuration considered in deriv- be
ing the dynamic model of9' 91 is significantly different
from the rectangular airframe-integrated engine con- x = [V(ft/s) y(rad) h(ft) a(rad) q(rad/s) ]T
figuration in that the forebody is axisymmetric and u = [6t 6e(rad) IT

conical, the nozzle section is a cone frustum, and the
engine modules are placed cylindrically all around the and v a random vector of dimension 28 following a nor-
body. Moreover the model is derived assuming that mal distribution with mean 1 and standard deviation
the body is rigid the coupling effects among aerody- 0.1. The longitudinal dynamics are explicitly given by
namics, propulsion, and structural dynamics of the ve-
hicle are negligible. The coupling effects for the linear V = T cos - D _sn_(4.6)

model (4.2) are later considered in.8 2 They are formu- m r2

lated as uncertainties and incorporated into the model L + T sin a (j 9 - V 2re) cos (4
(4.2) as = mV Vr (4.7)

i=(A+AA)x+(B+AB)u (4.4) h = Vsin7 (4.8)
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a = q - "y (4.9) triangular form as

= M/IV (4.10) 5i = f1(x1 ,x 2 ,v)

where the lift L, the drag D, the thrust T, the pitching 5 2  = f2 (xI , x 2, x 3, v)
moment M, and the radius re from the Earth's center ±3 = f3 (xI, x 2 , x3, v) + g(x1, x 2 , x 3 , v)4(4.14)

are modeled as
where1

L = ýpV2SCL X1 = [VI V "Y]T

SlpV2SCD 
x 2  = [6t h, h aIT

x3  = [S q]T

T = 2pV2SCT U = [6 tcom 6 .]T

M = !pV2Se (C.n(a) + C.(6.e) + Cm(q)) and the random uncertainty vector v is defined the
2 same as before. The use of the models (4.5) and (4.14)

re = h +Re as well as the stochastic robustness context will be

In,9 3'94 the model parameters m, In,, S,9 , p, aoo, CL, more clear with presentation of the robust control de-

CD, CT, C.m(a), Cm(6e), and C..(q) are explicitly for- signs based on these models in Section 5.

mulated as functions of the system parameters they
depend on as well as some of the entries of the ran- Although the models above are simple and suitable for
dom uncertainty vector v. For the definition of the developing control design techniques, they do not de-

above symbols, see Nomenclature at the beginning of scribe the AHF dynamics detailed enough. A more ex-
the paper. clusive and more realistic mathematical model in the

literature is the analytical aeropropulsive/aeroelastic

The nonlinear model (4.5) is too general to form a hypersonic-vehicle model derived for the X-30 con-

basis for control design. A more practical model is the figuration in.46,47 The focus of this model is dy-

so-called triangular form, which is suitable for a large namic couplings and control system integration. The

set of control design procedures in the literature as corresponding approach involves a two-dimensional

well as being general enough to describe many physical Newtonian aerodynamic analysis, a one-dimensional

systems. In this form, the system equations (4.5) can aero/thermo flow analysis of the propulsion system,

be rewritten as and simple lumped-mass model characterization of the
vibration modes in the airframe structural dynamics.

Xl = fl(xI, x 2 , v) The elastic motion is characterized by a single body

i2 = f 2 (x1, x 2, x3 ,)v) bending mode. The control effectors considered are
the pitch-control surfaces for the aerodynamic system

(4.11) and the fuel flow and diffuser area ratio adjusters for
xk = fk(xi,x2,. .. ,xk, v) +g(XI,X 2 ,... ,Xk,V)U the engine. The mathematical model derived incor-

x = ITporates most of the issues covered in Section 3 and

x = [x x ... k IT summarized in Figure 3. The derived force and mo-

y = h(x, v) ment equations in46 ,47 are summarized as follows:

where fi, g, and h are smooth nonlinear vector and X = XA + XT + XE

matrix functions, respectively. In,94 considering the Z = ZA + ZT + ZE
engine throttle dynamics to be of the form M = MA + MT + ME

ýt= St.o Q = QA±QT+QE

where 5 toom is the throttle setting command signal, rAXA [AM 0 0]

instead of assuming perfect desired setting tracking |AZA AA +
and defining [AMA = A Aq + AcAJ

t AQA JA

V 1 (t) = Z (V(r) - Vd)dr (4.12) At)

h 1 (t) = (h(r) - hd)di (4.13) [AXT 1 IIo AZT Ia AA1
where the subscript d stands for the desired value, the AMT = T Aq + T IATO J

longitudinal dynamics (4.6)-(4. 10) are expressed in the AQT A77
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AXE AMOO 1 0 0 0 0 0 0

/AZE 1 0 0 0 0 0 0
S=E E Aq + E, AT0 3 0 0 1 0 0 0 0

AE T3 0 0 0 0 1 0 0LAQE] 0 0 0 0 1/At, 0

where the notation given in the nomenclature is used. 0 0 0 0 0 0 1/ArT

A, T, and E are 4 x 5 system matrices whose ele-
ments are the stability derivatives of aerodynamics, The longitudinal dynamic model for the X-30 config-
engine-thrust, and external nozzle, respectively. Ac urationg in a n dy n ded to the some other
is a 4 x 1 vector whose elements are the aerodynamic uration in 46 '47 can be extended to include some other
control derivatives. Tc and Ec are 4 x 2 and contain relatively minor dynamic effects using the equations of
engine-thrust and external nozzle control derivatives, motion, kinematic equations, and 3-DOF point-mass-
respectively. All the elements in the second and the model derived for generic elastic hypersonic flight ye-
forth rows of T and Tc are zero. Detailed analytic ex- es in. od T e tions derivedtinn, i lud
pressions for all these system matrices, i.e., the stabil- effects of rigid-body motion, elastic deformation, fluid
ity and control derivatives can be found in.46 ' 47 These flow, rotating machinery, wind, and Earth rotation to-expressions are basically nonlinear functions of vehi- gether with the couplings among them. The deriva-

exprssins re asicllynoninex fuctins f vhi- tion is based on a Lagrangian approach and the signif-
cle geometry and mass properties, atmospheric con- ion is sed onra in approach and th e
ditions, structural vibration mode shapes, and Mach icance of selected terms in the derived equations are
number. discussed.

Based on the force and moment equations summa- Although the integrated scramjet engine dynamics and

rized above the AHFV longitudinal equations of mo- the hypersonic aerodynamics are modeled to some ex-

tion were derived and expressed in the state space form tent, and the coupling issues in AHF dynamics are

as well as analytically elaborated in,46 ,47 ,, 9 the parameter vari-

S= Ax + Bu (4.15) ations and the modeling uncertainties are neglected.
These latter issues are considered in detail in model-

where ing in.51 The focus of 5 ' is determination of the sources

Ah (ft) and the extents of uncertainties, and development of
Au (ft/s) uncertainty models for AHFVs, specifically for the X-
Aa (rad) r A&e (rad) 1 30 configuration, which can be used in robust multi-

x = AO (rad) , u = AAD | variable control designs, and checking whether these
Aq (rad/s) [AT0 (OR) J models satisfy the usual assumptions in robust con-
ATT) (rad) trol theory. The uncertainty sources have already been

LArTi (rad/s)J discussed in Section 3.5. Elaborating on some of these

cS,, sources, the following generic model is considered in:51

A = T 1 +T 2  C1S2 1  S T3 *=Ax+Bu, y=Cx+Du, (4.16)A = TI+T C1cS31
C1 S41 np np

B = T2 [AAc Tch e] A=A±+Ep 1 Aj, B=3+ZE PBt,
.--i=1 i=1

S = A+T+E np np

= MO dP 0  C =,: 6piCi, D= + Z 6piDi,
2P.. dh il1 1=1

"0 0 -uo Uo 0 0 0 where
0 0 -g 0 0 0 0
0 0 0 0 1 0 0 "h(ft) am(rad)

T,= 0 0 0 0 1 0 0 [u(ft/s) q;(rad/s)
0 0 0 0 0 0 0 /r) /e(rad) qt(rad/s)
00 0 0 0 0 1 X (rd) - P2 (atm)

2 6(rad) h,u= Alg y=
.L0 0 0 0 0 -wl -2C1w, q(rad/s) LI (slug/s) Th.(lb/ft)

0 0 0 0 - tl(rad) n(g)
1/ir 0 0 0 L(rad/s) J n. (g)

0 1/7rhuo 0 0
T2 = 0 0 0 0 A and B are the system matrices carrying the stability

0 0 1/Ii 0 and control derivative information. They are similar

0 0 0 0 to the system matrices of (4.15), noting the similar-

0 0 0 Ar,/in ity between the state and input vectors of (4.15) and
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(4.16). The other two system matrices, C and D have for 2 M < V < 6 M, and scramjet for V > 6 M. The
the sensor structure information. A, B, C, D are the effects of AOA and Mach number on the propulsion
nominal values of A, B, C, D. Pi, i = 1,...,np de- are considered in the engine model. In terms of con-
note the uncertain parameters in the system. bpi are trol, GHAME is suitable for simulation and numerical
the corresponding fractional variations and A , intelligent controller synthesis rather than analytical

Bi= -, Cj= =cDi= OD design methods.

In,5 1 the case with nP = 5, Having covered all the main models for AHFVs in the

literature above, we see that a comprehensive analyti-

PI = Poo, P2 = W1 , P3 = c, P4 = At1, = AT2  cal model expressing all the dynamic characteristics of
_- AHF presented in Section 3 in detail is still not avail-

JP_ = 6P2 W 6P3 = -, able. Nonetheless each of the models (4.2), (4.3), (4.4),
P. A AT' (4.5), (4.14), (4.15), (4.16) addresses a portion of is-

6p4 = AT-1 - AT1 .5 = At 2 - Ar 2  sues in longitudinal AHF dynamics. Especially, (4.16)
ATrl &r 2  covers almost all significant characteristics of longitu-

dinal AHF dynamics, although the concerns in5 ' about
where the over-bar indicates nominal values, is ana- tena inties neto b e clrfed. Tevl and

lyze futherand as n eampe, te efect ofSpi the uncertainties need to be clarified. The validity and
lyzed further and, as an example, the effects of 6Pl

use of the models above will be more apparent in theand p2 n th frqueny dmai aredemnstrtedvia next section where we review the AHF control designs
numerical analysis results. Based on these results, it is

concluded in5 ' that some of the general assumptions based on these models.

on uncertainties in robust control theory are violated.
Specifically, the additive plant uncertainty

5 HYPERSONIC FLIGHT CONTROL:
Aa = (C(sI - A)-'B + D) - (C(sI - A)-'B + 1)) THEORY AND SIMULATIONS

is shown to be unstable which violates the frequently
made stability assumptions although the limited nu- In this section, we review the attempts in the litera-
merical results do not violate the less conservative ture to solve the AHF control problem, which can be
assumption of invariance of the number of unstable defined as computation of the command signals to be
poles.98 Moreover, derivation of the model (4.16) is applied to the control effectors of an AHFV in order
based on the assumption that the uncertain parame- to make certain flight condition parameters to track
ters are mutually independent and the dynamic un- desired trajectories during a time interval of interest.
certainties can be represented by a set of uncertain The available theoretical studies in the AHF control
parameters which does not need to hold at all. It is literature focus on the longitudinal dynamics ignor-
also remarked in51 that the uncertainties appear to be ing its lateral-directional counterpart. This is basi-
so large over a wide frequency range robustness con- cally due to the lack of full 6-DOF models which are
ditions on their magnitudes are hard to satisfy. This simple enough to form a basis for control design pur-
leads to the corollary that rigid body assumptions ig- poses. Moreover the modeling and control of longitu-
noring the aeroelastic modes will result in greater and dinal AHF dynamics itself is complicated enough as
unacceptable uncertainties, demonstrated in Section 4, and the control problem

is expected to become more complex considering the

Beside the analytical AHF models above, it is worth to lateral-directional characteristics. Nevertheless, the

mention the Generic Hypersonic Aerodynamic Model existing control design attempts can be thought as

Example (GHAME), 4 , 0" an extensive computational the initial steps in solving the integrated AHF control

model. GHAME is composed of five data sets: Two problem.

aerodynamic models one of which is based on several
empirical data sources and the other based on analyt- The main models for longitudinal AHF dynamics that
ical programs, two aerothermodynamic models first of appear in the literature have been presented in Section
which is a simple convection-radiation heat flux and 4. The goal of the control design based on anyone of
equilibrium model and the second a model obtained these models is to force the system outputs (entries
using analytical programs, and a simplified switching of y) to follow desired time-trajectories by adjusting
turbojet-ramjet-scramjet engine model. The aerody- a set of control coefficients (entries of u). Similar to
namic models are based on a rigid body configuration any other control problem, there are three main con-
with a geometry similar to that of the conic accel- cerns in reaching this goal: Stability, performance, and
eratoro' 91 The engine modules axe assumed to be robustness. The time-trajectories of the actual sys-
wrapped around the lower surface of the fuselage. The tem outputs are required to be close enough to the de-
engine mode switches to turbojet for V < 2 M, ramjet sired ones while guaranteeing the system parameters
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to be bounded within allowable margins irrespective of controllers: An Rt, controller for the nominal plant-
the modeling uncertainties and external disturbances. ignoring the 20 % input uncertainty in the design-, an
There is always a trade-off between performance and 7-Ho, controller for the uncertain plant-considering the
robustness in control design for systems with uncer- 20 % input uncertainty in the design procedure--, and
tainties and disturbances. However, this trade-off is a A-optimal controller obtained using DK-iteration.
much more significant in AHF control due to the fast Each of the three controllers is of the form
time varying nature of the system and the large size
of anticipated uncertainties and disturbances. |Y|

x. = Acxc+Bc VVJ, (5.1)

Among different approaches in the AHF control lit- =hc,

erature, robust control approaches are more realistic u =

since they take into account modeling uncertainties. where Vc and hc are command signals for V and h,
We can divide the available robust AHF control ap-
proaches into two subcategories as linear model based respectively. Dimension of xa is 12 for the T-hio con-
and nonlinear model based. In the linear model based t and 13 fr the p -oimal cont rer, w h
approaches, classical techniques of robust control,98s 99  obtained by truncating the 18-dimensional result of
such as R".o techniques and p-synthesis, axe applied to thoxitation usi
the AHFV models with structured and unstructured proximation methods.
uncertainties. The resultant controllers have the com-
mon property of being highly conservative in terms In,91 the designed controllers are numerically analyzed
of robustness with undesirable side effects on perfor- and compared in both frequency domain and time do-
mance. main. For the time domain analysis, a linear simula-

tion of the system is used and the entries of the exter-

The robust control design for the rigid conic accelera- nal disturbance d in (4.3) due to turbulence are im-

tor configuration in 91 is a milestone among the linear plemented as outputs of Dryden turbulence filters fed

model based approaches. In that paper, based on the with white noises. The simulation results demonstrate

linear model (4.3) with the assumption that y ýý x, that the g-optimal controller is successful in satisfying

i.e., all the states are available for measurement with all the robustness and performance requirements while

some small corruption due to sensor noises, the con- the R,,, controllers afe not. The use of the s Nif con-

trol problem is defined as stabilizing the vehicle and troller for the nominal plant results in significant sen-

tracking the velocity (V) and altitude (h) commands sitivity to external disturbances even in the absence

highly accurately while keeping the magnitude of the of the input modeling uncertainty. The N.to controller

AOA (a) deviation from nominal less than 0.50 and for the uncertain plant, however, satisfies the require-

minimizing the control power use. The limit on the ments provided that the input uncertainty is reduced

AOA minimizes the perturbations in the integrated to 17

engine inlet and nozzle conditions discussed in Section
3 which affect the propulsion performance. The nom- A similar robust control approach to the same control
inal flight condition is assumed to be V = 8 M and problem is conducted in8 2 based on the uncertainty
h = 85,700 ft. The control problem is reformulated model (4.4). The focus of this work is use of a special
in the robust control context in order to apply de- technique for designing fixed low order controllers,' 0 1

sign controllers that would provide R.-stability and which do not have implementation problems caused by
p-optimality. 99 The detailed scheme of the reformula- high system dimensionality. In this technique, rather
tion can be found in.9 1 In this formulation, system than performing the DK-iteration and then reducing
uncertainty due to parameter variations from vehi- the order of the resulting controller, the controller di-
cle acceleration are represented as a 2 x 2 diagonal mension is fixed a priori and a fixed-order p-synthesis
20 % multiplicative input uncertainty. The tracking procedure is used. The procedure employs a mixed
and stability performance requirements are converted i-synthesis method called DGK-iteration12 in order
to weighting function conditions for the state x and to reduce the robustness conservatism. Although it
the input u. Frequency varying weighting is used for promises a controller with very desirable properties,
V and h, which are required to track certain desired the procedure itself is hard to implement due to some
values, while constant weighting is used for other state requirements such as knowledge of an initial stabilizing

and input entries, controller of fixed order.

The robust control problem is approached by both di- In,82 the DK-iteration without any dimension con-
rect H,,, loop shaping techniques and p-synthesis with straint is used first to design a A-optimal controller.
DK-iteration in.91 The design has produced three Using model reduction methods similar to those used

in,9 1 this controller ---of order 47- is truncated to
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5th-9th stabilizing controllers. Later, a fixed fifth- (5.2) cannot be computed analytically, a random sam-
order controller is obtained using the special tech- ple set {Vl, V2 , ... , VN}, where N,, is large enough for
nique of' 1 1 together with the truncated fifth order con- sampling, is selected from V and the probability esti-
troller as the initial stabilizing controller of the DGK- mate
iteration. Performance of the full order controller, the N.

truncated controllers, and the fixed fifth-order con- N,(K) = -, J(Qv,,K) (5.3)
troller are illustrated and compared via simulation re-
suits as well in.82 The simulation results demonstrate is used as a practical alternative to Pv(KC).
the superiority of the fixed order controller to the trun-
cated controllers as well as its successful performance Nonlinear model based (stochastically) robust control
and robustness properties which are close to those of techniques have the benefit of being less conservative
the full order controller. in terms of robustness in addition to taking into ac-

count the system dynamics and the design require-
Another 740 based approach to control of the linear ments in detail. Their drawback is the difficulty of
model of9°'s9 is presented in.10 3 However, this ap- parameterizing the uncertainties and forming the un-
proach is based on the simple form (4.2), which does certainty vector v reliably. These techniques are ap-
not take into account the disturbances and modeling plied to the longitudinal AHF models (4.5) and (4.14)
uncertainties, and the 74i0 techniques are used to de- in93 and,9 4 respectively. In,93 the state equation in
velop an alternative to the Shapiro eigenstructure as- (4.5) is approximated using Taylor's series expansion
signment design. The focus of the approach is de- about the trim state x0 as
coupling the phugoid and short-period modes of (4.2)
using this alternative design. The simulation results x = F,(v)Ax + F.(v)Au (5.4)
in10 3 demonstrate the effectiveness of the new R.to
based eigenstructure assignment design compared to where F,(v) = Of/Ox, F.(v) = Of/Ou, x = xo + Ax,

the traditional Shapiro design. u = uo + Au, and u0 is the nominal trim value of the
control signal that is assumed to be available. Au is

It has already been mentioned in Section 4 that it is further composed as

better to use nonlinear models instead of linear ones AU = AUd + AU.

in order to represent the dynamics and the coupling
effects in detail. Since the classical robustness theory where AUd is the increment needed to bring the sys-
has been developed for linear systems and does not fit tem to a new desired trim condition and Au, is a dy-
well to nonlinear models the context of stochastic ro- namic signal to ensure stability and desired shape of
bustness9 5

17 has been introduced as an alternative to transition. AUd is computed algebraically in terms of
the classical robustness theory. In this context, all the nominal values of the system parameters of the model
modeling uncertainties are assumed to be parametric (5.4) and the command-actuator dynamics, and the
in contrary to the classical robustness theory where the desired increment in the trim state.
modeling uncertainties are preferred to be expressed in
terms of uncertainty transfer functions and matrices. The essential part of control design and analysis in93 is

All the uncertainty information is collected in a ran- the essentalnpartolycontol desgnomndnnalysisinThii
dom vector v and inserted in to the nonlinear model the design and analysis of the component Aul. Thisas already shown in (4.5). component is designed as a robust LQ optimal con-

troller of the form

For a fixed uncertainty vector v, let us denote the plant Au. = -kRKLQAX. (5.5)
with dynamics (4.5) by 19. The acceptability of using
a certain controller KI to control g, is quantified via a where KLQ is the LQ optimal gain matrix obtained by
binary indicator function J that is defined as follows: minimizing a LQ cost function, kR is a scalar constant
J(9,, K) is equal to 0 if the closed loop system (9v, K,) used for robustness purposes,
is acceptable -in terms of stability and performance
requirements- and 1 otherwise. The robustness of the Axe - [(Ax)T Vt hi ]T,
controller K over the set V of all possible uncertainty
vectors v is measured as and VI, h, are defined in (4.12), (4.13). A genetic algo-

rithm is used to select the robustness coefficient kR and
PV(K) = I J (9,/ C) pr(v)dv (5.2) the design parameters determining the LQ cost func-JvEV tion to be solved to obtain KLQ based on performance

where , pr(v) is the probability density function of v and stability metrics defined using the stochastic ro-
satisfying f pr(v)dv = 1. Note that the smaller bustness notions (5.2) and (5.3). The designed con-
Pv(KC) is the more robust KC is. In the cases where troller is tested in using numerical stability analysis
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and simulations for the nominal flight condition with 6 FLIGHT CONTROL LAWS IN USE
V = 15 M, h = 110,000 ft, -y = 0 deg, q = 0 deg/sec.

Although a significant number of control schemes for

The LQ design of 9 3 is improved in 9 4 using the triangu- AHFVs have been designed and tested via simulations
lar model (4.14) instead of the general model (4.5) and as presented in Section 5, none of these schemes has
imposing nonlinear dynamic inversion techniques1 04  been completely implemented in a real AHFV. One
into the control design. The improvement is illustrated obvious reason for this is that the AHF technology
in94 via numerical analysis and simulation results. is in the development and testing phase. There is

still no operational AHFV and the aim of flight tests

A recent alternative to the nonlinear controller of94 is conducted or planned up to now was to analyze the

the adaptive sliding mode control approach of.° 5'," newly developed AHFV components and quantifying

In this work, a new adaptive sliding mode technique is the AHF dynamics rather than performing a complete

developed for a class of MIMO nonlinear systems in- guided flight. Nonetheless, one of the key technolo-

cluding the nonlinear models (4.5)-(4.14). The adap- gies for flight demonstration of the scramjet powered

tive scheme is based on the inverse dynamics of the hypersonic aircraft is use of an efficient flight con-
The common controllability issues troller. In the Hyper-X program, such an efficient

original sthem. iscontroller is required to enable a successful separation
faced at the instants when the gain matrices become fo h ose okt oaheeadmiti h

(almost) singular is circumvented in105 ,106 using a from the booster rocket, to achieve and maintain the

switching technique. Furthermore some specific form design condition during the engine test, and to pro-
of o-modificationloT is used to preserve stability at vide a controlled descent at the end.' The control

of -moifiatin'0 isusd t prsere sabiityat laws to perform these tasks are being developed by
such instants. The adaptive structure makes the con- a Boein/NS tnership. Itis demon ed vi

troller efficient in dealing with the parametric uncer-

tainties. The states that are not available for mea- flight simulations and stability margin analyses that

surement are estimated using a nonlinear sliding mode the control laws developed so far meet the flight test

observer. Simulation results demonstrate that the con- requirements.

troller structure proposed inmS, 106 is successful in gen-
eral under a mild assumption about some of the system The basic goal of the flight control system in Hyper-
parameters. X is to maintain the desired AOA and bank angle to

within ±0.5 degrees during the test flights, and to fol-

In all the above designs, the designed controller ap- low steering commands from the guidance system to

plies to a certain flight condition and hence a super- maintain a desired descent trajectory after the tests

visor such as a gain scheduling scheme is needed in are completed. The tools to accomplish this task are
order to run the controller during the complete flight the aerodynamic control surfaces, which are basically

envelop. In the design of the supervisor, the significant symmetric and differential deflection of the all-moving

variations in the AHF system due to wide speed ranges wings (AMW) and twin rudders, the pitch rate, yaw

(see Section 3.2) should be taken into account. To this rate, roll rate, and bank angle measurement units, and
the control mechanism which generates the aerody-

point, time and/or parameter varying approaches ap- th e co m manis by pr atessing aecorn-

pear as alternatives to the gain scheduling schemes. nanic surface commands by processing guidance com-

The design issues in constructing a supervisor for the mands and sensor feedbacks. Conventional AQA mea-
complete flight envelop and the use of time varying surement devices can not be used due to aerodynamic

approaches will be elaborated in Section 7. heating. Several techniques to estimate an accurate
measure of AOA are developed and used.5

Various other efforts to control hypersonic flight arepresented in the literature. However these works In the design of the Hyper-X flight control scheme,
paressttedtion tothe literaure. wennerhelastc wors which is illustrated in Figure 4, classical linear con-pay less attention to the airframe/engine/elastic cou- trlecnqs'6aepfredoavnedehius
pling in the hypersonic flight dynamics of air-breathing trol techniques"o are preferred to advanced techniques
aeroelastic vehicles and characteristics of the mod- such as the ones in Section 5. The control design is
eling uncertainties. They concentrate on applica- based on a linear model including rigid-body modes,tio ofspeifi tehniuesto he xisinghyprsoic second order actuation modes, and dynamics or cer-
tion of specific techniques to the existing hypersonic tain filters. Lead-lag compensators are used to im-flight dynamic models. Main categories of these ap- prove stability margins. Elastic mode effects axe cir-
proaches are model reference adaptive control ap-

p8models,' optimal and sub-optimal cumvented in the controller design as a part of the gain
proachmargin requirements avoiding use of a separate struc-
control approaches,' 0 9 111 genetic algorithm based ap- tural fireaect ofdpropusion syste anduc-

proaches,112 fuzzy control approaches,113 and neural tural filter. The affect of propulsion system and dy-

network approaches. 114,115 namic pressure variations on the AHFV aerodynamics
are suppressed using a feedforward compensator. The
controller parameters are gain scheduled with AOA
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and Mach number. oped in order to control fuel flow, inlet/diffuser area
ratio, exit area of the internal nozzle.43

Longitudinal Fe;dbacks

Beside the control laws in use for hypersonic flight
OSyffWM tests, it is also worth to mention the ones applied onLo~ad F mcw A MWI

ComaNd_ Longitudinal Deflection subsonic flights of some testbeds with geometries op-
G e Controller Htimized for hypersonic flight. The X-43A-LS and the

Difitial Hypersonic LoFLYTE) test aircraft are two such actively used
Deflecon . Vehicle testbeds.,s8 Both of these two test aircraft are turbo-

oLanral/Dictionaler jet powered, remotely piloted, and designed for sub-
sonic flights. The former aircraft is specially designed
to collect subsonic flight data for the AHFV X-43A. A

t l n Fedbak[ series of test flights with these two testbeds have been
planned and a number of them have already been per-

Figure 4: Overview of the flight control scheme for X- formed successfully. Unlike the hypersonic wind tun-

43A designed by Langley and Dryden Research nel and flight tests, experimentation with many ad-
Centers of NASA. vanced control schemes such as adaptive neural and

robust flight controllers, adaptive engine controllers,
neural actuator controllers have been included in these

The continuous-time dynamic equations are dis- subsonic flight tests.7,',8 1 4,1 1 5 All these techniques
cretized using Tustin (bilinear) transformation for im- have been implemented via software installed in the
plementation and simulation purposes. In simulations, so-called advanced airborne data acquisition and con-
nonlinear models of the dynamics are used to uncover trol system (AADACS) hardware.
the possible effects of linearization and variations of
the system parameters. Simulation and stability anal-
ysis results demonstrate that the flight test require-
ments are met.5  7 FUTURE TRENDS AND DIRECTIONS

FOR NEW CONTROL DESIGNS

The controller design issues in the HRE test flights
with X-15 were slightly different from those in the As can be deducted from the previous sections, flight
Hyper-X program, since the hypersonic research with of an AHFV operated by an air-breathing engine has
X-15 was terminated without performing a AHF test. not been performed yet. One of the main goals of the
All the 199 flights of X-15 with or without a dummy current AHF programs is to perform such a flight. The
non-operated scramjet were performed with rocket next step will be guided AHFs that follow certain pre-
power.24, 26 For flight in the atmosphere, conventional scribed paths. The final goal can be thought as to use
aerodynamic control systems such as the yaw motion AHFVs efficiently to follow arbitrary paths similar to
controlling rudder surfaces on the vertical stabilizers conventional aircraft in a wide speed span including
and the pitch and roll motion controlling horizontal hypersonic ranges. This goal can be widened to in-
surfaces on the tail were used. Outside the atmosphere clude the original SSTO space access task of NASP.
hydrogen peroxide thrust rockets on the nose and Development of new technologies in various areas in-
wings were used as a reaction augmentation system. cluding controls will be vital in reaching all these fu-
Therefore the air-breathing propulsion, and the in- ture goals. In this section, first, we present the ma-
teractions and structural constraints brought thereby jor emerging trends and necessities in AHF technolo-
were not dealt in the control design. However the con- gies briefly keeping the focus on control issues. Then
trol techniques developed to enable guided hypersonic we summarize the gaps in the current AHF control
flight with X-15s were unique in the supersonic and schemes and propose a set of recently developed tech-
hypersonic flight control in many aspects.24  niques to fill some of these gaps.

In the NASP and the HySTP, test flights could not For the current and foreseen AHF technology pro-
be performed at all. Hence, although a number of grams the airframe integrated scramjet engine con-
control schemes were developed based on the configu- cept forms the basis. This configuration is widely
rations used in these programs as stated in Section 2, accepted in all major AHF research centers of the
they remained in the theory and simulation level. The world. 4 '9,' 7 '" 8  Having the airframe integrated en-
control tools planned to be used in scramjet operated gine configuration fixed, an essential task is to en-
X-30s and HyFLITE vehicles were similar to the ones hance and optimize the propulsion systems developed
designed for X-43s -- described above. In addition, a for this configuration. To this point, some discus-
set of engine control effectors were desired to be devel- sions on new combustor designs and the ideas on us-
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ing hydrocarbons as fuel instead of hydrogen can be In order to implement the control designs based on
found in. 4' 6' 9

,11
7 Due to aerothermodynamic issues the integrated models, the aerodynamic and propul-

discussed in Section 3, new materials and active cool- sive control laws to be applied need to be interac-
ing techniques need to be developed and used widely tive. Engine control effectors controlling fuel flow, in-
in many structural components of the AHFVs.9' 4 0 '117  let/diffuser area ratio, exit area of the internal noz-
The new combustion ideas mentioned above are basi- zle should be in use as well as the aerodynamic con-
cally performance related. However, use of passive and trol surfaces. These control effectors should be com-
active heat resistant devices will reduce the uncertain- manded via an integrated mechanism that processes
ties due to aerothermodynamic effects in modeling and the information signals coming from the aerodynamic
control as well as increasing the overall flight perfor- and propulsive measurement units together instead of
mance. Note from Section 4 that the uncertainties in using them as separate feedbacks to the correspond-
the existing models are too large to meet certain as- ing controller units. It is worth noting that the use of
sumptions in robust control theory and they need to the system integration approach is not limited to mod-
be reduced as much as possible in order to build robust eling and control. In,1"8 for example, the integration
high performance flight controllers. approach is used to optimize configuration variables of

a scramjet-powered hypersonic cruise missile for max-

The most dominant two among the uncertainty sources imizing the air-breathing range.

mentioned in Sections 3 and 4 are the lack of suffi-
cient data on hypersonic flight dynamics and ignorance Another major issue to be addressed in order to per-
of coupling effects in modeling. The former of these form a fully guided AHF is design of a supervisor to
sources can only be suppressed in time via a number handle the variations in the complete flight envelop as
of ground and flight tests which have been in progress mentioned at the end of Section 5. Each of the con-
since the early stages of the AHF research and which trol designs presented in Section 5 applies to a certain
will inevitably continue till maturation of the AHF flight condition and therefore, in order to extend the
technology if not forever. An anticipated option to applicability of the design to the entire flight envelop,
speed up the data broadening process is performing the design procedure needs to be repeated for a suf-
simulations and numerical analysis techniques such as ficient number of flight conditions and a supervisory
CFD methods on dependable models of various ele- scheme is required to perform the transitions between
ments of a AHF system in parallel with the ongoing these flight conditions. The conventional supervision
ground and flight experiments. Ongoing studies and methodology in aerospace applications is gain schedul-
discussions on data collection via experiments and nu- ing. However, in spite of the wide use of this method-
merical techniques can be found in.54' 55,57-o, 83 ,117  ology and the increase of interest of the academic re-

search community in it for the last fifteen years, there

The ignorance of coupling effects in modeling as an un- is still a lack of tests to guarantee global stability

certainty source was already discussed in Section 4 and of gain scheduled systems in general.125-128 Further-

the integrated longitudinal aeropropulsive/aeroelastic more, slow plant parameter variations and sufficient

models derived and elaborated in 46' 47' 51 were pre- number of flight conditions at which the dynamics are

sented as more dependable alternatives to the sim- completely quantified are generic assumptions for ap-

pier conventional models. These models may be en- plicability of the gain scheduling schemes. Taking the

hanced to a more comprehensive model combining significant and fast variations in the AHF system due

lateral and directional modes of the aerodynamics to dominant hypersonic regime during the entire flight

with the longitudinal mode. Thereby, the significant as well as wide operation ranges and the lack of broad

longitudinal-lateral-directional and lateral-directional- flight data (see Section 3), designing a gain scheduling

propulsive interactions would be addressed. To this scheme for AHFVs will be extremely hard if possible.

point, it is worth mentioning the trade off between Leaving the discussions on use of gain scheduling to

comprehensiveness of a model and the complexity the references,125 128 we concentrate on use of time

of designing/implenting a controller for this model. and parameter varying approaches as alternatives to

More comprehensive models will have larger numbers gain scheduling next.

of states, inputs, outputs, and nonlinearities. Hence
it can be argued that a controller satisfying certain For the parameter varying approaches, the flight con-
performance, stability, and robustness requirements dition specific models (4.3), (4.5), (4.11) are respec-
would be hard. However, a set of techniques recently tively replaced with
developed for certain classes of nonlinear and multi- x = Ap(p)x+Bp(p)u+Exp(p)d (7.1)
variable systems diminish this burden provided the
model can be formulated in certain triangular forms
similar to (4.11)."9 124 x = fp(x,u,v,p) (7.2)

y = hP(x,v,p)

17
American Institute of Aeronautics and Astronautics



systems including (7.6). The extended scheme will be

xl = f1p(XI,X 2 ,v,p) a potential candidate for controlling AHFVs.

k2 = f2 ,(Xl, x 2 , x3 , v,p) As a final issue to be addressed in AHF control design,

(7.3) we consider estimation and observer schemes. This is-

:k = fkp(xI .... ,xk,v,p) +gp(xl,. .. ,xk,v,p)u sue is partially circumvented in output feedback de-

X = [XT XT ... xT]T signs such as the ones in,119,132,135 in which among
[ 1  2  k the plant signals, only the plant output is required to

y = hp(x,v,p) be measured in order to generate the control signal.
Even with these controllers, some estimation may be

where Af , Bn , Ei, fp, fis , hp, gp are smooth nonlin- needed if the output signal can not be measured ac-
ear functions and p is a lumped time varying parameter curately. Such a case is the AOA measurement issue
vector defining the flight conditions, i.e., p(t) defines that occurred in the control law development for the
the flight condition of the AHFV at time t. Since P is X-43A.5 In hypersonic operation of the X-43A con-
basically a vector function of time, we can treat the de- ventional AOA measurement devices can not be used
pendance of the system functions in (7.1), (7.2), (7.3) due to aerodynamic heating. Several techniques to
as dependance of them on time and further rewrite the estimate an accurate measure of AOA have already
model equations as been developed and used in the Hyper-X program. 5

xc = At(t)x + Bt(t)u + Ext(t)d (7.4) The estimation techniques to be used, however, need
to guarantee no harm to the stability performance of
the control scheme. Using linear model based esti-

x = ft (x, U, v, t) (7.5) mators together with nonlinear controllers, for exam-
y = ht(x,v,t) ple, may not be efficient. Newly developed nonlinear

observers and estimators 119 ,136138 can be used with
k1 = flt (X1, X2, V, t) possible nonlinear AHF controllers.

*2 = f 2 t(X1, X2 , X3 , V, t)

(7.6) 8 CONCLUSIONS

xk = fktx1,...,xk,v,t)+gt x(,...,xk,v,t)u

x = [x T ... XT ]T In this paper, we have reviewed the literature on char-

y = ht(x, v, t) acterizing, modeling, and controlling the AHF dynam-
ics. The review demonstrates that despite the sig-

where At, Bt, Ext, ft, fit, ht, gt are smooth func- nificant progress in various aspects of the hypersonic
tions. The information about these functions that can flight in the last sixty years, the AHF technology is
be used for control design purposes is determined by still in the development and testing phase. Flight of
the guidance scheme of the complete flight and the an AHFV operated by an air-breathing engine has not
flight condition data base. Due to lack of a perfect data been performed yet. Lack of an operational AHFV and
base, the difference between the desired (guided) and the focus of the flight tests on analyzing new AHFV
actual flight trajectories, and unmodeled disturbances components and quantifying the AHF dynamics rather
and uncertainties, the system parameters defining At, than performing a complete guided flight delay com-
Bt, Ezt, ft, fit, ht, gt are not expected to be fully plete implementation and experimental testing of the
known. Hence adaptive laws to estimate these param- recently developed AHF control schemes.
eters online will be required in the control design.

Majority of the mathematical models and control
Time varying and parameter varying methods have al- schemes presented in the AHF literature consider only
ready been used in designing controllers for various the dynamic characteristics of the AHFV that are due
aerospace systems.129 131 These control designs, how- to hypersonic speed while some pay attention to all
ever, are in general based on the assumption that the major characteristics including the system integration
variations are slow in some sense and they do not ex- and interaction issues. The airframe integrated scram-
ploit the a priori information about the variation struc- jet engine configuration is widely accepted as a basis in
tures. A method to exploit the a priori information all major AHF research centers of the world. Aerody-
about system parameter in designing controllers for namic/propulsive/structural interactions in this con-
time varying systems is presented in.1 32 This method figuration are at a non-negligible level. Hence the dy-
is used to design effective adaptive controllers for linear namic couplings due to these interactions need to be
time varying systems in. 132-135 Moreover the control addressed in addition to effects of hypersonic speed in
scheme of135 can be extended to a class of nonlinear any affective AHF model or control scheme. The other
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main issues to be addressed in designing an effective [9] Curran, E. T., "Scramjet Engines: The first
AHF controller are variations due to wide speed ranges forty years," AIAA Journal of Propulsion and Power,
in complete flights, compensation of measurement in- Vol. 17, No. 6, Nov. 2001, pp. 1138-1148.
accuracies, fast variations of system parameters, sys- [10] Bouchez, M., Falempin, F., Levine, V.,
tern nonlinearities, and modeling uncertainties. A po- Avrashkov, V., and Davidenko, D., "French-Russian
tential approach that could address all these issues is partnership on hypersonic wide-range ramjets," AIAA
the use of integrated robust adaptive nonlinear con- Journal of Propulsion and Power, Vol. 17, No. 6, Nov.
trollers based on time varying models. Such approach 2001, pp. 1177-1183.
has been used to control plants with time varying pa-
rameters of the same class as the AHFV models. [11] Grallert, H., "Synthesis of a FESTIP airbreath-

ing TSTO space transportation system," AIAA Jour-
nal of Propulsion and Power, Vol. 17, No. 6, Nov.
2001, pp. 1191-1198.
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