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Research Objectives  

To develop and demonstrate advanced multidisciplinary numerical simulation capabilities for 
aerospace vehicles with emphasis on highly accurate, massively parallel computational 
methods for a broad range of applications, including Direct and Large-Eddy simulation of 
transition and turbulence, traditional and plasma-based active flow control, aero-optics, 
unsteady aerodynamics and nonlinear fluid/structure interactions. These technical objectives 
directly support AFRL & the Aerospace Systems Directorate’s requirements on persistent ISR, 
Future Air Dominance and Energy Efficiency. This in-house task, designated as a Star Team 
by AFOSR, is a key core task within the Computational Sciences Center of Excellence. 
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Technical Summary 

During this reporting period, significant progress has been achieved in a number of 
multidisciplinary research areas pertinent to the present task. A partial list of significant 
accomplishments include: 
- Discovery of the separated flow topology on maneuvering low-aspect-ratio wings for small 
unmanned air systems 
- Prediction of excrescence-induced boundary-layer transition critical for energy efficiency 
- Elucidation of the dynamics of hovering wings for micro-air-vehicles 
- Explanation of the improved performance of dragonfly biomimetic corrugated wings at low    
Reynolds numbers 
- First large-eddy simulations of membrane low-aspect ratio wings for small-unmanned 
systems 
- Most detailed simulations of dynamic stall of a pitching wing at realistic Reynolds numbers: a 
model for unsteady separation in vertical gusts 
- First simulation of aero-optical aberration in a shock turbulent boundary layer interaction 
required for laser integration in Future Air Dominance (FAD) 
- Discovery of new self-excited oscillations in flexible panels subject to impinging shocks: 
critical for FAD and hypersonic vehicles in hot descent 
- Exploration of plasma-based control strategies for transitional flows critical for drag 
reduction and energy efficiency. 
 
Given space limitations, only highlights of selected research elements are provided. Details of 
these and other topics can be found in the extensive list of citations provided at the end of this 
report (some of which are provided as appendices to this report). 
  



3 
Approved for public release; distribution unlimited. 

 
ELEMENT I: Flow Structure and Loading Over Pitching and Perching Low-Aspect-
Ratio Wings 

The process of unsteady separation and stall generated by large transient excursions in angle of 
attack, referred to in general as dynamic stall, represents a long-standing issue in maneuvering 
aircraft and rotorcraft applications. In recent years, interest in dynamic stall at moderate 
Reynolds numbers has re-emerged driven by its importance to small unmanned air vehicle 
system operation, as well as to the understanding of the remarkable performance found in 
natural flight. Detailed characterization of the dynamic stall process is also critical for the 
prediction of vehicle gust response and to suggest possible gust rejection strategies. 
 
Under this task, we have addressed the flow structure and unsteady loading arising over a 
rectangular wing of aspect ratio two subjected to high-amplitude transient pitching and 
perching maneuvers. Canonical pitching motions for a non-translating wing in the presence of 
a constant freestream were first investigated in order to elucidate the three-dimensional 
dynamic stall process and the effects of pitch rate and Reynolds number on flow structure and 
aerodynamic loads. A simple perching maneuver involving simultaneous rotation and 
deceleration to rest was also considered in order to explore the effects of variable horizontal 
velocity on the flow evolution and loading relative to the constant-freestream case. The flow 
fields were computed employing the extensively validated high-fidelity implicit large-eddy 
simulation (ILES) approach originally developed under previous AFOSR sponsorship. This 
ILES methodology relies on a 6th-order compact scheme for the spatial derivatives and on up 
to 10th-order Pade-type low-pass filters which do not dissipate the spatially resolved content of 
the solution. The most interesting results are summarized in this section whilst a more 
complete account of this research can be found in Appendix A at the end of this report. 
 
The three-dimensional instantaneous flow structure for non-dimensional pitch rate Ω = 0.2 is 
shown in Fig. 1 at several points during the maneuver employing an iso-surface of constant 
total pressure, the corresponding wing surface pressure and contours of vorticity magnitude on 
the symmetry plane. As the wing is pitched and the angle of attack increases, one can observe a 
nascent leading-edge vortex which is pinned at the wing front corners and which appears 
initially to be fairly uniform across a significant portion of the span. By the time the wing has 
reached an angle of attack α = 15o, the flow has become highly three dimensional, and large 
transverse velocities directed towards the centerline exist within the leading-edge vortex core. 
Examination of the vortical structure on the symmetry plane indicates that the LEV is initially 
laminar and similar to that found in 2D dynamic stall. By α = 30o the emergence of fine-scale 
structures is apparent due to the onset of transitional effects. The process of transition or 
breakdown of the LEV is enhanced by the strong axial currents within the vortex core, which 
eventually reach the wing centerplane. As the angle of attack increases further, the leading-
edge vortex system evolves into a Λ-shaped structure as the vortex lifts away from the plate 
near the symmetry plane while remaining pinned at the wing front corners. Eventually the LEV 
detaches from the edges forming an arch-type vortex with legs normal to the wing surface. This 
arch vortex resides over the wing and establishes a well-defined large-scale swirling pattern on 
the wing surface. 
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Due to the presence of the LEV system, the wing surface pressure displays a region of strong 
suction that extends from the wing corner to the centerline. The pressure is lowest near the 
corner where the vortex is in closest proximity to the wing surface. As the arch-vortex forms, a 
concentric region of low pressure emerges and a large-scale circulatory pattern is established 
over the wing. Animations of the flow field revealed that this region of low pressure 
(corresponding to the legs of the arch-vortex) propagates towards the wing leading edge before 
finally moving downstream and outboard. This interesting behavior may be attributable, based 
on inviscid arguments, to the self-induced velocity of the arch-vortex and interaction with its 
own image on the plate. 
 
A distinct property of the arch-vortex and its accompanying circulatory motion is the very long 
residence time over the wing. The last frames in Fig. 1 correspond to an elapsed time of 4.5 
convective times after reaching the maximum angle of attack. Even at this stage, a weakened 
arch vortex is still observed over the wing and a region of circulation and low pressure persists 
on the wing upper surface. This represents an interesting new finding associated with the three-
dimensional unsteady separation process for a low-aspect-ratio wing that is quite different from 
the 2D counterpart where the dynamic stall vortex is readily shed following its detachment 
from the leading edge. Another distinct element in the pitching wing 3D flow structure is the 
tip vortex seen in the iso-surface plots of Fig. 1. This vortex strengthens with increasing angle 
of attack inducing a narrow region of low pressure near the tips on the wing surface. At very 
high angles of attack, the tip vortex experiences vortex breakdown and ultimate collapse. 
 

 
Figure 1. Computed instantaneous three-dimensional flow structure for pitching wing 

New volumetric PIV measurements for the same pitching wing configuration were performed 
at Lehigh University under AFOSR sponsorship. The experimental and computed flow 
structures are compared in Fig. 2 at two points during the pitching maneuver. The experimental 
frames display an iso-surface of the Q-criterion (Q = 5) for the phased-averaged flow. These 
figures clearly show the Λ-type vortical structure and the subsequent formation of the arch-
type vortex previously described. The computational iso-surfaces exhibit fine-scale features not 
seen in the experiments. This is attributed primarily to the much finer spatial resolution 
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provided by the computational mesh relative to the spacing between sampling planes used for 
the experimental volume reconstruction. In order to provide a more direct comparison between 
experiment and computation, the computed flow field was filtered down to a spatial resolution 
comparable to that of the experimental measurements using the procedure developed under our 
task. The iso-surfaces derived from the filtered computational results (with similar spatial 
resolution as the experiments) display good agreement with the volumetric measurements. 

 

 
 

Figure 2. Comparison of computed and experimental three-dimensional flow structure over pitching wing. 

The effect of pitch rate on the wing aerodynamic loading is presented in Fig. 3. Several trends 
are apparent in the lift and pitching moment coefficient histories as a function of pitch rate. In 
all cases, there is a non-circulatory spike in the lift and pitching moment induced by the 
angular acceleration. The peak in lift ∆CL1 displays a linear variation as a function of pitch 
rate. Following this initial surge, the lift distribution becomes fairly linear with a slope close to 
the static value of π (in radians) but shifted by an offset ∆CL2. Figure 3 also displays the 
quantity denoted as ∆CM corresponding to the magnitude of the approximately constant 
negative value of pitching moment established after the end of angular acceleration. Both ∆CL2 
and ∆CM exhibit an effective linear dependence on pitch rate. The offsets in lift and moment 
coefficients observed after reaching a constant angular rate are consistent with a rotation-
induced apparent camber. The overall history of the lift coefficient indicates that both the 
maximum value of CL and its corresponding angular position increase with pitch rate. Even for 
the smallest pitch rate, there is a significant increase in maximum lift, which is almost twice the 
maximum static value. It is interesting to note that the occurrence of maximum lift follows the 
emergence of the arch-vortex at least for lower values of pitch rate. 
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Figure 3. Effect of pitch rate on wing aerodynamic loading 

The effect of variable freestream velocity on the dynamic stall process of a pitching low-
aspect-ratio wing was considered. This effect is of interest since in a typical perching 
maneuver, pitching is also accompanied by deceleration to an effectively zero velocity. 
Another potential application is the case of pitching in the presence of variable freestream 
velocity such as in a horizontal gust encounter. In this exploratory study, a simplified perching- 
type maneuver is prescribed such that the wing accelerates from rest and at zero angle of attack 
to a constant velocity in quiescent flow. This constant speed is maintained for a sufficiently 
long time in order to effectively eliminate transients. The wing then pitches from zero 
incidence to a maximum angle attack of 45◦ while it simultaneously decelerates and comes to a 
full stop. Since the freestream velocity is zero, the Reynolds number and pitch rate are defined 
in terms of the maximum translating speed. 
 
The flow structure for the perching wing corresponding to Ω = 0.2 is presented in Fig. 4. 
Comparison of Figs. 1 and 4 shows that the flow structure for the perching case is similar to the 
constant freestream situation for small angles of attack. However, as the wing translating 
velocity is appreciably reduced, significant differences arise between the perching and pitching 
cases. For the perching case, the LEV vortex does not evolve into the arch-type structure seen 
in the pure-pitch situation. Instead, the growth of the LEV is halted and it remains closer to the 
leading edge. Eventually, as the wing approaches its final horizontal position, the LEV actually 
moves forward of the plate. The formation underneath the plate of a stopping trailing-edge 
vortex with the same sense of rotation as the LEV system is also observed. 
 
Rescaling the loads using the local translational speed shows agreement between the perching 
and standard cases only up to a limited angle of attack. Beyond this point, there are significant 
differences not only quantitatively but also in the trends, which can be different depending on 
pitch rate itself. Values of lift derived from experiments in a constant freestream facility can 
either under predict or over predict the lift force when rescaled to the perching maneuver. The 
present results suggest that simplified generalizations cannot be made regarding the behavior of 
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the loads for a perching maneuver in relation to its constant-freestream counterpart. Further 
computations/experiments exploring the flow evolution and loads as a function of the phase 
relationship between the rotational and translational motions are required. 
 

 
 

Figure 4. Flow structure and aerodynamic loading for a perching wing. 
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ELEMENT II: Effect of Surface Compliance on the Flow Structure and Loads of a 
Stationary Low-Aspect-Ratio Wing. 

The dynamics of flexible wings is critical to the performance of small-unmanned air vehicles 
and to their ability to withstand gusts. The membrane wing considered in this study is based on 
the experimental model developed at Bath University (UK) under AFOSR/EOARD 
sponsorship. The wing of aspect ratio AR=2 consists of a rigid stainless steel rectangular frame 
with an airfoil shaped cross-section which is covered by an attached latex membrane. The latex 
sheet had a thickness of t=0.2mm, Young’s modulus of 2.2MPa, and a density, ρm = 1gr / cm3. 
The experiments were performed over an angle-of- attack range from α=0 to 25 degrees, and 
Reynolds number based on chord length Re=24,300. Computations for an angle-of-attack 
α=16° were carried out in the present work. The most prominent results are summarized in this 
section whilst a more complete account of this research can be found in Appendix B at the end 
of this report. 
 
Fully rigid and flexible membrane configurations were considered. In order to distinguish the 
influence of deformation-induced mean camber from the actual membrane dynamic 
fluctuations, computations for a rigid cambered wing (with the shape of the mean deflection) 
were also performed. In order to demonstrate the effect of structural compliance, Fig. 5 shows 
the pressure coefficient and limiting streamline pattern on the upper-surface of the membrane 
wing. For the rigid wing, separated flow covers the majority of the surface with the attachment 
line reaching the trailing edge over the mid-section of the wing. Two stable foci are observed 
in the separated flow region. Low-pressure associated with the separated flow covers a 
significant portion of the wing, with lower pressures located under the two distinct stable foci. 
Two narrow suction regions observed along the tips of the wing are due to the imprint of the tip 
vortices. 
 
Introducing the static mean cambering effect of the flexible-membrane wing results in a 
decrease in the size of the main separated flow region, with primary flow attachment occurring 
upstream from the trailing edge. The two foci observed for the baseline rigid wing have moved 
upstream and outboard, and are now located near the upstream corners of the wing. Lower 
values of the pressure coefficient are observed in the separated flow region. Lastly, results for 
the fully flexible wing display further reduction in the size and extent of the separated region, 
with flow attachment located near the wing mid-chord. Additional reduction in surface 
pressure is observed in the separation region particularly in the vicinity of the front corners. 
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Figure 5. Time-averaged flow structure for (a) rigid, (b) rigid cambered and (c) fully flexible wing. Figure displays 
contours of surface pressure and limiting streamlines. 

Figure 6 displays the dynamic response of the membrane over approximately one-cycle of the 
structural motion. The upper-half of the figure shows the total membrane deflection suggesting 
a predominantly first-mode global structural response. The region of maximum deflection 
moves downstream and subsequently back upstream over one-cycle of the membrane motion. 
If the mean first-mode deflection is subtracted from the total surface deflection, a second 
streamwise structural mode is more clearly discerned in the lower half of Fig. 6. These 
observations concerning the membrane dynamics are consistent with the behavior found in the 
experiments. 

 
Figure 6. Total surface defection z/c (upper) and difference from the mean deflection (z−zmean)/c (lower): a) τ=0.0, b) 

τ=0.25, c) τ=0.5, d) τ=0.75 e) τ=1.0 

The three-dimensional instantaneous flow structure over the flexible wing is visualized in Fig. 
7 using an iso-surface of the Q-criterion colored by pressure coefficient. The flow detaches 
from the leading edge and the separated shear-layer rolls up into a series of discrete vortical 
sub-structures. A complex amalgamation of these sub-structures is formed and is subsequently 
shed and convected downstream. These structures are subject to spanwise instabilities and 
ultimate breakdown giving rise to fine-scale flow features. Such a distinct shedding process is 
not clearly discerned in the rigid wing case, and results from the influence of the membrane 
motion on the separated shear-layer dynamics. 
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Figure 7. Iso-surfaces of Q-criterion colored by pressure coefficient for the flexible-membrane wing: a) τ=0.0, b) τ=0.25, 

c) τ=0.5, d) τ=0.75 e) τ=1.0 

The modification of the flow structure, due to the flexibility of the membrane wing, impacts its 
aerodynamic performance. Table 1 lists the aerodynamic coefficients for each of the cases 
computed. The rigid cambered wing demonstrates a slight improvement in the total lift 
coefficient, albeit at the cost of increased drag and reduced L/D. The flexible case performs 
better than the mean cambered airfoil, indicating a favorable effect due to the dynamic motion 
of the membrane. The pitching moment exhibits a continual reduction of the nose-down 
pitching moment when going from the rigid, flat-membrane wing to the flexible-membrane 
wing. 
 

 

Table 1. Time-averaged aerodynamic coefficients for rigid and flexible wings 
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ELEMENT III: Exploration of the Origin of Aerodynamic Enhancements in Low-
Reynolds-Number Corrugated Airfoils. 

In recent years, the development of small-unmanned air systems (UASs) has become an area of 
great interest for researchers in both civilian and military applications. Design of these small 
aircrafts must overcome a number of challenges including low Reynolds numbers, low weight 
requirements, and more challenging aerodynamics. Good aerodynamic performance is difficult 
to maintain under low-speed conditions since the flow fields contain significant regions of 
laminar flow which are prone to separation even at moderate angles of attack. Many successful 
examples of small-scale flight may be found in nature. Dragonflies are of particular interest 
due to their broad range of flight capabilities including hovering and gliding. While gliding is 
an uncommon flight mode for insects, it is commonly observed in dragonflies as an energy 
saving technique and may be useful in small UAS design. Dragonfly wings were found to have 
among the highest lift coefficients of all insects studied in gliding flight while drag coefficients 
are similar to those of a flat plate. These wings exhibit large aspect ratio and a highly 
corrugated structure. 
 
Several wind tunnel studies have shown possible advantages of surface corrugations in 
dragonfly wings. In addition to the aerodynamic benefits, corrugations have been shown to 
improve structural rigidity necessary for the high aspect-ratio wings configurations. A number 
of two-dimensional, low-order numerical studies have also been presented in the literature with 
emphasis on very low Reynolds numbers (Rec < 5,000). Improvements in aerodynamic 
performance were attributed to the circulatory regions formed in the valleys of the corrugated 
surface. 
 
We have conducted a high-fidelity numerical study of a bio-inspired corrugated airfoil using 
implicit large-eddy simulations. The effects of angle of attack and Reynolds number were 
studied over the ranges of α = 5◦ to 10◦ and Rec = 5 × 103 to 5.8 × 104 respectively. This work 
is the first three-dimensional computational study of bio-inspired corrugated wing sections and 
considers Reynolds numbers bridging the low values considered in previous numerical laminar 
investigations with higher values of interest where transitional flow features emerge. The most 
interesting results are summarized in this section whilst a more complete account of this 
research can be found in Appendix C at the end of this report. 
 
Selected flow fields for α = 10◦ and Rec = 3.4 × 104 are displayed in Fig. 8. Three different 
geometries were considered including a standard flat plate, a baseline corrugated section used 
in previous experiments, as well as a modified corrugated configuration. The latter was 
obtained by increasing slightly the height of the first corrugation peak.  
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Figure 8. Summary of results for several airfoil sections at α = 10◦ and Rec = 3.4 × 104. From top to bottom: leading-
edge geometry, time-averaged streamwise velocity and streamlines, instantaneous spanwise vorticity and mean 

pressure contours. 

Two significant findings emerged from this work. First, interaction between the shear layer and 
the leading-edge corrugations plays an important role in promoting early transition to 
turbulence. The presence of corrugations induces recirculation near the first peak promoting 
instabilities in the vortex sheet emanating from the leading edge. Either removing the 
corrugations or increasing the angle of attack reduces shear layer-corrugation interaction and 
the onset of transition eventually leading to stall. By contrast, this interaction can be enhanced 
and exploited by raising the first corrugation peak to capture the shear layer at higher angles of 
attack further delaying stall. This benefit is clearly evident in Fig. 8 for the modified corrugated 
geometry. 
 
Secondly, a new drag-reducing mechanism was demonstrated as a consequence of the unique 
corrugated geometry. The separation region between the leading edge and the first corrugation 
promotes rapid turning of fluid around the leading edge. A strong suction region forms as a 
result along the forward-facing surface of the first corrugation, as seen in the time-averaged 
pressure contours in Fig. 8. Due to the forward inclination of the corrugation surface, the local 
pressure forces not only enhance lift but also reduce drag. A summary of the time-averaged 
aerodynamic performance coefficients is given in Table 2. Relative to the corrugated baseline 
section, the modified configuration displays an improvement in L/D of more than a 100%.  
 
The present work demonstrates that flow behavior for bio-inspired wing sections can be highly 
sensitive to the leading-edge configuration due to transitional effects. Such a simple 
modification as slightly increasing the first corrugation peak results in further stall delay and 
greatly enhanced gliding ratios compared to a flat plate. The leading-edge corrugations are of 
particular importance and could be optimized to properly manipulate flow at higher angles of 
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attack and improve gliding ratios. These could be further exploited for changing flow 
conditions in flight through a morphing wing configuration. 
 

  

Table 2. Summary of time-averaged aerodynamic forces for several airfoil sections at α = 10◦ and Rec = 3.4 × 104. 
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ELEMENT IV: Dynamics of Revolving Wings 

A number of unresolved issues still remain in the understanding of hovering flight. This regime 
is of interest not only for natural fliers but also for very small unmanned air vehicles. The 
genesis and persistence of lift at the very high angles of attack encountered in hover are mainly 
attributable to the presence of a stable leading-edge vortex (LEV). Aspects of the problem 
contributing to the formation, strength and stability of this LEV need further elucidation. Under 
the present task, we have conducted and extensive study to examine the vortex structure and 
aerodynamic loading on revolving wings using high-fidelity, implicit large-eddy simulation. 
The most interesting results are summarized in this section whilst a more complete account of 
this research can be found in Appendix D at the end of this report. 
 
Several aspect ratios (AR = 1, 2, and 4) were considered at a root-based Reynolds number of 
1,000. A schematic of the problem is shown in Fig. 9a. A coherent and attached vortex was 
achieved over each wing shortly after the onset of the motion (Fig. 10). The proximity of the 
vortex to the surface of the wing promotes a strong region of suction along the leading edge 
that persists to the mid-span, regardless of aspect ratio (Fig.11). Past mid-span, the vortex lifts 
off the surface into an arch-type structure as it reorients itself along the tip. The highest aspect-
ratio-wing promotes the development of substructures in the feeding sheet of the leading edge 
vortex. The origins of these features have been traced back to the eruption of near-wall 
vorticity underneath the vortex that disrupts the feeding sheet, causing it to roll-up into discrete 
substructures. The substructures did not have an effect on overall force production, but lead to 
larger unsteady fluctuations around the mean loading. For a fixed root-based Reynolds number 
of 1,000, the lower aspect ratio wings do not have sufficient spans for these transitional 
elements to manifest. 
 
While the substructure of the LEV feeding sheet shows a correlation with the local, span-based 
Reynolds number, vortex breakdown shows a stronger dependence on the established pressure 
gradient between the root and tip of the wing since breakdown was observed around mid-span 
regardless of aspect ratio. The mechanisms behind the shear-layer development and vortex 
breakdown very closely resemble those observed for the flow structure about swept delta 
wings. These similarities between rotating wings and swept delta wings can be extremely 
important for further understanding of revolving wing dynamics. 
 
Since the leading edge vortex grows almost proportionally to the distance from the wing root, 
the chordwise extent of the vortex eventually becomes constrained by the trailing edge with 
increased aspect ratio, leading to a saturation of the aerodynamic loads (Fig. 9b). This 
geometric constraint indicates that there is no advantage of increasing aspect ratio once the 
extent of the LEV occupies the entire chord of the wing, which happens to be around an aspect 
ratio of AR = 2 for this study. With AR = 1, the edge of the vortex never reaches the trailing 
edge, which allows the vortex to continue to grow slightly during rotation resulting in a small 
increase of the lift and drag coefficients throughout the motion. 
 
The size and shear-layer development of the leading edge vortex was shown to be sensitive to 
the distance from the root of the wing, indicating that a Reynolds number based on spanwise 
position may be appropriate for comparisons of wings of differing aspect ratio. Matching of the 
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root-based Reynolds numbers between different wing platforms ensures that the variation of 
Reynolds number along the span is kept consistent. This is much like the scaling used for 
swept delta wings. 
 
The centrifugal, Coriolis, and pressure gradient forces were analyzed for each of the different 
aspect-ratio-wings. The normal and spanwise components of the pressure gradient force at the 
25%-span location were shown to dominate the other two forces by an order of magnitude in 
the core of the LEV regardless of aspect ratio. However, the centrifugal force was found to be 
equally important outside the vortex core, and the two forces, together, are responsible for the 
large regions of outboard flow above the wing. The normal component of the Coriolis force 
was observed to be directed away from the wing surface at the base and in the core of the 
leading edge vortex. This finding clearly demonstrates that contrary to previous assertions it 
does not promote attachment of the vortex system, but rather, the opposite regardless of aspect 
ratio. The established outboard spanwise flow induced by the centrifugal and pressure gradient 
forces is believed to act like the convecting velocity over a swept-delta wing. This outboard 
flow prevents the separation at the tip from propagating inboard, which allows for the continual 
attachment of the leading edge vortex. 
 
As a means of isolating dynamic effects due to rotation, the aspect-ratio-two wing was 
simulated with the addition of a source term in the governing equations to oppose and 
eliminate the centrifugal force near the wing surface. The initial formation and development of 
the leading edge vortex was unhindered by the absence of this force; however, later in the 
motion, the separation of the LEV near the tip was able to propagate inboard. Without the 
opposing outboard centrifugal force to keep the separation past mid-span, the vortex eventually 
separated and moved away from the surface much like that of a translating wing undergoing 
stall.  

 
Figure 9.  (a) Revolving wing configuration and (b) lift, drag, and pitching moment coefficients for wings of various 

aspect ratio. 
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Figure 10. Three-dimensional flow structure for revolving wings depicted using an iso-surface of relative total pressure 

 

 
 

Figure 11. Evolution of the surface pressure distribution on the suction side of the wing with overlaid iso-surface of 
relative total pressure highlighting the vortex core along the leading edge. (1) Denotes the expansion of the vortex core 

due to breakdown. (2) Indicates the undulation of the vortex core for higher aspect ratios. 
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ELEMENT V: Plasma-Based Control of Excrescence-Induced Transition 

One of the principal considerations in the design and construction of aircraft is that of 
configuration drag. This is especially true for unmanned air systems (UAS) and high altitude 
long endurance (HALE) vehicles, which are primarily used for intelligence, surveillance, and 
reconnaissance missions requiring extensive loiter times at altitude. An approach for reducing 
drag in such applications is the use of wings devised to maintain laminar flow. Through a 
judicious design process, wings may be constructed so that the boundary layer can have a 
transition location which is significantly downstream of that in a conventional situation. This 
results in a smaller fraction of the vehicle wetted surface being exposed to turbulent flow and a 
reduction in drag, leading directly to lower fuel consumption, energy efficiency, longer range, 
larger payloads, or increased flight times. 
 
The exploitation of laminar flow on air vehicles requires stringent manufacturing tolerances in 
the production of aerodynamic surfaces. Specifically, the heights of steps, the width of gaps, 
and the undulations of surfaces must be minimized. In order to define allowable variations in 
these properties, they must first be quantified with regard to their ability to generate transition. 
It is the purpose of this investigation to assist in characterizing allowable sizes of surface 
imperfections on laminar-flow wings to preclude premature transition to turbulence. This will 
aid in development of criteria for manufacturing tolerances during the design and fabrication of 
long-endurance air vehicles. 
 
Large-eddy simulations were performed in order to simulate the flow past a flat-plate 
configuration with forward-facing and rearward-facing steps downstream of the leading edge. 
The steps were representative of excrescences generated during fabrication of aerodynamic 
surfaces, which disrupt laminar flow, leading to a premature transition to turbulence. The 
configuration and roughness-based Reynolds number for the steps were similar to that of an 
experimental investigation. Solutions were obtained using a high-fidelity numerical scheme 
and implicit LES approach, in order to replicate the observed transition. When the 
computations were conducted without use of numerical perturbations, transition did not occur 
in a consistent manner. This situation was overcome by applying small amplitude numerical 
forcing of the normal surface velocity, in the step region. The forcing frequency was selected 
as a value within the unstable range based upon the stability diagram for the boundary layer, 
whose properties were modified by the step. Use of forcing regularized the transition process, 
making the transition location rather insensitive to spatial resolution. 
 
A grid sensitivity study was carried out, and indicated that solutions obtained on the finest 
computational meshes were reasonably well resolved. Results of the simulations elucidated 
some aspects of the flow evolution to turbulence. As predicted by theory, the process initially 
consists of very small coherent two-dimensional structures, which are amplified by the 
geometric disturbances, and convect downstream of the step. Eventually, these structures lose 
their coherence, breakdown into more complex forms, and evolve to a chaotic state. Skin 
friction distributions and transition locations resulting from the simulations were found to agree 
well with measurements from the experiment. In the most downstream region of the 
computational domain, it was found that the solution had not yet evolved to the high-Reynolds 
number asymptotic form. 
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Figure 12. Direct simulation of excrescence-induced transition 

Current research is focused on the delay of the onset of transition by means of surface-
conforming dielectric-barrier-discharge (DBD) plasma actuators. Figure 13 shows the 
downstream displacement of transition (from left to right) following the onset of actuation at a 
location downstream of the step. The results indicated a significant reduction in integrated drag 
despite the local increase in skin friction in the immediate vicinity of the actuator generated by 
the time-averaged near-wall induced jet. Benefits in drag reduction were achieved with either 
continuous or pulsed actuation, the latter mode being associated with reduced power 
requirements. The impact of other additional factors such as incoming disturbances, three-
dimensionality (i.e., corners) and streamwise pressure gradients are being assessed. 
Comparison with design-oriented transition prediction criteria will be provided. Additional 
details on the present simulations can be found in Appendix E at the end of this report. 
 

 
Figure 13. Control of excrescence-induced transition using a surface-mounted plasma actuator 
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ELEMENT VI: Interaction of an Oblique Shock with a Flexible Panel 

Complex fluid-structural interactions may arise in both subsonic and supersonic flow over 
flexible panels in aerospace vehicles. The aeroelastic response of a compliant panel can have a 
significant impact on structural integrity, fatigue and acoustic radiation. This situation is 
exacerbated by design trends seeking to improve range and energy efficiency which translate in 
turn into lighter weight structures. Flexible panel interactions are of critical important both for 
supersonic Future Air Dominance concepts, as well as for hypersonic vehicles during hot 
descent. Previous research has dealt primarily with the panel elastic response in an incoming 
uniform flow in the absence of additional superimposed complex flow features. For the case of 
impinging shocks, for instance, limited understanding is available regarding potentially 
detrimental regimes engendered by the aeroelastic response of flexible panels. 
 
We have studied numerically for the first time the case of supersonic flow over a flexible panel 
in the presence of an impinging (and reflecting) oblique shock, as depicted in the schematic of 
Fig.14. Oblique shock reflection is a common feature encountered both in external and internal 
supersonic flow applications. Attention is given first to the inviscid situation. This is done in 
order to demonstrate that beyond just buffeting due to unsteady separation, a true aeroelastic 
(inviscid) instability can arise from the coupling of the oblique shock reflection system with the 
elastic deflections of the panel. For a two-dimensional inviscid shock reflection, both static 
deformation and limit-cycle oscillation regimes have been found depending on the shock 
strength and dynamic pressure (Fig. 15). For a weak shock, the stiffening effects induced by 
the deformation eliminate the standard panel flutter which may be present in the absence of a 
shock. For higher shock strengths, limit-cycle oscillations emerge from either subcritical or 
supercritical bifurcation points. In addition to the incident and reflected main shocks, the 
unsteady flow is characterized by a leading-edge shock and by a strong recompression/ 
expansion near the plate trailing edge. For fixed dynamic pressure, the LCO amplitude and 
frequency are observed to increase with shock strength. The critical dynamic pressure also 
diminishes with increasing shock strength and can be much lower than that corresponding to 
standard panel flutter in the absence of a shock. This observation suggests that a new 
aeroelastic instability (distinct from regular panel flutter) is at play and arises from the complex 
interaction of the incident and reflected wave system with the panel flexural modes even in the 
absence of viscous separated flow effects. The panel exhibits a complex dynamics as the shock 
impingement point is displaced from the mid-point towards the plate leading edge. As the 
shock location moves upstream, the oscillations cease. They subsequently re-emerge, albeit at 
much higher modes, for an impingement point close to the panel leading edge. 
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Figure 14. Interaction of a shock with a flexible panel 

 
Figure 15.  Oblique shock impingement on a flexible panel for inviscid Mach 2.0 flow: maximum deflection amplitude 

at 3/4-chord panel location as a function of pressure ratio and dynamic pressure (left) and  instantaneous pressure 
contours (p3/p1=1.4, λ=875). 

A separated shock laminar boundary layer interaction has also been studied in detail (Fig.16). 
When the panel is allowed to deflect, aperiodic self-sustaining oscillations emerge which result 
in a much more complex flow field relative to the rigid-panel case. An unexpected benefit of 
the fluttering panel is the observed significant reduction in the extent of the time-averaged 
separation region. This finding suggests the potential use of an aeroelastically-tailored flexible 
panel as a means of passive flow control. Forced panel oscillations, induced by a specified 
variable cavity pressure underneath the panel, were also found to be effective in reducing 
separation. The significant unsteadiness generated by the fluttering panel propagates along the 
complex reflected expansion/recompression wave system with potential structural implications 
not only for the panel but also for opposing surfaces in internal flow applications. Current 
research is focused on more practical turbulent interactions employing either Reynolds-
averaged or large-eddy simulation approaches. Additional details of this study can be found in 
Appendix F. 
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Figure 16. Laminar shock boundary layer interaction over a flexible panel: instantaneous density contours (left), mean 

and instantaneous surface pressure (center)  and time-averaged velocity (right). 
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ELEMENT VII: Aero-Optical Aberration in Supersonic Flows 

The aberration of an airborne laser beam propagating through a compressible turbulent flow is 
of critical importance in a number of applications including optical communications, targeting 
and laser weapon system integration. Study of the one-way interaction of the beam with the 
variable index-of-refraction field surrounding the aperture is termed aero-optics. Renewed 
emphasis in the field has been spurred by advances in flow control techniques, wave sensors, 
and by the many potential tactical and strategic advantages envisioned with high-energy laser 
weapon systems. Critical to further progress is the need for a more complete understanding of 
the role of the turbulent flow structure on wavefront distortion. New insights into the primary 
aberration mechanisms will aid in the development of improved prediction models and in 
combined flow control/adaptive optics techniques for increased lethality. Our previous research 
efforts were focused on the development of high-fidelity numerical simulation tools for the 
analysis of aero-optical aberration in the near-field encountered in tactical laser weapon 
applications, improved understanding of the role of coherent multi-scale unsteady flow features 
on the overall optical distortion pattern, and investigation of flow control strategies to either 
regularize (low-frequency forcing) or break-up (high-frequency forcing) large-scale coherent 
structures. We developed and validated a high-order paraxial beam solver and explored the 
aero-optics of shear layers, boundary layers and turrets in subsonic flow.  
 
Our current research efforts are focused on wavefront aberration encountered in canonical low 
supersonic flows (M < 2.0). This is motivated by the Air Force’s potential use of laser systems 
in Future Air Dominance (FAD) concepts for laser communication, targeting and self-
protection. Limited information is available on the aero-optics of supersonic flows with shocks, 
and insights into the problem would be extremely valuable for weapon integration trade 
studies. To this end, we have conducted extensive investigation of aberration in supersonic 
turbulent boundary layers including effects of heating and cooling. During the past year, large-
eddy simulations of a shock turbulent boundary layer interaction over a 20 deg. compression 
ramp at Mach 2.0 have been initiated (Fig. 17). This canonical configuration is intended to 
model the interaction of a beam for a submerged turret in the look-forward situation. 
Supersonic flight poses numerous challenges to the study of aero-optics. Alongside the 
formidable issues of beam quality due to the presence of turbulent density fluctuations in the 
boundary layer, an additional difficulty arises with the onset of unsteady shocks and other 
compression/expansion waves driven by boundary layer separation. Even not accounting for 
these compressible features, the more active boundary layer downstream of separation results 
in increased optical distortion. The tip/tilt corrected optical path difference (OPD) was found to 
be three times larger in the perturbed flow downstream of separation relative to the incoming 
equilibrium turbulent boundary layer. Another important finding of this study so far deals with 
the numerical spatial resolution required for accurate aero-optical aberration prediction. It was 
determined that grids, which might be acceptable for many SBLI simulations, are not adequate 
for the problem of aero-optics. It was found that a combination of grid stretching and 
misalignment of the shock and grid system led to spurious aberrations in the shock and in the 
inviscid region between the shock and the edge of the boundary layer. The use a finer (> 280 
million points) overset mesh system more closely aligned with the shock had a significant 
impact on the predicted OPD (Fig. 17). Future efforts will concentrate on characterization of 
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the shock-motion induced aberration, as well as on the comparison of the present high-fidelity 
LES with standard hybrid RANS/LES approaches used in industry in support of USAF 
projects. Additional details of this study can be found in Appendix G. 
 

 
Figure 17. Aero-optical aberration in shock turbulent boundary layer interactions 
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Flow Structure and Unsteady Loading Over a Pitching and
Perching Low-Aspect-Ratio Wing

Miguel R. Visbal ∗

Air Force Research Laboratory, Wright-Patterson AFB, OH 45433

This study addresses the flow structure and unsteady loading arising over a low-aspect-ratio rectangular
wing subjected to high-amplitude pitching and perching maneuvers under low-Reynolds-number conditions of
interest in small unmanned aerial vehicle operation and gust interactions. Simulations are performed employ-
ing an extensively-validated high-fidelity computational approach capable of accurately capturing the complex
unsteady transitional flows. Canonical pitching motions for a non-translating wing in the presence of a con-
stant freestream are first investigated in order to elucidate the effects of pitch rate and Reynolds number on
the flow structure and aerodynamic loading. The wing is pitched about its quarter-chord axis to a maximum
incidence of 45◦ with nominal non-dimensional angular rates 0.05 ≤ Ω+ ≤ 0.2. The Reynolds number
based on the wing chord varied from 103 to 4 × 104. For the highest pitch rate, good agreement between
the computed three-dimensional flow structure and recent experimental measurements is demonstrated. The
3D dynamic stall process is characterized by the formation of an initial spanwise-oriented leading-edge vortex
which evolves into an arch-type structure with legs anchored on the wing surface. This dominant flow element
of low-aspect-ratio wings exhibits a long residence time and establishes a well-defined low-pressure region and
swirling pattern on the wing surface. Increasing pitch rate promotes an angular delay in the flow evolution
and corresponding aerodynamic loads. Even for the lowest pitch rate, a significant increase in maximum lift
is achieved relative to the static situation. The low-aspect-ratio of the wing also promotes further delay of
dynamic stall and a much smoother behavior of the aerodynamic coefficients when compared to a pitching 2D
wing section. The formation of the arch vortex and swirling pattern are found to be qualitatively similar over
the range of Reynolds number studied. At fixed pitch rate, higher Reynolds number promotes a more compact
arch vortex, a stronger suction on the wing and further stall delay. Canonical perching maneuvers involving
simultaneous rotation and deceleration to rest are considered at two values of pitch rate. The reduction in
translating velocity halts the development of the leading-edge vortex system which eventually moves upstream
in front of the wing. Attempts to correlate the perching loads with the constant-freestream pitching cases in-
dicate that agreement can only be achieved for the initial portion of the maneuver. Discrepancies arise at high
angles of attack which depend on the value of pitch rate itself.

Nomenclature

c = wing chord

CL, CD, CM = lift, drag and quarter-chord pitching moment coefficients

CLo, CDo, CMo = non-dimensional lift, drag and pitching moment for perching wing

CLw, CDw, CMw = lift, drag and pitching moment for perching wing rescaled with translational velocity

Cp = pressure coefficient

E = total specific energy

F̂ , Ĝ, Ĥ, = inviscid vector fluxes

F̂v, Ĝv, Ĥv = viscous vector fluxes

J = Jacobian of the coordinate transformation

LEV = leading-edge vortex

M = Mach number

p = static pressure
�Q = vector of dependent variables

Rec = Reynolds number based on chord, ρ∞U∞c/μ∞
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S = wing semi-span

t = time

U∞ = freestream velocity

Uw = wing translational velocity

u, v, w = streamwise, vertical and spanwise velocity components

Û , V̂ , Ŵ = contravariant velocity components

x, y, z = Cartesian coordinates

XCL = chordwise location of center of lift

α = angle of attack

γ = specific heat ratio, 1.4 for air

Δt = time step size

μ = molecular viscosity coefficient

ξ, η, ζ = body-fitted computational coordinates

ρ = fluid density

Ω+ = non-dimensional pitch rate, Ω+ = α̇c/U∞
Ω+

o = nominal non-dimensional pitch rate

ωx, ωy, ωz = vorticity components

I. INTRODUCTION

The process of unsteady separation and stall generated by large transient excursions in angle of attack, referred

to in general as dynamic stall, represents a long-standing issue in maneuvering aircraft and rotorcraft applications.1–3

In recent years, interest in dynamic stall at moderate Reynolds numbers has re-emerged driven by its importance to

small unmanned air vehicle system operation, as well as to the understanding of the remarkable performance found in

natural flight.4, 5

Dynamic stall has been studied extensively6–13 for effectively two-dimensional wing geometries represented by

means of spanwise-periodic computations or wall-to-wall experimental configurations. These studies have provided

a great deal of insight on the formation and transition of these dynamic stall vortices and on the highly unsteady

loads elicited by their convection along the aerodynamic surface. In practical applications, wings have a finite span

and therefore the induced three-dimensional nature of the unsteady separation process requires further elucidation.

Although the literature on unsteady separation over three-dimensional configurations is not as numerous as its two-

dimensional counterpart, several studies have provided valuable information on various aspects of the problem.

The non-linear lift characteristics for several stationary low-aspect-ratio planforms at low Reynolds numbers have

been measured by Torres and Mueller.14 Excellent wind-tunnel smoke visualizations describing the structure of the

combined leading-edge and tip vortex system over finite-aspect-ratio wings undergoing different transient maneuvers

have been presented by Freymuth et al.15–17 Experimental investigations addressing the near-wake structure of flapping

or pitching low-aspect-ratio wings have been conducted by Von Ellenrieder et al.18 and Buchholz and Smits.19 Yilmaz

and Rockwell20 provided flow visualizations and PIV measurements above a plunging low-aspect-ratio rectangular

wing under low-Reynolds-number conditions. Their investigation illustrated the existence of pronounced axial flows

within the core of the developing leading-edge vortex followed by the formation of large-scale patterns of streamwise-

oriented vorticity near the wing centerline. In a subsequent investigation,21 flow visualizations acquired in two different

experimental facilities were shown to exhibit similar features for a broad range of maneuvers. Calderon et al.22

studied the effect of small-amplitude plunging oscillations for low-aspect-ratio wings at post-stall angles of attack,

and determined optimal planform-dependent forcing frequencies for maximum lift production. Yilmaz and Rockwell23

examined in detail by means of volumetric particle image velocimetry techniques, the flow structure generated over

rectangular and elliptical wing planforms subjected to a rapid pitch-up maneuver. They found that despite differences

in the initial separation process, both geometries exhibit a similar final flow state charaterized by the presence of a

large-scale swirl pattern on the wing. Granlund et al24 provided flow visualizations and force measurements for low-

aspect-ratio wings undergoing either pitch-up or pitch-hold-and-return high-rate motions and for multiple pitch-axis

locations. Calderon et al.25 provided volumetric three-component velocimetry measurements for low-aspect-ratio

rectangular and elliptical wings subjected to small amplitude plunging oscillations. The effects of forcing frequency

and aspect ratio on the 3D flow structure was described including the unusual formation of a tip vortex ring.

Computations by Blondeaux et al.26 examined the wake topology and vortex dynamics behind relatively thick

flapping airfoils at low Reynolds numbers (Rec ≤ 103). Dong et al.27 considered the wake structure generated by
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elliptic planforms in hovering at Reynolds numbers below 1000. Taira and Colonius28 presented a detailed computa-

tional study of impulsively translating low-aspect-ratio wings at high incidence and for Reynolds numbers of 300 and

500. They also investigated the effect of simulated actuation in the post-stall regime.29 Trizila et al.30 considered the

case of an aspect ratio 4 plate in hovering motion for a Reynolds number of 100 and investigated the impact of wing

kinemtics on lift production. Visbal31 performed high-fidelity computations for a heaving low-aspect-ratio wing and

Reynolds numbers in the range 103 ≤ Rec ≤ 2 × 104. The results were found to be in good agreement with flow

visualizations and PIV measurements of Yilmaz and Rockwell.20 In Ref. 31, a model of three-dimensional dynamic

stall for a low-aspect-ratio wing was developed which is characterized by the evolution of the leading-edge vortex into

an arch vortex with legs normal to the wing surface. This vortex is eventually shed as a ring-like structure following

reconnection at the symmetry plane.

The present study addresses the flow structure and unsteady loading arising over a rectangular wing of aspect

ratio two (Fig. 1) subjected to high-amplitude transient pitching and perching maneuvers. Canonical pitching motions

for a non-translating wing in the presence of a constant freestream are first investigated in order to elucidate the

three-dimensional dynamic stall process and the effects of pitch rate and Reynolds number on flow structure and

aerodynamic loads. The wing is pitched about its quarter-chord axis to a maximum incidence of 45◦ with nominal

non-dimensional angular rates 0.05 ≤ Ω+ ≤ 0.2. The Reynolds number based on the wing chord is varied from 103

to 4× 104. A simple perching maneuver involving simultaneous rotation and deceleration to rest is also considered to

explore the effects of variable horizontal velocity on the flow evolution and loading relative to the constant-freestream

case.

The flow fields are computed employing an extensively validated high-fidelity implicit large-eddy simulation

(ILES) approach.32, 33 This ILES methodology relies one a 6th-order compact scheme for the spatial derivatives

and on up to 10th-order Pade-type low-pass filters which do not dissipate the spatially-resolved content of the solu-

tion. The high-order scheme aids in accurately capturing the laminar separation and transition processes, whereas the

discriminating low-pass filter operator provides regularization in turbulent flow regions in lieu of standard sub-grid-

scale models. This method is particularly effective for the present moderate Reynolds number flows exhibiting mixed

laminar, transitional and turbulent regions.

II. GOVERNING EQUATIONS

For these maneuvering wing simulations, the governing equations are the unfiltered full compressible Navier-

Stokes equations cast in strong conservative form after introducing a general time-dependent curvilinear coordinate

transformation (x, y, z, t) → (ξ, η, ζ, τ)34, 35 from physical to computational space. In terms of non-dimensional

variables, these equations can be written in vector notation as:

∂

∂τ

(
�U

J

)
+

∂F̂

∂ξ
+

∂Ĝ

∂η
+

∂Ĥ

∂ζ
=

1
Re

[
∂F̂v

∂ξ
+

∂Ĝv

∂η
+

∂Ĥv

∂ζ
] (1)

where �U = {ρ, ρu, ρv, ρw, ρE} denotes the solution vector, J = ∂ (ξ, η, ζ, τ) /∂ (x, y, z, t) is the transformation

Jacobian, and F̂ , Ĝ and Ĥ are the inviscid fluxes given by:

F̂ =

⎡
⎢⎢⎢⎢⎢⎣

ρÛ

ρuÛ + ξ̂xp

ρvÛ + ξ̂yp

ρwÛ + ξ̂zp

(ρE + p) Û − ξ̂tp

⎤
⎥⎥⎥⎥⎥⎦ (2)

Ĝ =

⎡
⎢⎢⎢⎢⎢⎣

ρV̂

ρuV̂ + η̂xp

ρvV̂ + η̂yp

ρwV̂ + η̂zp

(ρE + p) V̂ − η̂tp

⎤
⎥⎥⎥⎥⎥⎦ (3)
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Ĥ =

⎡
⎢⎢⎢⎢⎢⎣

ρŴ

ρuŴ + ζ̂xp

ρvŴ + ζ̂yp

ρwŴ + ζ̂zp

(ρE + p) Ŵ − ζ̂tp

⎤
⎥⎥⎥⎥⎥⎦ (4)

where

Û = ξ̂t + ξ̂xu + ξ̂yv + ξ̂zw (5)

V̂ = η̂t + η̂xu + η̂yv + η̂zw (6)

Ŵ = ζ̂t + ζ̂xu + ζ̂yv + ζ̂zw (7)

E =
T

γ(γ − 1)M2∞
+

1
2
(u2 + v2 + w2). (8)

Here, ξ̂x = J−1∂ξ/∂x with similar definitions for the other metric quantities. The viscous fluxes, F̂v, Ĝv and Ĥv

can be found, for instance, in Ref. 36. In the expressions above, u, v, w are the Cartesian velocity components, ρ the

density, p the pressure, and T the temperature. The perfect gas relationship p = ρT/γM2
∞ is also assumed. For the

case of a constant freestream, all flow variables have been normalized by their respective reference freestream values

except for pressure which has been non-dimensionalized by ρ∞u2
∞. For the perching maneuver in a quiescent fluid, a

similar normalization based on the maxiumum translational velocity is applied.

It should be noted that the above governing equations correspond to the original unfiltered Navier-Stokes equations,

and are used without change in laminar, transitional or fully turbulent regions of the flow. Unlike the standard LES

approach, no additional sub-grid stress (SGS) and heat flux terms are appended. Instead, a high-order low-pass filter

operator (to be described later) is applied to the conserved dependent variables during the solution of the standard

Navier-Stokes equations. This highly-discriminating filter selectively damps only the evolving poorly resolved high-

frequency content of the solution.32, 33 This filtering regularization procedure provides an effective alternative to the

use of standard sub-grid-scale (SGS) models, and has been validated extensively for several canonical turbulent flows.

A re-interpretation of this implicit LES (ILES) approach in the context of an Approximate Deconvolution Model37 has

been presented by Mathew et al.38 As the grid resolution increases or Reynolds number decreases, this ILES becomes

an effective direct numerical simulation.

III. NUMERICAL PROCEDURE

All simulations are performed with the extensively validated high-order Navier-Stokes solver FDL3DI.39, 40 In

this code, a finite-difference approach is employed to discretize the governing equations, and all spatial derivatives are

obtained with high-order compact-differencing schemes.41 For any scalar quantity, φ, such as a metric, flux component

or flow variable, the spatial derivative φ′ is obtained along a coordinate line in the transformed plane by solving the

tridiagonal system:

αφ′
i−1 + φ′

i + αφ′
i+1 = β

φi+2 − φi−2

4
+ γ

φi+1 − φi−1

2
(9)

where α, γ and β determine the spatial properties of the algorithm. For the airfoil computations reported in this paper,

a sixth-order scheme is used corresponding to α = 1
3 , γ = 14

9 and β = 1
9 . At boundary points, higher-order one-sided

formulas are utilized which retain the tridiagonal form of the scheme.39, 40 Typically, Neumann boundary conditions

are implemented with third-order one-sided expressions.

The derivatives of the inviscid fluxes are obtained by forming the fluxes at the nodes and differentiating each

component with the above formula. Viscous terms are obtained by first computing the derivatives of the primitive

variables. The components of the viscous flux are then constructed at each node and differentiated by a second

application of the same scheme.

For the case of a maneuvering wing, the grid is moved in a rigid fashion using the prescribed airfoil motion. To

ensure that the Geometric Conservation Law (GCL) is satisfied, the time metric terms are evaluated employing the

procedures described in detail in Ref. 42.

In order to eliminate spurious components, a high-order low-pass spatial filtering technique39, 43 is incorporated.

If a typical component of the solution vector is denoted by φ, filtered values φ̂ at interior points in transformed space

satisfy,

αf φ̂i−1 + φ̂i + αf φ̂i+1 = ΣN
n=0

an

2
(φi+n + φi−n) (10)
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Equation (10) is based on templates proposed in Refs. 41 and 44 and with proper choice of coefficients, provides a

2N th-order formula on a 2N + 1 point stencil. The N + 1 coefficients, a0, a1, . . . aN , are derived in terms of αf

using Taylor- and Fourier-series analysis. These coefficients, along with representative filter transfer functions, can be

found in Refs. 40 and 45. The filter is applied to the conserved variables along each transformed coordinate direction

once after each time step or sub-iteration. In the present simulations, an interior 8th-order filter with αf = 0.4
was prescribed. For the near-boundary points, the filtering strategies described in Refs. 39 and 45 are used. For

transitional and turbulent flows, the previous high-fidelity spatial algorithmic components provide an effective implicit

LES approach in lieu of traditional SGS models, as demonstrated in Refs. 32 and 33. Finally, time-marching is

accomplished by incorporating an iterative, implicit approximately-factored procedure.32, 33

IV. RESULTS

A. Details of Computations

Computations were carried out for the low-aspect-ratio plate wing shown in Fig. 1. The wing has an aspect ratio

2S/c = 2, a uniform thickness t/c = 0.016 and all edges are squared-off. The Reynolds number varied over the range

103 ≤ Rec ≤ 4 × 104.

Computations were performed on a stretched Cartesian mesh containining approximately 30 million grid points

(Fig. 1). The grid consisted of five zones and had overall dimensions of 440 × 469 × 146 in the streamwise, normal

and spanwise directions respectively. Clustering was provided near the plate in order to capture the near-field complex

vortical structure generated by the pitching motion.

Simulations were performed using the parallel high-order FDL3DI Navier-Stokes solver.46, 47 The mesh was de-

composed into a set of 256 overlapped sub-domains or blocks which were assigned to individual processors. A five-

point inter-block overlap was employed in order to retain high-order numerical accuracy. Due to the simple topological

structure of the mesh, all overlapping planes were coincident and high-order interpolation was not required.

The boundary conditions were prescribed as follows. Along the entire wing surface, a no-slip adiabatic condition

was employed in conjunction with a zero normal pressure gradient. The surface velocity components (us, vs, ws)

were determined from the imposed pitching or perching motions described below. In order to improve spatial resolu-

tion with available computational resources, the flow was assumed to be symmetric about the wing centerline. This

simplification was considered based on examination of the experiments of Yilmaz and Rockwell23 which displayed

a fairly symmetric overall flow structure. On the far field boundaries, located approximately 100 chords away from

the wing, freestream conditions were specified. It should be noted that prior to reaching this boundary, the grid is

stretched rapidly. This stretching in conjunction with the low-pass spatial filter provides a buffer-type treatment found

previously48 to be quite effective in reducing spurious reflections.

Two different types of manuevers were considered and referred to in the following as pitching and perching. For

the more standard pitching maneuver, the wing is stationary (i.e., Uw = 0.0, Fig. 1) and there is a uniform incoming

freestream U∞. The wing is pitched about its quarter-chord axis from zero incidence to a maximum angle of attack

αmax = 45◦ and then held fixed. In order to avoid discontinuities in the angular acceleration, the angle of attack is

prescribed employing a modified version of the ramping function of Eldredge et al.49 The angle of attack, α, is given

by

α(t) =
Ω+

0

2a
ln
[
cosh(a(t − t1))
cosh(a(t − t2))

]
+

1
2
αmax (11)

In this equation, a controls the smoothing of the angular acceleration and deceleration, Ω+
0 = αmax/(t2 − t1) is

the nominal non-dimensional pitch rate, and t1 and t2 define the nominal pitching time interval. In all of the cases to

be presented, t1 = 0.5 and a = 11. The instantaneous angular rate can be obtained by straight forward differentiation

of Eq. (11). The variations of angle of attack an angular rate are shown in Fig. 3 for all pitch rates considered.

For the perching maneuvers, the wing is initially at rest in a quiescent fluid (i.e., U∞ = 0). It then accelerates at

zero incidence during a time interval tUo/c = 0.5 until reaching a constant speed Uo (Fig. 4). The wing maintains

this constant speed and zero incidence for an additional time interval tUo/c = 5.5 in order to achieve a quasi-steady

condition. Subsequently, the wing is pitched up about its quarter-chord axis while simultaneously decelerating to

rest (Fig. 4). The angle of attack variations are prescribed by the same fuction used for the pitching cases (Eq. 11).

The translational velocity Uw is described in terms of a 4th-degree polynomial ensuring continuous velocity and

acceleration. At the end of the maneuver, the wing remains at rest and at the maximum angle of attack of 45◦. For the

perching cases, the Reynolds number and nominal pitch rate are defined in terms of the maximum wing translational
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velocity Uo.

Pitching and perching simulations were started from the corresponding computed static solutions at zero-degree

angle of attack or from fully quiescent conditions respectively. A very small computational non-dimensional time step

ΔtU∞/c = 6.25× 10−5 was prescribed in order to provide sufficient temporal resolution of the transitional fine-scale

flow evolution. This value of Δt corresponded to 64, 000 time steps during the pitching interval τ2− τ1 for the highest

pitch rate considered. Finally, all computations were performed employing a low freestream Mach number M∞ = 0.1
with the present compressible Navier-Stokes solver.

B. Stationary Wing

In order to provide a reference for comparison and to highlight lag effects for the pitching maneuvers, the flow

structure over the stationary wing is briefly considered first. Further details for the stationary wing can be found

in Refs. 31 and 50. Figure 5 shows the instantaneous flows for α = 8◦, 15◦ and 25◦ at the baseline Reynolds number

Rec = 104. The overall three-dimensional flow structure, depicted in terms of an iso-surface of total pressure, is char-

acterized by a detached shear layer separating from the leading edge which rolls up and breakdowns into fine-scale

structures. For α = 8◦, the convergence toward the symmetry plane of the edges of the vortex sheet emanating from

the the leading edge is quite apparent (Fig. 5a). As described in Ref. 31, there is a strong transverse flow towards the

centerplane and the flow is inherently three-dimensional even at this modest incidence. The instantaneous limiting

streamlines display a recirculation pattern encompassing a region of low-pressure which provides the main contribu-

tion to the aerodynamic lift. Separation from the wing tip results in the formation of a coherent tip vortex and in a

corresponding very narrow region of low pressure on the wing surface. As the angle of attack increases to α = 15o,

the tip vortices become more prominent and the separated shear layer extends over a larger portion of the wing. There

is also a larger region of low pressure on the wing. For α = 25o the edge of the shear layer exhibits less convergence

toward the plane of symmetry and the direct contribution of the tip vortex to the surface pressure is not discernable.

At this higher angle, the extent of separated flow normal to the wing increases significantly, as seen in the contours

of vorticity magnitude on the centerplane (Fig. 5f). In addition, as shown in Ref. 50, attachment to the wing upper

surface is no longer observed in the time-averaged flow pattern.

C. Pitching Maneuver

1. Effect of Pitch Rate

In this section we study the evolution of the flow structure over the pitching wing as a function of pitch rate. Three

values of Ω+
o are considered, Ω+

o = 0.05, 0.1 and 0.2 with nominal pitch time intervals of 16, 8 and 4 convective times

respectively. The highest pitch rate corresponds to the recent experiments of Yilmaz and Rockwell.23

The three-dimensional instantaneous flow structure for Ω+
o = 0.2 is shown in Fig. 6 at several points during

the manuever employing an iso-surface of constant total pressure. The corresponding wing surface pressure and

contours of vorticity magnitude on the symmetry plane are shown in Fig. 7. As the wing is pitched and the angle of

attack increases, one can observe a nascent leading-edge vortex which is pinned at the wing front corners and which

appears initially to be fairly uniform across a significant portion of the span (Fig. 6a). By the time the wing has

reached α = 15o, the flow has becomed highly three dimensional, and large transverse velocities directed towards

the centerline exist within the leading-edge vortex core. This feature is common to the structure found in previous

experimental20 and computational31 studies for a heaving wing. Examination of the vortical structure on the symmetry

plane (Fig. 7a-c) indicates that the LEV is initially laminar and similar to that found in 2D dynamic stall.9, 11 By

α = 25o the emergence of fine-scale structures is apparent due to the onset of transitional effects. The process of

transition or breakdown of the LEV is enhanced by the strong axial currents within the vortex core which eventually

reach the wing centerplane. As the angle of attack increases from α = 25o to 35o (Figs. 6d-f), the leading-edge

vortex system evolves into a Λ -shaped structure as the vortex lifts away from the plate near the symmetry plane while

remaining pinned at the wing front corners. Eventually the LEV detaches from the edges forming an arch-type vortex

with legs normal to the wing surface (Figs. 6h,i). This structure is similar to that first described by Visbal31 for a

plunging wing albeit it is in the present case less compact and with legs that are located further outboard. In addition,

since the wing remains at high angle of attack, the arch vortex resides over the wing and is capable of establishing a

well-defined large-scale swirling pattern on the wing surface.

Due to the presence of the LEV system, the wing surface pressure displays a region of strong suction which extends

from the wing corner to the centerline (Fig. 7c). The pressure is lowest near the corner where the vortex is in closest

proximity to the wing surface. As the arch-vortex forms, a concentric region of low pressure emerges and a large-scale
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circulatory pattern is established over the wing (Fig. 7i). Animations of the flow field revealed that this region of

low pressure (corresponding to the legs of the arch-vortex) propagates towards the wing leading edge before finally

moving downstream and outboard. This interesting behavior may be attributable, based on inviscid arguments, to the

self-induced velocity of the arch-vortex and interaction with its own image on the plate. This upstream propagation

effect is more readily apparent at the intermediate pitch rate Ω+
o = 0.1 discussed later.

A distinct property of the arch-vortex and its accompanying circulatory motion on the wing is the very long

residence time over the wing. The last frames in Figs. 6 and 7 correspond to an elapsed time of 4.5 convective times

after reaching the maximum angle of attack. Even at this stage, a weakened arch vortex is still observed over the wing

and a region of circulation and low pressure persists on the wing upper surface. This represents an interesting new

finding associated with the three-dimensional unsteady separation process for a low-aspect-ratio wing which is quite

different from the 2D counterpart where the dynamic stall vortex is readily shed following its detachment from the

leading edge.7, 9, 11 Further discussion of the comparison between 2D and 3D dynamic stall is provided below.

Another distinct element in the pitching wing 3D flow structure is the tip vortex clearly seen in the iso-surface

plots of Fig. 6. This vortex strengthens with increasing angle of attack inducing a narrow region of low pressure near

the tips on the wing surface. At very high angles of attack, the tip vortex experiences vortex breakdown and ultimate

collapse.

As noted earlier, the highest pitch rate (Ω+
o = 0.2) was selected to allow comparison with recent experiments by

Yilmaz and Rockwell.23 The experimental and computed flow structures are compared in Fig. 8 at two points during

the pitching maneuver. The experimental frames (Figs. 8a,e) show an iso-surface of the Q-criterion51 (Q = 5) for the

phased-averaged flow. These figures clearly show the Λ-type vortical structure and the subsequent formation of the

arch-type vortex previously described. The corresponding instantaneous iso-Q representations for the computed flow

field are shown in Figs. 8b,f. The computational iso-surfaces exhibit fine-scale features not seen in the experiments.

This is attributed primarily to the much finer spatial resolution provided by the computational mesh relative to the

spacing between sampling planes used for the experimental volume reconstruction.23 Differences may also arise in part

from the phased-averaging employed in the experiments. Unfortunately, a meaningful phase-averaged representation

is not possible in the transient computations unless small perturbations (ocurring naturally in the experiment) are

added for different realizations, a process which becomes prohibitive in terms of computational resources. In order to

provided a more direct comparison between experiment and computation, the computed flow field was filtered down to

a spatial resolution comparable to that of the experimental measurements using the procedure developed by Garmann

et al.52 The Q iso-surfaces derived from the filtered computational results are shown in Figs. 8c,g. On similar spatial

resolutions, the good agreement between the computed and experimental three-dimensional flow structures is now

apparent. Both computation and experimental measurements display the same key flow elements. The last row in

Fig. 8 displays the computed flow structure in terms of an iso-surface of stagnation pressure. One can observe that this

variable (used in previous and most subsequent figures) filters out fine-scale features and provides a clearer depiction

of the dominant flow elements. The previous as well as additional comparison between computation and experiment23

indicate that in both cases the unsteady separation process culminates with the formation of an arch vortex which

induces a large-scale swirl pattern on the wing surface.

Results for the lower pitch rates Ω+
o = 0.1 and 0.05 are shown in Figs. 9 - 12. Comparison of all pitch rates

indicates that the unsteady 3D separation process is characterized by the same basic sequence of events starting with the

leading-edge vortex formation and culminating with its evolution into an arch-type vortical structure. With increasing

pitch rate several trends can be observed: (i) there is an angular delay in the emergence of the flow features similar to

that found in 2D dynamic stall, (ii) the initial LEV vortex is more compact and forms closer to the wing leading edge,

(iii) lower values of pressure are present on the wing surface under the LEV, arch-vortex and tip vortices, and (iv) the

arch-vortex becomes more compact.

The case of Ω+
o = 0.1 serves to more clearly illustrate the dynamics of the arch-vortex with its accompanying

low-pressure region and circulatory pattern on the wing. As the arch-vortex fully emerges between α = 30o and 40o

(Fig. 9e-g), the surface pressure (Fig. 10e-g) evolves into a more coherent concentric distribution with progressively

lower values of minimum pressure. This process is due to the establishment of a fully three-dimensional circulatory

pattern on the wing surface associated with the normal vorticity of the legs of the arch vortex. One can also observe the

movement of the approximate center of this low pressure region. As noted earlier, this center propagates upstream and

gets closer to the wing leading edge at the instant shown in Fig. 10h before moving toward the trailing edge (Fig. 10i).

This upstream movement of the arch-vortex against the prevailing flow is postulated to be the result of the self-induced

velocity of the vortex/image system. The long residence time of the arch-vortex and swirling motion above the wing

is also observed for Ω+
o = 0.1. The last frames in Figs. 9 and 10 show that both features are still well-defined even

after a time interval of 3.5 convective time scales has elapsed following cessation of the pitch-up motion.
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Although the detailed dynamics of the tip vortex is not described in detail, it is interesting to point out the onset

of vortex breakdown seen in the insets of Figs. 9d and 11c. The tip vortex is depicted using a lower value of total

pressure in order to highlight the vortex core structure. For both values of pitch rate, the onset of vortex of breakdown

is clearly seen and its structure is characterized by a bubble-like bursting followed by a spiral tail which winds in a

sense opposite to that of the prevaling swirling flow. This structure is similar to that found by Visbal53 during onset of

vortex breakdown in the leading-edge vortex over a pitching delta wing.

Aerodynamic Loading

The effect of pitch rate on the wing aerodynamic loading is considered next. The history of the aerodynamic coef-

ficients is presented in Fig. 13. Several trends are apparent in the lift and pitching moment coefficient histories as a

function of pitch rate. In all cases, there is a non-circulatory spike in the lift and pitching moment induced by the

angular acceleration (Figs. 13a,c). The peak in lift ΔCL1 displays a linear variations as a function of pitch rate, as

shown in Figure 13d. Following this initial surge, the lift distribution becomes fairly linear with a slope close to the

static value of π (in radians) but shifted by an offset ΔCL2 (as defined in the inset of Fig. 13d). Figure 13d also

displays the quantity denoted as ΔCM which corresponds to the magnitude of the approximately constant negative

value of pitching moment established after the end of angular acceleration. For convenience, this value is selected at

α = 4o at which point a constant angular velocity prevails even for the highest Ω+
o considered. Both ΔCL2 and ΔCM

exhibit an effective linear dependence on pitch rate. The offsets in lift and moment coefficients observed after reaching

a constant angular rate are consistent with a rotation-induced chordwise camber.54–56

The overall history of the lift coefficient (Fig. 13a) indicates that both the maximum value of CL and its corre-

sponding angular position (αCLmax
) increase with pitch rate. The values of CLmax and αCLmax

for Ω+
o = 0.05, 0.1

and 0.2 are approximately (1.5, 31.3o), (1.89, 38.4o) and (2.1, 40.6o) respectively. Even for the smallest pitch rate,

there is a significant increase in maximum lift which is almost twice the maximum static value (Fig. 13a). It is inter-

esting to note that the occurrence of maximum lift follows the emergence of the arch-vortex at least for the two lower

values of pitch rate. The moment coefficient histories (Fig. 13c) show that following a fairly flat initial distribution a

rapid drop in CM takes place beginning at an angle which increases with Ω+
o .

Figure 13e displays the chordwise position of the center of lift XCL as a function of angle of attack. This parameter

was computed for only a few available flow fields after the computations had been performed and therefore the distri-

butions are rather coarse. Nonetheless, a few trends can be observed. For the static case, XCL moves downstream with

increasing incidence as found to be the case experimentally.14 For the lowest pitch rate, the center of lift is upstream

of the static situation (8o ≤ α ≤ 25o) as it would be expected from lag effects in the separation process. This is not

the case for at low angle of attack for the higher pitch rates for which XCL increases with Ω+
o . This effect is due to the

higher pressures on the wing lower surface induced by rotation. At higher angles of attack (α ≥ 25o), as the separated

flow and its low pressure region have evolved further, the center of lift is found to be positioned consistently further

upstream with increasing pitch rate in accordance with lag effects. An interesting feature for all pitching cases is the

local dip in XCL observed in the distributions (for instance, at α = 40o for Ω+
o = 0.1 and α = 30o for Ω+

o = 0.05).

This feature correlates with the previously noted temporary movement toward the wing leading edge of the arch vortex

and its corresponding swirling region of low pressure, as seen in Figs. 10g-i and Figs. 12e-g.

The spanwise distribution of the sectional lift coefficient for the static and pitching wing is considered next. For the

stationary wing (Fig. 14a), the distributions indicate that most of the lift arises from the leading-edge separated region

and that there is only a limited direct contribution from the tip vortices. A large increase in the levels of sectional lift

is observed over the mid-section of the wing as angle of attack increases from 8o to 15o. However, the overall levels

remain similar when going to α = 25o, consistent with the plateau in the total lift distribution (Fig. 13a). A local peak

associated with the tip vortex is seen to become more prominent as angle of attack increases from 8o to 15o but it is

absent at α = 25o. The sectional lift distributions for the intermediate pitch rate Ω+
o = 0.1 are shown in Fig. 14b. The

distributions for the other two pitch rates were found to be qualitatively similar and are not included. The sectional

lift distributions denoted by dashed lines in Fig. 14b (α = 8o, 15o, 25o) correspond to a portion of the maneuver prior

to the emergence of the arch-vortex. At this stage, the sectional lift is somewhat uniform across a significant portion

of the span. At α = 25o, several undulations begin to emerge near mid-span and well-defined peaks (with the highest

value of CL(z)) are induced by the tip vortices. There is a transformation in the character of the sectional lift following

the appearance of the arch vortex (α = 40o). The sectional lift distribution exhibits a strong peak on each side of the

wing associated with the legs of the arch vortex and the induced swirling pattern over to the wing. No signature of the

tip vortex is apparent at this stage of the flow. The distribution at α = 45o shows the outboard movement of the center

of the circulatory pattern noted earlier.
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2. Comparison of 2D and 3D Dynamic Stall Process for a Pitching Wing

In order to contrast the fundamental differences between the dynamic stall process for a 2-D and a low-aspect-ratio

wing, computations were also performed for an effectively infinite aspect ratio plate, emulated by means of spanwise

periodic conditions on a prescribed spanwidth (s/c = 0.4). The sectional geometry and computational grid were the

same as in the previously described 3D cases. Only the intermediate value of pitch rate Ω+ = 0.1 was considered for

the 2D pitching configuration and the corresponding flow field evolution is presented in Fig. 15. The process of 2D

dynamic stall is characterized by the formation of an initially laminar leading-edge vortex system which subsequently

undergoes transition (even at this modest value of Reynolds number Rec = 104) due to the onset of spanwise insta-

bilities effects. The turbulent LEV convects along the wing, and as it nears the trailing edge, a trailing-edge vortex of

opposite rotation emerges. Eventually both vortices are shed into the wake as the plate reaches its maximum angle of

attack. The surface pressure contours clearly show that these vortices induce regions of low pressure which extend,

with only small secondary variations, across the entire span. This flow evolution is similar to that found during the

downward stroke for a periodically heaving 2D wing described in detail in Ref. 11.

A comparison of the lift and pitching moment coefficient histories for the 2D and finite-aspect-ratio plates is shown

in Fig. 16. The lift and pitching moment for the 2D wing display similar offsets as found previously for the finite plate

and are due to the rotation-induced apparent camber effect. In addition to that effect, the 2D wing displays a distinct

depression in the lift slope relative to the theoretical value of 2π (in radians) plotted for comparison in Fig. 16a.

This effect previously noted in 2D dynamic stall experiments and computations54, 56 is associated with the lag in the

establishment of circulation around the airfoil (i.e. Wagner-type effect) at a given angle of attack. Comparison of

the overall CL histories indicates that the finite aspect ratio promotes further delay of stall from αCLmax
≈ 28o to

αCLmax
≈ 38.5o. A much smoother lift distribution is also observed for the 3D wing. Regarding the CM history,

there is also a delay in moment stall with the finite aspect ratio wing, and the elimination of the dual peak seen in the

2D case. This latter feature, as explained for a 2D plunging wing in Ref. 11, is due to the strong trailing-edge vortex

which is absent in the 3D wing.

The previous comparison of the flow structure and aerodynamic loading for the finite and 2D plates clearly high-

lights the inherent three-dimensional nature of dynamic stall for a low-aspect-ratio wing. The latter being characterized

by the formation of an arch-type vortex and a strong swirl pattern over the wing which persists for longer times. In

the 2D case, the spanwise-oriented leading- and trailing-edge vortices are shed much more readily inducing an earlier

stall.

3. Effect of Reynolds Number

The effect of Reynolds number on the flow structure and loading generated by the pitching wing was investigated for

the lowest pitch rate (Ω+
o = 0.05) by considering three values of Rec (103, 104 and 4 × 104). The instantaneous flow

structure for Rec = 4×104 is shown in Figs. 17 and 18. As seen previously for Rec = 104, the flow evolution is again

characterized by the transformation of the LEV into an arch-type structure with its accompanying swirling pattern over

the wing surface. The arch vortex appears to be more compact, as can be observed by comparison of Figs. 11h and 17h.

In addition, the higher Reynolds number case exhibits earlier transition of the leading-edge vortex and finer scale

features. Lower pressures are also observed on the wing surface with increased Rec (e.g. Fig. 12g and 18g).

The case of Rec = 103 is displayed in Figs. 19 and 20. At this very low value of Reynolds number, one can observe

throughout the entire pitch-up, the lack of fine-scale flow features associated with transition. At the earlier stages of

the flow evolution (α = 20o, 25o, Figs. 19c,d), the structure is characterized by a large-scale leading edge vortex and

by the formation of hairpin-like vortices near the wing trailing edge. These features display a broad similarity with the

investigation of Taira and Colonius28 for an impulsively translating wing at Rec = 300 and α = 30o. From α = 30o

onwards (Figs. 193-h), the emergence of the arch-type vortex is apparent. The surface pressure contours and limiting

streamlines in Fig. 20 show again the induced circulatory motion with weaker suction relative to the higher Reynolds

number cases.

The history of the aerodynamic loads, shown in Fig. 21, exhibit significant quantitative effects of Reynolds number

on maximum lift an its corresponding angular position. There appears to be a consistent delay in lift stall as the

Reynolds number increases. The CL distribution for Rec = 103 has a lower slope and subsequently displays a much

smoother character. The pitching moment coefficient also exhibits a more pronounced drop with increasing Rec.
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D. Perching Maneuver

In this section, the effect of variable freestream velocity on the dynamic stall process of a pitching low-aspect-ratio

wing is considered. This effect is of interest since in a typical perching maneuver, pitching is also accompanied by

deceleration to an effectively zero velocity. Another potential application is the case of pitching in the presence of

variable freestream velocity such as in a horizontal gust encounter. In this exploratory study, a simplified perching-

type manuever is prescribed which does not attempt to include all complex flight dynamic effects present in a real

perching scenario. The imposed wing kinematics, discussed in Section IV-A, is shown in Fig. 4. The wing accelerates

from rest and at zero angle of attack to a constant velocity in quiescent flow. This constant speed is maintained for

a sufficiently long time in order to effectively eliminate transients. The wing then pitches from zero incidence to

a maximum angle attack of 45◦ while it simultaneously decelerates and comes to a full stop. Since the freestream

velocity is zero, the Reynolds number and pitch rate are now defined in terms of the maximum translating speed Uo

(i.e., Rec = ρ∞Uoc/μ∞,Ω+
o = α̇c/Uo). A Reynolds number of Rec = 104 and pitch rates Ω+

o = 0.05 and 0.2 are

selected in order to match the previous pure-pitching results.

The flow structure for Ω+
o = 0.2 is presented in Figs. 22 - 23. It should be noted that an iso-surface of vorticity

magnitude is employed (instead of total pressure) in Fig. 22 given the large variation in effective dynamic pressure

ρU2
w. Comparison of Figs. 6 and 22 shows that the flow structure for the perching case is similar to the constant

freestream situation for α ≤ 20◦. As the wing translating velocity is appreciably reduced, significant differences arise

between the perching and pitching cases. For the perching case, the LEV vortex does not evolve into the arch-type

structure seen in the pure-pitching situation. Instead, the growth of the LEV is halted and it remains closer to the

leading edge. Eventually, as the wing approches its final horizontal position, the LEV actually moves forward of the

plate. The arrested development and final upstream movement of the leading-edge vortex can also be seen in Fig. 23

which displays contours of instantaneous vorticity magnitude on the symmetry plane. Figure 23i also shows the

formation underneath the plate of a stopping trailing-edge vortex with the same sense of rotation as the LEV system.

The histories of the unsteady loads for Ω+
o = 0.2 are plotted in Fig. 24 and compared to the constant freestream

pitching case. This figure contains for the perching case the loads normalized by the maximum dynamic pressure ρU2
o ,

as well as the loads normalized by the instantaneous or effective dynamic pressure ρU2
w which varies with translating

velocity. The former are the actual non-dimensional forces and moment experienced by the plate whereas the latter

permit a comparison with the pure pitching case. Definition of the aerodynamic coefficients using ρU2
w is of course

only valid prior to the velocity reaching a vanishing value at which point these coefficients become unbounded. The

aerodynamic loads are plotted in Fig. 24 both as a function of time (top row) and angle of attack. For the case of the

perching wing, time has been shifted relative to the onset of rotation in order to facilitate comparison with the pitching

case. The non-dimensioanl lift force on the perching wing increases initially following the onset of rotation, reaches

a peak value near α ≈ 12.3o and then drops fairly smoothly becoming negative at high angles of attack. The latter

behavior would be expected from the translational deceleration. The drag force displays similar characteristics as

found for the lift. The nondimensional moment drops at the onset of rotation due to angular acceleration and rotation-

induced apparent camber effects previously discussed for the pure-pitch case. It then rises and becomes positive (i.e.

pitch up) at high angles of attack. If one assumes that most of the force and moment charateristics are dominated by

the effective dynamic pressure, then renormalization of these quantities using the instantaneous velocity conditions

should bring the results closer to the constant freestream pitching situation. Indeed, this is found to be the case for the

first part of the manuever. As seen for instance in Fig. 24d, the rescaled lift coefficient is in close agreement with the

standard pitching case up to α ≈ 21.4o, even after the translating velocity has dropped to 60% of its maximum value.

This agreement is clearly lost for higher angles of attack.

Results for the perching maneuver at lower pitch rate (Ω+
o = 0.05) are displayed in Figs. 22 - 24. Since the rotation-

induced angular lag in the flow development diminishes with lower pitch rate, the effects of decreased translational

velocity ensue at a stage when the flow has already evolved further. Therefore at this lower Ω+
o , the leading-edge vortex

system still displays the incipient formation of the arch vortex and its accompanying swirling motion (Fig. 25e). This

contrasts with the perching case for Ω+
o = 0.2 where no evidence of the arch-vortex formation is observed (Fig. 22).

As the wing decelerates further (Figs. 25f-h), the incipient arch vortex collapses and its remnant moves ahead of the

plate leading edge. The presence of the weak swirling pattern is clearly seen in Fig. 25f and this feature tends to eject

the vorticity in front of the wing to further outboard stations along the span. The trailing-edge vortex underneath the

plate is also found to be less-organized for the lower pitch rate (see Figs. 26g and 23i).

Histories of the loads for the lower pitch rate perching case are shown in Fig. 27. The evolution of the non-

dimensional forces and moments displays the same general trend as described previously. It is interesting to note that

the maximum non-dimensional lift force occurs at a higher angle of attack (α ≈ 14.1o) relative to the higher pitch rate

(α ≈ 12.3o). This reverses the behavior for a constant freestream where maximum lift takes place at progressively
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higher incidence as Ω+
o increases. The lift force renormalized with instantaneous velocity closely matches the constant

freestream pitching case up to α ≈ 26o at which point the plate velocity has dropped to roughly 40% of its maximum

value. The trends observed in the comparison of the rescaled lift for the perching maneuver with the standard pitching

case are entirely the opposite for the two values of Ω+
o . For Ω+

o = 0.2 (Fig. 24d), the maximum (rescaled) lift and its

angular position are lower for the perching case relative to constant freestream. The reversed is seen for Ω+
o = 0.05

(Fig. 27d) where the lift and its position is higher in the perching maneuver. This implies that values of lift derived

from experiments in a constant freestream can either underpredict or overpredict the lift force when rescaled to the

perching manuever. The present results suggest that simplified generalizations cannot be made regarding the behavior

of the loads for a perching maneuver in relation to its constant-freestream counterpart. As demonstrated above for

different pitch rates, the trends can be reversed and additional interesting effects might be expected depending upon

the phase relationship between the rotating and translating motions.

V. SUMMARY AND CONCLUSIONS

This study addresses the flow structure and unsteady loading arising over a rectangular wing of aspect ratio two

subjected to high-amplitude pitching and perching maneuvers under low-Reynolds-number conditions of interest in

small unmanned aerial vehicle operation and gust interactions. The flow fields are simulated employing an extensively-

validated high-fidelity computational approach capable of accurately capturing the complex unsteady transitional flows

generated under such extreme manuevers.

Canonical pitching motions for a non-translating wing in the presence of a constant freestream are first investigated

in order to elucidate the effects of pitch rate and Reynolds number on the flow structure and aerodynamic loading. The

wing is pitched about its quarter-chord axis to a maximum incidence of 45◦ over nominal time intervals ranging from

four to sixteen convective time scales yielding maximum non-dimensional angular rates 0.05 ≤ Ω+
o ≤ 0.2. The

Reynolds number based on the wing chord varied from 103 to 4 × 104. The flow field evolution is found to start with

the formation of a spanwise-oriented leading-edge vortex which is initially pinned at the front edges of the plate. This

vortex evolves at later times into the arch-type structure previously found for a heaving wing.31 The arch vortex is here

less compact and since the wing remains at high angle of attack, it has the time to establish a well-defined swirling

pattern over the wing surface. This inherently three-dimensional circulatory motion extends over most of the wing

semi-span and encompasses a region of low pressure. This vortical structure exhibits a long residence time over the

wing and it persits for several convective time scales after cessation of the pitch-up motion. At some stages following

its formation, the arch vortex even propagates upstream towards the leading edge of the wing prior to finally moving

outboard and downstream. This interesting upstream propagation against the prevailing flow is postulated to be the

result of the self-induced velocity of the vortex/image system. In addition to the previous leading-edge separation

and vortex formation, the flow is characterized by the emergence of tip vortices arising from separation at the wing

tips. These tip vortices increase in intensity with angle of attack an exhibit the onset of vortex breakdown in a manner

similar to that found in the leading-edge vortex development over a pitching delta wing.53

Despite quantitative differences, the morphology of 3D dynamic stall previously described is found to be universal

over the range of pitch rates and Reynolds numbers investigated. Several trends are apparent with increasing Reynolds

number or pitch rate. These include (i) a more compact arch vortex system, (ii) a stronger circulatory pattern and lower

pressures above the wing surface, (iii) increased maximum lift, and (iv) delay of stall. Even for the lowest pitch rate

considered, a significant increase in maximum lift is achieved relative to the static situation. Transitional effects are

observed to emerge in all cases with the exception of the lowest Reynolds number flow which lacks fine-scale features.

For Ω+
o = 0.2, good agreement is found between the computed three-dimensional flow structure and the recent

experimental measurements of Yilmaz and Rockwell23 provided that the higher-resolution computational results are

filtered down to the coarser resolution used in the experimental reconstruction. The experiments and computations also

exhibit broad similaries in terms of the final arch-vortex formation and induced swirl pattern. The present pitching

wing simulations in conjunction with previous heaving-wing computations,31 as well as the available experimental

observations20, 21, 23 provide a consistent picture of the main flow elements engendered by dynamic stall of a low-

aspect-ratio wing.

Computations are also performed for a 2D wing section (i.e. effectively infinite aspect ratio simulated by spanwise

periodic conditions) in order to highlight the fundamentally different flow evolution induced by the finite span of the

wing. It is found that although the 2D wing exhibits higher maximum lift, the low-aspect-ratio promotes further delay

of stall and a much smoother behavior of the aerodynamic coefficients. This due to the longer residence time of the

3D arch vortex over the wing and contrasts with the spanwise-oriented vortices which are readily shed in 2D dynamic

stall.
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Canonical perching maneuvers involving simultaneous pitching and deceleration to rest are considered and the

aerodyamic loads and flow structure are compared to the constant freestream situation. For the perching case with

Ω+
o = 0.2, the LEV vortex does not evolve into the arch-type structure since its development is halted as the wing

translational speed diminishes. Instead the vortex remains closer to the leading edge and actually moves forward of

the wing as the horizontal velocity goes to zero. For Ω+
o = 0.05, an incipient arch vortex is formed but weakens

and moves forward as the plate decelerates. Rescaling the loads using the local translational speed shows agreement

between the perching and standard cases only up to a limited angle of attack. Beyond this point, there are significant

differences not only quantitatively but also in the trends which can be reserved for different values of pitch rate. For

instance, for Ω+
o = 0.2 the maximum (rescaled) lift and its angular position are lower for the perching case relative

to constant freestream. The reversed is seen for Ω+
o = 0.05. This implies that values of lift derived from experiments

in a constant freestream facility can either underpredict or overpredict the lift force when rescaled to the perching

manuever depending on pitch rate itself. Further computations exploring the flow evolution and loads as a function of

the phase relationship between the rotational and translational motions are required.
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Figure 1. Pitching wing configuration

Figure 2. Overset mesh system

Figure 3. Pitching maneuver: (a) angle of attack and (b) pitch rate
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Figure 4. Perching maneuver with Ω+
o = 0.2: (a) wing horizontal position, (b) translating velocity and (c) angle of attack

Figure 5. Instantaneous flow structure for stationary wing at α = 8◦, 15◦ and 25◦ and Rec = 104: (a)-(c) iso-surfaces of total pressure,
and (d)-(f) surface pressure and vorticity magnitude on symmetry plane
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Figure 6. Instantaneous three-dimensional flow structure for pitching wing (Ω+
o = 0.2, Rec = 104) depicted by an iso-surface of total

pressure: (a) 8o, (b) 15o, (c) 20o, (d) 25o, (e) 30o, (f) 35o, (g) 40o, (h) 45o, t = 4.5 , (i) 45o, t = 6.8 (inset shows rear view) and (j)
45o, t = 9.0
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Figure 7. Instantaneous surface pressure and contours of vorticity magnitude on symmetry plane, Ω+
o = 0.2, Rec = 104: (a) 8o, (b) 15o,

(c) 20o, (d) 25o, (e) 30o, (f) 35o, (g) 40o, (h) 45o, t = 4.5 , (i) 45o, t = 6.8 and (j) 45o, t = 9.0
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Figure 8. Comparion of computed and experimental23 three-dimensional instantaneous flow structure for Rec = 104 and Ω+
o = 0.2. (a,e)

experimental Q-criterion iso-surface, (b,f) computed Q-criterion iso-surface, (c,g) computed Q-criterion iso-surface for filtered computa-
tional data, and (d,h) computed total pressure iso-surface
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Figure 9. Instantaneous three-dimensional flow structure for pitching wing (Ω+
o = 0.1, Rec = 104) depicted by an iso-surface of total

pressure: (a) 8o, (b) 15o, (c) 20o, (d) 25o (inset shows tip vortex breakdown), (e) 30o, (f) 35o, (g) 40o (inset shows rear view), (h) 45o, t =
9.0, and (i) 45o, t = 12.0
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Figure 10. Instantaneous surface pressure and contours of vorticity magnitude on symmetry plane, Ω+
o = 0.1, Rec = 104: (a) 8o, (b) 15o,

(c) 20o, (d) 25o, (e) 30o, (f) 35o, (g) 40o, (h) 45o, t = 9.0 , and (i) 45o, t = 12.0
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Figure 11. Instantaneous three-dimensional flow structure for pitching wing (Ω+
o = 0.05, Rec = 104) depicted by an iso-surface of total

pressure: (a) 8o, (b) 15o, (c) 20o (inset shows tip vortex breakdown), (d) 25o, (e) 30o, (f) 35o, (g) 40o, and (h) 45o, t = 9 (inset shows rear
view)
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Figure 12. Instantaneous surface pressure and contours of vorticity magnitude on symmetry plane, Ω+
o = 0.05, Rec = 104: (a) 8o, (b)

15o, (c) 20o, (d) 25o, (e) 30o, (f) 35o, (g) 40o, and (h) 45o, t = 18.0
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Figure 13. Effect of non-dimensional pitch rate on wing aerodynamic loading for Rec = 103: (a-c) lift, drag and quarter-chord pitching
moment coefficient histories, (d) offsets in CL and CM due to wing rotation and (e) chordwise position of center of lift
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Figure 14. Spanwise distributions of sectional lift for (a) static and (b) pitching wing with Ω+
o = 0.1. Note different vertical scales used in

(a) and (b)

Figure 15. Instantaneous surface pressure and contours of vorticity magnitude on symmetry plane for pitching 2D (infinite aspect ratio)
wing, Ω+

o = 0.1, Rec = 104

Figure 16. Comparison of (a) lift and (b) pitching moment coefficient histories for pitching 2D and low-aspect-ratio wings, Ω+
o =

0.1, Rec = 104
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Figure 17. Instantaneous three-dimensional flow structure for pitching wing (Ω+
o = 0.05, Rec = 4 × 104) depicted by an iso-surface of

total pressure: (a) 8o, (b) 15o, (c) 20o, (d) 25o, (e) 30o, (f) 35o, (g) 40o, and (h) 45o, t = 18.0 (inset shows rear view)

Figure 18. Instantaneous surface pressure and contours of vorticity magnitude on symmetry plane, Ω+
o = 0.05, Rec = 4 × 104: (a) 8o,

(b) 15o, (c) 20o, (d) 25o, (e) 30o, (f) 35o, (g) 40o, and (h) 45o, t = 18.0
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Figure 19. Instantaneous three-dimensional flow structure for pitching wing (Ω+
o = 0.05, Rec = 103) depicted by an iso-surface of total

pressure: (a) 8o, (b) 15o, (c) 20o, (d) 25o, (e) 30o, (f) 35o, (g) 40o, and (h) 45o, t = 18.0 (inset shows rear view)

Figure 20. Instantaneous surface pressure and contours of vorticity magnitude on symmetry plane, Ω+
o = 0.05, Rec = 103: (a) 8o, (b)

15o, (c) 20o, (d) 25o, (e) 30o, (f) 35o, (g) 40o, and (h) 45o, t = 18.0
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Figure 21. Effect of Reynolds number on (a) lift and (b) pitching moment coefficients, Ω+
o = 0.05

Figure 22. Instantaneous three-dimensional flow structure for perching wing (Ω+
o = 0.2, Rec = 104) depicted by an iso-surface of vorticity

magnitude: (a) 8o, (b) 15o, (c) 20o, (d) 25o, (e) 30o, (f) 35o, (g) 40o, (h) 45o, t = 4.5, and (i) 45o, t = 6.0
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Figure 23. Contours of instantaneous vorticity magnitude on symmetry plane of perching wing (Ω+
o = 0.2, Rec = 104): (a) 8o, (b) 15o,

(c) 20o, (d) 25o, (e) 30o, (f) 35o, (g) 40o, (h) 45o, t = 4.5, and (i) 45o, t = 6.0

Figure 24. Comparison of aerodynamic loads for perching and pitching wing (Ω+
o = 0.2, Rec = 104) as function of time (a-c) and angle

of attack (d-f). For perching case, loads are normalized relative to either Uo (solid line) or Uw (dashed line)
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Figure 25. Instantaneous three-dimensional flow structure for perching wing (Ω+
o = 0.05, Rec = 104) depicted by an iso-surface of

vorticity magnitude: (a) 8o, (b) 15o, (c) 20o, (d) 25o, (e) 30o, (f) 35o, (g) 40o, and (h) 45o, t = 18.0

Figure 26. Contours of instantaneous vorticity magnitude on symmetry plane of perching wing (Ω+
o = 0.05, Rec = 104): (a) 8o, (b) 15o,

(c) 20o, (d) 25o, (e) 30o, (f) 35o, and (g) 40o
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Figure 27. Comparison of aerodynamic loads for perching and pitching wing (Ω+
o = 0.05, Rec = 104) as function of time (a-c) and angle

of attack (d-f). For perching case, loads are normalized relative to either Uo (solid line) or Uw (dashed line)
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Aeroelastic Simulations of an Aspect Ratio Two
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Development of an aeroelastic solver with application to flexible membrane wings for
micro air vehicles is presented. A high-order (up to 6th order) Navier-Stokes solver is
coupled with a geometrically nonlinear p-version Reissner-Mindlin finite element plate
model to simulate the highly flexible elastic membrane. An implicit LES approach is
employed to compute the mixed laminar/transitional/turbulent flowfields present for the
low Reynolds number flows associated with micro air vehicles. Computations are performed
for an aspect ratio two membrane wing at an angle of attack, α = 16◦ and a Reynolds
number, Re = 24, 300. Comparisons of the computational results with experimental PIV and
surface deflection measurements demonstrated reasonable agreement. Reduced separation
and enhanced lift are obtained due to favorable interactions between the flexible membrane
wing and the unsteady flow over the wing. The impact of flexibility on the aerodynamic
performance comes primarily from the development of mean camber with some further
effects arising from the interaction between the dynamic motion of the membrane and the
unsteady flowfield above.

I. Introduction

In order to address the technical challenges associated with MAV development, designers are looking
to biological flight for inspiration. Successful development of these biomimetic MAV concepts will require
significant advancements in the fundamental understanding of the unsteady aerodynamics of low Reynolds
number fliers and the associated fluid-structure interactions. The inherent flexibility in the structural design
of lightweight MAVs and the exploitation of that flexibility creates strong coupling between the unsteady fluid
dynamics and the airframe structural response giving rise to tightly integrated, multidisciplinary physics.
Conventional simplified analytical techniques and empirical design methods, although attractive for their
efficiency, may have limited applicability for these complicated, multidisciplinary design problems. Critical
insight into the highly complex, coupled MAV physics calls for the exploitation of advanced multidisciplinary
computational techniques.

Previous computations for membrane wing applications1–3 have coupled a low-order (2nd order) Navier-
Stokes solver with a membrane finite element model based on a hyperelastic Moody-Rivlin model. Compu-
tations were performed for a membrane wing with a leading edge spar, rigid centerbody and rigid battens.
Persson et al4 have coupled a Discontinuous Galerkin method for the Navier-Stokes equations with a hy-
perelastic Neo-Hookean model for the membrane. They presented simulations for a two-dimensional flexible
membrane wing at static angles of attack and undergoing dynamic motion.

The present authors have carried out computations for a flexible membrane airfoil section in References 5
and 6. An implicit LES approach7 is employed to compute the mixed laminar/transitional/turbulent flow-
fields present for the low Reynolds number flows associated with micro air vehicles. The ILES approach
exploits the properties of a well validated, robust, sixth-order Navier-Stokes solver.8–10 This aerodynamic
solver is coupled with a finite element membrane structural model11 suitable for the highly nonlinear struc-
tural response associated with a flexible membrane airfoil.

∗Senior Research Aerospace Engineer, Computational Sciences Branch, Air Vehicles Directorate, Associate Fellow, AIAA
†Assistant Professor, Department of Mechanical and Aerospace Engineering, Member, AIAA
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The focus of this paper will be the simulation and analysis of aeroscience issues associated with an aspect-
ratio two flexible membrane wing fixed on all edges. The specific case to be considered corresponds to the
experiments of Rojratsirikul, Wang and Gursul.12,13 In these experiments a digital image correlation system
was used to measure membrane displacements accompanied by PIV measurements of the unsteady flow.
Previous computations5 and experiments14,15 have shown the impact of both mean camber and the dynamic
motion of the membrane on the performance of a two-dimensional membrane airfoil. At lower angles of
attack the mean camber developed by the membrane airfoil provides for improved airfoil performance and
a delay in airfoil stall. At higher angles of attack the dynamic motion of the membrane surface significantly
alters the unsteady, separated flow over the membrane airfoil providing an additional enhancement to the
airfoil performance. Similar investigations will be performed for the aspect ratio two wing in this work to
determine if these favorable fluid-structure interactions remain.

II. Aerodynamic Solver

Governing Equations

The governing equations are the three-dimensional, compressible Navier-Stokes equations. These equations
are cast in strong conservative form introducing a general time-dependent curvilinear coordinate transfor-
mation (x, y, z, t) → (ξ, η, ζ, τ). In vector notation, and employing non-dimensional variables, the equations
are:

∂

∂τ

(
~U

J

)
+
∂F̂

∂ξ
+
∂Ĝ

∂η
+
∂Ĥ

∂ζ
=

1
Re

[
∂F̂v

∂ξ
+
∂Ĝv

∂η
+
∂Ĥv

∂ζ
] (1)

Here ~U = {ρ, ρu, ρv, ρw, ρE} denotes the solution vector and J is the transformation Jacobian. The
inviscid and viscous fluxes, F̂ , Ĝ, Ĥ, F̂v, Ĝv, Ĥv can be found, for instance, in Reference 16. The system
of equations is closed using the perfect gas law p = ρT/γM2

∞, Sutherland’s formula for viscosity, and the
assumption of a constant Prandtl number, Pr = 0.72. In the expressions above, u, v, w are the Cartesian
velocity components, ρ the density, p the pressure, and T the temperature. All flow variables have been
normalized by their respective freestream values except for pressure which has been nondimensionalized by
ρ∞u

2
∞.

Spatial Discretization

A finite-difference approach is employed to discretize the flow equations. For any scalar quantity, φ, such as
a metric, flux component or flow variable, the spatial derivative φ′ along a coordinate line in the transformed
plane is obtained by solving the tridiagonal system:

αφ′i−1 + φ′i + αφ′i+1 = b
φi+2 − φi−2

4
+ a

φi+1 − φi−1

2
(2)

where α = 1
3 , a = 14

9 and b = 1
9 . This choice of coefficients yields at interior points the compact five-point,

sixth-order algorithm of Lele.17 At boundary points 1, 2, IL − 1 and IL, fourth- and fifth-order one-sided
formulas are utilized which retain the tridiagonal form of the interior scheme.8,18

Compact-difference discretizations, like other centered schemes, are non-dissipative and are therefore
susceptible to numerical instabilities due to the growth of spurious high-frequency modes. These difficul-
ties originate from several sources including mesh non-uniformity, approximate boundary conditions and
nonlinear flow features. In order to ensure long-term numerical stability, while retaining the improved accu-
racy of the spatial compact discretization, a high-order implicit filtering technique10,19 is incorporated. If a
component of the solution vector is denoted by φ, filtered values φ̂ are obtained by solving the tridiagonal
system,

αf φ̂i−1 + φ̂i + αf φ̂i+1 = ΣN
n=0

an

2
(φi+n + φi−n) (3)

Equation 3 is based on templates proposed in Refs. 17 and 20, and with proper choice of coefficients,
provides a 2Nth-order formula on a 2N + 1 point stencil. The coefficients, a0, a1, . . . aN , derived in terms of
the single parameter αf using Taylor- and Fourier-series analyses, are given in Ref. 8, along with detailed
spectral filter responses. In the present study, an eighth-order filter operator with αf = 0.3 is applied at
interior points. For near-boundary points, the filtering strategies described in Refs. 10 and 9 are employed.
Filtering is applied to the conserved variables, and sequentially in each coordinate direction.
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Time Integration

For wall-bounded viscous flows, the stability constraint of explicit time-marching schemes is too restrictive
and the use of an implicit approach becomes necessary. For this purpose, the implicit approximately-factored
scheme of Beam and Warming21 is incorporated and augmented through the use of Newton-like subiterations
in order to achieve second-order temporal and sixth-order spatial accuracy. In delta form, the scheme may
be written as[

J−1p+1
+ φi∆τδ(2)ξ

(
∂F̂ p

∂U − 1
Re

∂F̂ p
v

∂U

)]
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+ φi∆τδ(2)η

(
∂Ĝp

∂U − 1
Re

∂Ĝp
v

∂U

)]
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+ φi∆τδ(2)ζ
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∂Ĥp

∂U − 1
Re
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v

∂U
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p + δξ

(
F̂ p − 1
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v
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+ δη

(
Ĝp − 1

Re Ĝ
p
v

)
+ δζ

(
Ĥp − 1

ReĤ
p
v

)] (4)

where
φi =

1
1 + φ

, ∆U = Up+1 − Up. (5)

For the first subiteration, p = 1, Up = Un and as p → ∞, Up → Un+1. The spatial derivatives in
the implicit (left-hand-side) operators are represented using standard second-order centered approximations
whereas high-order discretizations are employed for the explicit terms (right-hand side). Although not shown
in Eqn. 4, nonlinear artificial dissipation terms22,23 are appended to the implicit operator to enhance stability.
In addition, for improved efficiency, the approximately-factored scheme is recast in diagonalized form.24 Any
degradation in solution accuracy caused by the second-order implicit operators, artificial dissipation and the
diagonal form are eliminated through the use of subiterations. Typically, two to three subiterations are
applied per time step.

Implicit Large Eddy Simulation Methodology

The ILES method to be used in the present computations was first proposed and investigated by Visbal et al.7

The underlying idea behind the approach is to capture with high accuracy the resolved part of the turbulent
scales while providing for a smooth regularization procedure to dissipate energy at the represented but poorly
resolved high wavenumbers of the mesh. In the present computational procedure the 6th-order compact
difference scheme provides the high accuracy while the low-pass spatial filters provide the regularization of
the unresolved scales. All this is accomplished with no additional sub-grid scale models as in traditional
LES approaches. An attractive feature of this filtering ILES approach is that the governing equations and
numerical procedure remain the same in all regions of the flow. In addition, the ILES method requires
approximately half the computational resources of a standard dynamic Smagorinsky sub-grid scale LES
model. This results in a scheme capable of capturing with high-order accuracy the resolved part of the
turbulent scales in an extremely efficient and flexible manner.

Boundary Conditions

The boundary conditions for the flow domain are prescribed as follows. At the solid surface, the no slip
condition is applied, requiring that the fluid velocity at the wing surface match the surface velocity. In
addition, the adiabatic wall condition, ∂T

∂n = 0, and the normal pressure gradient condition ∂p
∂n = 0 are

specified. Along the O-grid cut spatial periodicity is imposed by means of a grid overlap region.
The treatment of the farfield boundaries is based on the approach proposed and evaluated previously in

Reference 25 for some acoustic benchmark problems. This method exploits the properties of the high-order,
low-pass filter in conjunction with a rapidly stretched mesh. As grid spacing increases away from the region
of interest, energy not supported by the stretched mesh is reflected in the form of high-frequency modes
which are annihilated by the discriminating spatial filter operator. An effective “buffer” zone is therefore
created using a few grid points in each coordinate direction to rapidly stretch to the farfield boundary.
No further need for the explicit incorporation of complicated boundary conditions or modifications to the
governing equations is then required. Freestream conditions are specified along the inflow portion of the
farfield boundary, while simple extrapolation of all variables is used on the outflow and side boundaries.
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Structural Dynamics Solver

Structural modeling of the elastic membrane will be accomplished using a geometrically nonlinear p-version
mixed Reissner-Mindlin plate element. The kinematical assumptions for this model are based on Mindlins
hypothesis that fibers normal to the middle plane of the plate remain straight and do not change length.
The kinematic description of the plate deflections (u,v, and w in the x, y and z directions respectively) is
given by:

u = û+ z(θ − 1
6
(θ3 + θψ2))

v = v̂ + z(ψ − 1
6
(θ2ψ + ψ3)) (6)

w = ŵ − 1
2
z(θ2 + ψ2)

where θ and ψ are rotations of fibers orthogonal to the mid-plane and û, v̂, and ŵ are the components of
the mid-plane deflection vector um. Applying Hamilton’s principle a variational statement for the problem
may be developed with the result being written as follows:∫ t1

t0

[∫
Ω

(
ρhδuT

müm + IρδΛT Λ̈ + δεTN + δQTC−1
s Q+ δQT γT +

δγTQ
)
dΩ
]
dt =

∫ t1
t0

[∫
Ω

(
hδuT

mb+ δuT
mΦ + zδΛT Φ− δuT

mhcu̇m

−δΛT ch3

12 Λ̇
)
dΩ + δDTF

]
dt (7)

where Λ = [θ, ψ, 0]T , Φ are the nonconservative surface tractions, b the body loads, F the prescribed
concentrated forces with D the corresponding displacements. Q, N and M are the shear, membrane and
bending stress resultant vectors. In the present formulation a linear isotropic material is assumed providing
a linear relationship between the stress resultants and the strain vectors. A mixed finite element approach
to solve the variational problem is developed where hierarchical shape functions of Szabó and Babŭska26 are
used to interpolate the displacements and rotations and Legendre polynomials are used to interpolate the
shear stress variables. The resulting discrete equations are integrated in time using a Newmark acceleration
method with the resulting linear equations set being solved using a parallel multifrontal solver in conjunction
with a Newton-Raphson predictor-corrector algorithm. A detailed description of the development of this
technique may be found in Reference 11.

III. Aerodynamic/Structural Coupling

Coupling of the aerodynamics with the membrane response occurs through the external loads Φ, and by
the resulting deflection of the membrane, which is returned to the aerodynamic grid. Interpolation between
the aerodynamic and structural meshes is accomplished using the finite element shape functions. Bilinear
shape functions are used for this interpolation in the present implementation. In the present computations
a one-to-one match is used between the structural and fluid meshes, however.

When solving fluid/structure interactions, the aerodynamic mesh must be allowed to move in accordance
with the motion of the structural surface. A simple algebraic method described in Ref. 27 deforms the
aerodynamic mesh to accommodate the changing membrane surface position. This grid motion strategy has
proved adequate for the membrane motions considered in the present work.

Implicit coupling of these two sets of equations is achieved by a global subiteration strategy. During
each subiteration the aerodynamic forces in the membrane equations are updated and the new surface dis-
placements are provided to the aerodynamic solver. Using this approach the temporal lag between the
aerodynamic and membrane equations may be eliminated and a complete synchronization of the aero-
dynamic/structural equation set is achieved. Any factorization or linearization errors introduced in the
equations may also be eliminated using this global subiteration procedure. The resulting coupled procedure
retains second order temporal accuracy.
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IV. Results

The membrane wing to be studied is based on the experimental model of Rojratsirikul et al,13 Figure 1.
The wing tested was rectangular with an aspect ratio, AR = 2. The wing consisted of a rigid frame with an
airfoil shaped cross section made from stainless steel and was covered with an attached membrane sheet of
latex rubber. The latex sheet had a thickness of t = 0.2mm, Young’s modulus of 2.2MPa, and a density,
ρm = 1gr/cm3.

A set of 7 overset meshes was used to develop the computational grid around the membrane wing, Figure 2.
The main grid consists of an o-mesh with 339 points around the wing in the chordwise direction, 228 points
in the spanwise direction, and 151 points normal to the wing. The nominal spacing in the chordwise and
spanwise directions is ∆x = 0.01 and ∆y = 0.01 respectively, with appropriate refinement near the leading
and trailing edges and wing tips. The initial spacing normal to the surface is ∆z = 0.0001. Cap meshes at
the wing tips are used to resolve the wing tip structure. Four additional meshes are then employed to extend
the grids to the spanwise boundaries. The total number of grid points employed is 17,638,228. These seven
initial meshes are further subdivided into 199 grids to facilitate parallel processing.

The experiments were performed over an angle of attack range from α = 0 to 25 degrees and for freestream
velocities of U∞ = 5, 7.5 and 10 m/s which corresponds to Reynolds numbers based on chord length of
Re = 24, 300, 36, 500, and 48, 700 respectively. Computations for the lowest speed, U∞ = 5 m/s, and an
angle of attack α = 16◦, are carried out in the present work.

Comparison with Experiment

Figures 3a,b compare the computed results for α = 16◦ with corresponding experimental PIV measure-
ments13 in the mid-span plane of the wing. For this comparison the experimental geometry was a rigid
flat-plate wing with leading- and trailing-edges rounded to match the experimental membrane wing. In the
computations the rigid geometry is the actual experimental membrane wing geometry with the membrane
fixed in a flat position. Figure 3a compares the mean in-plane velocity magnitude. The overall qualitative
agreement between the computations and experiment is quite good. The experimental measurements do
exhibit a slightly larger separated flow as indicated by the greater extent of the low velocity flow region.
Figure 3b displays the computed and measured turbulence intensity. A strong band of turbulence inten-
sity associated with the separated shear layer is noted. The experiment and computations both show the
same character but higher levels of turbulence intensity are measured in the experiment, particularly further
downstream.

In Figures 4a,b similar comparisons are made for the flexible membrane wing. Figure 4a portrays the
mean in-plane velocity on the mid-plane of the wing. The overall agreement between the experiment and
computation in this case is again quite good. The comparison of the turbulence intensities is also reasonable
albeit with the computations exhibiting a somewhat broader region of high turbulence intensity with the
peak levels diminishing further downstream.

Figure 5a plots the maximum mean deflection of the membrane surface for the computation and exper-
iment. The computations underpredict the maximum mean deflection measured in the experiment. The
computed mean deflection is primarily in the first mode, Fig. 5b and is symmetric about the mid-plane. The
location of maximum deflection occurs on the centerline of the wing and is slightly forward of the mid-chord
at x/c = 0.425. These observations are consistent with the character of the experimental mean membrane
deflection.13

Mean Flow Structure

In this section the impact of membrane flexibility on the mean flow structure over the wing is investigated.
Previous computations5 and experiments14,15 have shown the impact of both mean camber and the dynamic
motion of the membrane on the performance of a two-dimensional membrane airfoil. In order to delineate
the influence of the development of mean camber and the dynamic motion of the membrane surface for the
aspect ratio two wing, computational results for a rigid, flat-membrane wing, a rigid, cambered wing with
the shape of the mean deflection for the flexible case, and the flexible membrane wing are compared.

An initial understanding of the influence of flexibility is obtained by examining the flow on the mid-plane
of the wing. Figures 6a-c plot contours of the normalized total pressure and restricted streamlines on the
mid-plane. For the rigid, flat-membrane wing a large separated flow region characterized by lower values

5 of 17

65 
Approved for public release; distribution unlimited.



of total pressure and reversed axial flow extends over the full length of the wing, Fig. 6a. When the mean
camber is introduced the height of the separated flow region is reduced and the separated flow is split into a
larger upstream region and a small, shallow region downstream towards the trailing edge, Fig. 6b. For the
flexible case the separated flow region is reduced even further and is located only over the front portion of
the wing.

To better understand the three-dimensional structure of the flow, Figures 7a-c show the pressure co-
efficient and limiting streamline pattern on the upper surface of the membrane wing. For the rigid, flat-
membrane wing separated flow covers the majority of the wing with the attachment line reaching the trailing
edge over the mid-section of the wing, Fig. 7a. Two stable foci are observed in the separated flow region.
Low pressure associated with the separated flow covers a significant portion of the wing with lower pressures
located under the two distinct stable foci, Fig. 7a. Two narrow low pressure regions located along the tips
of the wing are the low pressure imprint of the tip vortices on the wing surface.

Introducing the mean cambering of the flexible membrane wing results in a decrease in the size of the main
separated flow region with primary flow attachment occurring upstream from the trailing edge, Fig. 7b. The
two foci observed in Fig. 7a have moved upstream and outboard and are now located in the upstream corners
of the wing. Lower values of the pressure coefficient are observed in the separated flow region. Figure 7c
presents the results for the flexible case. A further reduction in the size and extent of the separated region is
observed with flow attachment now located near the mid-chord of the wing. Even lower values of the pressure
coefficient in the separated flow region are observed with strong low pressure in the upstream corners of the
wing.

Contours of chordwise and spanwise velocities on a horizontal plane located at z/c = 0.035, Fig. 8, provide
further insight into how the three-dimensional flow is affected by the membrane flexibility. For the rigid,
flat-membrane wing reversed flow associated with the extensive separated flow exists over the majority of the
wing and extends beyond the trailing edge over a portion of the mid-span, Fig. 8a. Outward spanwise flow is
observed upstream, with inboard flow further downstream. This arises from the swirling flow associated with
the two nodes seen in the surface streamlines, Fig. 7a. As mean camber and dynamic membrane motion are
introduced the chordwise extent of the reversed axial flow is reduced with positive axial flow now occurring
over the full wing span downstream, Figs. 8b,c. This is consistent with the reduction in size of the separated
flow. The upstream zones of outward spanwise velocity are diminished in size and strong inboard axial
velocity develops downstream of these zones on the outboard portion of the wing. This enhanced inboard
velocity is associated with a stronger turning of the flow arising from the reduced size of the separation zone.

The impact of flexibility on the tip vortex is displayed in Figure 9 where contours of the axial component
of vorticity are plotted at axial stations x/c = 0.425 and x/c = 0.9. The addition of mean camber strengthens
the tip vortex at each axial location and the vortex moves slightly further away from the surface, Fig. 9b. The
tip vortex in the flexible case, Fig. 9c, exhibits a minimal reduction in strength from the mean cambered case.
The change in the tip vortex strength and location produces a mild enhancement of the suction pressures
on the upper surface of the wing underneath the tip vortex.

The modification of the flow structure due to the flexibility of the membrane wing impacts the aerody-
namic performance of the wing. Figure 10 plots the sectional lift coefficient versus the span location for each
of the cases considered. For all cases the wing exhibits a fairly uniform lift over the middle portion of the
wing (x/c = −0.5 to 0.5) with the sectional lift decreasing as the wing tip is approached. This lift results
primarily from the low pressures produced by the separated flow over the upper surface of the wing. The
lift increases with the inclusion of the mean camber and has its highest values for the flexible membrane
wing which produces the most suction under the separated flow region. While the tip vortex produces larger
values of sectional lift near the wing tips, these occur over a relatively small portion of the wing (5% of the
span). The primary driver of the lift being produced by this wing is the low pressure region associated with
the separated flow.

Table 1. Aerodynamic Coefficients

CL CD L/D Cmy

Rigid Flat Wing 0.965 0.235 4.112 -0.160
Rigid Cambered Wing 1.020 0.269 3.794 -0.140

Flexible Wing 1.026 0.263 3.903 -0.123

6 of 17
66 

Approved for public release; distribution unlimited.



Table 1 lists the aerodynamic coefficients for each of the cases computed. The rigid, cambered wing
demonstrates a slight improvement in the total lift coefficient albeit at the cost of increased drag and reduced
L/D. The flexible case performs slightly better than the mean cambered airfoil indicating a favorable effect
due to the dynamic motion of the membrane. The pitching moment exhibits a continual reduction of the
nose down pitching moment when going from the rigid, flat-membrane wing to the flexible membrane wing.

Unsteady Flow Structure and Membrane Wing Dynamics

This section provides a description of the unsteady flow structure and the dynamic structural response for the
membrane wing. Figure 11 displays the dynamic response of the membrane surface over approximately one
cycle of the structural motion (a-b-c-d-e-a). The upper half of Figure 11 shows the total membrane deflection.
From these figures the global structural response is seen to be in the first mode, which is consistent with the
mean deflection shown in Fig. 5b. The region of maximum deflection moves downstream and subsequently
back upstream over one cycle of the membrane motion. If the mean first mode deflection is subtracted from
the total surface deflection, a second streamwise structural mode is more clearly discerned in the lower half
of Figure 11. These observations concerning the membrane dynamics are consistent with those made by
Rojratsirikul et al12 for an angle of attack, α = 17◦.

Figure 12 presents results of a fourier analysis of the time histories of the surface deflection at locations
on the centerline of the wing at chordwise stations x/c = 0.25, x/c = 0.5, and x/c = 0.75. This analysis
indicates two dominant frequencies in the structural response, St = 0.66 and St = 0.954. A third peak at
the first harmonic of the lower frequency, St = 1.32 but with a smaller amplitude is also captured. At the
upstream location, x/c = 0.25, the dominant frequency is St = 0.954. This frequency is associated with
the second mode structural response. At the locations further downstream the lower frequency St = 0.66
becomes the dominant peak.

The three dimensional, unsteady flow structure over the flexible membrane wing is visualized in Figure 13
by plotting an isosurface of the Q-criterion28 colored by pressure coefficient. The flow separates from the
leading edge and the separated shear layer rolls up into a series of longitudinal vortical structures, Fig. 13b. A
complex amalgamation of these longitudinal structures is formed, Figs. 13c-d, and is subsequently shed and
convects downstream, Figs. 13e-b. These longitudinal vortical structures are subject to spanwise instabilities
and breakdown into a complex collection of small scale structures as they convect downstream. This process
can be observed further by examining contours of spanwise vorticity in the mid-plane of the wing, Fig. 14.
The merging of the vortices, Fig. 14c,d and their subsequent shedding and convection downstream, Figs. 14e-
b, are again evident. Such a distinct shedding process is not clearly discerned in the rigid, flat-membrane
wing case and results from the influence of the membrane motion on the vortex dynamics of the separated
flow. Much larger surface pressure fluctuations, Figure 15c, are observed for this flexible case when compared
with either the rigid-flat or mean-cambered wing cases, Figs. 15a,b.

Figure 16 compares the dominant frequencies for the unsteady lift and pitching moment for the flexible
wing with those for the rigid-flat membrane wing. For both the lift and pitching moment the rigid, flat-
membrane wing exhibits a very low frequency around St ≈ 0.2 as well as a peak at St = 0.66 which
corresponds to the low frequency peak observed in the membrane structural response, Fig. 12. For the
flexible membrane wing additional higher frequency peaks corresponding to the higher frequencies in the
structural response are introduced. For the lift coefficient a peak at St = 1.32 is produced while peaks at
both St = 0.954 and St = 1.32 are present for the pitching moment. These results demonstrate the close
coupling between the unsteady flow over the wing and the structural response of the wing.

One other interesting difference noted in the flow structure concerns substructures observed in the shear
layer that rolls up to form the tip vortex, Fig. 17. For the rigid, flat-membrane wing substructures are
observed in the shear layer that rolls up to form the tip vortex over the full chordwise extent of the wing,
Fig. 17a. In the case of the flexible membrane wing these substructures only occur downstream towards the
trailing edge, Fig. 17b. The origins of these substructures and the differences noted between the rigid and
flexible case are a source for further investigation.

V. Conclusions

An aeroelastic solver coupling a high-order computational method for the Navier-Stokes equations with a
mixed Reissner-Mindlin finite-element plate model for applications to flexible membrane wing problems has
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been developed. An implicit LES scheme is used to accurately capture the laminar/transitional/turbulent
flowfields for the low Reynolds number flows considered. Synchronization of the fluid and structural solvers
is accomplished by employing subiterations.

Computations were performed for an aspect ratio two membrane wing at an angle of attack, α = 16◦

and a Reynolds number, Re = 24, 300. Three different wings were considered: a rigid, flat membrane wing,
a rigid, cambered wing with the shape of the mean deflection for the flexible wing, and a flexible membrane
wing. Comparisons of the computational results with experimental PIV measurements and surface deflection
measurements demonstrated reasonable agreement.

The flexible membrane wing produces a reduced separation region due to the fluid-structure interaction
between the structural dynamics of the membrane and the unsteady flow over the wing. The flexible mem-
brane exhibited a mean first mode deflection with a dynamic response in the second streamwise structural
mode. Enhanced lift is obtained in the flexible case albeit at the cost of increased drag and a lower lift
to drag ratio. The nose down pitching moment is reduced. The impact of flexibility on the aerodynamic
performance was demonstrated to come primarily from the development of mean camber with an additional
effect arising from the interaction between the dynamic motion of the membrane and the unsteady flowfield
above.

VI. Acknowledgment

This work was sponsored by the Air Force Office of Scientific Research under a tasks monitored by Dr.
Doug Smith. The authors would like to thank Dr. Ismet Gursul of the University of Bath for providing their
experimental measurements. This work was supported in part by a grant of HPC time from the DoD HPC
Shared Resource Centers at the Air Force Research Laboratory and the US Army Engineer Research and
Development Center.

References

1Lian, Y. and Shyy, W., “Numerical Simulations of Membrane Wing Aerodynamics for Micro Air Vehicle Applications,”
Journal of Aircraft , Vol. 42, No. 4, July-August 2005, pp. 865–873.

2Lian, Y. and Shyy, W., “Three-Dimensional Fluid-Structure Interactions of a Membrane Wing for Micro Air Vehicle
Applications,” AIAA-2003-1726, April 2003.

3Lian, Y., Shyy, W., Ifju, P., and Verron, E., “A Computational Model for Coupled Membrane-Fluid Dynamics,” AIAA-
2002-2972, June 2002.

4Persson, P.-O., Peraire, J., and Bonet, J., “A High Order Discontinuous Galerkin Method for Fluid-Structure Interaction,”
AIAA-2007-4327, June 2007.

5Gordnier, R. E., “High Fidelity Computational Simulation of a Membrane Wing Airfoil,” Journal of Fluids and Struc-
tures, Vol. 25, No. 5, July 2009, pp. 897–917.

6Gordnier, R. E. and Attar, P. J., “Implicit LES Simulations of a Low Reynolds Number Flexible Membrane Wing Airfoil,”
AIAA-2009-0579, January 2009.

7Visbal, M. R., Morgan, P. E., and Rizzetta, D. P., “An Implicit LES Approach Based on High-Order Compact Differencing
and Filtering Schemes (Invited),” AIAA-2003-4098, June 2003.

8Gaitonde, D. and Visbal, M., “High-Order Schemes for Navier-Stokes Equations: Algorithm and Implementation into
FDL3DI,” Tech. Rep. AFRL-VA-WP-TR-1998-3060, Air Force Research Laboratory, Wright-Patterson AFB, 1998.

9Gaitonde, D. and Visbal, M., “Further Development of a Navier-Stokes Solution Procedure Based on Higher-Order
Formulas,” AIAA Paper 99-0557 , January 1999.

10Visbal, M. and Gaitonde, D., “High-Order Accurate Methods for Complex Unsteady Subsonic Flows,” AIAA Journal ,
Vol. 37, No. 10, 1999, pp. 1231–1239.

11Attar, P. J., “Some results for approximate strain and rotation tensor formulations in geometrically non-linear Reissner-
Mindlin plate theory,” International Journal of Non-Linear Mechanics, Vol. 43, 2008, pp. 81–99.

12Rojratsirikul, P., Wang, Z., and Gursul, I., “Unsteady Aerodynamics of Low Aspect Ratio Membrane Wings,” AIAA-
2010-0729, January 2010.

13Rojratsirikul, P., Genc, M. S., wang, Z., and Gursul, I., “Flow-induced vibraions of low aspect ratio rectangular membrane
wings,” Journal of Fluids and Structures, Vol. 27, No. 11, 2011, pp. 1296–1309.

14Rojratsirikul, P., Wang, Z., and Gursul, I., “Unsteady Aerodynamics of Membrane Airfoils,” AIAA-2008-0613, January
2008.

15Song, A., Tian, X., Israeli, E., Galvao, R., Bishop, K., Swartz, S., and Breuer, K., “The Aero-Mechanics of Low Aspect
Ratio Compliant Membrane Wings, with Applications to Animal Flight,” AIAA-2008-0517, January 2008.

16Anderson, D., Tannehill, J., and Pletcher, R., Computational Fluid Mechanics and Heat Transfer , McGraw-Hill Book
Company, 1984.

17Lele, S., “Compact Finite Difference Schemes with Spectral-like Resolution,” Journal of Computational Physics, Vol. 103,
1992, pp. 16–42.

8 of 17

68 
Approved for public release; distribution unlimited.



18Visbal, M. and Gaitonde, D., “High-Order Accurate Methods for Unsteady Vortical Flows on Curvilinear Meshes,” AIAA
Paper 98-0131 , January 1998.

19Gaitonde, D., Shang, J., and Young, J., “Practical Aspects of High-Order Accurate Finite-Volume Schemes for Electro-
magnetics,” AIAA Paper 97-0363 , Jan. 1997.

20Alpert, P., “Implicit Filtering in Conjunction with Explicit Filtering,” J. Comp. Phys., Vol. 44, 1981, pp. 212–219.
21Beam, R. and Warming, R., “An Implicit Factored Scheme for the Compressible Navier-Stokes Equations,” AIAA

Journal , Vol. 16, No. 4, 1978, pp. 393–402.
22Jameson, A., Schmidt, W., and Turkel, E., “Numerical Solutions of the Euler Equations by a Finite Volume Method

Using Runge-Kutta Time Stepping Schemes,” AIAA Paper 81-1259 , 1981.
23Pulliam, T., “Artificial Dissipation Models for the Euler Equations,” AIAA, Vol. 24, No. 12, 1986, pp. 1931–1940.
24Pulliam, T. and Chaussee, D., “A Diagonal Form of an Implicit Approximate-Factorization Algorithm,” Journal of

Computational Physics, Vol. 39, No. 2, 1981, pp. 347–363.
25Visbal, M. and Gaitonde, D., “Very High-Order Spatially Implicit Schemes for Computational Acoustics on Curvilinear

Meshes,” Journal of Computational Acoustics, 2001.
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Figure 1. Membrane Wing Geometry12
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Figure 2. Computational Grid for Membrane Wing

Figure 3. Comparison of computational results for the rigid, flat-membrane wing with experimental measure-
ments12 at α = 16◦: a)Mean Velocity Magnitude and b) Turbulence Intensity
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Figure 4. Comparison of computational results for the flexible membrane wing with experimental measure-
ments12 at α = 16◦: a)Mean Velocity Magnitude and b) Turbulence Intensity

Figure 5. a) Comparison of computational and experimental maximum mean surface deflection and b)computed
mean membrane deflection
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Figure 6. Normalized total pressure and restricted streamlines on the mid-plane of the membrane wing:a)
rigid, flat- b)rigid, mean-cambered and c)flexible membrane wing

Figure 7. Surface pressure coefficient and limiting streamline pattern:a) rigid, flat- b)rigid, mean-cambered
and c)flexible membrane wing
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Figure 8. Axial velocity (upper) and spanwise velocity (lower) on a horizontal plane above the wing, z/c =
0.035:a) rigid, flat- b)rigid, mean-cambered and c)flexible membrane wing

Figure 9. Tip vortex represented via contours of axial vorticity at x/c = 0.425 (upper) and x/c = 0.9 (lower):
a) rigid, flat- b)rigid, mean-cambered and c)flexible membrane wing
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Figure 10. Mean spanwise lift distribution for the rigid, flat-, rigid, mean-cambered and flexible membrane
wing

Figure 11. Total surface defection z/c (upper) and difference from the mean deflection (z−zmean)/c (lower):a)τ =
0.0, b) τ = 0.25, c) τ = 0.5, d) τ = 0.75 e)τ = 1.0
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Figure 12. Fourier analysis of the dynamic response of the membrane surface at three axial locations along
the centerline of the wing

Figure 13. Isosurfaces of Q-criterion colored by pressure coefficient for the flexible membrane wing:a)τ = 0.0,
b) τ = 0.25, c) τ = 0.5, d) τ = 0.75 e)τ = 1.0
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Figure 14. Contours of spanwise vorticity on the mid-plane of the flexible membrane wing:a)τ = 0.0, b) τ = 0.25,
c) τ = 0.5, d) τ = 0.75 e)τ = 1.0

Figure 15. Surface pressure fluctuations on the upper surface of the wing: a) rigid, flat- b)rigid, mean-cambered
and c)flexible membrane wing
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Figure 16. Fourier analysis of a) lift coefficient and b)pitching moment coefficient time histories

Figure 17. Shear layer substructures in the tip vortex visualized by isosurfaces of the Q-criterion:a)Rigid, flat-
and b) flexible membrane wing
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Numerical exploration of the origin of aerodynamic enhancements in [low-Reynolds

number] corrugated airfoils

Caleb J. Barnesa) and Miguel R. Visbalb)

Wright-Patterson Air Force Base, WPAFB, OH. 45433,

USA

This paper explores the flow structure of a corrugated airfoil using a high-fidelity

implicit large eddy simulation (ILES) approach. The first three-dimensional simu-

lations for a corrugated wing section are presented considering a range of Reynolds

numbers of Rec = 5 × 103 to 5.8 × 104 bridging the gap left by previous numerical

and experimental studies. Several important effects are shown to result from the cor-

rugations in the leading-edge region. First, interaction between the detached shear

layer and the first corrugation peak promotes recirculation upstream and enhances

transition to turbulence due to flow instabilities. Thus, early transitional flow devel-

ops on the corrugated wing which helps to delay stall even at Reynolds numbers as

low as Rec = 1 × 104. Transition is shown to occur as early as Rec = 7.5 × 103 and

quickly advances toward the leading-edge as Reynolds number is increased. Modifi-

cation of the first corrugation peak height produces significantly reduced separation

and improved aerodynamic forces demonstrating the sensitivity of flow behavior to

leading-edge geometry. Second, the unusual orientation of the corrugated surface

and strong suction resulting from rapidly turning fluid over the separated region up-

stream of the first corrugation produces a new effect which serves to reduce drag.

This effect was amplified through the enhanced interaction produced by a modified

geometry. Corrugations were found to be most advantageous in the leading-edge

region and could be optimized to properly take advantage of the flow field under

different operating conditions.

a)Electronic mail: caleb.barnes@wpafb.af.mil;
b)Electronic mail: miguel.visbal@wpafb.af.mil
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I. INTRODUCTION

In recent years, the development of small unmanned air systems (UASs) has become an

area of great interest for researchers in both civilian and military applications. Design for

these small aircraft must overcome a number of challenges including low Reynolds numbers

(Rec = 1× 103 to 1× 105), low weight requirements, and more challenging aerodynamics1,2.

The rising importance of small UAS has spurred the need for the development of high-

performance airfoils in low-Reynolds number regimes. Good flight mechanics are difficult

to produce for such small-scale conditions due the tendency for flows to contain significant

laminar regions2,3. Specifically, low-Reynolds number flows are not very resistant to adverse

pressure gradients occurring at moderate angles of attack and are prone to flow separation.

Flow separation can either reattach to the body forming a separation bubble or result in

aerodynamic stall. While both instances increase the drag, the latter is greatly detrimental

to performance. Airfoils on larger aircraft depend on the early transition to turbulent flow

seen at higher Reynolds numbers to reduce separation and overcome stall1.

Many very successful examples of small-scale flight may be found in birds, insects, bats

and other species. For this reason, it only makes sense to look to and borrow from nature

in order to overcome many of the current challenges. Dragonflies are of particular interest

due to their broad range of flight capabilities including hovering and gliding. While gliding

is an uncommon flight mode for insects, it is commonly observed in dragonflies as an energy

saving technique4 and may be useful in small UAS design. Dragonfly wings were found

to have among the highest lift coefficients of all insects studied in gliding flight while drag

coefficients are similar to those of a flat plate4. These wings have a large aspect-ratio and a

highly corrugated structure5.

Several wind tunnel studies have discussed and shown possible advantages of the cor-

rugations in dragonfly wings. For example, Rees6 and Rudolph7 concluded that dragonfly

wings behave as a smooth airfoil because fluid becomes trapped in the valleys creating an

effectively streamlined profile. Rudolph7 demonstrated dragonfly wings reduced or delayed

flow separation with increasing angle of attack. Wakeling and Ellington4 observed an in-

creased lift and Okamoto et al.8 showed an increase in both maximum lift and lift-to-drag

ratio. Both of the latter studies attributed aerodynamic enhancements to the effects of the

surface structure.

2
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In addition to aerodynamic benefits, corrugations have been shown to improve spanwise

rigidity which is necessary in the high aspect-ratio wings of dragonflies. For instance, Kesel

et al.9 modeled the structure of the forewing from the dragonfly Aeshna Cyanea using finite

element analysis and determined the corrugated vein network greatly increased the structural

strength and rigidity of the wing while using the least possible material. Hord and Lian10

evaluated the structural benefits of a two-dimensional corrugated wing cross-section and

found a greatly improved structural rigidity compared to a flat plate.

In an effort to clarify the impact of the corrugated structure of dragonfly wings, Kesel11

studied a number of wing cross-sections extracted from the forewing of the species Aeshna

Cyanea and measured aerodynamic forces at chord Reynolds numbers of 7,880 and 10,000 in

a wind tunnel experiment. The flow field adhered to a smooth effective geometry around the

corrugations due to the formation of vortices in the valleys similar to the conclusions of Rees6

and Rudolph7. This envelope, referred to as the ‘virtual profile’ by several authors, and in

the current work, allowed the corrugated geometry at low Reynolds numbers to behave in a

manner similar to a streamlined airfoil at higher Reynolds numbers.

A series of wind tunnel experiments including particle image velocimetry (PIV) on a

corrugated airfoil based on Kesel’s are presented in Refs. 12–14 for Reynolds numbers

ranging from 34,000 to 125,000. The corrugated profile generated higher lift and delayed

stall at higher angles compared to a flat plate and a smooth airfoil, but these benefits

reached a limitation around a Reynolds number of 100,000. The PIV measurements provided

captured the vortex structure and revealed two mechanisms helping to delay large-scale flow

separation: the corrugation peaks tripped turbulence increasing the kinetic energy in the

boundary layer, and unsteady vortices formed in the corrugation valleys pull the boundary

layer toward the airfoil body.

A number of two-dimensional, low-order numerical studies have been performed using

geometries inspired by Kesel’s11 airfoil sections. For instance, Vargas and Mittal15 modeled

a corrugated geometry in two-dimensions at a Reynolds number of 10,000. Shear drag

was shown to be very low compared to smooth configurations and gives the corrugated

geometry an advantage. Later, Vargas et al.16 continued the study for Reynolds numbers

from 500 to 10,000. They deduced the reason for the lower drag was due to a negative shear

stress resulting from the recirculation in the valleys. The corrugated geometry was found

to perform better than a flat plate at Reynolds numbers exceeding 5,000 concluding that

3
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pleated wings are capable of at least matching conventional airfoil performance under small

UAS operating conditions.

Another two-dimensional numerical study was performed by Kim et al.17 on a similar

geometry for Reynolds numbers of 150, 1400, and 10,000. This computation focused on

the effects of corrugation on lift which was evaluated by closing off upper and lower-surface

valleys. While the drag coefficient was not significantly affected by the presence of corruga-

tions, these features resulted in lift enhancement for positive angles of attack. The influence

of the corrugations on lift was not found to be dependent on Reynolds number for the cases

presented.

Recently, Hord and Lian10,18 studied a corrugated wing section at several angles of attack

for Reynolds numbers of 500, 1,000 and 2,000 comparing the pleated geometry to a flat

plate. They found that the corrugated airfoil produces higher drag and similar lift as the

flat plate under these conditions. Structural analysis led to the conclusion that the primary

benefit lies in structural considerations for these low Reynolds numbers.

The aforementioned experiments and simulations have shown biomimetic corrugated air-

foils generally appear to result in favorable aerodynamics except at very low Reynolds num-

bers. It should be noted that while all the previous computations and experiments of

corrugated airfoil sections are based on those of Kesel11, they are not consistently defined

between studies. It would seem that these corrugations, finely tuned by nature, are very

sensitive to the specific geometry which could account for some of the inconsistencies in

observations at low Reynolds numbers.

Based on the results of previous investigations, the most practical aerodynamic applica-

tions for the corrugated geometries appears to lie in the regime of 1× 104 ≤ Rec ≤ 1× 105

which has not been sufficiently covered in the literature and is most relevant to small UAS

flight. Although a number of two-dimensional numerical experiments highlight the physics

of corrugated airfoils at very low Reynolds numbers, detailed high-order, three-dimensional

simulations exploring the effect of transition on corrugated airfoils are not available. The

current work seeks to address these issues using an implicit large eddy simulation (ILES)

approach on the corrugated airfoil section provided in Murphy & Hu13. Computations are

performed over a range of Reynolds numbers of 5×103 ≤ Rec ≤ 5.8×104 applicable to small

unmanned aircraft. The effects of transition on corrugated wings is explored and the first

three-dimensional simulations of a corrugated wing section, to the author’s knowledge, are
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presented. This paper emphasizes the role of the leading-edge region geometry on the devel-

opment of flow features and demonstrates the high degree of sensitivity of flow interactions

with the corrugation shape.

II. GOVERNING EQUATIONS

The full unsteady Navier-Stokes equations are cast in strong conservation form and

transferred from Cartesian coordinates (x, y, z, t) in the physical domain to the compu-

tation domain in curvilinear coordinates (ξ, η, ζ, τ)19,20. The system of equations are non-

dimensionalized and written in vector form as,

∂

∂τ

(
�U

J

)
+

∂F̂

∂ξ
+

∂Ĝ

∂η
+

∂Ĥ

∂ζ
=

1

Re

[
∂F̂v

∂ξ
+

∂Ĝv

∂η
+

∂Ĥv

∂ζ

]
(1)

where the vector of conservative variables is given as

�U =
[
ρ ρu ρv ρw ρE

]T
(2)

and J = ∂(ξ, η, ζ, τ)/∂(x, y, z, t) is the transformation Jacobian21.

The inviscid flux vectors are defined by

F̂ =
1

J

⎡
⎢⎢⎢⎢⎢⎢⎢⎢⎣

ρU

ρuU + ξxp

ρvU + ξyp

ρwU + ξzp

(ρE + p)U − ξtp

⎤
⎥⎥⎥⎥⎥⎥⎥⎥⎦
, Ĝ =

1

J

⎡
⎢⎢⎢⎢⎢⎢⎢⎢⎣

ρV

ρuV + ηxp

ρvV + ηyp

ρwV + ηzp

(ρE + p)V − ηtp

⎤
⎥⎥⎥⎥⎥⎥⎥⎥⎦
, Ĥ =

1

J

⎡
⎢⎢⎢⎢⎢⎢⎢⎢⎣

ρW

ρuW + ζxp

ρvW + ζyp

ρwW + ζzp

(ρE + p)W − ζtp

⎤
⎥⎥⎥⎥⎥⎥⎥⎥⎦
(3)

where

U = ξt + ξxu+ ξyv + ξzw

V = ηt + ηxu+ ηyv + ηzw

W = ζt + ζxu+ ζyv + ζzw

(4)

are the contravariant velocities and

E =
T

(γ − 1)M2∞
+

1

2
(u2 + v2 + w2) (5)

is the internal energy. Here the quantities u, v, and w are the Cartesian velocity components,

ρ is the density, p is pressure, and T is temperature.
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The viscous flux vectors are given by

F̂v =
1

J
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0
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in indicial notation where the stress tensor (σij) and heat flux vector (Θi) are defined as

σij = μ

(
∂ξk
∂xj
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∂xi
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− 2
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δij
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and

Θi = −
[

1

(γ − 1)M2∞

]( μ

Pr

) ∂ξj
∂xi

∂T

∂ξj
(8)

Here M∞, μ, and γ are the free stream Mach number, dynamic viscosity, and ratio of

specific heats respectively. Additionally, Stoke’s hypothesis was used for the bulk viscosity

coefficient where λ = −2/3μ and the perfect gas relationship p = ρT/γM2
∞ was assumed.

The Prandtl number (Pr) was chosen as a constant value of Pr = 0.72 for air.

Each of the flow variables were normalized by the free stream values except pressure

which was non-dimensionalized by ρ∞u2
∞ while length scales were non-dimensionalized by

the chord length. Sutherland’s law and the perfect gas law were used to close the Navier-

Stokes equations.

The above form of the Navier-Stokes equations is unfiltered and used to solve laminar,

transitional, and turbulent flow regions without change using an implicit large-eddy (ILES)

simulation procedure. The ILES procedure does not require sub-grid-scale (SGS) models or

additional heat flux terms required by the standard large-eddy-simulation (LES) approach.

Alternatively, a high-order, low-pass Padé-type filter is applied to the conserved variables of

the standard Navier-Stokes equations. This operator is highly-discriminating and selectively

damps only the poorly resolved high-frequency content of the solution22,23. The filtering

regularization procedure provides an effective alternative to the use of SGS models and has

been validated extensively for several canonical turbulent flows. A re-interpretation of this

ILES approach in the context of an Approximate Deconvolution Model24 has been presented

by Mathew et al25. As the grid resolution increases or Reynolds number decreases, the ILES

approach is effectively direct numerical simulation (DNS).
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III. NUMERICAL PROCEDURE

The high-order Navier-Stokes solver FDL3DI was used for all simulations in the present

study26,27. Here, spatial derivatives are discretized using high-order compact-differencing

schemes28. The computations in this work utilize a sixth-order stencil. High-order one-sided

formulas are used at the boundaries that retain the tridiagonal form26,27. Derivatives of the

inviscid fluxes are obtained by determining the fluxes at the nodal locations and differenti-

ating each component with the compact differencing scheme. Viscous terms are produced

by computing the primitive variable derivatives and then constructing the components of

the viscous flux vectors. The components of the viscous fluxes are then differentiated by a

second application of the same compact scheme.

In order to eliminate spurious components of the solution, a high-order, low-pass spatial

filtering technique26,29 is incorporated that is based on templates proposed in Refs. 28 and

30. With proper choice of coefficients, it provides a 2Nth-order formula on a 2N + 1 point

stencil. These coefficients, along with representative filter transfer functions, can be found

in Refs. 27 and 29. The filter is applied to the conserved variables along each transformed

coordinate direction once after each time step or sub-iteration. An 8th-order filter is used

for the interior points in the present work. For the near-boundary points, the filtering

strategies described in Refs. 26 and 29 are used. For transitional and turbulent flows, the

high-fidelity spatial algorithmic components provide an effective implicit LES approach in

place of traditional SGS models, as demonstrated in Refs. 22 and 23 and more recently in

Ref. 31.

Finally, time accurate solutions were obtained using the implicit, approximate-factorization

of Beam and Warming32 including the diagonalization of Pulliam and Chaussee33. Errors

can occur due to factorization, linearization, diagonalization, and explicit specification of

boundary conditions34. Therefore, temporal accuracy is maintained through the use of

Newton-like sub-iterations where three sub-iterations per time step have been found to be

sufficient.
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IV. DETAILS OF THE COMPUTATIONS

The corrugated airfoil shown in Fig. 1 was based on the cross-sections obtained by Kesel11

and the actual dimensions were provided in Ref. 13. The geometry was meshed using an

O-mesh topology shown in Fig. 2(a). The O-mesh was created by extruding a 2D plane

from the airfoil surface using a hyperbolic grid generator. In order to accommodate the high

order stencils used in FDL3DI, the sharp corners were given a small radius of curvature and

a denser point distribution. The curvature at the leading and trailing-edges is sharper than

some of the other numerical studies15–18, but was chosen to maintain as similar a geometry

as possible to that provided in Ref. 13.

An initial mesh was generated using a very fine distribution of 853 points circumferentially

around the airfoil surface (ξ-direction) in order to capture the flow structure around the sharp

corners of the peaks and valleys and 328 points radially outward (η-direction) to create a

2-dimensional computational plane. This grid was uniformly extruded along the airfoil span

(ζ-direction) to include a total of 125 points with a span length of 0.2. In order to capture

the physics in the near-body wake region at positive angles of attack, 61% of the points used

in the ξ-direction were located on the upper surface of the airfoil.

The mesh was coarsened using a bi-cubic spline interpolation procedure in order to main-

tain geometric similarity between the different levels of refinement. Table I shows the grid

dimensions used in this study. The coarsest mesh was obtained by reducing the number of

solution points in the η and ζ-directions to half the nominal value of total points. Because

of the complicated geometry of the corrugated airfoil and number of sharp corners, the ξ-

direction was left unchanged during refinement in order to preserve the airfoil geometry and

maintain consistent flow over the sharp peaks and valleys.

TABLE I: Computational mesh dimensions

Grid Dimensions Points Coarsening Factor

Fine 853x328x125 34,973,000 1.000

Medium 853x284x108 26,163,216 0.748

Coarse 853x232x89 17,612,744 0.504
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Two additional geometries, shown in Figs. 2(c) and (d), were studied including a mod-

ified corrugated profile and a flat plate where the corresponding grid dimensions for these

geometries are provided in Table II. The modified geometry differs from the baseline only

in the height of the first corrugation peak which was increased by y/c = 0.0147. The flat

plate was constructed using the same thickness of the baseline corrugated geometry (4% of

chord length) while the leading and trailing-edges were identical to those from the original

corrugated profile. Both of the alternate geometries were constructed with similar point

distributions to the coarse mesh of the baseline corrugated airfoil.

TABLE II: Alternate geometry mesh dimensions

Grid Dimensions Points

Modified corrugated 878x234x89 18,285,228

Flat plate 593x232x89 12,244,264

For the described geometries, boundary conditions were applied in the following manner.

The airfoil surface was modeled as a no-slip, adiabatic wall with a fourth-order explicit

zero normal pressure gradient. Free stream conditions were imposed at the far field at

the specified angle of attack which was located roughly 100 chord lengths away from the

airfoil. Here, the low-pass filter of the numerical scheme is used in conjunction with rapidly

stretching the mesh outside of the region of interest which serves as a buffer for spurious

reflections and has been shown as an effective technique in the past35. Energy not supported

as the mesh expands is reflected in the form of high-frequency modes which are eliminated

by the highly discriminating filter. The O-grid topology requires a branch-cut where a five-

point overlap for spatial periodicity was applied in order to maintain the high-order stencil.

Spatial periodic conditions were also applied with a five-point overlap at the ends of the

airfoil span to emulate an infinite span wing.

The free stream Mach number for all computations was chosen as a low value ofM∞ = 0.1

in order to avoid the effects of compressibility. Each of the static cases were run for 30

convective times using a small nondimensional time step of Δτ = 0.0001 in order to remove

transients resulting from initialization from uniform flow. Statistical data was then collected

for the next 15 convective times.
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V. RESULTS

A. Effect of spatial resolution

In order to evaluate the effects of spatial resolution, simulations were conducted for the

baseline corrugated wing at α = 5◦ and Rec = 3.4 × 104 for three grids of successive

refinement. The fine, mid, and coarse distributions correspond with roughly 35, 26, and

17 million grid points respectively where dimensions are provided in Table I. Several time-

averaged quantities are compared in order to demonstrate grid convergence.

First, the time-mean surface pressure coefficients are shown in Fig. 3(a) and the skin

friction coefficients for the suction surface are shown in Fig. 3(b). All three time-mean

solutions portray nearly identical phenomena for the pressure and skin friction coefficients.

Specifically, the plateaus and jumps resulting from the complicated geometry are equally

predicted in each grid indicating excellent agreement.

Next, several streamwise stations (Fig. 4(a)) were chosen along the airfoil surface in order

to show velocity profile development. These profiles were extracted normal to the surface

at each location. Figure 4(b) shows the time-mean/span-averaged streamwise velocity at

each of the selected locations and Fig. 4(c) shows the u-direction rms fluctuations along

the same normal lines. Again, the three levels of refinement exhibit excellent agreement in

every region.

Finally, velocity probes were placed at ten streamwise stations above the airfoil surface

(Fig. 5(a)) along the chord including one on the pressure-side at the trailing-edge. The

frequency spectra of each point was computed and then averaged across the span for each

chordwise location. The temporal spectra for kinetic energy is displayed at a few of the

selected locations in Fig. 5(b). All three meshes produce very similar profiles at each

position with small deviations in the highest-frequency content. While the mid and fine

mesh values appear to collapse, all three are in excellent agreement in the higher energy

regions. Additionally, all the meshes produce nearly identical predictions of the leading-

edge vortex shedding frequency visible in Fig. 5(b) at positions one and three. Given the

similarities between the three computational meshes, reasonable confidence can be placed

in solutions obtained using the coarse grid which was used for all following computations.
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B. Effect of spanwise extent

In addition to ensuring sufficient grid resolution, the effect of the spanwise extent is

explored for the current spanwise periodic simulations. Spanwise extents of z/c = 0.1, 0.2,

and 0.3 were considered for a grid resolution equivalent to the course mesh of the previous

section. The resulting surface pressure and friction coefficients are shown in Figs. 6(a) and

(b) respectively. Here, all three extents show nearly identical solutions for each parameter

with excellent agreement on the upper surface. The temporal frequency spectra (Fig. 7(b))

show very similar distributions for each spanwise extent at each chordwise location. The

largest deviation is observed just past the leading-edge where the z/c = 0.1 airfoil over-

predicts the higher-frequency/lower energy content compared to the wider spans. Therefore,

a spanwise extent of z/c = 0.2 was used for all following cases in this work.

C. Comparison with experiment

A qualitative comparison of the computational solutions with the time-mean PIV mea-

surements of Refs. 12 and 14 for Rec = 3.4 × 104 at α = 5◦ is presented in this section.

Time-mean streamlines and velocity magnitude contours are presented in Figs. 8(a) and

(b) along with turbulent kinetic energy (TKE) in Fig. 8(c) for both the simulation and

experiment. The PIV measurements show slowly rotating vortices in the corrugation val-

leys while the high speed flow stream follows the smooth virtual profile generated by these

bubbles. This behavior is similar in form to the computational solutions at the same angle

of attack. Both cases exhibit a thin shear layer emanating from the leading-edge resulting

in a separation region in front of the first peak. Additionally, both demonstrate transition

to turbulence within the vicinity of the first two corrugations.

One important distinction can be made between the simulation and experiment in the

location of transition to turbulence evidenced by the TKE contours in Fig. 8(c). High

values of TKE appear upstream of the first peak in the computation indicating transition

to turbulence in this region. As will be discussed in more detail later, transition in the

numerical solution appears to be the result of instabilities associated with recirculation

(Fig. 8(b)) upstream of the first peak. In the experiment, the separation bubble upwind of

the first corrugation is smaller and reattaches to the inclined surface of the first corrugation.
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Transition in the experiment occurs as the flow separates from the first peak and the detached

shear layer interacts with recirculation upwind of the second peak in a manner similar to that

of the computation although at a different location. The apparent effect of the corrugations

and the associated mechanisms sparking transition are inherently the same for both cases.

A number of factors can significantly contribute to, and help explain, these variations such

as wall effects, presence of free stream turbulence, uncertainty in the angle of attack, and

small differences in the actual geometry. For instance, the presence of free stream turbulence,

has been shown to decrease the size of separation bubbles and delay aerodynamic stall36.

Additionally, as will be shown later, the airfoil behavior is particularly sensitive to the

leading-edge region geometry. Minor differences in the corrugations can have a significant

impact on the overall flow field. Differences between the two solutions cannot be attributed

to grid resolution as excellent agreement was observed between the three meshes used for

all parameters considered.

D. Effect of angle of attack

In order to investigate the effect of angle of attack on the aerodynamic forces and flow

structure, simulations were obtained over a range of α between 5◦ and 10◦ at Rec = 3.4×104.

This section investigates the role of the corrugated geometry on flow development and large-

scale flow separation with changing angle of attack.

For the lower angles of attack, α = 5◦ to 8◦, the free stream tends to conform to the

general outline of the corrugated body forming a virtual profile similar to that observed in

past studies. In a general sense, this effective shape, characterized by large, slowly rotating

time-averaged vortices which form in the corrugation valleys, remains relatively unchanged

for these angles, but quickly transforms as the α is increased. For example, at α = 9◦, the

virtual profile begins to deteriorate with a series of large time-mean recirculation bubbles

along the suction-surface. A further increase in the angle of attack, α = 10◦, results in a

rather abrupt transition to large-scale separation.

Looking at the time-averaged streamlines at the leading-edge region in more detail, Fig.

9(b), differences in the flow structure at each angle are more clearly elucidated. At the lowest

angle of attack, α = 5◦, flow separates from the leading-edge due to the relatively sharp

corners. The first dividing streamline emanating from the leading-edge travels sufficiently
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close to the first corrugation inducing a roll-up of the shear layer (not shown in this section)

and produces a small time-mean recirculation bubble just upwind of the peak. Raising

the angle of attack decreases this shear layer-corrugation interaction as the first dividing

streamline emanating from the leading-edge travels further away from the wing surface.

Consequently, this bubble shrinks, α = 8◦, and eventually merges with the larger bubble in

the first corrugation valley, α = 9◦. At the highest angles of attack, α = 9◦ and 10◦, the small

leading-edge region recirculation bubble has completely merged with the first corrugation

valley corresponding with the observation of large-scale separation.

Next, time-averaged contours of the pressure coefficient for the leading-edge region of

the airfoil are provided in Fig. 10(a) and the pressure coefficient is plotted along the upper

surface for each angle of attack in Fig. 10(b). Rapidly turning fluid over the leading-edge at

α ≤ 9◦ produces a region of strong suction upstream of the first corrugation. The Cp contours

appear to be lowest just upstream of the first corrugation peak demonstrating the intensity of

the recirculation in this region. This low pressure region appears to strengthen up to α = 7◦

where the recirculation due to the shear layer-corrugation interaction is most intense and the

local distribution of surface pressure in Fig. 10(b) between 0.066 ≤ x/c ≤ 0.124 is lowest.

The presence of this enhanced suction implies improved lift and, due to the forward-facing

orientation of the corrugation surface, reduced drag; an effect that will be explored in more

detail in the next section. Higher angles of attack reveal an attenuated leading-edge region

suction resulting from a weakened interaction of the flow field with the first corrugation.

Influence of suction from the first two corrugations is apparent due to the formation of

time-averaged vortices in the respective valleys. For example, the low pressure in the second

valley (Fig. 10(a)) at α = 5◦ results in a corresponding local decrease in the surface pressure

coefficient (Fig. 10(b), 0.271 ≤ x/c ≤ 0.398). At higher angles of attack, the first valley plays

a greater role where the local surface pressure is lowest at α = 8◦ for 0.124 ≤ x/c ≤ 0.271.

Downstream of the second valley, x/c > 0.398, there is little difference between the surface

pressure coefficient distributions at pre-stall angles of attack showing that the influence of

the leeward wing geometry appears to be relatively benign.

In the experimental work of Murphy and Hu13, corrugations were identified as mecha-

nisms that serve to promote transition to turbulence. The role of turbulent flow is evaluated

for the corrugated wing simulations at the current Reynolds number using contours of tur-

bulence kinetic energy (TKE), which is a measurement of energy associated with root-meat-

13

90 
Approved for public release; distribution unlimited.



square velocity fluctuations. This quantity helps to identify regions of unsteady laminar

flow contributions and turbulence by visualizing how energy associated with unsteadiness is

concentrated and is depicted for the corrugated wing section at several angles of attack in

Fig. 11. Highly unsteady flow is apparent at the lowest angle of attack, α = 5◦, indicated

by the high levels of TKE upwind of the first corrugation. As the angle of attack increases

toward the post-stall regime, concentrations of TKE, shown more clearly in Fig. 12, ap-

pear to march away from the leading-edge corrugation. This movement of TKE away from

the wing body correlates with decreased shear layer-body interaction and the formation of

large-scale separation. Adjusting the wing’s orientation to sufficiently large α appears to

remove the turbulence tripping-mechanism of the first corrugation peak, delays transition,

and consequently the flow separates.

Finally, the time-mean force coefficients are presented in Table III where the drag coeffi-

cient is separated into its pressure and shear stress contributions. For this Reynolds number,

pressure forces appear to be the dominant contribution to drag and can be expected to pro-

duce the greatest effects. Therefore, the strong influence of the first two corrugations on

the surface pressure coefficient can be expected to have a large effect on the time-averaged

forces. For instance, the highest lift-to-drag ratio occurs at α = 7◦ which corresponds with

the lowest pressure along the forward-facing surface of the first corrugation. Lift coefficients

increase to a maximum value at α = 8◦ indicating aerodynamic stall for higher angles of

attack which is consistent with observations of the time-averaged streamlines in Fig. 9(a).

TABLE III: Time-mean aerodynamic forces with angle of attack (Rec = 3.4× 104)

α C̄L C̄D C̄Dp C̄Ds L̄/D̄

5◦ 0.6016 0.0795 0.0763 0.0031 7.567

7◦ 0.7601 0.0959 0.0931 0.0027 7.926

8◦ 0.8279 0.1132 0.1113 0.0019 7.314

9◦ 0.7943 0.1447 0.1432 0.0015 5.489

10◦ 0.7290 0.1802 0.1776 0.0027 4.046

True to the conclusions in Ref. 13, the presence of wing corrugations appears to serve as a

mechanism to promote transition to turbulence which can be advantageous in the presence
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of adverse pressure gradients and help to delay stall. This interaction also results in a

strong suction region on the forward-facing surface of the first corrugation peak which can

be expected to enhance lift and reduce drag due to the local upstream orientation. Clearly,

the effect of the leading-edge geometry is an important factor for defining flow characteristics

and could be manipulated for improved performance. The effects of flow interaction with

the leading-edge geometry on transition to turbulence and aerodynamic forces are more

thoroughly explored and better explained in the following section.

E. Effect of leading-edge region corrugations

In the previous section we explored the effect of angle of attack on the flow field for

the baseline corrugated airfoil at Rec = 3.4 × 104 and observed that the flow behavior

at the leading-edge is particularly sensitive to interaction between the shear-layer and the

first corrugation peak. In this section we further investigate the effect of the first peak by

considering a case where the interaction has been removed (flat plate) and one in which the

interaction with the peak has been enhanced (modified corrugated wing). As mentioned

before, the modified geometry is identical to the baseline with the exception of the first

corrugation peak which has been raised by y/c = 0.0147 as shown in Fig. 13.

First, the baseline geometry is compared with the flat plate at α = 8◦ which was the

highest angle of attack preserving body-conforming flow for the original corrugated airfoil.

Observing the time-mean streamlines in Fig. 14 shows that large-scale separation has already

occurred for the flat plate at this angle. Consistent with observations by Murphy and Hu13,

the corrugated geometry can help to delay separation compared to a flat plate. The physics

associated with this phenomenon is examined further here.

The result of shear layer-body interaction is demonstrated in the contours of instanta-

neous spanwise vorticity in Fig. 15 were the vortex sheet of the baseline corrugated airfoil

rolls-up much earlier than the flat plate and exhibits the formation of small-scale structures

upstream of the first peak. These small structures are then pulled into the first valley as

they pass over the peak through the recirculation formed in this region. Alternatively, the

flat plate vortex sheet rolls up further away from the wing body and small-scale structures

develop further away from the surface. The general location of transition is better depicted

using the contours of time-mean TKE in Fig. 16. Here, highly unsteady flow appears up-
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wind of the first peak close to the corrugated wing surface whereas high levels of TKE form

far away from the flat plate and further downstream. Without the leading-edge corrugation

mechanism which promotes shear-layer instabilities, the flat plate is not capable of effectively

utilizing turbulence to prevent large-scale separation at this low Reynolds number.

Time-averaged aerodynamic forces for the flat plate are compared to the baseline ge-

ometry in Table IV. Compared to the flat plate at α = 8◦, the baseline corrugated airfoil

has a much higher lift and a smaller drag. The improved aerodynamics of the corrugated

airfoil results in a much higher lift-to-drag ratio indicating favorable performance compared

to the flat plate at this particular angle of attack and is a direct consequence of delayed

aerodynamic stall. In order to better understand the role of surface stresses on the drag

of a corrugated wing, the time-averaged drag coefficient was decomposed into its pressure,

C̄Dp , and shear, C̄Ds , components which are also provided in Table IV. Similar to the ob-

servations presented in Vargas et al.16, recirculation in the corrugation valleys appears to

reduce the shear stress component of drag for the corrugated wing. However, this particular

drag-reducing effect is relatively minor compared to that observed in Ref. 16 in which the

smaller Reynolds number used can be expected to result in more significant shear stress

contributions. Overall, the consistently larger values of C̄Dp demonstrates the dominance of

pressure stresses on airfoil drag at this higher Reynolds number.

TABLE IV: Time-mean aerodynamic forces of alternate geometries compared to baseline

airfoil (Rec = 3.4× 104)

Geometry α C̄L C̄D C̄Dp C̄Ds L̄/D̄

Flat plate 8◦ 0.6788 0.1381 0.1313 0.0068 4.915

Baseline corrugated 8◦ 0.8279 0.1132 0.1113 0.0019 7.314

Flat Plate 10◦ 0.7053 0.1726 0.1645 0.0080 4.089

Baseline corrugated 10◦ 0.7290 0.1802 0.1776 0.0027 4.046

Modified corrugated 10◦ 0.9705 0.1154 0.1141 0.0013 8.410

The effects due to interaction between the shear layer and corrugation peaks is further

demonstrated by removing shear layer-corrugation interaction using a higher angle of attack

(α = 10◦) which is a post-stall regime for both the baseline corrugated wing and the flat
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plate. Here, separation at the leading-edge has moved the shear layer sufficiently far away

from the corrugation peaks due to the higher angle of attack. See, for instance, the first

dividing streamline emanating from the leading-edge in Fig. 17 which largely overshoots the

first corrugation peak. At the current angle of attack, both airfoils exhibit flow structure that

is exceptionally similar for all quantities presented in Figs. 17-20. In fact, the gliding ratios

are essentially the same (Table IV) indicating no benefit from the corrugation mechanisms.

Consequently, any advantage gained by shear layer-corrugation interaction is diminished and

the baseline geometry behaves as if it were a flat plate.

Shear layer-corrugation interaction can be reproduced at this larger α by simply increasing

the height of the first corrugation peak, as in the modified geometry. For example, the

steeper first peak of the modified corrugated airfoil penetrates further into the separated

region above the leading-edge and reduces the distance between the shear layer and the airfoil

body, Fig. 17. The contours of instantaneous spanwise vorticity in Fig. 18 show that the

leading-edge vortex sheet directly interacts with the modified first corrugation peak. This

enhanced level of interaction recovers the strong time-averaged recirculation region upwind

of the first peak shown in Fig. 17 for the modified airfoil which contributes to spanwise

instabilities. Consequently, this effect produces an earlier onset of turbulence shown in Fig.

19 and an enhanced ability to prevent aerodynamic stall at this angle of attack.

Such a simple difference in geometry produces significant changes in the general flow

structure that can be very beneficial. The advantage of raising the first corrugation peak

can be further illustrated by comparing the time-averaged aerodynamic forces of the three

geometries in Table IV at α = 10◦. While the flat plate and baseline corrugated airfoil are

very similar, the lift and drag coefficients produced by the modified geometry are markedly

advantageous resulting in a significantly enhanced lift-to-drag ratio. In fact, adjusting the

first corrugation peak increased lift to the largest value observed in this study and reduced

the drag to a value comparable to the baseline geometry at 8◦.

In the previous section, suction contained between the leading-edge and first corrugation

peak was shown to be related to the recirculation upstream of the first corrugation surface.

The combination of this low pressure and the unusual orientation of the first corrugation

surface produces a new effect that is a beneficial consequence of shear layer-corrugation

interaction. Due to the forward orientation of this surface, the local distribution of normal

forces imposed by the suction are tilted upstream and serve to reduce drag. Table V shows
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the contribution to drag due to pressure forces along forward-facing surface of the first

corrugation. This quantity, denoted as C̄Dp,partial, is defined by integrating the streamwise

component of the pressure coefficient along the first corrugation’s upstream-oriented surface

between 0.066 ≤ x/c ≤ 0.124. Values for the baseline geometry at all angles of attack studied

are presented in addition to the modified profile at α = 10◦. C̄Dp,partial is shown to be negative

for both wings at all angles of attack presented demonstrating a local drag-reducing effect

along this surface. As expected, the minimum values of C̄Dp,partial for the baseline airfoil

occurs at α = 7◦ which corresponds with the lowest pressure (Fig. 10) and the largest

gliding-ratio (Table III). The magnitude of the upstream-oriented force, imposed by the

leading-edge region suction, decreases rapidly for post-stall angles of attack corresponding

with two factors: a reduced shear-layer corrugation interaction and a reorientation of the

forward-facing surface that becomes less favorable with increasing angle of attack.

Although the baseline profile demonstrates a drag-reducing effect along the first inclined

surface, this mechanism is hardly utilized to its fullest capacity. Simple modifications in the

leading-edge geometry can better optimize shear layer-corrugation interaction and improve

lift-to-drag ratios. For example, at α = 10◦ the raised corrugation height of the modified

airfoil retains the shear layer-corrugation interaction and produces enhanced suction (Fig.

20) exceeding the strongest low-pressure region observed for the baseline airfoil at any angle

of attack (Fig. 10). Furthermore, the steeper peak of the modified corrugation elicits a

more favorable forward-facing orientation of the airfoil surface which amplifies the local

drag-reducing effect. As a result, C̄Dp,partial for the modified wing is 80% larger than the

best value produced by the baseline airfoil.
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TABLE V: Contribution to the time-mean drag coefficient from pressure along the forward-

facing surface of the first peak (Rec = 3.4× 104)

Geometry α C̄Dp,partial

Baseline corrugated 5◦ −0.0390

7◦ −0.0484

8◦ −0.0439

9◦ −0.0325

10◦ −0.0208

Modified corrugated 10◦ −0.0875

The simple geometric modification investigated in the present section further demon-

strates that flow behavior can be strongly affected by the leading-edge configuration. Cor-

rugated geometries could be optimized for different operating conditions to produce the

most favorable results. For instance, increasing corrugation peaks by the proper amount at

higher angles of attack can delay separation and produce high gliding ratios by improving

lift and reducing drag. Since there is no large-scale separation at lower angles of attack, the

corrugations can be lowered to decrease drag by reducing the wake size. These effects of wing

geometry could be actively exploited in flight for different angles of attack by contracting or

extending leading-edge corrugations through a morphing wing configuration.

F. Effect of Reynolds number

In order to more clearly understand the effects of transition for corrugated wings, compu-

tations were performed for the baseline corrugated airfoil at a fixed angle of attack, α = 5◦,

for a large range of Reynolds numbers, 5 × 103 ≤ Rec ≤ 5.8 × 104. Additional results for

a higher angle of attack, α = 10◦, are provided in Ref. 37. The instantaneous flow field is

visualized for several Reynolds numbers using iso-surfaces of the Q-criterion in Fig. 21 and

instantaneous contours of spanwise vorticity in Fig. 22 which qualitatively show how the gen-

eral flow structure changes for each case. For the lowest Reynolds number, Rec = 5×103, the

shear layer is shown to roll up into large spanwise coherent vortices close to the trailing-edge.
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Here, the flow field is essentially laminar and exhibits no three-dimensionality of the flow

structure in the Q-criterion iso-surfaces. Raising the Reynolds number to Rec = 7.5 × 103

increases the shear layer roll-up frequency and advances the shear layer roll-up upstream

to the second corrugation valley. As these coherent vortices shed downstream, spanwise

instabilities begin to appear near the trailing-edge where three-dimensional effects become

apparent. The authors have previously shown the effects of three-dimensionality become

significant in computations as early as Rec = 7.5× 103 in Ref. 37.

At a slightly higher Reynolds number, Rec = 1× 104, spanwise instabilities appear much

further upstream beginning in the first corrugation valley. These instabilities result in a

break down of the coherent vortices into smaller-scale structures as they traverse the second

valley. When the Reynolds number is further increased, Rec = 2× 104, transition continues

to advance toward the leading-edge of the airfoil beginning at the first valley. Eventually,

turbulence appears in front of the first corrugation peak at Rec = 3.4 × 104. Beginning

at Rec = 2.0 × 104 the flow appears to be fully turbulent everywhere past transition with

small-scale structures reducing in size as the Reynolds number increases. Similar unsteady

features appear on the pressure surface beginning at Rec = 2 × 104 and move toward the

leading-edge with increasing Reynolds number. However, this upstream advancement of

lower-surface turbulence occurs slowly compared to that observed on the upper surface.

Contours of TKE are shown in Fig. 23 which provide for a clearer visualization of

the onset of transition for each case. At the lowest Reynolds number, Rec = 5 × 103,

the TKE shows little energy along the upper surface of the airfoil corresponding with the

lack of transitional flow for this case. An increased level of TKE near the trailing-edge at

Rec = 7.5× 103 is indicative of the instabilities in the coherent vorticies observed previously

from the Q-criterion iso-surfaces. The presence of corrugations appears to promote the

formation of spanwise instabilities in coherent vortices, even at this low Reynolds number.

This effect is further demonstrated due to a rapid advancement of transitional flow toward

the leading-edge with increase in Reynolds number. For instance, transition to turbulence is

apparent in the TKE following the second valley for Rec = 1× 104 while these instabilities

quickly advance toward the leading-edge at Rec = 3.4 × 104. Beyond Rec ≥ 3.4 × 104,

only insignificant changes in both the location of transition and the form of the TKE are

apparent which shows a decreasing dependence on Reynolds number beyond this point. In

fact, all quantities evaluated in Figs. 21-25 are nearly identical for the two highest Reynolds
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numbers. This observation of Reynolds number saturation is consistent with that presented

in Murphy and Hu13 for Rec ≥ 5.8× 104.

Next, time-averaged streamlines and velocity magnitude contours are depicted in Fig. 24

which demonstrate the change in flow field with Reynolds number. At the lowest values,

Rec = 5×103 and 7.5×103, the laminar flow is not as capable of advancing against the adverse

pressure gradient and a shallow separation bubble spans the aft-portion of the airfoil. This

bubble decreases with increasing Reynolds number and disappears as transition develops

allowing the flow field to better advance against the adverse pressure gradient and adhere to

the corrugated airfoil’s virtual profile. The free stream begins following the virtual profile

everywhere at Rec = 1 × 104 correlating with the advancement of transition to the second

valley. Very little difference is observed in the time-mean streamlines as the flow consistently

adheres to the effective shape at the higher Reynolds numbers considered, Rec ≥ 1 × 104.

Clearly, the influence of corrugations near the leading-edge in promoting early transition to

turbulence plays an important role in preventing stall for these airfoils and appears to be

the dominant factor. The particular downstream geometry of the present corrugated wing

appears to provide little to no observable aerodynamic benefit.

In the previous section, suction along the upstream surface of the first corrugation was

shown to be a favorable drag-reducing consequence of the unusual geometry. The change

in this effect with Reynolds number is explored here by looking at the time-mean pressure

coefficient contours in the leading-edge region for several Reynolds numbers in Fig. 25.

For Rec = 5 × 103, suction in the leading-edge region is very weak, but quickly increases

with Reynolds number. It appears that benefits from low pressure over the leading-edge

are diminished at very low Reynolds numbers. Hence, in addition to the lack of transition,

very low Reynolds number conditions fail to elicit a second favorable effect of corrugations.

Absence of these features helps to explain the unfavorable performance of corrugated airfoil

sections observed by Hord and Lian10 at very low Reynolds numbers in which laminar flow

prevails.

Finally, the aerodynamic forces for the corrugated airfoil at each Reynolds number are

provided in Table VI. Here, drag coefficients are highest at the lowest Reynolds number

due in part to the larger effective profile generated by the aft-region separation bubble and

the reduced effect of suction in the leading-edge region. These factors serve to reduce drag

coefficients with increasing Reynolds number until Rec = 1× 104 where the highest gliding-
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ratio occurs among the Reynolds numbers considered. Lift coefficients are shown to increase

with Rec with the exception of a local maximum at Rec = 7.5 × 103. The drag coefficient

increases for Rec ≥ 2 × 104 corresponding with the appearance of transition on the lower

surface.

TABLE VI: Aerodynamic forces with Reynolds number at α = 5◦

Rec C̄L C̄D L̄/D̄

5.0× 103 0.5262 0.0822 6.401

7.5× 103 0.6517 0.0681 9.570

1.0× 104 0.5880 0.0600 9.800

2.0× 104 0.6008 0.0675 8.901

3.4× 104 0.6016 0.0795 7.567

5.8× 104 0.6172 0.0804 7.677

VI. CONCLUSIONS

A numerical study was conducted on a bio-inspired corrugated airfoil using the high-

fidelity ILES research code FDL3DI. The effects of angle of attack and Reynolds number

were studied over the ranges of α = 5◦ to 10◦ and Rec = 5 × 103 to 5.8 × 104 respectively.

This work is the first three-dimensional computational study of bio-inspired corrugated

wing sections to the authors’ knowledge and considers Reynolds numbers bridging the low

values considered in previous numerical investigations with higher values presented in recent

detailed experiments.

Two significant findings resulted from this work. First, a new drag-reducing effect was

demonstrated as a consequence of the unique corrugated geometry. The separation region

between the leading-edge and first corrugation promotes rapid turning of fluid around the

leading-edge. A strong suction region forms as a result along the forward-facing surface

of the first corrugation. Due to the unusual orientation of the corrugation surface, the

local pressure forces not only enhance lift but also reduce drag. Gliding ratios were shown

to improve with the strength of this low pressure region. This effect appears to be most

effectively employed for Reynolds numbers where transitional flow is apparent. Further
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exploration into improved geometries is likely to result in more optimal benefits for low

Reynolds number wings.

Second, interaction between the shear layer and the leading-edge corrugations plays an

important role in promoting early transition to turbulence. The presence of corrugations

induces recirculation near the first peak promoting instabilities in the vortex sheet emanating

from the leading-edge. Shear layer-corrugation interaction can be reduced by either removing

the corrugations or increasing the angle of attack. In both cases, transition is delayed and

aerodynamic stall ensues. Interaction can be enhanced and exploited by raising the first

corrugation peak to capture the shear layer at higher angles of attack further delaying stall.

The importance of transition, which is strongly influenced by corrugations, is shown to

be a dominant factor in delaying stall for these airfoils, even at Reynolds numbers as low

as Rec = 1 × 104. Large separation bubbles form for the lowest Reynolds numbers at the

lowest angle of attack considered. Because transitional flow is more resistent to adverse

pressure gradients it can delay or reduce flow separation. This effect is demonstrated by the

disappearance of a large separation bubble coinciding with transition as Reynolds number

is increased. Previous studies have generally found corrugated wings provide little benefit

compared to a flat plate in very low Reynolds number regimes in which laminar flow prevails.

However, these bio-inspired geometries can employ early transition to turbulence at Reynolds

numbers practical for small unmanned air systems.

The present work demonstrates that flow behavior for the current bio-inspired wing sec-

tions is highly sensitive to the leading-edge configuration. Such a simple modification as

raising the first corrugation peak results in further stall delay and greatly enhanced gliding

ratios compared to a flat plate. The leading-edge corrugations are of particular importance

and could be optimized to properly manipulate flow at higher angles of attack and improve

gliding ratios. These could be further exploited for changing flow conditions in flight through

a morphing wing configuration.
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FIG. 1: Corrugated airfoil geometry dimensions and terminology
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(a) Full O-mesh (b) Baseline corrugated airfoil

Branch Cut

(c) Flat plate (d) Modified corrugated airfoil

FIG. 2: Selected views of the computational meshes
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(a) Full airfoil view (b) Close view of leading-edge
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FIG. 9: Time-mean streamlines and velocity magnitude contours with increasing angle

attack showing (a) transformation of the virtual profile and large-scale separation and (b)

flow structure near the leading-edge at Rec = 3.4× 104
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FIG. 11: Transformation of time-mean turbulent kinetic energy contours at the leading-

edge with angle of attack at Rec = 3.4× 104
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FIG. 12: Detailed view of TKE at Rec = 3.4× 104 near the leading-edge for several angles

of attack
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FIG. 13: Modification to the first corrugation peak
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FIG. 14: Comparison of time-mean streamlines and velocity magnitude contours for (left)

flat plate and (right) baseline corrugated airfoil at Rec = 3.4× 104 and α = 8◦

Z-vorticity

Baseline corrugated airfoilFlat plate

FIG. 15: Comparison of instantaneous spanwise vorticity contours for (left) flat plate and

(right) baseline corrugated airfoil at Rec = 3.4× 104 and α = 8◦
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FIG. 16: Comparison of time-mean turbulent kinetic energy contours for (left) flat plate

and (right) baseline corrugated at Rec = 3.4× 104 and α = 8◦
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FIG. 17: Comparison of time-mean streamlines and velocity magnitude contours for (left)

flat plate, (center) baseline corrugated airfoil, and (right) modified corrugated airfoil at

Rec = 3.4× 104 and α = 10◦

Z-vorticity

Flat plate Baseline corrugated airfoil Modified corrugated airfoil

FIG. 18: Comparison of instantaneous spanwise vorticity contours for (left) flat plate,

(center) baseline corrugated airfoil, and (right) modified corrugated airfoil at Rec = 3.4×104

and α = 10◦

35

112 
Approved for public release; distribution unlimited.



Flat plate Baseline corrugated airfoil Modified corrugated airfoil

0.0 0.01 0.02 0.03 0.04 0.05 0.06 0.07
T.K.E.

FIG. 19: Comparison of time-mean turbulent kinetic energy contours for (left) flat plate,

(center) baseline corrugated airfoil, and (right) modified corrugated airfoil at Rec = 3.4×104

and α = 10◦

Cp

Flat plate Baseline corrugated airfoil Modified corrugated airfoil

FIG. 20: Comparison of time-mean pressure coefficient contours for (left) flat plate, (center)

baseline corrugated airfoil, and (right) modified corrugated airfoil at Rec = 3.4 × 104 and

α = 10◦
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Rec = 5x103 Rec = 7.5x103 Rec = 1x104

Rec = 2x104 Rec = 3.4x104 Rec = 5.6x104

FIG. 21: Effect of Reynolds number on 3-D instantaneous iso-surfaces of Q-criterion (Q =

200, α = 5◦), iso-surfaces colored by velocity magnitude.

Z-vorticity

Rec = 5 × 103 Rec = 7.5 × 103 Rec = 1 × 104

Rec = 2 × 104 Rec = 3.4 × 104 Rec = 5.8 × 104

FIG. 22: Instantaneous spanwise-vorticity contours over 5 × 103 ≤ Rec ≤ 5.8 × 104 at

α = 5◦
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FIG. 23: Effect of Reynolds number on time-mean turbulent kinetic energy contours at

α = 5◦
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FIG. 24: Effect of Reynolds number on time-mean streamlines and velocity magnitude

contours at α = 5◦
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FIG. 25: Effect of Reynolds number on time-mean pressure coefficient contours at α = 5◦
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Investigation of aspect ratio and dynamic effects due

to rotation for a revolving wing using high-fidelity

simulation

Daniel J. Garmann∗ and Miguel R. Visbal†

Air Force Research Laboratory, Wright-Patterson AFB, OH 45433

Paul D. Orkwis‡

University of Cincinnati, Cincinnati, OH 45220

A numerical study is conducted to examine the vortex structure and aerodynamic load-
ing on a unidirectionally revolving wing. Wings with aspect ratios of one, two, and four
are simulated, and each wing is shown to generate a stable and coherent vortex system
shortly after the onset of the motion. The proximity of the vortex to the surface of the
wing promotes a strong region of suction along the leading edge that persists to the mid-
span, regardless of aspect ratio. Past mid-span, the vortex lifts off the surface into an
arch-type structure as it reorients itself along the tip. The highest aspect ratio wing pro-
motes the development of substructures in the feeding sheet of the leading edge vortex.
The origins of these features have been traced back to the eruption of near-wall vorticity
underneath the vortex that disrupts the shear layer, causing the feeding sheet to roll-up
into discrete substructures. For a fixed root-based Reynolds number of 1,000, the lower
aspect ratio wings do not have sufficient spans for these transitional elements to manifest.
The leading edge vortex grows proportionally to the distance from the rotational axis, so
with higher aspect ratios, the chord-wise extent of the vortex becomes constrained by the
trailing edge, leading to saturation of the aerodynamic loads. With AR = 1, the extent of
the vortex never reaches the trailing edge, leading to a slight increase of the lift and drag
coefficients throughout the motion. The centrifugal, Coriolis, and pressure gradient forces
are also analyzed at several span-wise locations across each wing, where the centrifugal
and pressure gradient forces are shown to be responsible for the span-wise flow around the
suction side of the wing. The Coriolis force is observed to have a contribution at the base
of the leading edge vortex directed away from the surface, indicating that Coriolis does not
promote attachment of the vortex. As a means of emphasizing the importance of the cen-
trifugal force on a revolving wing, the aspect-ratio-two wing is simulated with the addition
of a source term in the governing equations to oppose and eliminate the centrifugal force
near the wing surface. The initial formation and development of the leading edge vortex is
unhindered by the absence of this force; however, later in the motion, the lifted-off portion
of the vortex moves inboard. Without the opposing outboard centrifugal force to keep the
separation past mid-span, the entire vortex eventually separates and moves away from the
surface resulting in stall.

I. Introduction

The idea of a small, autonomous aircraft to perch, hover, or move inconspicuously through virtually any
terrain has brought vast new possibilities to the areas of intelligence, surveillance, and reconnaissance. Along
with these new possibilities, however, come many challenges in order to mimic the physics of biological flight
of birds and insects. At relatively low speeds or even hover, flapping flight exhibits extremely unsteady and
three-dimensional flow structure. The extensive range of pitching and plunging amplitudes of the flapping
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wing induces the formation of large vortical structures, whose interactions can severely impact flight stability
and performance without the use of a dynamic and responsive control system. In an attempt to quantify the
complex aerodynamics of insect flight, several experimental reviews have been presented by, but not limited
to, Ellington,1 Dickinson,2 Sane,3 Birch and Dickinson,4 Lehmann,5 and Lehmann and Pick.6 These reviews
provide insight into the dominant mechanisms of lift enhancement for flapping wing flight produced from
leading edge and tip vortex formation coupled with wing-wake/wing-wing interactions to create dynamic
stall-like effects and favorable up-/down-wash that allow biological fliers such as birds and insects to sustain
flight and maneuver.

Insect-type flight has been examined experimentally by many researchers for a range of motions including
forward flight7,8 and maneuvering.9 Particular attention has been paid to the aerodynamics of hover through
several experimental studies in recent years. Early experiments by Dickinson2 suggest that the unsteady
mechanisms generated by simple wing flips at the end of a flapping stroke provide a significant performance
benefit to insect flight. This claim was reiterated in the work of Dickinson et al.,10 where direct force
measurements of a wing undergoing a flapping motion suggest that the basis of insect flight can be generalized
through three dynamic mechanisms: delayed stall, rotational circulation, and wake capture. Birch et al.11

examined the delayed stall effect of a wing undergoing a swinging motion. Their results show the formation of
an attached leading-edge vortex (LEV) with no trailing-edge shedding at very large angles of rotation (270◦).
This was observed over a range of Reynolds numbers (120 ≤ Re ≤ 1400) despite differences in flow structure,
where increased Reynolds number promotes a spiral flow pattern in the axial direction within the core of the
leading-edge vortex. Poelma et al.12 found similar results in their experiments, where spanwise flow was not
localized within the leading-edge vortex core. Instead, it was observed behind the wing suggesting that it
leads to stability of the leading-edge vortex by draining circulation from the wing and balancing the vorticity
generated by the leading-edge. The more recent works of Lentink and Dickinson13,14 further hypothesize
that Coriolis acceleration is equally important for the attachment of the LEV. Their findings correlated the
Rossby number (Ro), not the Reynolds number, with LEV attachment. Additionally, their results suggest
that spanwise flow balances the formation of vorticity at the leading-edge by transporting it towards the
tip. Ozen and Rockwell15 offer detailed experimental measurements of the flow structure around a rotating
plate following the work of Lentink and Dickinson.14 Excellent flow visualizations about a revolving wing
are provided in the experimental works of Carr et al.16,17 for various aspect ratio wings.

In each of the afore-mentioned studies, the attachment of the leading-edge vortex encountered on a
rotating wing closely resembles the flow structure observed about a swept delta wing. A review of delta
wing dynamics is provided, for example, by Lee and Ho18 and the references therein. Additionally, the
works of Visbal19,20 give very detailed descriptions of the onset of unsteady vortex breakdown encountered
by stationary and pitching delta wings. Visbal and Gordnier21 go on to identify the substructures found in
the shear layer above delta wings.

Much of the previous numerical work pertaining to MAV aerodynamics with high-fidelity methods has
focused primarily on nominally two-dimensional wing planforms by enforcing spanwise periodic boundary
conditions across a simple wing section, and, thus, are restricted to rectilinear motions. Computational simu-
lations of this nature range from those that examine transitional effects from perching-type motions,22,23,24,25

to investigations of deep dynamic stall induced by a purely plunging wing section,26,27 to plasma-based flow
control methods for a pitching and plunging wing section.28 Gordnier et al.29 went even further and per-
formed high-order solutions of a rigid and flexible wing section employing an implicit, large eddy simulation
approach coupled with a nonlinear structural dynamics solver. These tests have provided a solid founda-
tional understanding of the unsteady aerodynamics associated with MAV flight and have detailed significant
findings that may be extrapolated to large aspect ratio wing and/or low-Reynolds number flows. However,
detailed, a broader range of high-resolution experimental and computational studies of finite aspect ratio
wings must still be performed to provide insight into the complex, three-dimensional vortical interactions and
transitional processes incurred from the addition of wing tips and out-of-plane rotation, which can produce
span-wise flow across the wing that can significantly affect aerodynamic performance.

Recent high-fidelity computations by Visbal30 offered extremely detailed characterizations of the three-
dimensional flow structure about a static and heaving low aspect ratio, rectangular wing at a constant angle
of attack. For a stationary wing, a completely laminar structure was found at a Reynolds number of 1000,
but the flow becomes highly unsteady and transitional for Re = 5000. For the heaving case, the computations
were found to be in good agreement with experimental flow measurements at a Reynolds number of 10,000,
where the flow is characterized by the formation of a leading edge vortex system which is pinned at the front
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corners, producing intense transverse flow toward the centerline of the wing at the onset of its formation.
Later in the motion, the vortex detaches from the corners and forms an arch-type structure with legs attached
to the upper surface of the wing that move toward the centerline before reconnecting into a ring-like vortex
structure. Similar features were also found experimentally by Yilmaz and Rockwell31 for the heaving wing
configuration.

A revolving-wing configuration of an aspect-ratio-one wing was simulated using high-fidelity, ILES by
Garmann et al.32 This work detailed the vortex formation and attachment across a broad range of rotational-
based Reynolds numbers and the accompanying aerodynamic loads. It was determined that for the Reynolds
numbers examined, the overall vortex structure including the attachment of a leading edge vortex was mostly
insensitive to transitional effects despite the apparent vortex breakdown and shear layer instabilities observed
at higher Reynolds numbers. The higher Reynolds number flows did augment force production on the wing,
although the growth of the force components became saturated at the highest Reynolds numbers. Several
angles of attack of the revolving wing configuration were also simulated for a Reynolds number of 500. The
leading edge vortex was found to weaken with increased angle of attack but still remain attached to the wing
surface. Comparisons of the mid-span velocity and vorticity contours at several rotational angles were made
with available experimental PIV measurements15for a mid-span rotational Reynolds number of 3,600. Very
favorable agreement was found with the experimental measurements throughout the wing motion.

The purpose of the present computational study is to examine the three-dimensional flow structure and
aerodynamic loading generated by revolving wings of various aspect ratios to build upon the recent work by
the current authors that detailed the flow over an aspect-ratio-one wing. A high-order, ILES approach will
be utilized to examine the role of the wing-tip proximity on the attachment and transition of the leading
edge vortex generated by a revolving wing. Wings with aspect ratios of AR = 1, 2, and 4 will be simulated
to determine if the findings from Ref. 32 hold for larger-span wings. Additionally, as a means of isolating
dynamic effects due to rotation, the aspect-ratio-two wing is simulated with the addition of a source term
in the governing equations to oppose and eliminate the centrifugal force near the wing surface. This is in an
effort to assess the importance of centrifugal force on leading edge vortex attachment and development for
revolving wings.

II. Governing equations

The governing equations for the current work correspond to the compressible, three-dimensional Navier-
Stokes equations. These equations in curvilinear coordinates, (ξ, η, ζ), can be expressed in strong conservation
form33 as follows:

∂

∂t

(
�U

J

)
+

∂F̂

∂ξ
+

∂Ĝ

∂η
+

∂Ĥ

∂ζ
=

1

Re

[
∂F̂v

∂ξ
+

∂Ĝv

∂η
+

∂Ĥv

∂ζ

]
(1)

The solution vector is �U = [ρ, ρu, ρv, ρw, ρE]
T
, J = ∂(ξ, η, ζ, τ)/∂(x, y, z, t) is the Jacobian of the transfor-

mation, and the inviscid flux vectors, F̂ , Ĝ, and Ĥ, are

F̂ =
1

J

⎡
⎢⎢⎢⎢⎢⎣

ρU

ρuU + ξxp

ρvU + ξyp

ρwU + ξzp

(ρE + p)U − ξtp

⎤
⎥⎥⎥⎥⎥⎦ Ĝ =

1

J

⎡
⎢⎢⎢⎢⎢⎣

ρV

ρuV + ηxp

ρvV + ηyp

ρwV + ηzp

(ρE + p)V − ηtp

⎤
⎥⎥⎥⎥⎥⎦ Ĥ =

1

J

⎡
⎢⎢⎢⎢⎢⎣

ρW

ρuW + ζxp

ρvW + ζyp

ρwW + ζzp

(ρE + p)W − ζtp

⎤
⎥⎥⎥⎥⎥⎦ (2)

where u, v, and w are the Cartesian velocity components, ρ is the density, p is the pressure, T is the
temperature, U , V , and W are the contravariant velocities given as

U = ξt + ξxu+ ξyv + ξzw

V = ηt + ηxu+ ηyv + ηzw

W = ζt + ζxu+ ζyv + ζzw

(3)

and the internal energy, E, is

E =
T

(γ − 1)M2
ref

+
1

2

(
u2 + v2 + w2

)
(4)
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The viscous fluxes, F̂v, Ĝv, and Ĥv, written in indicial notation are

F̂v =
1

J

⎡
⎢⎢⎢⎢⎢⎣

0

ξxiσi1

ξxi
σi2

ξxi
σi3

ξxi(ujσij −Θi)

⎤
⎥⎥⎥⎥⎥⎦ Ĝv =

1

J

⎡
⎢⎢⎢⎢⎢⎣

0

ηxiσi1

ηxi
σi2

ηxi
σi3

ηxi(ujσij −Θi)

⎤
⎥⎥⎥⎥⎥⎦ Ĥv =

1

J

⎡
⎢⎢⎢⎢⎢⎣

0

ζxiσi1

ζxi
σi2

ζxi
σi3

ζxi(ujσij −Θi)

⎤
⎥⎥⎥⎥⎥⎦ (5)

with components of the stress tensor and heat flux vector given as

σij = μ

(
∂ξk
∂xj

∂ui

∂ξk
+

∂ξk
∂xi

∂uj

∂ξk
− 2

3
δij

∂ξl
∂xk

∂uk

∂ξl

)
(6)

and

Θi = −
[

1

(γ − 1)M2
ref

]( μ

Pr

) ∂ξj
∂xi

∂T

∂ξj
(7)

where Mref is the reference Mach number, μ is the dynamic viscosity, γ is the ratio of specific heats, and
xi(≡ x, y, z), ξi(≡ ξ, η, ζ) and ui(≡ u, v, w) for i = 1, 2, 3. Stokes’ hypothesis is assumed for the bulk viscosity
coefficient (λ = −2/3μ), and the governing equations are also supplemented with the perfect gas equation,
p = ρT/γM2

ref, Sutherland’s viscosity law, and a constant Prandtl number (Pr = 0.72 for air). All velocity
components are non-dimensionalized by the maximum velocity achieved at the wing root during rotation,
Urg = rrootφ̇max, where rroot is the distance to the wing root and φ̇max is the maximum rotational rate of
the revolving wing. All length scales are scaled by the chord, and pressure is normalized by ρrefU

2
rroot .

This set of equations corresponds to the unfiltered Navier-Stokes equations and is used without change in
laminar, transitional or fully turbulent regions of the flow for the ILES procedure. Unlike the standard LES
approach, no additional subgrid-scale (SGS) model or heat flux terms are appended. Instead, a high-order,
low-pass filter operator, which will be discussed later, is applied to the conserved variables during the solution
of the standard Navier-Stokes equations. This highly-discriminating, Padé-type filter selectively dampens
only the evolving, poorly resolved high-frequency content of the solution.34,35 The filtering regularization
procedure provides an attractive alternative to the use of standard SGS models, and has been found to yield
suitable results for several turbulent and transitional flows on LES level grids.36 A reinterpretation of this
ILES approach in the context of an Approximate Deconvolution Model37 has been provided by Matthew
et al.38 For low Reynolds numbers and/or high spatial resolutions, the ILES approach is effectively direct
numerical simulation (DNS).

III. Numerical Procedure

All simulations are performed with the extensively validated high-order, Navier-Stokes solver, FDL3DI.39,40

In this code, a finite-difference approach is employed to discretize the governing equations, and all spatial
derivatives are obtained with high-order compact-differencing schemes.41 At boundary points, higher-order
one sided formulas are utilized that retain the tridiagonal form of the scheme.39,40 The derivatives of the
inviscid fluxes are obtained by forming the fluxes at the nodes and differentiating each component with the
compact differencing scheme. Viscous terms are obtained by first computing the derivatives of the primitive
variables. The components of the viscous fluxes are then constructed at each node and differentiated by a
second application of the same scheme.

In order to eliminate spurious components of the solution, a high-order, low-pass spatial filtering tech-
nique39,42 is incorporated that is based on templates proposed in References 41 and 43. With proper choice
of coefficients, it provides a 2N th-order formula on a 2N + 1 point stencil. These coefficients, along with
representative filter transfer functions, can be found in References 40 and 42. The filter is applied to the con-
served variables along each transformed coordinate direction one time after each time step or sub-iteration.
For the near-boundary points, the filtering strategies described in References 39 and 42 are used. For tran-
sitional and turbulent flows, the high-fidelity spatial algorithmic components provide an effective implicit
LES approach in lieu of traditional SGS models, as demonstrated in References 34 and 35 and more recently
in Ref. 36. All computations presented here are performed with a sixth-order interior discretization scheme
coupled with an eighth-order accurate implicit filter.
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Time marching of the governing equations is achieved through the iterative, implicit approximately-
factored integration method of Beam and Warming.44 This method has been simplified through the di-
agonalization of Pulliam and Chaussee45 and supplemented with the use of Newton-like sub-iterations to
achieve second-order accuracy.34,35 Sub-iterations are commonly used to reduce errors due to factorization,
linearization, diagonalization, and explicit specification of boundary conditions.46 Fourth-order, nonlinear
dissipation terms47,48 are also appended to the implicit operator to augment stability.

In the case of a maneuvering wing, the grid is moved in a rigid fashion using the prescribed kinematics.
The time-metric terms are evaluated employing the procedures described in detail in Ref. 49 to ensure the
geometric conservation law (GCL) is satisfied.

IV. Details of the computations

A. Geometry and kinematic definitions

The geometry considered in this study is a rectangular wing of varying aspect ratio and thickness of 0.041c.
The root of the wing is extended out a distance of rroot = 0.5c from the axis of rotation with the chord
oriented at an angle of α = 30◦ relative to the axis as depicted in Fig. 1(a). The wing, initially at rest,
accelerates to a constant rotational rate as it revolves around its axis as shown in Fig. 1(b). The angle of
rotation, φ(τ), is given by

φ(τ) =
φ̇∗
max

2a
ln

[
cosh(a(τ − τ1))

cosh(a(τ − τ2))

]
+

1

2
φ0 (8)

where the dimensionless time is τ = tUref/c, the maximum angle of rotation is φmax, and φ̇∗
max = φ̇maxc/Urroot

is the normalized rotational rate. The parameter, a, controls the smoothness of the function with smaller
values reducing the maximum angular acceleration and causing more smoothing. If no smoothing were
present, τ1 is the time until the sharp start-up of the unsmoothed motion and τ2 is the end time of the
motion, τ2 = τ1 + φ0/φ̇

∗
max. Equation (8) is a modified form of a function described by Eldredge et al.50

which allows for a continuous motion that is sufficiently differentiable, thereby avoiding discontinuities in
the angular acceleration. This simple, unidirectional revolving motion of the wing provides a means of
examining, for example, a single stroke of hovering or a take-off motion for a biological flier.

b

c

r
(a) Wing geometry (b) Revolving orientation

Figure 1: Geometry definition and revolving configuration

As mentioned earlier, the maximum velocity of the root of the wing, Urroot = rrootφ̇max, is used as the
reference speed for normalization. This results in a purely geometric rotational rate given as

φ̇∗
max =

φ̇maxc

Urroot

=
φ̇maxc

(rrootφ̇max)
=

c

rroot
=

c

0.5c
= 2.0 (9)

where rroot = 0.5c is the distance the wing root to the rotational axis. In a non-Newtonian frame, φ̇∗
max

is similar to the inverse of the Rossby number (Ro) which appears in some non-dimensionalizations of the
fictitious body forces,51 leading to Ro = 0.5.
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τ

φ
(τ

)

0 τ1 τ2

0

φ0

 

 
Smoothed Unsmoothed

Figure 2: Rotational angle in time

All simulations presented in this work use a maximum angle of φmax = 2π radians (360◦), a rotational
rate of φ̇∗

max = 2.0, and a smoothing parameter of a = 5.2. The start time is set as τ1 = 0.75 leading to
τ2 = 3.89. The time-step for all computations is set as Δτ = 5.0× 10−5.

B. Computational mesh and boundary conditions

While the geometry of the current study is very simple, the sharp edges of the rectangular wing actually cause
complications with the meshing topology. The Chimera overset method52 with high-order interpolation53 is
used to construct a mesh that maintains sufficient near-body and wake resolution around the wing. A generic
depiction of the multi-block near-field domain used in this study can be seen in Fig. 3 for reference. Each
block actually extends outward to 30 chords from the body using 81 points with increased stretching. The
wing surface is discretized with 131 points distributed across the chord (ξ-direction) and 41 points across
the thickness (η-direction). The number of span-wise points (ζ-direction) varies with aspect ratio: 131, 261,
or 391 points are used for aspect ratios of AR = 1, 2, or 4, respectively. The initial off-body spacing and
corner surface spacing is Δni = 0.0005 chords. Grid clustering immediately off the body and around the
wing edges is maintained throughout the domain. The resulting sizes of each block are listed in Table 1 for
each aspect-ratio wing.

The upper and lower surface meshes extend four grid planes into the leading and trailing edge blocks and
into the root and tip sections to provide point-to-point communication between the adjacent blocks. The
root and tip blocks similarly extend into the leading and trailing edge sections. Note that these extended
planes of data are overwritten each sub-iteration with the values obtained from the adjacent block. In the
case of the maneuvering wing, the entire domain rotates at the prescribed motion with varying kinematics.

The boundary condition on the wing surface is specified as a no-slip, adiabatic moving wall with zero-
normal pressure gradient approximated by a fourth-order accurate extrapolation. The far-field boundary
in each block, which is located 30 chords from the wing surface, is set as a zero-velocity condition with
the reference temperature and density each as unity. Near this boundary, each mesh is stretched quite
rapidly. This, in conjunction with the low-pass filter, provides a buffer-type treatment of the boundary that
eliminates spurious reflections associated with the imposed flow condition. The reference Mach number for
all computations is selected as 0.1 to avoid compressibility effects, which results in a normalized pressure at
the far-field boundaries of p = 71.43.

The revolving, aspect-ratio-one wing was simulated at a Reynolds number of Reroot = 7, 250 on the mesh
described above along with two other meshes of successive refinement in Ref. 32. The current grid was
found to provide sufficient spatial resolution of the three-dimensional flow structure when compared to the
other resolutions. The unsteady aerodynamic loads that were produced throughout the motion also showed
only slight sensitivity to spatial resolution. Additionally, comparisons of the baseline mesh solution with
experimental PIV measurements15 showed remarkably favorable agreement throughout the motion. The
refinement study and experimental comparisons in Ref. 32 provide a high level of confidence in the choice of
resolutions for the meshes used in the current study.
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Table 1: Computational mesh sizes for the various aspect-ratio wings

AR = 1 AR = 2 AR = 4

Block nξ nη nζ Points nζ Points nζ Points

Leading edge 81 201 291 4,737,771 421 6,854,301 681 11,087,361

Trailing edge 81 201 291 4,737,771 421 6,854,301 681 11,087,361

Root 137 201 81 2,230,497 81 2,230,497 81 2,230,497

Tip 137 201 81 2,230,497 81 2,230,497 81 2,230,497

Lower surface 137 81 137 1,520,289 267 2,962,899 527 5,848,119

Upper surface 137 81 137 1,520,289 267 2,962,899 527 5,848,119

16,977,114 24,095,394 38,331,954

nξ, nη , nζ correspond to the number of points in the ξ-, η-, and ζ-directions, respectively

Leading-edge
Trailing-edge
Root
Tip
Lower
Upper

Figure 3: Near-field computational mesh

V. Effect of aspect ratio

The effects of aspect ratio on the three-dimensional flow structure and aerodynamic loads are examined in
this section. Three wings are considered with aspect ratios of AR = 1, 2, and 4, respectively. The Reynolds
number based on the maximum rotational velocity achieved at the root is selected as Reroot = 1, 000 for
all cases. This allows the variation of Reynolds number along the span to remain consistent for all aspect
ratios considered, which means that the higher aspect-ratio wings operate as if they are extensions of the
aspect-ratio-one wing. The corresponding mid-span and tip Reynolds numbers for the different aspect ratios
are listed in Table 2 for reference. For comparison purposes, most components of interest are re-normalized
by the maximum mid-span velocity, which varies with aspect ratio.
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Table 2: Reynolds numbers based on the maximum root, mid-span, and tip rotational velocities

AR Reroot Rerg Retip

1 1,000 2,000 3,000

2 1,000 3,000 5,000

4 1,000 5,000 9,000

A. Description of unsteady flow structure

The three-dimensional flow structure is shown in Fig. 4 for rotational angles of φ = 45◦, 90◦, and 135◦ through
iso-surfaces of relative total pressure. Two surfaces are shown to highlight the inner core and outer shell
of the vortex system. Representation of the solution through the total pressure has been shown to remove
many of the smaller scales associated with transition and vortex breakdown while leaving the coherence of
the vortex core.30,32

Shortly after the onset of the motion, each wing produces vortices emanating from the four edges and
pinned at the corners. By φ = 45◦, the leading edge, tip, and trailing edge vortices unpin from the outboard
corners of the wing and undergo a reconnection process to form a continuous vortex loop. The root and
trailing edge vortices also reconnect just off their adjacent corner. The vortex loop increases in size with
aspect ratio since the travel distance of the tip also increased with aspect ratio. The leading edge portion
of the vortex lifts off slightly from the outboard section of the wing and forms an arch-type structure as it
reorients itself with the tip. This evolution has been closely detailed for an aspect-ratio-one wing across a
broad range of Reynolds numbers in Ref. 32.

The evolution of the vortex core for 22.5◦ ≤ φ ≤ 135◦ can be seen in Fig. 5 through another iso-surface
of relative total pressure and the surface pressure distribution on the suction side of the wing. Note that
the pressure coefficient is normalized by the maximum mid-span velocity, U2

rg , for comparison between the
different aspect-ratio wings. The proximity of the vortex to the surface of the wing promotes a strong region
of suction along the leading edge that persists to the mid-span, regardless of aspect ratio. Past mid-span,
the vortex lifts off the surface into an arch-type structure as it reorients itself along the tip, which diminishes
its imprint on the surface pressure and reduces the suction near the tip. At φ = 90◦, the inboard pressure is
largely established for all aspect ratios. At this same instant, an expansion of the vortex core is identifiable
for each wing around mid-span (denoted as (1)), which is indicative of vortex breakdown. At φ = 112.5◦

and 135.0◦, spiraling undulations of the vortex core can be seen with the higher aspect-ratio-wings. The
spiraling winds in the direction opposite the sense of rotation, which is another sign of breakdown. The size
of the LEV scales with the distance from the rotational axis, and for the higher aspect ratios, the LEV grows
larger than the chord of the wing, causing it to be obstructed by the trailing edge. Once this occurs, the tip
unloads and the edge of the suction region moves inboard slightly.

Contours of the relative span-wise velocity around the suction side of each wing at φ = 90◦ are shown in
Fig. 6 at several locations across the span. A single contour line of relative total pressure (p0/p0,ref = 0.99)
is superimposed in each image as well to highlight the leading edge vortex, and the view is directed from
root to tip. The velocity is normalized by the maximum speed achieved at the mid-span of the wing during
rotation, Urg . For each aspect ratio, the size of the LEV scales with distance from the root of the wing until
the effects of the tip force the LEV to lift-off and reorient in the chord-wise direction. Additionally, there is
a large region of strong outboard flow present behind the LEV regardless of aspect ratio at each span-wise
location. At a distance of 0.25 chords from the wing root, all solutions show a similarly sized LEV with a
strong outboard jet present in its core that is on the order of the mid-span velocity. A portion of the root
vortex is present in these images as well due to the proximity of the viewing plane to the wing root. At
0.50 chords from the root, the aspect-ratio-one wing produces a relatively enlarged LEV with a region of
reversed flow present its feeding sheet off the leading edge. Just past this location for AR = 1, the jet in
the vortex core encounters an abrupt flow reversal due to breakdown. Interestingly, this same phenomenon
occurs around the mid-span location for each wing, despite aspect ratio. In all cases, the LEV is lifted-off
the surface as it approaches the tip around the 75%-span location. Regions of reversed flow are also present
underneath the LEV at these sections, which allow effects from the tip to propagate inboard.

The evolution of the LEV along the span of the aspect-ratio-four wing at φ = 67.5◦ is shown in Fig. 7
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through contours of span-wise vorticity at several slices along the wing that dissect the leading edge vortex.
An iso-surface of total pressure is also shown to highlight the three-dimensionality of the vortex system.
Initially off the root of the wing, the LEV appears as a tight and coherent vortex. A secondary vortex is
formed from the wall-induced vorticity generated between the LEV and its feeding sheet. The size of the
LEV and secondary vortex grows proportionally with distance from the rotational axis. At a distance of 1.5
chords from the wing root, the secondary vortex erupts from the surface and penetrates the feeding sheet of
the LEV. The disrupted shear layer rolls up under self-induction and forms substructures that rotate in the
same direction as the LEV. The finger-like substructures are apparent off the leading edge in the span-wise
vorticity and in the three-dimensional iso-surface of total pressure at a distance greater than 1.75 chords
from the root. Similar transitional elements have been described in detail for swept delta wings in Ref. 21
and have been seen experimentally for a revolving wing by Carr et al.17 The lower aspect ratio wings in this
study do not show the formation of these substructures, indicating that it is an effect of the Reynolds number
based on distance along the span. The other wings do not have sufficient span for the LEV to develop these
features before the flow is overcome by the influence of the tip.

Between φ = 67.5◦ and 90◦, the outer portion of the LEV and its feeding sheet substructures undergo
transition and breakdown into much smaller scales. This is shown in the Q-criterion iso-surfaces of Fig. 8.
The wings with AR = 1 and 2 are also shown for comparison. The lower aspect-ratio wings also show
transitional elements of the LEV, but they do not have the same feeding-sheet substructures that are present
with AR = 4. The finer-scale features increase with the Reynolds number based on the distance from the
rotational axis.
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AR = 1

AR = 2

AR = 4

 = 45°

 = 90°

 = 135°

(1)

(1)

(1)

(1) Reconnection of LE and Tip vortices

Figure 4: Iso-surfaces of relative total pressure
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AR = 1 AR = 2 AR = 4

 = 45.0°

 = 22.5°

 = 67.5°

 = 90.0°

 = 112.5°

 = 135.0°

(1)
(1)

(1)

(2)

Leading-edge

Root Tip

Trailing-edge

(2)

Leading-edge

Root Tip

Trailing-edge

Leading-edge

Root Tip

Trailing-edge

0
-1
-2
-3
-4
-5
-6
-7

Cp =
p− p∞
1
2ρrefU

2
rg

Figure 5: Evolution of the surface pressure distribution on the suction side of the wing with overlaid iso-surface
of relative total pressure highlighting the vortex core along the leading edge. (1) Denotes the expansion of the
vortex core due to breakdown. (2) Indicates the undulation of the vortex core for higher aspect ratios.
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wrel

2.00

3.00

AR = 1 AR = 2 AR = 4

1.00

1.50

0.50

0.75

..........................................................

..........................................................

.......................................................................................................................

.......................................................................................................................

(i)

(ii)

(iii)

(i)

(ii)

(iii)

(i)

(ii)

(iii)

(i) s/b = 0.25, (ii) s/b = 0.50, (iii) s/b = 0.75

Root vortexLEV LEV LEV

Root vortex Root vortex
(r-rroot)/c = 0.25

Inboard Outboard

Figure 6: Contours of relative span-wise velocity around the suction side of the wing. A single contour line of
relative total pressure (p0/p0,ref = 0.99) is superimposed to highlight the leading edge vortex. View is directed
from root to tip, and all components are normalized by the maximum velocity of the wing at the mid-span.
Images of corresponding (i), (ii), or (iii) span-normalized locations of 25%, 50%, and 75%, respectively.
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(r-rroot)/c = 0.25

0.50

0.75

1.00

1.25

1.50

1.75

Eruption of secondary vortex and 
penetration of the LEV feeding sheet

Roll-up of the feeding sheet 
into LEV sub-structures

LE TE

0.250.500.751.001.251.501.75

LEV sub-structures

LEV

2.00

2.00

Iso-surface of relative total pressure Span-wise vorticity

Figure 7: Evolution of the leading edge vortex along the span of the aspect-ratio-four wing. Solution corre-
sponds to a rotational angle of φ = 67.5◦.
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Leading edge

Leading edge

Leading edge

Root

Root

Root

Tip

Tip

AR = 1

AR = 2

AR = 4

Sub-structure of the LEV

 = 67.5°  = 90.0°

Leading edge

Leading edge

Leading edge

Root

Root

Root

Tip

Tip

Tip

Figure 8: Q-criterion iso-surfaces showing the evolution of the leading edge vortex along the span for each
aspect ratio. Solutions correspond to rotational angles of φ = 67.5◦ and 90.0◦.
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B. Aerodynamic loads

The lift, drag, and radial force coefficients are shown in Fig. 9. It is important to note that these coefficients
have been renormalized by the mid-span velocity, Urg , for comparison and use the wetted area of the chord
times the span, S = c b. Relative to the other components, the radial forces are insignificant throughout the
motion for each aspect ratio. The lift and drag coefficients increase very quickly at the onset of the motion
due to the angular acceleration of the plate. Shortly thereafter, the coefficients plateau and then increase
at a much lower rate as the vortex system strengthens and grows. By φ = 90, where the inboard surface
pressure was seen to be largely established, the forces from the higher aspect ratio wings mostly level off and
exhibit unsteady fluctuations around nearly the same mean value. At this point, the chord-wise extent of
the LEV for the higher aspect ratio wings has grown to a size that covers the entire chord. It cannot grow
past the trailing edge, so the lift and drag saturate. For AR = 1, the lift and drag continue to rise slightly
throughout the motion but do not quite reach the higher peak values of the other aspect ratio wings. At
this aspect ratio, the extent of the LEV never encompasses the entire chord of the wing, so its development
is unhindered by the trailing edge.

The sectional lift coefficient, Cl = L′/(1/2ρrefU2
rgc), plotted against the normalized span-wise location

is shown in Fig. 9 for several rotational angles. For AR = 1, the majority of the lift is biased towards the
tip for the duration of the motion. The higher aspect-ratio-wings initially show the same bias at φ = 45◦,
but later in the motion, they move to a more normalized distribution. Some unsteadiness is observed in the
distributions of the higher aspect-ratio-wings, as well.

φ (τ ) [deg]

CD

CL

CR

CL

CDCR

Force coefficient =
F

1
2ρref U

2
rg c b

Section lift coefficient =
L′

1
2ρref U

2
rg c

Figure 9: Lift, drag, and radial force coefficients and the sectional lift coefficient across the span for the various
aspect-ratio-wings at rotational angles of φ = 45◦ (a), 90◦ (b), 135◦ (c), 180◦ (d), 225◦ (e), and 270◦ (f).
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C. Separation of dynamic forces for the revolving wing

When the nondimensionalized Navier-Stokes equations are cast into a rotating frame of reference, the appar-
ent angular, centrifugal, and Coriolis forces appear on the right-hand-side of the equations as source terms.
These forces, when summed with the pressure gradient force and neglecting the viscous forces, form the total
dynamic force seen by the fluid measured in the moving reference frame. This force is formulated as follows:

Fdyn = −∇p − ρ Ω̇× r︸ ︷︷ ︸
Fang

− ρΩ× (Ω× r)︸ ︷︷ ︸
Fcen

− 2ρ (Ω× u︸ ︷︷ ︸
FCor

) (10)

where r is the radius from the rotational axis, u = V − (Ω × r) is the relative velocity, and Ω is the
rotational rate of the system. The angular, centripetal, and Coriolis forces are designated as Fang, Fcen and
FCor, respectively. The Rossby number, which appears in some nondimensionalizations of rotational forces,
does not appear in this normalization since the dimensional form of Ω is normalized by Uref/c and the radius,
r, is normalized by the chord.

The total dynamic force is decomposed into its centrifugal, Coriolis, and pressure gradient contributions.
The span-wise components of these forces are shown in Fig. 10 at the 25%-span location for each aspect
ratio. The forces are normalized by the mid-span velocity, U2

rg . For each wing, the centrifugal force is
consistently directed outboard and on the order of unity, but scales with distance from the rotational axis.
The component of Coriolis force operates mostly on the edges of the LEV with an outboard contribution on
the rearward side, and an inboard contribution on the forward and upper edge. It is also on the order of
unity but has a diminishing magnitude with aspect-ratio. The pressure gradient force acts in a dipole-like
distribution that is an order of magnitude greater than the other two forces in the span-wise direction. A
large region of outboard forcing encompasses the rear and upper portions of the LEV that prevails to the
wing surface. A smaller region of inboard forcing is present in the forward section of the LEV core. This
force is responsible for the deceleration and eventual flow reversal of the coherent jet in the vortex core. The
span-wise total dynamic force in the vortex core is quite obviously dominated by the pressure gradient, but
also has a strong component of centrifugal force ahead of and behind the LEV. The outboard flow that was
shown in Fig. 6 around almost the entirety of the area surrounding the wing is largely due to the centrifugal
and pressure gradient forces.

Next, the surface-normal components of the total dynamic force and its decomposed forces are shown in
Fig. 11 at the 25%-span locations of each wing. On a span-wise plane, the centrifugal force in the normal
direction is negligible in these regions since it is a radially-directed force. The Coriolis force shows moderate
contributions in the normal direction with an upward force in the core and at the base of the LEV. The
upward direction suggests that Coriolis does not contribute to leading edge vortex attachment, but rather,
quite the opposite. The pressure gradient force is also directed upward at the base of the vortex, where the
vortex is still close to the surface. However, it also has a larger region of downward force around the upper
edge of the LEV. The pressure gradient, again, dominates the other two forces by an order of magnitude
and is almost indistinguishable from the total dynamic force.

The span-wise and surface-normal components of the forces are integrated across a sectional area at
each span-wise location along the wing in order to quantify each forces’ net contribution. The area selected
extends from the wing surface to a normal distance of half a chord and also from 0.1c ahead of the leading
edge to 0.1c behind the trailing edge. Figure 12 shows the integrated values at each span-wise location for
all the forces discussed above. Each component is plotted against the span-normalized distance from the
wing root.

A strong similarity is seen between the integrated span-wise components of the different aspect-ratio-
wings with the distributions scaling as a function of aspect ratio. The centrifugal, pressure gradient, and total
dynamic forces show a mostly outboard-directed (positive) distribution across the span, while the Coriolis
net effect is comparable in magnitude but is directed inboard (negative) across the entirety of the wing.
The sectional pressure gradient force is directed outboard along much of the span, but does switch signs on
either side of the wing due to the interactions of the leading edge vortex with the root and tip vortices. The
pressure gradient force is, again, shown to be the major contributor to the total dynamic force.

The integrated surface-normal forces (Fig. 12(b)) reveal an upward (positive) net force from the Coriolis
across the span for each aspect ratio. The sectional pressure gradient and total dynamic forces have a net
effect directed downward (negative) initially near the wing root for all aspect ratios. The total dynamic
force remains negative until 81%, 51%, and 31%-span locations for the aspect ratios of one, two, and four,
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respectively. These distances correspond to 0.81, 1.02, and 1.25 chords from the wing root. The contribution
of this force continues to increase until reaching a maximum at 0.96, 1.71, and 2.10 chords, respectively,
for each aspect ratio. This distance appears to saturate with aspect ratio, indicating that the leading edge
vortex development is reaching a critical Reynolds number along the span, which will promote the feeding
sheet substructures discussed earlier. The integrated surface-normal component of the centrifugal force is
negligible across the wing due to its radial orientation.

Inboard Outboard

AR = 1 AR = 2 AR = 4

( Centrifugal )z

( Coriolis )z

( Pressure gradient )z

( Total dynamic force )z

Root vortexLEV LEV LEV

Figure 10: Contours of the span-wise components of the centrifugal, Coriolis, pressure gradient forces and
total dynamic forces at the 25% span-location. A single contour line of relative total pressure (p0/p0,ref = 0.99)
superimposed to highlight the leading edge vortex. View is directed from root to tip, and all components are
normalized by the maximum velocity of the wing at the mid-span.
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Downward Upward

n
( Centrifugal )n

( Coriolis )n

( Pressure gradient )n

( Total dynamic force )n

Root vortexLEV LEV LEV

AR = 1 AR = 2 AR = 4

Figure 11: Contours of the surface-normal components of the centrifugal, Coriolis, pressure gradient forces and
total dynamic forces at the 25% span-location. A single contour line of relative total pressure (p0/p0,ref = 0.99)
superimposed to highlight the leading edge vortex. View is directed from root to tip, and all components are
normalized by the maximum velocity of the wing at the mid-span.

s/b

∫
F

z
d
A

s/b

∫
F

n
d
A

s/b

s/b

s/b

s/b

Fcen

Fcor

Fp

Fdyn

Fcen

Fcor

Fp

Fdyn

(a) Integrated span-wise forces

(b) Integrated surface-normal forces

AR = 1

AR = 1

AR = 2

AR = 2

AR = 4

AR = 4

Figure 12: Net contributions of (a) the span-wise and (b) the surface-normal forces across the span. At each
span-wise location, the force components are integrated across an area that extends from the wing surface to
half a chord off the suction side and 0.1 chords off the leading and trailing edges.
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VI. Isolation of dynamic effects due to rotation

In an attempt to separate and quantify the dominant mechanisms of leading edge vortex attachment, the
aspect-ratio-two wing (AR = 2) is simulated with the addition of a source term in the governing equations
to oppose and eliminate the centrifugal force around the wing. This is in an effort to assess the importance
of the centrifugal force to vortex attachment for revolving wings. The wing is revolved in the same manner
as before, but the inboard oriented source term eliminates the contribution of the outboard centrifugal force
around the wing. While this simulation cannot be represented by a physical experiment, it does provide a
means of isolating effects of rotation to emphasize their importance.

Iso-surfaces of relative total pressure are depicted in Fig. 13 for the wing without centrifugal force to
highlight the overall vortex structure and the inner core at rotational angles of φ = 45◦, 90◦, 135◦, and
180◦. For φ ≤ 45◦, the flow field develops almost identically to the previous simulation with the centrifugal
force included. This is not surprising since the wing is accelerating up until this point and has not reached
its constant rotational rate, indicating that the initial vortex formation and development is due to the
acceleration of the wing. The leading edge, tip, and root vortices produced at the edges unpin from the
outboard corners and reconnect as before. The leading edge portion of the vortex lifts off the surface past
mid-span as it reorients itself with the wing tip. At φ = 90, however, the flow field starts to show differences.
Without the outboard centrifugal force, the lifted-off section of the leading edge vortex progresses inboard
causing spiraling undulations of the core near the wing root. The root vortex also moves towards the
rotational axis and separates from the wing. For φ > 90◦, the root vortex and the separation of the leading
edge portion of the vortex continue to move inboard and eventually cause the entire vortex system to eject
from the wing surface. At φ = 180◦, only remnants of the vortex system are evident around the wing.

The relative span-wise velocities from the original solution and a solution with the absence of centrifugal
force are depicted at several span-wise locations in Fig. 14. The rotational angle is φ = 90◦. While there is
a strong outboard flow present in the core of the LEV for both solutions, there is also a large inboard flow
ahead of the leading edge in the absence of centrifugal force, which leads to increased shearing in the feeding
sheet of the LEV. Additionally, a smaller region of outboard flow is present behind the leading edge without
centrifugal force. The decreased span-wise flow around the vortex could lead to its eventual separation from
the wing.
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 = 90° = 45°

 = 135°  = 180°

Figure 13: Evolution of the vortex structure about the revolving wing in the absence of centrifugal force.

wrel

Inboard Outboard

Original Centrifugal force eliminated

1.00

1.50

0.50

0.75

(r-rroot)/c = 0.25

Figure 14: Relative span-wise velocity contours from the original solution and a solution with the centrifugal
force eliminated. The rotational angle is φ = 90◦, and a single contour of total pressure is superimposed to
highlight the leading edge vortex.
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VII. Summary and conclusions

A numerical study has been conducted to examine the vortex structure and aerodynamic loading on a
unidirectionally revolving wing using high-fidelity, implicit large-eddy simulation. Several aspect ratio wings
(AR = 1, 2, and 4) were simulated at a root-based Reynolds number of 1,000. A stable and coherent vortex
system was observed emanating from the edges of the wing shortly after the onset of the motion. The
proximity of the vortex to the surface of the wing promotes a strong region of suction along the leading
edge that persists to the mid-span, regardless of aspect ratio. Past mid-span, the vortex lifts off the surface
into an arch-type structure as it reorients itself along the tip. The highest aspect ratio wing promotes the
development of substructures in the feeding sheet of the leading edge vortex. The origins of these features
have been traced back to the eruption of near-wall vorticity underneath the vortex that disrupts the feeding
sheet, causing it to roll-up into discrete substructures. For a fixed root-based Reynolds number of 1,000,
the lower aspect ratio wings do not have sufficient spans for these transitional elements to manifest. Since
the leading edge vortex grows proportionally to the distance from the rotational axis, the chord-wise extent
of the vortex becomes constrained by the trailing edge with increased aspect ratio, leading to saturation of
the aerodynamic loads. With AR = 1, the extent of the vortex never reaches the trailing edge, leading to a
slight increase of the lift and drag coefficients throughout the motion.

The size and eventual breakdown of the leading edge vortex was shown to be sensitive to the distance
from the rotational axis, indicating that a Reynolds number based on span-wise position may be appropriate
for comparisons of wings of differing aspect ratio. Matching of the root-based Reynolds numbers between
different wing planforms ensures that the variation of Reynolds number along the span is kept consistent.
This is much like the scaling used for swept delta wings.

Additionally, the centrifugal, Coriolis, and pressure gradient forces were analyzed for each wing. The
normal and span-wise components of the pressure gradient force at the 25% span-location were shown to
dominate the other two forces by an order of magnitude in the core of the LEV regardless of aspect ratio.
However, the centrifugal force was found to be equally important outside the vortex core, and the two,
together, are responsible for the large regions of outboard flow around the suction side of the wing. The
normal component of the the Coriolis force was observed to be directed away from the wing surface at the
base and in the core of the leading edge vortex indicating that it does not promote attachment of the vortex
system, but rather, the opposite.

As a means of isolating dynamic effects due to rotation, the aspect-ratio-two wing was simulated with
the addition of a source term in the governing equations to oppose and eliminate the centrifugal force near
the wing surface. The initial formation and development of the leading edge vortex was unhindered by the
absence of this force; however, later in the motion, the separation of the leading edge vortex near the tip
was able to propagate inboard. Without the opposing outboard centrifugal force to keep the separation past
mid-span, the vortex eventually separated and moved away from the surface much like that of a translating
wing undergoing stall. The relative span-wise velocity revealed a reduction of outboard flow behind the LEV
and a strong region of inboard flow ahead of the LEV when the centrifugal force was eliminated. This results
in increased span-wise shearing of the vortex and could destabilizing the system.

Future studies will investigate the addition of a centrifugal-like source term in the governing equations
for simulation of a translating wing to see if the addition of a span-wise force can augment leading edge
vortex attachment and prevent separation during translation. An investigation of the flow structure about
revolving wings undergoing reciprocating motions is also planned for future study.

Acknowledgements

This work is supported in part by AFOSR under a task monitored by Dr. D. Smith and also by a grant
of HPC time from the DoD HPC Shared Resource Centers at AFRL and ERDC.

References

1Ellington, C., “The Novel Aerodynamics of Insect Flight: Applications to Micro-Air Vehicles,” The Journal of Experi-
mental Biology, Vol. 202, 1999, pp. 3439–3448.

2Dickinson, M., “The Effects of Wing Rotation on Unsteady Aerodynamic Performance at Low Reynolds Numbers,” The
Journal of Experimental Biology, Vol. 192, 1994, pp. 179–206.

3Sane, S., “The aerodynamics of insect flight,” The Journal of Experimental Biology , Vol. 206, No. 23, 2003, pp. 4191–4208.

21 of 23

American Institute of Aeronautics and Astronautics

D
ow

nl
oa

de
d 

by
 D

'A
zz

o 
R

es
ea

rc
h 

Li
br

ar
y 

D
ET

 1
 A

FR
L/

W
SC

 o
n 

O
ct

ob
er

 7
, 2

01
3 

| h
ttp

://
ar

c.
ai

aa
.o

rg
 | 

D
O

I: 
10

.2
51

4/
6.

20
13

-8
6 

136 
Approved for public release; distribution unlimited.



4Birch, J. and Dickinson, M., “The influence of wing-wake interactions on the production of aerodynamic forces in flapping
flight,” The Journal of Experimental Biology , Vol. 206, 2003, pp. 2257–2272.

5Lehmann, F., “The mechanisms of lift enhancement in insect flight,” Naturwissenschaften, Vol. 91, 2004, pp. 101–122.
6Lehmann, F. and Pick, S., “The aerodynamic benefit of wing-wing interaction depends on stroke trajectory in flapping

insect wings,” The Journal of Experimental Biology , Vol. 210, 2007, pp. 1362–1377.
7Dudley, R. and Ellington, C., “Mechanics of Forward Flight in Bumblebees: I. Kinematics and Morphology,” The Journal

of Experimental Biology, Vol. 148, 1990, pp. 19–52.
8Dudley, R. and Ellington, C., “Mechanics of Forward Flight in Bumblebees: II. Quasi-Steady Lift and Power Require-

ments,” The Journal of Experimental Biology , Vol. 148, 1990, pp. 53–88.
9Fry, S., Sayaman, R., and Dickinson, M., “The Aerodynamics of Free-Flight Maneuvers in Drosophila,” Science, Vol. 300,

No. 495, 2003.
10Dickinson, M., Lehmann, F., and Sane, S., “Wing Rotation and the Aerodynamic Basis of Insect Flight,” Science,

Vol. 284, No. 1954, 1999.
11Birch, J., Dickson, W., and Dickinson, M., “Force production and flow structure of the leading edge vortex on flapping

wings at high and low Reynolds numbers,” The Journal of Experimental Biology , Vol. 207, 2004, pp. 1063–1072.
12Poelma, C., Dickson, W., and Dickinson, M., “Time-resolved reconstruction of the full velocity field around a dynamically-

scaled flapping wing,” Experiments in Fluids, Vol. 41, 2006, pp. 213–225.
13Lentink, D. and Dickinson, M., “Biofluiddynamic scaling of flapping, spinning and translating fins and wings,” The

Journal of Experimental Biology, Vol. 212, 2009, pp. 2691–2704.
14Lentink, D. and Dickinson, M., “Rotational accelerations stabilize leading edge vortices on revolving fly wings,” The

Journal of Experimental Biology, Vol. 212, 2009, pp. 2705–2719.
15Ozen, C. and Rockwell, D., “Flow structure on a rotating plate,” Experiments in Fluids, Vol. 52, No. 1, 2012, pp. 207–223.
16Carr, Z., Chen, C., and Ringuette, M., “The Effect of Aspect Ratio on the Three-Dimensional Vortex Formation of

Rotating Flat-Plate Wings,” AIAA Paper AIAA-2012-912, AIAA, 2012.
17Carr, Z., Chen, C., and Ringuette, M., “Development of the Three-Dimensional Vortex Structure and Forces of Low-

Aspect Ratio, Rotating Flat-Plate Wings at Low Reynolds Numbers,” AIAA Paper AIAA-2012-3280, AIAA, 2012.
18Lee, M. and Ho, C.-M., “Lift Force of Delta Wings,” Applied Mechanics Reviews, Vol. 43, No. 9, 1990, pp. 209–221.
19Visbal, M., “Computed Unsteady Structure of Spiral Vortex Breakdown on Delta Wings,” AIAA Paper 1996-2074, AIAA,

1996.
20Visbal, M., “Onset of Vortex Breakdown Above a Pitching Delta Wing,” AIAA Journal , Vol. 32, No. 8, 1994, pp. 1568–

1575.
21Visbal, M. and Gordnier, R., “On the Structure of the Shear Layer Emanating from a Swept Leading Edge at Angle of

Attack,” AIAA Paper 2003-4016, AIAA, 2003.
22Garmann, D. and Visbal, M., “High-Fidelity Simulations of Transitional Flow Over Pitching Airfoils,” AIAA Paper

2009-3693, AIAA, 2009.
23Garmann, D. and Visbal, M., “Implicit LES Computations for a Rapidly Pitching Plate,” AIAA Paper AIAA-2010-4282,

AIAA, 2010.
24Garmann, D., High-Fidelity Simulations of Transitional Flow Over Pitching Airfoils, Master’s thesis, University of

Cincinnati, 2010.
25Garmann, D. and Visbal, M., “Numerical investigation of transitional flow over a rapidly pitching plate,” Physics of

Fluids, Vol. 23, No. 9, 2011.
26Visbal, M., “High-Fidelity Simulations of Transitional Flow past a Plunging Airfoil,” AIAA Journal , Vol. 47, No. 11,

2009, pp. 2685–2697.
27Visbal, M., “Numerical Investigation of Deep Dynamic Stall of a Plunging Airfoil,” AIAA Paper 2010-4458, AIAA, 2010.
28Rizzetta, D. and Visbal, M., “Effect of Plasma-Based Control for Low-Reynolds Number Flapping Airfoil Performance,”

AIAA Paper 2011-0735, AIAA, 2011.
29Gordnier, R., Attar, P., Chimakurthi, S., and Cesnik, C., “Implicit LES Simulations of a Flexible Flapping Wing,” AIAA

Paper 2010-2960, AIAA, 2010.
30Visbal, M., “Three-Dimensional Flow Structure on a Heaving Low-Aspect Ratio Wing,” AIAA Paper 2011-0219, AIAA,

2011.
31Yilmaz, T. and Rockwell, D., “Three-dimensional flow structure on a maneuvering wing,” Experiments in Fluids, Vol. 48,

2010, pp. 539–544.
32Garmann, D., Visbal, M., and Orkwis, P., “Three-dimensional flow structure and aerodynamic loading on a low-aspect-

ratio, revolving wing,” AIAA Paper 2012-3277, AIAA, 2012.
33Tannehill, J., Anderson, D., and Pletcher, R., “Computational Fluid Mechanics and Heat Transfer,” Series in computa-

tional and physical processes in mechanics and thermal sciences, Taylor & Francis, 2nd ed., 1997.
34Visbal, M. and Rizzetta, D., “Large-Eddy Simulation on Curvilinear Grids Using Compact Differencing and Filtering

Schemes,” Journal of Fluids Engineering , Vol. 124, 2002, pp. 836–847.
35Visbal, M., Morgan, P., and Rizzetta, D., “An Implicit LES Approach Based on High-Order Compact Differencing and

Filtering Schemes,” AIAA Paper 2003-4098, AIAA, June 2003.
36Garmann, D., Visbal, M., and Orkwis, P., “Comparative study of implicit and subgrid-scale model large-eddy simulation

techniques for low-Reynolds number airfoil applications,” International Journal for Numerical Methods in Fluids, 2012.
37Stolz, S. and Adams, N., “An Approximate Deconvolution Procedure for Large-Eddy Simulation,” Physics of Fluids,

Vol. 11, No. 7, 1999, pp. 1699–1701.
38Matthew, J., Lechner, R., Foysi, H., Sesterhenn, J., and Friedrich, R., “An Explicit Filtering Method for LES of Com-

pressible Flows,” Physics of Fluids, Vol. 15, No. 8, 2003, pp. 2279–2289.

22 of 23

American Institute of Aeronautics and Astronautics

D
ow

nl
oa

de
d 

by
 D

'A
zz

o 
R

es
ea

rc
h 

Li
br

ar
y 

D
ET

 1
 A

FR
L/

W
SC

 o
n 

O
ct

ob
er

 7
, 2

01
3 

| h
ttp

://
ar

c.
ai

aa
.o

rg
 | 

D
O

I: 
10

.2
51

4/
6.

20
13

-8
6 

137 
Approved for public release; distribution unlimited.



39Visbal, M. and Gaitonde, D., “High-Order Accurate Methods for Complex Unsteady Subsonic Flows,” AIAA Journal ,
Vol. 37, No. 10, 1999, pp. 1231–1239.

40Gaitonde, D. and Visbal, M., “High-Order Schemes for Navier-Stokes Equations: Algorithm and Implementation into
FDL3DI,” Technical Report AFRL-VA-WP-TR-1998-3060, Air Force Research Laboratory, Wright-Patterson AFB, 1998.

41Lele, S., “Compact Finite Difference Schemes with Spectral-like Resolution,” Journal of Computational Physics, Vol. 103,
1992, pp. 16–42.

42Gaitonde, D. and Visbal, M., “Further Development of a Navier-Stokes Solution Procedure Based on Higher-Order
Formulas,” AIAA Paper 99-0557, AIAA, 1999.

43Alpert, P., “Implicit Filtering in Conjunction with Explicit Filtering,” Journal of Computational Physics, Vol. 44, 1981,
pp. 212–219.

44Beam, R. and Warming, R., “An Implicit Factored Scheme for the Compressible Navier-Stokes Equations,” AIAA
Journal , Vol. 16, No. 4, 1978, pp. 393–402.

45Pulliam, T. and Chaussee, D., “A Diagonal Form of an Implicit Approximate-Factorization Algorithm,” Journal of
Computational Physics, Vol. 17, No. 10, 1981, pp. 347–363.

46Rizzetta, D., Visbal, M., and Morgan, P., “A High-Order Compact Finite-Difference Scheme for Large-Eddy Simulation
of Active Flow Control (Invited),” AIAA Paper 2008-526, AIAA, 2008.

47Jameson, A., Schmidt, W., and Turkel, E., “Numerical Solutions of the Euler Equations by Finite Volume Methods Using
Runge-Kutta Time Stepping Schemes,” AIAA Paper 1981-1259, AIAA, 1981.

48Pulliam, T., “Artificial Dissipation Models for the Euler Equations,” AIAA Journal , Vol. 24, No. 12, Dec. 1986, pp. 1931–
1940.

49Visbal, M. and Gaitonde, D., “On the Use of High-Order Finit-Difference Schemes on Curvilinear and Deforming Meshes,”
Journal of Computational Physics, Vol. 181, 2002, pp. 155–185.

50Eldredge, J., Wang, C., and Ol, M., “A Computational Study of a Canonical Pitch-up, Pitch-down, Wing Maneuver,”
AIAA Paper 2009-3687, AIAA, 2009.

51Visbal, M., “On Some Physical Aspects of Airfoil Dynamic Stall,” Procedings of the International Symposium on Non-
Steady Fluid Dynamics, edited by J. Miller and D. Telionis, Vol. 92, American Society of Mechanical Engineers, 1990.

52Steger, J., Dougherty, F., and Benek, J., “A Chimera Grid Scheme,” Advances in Grid Generation , edited by K. Ghia
and U. Ghia, Vol. 5, American Society of Mechanical Engineers, 1983, pp. 59–69.

53Sherer, S. and Scott, J., “High-Order Compact Finite-Difference Methods on General Overset Grids,” Journal of Com-
putational Physics, Vol. 210, No. 2, 2005, pp. 459–496.

23 of 23

American Institute of Aeronautics and Astronautics

D
ow

nl
oa

de
d 

by
 D

'A
zz

o 
R

es
ea

rc
h 

Li
br

ar
y 

D
ET

 1
 A

FR
L/

W
SC

 o
n 

O
ct

ob
er

 7
, 2

01
3 

| h
ttp

://
ar

c.
ai

aa
.o

rg
 | 

D
O

I: 
10

.2
51

4/
6.

20
13

-8
6 

138 
Approved for public release; distribution unlimited.



Numerical Simulation of

Excrescence Generated Transition

Donald P. Rizzetta∗ and Miguel R. Visbal†

Air Force Research Laboratory, Wright-Patterson Air Force Base, Ohio 45433-7512, USA

Large-eddy simulations (LES) are carried out in order to predict transition generated by
excrescence on a plate-like geometry in subsonic flow. Both forward-facing and rearward-
facing steps of small roughness height are considered in the investigation. These are rep-
resentative of joints and other surface imperfections on wing sections that disrupt laminar
flow, there by increasing skin friction and drag. Solutions are obtained via a high-fidelity
numerical scheme and an implicit LES approach, on an overset mesh system that is used
to represent the steps. Very small-amplitude numerical forcing is employed to generate
perturbations, which are amplified by the geometric disturbances, similar to the physical
situation. Details of the simulation procedure are summarized, features of the flowfields
are described, and the process of transition is elucidated. Comparisons are made with
available experimental data in terms of time-mean skin-friction measurements. Locations
of transition and skin friction levels predicted by the LES are in close correspondence with
experiments. A grid resolution study was carried out to confirm accuracy of the compu-
tations. In the fully turbulent region downstream of transition, calculations agree with
the expected behavior, but have not yet evolved to the high-Reynolds number asymptotic
form.

Nomenclature

Cf = time-mean skin friction coefficient
Cp = time-mean surface pressure coefficient
E = total specific energy
Ekz

, Eω = spanwise wave number and frequency spectral amplitudes
F ,G,H , = inviscid vector fluxes
F v,Gv,H v = viscous vector fluxes
h = dimensional plate thickness, 2.0in (0.00508m)
k = dimensional excrescence step height, 0.04in (0.001m)
kz = nondimensional wave number
K = turbulent kinetic energy, 0.5(u′u′ + v′v′ + w′w′)
Ki = integrated turbulent kinetic energy,

∫
Kdy

J = Jacobian of the coordinate transformation
M = Mach number
p = nondimensional static pressure
Pr = Prandtl number, 0.73 for air
Q = vector of dependent variables
Qi = components of the heat flux vector
Re = reference Reynolds number, ρ∞u∞h/μ∞
Rek = roughness-based Reynolds number, Reukk
R11, R22, R33 = spanwise correlation coefficients of the fluctuating velocity components
s = nondimensional arc length along the plate surface
t = nondimensional time
T = nondimensional static temperature

∗Senior Research Aerospace Engineer, Aerodynamic Technology Branch, AFRL/RQVA, Associate Fellow AIAA.
†Technical Area Leader, Aerodynamic Technology Branch, AFRL/RQVA, Fellow AIAA.
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u, v, w = nondimensional Cartesian velocity components in the x, y, z directions
u1, u2, u3 = u, v, w
uk = nondimensional streamwise velocity of undisturbed flow evaluated at x = xk, y = k/h
U, V,W = contravariant velocity components
x, y, z = nondimensional Cartesian coordinates in the streamwise, vertical,

and spanwise directions
x1, x2, x3 = x, y, z
xd = nondimensional downstream location of resolved region
xk = nondimensional streamwise step location
zs = nondimensional spanwise extent
γ = specific heat ratio, 1.4 for air
δ = nondimensional boundary-layer thickness
δij = Kronecker delta function
δξ2, δη2, δζ2, = 2nd-order and 6th-order finite-difference operators in ξ, η, ζ
δξ6, δη6, δζ6

δ∗ = nondimensional displacement thickness
ΔQ = Qp+1 −Qp

Δt = time step size
μ = nondimensional molecular viscosity coefficient
ξ, η, ζ = nondimensional body-fitted computational coordinates
ξt, ξx, ξy, ξz, = metric coefficients of the coordinate transformation
ηt, ηx, ηy, ηz,
ζt, ζx, ζy, ζz

ρ = nondimensional fluid density
τij = components of the viscous stress tensor
ω = nondimensional frequency
ωf = nondimensional forcing frequency

Subscripts
r = rescaled variable
s = evaluated at the surface
∞ = dimensional reference value

Superscripts
n = time level
p = subiteration level
ˆ = filtered value
′ = fluctuating component

= time-mean quantity
+ = law-of-the-wall variable

I. Introduction

One of the principal considerations in the design and construction of aircraft is that of configuration drag.
This is especially true for unmanned air systems (UAS) and high altitude long endurance (HALE) vehicles,
which are primarily used for intelligence, surveillance, and reconnaissance missions requiring extensive loiter
times at altitude. An approach for reducing drag in such applications is the use of wings devised to maintain
laminar flow. Through a judicious design process, wings may be constructed so that the boundary layer can
have a transition location which is significantly downstream of that in a conventional situation. This results
in a smaller fraction of the vehicle wetted surface being exposed to turbulent flow and a reduction in drag,
leading directly to lower fuel consumption, energy efficiency, longer range, larger payloads, or increased flight
times.

The exploitation of laminar flow on air vehicles requires stringent manufacturing tolerances in the pro-
duction of aerodynamic surfaces. Specifically, the heights of steps, the width of gaps, and the undulations
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of surfaces must be minimized. In order to define allowable variations in these properties, they must first
be quantified with regard to their ability to generate transition. It is the purpose of this investigation to
assist in characterizing allowable sizes of surface imperfections on laminar-flow wings to preclude premature
transition to turbulence. This will aid in development of criteria for manufacturing tolerances during the
design and fabrication of long-endurance air vehicles.

Studies on effects of surface imperfections upon aerodynamic performance have been carried out for
many years. As early as 1939, Hood1 investigated waves on the surface of a NACA 23012 airfoil. It was
reported that sinusoidal undulations of the leading-edge region could result in premature transition, thereby
increasing skin friction drag. Subsequently, Fage2 conducted experiments on flat plates and airfoil models
with geometric shapes that were similar to those of Hood. He judged that the size of the surface perturbations
required to generate transition, was essentially independent of pressure gradient. This presumption is now
generally considered to be incorrect. In contrast to a smooth surface variation, effects of isolated surface
excrescences were examined by Gregory et al.3 Flight test were conducted, and criteria for permissible
“pimple” heights were reported.

Smith and Clutter4 investigated flows over wire trips, and quantified critical roughness Reynolds numbers
capable of producing transition. They also decided that the transition process appeared to be insensitive to
pressure gradient. Braslow5 compiled an early summary on the transition of boundary-layers due to surface
roughness effects. It was found that roughness formed by integrated forward or rearward-facing steps had
a critical roughness-based Reynolds number of approximately 200. Flight experiments conducted by Drake
et al.6 explored effects of integral steps and gaps on boundary-layer transition for a wing with a favorable
pressure gradient.

The advent of long-endurance air vehicles has more recently spawned a current series experimental studies
devoted to the investigation of excrescence effects on transition.7–14 While early work of these studies focussed
on zero pressure gradient flows,7,8 the long term goal was examination of excrescence generated transition
in conditions typical of laminar flow wings.9–14 It was generally determined that laminar flow continued to
exist for excrescence heights that were larger than previously thought possible. And although the probability
of maintaining laminar flow for long-endurance air vehicles appears quite probable, it is still necessary to
quantify excrescence effects in order to develop required criteria for manufacturing tolerances.

Surface imperfections have two dominant effects. They produce a local enhancement of receptivity to
freestream disturbances due to geometry, and they result in a local modification of the time-mean flowfield
and its stability properties. One purpose of the present investigation was to determine the possibility of
predicting transition for the flow past steps of moderate roughness-based Reynolds number, through the use
of large-eddy simulation. Although the computations are carried out using a high-order numerical method,
many simulations of this type commonly require small-amplitude numerical forcing in order to create per-
turbations that are amplified by the geometric disturbances. The process is similar to that of the physical
situation, which is receptive to freestream non-uniformities or other perturbations which eventually evolve
into fully turbulent flows. In addition to providing insight into transition calculations, this effort also com-
pliments existing experimental data documenting excrescence-based transition, and increases understanding
of the fundamental physical issues involved in the process. It may ultimately aid in development of criteria
for manufacturing tolerances during the design and fabrication of UAS and HALE vehicles.

The large-eddy simulations are carried out for flow past a flat-plate configuration, which duplicates that
of the experimental arrangement. Forward-facing and rearward-facing steps of small heights are imposed in
the plate surface downstream of the leading edge. These can be considered representative of mismatched
panels, which arise during the fabrication of aerodynamic surfaces. In the sections that follow, the governing
equations are defined, the numerical method and LES approach are described, and details of the computations
are outlined. Results of the simulations are summarized, features of the transition process are elucidated,
and comparisons between the computations and experiments are provided.

II. The Governing Equations

The governing fluid equations are taken as the unsteady three-dimensional compressible unfiltered Navier-
Stokes equations. Although these computations are considered to be large-eddy simulations, it will be
subsequently explained why, unlike more traditional approaches, the unfiltered equations are solved. After
introducing a generalized time-dependent curvilinear coordinate transformation to a body-fitted system, the
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equations are cast in the following nondimensional conservative form

∂

∂t

(
1
J Q

)
+

∂

∂ξ

(
F − 1

Re
F v

)
+

∂

∂η

(
G − 1

Re
Gv

)
+

∂

∂ζ

(
H − 1

Re
H v

)
= 0. (1)

Here t is the time, ξ, η, ζ the computational coordinates, Q the vector of dependent variables, F , G, H the
inviscid flux vectors, and F v, Gv, H v the viscous flux vectors. The vector of dependent variables is given
as

Q =
[

ρ ρu ρv ρw ρE
]T

(2)

the vector fluxes by

F =
1
J

⎡
⎢⎢⎢⎢⎢⎣

ρU

ρuU + ξxp

ρvU + ξyp

ρwU + ξzp

ρEU + ξxi
uip

⎤
⎥⎥⎥⎥⎥⎦

, G =
1
J

⎡
⎢⎢⎢⎢⎢⎣

ρV

ρuV + ηxp

ρvV + ηyp

ρwV + ηzp

ρEV + ηxi
uip

⎤
⎥⎥⎥⎥⎥⎦

, H =
1
J

⎡
⎢⎢⎢⎢⎢⎣

ρW

ρuW + ζxp

ρvW + ζyp

ρwW + ζzp

ρEW + ζxi
uip

⎤
⎥⎥⎥⎥⎥⎦

(3)

F v =
1
J

⎡
⎢⎢⎢⎢⎢⎣

0
ξxiτi1

ξxi
τi2

ξxiτi3

ξxi
(ujτij −Qi)

⎤
⎥⎥⎥⎥⎥⎦

, Gv =
1
J

⎡
⎢⎢⎢⎢⎢⎣

0
ηxiτi1

ηxi
τi2

ηxiτi3

ηxi
(ujτij −Qi)

⎤
⎥⎥⎥⎥⎥⎦

, H v =
1
J

⎡
⎢⎢⎢⎢⎢⎣

0
ζxiτi1

ζxi
τi2

ζxiτi3

ζxi
(ujτij −Qi)

⎤
⎥⎥⎥⎥⎥⎦

(4)

where
U = ξt + ξxi

ui, V = ηt + ηxi
ui, W = ζt + ζxi

ui (5)

E =
T

γ(γ − 1)M2∞
+

1
2

(
u2 + v2 + w2

)
. (6)

In the preceding expressions, u, v, w are the Cartesian velocity components, ρ the density, p the pressure,
and T the temperature. All length scales have been nondimensionalized by the plate thickness h, and
dependent variables have been normalized by reference values except for p which has been nondimensionalized
by ρ∞u2

∞. Components of the heat flux vector and stress tensor are expressed as

Qi = −
[

1
(γ − 1)M2∞

]( μ

Pr

) ∂ξj

∂xi

∂T

∂ξj
(7)

τij = μ

(
∂ξk

∂xj

∂ui

∂ξk
+

∂ξk

∂xi

∂uj

∂ξk
− 2

3
δij

∂ξl

∂xk

∂uk

∂ξl

)
. (8)

The Sutherland law for the molecular viscosity coefficient μ and the perfect gas relationship

p =
ρT

γM2∞
(9)

were also employed, and Stokes’ hypothesis for the bulk viscosity coefficient has been invoked.

III. The Numerical Method

Time-accurate solutions to Eq. (1) were obtained numerically by the implicit approximately-factored
finite-difference algorithm of Beam and Warming15 employing Newton-like subiterations,16 which has evolved
as an efficient tool for generating solutions to a wide variety of complex fluid flow problems, and may be
written as follows[

1
J +

(
2Δt

3

)
δξ2

(
∂F p

∂Q
− 1

Re

∂F p
v

∂Q

)]
J ×

[
1
J +

(
2Δt

3

)
δη2

(
∂Gp

∂Q
− 1

Re

∂Gp
v

∂Q

)]
J×
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[
1
J +

(
2Δt

3

)
δζ2

(
∂H p

∂Q
− 1

Re

∂H p
v

∂Q

)]
ΔQ = −

(
2Δt

3

) [(
1

2Δt

) (
3Qp − 4Qn + Qn−1

J
)

+δξ6

(
F p − 1

Re
F p

v

)
+ δη6

(
Gp − 1

Re
Gp

v

)
+ δζ6

(
H p − 1

Re
H p

v

)
− DcqcS

p

]
. (10)

In this expression, which is employed to advance the solution in time, Qp+1 is the p + 1 approximation to
Q at the n + 1 time level Qn+1, and ΔQ = Qp+1 − Qp. For p = 1, Qp = Qn. Second-order-accurate
backward-implicit time differencing was used to obtain temporal derivatives.

The implicit segment of the algorithm (left-hand side of Eq. 10) incorporates second-order-accurate cen-
tered differencing for all spatial derivatives, and utilizes nonlinear artificial dissipation17 to augment stability.
For simplicity, the dissipation terms are not shown in Eq. (10). Efficiency is enhanced by solving this im-
plicit portion of the factorized equations in diagonalized form.18 Temporal accuracy, which can be degraded
by use of the diagonal form, is maintained by utilizing subiterations within a time step. This technique
has been commonly invoked in order to reduce errors due to factorization, linearization, diagonalization,
and explicit application of boundary conditions. It is useful for achieving temporal accuracy on overset
zonal mesh systems, and for a domain decomposition implementation on parallel computing platforms. Any
deterioration of the solution caused by use of artificial dissipation and by lower-order spatial resolution of
implicit operators is also reduced by the procedure. Three subiterations per time step have been applied in
the current simulations to preserve second-order temporal accuracy.

The compact difference scheme employed on the right-hand side of Eq. 10 is based upon the pentadiagonal
system of Lele,19 and is capable of attaining spectral-like resolution. This is achieved through the use of a
centered implicit difference operator with a compact stencil, thereby reducing the associated discretization
error. For the present computations, a sixth-order tridiagonal subset of Lele’s system is utilized, which is
illustrated here in one spatial dimension as

αd

(
∂F

∂ξ

)
i−1

+
(

∂F

∂ξ

)
i

+ αd

(
∂F

∂ξ

)
i+1

= a

(
F i+1 − F i−1

2

)
+ b

(
F i+2 − F i−2

4

)
(11)

with αd = 1/3, a = 14/9, and b = 1/9. The scheme has been adapted by Visbal and Gaitonde20 as an implicit
iterative time-marching technique, applicable for unsteady vortical flows, and has been used to obtain the
spatial derivative of any scalar, flow variable, metric coefficient, or flux component. It is used in conjunction
with a low-pass Pade-type non-dispersive spatial filter developed by Gaitonde et al.,21 which has been shown
to be superior to the use of explicitly added artificial dissipation for maintaining both stability and accuracy
on stretched curvilinear meshes.20 The filter is applied to the solution vector sequentially in each of the
three computational directions following each subiteration, and is implemented in one dimension as

αf Q̂ i−1 + Q̂ i + αf Q̂ i+1 =
4∑

n=0

an

2
(Q i+n + Q i−n) (12)

where Q̂ designates the filtered value of Q . It is noted that the filtering operation is a post processing
technique, applied to the evolving solution in order to regularize features that are captured but poorly
resolved. Equation 12 represents a one-parameter family of eighth-order filters, where numerical values for
the an’s may be found in Ref. 22. The filter coefficient αf is a free adjustable parameter which may be
selected for specific applications, where | αf |< 0.5. The value of αf determines sharpness of the filter cutoff
and has been set to 0.40 for the present simulations.

The aforementioned features of the numerical algorithm are embodied in a parallel version of the time-
accurate three-dimensional computer code FDL3DI,22 which has proven to be reliable for steady and unsteady
fluid flow problems, including vortex breakdown,23,24 transitional wall jets,25 synthetic jet actuators,26

roughness elements,27 plasma flows,28–36 and direct numerical and large-eddy simulations of subsonic37,38

and supersonic flowfields.39,40

IV. The LES Approach

In the LES approach, physical dissipation at length scales smaller than those in the inertial range is
not resolved, thereby allowing for less spatial resolution and a savings in computational resources. For
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nondissipative numerical schemes, without use of subgrid-scale (SGS) models, this leads to an accumulation
of energy at high mesh wave numbers, and ultimately to numerical instability. Traditionally, explicitly added
SGS models are then employed as a means to dissipate this energy. In the present methodology, the effect
of the smallest fluid structures is accounted for by a high-fidelity implicit large-eddy simulation (HFILES)
technique, which has been successfully utilized for a number of turbulent and transitional computations. The
present HFILES approach was first introduced by Visbal et al.41,42 as a formal alternative to conventional
methodologies, and is predicated upon the high-order compact differencing and low-pass spatial filtering
schemes, without the inclusion of additional SGS modeling. This technique is similar to monotonically
integrated large-eddy simulation (MILES)43 in that it relies upon the numerical solving procedure to provide
the dissipation that is typically supplied by conventional SGS models. Unlike MILES however, dissipation
is contributed by the aforementioned high-order Pade-type low-pass filter only at high spatial wavenumbers
where the solution is poorly resolved. This provides a mechanism for the turbulence energy to be dissipated at
scales that cannot be accurately represented on a given mesh system, in a fashion similar to subgrid modeling.
For purely laminar flows, filtering may be required to maintain numerical stability and preclude a transfer
of energy to high-frequency spatial modes due to spurious numerical events. The HFILES methodology
thereby permits a seamless transition from large-eddy simulation to direct numerical simulation as the
resolution is increased. In the HFILES approach, the unfiltered governing equations may be employed,
and the computational expense of evaluating subgrid models, which can be substantial, is avoided. This
procedure also enables the unified simulation of flowfields where laminar, transitional, and turbulent regions
simultaneously coexist. For the present situation, the range of fluid scales in the transition region is limited
and thus may be fully resolve by the HFILES formulation. Here, the solution can be consider a direct
numerical simulation, which may not be true if lower-order numerical methods are employed.

It should also be noted that the HFILES technique may be interpreted as an approximate deconvolution
SGS model,44 which is based upon a truncated series expansion of the inverse filter operator for the unfil-
tered flowfield equations. Mathew et al.45 have shown that filtering provides a mathematically consistent
approximation of unresolved terms arising from any type of nonlinearity. Filtering regularizes the solution,
and generates virtual subgrid model terms that are equivalent to those of approximate deconvolution.

V. Details of the Computations

A. The Computational Configurations

The configurations to be considered in the computations correspond to that of experimental arrange-
ments detailed in Refs. 7–14, and illustrated schematically in Fig. 1. The model geometry consists of 2.0in
(0.00508m) thick flat plate with a rounded leading edge. The thickness h was employed as a reference quan-
tity to nondimensionalize all spatial lengths. For the purpose of these simulations, a Cartesian coordinate
system was established with its origin located at the inboard leading edge of the plate. The shape of the
leading edge was prescribed by a superellipse having the following functional form:

∣∣∣∣ (xs − a)
a

∣∣∣∣
m

+
∣∣∣∣ (ys

b

∣∣∣∣
m

= 1 (13)

where a and b are the semi-diameters and m = 2.2. The aspect ratio of the ellipse was 6:1 such that
a/b = 6, and b = h/2. In experiments, forward-facing and rearward-facing steps of 0.04in (0.001m) in height
(k = 0.02), were located 18.85in (0.48m) downstream of the plate leading edge (xk = 9.42). Simulations
resolved the region for x < xd with xd = 42.0. The spanwise extent of the computational was taken equal
to the plate thickness (zs = 1.0). It was estimated that in the fully turbulent region downstream of steps,
this distance would be adequate to capture relevant physical properties.

B. Computational Meshes

The overset computational mesh systems employed for the simulations are displayed in Fig. 2. Because
the plate configuration is symmetric about y = 0 and the angle of attack is 0 deg, only the upper half of the
geometry is represented in the computations. Shown in frame a) of the figure is the overall flowfield represen-
tation, where only a fraction of the total grid lines appear. The planar C-grid construct was generated using
automated software,46 such that the outer boundaries were stretched to a distance of 100 plate thicknesses
from the leading edge. The planar grid structure was then distributed uniformly in the z direction, due to
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Table 1. Computational mesh sizes

configuration designation upstream grid downstream grid total points

baseline (1741 × 301) 524,041
forward-facing step (421 × 399 × 205) (1425 × 305 × 205) 123,533,820
rearward-facing step fine (325 × 301 × 205) (1421 × 401 × 205) 136,867,430
rearward-facing step medium (245 × 226 × 155) (1066 × 301 × 155) 58,316,580
rearward-facing step coarse (165 × 151 × 105) (711 × 201 × 105) 17,621,730

spanwise homogeneity of the configuration. The nondimensional grid spacing in the wall-normal direction at
the surface was 0.0002. Downstream of the steps, a uniform distribution of Δx = 0.025 was employed. Seen
in frame b) of Fig. 2 is the overset grid structure for the forward-facing step, and that of the rearward-facing
step is found in frame c). Because mesh points in the respective grids upstream and downstream of the step
locations (xk) coincide in the overlap region, no interpolation between the systems is required. The number
of points for each mesh is given in Table 1.

Besides the mesh systems described above, additional grids were developed for the rearward-facing step
in order to assess the effects of spatial resolution on computed results. For both grids, the same regions
of clustering and mesh spacing ratios were maintained. This was achieved by fitting a cubic spline to each
coordinate, and then redistributing the grid points. In each coordinate direction, approximately 75% of the
number of grid points in the fine grid system were utilized for the medium mesh, and 50% for the coarse
mesh. Unless specifically stated otherwise, all results to be subsequently described will have been obtained
on the finest computational meshes.

C. Boundary Conditions

On all solid surfaces, the no slip condition was enforced, along with an adiabatic wall and vanishing normal
pressure gradient, that were implemented with third-order spatial accuracy. At the farfield boundaries
(upstream, downstream, and upper), freestream conditions were specified for dependent variables. Grid
stretching in farfield regions transfered information to high spatial wave numbers, and it was then dissipated
by the low-pass numerical filter.47 This technique prevents any spurious reflections, particularly in the
outflow area of the computational domain. Periodic conditions were specified at the spanwise boundaries,
where a five-grid plane overlap of the mesh systems was employed.

D. Preliminary Computations

The freestream Mach number M∞ was set to 0.1, and preliminary computations were carried out for
the baseline flat-plate configuration without steps. These two-dimensional calculations utilized the mesh
system indicated in Table 1. The value of Re was varied parametrically until an appropriate roughness-
based Reynolds number was determined. For Re = 90, 000, it was established that Rek = 1013, where
Rek = Reukk. Here, uk is the value of the streamwise velocity u evaluated at x = xk and y = k/h, in the
undisturbed flow without a step. This roughness Reynolds number is similar to that seen experimentally,
and was shown to produce transition. In the subsequent LES, the value Re = 90, 000 was employed.

Found in Fig. 3 are computed results for the baseline case, which indicate the global appearance of the
flowfield. Contours of the u-velocity component are visible in frame a) of the figure, and those of the pressure
coefficient in frame b). The spanwise extent of the configuration is only for visual effect. Expansion over the
elliptic leading edge is evident in the figure, and downstream the solution is essentially that of a flat plate
in the absence of incoming freestream disturbances.

VI. The Numerical Forcing Methodology

It was originally envisioned that it might be possible to simulate transition without used of any numerical
perturbations. There are a number of sources in any numerical scheme which can produce perturbations.
And, due to the inherent stability properties of the boundary layer, it was thought that the geometric
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step disturbances would then promote growth of instabilities, reinforcing the perturbations, and lead to
transition. Computations were carried out on the coarse-mesh system for the rearward-facing step. Although
a development of fine-scale fluid structures did occur, its appearance was sporadic. Thus in the time-mean
flowfield, transition was much further downstream than that observed experimentally. Furthermore, as the
grid was refined, the regions of fine-scale structures became more erratic. Forcing was then applied at
a frequency within the unstable range of that associated with the boundary layer upstream of the step.
This was ineffective. It was noted from an examination of the resultant turbulent kinetic energy frequency
spectra (to be discussed later), that a dominant mode existed downstream of the step. This mode had a
lower frequency and was found to be associated with the increase in displacement thickness generated by
the step. As noted in the Introduction, the geometric disturbance modified the stability properties of the
boundary layer. When forcing was applied at the lower frequency, the transition process was regularized.
The location of transition was brought into correspondence with experimental measurements, and it was
rendered largely insensitive to grid refinement.

Numerical forcing was implemented as an imposed vertical velocity at the surface, and has the following
specified form

v = AFf (x)Gf (t) (14)

where

Ff (x) = sin θ(1 − cos θ), θ = 2π

(
x − xb

xe − xb

)
(15)

Gf (t) = sin(2πωf t) (16)

The locations xb and xe correspond to the beginning and end of the forcing region. The length xe − xb was
selected as a wave length within the unstable region based upon the stability diagram for the upstream flat-
plate boundary layer,48and was taken as 0.12 (this length is equal to 6 times the step height). Equation (14)
represents a blowing/suction slot, which adds no mass to the flow. It results in the generation of vorticity
waves that may be amplified by the geometric disturbances. This form is identical to that utilized by others
for both subsonic49 and supersonic50,51 transition applications. The forcing slot was positioned at the edges
of the steps, and its length and location is represented schematically in Fig. 4 The non-dimensional frequency
ωf was taken as 0.5, whose choice was dictated by the stability diagram.48 This frequency was within the
unstable range based upon displacement thickness generated by the step. The amplitude A could be varied to
increase or decrease the magnitude of the perturbation. For the rearward-facing step, the value A = 0.0001
was sufficient to generate transition. However, with the forward-facing step, sustainable transition could not
be achieved with this magnitude. Some coarse-grid investigations indicated that slightly higher values could
produce transition, but because the computations were resource intensive, the more reliable specification
A = 0.0005 was selected. Note that this small amplitude is 0.05% of the freestream velocity, and is probably
lower than common freestream turbulence levels. Results to follow for the LES will explain the difference in
transition behavior for the respective steps, and why a larger value of A was required for the forward-facing
case.

VII. Numerical Results

Simulations were carried out with nondimensional time increments of Δt = 0.000125 for the forward-
facing step, and Δt = 0.000250 for the rearward-facing step. These values were dictated by stability re-
strictions for the overset mesh systems, and were unrelated to numerical forcing. The time increments
provided 16,000 and 8,000 steps per cycle of the forcing frequency for the respective cases. Mesh systems
indicated in Table 1 were partitioned for parallel processing, and distributed across 1535 computing cores
for the forward-facing step and 1640 for the rearward-facing step (fine mesh). After initializing forcing and
attaining equilibrium flowfields, all solutions were evolved for a minimum of 650,000 time steps in order to
acquire time-mean and statistical information.

A. Features of the Time-Mean Flowfields

Features of the time-mean flowfields are represented in Figs. 5-12. Unless explicitly stated otherwise, these
results have been averaged in the homogeneous spanwise direction, as well as in time. To assess the effect of
grid resolution, solutions were obtained on three different mesh systems (see Table 1) for the rearward-facing
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step. Presented in Fig. 5 are time-mean distributions of the pressure along the plate surface. Here, s is the
nondimensional arc length of the surface geometry starting from the leading edge. As demonstrated in the
figure, there is an expansion about the leading edge, followed by an adverse pressure gradient up to the step.
A fairly constant pressure level is attained in the downstream region. Little sensitivity is seen with regard
to grid density. Corresponding distributions of the time-mean skin friction appear in Fig. 6. As reference
levels, laminar and turbulent theoretical distributions are also shown. The laminar distribution corresponds
to the Blasius solution, while that for the turbulent distribution represents the result for a 1/7 power law
profile. Here, there is a notable dependence upon grid resolution, but results appear to be collapsing to a grid
independent state. The dependence is probably dominated by the normal grid spacing at the surface. That
notwithstanding, the location of transition at x ≈ 12.0, is relatively insensitive to grid spacings. It should
also be noted that the coarse mesh system has less than 13% of the grid points as that of its fine counterpart
(see Table 1). Because of the leading-edge expansion, adverse pressure gradient, and associated evolution of
the displacement thickness, the skin friction does not correspond with the theoretical zero-pressure gradient
level. This is particularly true downstream of transition. Even though the flow is fully turbulent, it exists
in a different state from that of the high-Reynolds number flat-plate equilibrium situation.

Time-mean surface pressure distributions for the forward-facing and rearward-facing steps are exhibited
in Fig. 7. One of the major differences between these two results is visible in the region of the step location.
With the forward-facing step, the pressure gradient just ahead of the corner is adverse. For the rearward-
facing step, there is a region of favorable pressure gradient, as the flow passes over the step to the lower
surface downstream. Corresponding distributions of the skin friction for both cases are shown in Fig. 8.
Apart from small differences at the step locations, the distributions are quite similar. In particular, the
transition location is approximately the same for both cases. Distributions of the time-mean displacement
thickness are displayed in Fig. 9. The displacement thickness is related to both pressure gradient and skin
friction through the momentum integral equation. The observed differences in δ∗ for the respective steps is
consistent with results indicated in Figs. 7 and 8. Abrupt changes of δ∗ in the step region are responsible for
altering the boundary-layer stability properties. Values of the displacement thickness for the forward-facing
step just upstream of the corner are similar to that of the rearward-facing step downstream of the corner.
However, there is a large decrease in δ∗ for the forward-facing step downstream of the corner. This results in
a shift of the unstable frequency range to higher values. In retrospect, perhaps a larger value of the forcing
frequency could have been applied for the forward-facing step case. Nevertheless, there is a wide range of
unstable frequencies along the flow path, and transition transition was also achieved by increasing the forcing
amplitude.

Time-mean skin friction distributions from the large-eddy simulations are compared to experimental
data9 in Figs. 10 and 11. Experimental measurements were made for a range of roughness-based Reynolds
numbers. Comparisons in the figures consist of cases for which Rek was both above and below those of
the simulations, and represent values that most closely approximated those of the computations. For each
experimental value of Rek, data was obtained at two different spanwise locations, both of which are found
in the figures. Results for the forward-facing step are given in Fig. 10. The location of transition predicted
by the LES compares reasonably well with the experiment. Downstream levels of Cf following transition
are below the flat-plate high Reynolds number equilibrium theoretical prediction, for reasons previously
mentioned. Because the flow for small roughness heights may be very sensitive to any minute perturbations
which can be present in the experiment due to freestream disturbances, vibration, or other factors, and in the
simulation to a number of numerical causes, the comparison is generally considered to be quite favorable. A
similar comparison for the rearward-facing step is provided in Fig. 11. Here too, the comparison is favorable.
And as was the case for the forward-facing step, Cf levels downstream of transition are somewhat below
those of the experiment.

Streamlines of the time-mean flowfield and planar contours of the u-velocity component are pictured
in Fig. 12. For the forward-facing step, a small region of reversed flow extends upstream of the corner, a
distance of approximately 5 step heights. It is indicated for the rearward-facing step, that a long separation
region exists, for an extended distance of 44 step heights downstream of the corner.

B. Features of the Instantaneous Flowfields

Instantaneous planar contours and iso-surfaces of the v-velocity component are depicted in Fig. 13. In
this representation, the spanwise coordinate (z) has been stretched by a factor of 2.0 in order to facilitate
viewing of the flowfield. Note that the magnitude of the contours and iso-surfaces is quite small, indicating
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that the observed structures are rather weak. These structures are initially very coherent. Non-uniformities
begin to develop at around x = 13.85 for the rearward-facing step, which is a distance of 4.43 downstream
of the corner. This is a length of approximately 220 step heights. For the forward-facing step, the non-
uniformity starts to occur further downstream at x = 14.4. These structures evolved from the geometric
disturbances produced by the steps, and were evident in solutions even without numerical forcing. They
convect downstream at a frequency that lies within the unstable region of the boundary-layer stability
diagram. Because that region has a fairly wide range of frequency, the generation of the structures was not
uniform. This resulted in a sporadic production of turbulence downstream. Forcing regularized the evolution
of these structures, resulting in a consistent transition process.

Presented in Fig. 14 are instantaneous planar contours of the spanwise vorticity at the inboard boundary,
and planar contours of the u-velocity in the near-wall region. In this view, the y-coordinate has been scaled
by a factor of 5.0, so that the the flowfield features are more easily seen. Fine-scale structures in the near-
wall region and the hairpin vortices represented by the spanwise vorticity, are characteristic of the fully
turbulent flow which develops downstream of transition. An additional portrayal of these characteristics is
demonstrated by instantaneous iso-surfaces of the Q-criterion vortex identification function52 seen in Fig. 15.
The Q-criterion has commonly been utilized to represent vortical fluid structures, and has been colored by
the streamwise velocity in the figure, where the spanwise coordinate (z) has been stretched by a factor of
5.0. Downstream of transition in the fully turbulent region, the flows for both steps is quite similar.

Certain aspects of the transition process can be quantified by integrating the turbulent kinetic energy in
the wall normal direction (y), and plotting the result as a function of streamwise distance. Distributions of
the integrated turbulent kinetic energy appear in Fig. 16, where

Ki =
∫

Kdy, and K = 0.5(u′u′ + v′v′ + w′w′). (17)

In Eq. (17), the integration in y takes place from the surface to the outer boundary, and K has been averaged
in the homogeneous spanwise direction (z). For x < 12.0, the small magnitude of Ki corresponds to the
coherent structures. In the transition region (x ≈ 15.0), a local maximum of Ki occurs, which coincides with
a similar behavior seen in the skin friction (see Figs. 10 and 11). Following the maximum, Ki decays until
x ≈ 18.0, and then consistently grows in the downstream fully turbulent region. Note that the levels of Ki

for the rearward-facing step are slightly higher than those of the forward-facing step, even though a greater
magnitude of forcing was applied for the latter.

Shown in Fig. 17 are turbulent kinetic energy frequency spectra for the rearward-facing step in the
transition region just downstream of xk (9.42). These and all other spectra to follow (Ekz , Eω) were collect
at a normal distance from the surface of one half the step height (0.02). At x = 13.9, spectra are provided
for solutions both with and without numerical forcing. The frequency range indicated as 1© in the figure,
represents the extent of the stability diagram in the unstable region, based on the displacement thickness of
the upstream, undisturbed boundary layer. As is visible in the figure, the spectral amplitude in this range
is quite low. The frequency range designated 2© corresponds to the unstable region, after the displacement
thickness has been modified by presence of the step. In the unforced solution, the spectral amplification is
found to be nonuniform. When forcing is applied, the spectral magnitude is substantially increased, and
the amplification frequency becomes discrete. The forcing frequency ωf = 0.5 was selected as a convenient
choice within the unstable range. Higher harmonics of the fundamental mode are observed in the spectra.
Further downstream at x = 17.9, remnants of the forcing are not seen in the spectra following transition.

C. The Downstream Turbulent Region

Mesh spacings in wall units at x = 40.0 are given in Table 2, and indicate that the boundary layer and
near-wall region are adequately resolved for both steps. The spacings in all three directions fall within the
commonly accepted range for large-eddy simulations.53,54 Features of the fully turbulent region downstream
of transition are illustrated in Figs. 18-23. Turbulent kinetic energy spanwise wave number spectra are
exhibited in Fig. 18 at x = 40. For the rearward-facing step, solutions are displayed from results on all three
mesh systems. As the grid density is increased, the spectra is resolved for higher wave numbers, as expected.
On the finest grids, it is evident that the inertial range is captured

Displayed in frame a) of Fig. 19 are profiles of the time-mean streamwise velocity u, plotted in law-of-
the-wall variables. Results for the forward-facing and reward-facing steps are in close agreement with each
other, but both differ from the high-Reynolds number asymptotic profile in the logarithmic region. The
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Table 2. Mesh spacings in the downstream region

no. pts. for no. pts. in
configuration Δx+ Δy+

s Δz+ Δy+ < 10 boundary layer

forward-facing step 80.1 0.64 16.0 11 199
rearward-facing step 81.1 0.65 16.2 16 293

behavior depicted in the figure is often associated with a lack of spatial resolution in numerical simulations.
In the present situation however, that is not the case. The circumstance here, is that the flow has been
modified by the displacement effect due to the step, and following transition has not yet evolved to the high-
Reynolds number equilibrium state. To provide some evidence of this assertion, the profiles in frame a) of
the figure have been rescaled using the skin friction from the high-Reynolds number formulation (1/7 power
law profile). In Figs. 10 and 11, the computations did not quite achieved the asymptotic limit. Profiles in
the rescaled variables are pictured in frame b) of Fig. 19. In this formulation, the profiles cannot satisfy
the proper linear near-wall behavior. As seen in the figure, the asymptotic limit is still not attained in the
logarithmic region.

A representation of the streamwise evolution of the flowfield is indicated by time-mean profiles of the
turbulent kinetic energy for the rearward-facing at several x-stations in Fig. 20. The profiles have been
averaged in the homogeneous spanwise direction, as well as temporally. Results for the forward-facing step
are very similar. For each location, the origin of the x-axis has been translated for clarity. As the flow evolves
in the streamwise direction, the peak value of the turbulent kinetic energy (K) decreases. This occurs even
though total energy increases, as was seen in Fig. 16. In addition to growth of Ki, there is a redistribution
of the energy from the near-wall layer to the outer region. Also shown in the figure at x = 40.0, is the classic
high-Reynolds number flat-plate experimental data of Klebanoff.55 The LES appears to be approaching the
high-Reynolds situation, but varies appreciably from it in the logarithmic region. Corresponding time-mean
streamwise velocity profiles and Klebanoff’s55 data are found in Fig. 21. These also demonstrate that the
flow has not yet fully evolved to the high-Reynolds number equilibrium state.

One aspect of LES that can preclude correct physical behavior, is the length of the homogeneous extent
(z-direction). If this distance is not sufficient, the solution may be over constrained due to application of
periodic boundaries. To determine adequacy of the homogeneous extent, spanwise correlation coefficients
of the fluctuating velocity components were computed, and are exhibited for the rearward-facing step in
Fig. 22. The coefficients are defined as

Rii =
u′

iau′
i√

u′
ia

2

√
u′

i
2

(18)

where i = 1, 2, 3, u′
1, u

′
2, u

′
3 = u′, v′, w′ and u′

ia is evaluated at z = 0.5.

Distributions appearing in Fig. 22 were evaluated at a distance from the surface equal to one half of the step
height (0.02), similar to spectral data. A rapid decay in the amplitude of the coefficients away from z = 0.5
signifies that there is no anomalous behavior due to inadequacy of the homogeneous distance. Results for
the forward-facing step were similar. Turbulent kinetic energy frequency spectra in the downstream region
are presented in Fig. 23. The spectra are characterized by the broadband content typical of fully turbulent
flows. The inertial range is apparent, and there is no evidence of the upstream imposed forcing at a discrete
frequency. At this location (y − ys = 0.02), the energy magnitude of the forward-facing step is greater than
that of the rearward-facing step, even though this behavior is opposite that of the integrated energy Ki (see
Fig. 16).

VIII. Summary and Conclusion

Large-eddy simulations were performed in order to simulate the flow past a flat-plate configuration with
forward-facing and rearward-facing steps downstream of the leading edge. The steps were representative of
excrescences generated during fabrication of aerodynamic surfaces, which disrupt laminar flow, leading to a
premature transition to turbulence. The configuration and roughness-based Reynolds number for the steps
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were similar to that of an experimental investigation. Solutions were obtained using a high-fidelity numerical
scheme and implicit LES approach, in order to replicate the observed transition. When the computations
were conducted without use of numerical perturbations, transition did not occur in a consistent manner.
This situation was overcome by applying small amplitude numerical forcing of the normal surface velocity,
in the step region. The forcing frequency was selected as a value within the unstable range based upon
the stability diagram for the boundary layer, whose properties were modified by the step. Use of forcing
regularized the transition process, making the transition location rather insensitive to spatial resolution.

A grid sensitivity study was carried out, and indicated that solutions obtained on the finest computa-
tional meshes were reasonably well resolved. Results of the simulations elucidated some aspects of the flow
evolution to turbulence. As predicted by theory, the process initially consists of very small coherent two-
dimensional structures, which are amplified by the geometric disturbances, and convect downstream of the
step. Eventually, these structures lose their coherence, breakdown into more complex forms, and evolve to a
chaotic state. Skin friction distributions and transition locations resulting from the simulations were found
to agree well with measurements from the experiment. In the most downstream region of the computational
domain, it was found that the solution had not yet evolved to the high-Reynolds number asymptotic form.

The large-eddy simulations were found to be computational resource intensive. This resulted not only
because of the large mesh systems required for adequate spatial resolution, but also because of the small
time step restriction and lengthy computing times necessary for temporal development to attain converged
statistical information. Several approaches were identified to reduce these demands for future investiga-
tions. First, two-dimensional simulations can be carried out to obtain a reasonable representation of the
displacement thickness distribution. This can be used to identify the range of unstable frequency for a given
Reynolds number, which is then employed for numerical forcing. Because this range is somewhat broad,
details of the numerical solution are not critical. Not only are the two-dimensional calculations inexpensive
to perform, but the physical flow has no three-dimensional effects upstream of the step. Second, coarse-mesh
three-dimensional large-eddy simulations may then be performed to predict the transition location. It would
only be necessary to conduct more spatially resolved computations to obtain correct information regarding
skin friction and turbulent statistics.
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Figure 1. Flat-plate geometry configuration.

Figure 2. Computational mesh system: a) overall flow-
field domain structure, b) overset grid structure for
the forward-facing step, c) overset grid structure for
the rearward-facing step.

Figure 3. Features of the baseline case without steps:
a) planar contours of the u-velocity in the flowfield,
b) planar contours of Cp in the flowfield and on the
configuration surface.

Figure 4. Blowing/suction boundary locations.
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Figure 5. Time-mean surface pressure distributions
for the rearward-facing step on various mesh systems.

Figure 6. Time-mean skin friction distributions for
the rearward-facing step on various mesh systems.

Figure 7. Time-mean surface pressure distributions
for the forward-facing and rearward-facing steps.

Figure 8. Time-mean skin friction distributions for
the forward-facing and rearward-facing steps.
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Figure 9. Time-mean displacement thickness distribu-
tions for the forward-facing and rearward-facing steps.

Figure 10. Time-mean skin friction distribution for
the forward-facing step compared with experimental
data.

Figure 11. Time-mean skin friction distribution for
the rearward-facing step compared with experimental
data.

Figure 12. Time-mean streamlines and planar con-
tours of the u-velocity: a) forward-facing step, b)
rearward-facing step.
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Figure 13. Instantaneous planar contours at the in-
board boundary and iso-surfaces of the v-velocity:
a) forward-facing step, b) rearward-facing step. z-
coordinate stretch by a factor of 2.0.

Figure 14. Instantaneous planar contours of the span-
wise vorticity at the inboard boundary, and planar
contours of the u-velocity in the near-wall region:
a) forward-facing step, b) rearward-facing step. y-
coordinate stretch by a factor of 5.0 in the planar con-
tours of spanwise vorticity.

Figure 15. Instantaneous iso-surfaces of the Q-
criterion colored by the u-velocity: a) forward-facing
step, b) rearward-facing step. z-coordinate stretch by
a factor of 5.0.

Figure 16. Distributions of the integrated turbulent
kinetic energy for the forward-facing and rearward-
facing steps.
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Figure 17. Turbulent kinetic energy frequency spectra
for the rearward-facing step in the transition region.

Figure 18. Turbulent kinetic energy spanwise wave
number spectra for the forward-facing and rearward-
facing steps in the fully turbulent downstream region.

Figure 19. Time-mean streamwise velocity profiles
in law-of-the-wall variables for the forward-facing and
rearward-facing steps in the fully turbulent down-
stream region: a) normal variables, b) rescaled vari-
ables.

Figure 20. Time-mean turbulent kinetic energy pro-
files for the rearward-facing step at several streamwise
locations.
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Figure 21. Time-mean streamwise velocity profiles for
the rearward-facing step.

Figure 22. Spanwise correlation coefficients of the fluc-
tuating velocity components for the rearward-facing
step in the fully turbulent downstream region.

Figure 23. Turbulent kinetic energy frequency spectra
for the forward-facing and rearward-facing steps in the
fully turbulent downstream region.
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Shock/Boundary Layer Interaction Over a Flexible Panel

Miguel R. Visbal ∗

Air Force Research Laboratory, Wright-Patterson AFB, OH 45433

The dynamics of a flexible panel subjected to an impinging oblique shock is considered numerically. Both
inviscid and viscous 2D computations have been performed for a freestream Mach number equal to two and
for several shock strengths employing a previously validated fluid-structural approach. Results show for the
first time that for a sufficiently strong shock limit-cycle oscillations arise in the coupled system, even in the
absence of viscous separated flow effects. For the inviscid situation, depending upon shock strength, either
supercritical or subcritical bifurcations emerge at a value of dynamic pressure which can be considerably
lower than that corresponding to standard panel flutter (i.e., in the absence of a shock). This observation
suggests that a new aeroelastic instability (distinct from regular panel flutter) is at play and arises from the
complex interaction of the incident and reflected wave system with the panel flexural modes. In addition to the
incident and reflected oblique shocks, the unsteady flows are characterized by a shock at the plate leading edge
and by a strong recompression and subsequent expansion near the trailing edge. Significant changes in panel
dynamics were found as a function of the shock impingement point. For viscous laminar flow above the panel
without a shock, high-frequency periodic oscillations are observed which appear to result from the coupling
of boundary-layer instabilities with high-mode flexural deflections. For a separated shock laminar boundary
layer interaction, non-periodic self-excited oscillations arise which can result in a significant reduction in the
extent of the time-averaged separation region. This finding suggests the potential use of an aeroelastically-
tailored flexible panel as a means of passive flow control. Forced panel oscillations, induced by a specified
variable cavity pressure underneath the panel, were also found to be effective in reducing separation. For both
inviscid and viscous interactions, the significant unsteadiness generated by the fluttering panel propagates
along the complex reflected expansion/recompression wave system with potential structural implications not
only for the panel but for opposing surfaces in internal flow applications.

Nomenclature

a = panel length

b = panel width

Cp = pressure coefficient

D = flexural stiffness, Esh
3/12(1 − ν2)

E = total specific energy

Es = Young’s modulus

F̂ , Ĝ, Ĥ = inviscid vector fluxes

F̂v, Ĝv, Ĥv = viscous vector fluxes

h = panel thickness

J = transformation Jacobian

l.e., t.e. = leading and trailing edge of

flexible panel

M∞,M1 = freestream Mach number

N ′
x, N ′

y, N ′
z = membrane stresses

p = pressure

Rea = Reynolds number, Rea = ρ∞u∞a
μ∞

St = Strouhal number, St = fa
u∞
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t, τ = non-dimensional time tu∞
a

u, v, w = velocity components in x, y and z

x, y, z = physical coordinates

δ = boundary layer thickness

δ∗ = displacement thickness

δu, δv, δw = structural displacements

ξ, η, ζ = computational coordinates

λ = dynamic pressure,
ρ∞u2

∞a3

D ;

also wavelength

f = frequency

Kf = linear free vibration frequency

ρ = density

ρs = panel density

μ = viscosity coefficient

μs = mass ratio, ρ∞a
ρsh

I. INTRODUCTION

The complex flow-acoustic-structural interactions which arise in flow over flexible panels are of importance when

considering structural integrity, fatigue and sound radiation. The well-known phenomena of panel flutter and diver-

gence of an elastic plate have been investigated for a number of years and excellent reviews of the subject have been

provided by Dowell1 and Mei et al.2 Potential flow theories aimed at providing predictions across the subsonic to

supersonic Mach number range have been given by Dowell.3 Davis and Bendiksen4, 5 have considered the nonlinear

inviscid case by solving the 2-D Euler equations coupled with a non-linear finite-element model for a semi-infinite

panel. Nydidick et al.6 provided panel flutter solutions in the hypersonic regime employing a compressible Navier-

Stokes solver, and compared their results with those obtained using third-order piston theory. Gordnier and Visbal7, 8

further extended panel flutter simulations by considering both inviscid and viscous (laminar and turbulent) three-

dimensional flow employing a Navier-Stokes solver coupled, via an iterative implicit strategy, with a finite-difference

structural module for the nonlinear (von Karman) plate equations. The same Navier-Stokes flow solver was coupled

with a finite-element structural solver by Gordnier and Fithen.9 Visbal and Gordnier10 studied the case of a transitional

boundary layer above a flexible panel using a very high-order flow solver and demonstrated the emergence of travelling

wave flutter due to the coupling of Tollmien-Schilchting waves with the panel higher-mode flexural deflections.

In this paper, consideration is given for the first time to the case of supersonic flow over a flexible panel in the

presence of an impinging (and reflecting) oblique shock, as depicted in the schematic of Fig. 1. Oblique shock

reflection is a common feature encountered both in external and internal supersonic flow applications. Attention

is given first to the inviscid case. This is done in order to demonstrate that beyond just buffeting due to unsteady

separation, a true aeroelastic (inviscid) instability can arise from the coupling of the oblique shock reflection system

with the elastic deflections of the panel. For this purpose, the dynamics of the panel is explored as a function of shock

strength for a fixed freestream Mach number (M∞ = 2.0). A limited investigation of the effect of shock impingement

location relative to the edges of the flexible panel is also provided for the inviscid situation. Inclusion of viscous effects

is considered next. First, the case of a laminar boundary layer flowing over the elastic panel without an impinging

shock is examined to explore the potential coupling of instability modes with flexural waves. Finally, the case of a

separated shock laminar boundary layer interaction is considered to describe the coupling of the panel deflections with

the separated shear layer and reattachment process.

The present fluid-structure interaction is studied by solving the compressible Navier-Stokes equations coupled

to a von Karman plate model for large transverse panel deflections. The flow fields are computed by means of an

extensively validated time-implicit Navier-Stokes solver which incorporates both standard second-order, as well as

high-order spatial discretizations. Solutions to the plate equations are obtained employing a previously developed

structural solver.7 The aerodynamic and structural equations are coupled via a sub-iteration strategy required to avoid

spurious panel dynamics.
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II. Governing Equations

A. Flow Equations

In order to properly account for the complex unsteady viscous flow arising over a dynamically deforming surface, the

full compressible Navier-Stokes equations are selected. These equations are cast in strong conservative form introduc-

ing a general time-dependent curvilinear coordinate transformation (x, y, z, t) → (ξ, η, ζ, τ). In vector notation, and

employing non-dimensional variables, the equations are:

∂

∂τ

(
�U

J

)
+

∂F̂

∂ξ
+

∂Ĝ

∂η
+

∂Ĥ

∂ζ
=

1
Re

[
∂F̂v

∂ξ
+

∂Ĝv

∂η
+

∂Ĥv

∂ζ
] (1)

Here �U = {ρ, ρu, ρv, ρw, ρE} denotes the solution vector and J is the transformation Jacobian, which in general

is a function of time. The inviscid fluxes F̂ , Ĝ and Ĥ are:

F̂ =
1
J

⎡
⎢⎢⎢⎢⎢⎣

ρU

ρuU + ξxp

ρvU + ξyp

ρwU + ξzp

(ρE + p) U − ξtp

⎤
⎥⎥⎥⎥⎥⎦ (2)

Ĝ =
1
J

⎡
⎢⎢⎢⎢⎢⎣

ρV

ρuV + ηxp

ρvV + ηyp

ρwV + ηzp

(ρE + p) V − ηtp

⎤
⎥⎥⎥⎥⎥⎦ (3)

Ĥ =
1
J

⎡
⎢⎢⎢⎢⎢⎣

ρW

ρuW + ζxp

ρvW + ζyp

ρwW + ζzp

(ρE + p) W − ζtp

⎤
⎥⎥⎥⎥⎥⎦ (4)

where

U = ξt + ξxu + ξyv + ξzw (5)

V = ηt + ηxu + ηyv + ηzw (6)

W = ζt + ζxu + ζyv + ζzw (7)

E =
T

(γ − 1)M2∞
+

1
2
(u2 + v2 + w2). (8)

The viscous fluxes, Fv, Gv and Hv can be found, for instance, in Ref. 11. In the expressions above, u, v, w are the

Cartesian velocity components, ρ the density, p the pressure, and T the temperature. The perfect gas relationship

p = ρT/γM2
∞ is also assumed. All flow variables have been normalized by their respective freestream values except

for pressure which has been nondimensionalized by ρ∞u2
∞.

B. Structural Equations for Flexible Panel

The deformations of the flexible surface are assumed to be governed by the (non-linear) von Karman plate equations

for large plate deflections. Derivation of these equations may be found in a number of sources.12, 13 For the von

Karman theory the plate is assumed to be isotropic, of uniform small thickness and initially flat. The normal deflection

of the plate is assumed to be on the order of the thickness of the plate, while the tangential displacements are assumed

infinitesimal. Finally, Kirchoff’s hypothesis is employed with tractions on surfaces parallel to the middle surface

assumed negligible and strains varying linearly with the plate thickness.

Using these assumptions the governing equations for the plate motion may be written in nondimensional form as
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λ

μs

∂2δw

∂t2
+ ∇4δw − λN ′

x

∂2δw

∂x2
− 2.0λN ′

xy

∂2δw

∂x∂y
− λN ′

y

∂2δw

∂y2
=

λ

h
[pu(x, y, t) − pc] (9)

∂N ′
x

∂x
+

∂N ′
xy

∂y
= 0 (10)

∂N ′
xy

∂x
+

∂N ′
y

∂y
= 0 (11)

where

N ′
x =

12.0
λ

(
∂δu

∂x
+ ν

∂δv

∂y
+

1
2
[(

∂δw

∂x
)2 + ν(

∂δw

∂y
)2]) (12)

N ′
y =

12.0
λ

(
∂δv

∂y
+ ν

∂δu

∂x
+

1
2
[(

∂δw

∂y
)2 + ν(

∂δw

∂x
)2]) (13)

N ′
xy =

12.0
λ

(
1 − ν

2
)(

∂δu

∂y
+

∂δv

δx
+

∂δw

∂x

∂δw

∂y
) (14)

The previous equations are written in a Lagrangian reference frame where x, y and z refer to the original unde-

flected plate location, and δu, δv and δw are the corresponding displacements from the undeflected position. The term

pu(x, y, t) denotes the instantaneous fluid pressure acting on the upper surface of the plate, whereas pc represents the

pressure underneath the panel, which is typically assumed to be constant.3 These equations have been nondimension-

alized based on the freestream density, freestream velocity and the length of the plate. The relevant non-dimensional

parameters are the panel aspect ratio a/b, the thickness ratio h/a, the mass ratio μs and the dynamic pressure λ (see

Nomenclature).

Equations 9-11 form a coupled set of nonlinear equations for the plate deflections. The terms N ′
x, N ′

y , and N ′
xy in

Eq. (9) are the so called membrane stresses. These nonlinear terms arise due to the stretching of the middle surface of

the plate.

It should be noted that the above structural equations could be easily extended to the more general case of a

“Kramer-type” compliant surface or for a panel with a continuous elastic support. This can be accomplished through

the addition of a structural damping term (of the form ∼ d∂δw
∂t ) and/or a restoring term (∼ kδw). Finally, the inclusion

of externally applied axial forces could be accounted for by straight-forward modification of the membrane stresses

N ′
x, N ′

y, N ′
xy .

III. Numerical Methodology

A. Flow Solver

For wall-bounded viscous flows, the stability constraint of explicit time-marching schemes is too restrictive and the

use of an implicit approach becomes neccessary. For this purpose, the implicit approximately-factored scheme of

Beam and Warming14 is incorporated and augmented through the use of Newton-like subiterations in order to achieve

second-order time accuracy. In delta form, the scheme may be written as[
J−1p+1

+ φiΔτδ
(2)
ξ

(
∂F̂ p

∂U − 1
Re

∂F̂ p
v

∂U

)]
Jp+1 ×[

J−1p+1
+ φiΔτδ

(2)
η

(
∂Ĝp

∂U − 1
Re

∂Ĝp
v

∂U

)]
Jp+1 ×[

J−1p+1
+ φiΔτδ

(2)
ζ

(
∂Ĥp

∂U − 1
Re

∂Ĥp
v

∂U

)]
ΔU

= −φiΔτ
[
J−1p+1 (1+φ)Up−(1+2φ)Un+φUn−1

Δτ

+Up(1/J)τ
p + δξ

(
F̂ p − 1

Re F̂ p
v

)
+

δη

(
Ĝp − 1

Re Ĝp
v

)
+ δζ

(
Ĥp − 1

ReĤp
v

)]
(15)

where

φi =
1

1 + φ
, ΔU = Up+1 − Up. (16)
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For the first subiteration, p = 1, Up = Un and as p → ∞, Up → Un+1. Although not shown in Eq. (15), nonlinear

artificial dissipation terms15, 16 are appended to the implicit operator to enhance stability. In addition, for improved

efficiency, the approximately-factored scheme is recast in diagonalized form.17 Typically, three subiterations are

applied per time step. All spatial derivatives on the implicit operators are discretized using standard second-order

approximations.

For the explicit terms, two approaches are utilized. The first employs second-order central discretizations in

conjunction with standard non-linear dissipation terms.16 This method was previously validated and applied to viscous

and inviscid panel flutter simulations by Gordnier and Visbal.7, 8 The second approach is based on 6th-order compact

schemes and very high-order (up to 10th-order) Pade-type filters. This high-fidelity methodology has been adapted

and validated extensively for unsteady viscous flows.18–20 This approach has also been employed for the simulation of

transitional boundary-layer flow over a flexible panel in the subsonic regime.10 For the present supersonic flows, the

high-order scheme is augmented with the shock-capturing procedures introduced in Ref. 21 incorporating a WENO-

type shock sensor and adaptive filtering. Unless noted otherwise, computations were performed using the more robust

and efficient second-order approach.

B. Structural Dynamics Solver

The structural equations (Eqs. (9)-(11)) are solved using standard finite-difference procedures. All spatial derivatives

are approximated using second-order accurate central differences. The time derivative is computed using Newmark’s

β method.22 In this approach, the displacement, δw and velocity, δẇ are computed according to the following relations

δẇn+1 = δẇn +
Δt

2
(δẅn + δẅn+1) (17)

δwn+1 = δwn + Δtδẇn +
1
2
(1 − 2β)Δt2δẅn + βΔt2δẅn+1 (18)

In the present work, β = 1
4 which corresponds to a constant acceleration over a time interval (average acceleration

method). This scheme is second-order accurate in time and unconditionally stable.

Substituting the appropriate finite-difference expressions and Eq. (18) into Eqs. (9)-(11), a set of difference equa-

tions is obtained. This system of equations is solved in an iterative fashion using a Gauss-Seidel solution technique. In

this approach, Eq. (9) is uncoupled from Eqs.( 10) and (11) by lagging the membrane stress terms. Similarly, all terms

involving δw are assumed known when solving Eqs. (10)-(11). Successive over- relaxation is used with this iterative

process in order to accelerate convergence which is assumed when the change in successive values of δw is less than

a specified tolerance. The structural solver has been carefully validated7 for both static and dynamic loads.

C. Boundary Conditions and Fluid-Structural Coupling

The aerodynamic boundary conditions were prescribed as follows (see Fig. 1). Supersonic fixed conditions were used

along the inflow and front portion of the upper boundary where the shock is imposed by means of the appropriate

oblique shock relations. Along the rearmost portion of the upper boundary, as well as on the outflow boundary,

extrapolation conditions were invoked. Along the plate surface, for inviscid flows, the normal velocity is obtained

from the panel motion and the pressure, density and tangential velocity components are computed by second-order

extrapolation. For viscous flows, a no-slip, adiabatic condition is employed.

Boundary conditions for the plate can be specified for either pinned or rigidly clamped edges. For either case, no

deflection is allowed along the edges of the plate, i. e. δu, δv, δw = 0. For pinned edges, the additional zero-moment

condition ∂2δw
∂n2 = 0 is specified (where n denotes the edge normal). In the case of a clamped panel, ∂δw

∂n = 0,

corresponding to zero slope at the edge. In all of the results presented here pinned boundary conditions are used.

The two-way fluid-structural coupling is provided through the time-varying loads exerted by the fluid on the plate

(i.e. right hand side of Eq.(9)), and through the transfer of the instantaneous panel deflections δw to the deforming

aerodynamic mesh. The cavity pressure pc underneath the panel is prescribed to be constant unless otherwise noted.

In order to accomodate the panel vertical deflections, a new aerodynamic computational mesh is constructed at

every time step employing an efficient algebraic procedure. This is achieved by propagating the surface deformations

into the mesh according to the following expression

zn+1
i,j,k = zn

i,j,k + δzi,j,k

δzi,j,k = δzi,j,1Gi,j,k (19)
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Gi,j,k = 1 − 3g2
i,j,k + 2g3

i,j,k

gi,j,k = si,j,k/si,j,kmax , 1 ≤ k ≤ kmax

where δzi,j,1 denotes the vertical displacement on the moving surface, s is the arc-length along the ξ, η=constant lines,

n is the time level, and kmax is the ζ−location in the farfield beyond which the mesh remains undeformed.

The metric terms and grid speeds are evaluated according to the procedures described in Ref. 19 in order to ensure

conservation on the deforming mesh. In general, the grid speeds are not known analytically, and must therefore be

approximated to the desired degree of accuracy employing the evolving grid coordinates at several time levels. As

previously shown for dynamic meshes23 exhibiting rapid and severe distortion, second-order accuracy was found to be

suitable for the evaluation of the grid speed terms. For the case of a flexible panel undergoing transverse deflections,

the only relevant grid speed term is in the normal direction and is expressed as

zτ = (3zn+1 − 4zn + zn−1)/2Δτ (20)

Since the same spatial discretization is used for both the fluid and the structure, no (spatial) interpolation technique

is needed. However, the temporal coupling demands careful treatment. In the present numerical scheme, implicit

coupling of these two sets of equations is achieved via the subiteration procedure previously described for the aero-

dynamic equations. By updating the aerodynamic forces in the structural equations and by providing the new surface

displacement to the aerodynamic solver after each subiteration, the temporal lag between the aerodynamic and struc-

tural equations is eliminated. The importance of this synchronization between the fluid and the structural modules has

been demonstrated previously7 for the case of dynamic aeroelastic simulations.

IV. RESULTS

A. Preliminary Considerations

Results are presented for the case of a shock impinging on a flexible panel, as depicted in Fig. 1. For all results included

in this paper, a freestream Mach number, M1 = 2.0 is selected. Although the present computational approach has

been developed for the general case of 3-D flow past a finite-aspect-ratio panel, only two-dimensional solutions for

a semi-infinite (a/b = 0) panel are first investigated. This is due to the fact that study of the many non-dimensional

parameters involved (i.e., M∞, Rea, δ/a, λ, μs, a/b, h/a, pc/p∞, σ) becomes computationally prohibitive in the full

3-D situation.

A semi-infinite panel of length a and thickness ratio h/a is considered (Fig. 1). The non-dimensional structural

parameters are the mass ratio μs = ρ1a/ρsh and the dynamic pressure λ = ρ1U
2
1a

3/D, where ρs is the panel

density and D is the flexural stiffness.24 The structural parameters corresponding to the previous study of Gordnier

and Visbal24 are employed (h/a = 0.002, μs = 0.1). Unless otherwise noted, the cavity pressure underneath the panel

pc was set equal to the corresponding mean value along the panel length for the theoretical inviscid shock reflection

problem. Hence pc = xi

a p1 + (1 − xi

a )p3 where xi denotes the theoretical shock impingement location. With this

condition, the integrated theoretical load along the undeformed panel vanishes. Most cases considered so far are for

xi/a = 0.5 and therefore pc = 1
2 (p1 + p3). In order to start the flexible panel simulations, the corresponding rigid-

plate solution was specified as initial condition. For the case of a shock, no initial perturbations were imposed on

the panel to promote a fluid/structure interaction. Instead, the interaction was allowed to evolve from the pressure

differences existing above and below the panel coupled with the natural instabilities of the combined system. A small

first-mode perturbation in the panel velocity was only prescribed for the case of inviscid panel flutter (i.e., no shock).

Even for viscous simulations without a shock, small pressure differences exist across the rigid panel solution and no

perturbations are required.

Stretched Cartesian meshes were constructed for the initially undeformed panel. A uniform grid spacing was

used in the streamwise direction while the mesh was stretched in the vertical direction to provide clustering near the

deforming panel. For the inviscid calculations, three different grids (201 × 61, 201 × 91, 301 × 91) were employed

in order to explore the effects of spatial resolution. The finest mesh contained 150 points over the flexible panel. This

level of resolution is three times finer than that shown by Gordnier and Visbal24 to be sufficient for the case of inviscid

panel flutter. The effects of spatial resolution for one of the inviscid fluttering cases are discussed in Section IV.B

The computational mesh was further refined in the normal direction for the viscous interactions and had dimensions

301 × 133. In Section IV.D, the effects of spatial discretization are also partially considered.

Inviscid solutions were advanced in time using a non-dimensional time step ΔtU1/a = 0.001 which is an order

of magnitude smaller than the value employed in Ref. 24. This value was further reduced for the viscous simulations
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(ΔtU1/a = 0.0005). As shown later, the solutions sometimes exhibited very long transients prior to achieving a final

oscillatory pattern. Therefore computations were performed over hundreds of characteristic times and time-averaged

results were only gathered after these transients had subsided.

B. Inviscid Shock Reflection Over Flexible Panel

The aerodynamic non-dimensional parameters are the incoming Mach number M1 = 2.0 and the incident shock

strength given by the shock angle σ. For simplicity, we specify the overall theoretical pressure ratio p3/p1 for the

inviscid shock reflection on the rigid panel which is used in turn to obtain the value of σ. In this paper, results are

presented for pressure ratios p3/p1 = 1.0, 1.2, 1.4 and 1.8. The value of p3/p1 = 1.0 corresponds to the case of

standard panel flutter in which no incident shock is present. For all inviscid cases, the flexible panel occupies the

region 0.0 < x/a < 1.0 along the surface.

A summary of inviscid computations for xi/a = 0.5 is provided in Figs. 2a,b which show the effect of dynamic

pressure and shock strength on the panel flutter amplitude (δw/h)amp at the 3
4 -chord panel location and the corre-

sponding non-dimensional frequency St = fa/U1. It should be noted that this non-dimensional frequency is related

to that used by Dowell25 according to the expression Kf = 2
π

√
λ
μSt.

For the case of standard panel flutter in the absence of an impinging shock (i.e., p3/p1 = 1.0) flutter onset occurs

for λ > 600 (Fig. 2a). The flutter onset displays the features of a supercritical bifurcation and is similar to the

behavior observed in previous studies using either the potential or Euler flow equations.24, 25 The flutter frequency

(Fig. 2b) is effectively constant over the range of dynamic pressure considered. The panel deformations are primarily

in the first mode with maximum deflections toward the downstream end of the panel (x/a ≈ 0.75). All of the above

characteristics are in qualitative agreement with previous computations24 for a Mach number equal to 1.8.

When a weak shock (p3/p1 = 1.2) impinges on the flexible plate, the previously observed panel flutter ceases

over the range of λ displayed in Fig. 2a. Additional computations (not shown) indicated that flutter onset did not

occur up to λ = 2000. Instead, the panel exhibits a steady second-mode deformation, shown in Fig. 3a, caused by

the differences in static pressure above and below the plate. In this case, the cavity pressure is pc/p1 = 1.1 which

as noted earlier corresponds to the mean theoretical pressure along the rigid plate. As expected, the deflections are in

the upward direction in the front of the panel, upstream of the shock impingement location. The panel deformation

is not symmetric, displaying significantly higher upward deformations in the front of the panel. This asymmetric

character is observed to become more pronounced with increasing dynamic pressure. The surface pressure (Fig. 3b)

is characterized by a shock at the leading edge of the panel followed by an expansion which slightly undershoots the

upstream pressure (p1). Subsequently, the pressures rises sharply due to the incident shock and actually overshoots

the final theoretical inviscid value p3 by almost 25% for λ = 875. At the trailing edge of the panel, there is a sharp

expansion as the flow returns to a direction parallel to the rigid surface. The present results demonstrate that under the

pressure loading imposed by a weak shock the resulting deformation serves to stiffen the panel and delays the onset

of flutter. Reduction in panel flutter amplitudes with increasing loading has been discussed by Dowell26 albeit for a

constant pressure differential and in the absence of an impinging shock.

For the next higher shock strength considered (p3/p1 = 1.4), a very interesting panel dynamics emerges. As

shown in Fig. 2a, multiple solutions exist beyond λcr ≈ 575 depending upon the initial conditions prescribed. In

order to ascertain the stability of those solutions and to construct the two branches shown in the figure, several initial

conditions were employed. These included (i) starting from the steady rigid plate solution for a given λ, (ii) increasing

λ from a previous steady deflected-panel solution, and (iii) decreasing λ from a previous fluttering case. The lower

branch denoted as ”stable” corresponds to solutions with steady panel deflections similar to those discussed earlier

for p3/p1 = 1.2. This branch was obtained by employing as initial condition a steady solution at a lower dynamic

pressure. The upper branch (denoted as LCO) was obtained by employing the rigid-plate solution as initial condition.

These solutions correspond to fluttering cases with frequencies (Fig. 2b) which decrease with dynamic pressure and

which are considerably higher that those for standard panel flutter (i.e., p3/p1 = 1.0). The observed hysteretic

behavior appears to emanate from a subcritical bifurcation at λcr which contrasts with the supercritical bifurcation

found in standard panel flutter.

Details on the panel dynamics and flow structure for one of the LCO cases (p3/p1 = 1.4, λ = 875) are shown in

Figs. 4 and 5. The history of the panel deflection at the 3
4 -chord point displays a converged limit-cycle solution. The

periodic character of the transverse deflections is demonstrated in the phase plot of Fig. 4b where more than 450 cycles

of the motion have been plotted. A single dominant peak at St = 0.29 is also observed in the corresponding frequency

spectrum. The overall behavior of the panel fluctuations is shown in Fig. 4d using the x−t representation introduced in

Ref. 10. In addition, the time-averaged panel shape is given in Fig. 4e along with the instantaneous shape at two points
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during the cycle. The curves denoted as Φ = 0◦, 180◦ correspond to the maximum and minimum vertical positions of

the panel 3
4 -chord point. The mean shape itself is not symmetric relative to the shock impingement point, with higher

deformation in the front of the panel. It should be noted that the front portion of the panel always displays a positive

deflection, unlike the rear of the panel where both positive and negative displacements are present at different points

in the cycle. The deflections about the mean (Fig. 4d) exhibit an approximate second-mode characteristic with higher

fluctuations in the rear portion of the plate. However, comparison of the instantaneous panel shapes at Φ = 0◦ and

Φ = 180◦ clearly show a more complex plate dynamics.

Surface pressure distributions as well as contours of static pressure above the panel are shown in Fig. 5 for

p3/p1 = 1.4, λ = 875. The instantaneous pressure along the panel displays a leading-edge shock associated with

the upward deflection in the front portion of the panel. At Φ = 0◦, the most prominent feature downstream of the

shock impingement location is the reflected shock, followed by weaker expansion and compression waves. How-

ever, for Φ = 180◦, in addition to the reflected oblique shock, a strong recompression/expansion is present near the

panel trailing edge. It is of interest to examine the flow unsteadiness caused by the fluttering panel in terms of the

rms pressure fluctuations shown in Fig. 5d. For the inviscid shock reflection on a rigid plate no unsteadiness would

be present. Clearly, the fluttering panel radiates significant pressure fluctuations which propagate mainly along the

reflected shock and the recompression/expansion waves system. This feature would have structural implications for

internal flow applications whereby the unsteadiness generated by the flexible panel could induce significant unsteady

loading on opposing solid surfaces.

The effect of spatial resolution was investigated for the previous LCO case (p3/p1 = 1.4, λ = 875). Figure 6

displays the time-averaged panel deflection and surface pressure for three levels of resolution. There are only minor

differences in both distributions. The variations in non-dimensional frequency and rms displacement at the panel
3
4 -chord point were 1.1% and 5.1% respectively. Therefore it is apparent that sufficient grid resolution is already

provided to capture the overall dynamics of the fluttering panel.

A higher pressure ratio, p3/p1 = 1.8 was also considered. As seen in Fig. 2a, for this higher value of p3/p1, the

subcritical bifurcation noted earlier disappears and instead the panel exhibits a supercritical instability onset starting

at a much lower value of dynamic pressure (λcr ≈ 200). Both the oscillation amplitudes and frequency are observed

to increase with the increased shock strength. The flow features (not shown) are found to be qualitatively similar to

those perviously described for p3/p1 = 1.4. Results for the two highest shock strengths considered clearly show that

the LCO represents a new instability arising from the combined shock system and panel deflections. Standard panel

flutter subjected to a tranverse load would actually move the onset of instabilities to a higher (not lower) value of

dynamic pressure, as is the case described earlier for a weak shock (p3/p1 = 1.2).

A limited investigation of the effect of shock impingement location was performed for p3/p1 = 1.8 and λ = 875.

To this end, several values of xi/a were considered, namely xi/a = 0.18, 0.25, 0.38, 0.43, 0.5. The cavity pressure

underneath the panel was changed for each case in order to correspond to the theoretical zero-net loading condition

described earlier in Section IV.A. A comparison of the mean panel deflection, surface pressure and frequency spectra

is provided in Fig. 7. Displacing the shock impingement point from midchord to xi/a = 0.43 produces no changes

in the overall character of the panel fluctuations. There is an increased time-averaged deflection in the aft-end of the

panel and minimal effect on the frequency. However, when the shock impinges upstream at xi/a = 0.38, the LCO
dissapears and instead a steady deflected solution is achieved. The same behavior is observed for xi/a = 0.25. For

xi/a = 0.18, the LCO re-emerges albeit at much higher frequency as seen in the spectra of Fig. 7c. The x−t diagrams

of the panel fluctuations shown in Fig. 7d,e clearly show that when the shock impinges near the leading edge of the

flexible panel, very high-mode fluctations ensue. This is in contrast to the mid-chord impingement case characterized

by much longer spatial wave length. The sensitivity of the panel dynamics to the shock impingement location may

have interesting implications for the case of a moving shock.

C. Laminar Boundary Layer Over a Flexible Panel

To study the influence of viscous effects, the case of a laminar boundary layer flowing over the flexible panel without

an incident oblique shock was first considered. The Reynolds number based on panel length was Rea = 300, 000
and the corresponding boundary layer thickness at the panel mid-chord was δ/a ≈ 0.015. The flexible panel extends

over the distance 0.4 < x/a < 1.4 along the wall. The pressure underneath the panel was prescribed as the spatially-

averaged value obtained from to the rigid plate solution. Computations were performed for several values of dynamic

pressure, but only two representative cases below and above the critical flutter onset are presented in this paper.

For λ = 1500, a typical panel flutter was encountered with non-dimensional frequency St = 0.065 and amplitude

(δw/h)amp = 1.54 at the 3
4 -chord point. This flutter frequency is found to be close to the values reported for viscous

simulations in Ref. 7 at M = 1.2.

8 of 24

American Institute of Aeronautics and Astronautics

166 
Approved for public release; distribution unlimited.



A much more interesting behavior arises for lower values of dynamic pressure prior to the onset of standard panel

flutter. The instantaneous flow structure for λ = 500 is provided in Fig. 8. The pressure displays significant distur-

bances in the inviscid region above the fluttering panel. Disturbances are also observed to convect in the boundary layer

downstream of the panel. The growth of these coherent boundary-layer disturbances downstream of the leading edge

of the flexible panel can be more clearly seen in the contours of density and density gradient magnitude (Figs. 8b,c)

where an enlarged vertical scale is employed for clarity. The surface pressure distribution (Fig. 8d) shows that the

magnitude of the disturbances increase over the fluttering panel but begin to decay downtream of the panel trailing

edge. The rms velocity fluctuations within the boundary layer are also displayed in Fig. 9. The convective growth

of the disturbances within the boundary layer is again apparent. The wavelength of the disturbances is approximately

λd = 0.15 which is of the order of 10δ and propagate with a speed cr ≈ 0.61.

The mean and instantaneous panel deflections are shown in Fig. 10a. The panel dynamics is characterized by small-

amplitude, high-mode fluctuations about a slightly deflected time-averaged shape. The spectra of the fluctuations at

x/a = 3/4 (Fig. 10b) indicates periodic oscillations with a very high frequency St = 3.96. The x − t -diagram of

Fig. 10c demonstrates that these are essentially spatially-stationary very high-mode flexural deflections.

Although a boundary layer stability analysis has not been performed so far, the observed panel dynamics appears

to originate from the coupling of boundary layer instabilities with higher-mode flexural deflections of the panel. It

should be noted that these oscillations ceased at a lower Reynolds number (Rea = 120, 000). These self-sustained

oscillations resemble those from a previous computational study10 in the subsonic regime (M∞ = 0.8) wherein the

frequency and wavelength of the deformations were found to be compatible with Tollmien-Schlichting waves.

D. Shock Laminar Boundary Layer Interaction Over a Flexible Panel

Results for a shock laminar boundary interaction over a flexible panel are considered next. The Reynolds number

based on panel length is 1.2 × 105 and the nominal boundary layer thickness at the panel midchord in the absence

of the shock is δ/a = 0.024. Results are presented for a single shock strength p3/p1 = 1.8 and shock impingement

location xi/a = 0.5. The cavity pressure underneath the panel was set equal to the mean theoretical inviscid value

(pc/p1 = 1.4). For all shock boundary layer interaction cases, the flexible panel extends over the region 0.6 < x/a <
1.6 along the wall.

A limited study of the effect of spatial resolution was performed by comparing results obtained with the second-

order and sixth-order spatial discretizations. The steady flow structure for the SBLI over the rigid panel computed

with both schemes is shown in Fig. 11. The pressure field above the wall is found to be similar for both schemes

with the higher-order solver exhibiting sharper features. The surface pressure and skin-friction distributions have

minor differences in the separation and reattachment locations but display the same overall features, such as the

well-defined pressure plateau associated with the large region of separation. Figure 12 shows the effect of spatial

discretization for the case of a shock impinging on a flexible panel. The time-averaged surface pressure and skin-

friction distributions are in good agreement with each other and there are insignificant differences in the extent of the

separated region. A comparison of the spectra of the panel fluctuations at the panel 3
4 -chord point is shown in Fig. 12c.

Despite the complexity of the vibrations, the same discrete frequencies are effectively achieved with the second-order

and sixth-order schemes with only minor changes in oscillation amplitude. Although further grid-resolution studies

are desirable, the limited differences observed between the low-order and high-order approaches for the shock laminar

boundary layer interactions provides some degree of confidence for the results that follow. This situation is however

not be expected in transitional/turbulent three-dimensional simulations containing a broad range of fine-scale features.

The shock boundary layer impingement on the flexible panel is considered in detail for the case of λ = 875.

When the panel is allowed to deflect, self-sustaining panel oscillations emerge which result in a much more complex

unsteady viscous/inviscid interaction. The response of the panel is provided in Figs. 13 and 14. The history of the

panel deflection at the 3
4 -chord point (Fig. 13a) indicates that the panel response is characterized by a very long

transient before it achieves its final state. Initially, the panel undergoes low-frequency high-amplitude oscillations

which are slowly damped prior to the onset of high-frequency fluctuations. The final panel response is no longer

periodic as in the previous inviscid cases and displays a seemingly chaotic pattern as shown in the phase plot of

Fig. 13c. The spectrum (Fig. 13d) displays multiple discrete frequencies with a dominant peak at St = 1.28. The

overall dynamics of the panel is illustrated in the x−t diagram of Fig. 13e which shows the deflections after subtracting

the time-averaged deformation. Although multiple flexural modes are observed, a discernable travelling disturbance

is apparent. The mean and a sample instantaneous panel shape are shown in Fig. 14a. The time-averaged deflection

exhibits an approximate second-mode pattern and is an order of magnitude smaller than the corresponding level for

the inviscid shock reflection (see Fig. 7a). The instantaneous shape displays large-amplitude higher-modes also seen

clearly in the panel normal velocity (Fig. 14b).
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The instantaneous flow structure above the flexible panel is displayed in Fig. 15. The pressure field is considerably

more complex relative to the rigid plate (Fig. 11a). The fluttering panel induces strong unsteady compression and ex-

pansion waves systems. At the instant shown, for instance, there is a shock at the panel leading edge due to the upward

deflection. The instantaneous density and vorticity fields also indicate the propagation of boundary-layer disturbances

downstream of the panel trailing edge. Significant fluctuations can be observed in the instantaneous surface pressure

distribution shown in Fig. 16a. At locations near the front of the panel, the instantaneous pressure undershoots the

incoming freestream value p1. Large overshoots in pressure beyond the theoretical maximum value p3/p1 = 1.8 are

also seen near the end of the panel. A measure of the degree of unsteadiness is provided in Fig. 15d in terms of the

rms pressure. Significant pressure fluctuations extend over a large portion of the panel. The largest fluctuations are

seen in the aft-end of the panel and propagate away from the plate along the reflected compression/expansion system.

As noted earlier, this feature would have structural implications for internal flow applications wherein the flexible

panel could induce unsteady loading on opposing solid surfaces. Moderate unsteadiness is also seen in the root of the

incident oblique shock. This appears to be associated with its interaction with the waves generated by the front of the

fluttering panel.

A comparison of the time-averaged flow for the flexible panel with the rigid plate steady solution is provided in

Figs. 16 and 17 in terms of the surface pressure, the skin-friction coefficient and the streamwise velocity field. There is

a significant reduction in the size of the separated region for the flexible panel. The streamwise extent and maximum

height of the separation zone are reduced by 31% and 36% respectively. This effect is attributed to the forcing of the

flow as a result of the self-excited panel fluctuations. Therefore, the flexible panel may be viewed as a passive means

of flow control which exploits the aeroelastic instabilities of the combined fluid-structural system.

1. Parametric Effects

A limited study of parametric effects was performed for the shock laminar boundary layer interaction problem. The

effect of dynamic pressure on the time-averaged panel deformation and surface pressure distribution is shown in

Fig. 18. For λ = 500, there is a reduction in the extent of the pressure plateau due to the oscillations of the panel.

This beneficial effect increases for λ = 875 but appears to saturate at λ = 1000. For the range 500 ≤ λ ≤ 1000, a

similar mean panel deflection is observed (Fig. 18a). When the dynamic pressure is further increased to λ = 1250, the

self-excited panel fluctuations cease, and instead a steady solution with larger static deformation emerges. This seems

to indicate that the instability of the coupled fluid-structural system can be eliminated by increased static deflection

and loading. Values of dynamic pressure below λ = 500 have not been considered so far and therefore the onset of

the instability as of function of λ has not been determined. It is worth noting that for λ = 1250, there is no reduction

in the extent of the separation region as can be inferred from the surface pressure distribution which closely matches

the rigid plate solution. This reinforces the notion that the separation control seen at lower λ is due to the forcing of

the shear layer caused by the oscillating panel.

The effect of Reynolds number was also investigated for a fixed dynamic pressure (λ = 875). Computations for

Rea = 60, 000 (not shown) displayed mild panel oscillations which did not altered the time-averaged shock laminar

boundary layer separation region. Results for Rea = 240, 000 are shown in Fig. 19. A large steady separated region is

obtained for the rigid plate. The flexible panel induces pronounced oscillations in the instantaneous surface pressure,

even higher that those observed for Rea = 120, 000 (Fig. 16a). There is also a dramatic effect on the viscous/inviscid

interaction. Most notably, the streamwise extent of the separation region is reduced by almost a factor of two.

2. Forced Panel Deflections

The previously observed reduction in separation induced by the panel self-excited oscillations suggests that a similar

flow control might be achievable through imposed forcing of the panel. To explore this possibility, the panel was made

to oscillate by prescribing a harmonically-varying cavity pressure pc underneath the panel

pc(t) = pco + pampsin(2kt) (21)

where pco is the mean cavity pressure, pamp is the forcing amplitude and k = πfc/U1 the reduced frequency.

The case considered is one found previously not to exhibit self-excited fluctuations, namely pc = 1.4, Rea =
120, 000 and λ = 1250. The cavity pressure was forced with amplitude pamp = 0.6 and at different frequencies k =
0.5, 1.0, 2.0, 4.0 (St = 0.16, 0.32, 0.64, 1.27). These forcing frequencies are in the range of self-excited frequencies

found in Fig. 13d for λ = 875. In fact, k = 4 corresponds approximately to the dominant peak in the spectrum.

Shown in Fig. 20a-c are the time-averaged panel deformation, surface pressure and skin-friction coefficient as

a function of forcing frequency. The results for the unforced flexible panel at the same dynamic pressure are also
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included for comparison. For the highest reduced frequency (k = 4.0), there is minimal effect on the panel mean

deformation relative to the unforced case, although small-amplitude oscillations are present. The surface pressure

and skin friction are effectively unaltered. This behavior seems to be restricted by the dynamics of the panel itself

which cannot respond effectively beyond certain frequency cut-off. As the frequency is reduced, there is a significant

drop in mean deflection and a reduction in the extent of separation. The control effectiveness seems to improve with

decreasing forcing frequency, and additional lower values of k need to be considered.

The instantaneous surface pressure for k = 2 (Fig. 20d) displays intriguing short-wavelength undulations which

prompted examination of the corresponding unsteady flow structure, displayed in Fig. 21. This figure reveals that

high-mode flexural deflections (not shown) couple to the shear-layer instabilities, as clearly seen in the contours of

density gradient magnitude. The acoustic radiation above these shear-layer sub-structures is also apparent. Despite

the time averaging process, coherent short-wave structures remain in the rms pressure fluctuations which are most

visible within the separated region. This effect is most likely due to the stationary nature of the high-mode flexural

deflections, similar to those shown in Fig. 10.

3. Preliminary Three-Dimensional Effects

A preliminary three-dimensional simulation was performed for a shock boundary layer interaction over the rigid panel

at flow conditions M = 2.0, p3/p1 = 1.8 and Rea = 300, 000. The instantaneous flow structure is shown in Fig. 22

in terms of an iso-surface of vorticity magnitude. Even in the absence of perturbations imposed by an oscillating

panel the flow begins to transition downstream of the shock impingement location. This instability is characterized

by what appear to be longitudinal Goertler-type vortices of a regular spanwise wavelength induced by the concave

curvature of the attaching shear layer. Following reattachment, a full breakdown into fine-scale turbulent structures is

apparent. Coupling of this transitional behavior with panel deflections, to be addressed in future work, poses significant

challenges given the long transients noted earlier, as well as the disparities in time-scales between fine-scale turbulence

and some of the panel fluctuations.

V. SUMMARY AND CONCLUSIONS

The complex self-sustained oscillations arising from the interaction of an oblique shock with a flexible panel have

been investigated numerically. The flowfields were obtained by solving the full compressible Navier-Stokes equations

employing an extensively validated implicit solver. The flexible panel mechanics was described by means of the

non-linear von Karman plate equations which were solved using a previously developed finite-difference procedure.

The fluid and structural solvers were coupled accurately in time via a sub-iterative approach. Computations were

performed for a freestream Mach number M∞ = 2.0 and for Reynolds numbers in the range 60, 000−300, 000 based

on panel length.

For a two-dimensional inviscid shock reflection, both static deformation and limit-cycle oscillation regimes have

been found depending on the shock strength and dynamic pressure. For a weak shock, the stiffening effects induced

by the deformation eliminate the standard panel flutter which is present in the absence of a shock. For higher shock

strengths, limit-cycle oscillations emerge from either subcritical or supercritical bifurcation points. In addition to

the incident and reflected main shocks, the unsteady flow is characterized by a leading-edge shock and by a strong

recompression/expansion near the plate trailing edge. For fixed dynamic pressure, the LCO amplitude and frequency

are observed to increase with shock strength. The critical dynamic pressure also diminishes with increasing shock

strength and can be much lower than that corresponding to standard panel flutter in the absence of a shock. This

observation suggests that a new aeroelastic instability (distinct from regular panel flutter) is at play and arises from the

complex interaction of the incident and reflected wave system with the panel flexural modes even in the absence of

viscous separated flow effects. The panel exhibits a complex dynamics as the shock impingement point is displaced

from the mid-point towards the plate leading edge. As the shock location moves upstream, the oscillations cease. They

subsequently re-emerge, albeit at much higher modes, for an impingement point close to the panel leading edge.

For a laminar boundary layer flowing above the flexible panel, high-frequency panel deflections can emerge at

values of dynamic pressure below the critical flutter value. These deformations appear to originate from the coupling

of boundary layer instabilities with high-mode flexural deflections. Boundary-layer disturbances are seen to grow

along the panel and generate significant acoustic radiation above the surface. A detailed stability analysis of the mean

flow profiles is needed in order to confirm this hypothesis.

For a separated shock laminar boundary layer interaction, complex non-periodic self-excited oscillations arise

which result in a significant reduction in the extent of the time-averaged separation region. This finding suggests the
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potential use of an aeroelastically-tailored flexible panel as a means of passive flow control. Forced panel oscillations,

induced by a specified variable cavity pressure underneath the panel, were also found to be effective in reducing

separation.

The present study demonstrates for the first time the rich dynamics emerging from the inviscid and viscous inter-

actions generated by the impingement of a shock on a flexible panel. The significant unsteadiness generated by the

fluttering panel propagates along the complex reflected expansion/recompression wave system with potential structural

implications not only for the panel but for opposing surfaces in internal flow applications.
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Figure 1. Schematic of flow configuration for oblique shock impinging on a flexible panel

Figure 2. Effect of dynamic pressure and shock pressure ratio on panel dynamics for inviscid interaction: (a) amplitude and (b) frequency
of transverse plate oscillations at x/a = 3

4
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Figure 3. (a) static panel deformation and (b) surface pressure distribution for for inviscid interaction with p3/p1 = 1.2

Figure 4. Panel transverse oscillations for inviscid interaction with p3/p1 = 1.4 and λ = 875: (a) history of panel deflection at x/a = 3
4

,
(b) phase-plane trajectory at same location, (c) frequency spectrum, (d) x − t diagram of panel deflections and (e) mean and selected
instantaneous panel shape
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Figure 5. (a) Mean and selected instantaneous surface pressure distributions, pressure contours at phases of (b) maximum and (c) minimum
deflection of 3

4
-chord point, and (d) rms pressure fluctuations for inviscid interaction with p3/p1 = 1.4 and λ = 875. Vertical scale in

(b)-(d) has been enlarged by a factor of ten for the purpose of clarity
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Figure 6. Effect of grid resolution for inviscid interaction with p3/p1 = 1.4 and λ = 875. Time-averaged (a) panel deflection and (b)
surface pressure distributions

Figure 7. Effect of shock impingement location for inviscid interaction with p3/p1 = 1.8 and λ = 875. Time-averaged (a) panel deflection
and (b) surface pressure, (c) frequency spectra of oscillations at panel 3

4
-chord point, and x − t diagram of panel fluctuations for (d)

xi/a = 0.5 and (e) xi/a = 0.18. In (a) and (b) the symbols denote steady deflected solutions
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Figure 8. Instantaneous flow structure for laminar boundary layer over a flexible panel, λ = 500 and Rea = 300, 000. (a) pressure, (b)
density, (c) density gradient magnitude and (d) wall pressure distribution. Vertical scale in (b) and (c) has been enlarged by a factor of ten
for the purpose of clarity

Figure 9. Time-averaged velocity fluctuations in laminar boundary layer over a flexible panel, λ = 500 and Rea = 300, 000. (a) contours
of urms and (b) fluctuation profiles at the panel 3

4
-chord station. Vertical scale in (a) has been enlarged by a factor of ten for the purpose

of clarity
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Figure 10. Panel response for laminar boundary layer, λ = 500 and Rea = 300, 000. (a) deflection, (b) spectrum of oscillations at 3
4

-chord
point, and (c) x − t diagram of panel deflections

Figure 11. Effect of spatial discretization on shock laminar boundary layer interaction over rigid plate, p3/p1 = 1.8 and Rea = 120, 000.
Pressure contours for (a) second-order and (b) 6th-order schemes, (c) surface pressure and (d) skin-friction coefficient. Vertical scale in (a)
and (b) has been enlarged for the purpose of clarity
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Figure 12. Effect of spatial discretization on shock laminar boundary layer interaction over flexible panel, p3/p1 = 1.8, Rea = 120, 000
and λ = 875. Time-averaged (a) surface pressure, (b) skin-friction coefficient and (c) spectra of panel fluctuations at 3

4
-chord point

Figure 13. Panel response for shock laminar boundary layer interaction over flexible panel, p3/p1 = 1.8, Rea = 120, 000 and λ = 875.
(a) Time history of deflection at 3

4
-chord point, (b) phase-trajectory during initial transients, (c) phase-trajectory at late time, (d) frequency

spectrum and (e) x − t diagram of deflection
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Figure 14. Panel response for shock laminar boundary layer interaction over flexible panel, p3/p1 = 1.8, Rea = 120, 000 and λ = 875.
(a) mean and instantaneous panel shape, and (b) normal velocity

Figure 15. Flow structure for shock laminar boundary layer interaction over flexible panel, p3/p1 = 1.8, Rea = 120, 000 and λ = 875.
(a) pressure, (b) density, (c) spanwise vorticity and (d) rms pressure fluctuations. Vertical scale has been enlarged for the purpose of clarity
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Figure 16. (a) surface pressure and (b) skin-friction distributions for shock laminar boundary layer interaction over flexible panel, p3/p1 =
1.8, Rea = 120, 000 and λ = 875

Figure 17. Effect of flexibility on time-averaged separated region generated by shock laminar boundary layer interaction, p3/p1 = 1.8,
Rea = 120, 000. Mean streamwise velocity contours for (a) rigid and (b) flexible panel (λ = 875), (c) velocity profiles at maximum height
of separation bubble
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Figure 18. Effect of dynamic pressure on shock laminar boundary layer interaction over flexible panel, p3/p1 = 1.8 and Rea = 120, 000.
Time-averaged (a) panel deflection and (b) surface pressure. The symbols denote steady solutions

Figure 19. (a) surface pressure and (b) skin-friction distributions for shock laminar boundary layer interaction over flexible panel, p3/p1 =
1.8, Rea = 240, 000 and λ = 875
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Figure 20. Effect of forcing frequency on shock laminar boundary layer interaction over flexible panel, p3/p1 = 1.8, Rea = 120, 000 and
λ = 1250. Time-averaged (a) panel deflection, (b) surface pressure, and (c) skin-friction distribution; (d) instantaneous surface pressure
for k = 2.0

Figure 21. Unsteady flow structure for forced flexible panel, p3/p1 = 1.8, Rea = 120, 000, λ = 1250 and k = 2.0. (a) pressure, (b)
density gradient magnitude, and (c) rms pressure.
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Figure 22. Transitional shock boundary layer interaction over rigid panel depicted using an iso-surface of vorticity magnitude, p3/p1 = 1.8
and Rea = 300, 000
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Computational investigation of the influence of

unsteady shock motion on aberrating structures in

supersonic boundary layers

Michael D. White∗ and Miguel R. Visbal†

Air Force Research Laboratory, Wright-Patterson Air Force Base, Ohio 45433-7512, USA

A computational investigation of aero-optical effects for a shock-boundary layer inter-
action (SBLI) has been performed in the case of Mach 2 flow into a 20 degree compression
ramp. Although over a grid of over 282 million points was used for the initial flow, it was
determined that grids which might be acceptable for many SBLI problems was not good
enough for the problem of aero-optics. It was found that a combination of grid stretching
and misalignment of the shock and grid lead to non-physical density aberrations between
the shock and the ramp. The grid system was improved with a new grid that was closer
to shock aligned in the far-field and had much more resolution between the shock and the
ramp. Preliminary optical results are presented and discussed.

I. Introduction

Supersonic flight poses numerous challenges to the study of aero-optics. Alongside the formidable issues
of beam quality due to the presence of turbulent density fluctuations in the boundary layer, an additional
difficulty arises with the onset of shock waves. On complex geometries, the potential for the a shock boundary
layer interaction (SBLI) leads to a more complicated flow-field which must be accurately modeled to resolve
the aberrations. Among the more complex SBLI interactions is the shock generated at the foot of a two
dimensional compression ramp. This topic has been been an area of intense study for over three decades since
the pioneering work of Settles, Fitzpatrick and Bogdonoff.1 The majority of experiments and computations
for SBLI compression ramps are in and around Mach 3, which is higher than typical supersonic flight. In
terms of high-fidelity computation, some of the more recent work is given by: Adams,2 Rizzetta et al.,3

Wu and Martin,4 Muppidi and Mahesh5 and Bisek et al.6 Only Bisek, et al. has a Mach number as low
as 2.25, which is still outside typical supersonic flight conditions. Experimentally, lower Mach numbers are
also relatively uncommon. Thomas et al.7 studied unsteady shock oscillations in a Mach 1.5 corner flow.
Hou et al.8 and Ganapathisubramani et al.9 have in the last decade looked at unsteadiness for a Mach 2
compression ramp using PIV and PLS. SBLIs themselves have a vast literature and the reader is referred to
the papers cited and reviews by: Delery,10 Andreopoulos,11 Dolling,12 and the book by Smits & Dussuage.13

In contrast to atmospheric propagation, the aero-optic environment tends to be much more active with
smaller scale density fluctuations that cause significant aberration, degrading the quality of the beam. Re-
views of this interaction between flow turbulence and optics can be found in references by Sutton,14 Jumper15

and Wang.16 In the specific area of aero-optics at speeds greater than Mach 1, Stine & Winovich17 looked
at Mach numbers up to 2.5 back in the 1950s and later re-analyzed by Sutton18 in the 1980s. More recently,
Gordeyev, Jumper and Hayden19 considered aero-optics in a supersonic boundary layer at Ma=2 with a
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Malley probe. Gao et al.20 experimentally considered the statistical characteristics of the beam tilts in a
Mach 3 boundary layer. Two recent hypersonic flow studies have conducted: Yanta et al.21 at Ma=7 and
Wyckham & Smits at Ma=7.8.22 In terms of interaction of aero-optics with shock waves, the study by
Gordeyev, Jumper and Hayden19 placed a wedge in the windtunnel and measured through a weak mach
wave. A recent work by Gordeyev et al.23 looked at a case with a shock wave on a cylindrical turret in
transonic flow.

Computationally, Tromeur, et al.24–27 performed supersonic Large Eddy Simulations (LES) at Mach
2.3 with both adiabatic and isothermal walls at Reθ = 2900, where the aero-optics was integrated by
the OPD. White28 looked at the propagation of a beam through a M=3 boundary layer comparing the
parabolic beam equation with integration by optical path differences (OPD). White & Visbal29,30 looked
at multiple configurations of a M=1.3 boundary layer. The current work considers a shock-wave boundary
layer interaction at Mach 2 on a compression ramp and its effect on aero-optical aberrations.

II. Governing Equations

A. Fluid Dynamics

The governing equations are the unsteady three-dimensional compressible Navier-Stokes equations. After
transforming the equations from Cartesian coordinates to general time-dependent body-fitted curvilinear
coordinates, the equations can be cast into strong conservation-law form as

∂Q

∂t
+

∂

∂ξ
(F − 1

Re∞
Fv) +

∂

∂η
(G− 1

Re∞
Gv) +

∂

∂ζ
(H − 1

Re∞
Hv) = 0. (1)

Here t is the time, ξ, η, ζ are the computational coordinates, Q the vector of dependent variables, F , G, H
the inviscid flux vectors, and Fv, Gv, Hv the viscous flux vectors. The vector of dependent variables is

Q =
1

J

[
ρ ρu ρv ρw ρE

]T
(2)

and the vector fluxes are

F =
1

J

⎡
⎢⎢⎢⎢⎢⎣

ρU

ρuU + ξxp

ρvU + ξyp

ρwU + ξzp

ρEU + ξxi
uip

⎤
⎥⎥⎥⎥⎥⎦

(3)

G =
1

J

⎡
⎢⎢⎢⎢⎢⎣

ρV

ρuV + ηxp

ρvV + ηyp

ρwV + ηzp

ρEV + ηxiuip

⎤
⎥⎥⎥⎥⎥⎦

(4)

H =
1

J

⎡
⎢⎢⎢⎢⎢⎣

ρW

ρuW + ζxp

ρvW + ζyp

ρwW + ζzp

ρEW + ζxiuip

⎤
⎥⎥⎥⎥⎥⎦

(5)

Fv =
1

J

⎡
⎢⎢⎢⎢⎢⎣

0

ξxiτi1

ξxiτi2

ξxi
τi3

ξxi
(ujτij − qi)

⎤
⎥⎥⎥⎥⎥⎦

(6)
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Gv =
1

J

⎡
⎢⎢⎢⎢⎢⎣

0

ηxiτi1

ηxiτi2
ηxiτi3

ηxi(ujτij − qi)

⎤
⎥⎥⎥⎥⎥⎦

(7)

Hv =
1

J

⎡
⎢⎢⎢⎢⎢⎣

0

ζxiτi1

ζxiτi2
ζxi

τi3
ζxi

(ujτij − qi)

⎤
⎥⎥⎥⎥⎥⎦

(8)

where
U = ξt + ξxi

ui, V = ηt + ηxi
ui, W = ζt + ζxi

ui (9)

E =
T

γ(γ − 1)M2∞
+

1

2
(u2 + v2 + w2). (10)

In the preceding expressions, u, v, w are the Cartesian velocity components, ρ the density, p the pressure,
T the temperature, E the total specific energy, and J the Jacobian of the coordinate transformation. All
length scales have been nondimensionalized by an arbitrary length scale L, and dependent variables have been
normalized by their reference values except for p which has been nondimensionalized by ρ∞u2

∞. Components
of the heat flux vector and stress tensor may be expressed as

qi = −
[

1

(γ − 1)M2∞

]( μ

Pr

) ∂ξj
∂xi

∂T

∂ξj
(11)

τij = μ

(
∂ξk
∂xj

∂ui

∂ξk
+

∂ξk
∂xi

∂uj

∂ξk
− 2

3
δij

∂ξl
∂xk

∂uk

∂ξl

)
. (12)

where for compactness of notation, (ξ1, ξ2, ξ3) is used in place of (ξ, η, ζ). The Sutherland law for the
molecular viscosity coefficient μ and the perfect gas relationship:

p =
ρT

γM2∞
(13)

were also employed.

B. Laser Propagation

The main methods for propagating the beam are based on the OPD, integral techniques (such as Rayleigh-
Sommerfeld, Fresnel or Fraunhofer) or the parabolic beam equations (cf. [28]). The first two of these methods
are often combined for propagation to the far-field. The latter technique can be more easily extended to the
addition of more physics and can handle results filling a volume more easily than the integral techniques.
However, any of these techniques can be used in conjunction with the others for optimal results.

The optical path difference (OPD) based on the reference index of refraction nr is:

OPD =

∫ L

0

(n− nr) ds (14)

The relationship of n to the density, ρ, is given empirically by the Gladstone-Dale constant:

n ≈ 1 +Kgdρ (15)

where Kgd is approximately (in SI units):31,32

Kgd ≈ 2.24× 10−4

(
1 +

7.52× 10−3

λ2

) [
m3

kg

]
(16)
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and the laser wavelength, λ, is measured in microns. If the deflection of the beam or ray is negligible, then
the ds may be replaced with dz.

In the present work, the OPD has been referenced to the freestream density and “non-dimensionalized”
by Kgdρ∞ in order to generalize the work for different altitude conditions. A benefit of this choice of reference
density is that the OPD becomes independent of L once the freestream is reached. Thus, equation (14) can
be re-written as:

OPD∗ =
OPD

Kgdρ∞
=

∫ L

0

(ρ∗ − 1) dz (17)

where ρ∗ = ρ/ρ∞. For simplicity, the *’s will be dropped. Other common optical path differences are the
piston removed and tip/tilt corrected OPD. In the former, the instantaneous average over the aperture is
subtracted, while in the latter a least-square plane is fit to the instantaneous OPD and subtracted. Thus,
the OPD looks qualitative identical to the instantaneous piston corrected OPD, differing only by a constant.
The subscripts p and tt of OPD correspond to piston removed and tip/tilt correction, respectively.

In simulations, the OPD is typically defined to some reference calculation in a medium with constant
index of refraction (based here on the reference density). However, the experiments typically remove the
piston and tip/tilt. For notational purposes OPDnr

will refer to the OPD as calculated by the present codes,
and OPDp and OPDtt will correspond to the piston removed and piston, tip/tilt removed path differences,
respectively. The rms OPD is calculated first over the aperture:

OPDrms(t, z) =
√

{OPD2
nr
(x, y; t, z)} − {OPDnr

(x, y; t, z)}2 =
√
{OPD2

p(x, y; t, z)} (18)

where the {}’s denote averages over some aperture plane. For the OPD equations x and y refer to a local
coordinate system attached to the aperture surface. The direction z is the location of the aperture plane
along the beam path. Likewise, the tip/tilt corrected OPDrms is simply:

OPDtt,rms(t, z) =
√

{OPD2
tt(x, y; t, z)} (19)

For the RMS over all of the unsteady samples, the equation is simply:

OPDrms(z) =
√

< OPD2
rms(t, z) > − < OPDrms(t, z) > 2 (20)

where the <>’s denote averages over time. The tip/tilt corrected rms is calculated in the same manner.
Additional details regarding the numerical implementation are covered in detail in Refs. 28, 33

C. Computational methodology

The simulations were performed utilizing the extensively validated high-order Navier-Stokes solver FDL3DI.34,35

The solver is capable of using both high-order compact differences and a Roe solver of up to third order ac-
curate.34 The simulations utilize 6th-order compact differences for the spatial differencing along a coordinate
line (ξ, η, ζ) given by:

1

3
φ′
j−1 + φ′

j +
1

3
φ′
j+1 =

1

9

φj+1 − φj−1

2
+

14

9

φj+2 − φj−2

4
(21)

At the boundary, higher order one-sided formulas are utilized which retain the tridiagonal form of the
scheme.34,35 In the current simulation, the wall Neumann boundary conditions are solved 4th-order one-
sided expression. The viscous fluxes are implemented by successive application of the first order scheme.

To eliminate spurious components, the scheme utilizes a high-order, low-pass spatial filter.35,36 These filters
eliminate the spurious wavelengths of 2Δ while leaving the low frequency components unattenuated. For
near boundary points, the schemes are also constructed one-sided in a fashion similar to the derivatives.35,36

One benefit to this filtered approach is that by stretching the grid, the filter can be utilized as an effective
means of preventing artificial reflections in the far-field boundary conditions.37 For transitional and turbulent
flows, the above combination of high-fidelity components is collectively known as high fidelity implicit large-
eddy simulation (HFILES) and provides an effective alternative to traditional SGS models.38 Temporal
integration is accomplished with an iterative, implicitly approximately-factored procedure.38,39
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To prevent unnatural oscillation from an under-resolved shock, the code uses a shock detector based on
pressure to switch from high-order compact with filtering to third-order Roe.

φ =
|pi+1 − 2pi + pi−1|

(1− ω)(|pi+1 − pi|+|pi − pi−1|) + ω(|pi+1 + 2pi + pi−1|) (22)

If φ > 0.05 then the scheme is replaced by Roe in the shock region. Time advancement is Beam-Warming40

in the diagonalized form of Pulliam and Chaussee.41

III. Results

A. Configuration

The current Mach number is 2.0 with a 20-degree compression ramp. The initial grid was determined using
the analytical streamlines and potentials of an inviscid, incompressible 160-degree corner flow. The wall
normal stretching was taken from the previous study of a Mach 1.3 flat plate boundary layer. The initial
grid dimensions were 2158×317×413 points in the stream-wise, normal and span-wise directions respectively.
The plasma trip for the turbulence was unchanged from previous studies at M=1.3. In looking at the results
for this grid, it was determined that more refinement was needed between the wall and the shock to resolve
the density aberrations for aero-optical integration. There was also a noticeable oscillation in the shock due
to grid stretching and lack of shock alignment as seen in figure 1. Based on the mean pressure distribution
for an approximate shock location, a new grid was created to bound the shock and provide more resolution
as is seen in figure 2. A decision was made to retain the majority of the old grid in a large overlap region to
prevent stair-casing from introducing unnecessary interpolation errors. The old grid was cut near the wall to
insure that the boundary layer behind the shock was dominated by the improved grid and not the original
one. The new grid system comprised of three grids with dimensions 1266 × 317 × 413, 891 × 93 × 413 and
the new shock grid of 891× 388× 413. The new system comprising of over 342 million grid points. In this
configuration, all matching is point-to-point except in the overlap area shown in green in figure 2. For the
new shock grid, all interpolation takes place in the supersonic region upstream of the shock. The regions
where Roe is solved due to the pressure switch is shown in figure 3. The new grid is benefited not only by the
added resolution, but by the closer alignment to the shock. This is clearly demonstrated in figure 4, where
the shock is not only sharper, but the unphysical herring-bone pattern coming from the misalignment is no
longer present. The differences between the shocks can also be seen in the isosurface of density gradient in
figure 5.

A snapshot of the flow variables on the new grid can be seen in figure 6. The mean and fluctuating
quantities of the incoming supersonic boundary layer were taken approximately 2.4δ upstream of the sep-
aration (as determined by the mean ∂u/∂y|wall = 0) and 6.5δ upstream of the corner. At this location,
Reθ = 1300 and Δy+wall = 0.27. Comparison to the previous M=1.3 computation is given in Table 1. The
effect of the shock foot on the pressure can be seen in the mean velocity profiles in figure 8(a). The curves
in this figure are labeled by wall pressure [recalling that non-dimensionally p∞ = 1/(γM2

∞)]. As one moves
1.4δ downstream from the reference boundary layer location, there is a 3.5% increase in the wall pressure.
Figure 8(b) compares a boundary layer profile near the end of the resolved region on the ramp with the
upstream boundary layer. As can clearly be seen the boundary layer behind the ramp is (as expected)
in non-equilibrium, which a significant amount of fluctuation in the inviscid region between the near wall
layer and the shock. The non-equilibrium boundary layer behind the shock adds a tremendous amount of
aberrating structures. Figure 9 shows the tip/tilt corrected OPDtt for a square aperture in the region of the
reference boundary layer and the region behind the shock. The figures show that there aberration is more
than three times behind the shock as the boundary layer upstream.

Mach Grid points Δy+wall Δx+ Δz+ Δt+ Reθ cf

1.3 209 million 0.31 12.2 5.3 0.015 1426 0.00354

2.0 342 million 0.27 10.6 4.6 0.012 1300 0.00320

Table 1. Parameters of M=2 upstream boundary layer compared to M=1.3 boundary layer.

Motion of the shock in the stream-wise direction can be seen in figure 10 separated by 1.4 non-dimensional
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time units. Compression waves from the SBLI interact with the shock downstream and produce localized
bending as seen in figure 11. On the old grid, there appears to be less movement of the shock (although
the spreading of the shock makes this difficult to determine for certain). Figure 12 shows the mean and rms
density on the new and old shock systems. From figure 12 (b) & (d) it can be seen that numerical artifacts
lead to noise being radiated from the shock towards the ramp wall. Since the rms is an indicator of shock
movement, it can be seen that away from the corner region, the value drops off sharply. In comparison, figure
12(c) shows the rms of the new system does not decrease as one proceeds downstream along the shock. To
the contrary, it actually increases. Peak density rms on the new system is approximately 2.7 times that of
the old system.

For computing the OPD on the ramp, the solution was interpolated onto an optical grid as shown in figure
13. While high-order is important to resolve and propagate the the turbulence, it has been demonstrated28

that integration of the OPD is often less stringent. In the current case, the density has been interpolated
to an optical grid using second-order trilinear interpolation.

The effect of the non-equilibrium boundary layer behind the shock for the two solutions (original configu-
ration and new grid) on the OPD can be seen in figure 14-16. There are three levels. The first encompasses
the wall portion of the boundary layer where viscous and vorticity effects are present. The second region
is in the inviscid part of the boundary layer, where one can still see a significant number of structures are
present. The third region contains the remainder of the inviscid region and the shock. This first thing one
notices is that the original SBLI grid completely loses the fine scale structure between the boundary layer
and the shock due to a lack of resolution. Similarly the shock is smeared out over a larger distance in real, if
not computational, space. As expected, one can see that the dominate feature of the flow is tip/tilt. This is
especially clear in figure 16, where the aberrating structures appear only as perturbations. To see the effect
of the grids on the different regions, the local tip/tilt-corrected OPDtt between each of two regions is shown
in figures 17-19. Also seen in figure 15 and 18 are remnants of the artificial noise that is being radiated from
the boundary layer. These figures show that there is a significant amount of small scale structure between
the shocks that needs to be resolved. Although there is a large difference in the small aberrating structures,
the general tip/tilt is very similar as seen in figure 20. However, it should be mentioned that this this close
agreement is in large part due to the original grid sharing the near-wall boundary layer of the new grid.
In general, one would not expect the two turbulent solutions to be so closely correlated. The RMS of the
tip/tilt corrected OPDtt,rms is given in Table 2.

Levels New shock grid Original shock grid

1-0 0.01795 0.01844

2-1 0.0067 0.0021

3-2 0.0078 0.0026

Table 2. OPDtt,rms for the different levels in figures 17-19.

IV. Summary and conclusions

A high-fidelity computation of a Mach 2 shock-boundary layer interaction has been computed in order
to investigate the effects of SBLIs on aero-optics. Initial results demonstrate that grids conventionally used
for SBLI are insufficient to resolve the structure necessary for an accurate characterization of the aberrating
structures. A combination of grid stretching and grid/shock misalignment can lead to non-physical noise
radiating from the shock towards the ramp. The lack of an equilibrium boundary layer leads to a much more
optically active flow than a simple boundary layer. The resulting tip/tilt corrected OPDtt is more than
three times larger in the region behind the shock compared with the upstream equilibrium boundary layer.
While large scale motion is prevalent for the shock, the optical integration picks up fine scale structure that
is not insignificant. This is a preliminary look at an ongoing effort in this area.
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Figure 1. Original grid configuration
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Figure 2. Picture of new grid (yellow/green) inset with the original grid. Green region is the overlap between
the new grid and the cutout (blue) of the old grid.

(a) (b)

Figure 3. Cutout regions where Roe is solved on for the shock. (a) Original configuration. (b) New configu-
ration
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(a) (b)

Figure 4. (a) Original grid system modified with boundary layer cutout. (b) Full grid system showing the
shock on the new grid.

(a) (b)

Figure 5. Isosurface of density gradient colored by density (a) Original grid system. (b) New shock grid.
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(a) (b)

(c) (d)

(e) (f)

Figure 6. (a) density (b) pressure (c) u-velocity (d) u-velocity with negative velocities washed out (e) v-velocity
(f) w-velocity.
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Figure 7. (a) Mean u values ahead of the shock foot. (b) rms values. [Experiment from 42]
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Figure 8. Effect of shock on velocity profiles. (a) Mean u as one approaches the shock foot. (b) mean and
mean-square of the u velocity before and after the shock.
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Figure 9. Tip-tilt corrected OPDtt between boundary layer (left) and ramp with shock (right)

Figure 10. Shock location as shown by the gradient of density at 1.4 non-dimensional time units apart.
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Figure 11. Zoom of shock location at three different times.
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(a) (b)

(c) (d)

Figure 12. Mean and rms values of density. (a) mean density, new grid (b) mean density, old grid (c) rms
density, new grid (d) rms density, old grid.

(a) (b)

Figure 13. Density showing optical grid. (a) New grid. (b) Old grid
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Figure 14. OPD near the top of the boundary layer. Left: new shock grid. Right: original grid

Figure 15. OPD just below the shock. Left: new shock grid. Right: original grid

16 of 19

American Institute of Aeronautics and Astronautics

D
ow

nl
oa

de
d 

by
 D

'A
zz

o 
R

es
ea

rc
h 

Li
br

ar
y 

D
ET

 1
 A

FR
L/

W
SC

 o
n 

O
ct

ob
er

 7
, 2

01
3 

| h
ttp

://
ar

c.
ai

aa
.o

rg
 | 

D
O

I: 
10

.2
51

4/
6.

20
13

-3
13

4 

  198 
Approved for public release; distribution unlimited.



Figure 16. OPD beyond the shock. Left: new shock grid. Right: original grid

Figure 17. Tip-tilt corrected OPDtt between the top of the boundary layer and the ramp wall. Left: new
shock grid. Right: original grid.
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Figure 18. Tip-tilt corrected OPDtt between the top of the boundary layer and the shock. Left: new shock
grid. Right: original grid.

Figure 19. Tip-tilt corrected OPDtt between the bottom and top of the shock. Left: new shock grid. Right:
original grid.
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Figure 20. Time history of tip/tilt in the x-direction.
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