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TITRODUCTTION

The conference on TurboJet-Engine Thrust-Augmentation Research
was organlzed by the NACA 4o present in sumwarized form the results
of the latest experimental and analytical investigatilons conducted
at the Lewis Flight Propulsion Laboratory on methods of augmenting
the thrust of turbojet engines.

The technlcal discussions are reproduced herewith in the same
form in which they were presented. The original nresentations in
this record are considered as complementary to, rather than substi-
tutes for, the Committee's system of complete and formal reports.

A 1ist of the coni'erees is included.

NATTIONAL ADVISORY COMMITTEE
FOR AERONAUTICS
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LNATYSTIS OF EFJECT OF TAIL-PIPE- BUPN“R DESIGN DARAME”ERS
Ol lERUCT AUGMENWATION
By Eugene J. Manganiello g

Lewis Tlight Propulsion Laboratorj"

INTnODUCmTOP

The ta il‘pjee -burning method of thrust augmenta;ion'for turbo-
Jet engines consists ol Jntloducnlr and bllnln@ fuel between the
turbine and the ‘exhaust nozzle of the engine. 'Thé increased tem-
perature’ of the exhalist gases results in increased jet velocity and
hence increased thrust. Tail-pipe burning, or afterburning or
reheat, as it is sometimes designeted, is not only an augmentation
device for improving the take-off and high-speed performance of
aircraft, but also the complete configuration may be considered as
a distinct engine type for flight al supersonic speeds.

A theoretical analy81g of tail-pipe burning is reported in
reference 1 Where:n generallzed charts are presented that permit
convenient estimation of - uall-plpe burning. performance.for various
design and operating conditions. In this paper, results of the
investigation cf reference 1 are reviewed and extended with par-
ticular attention toc the effect of burner design parameters on
augmented and normal engine performance. Consideration is also
g“ven tp the correlation of tail-pipe-burner blow out limits with

1ghL operatlng condltlons. '

METHCDS

Schematic diagrams of normal and tail-pipe-burning engine
configurations are shown 'in Tigure 1. The two engines are the
same except, of course, for their talil pipes. In the normal con-
figuration (flg 1(a)), the turbine-outlet gas is diffused slightly
to the exhaust-cone-sxit plane and flows to the jet nozzle through
a simple tail pipe of a length dictated by the airplane installation.

In the teil-pipe-burner -configuration (fig. (1(b))}, the turbine-
outlet gas is diffused to the burner-inlet plsne where fuel is
injected. In some designs fuel is injected at various positiomns
in the diffuser. Flame hclders are lccated downstream of the
fuel--injection nozzles to furnish the stagnation regions and the
turbulence necessary for combustion, and a suitable length of




tail pipe is provided to permit completion of combustion before
reaching the exhaust nozzle.

The tail-pipe-burner-inlet velocities must be sufficiently
low to avoid excessive pressure losses and to insure satisfactory
combustion. Accordingly, the system®requires more diffusion and
a tail pipe of greater area than the normal engine.  The exhaust
nozzle must also be larger than that of the normal engine because
of the increased gas volume associated with the higher temperature
and must be adjustable (either two-position or continuously var-
iable) in order to provide for operation under both normal and
augmented conditions.

Calculations were made to investigate the effect on engine
performance of the following tail-pipe-burner and engine design
parameters:

1. Diffuser efficilency Mg considered herein as adiabatic

efficiency on energy basis between turbine-outlet and
; 5 ‘

|

i

|

-1

W o

|
" e N\
' (\i)l;/l

R )

A

burner-inlet stations,

oj

2 Burnef:inlet velocity Vy

5. Burner drag coefficient .Cp, defined as total frictional

pressure drop .across tail-pipe burner divided by burner-
inlet dynamic head

4. Burner-outlet gas temperature Ty

5. Exhaust-nozzle velocity coefficient Cy, defined as ratio

-,  of actual to theoretical Jjet velccity and equal to square
‘root of exhaust-nozzle efficiency (on energy basis)

B Turbine~outlet"felocity Vi

7. Turbine-outlet pressure or engine compressor pressure
ratio -

The ddditlonal symbols used herein are:

P static pressure



R gas constant

t static temperature

% ratio of specific heats
Subscripts:

b  burner inlet

it turbine outlet

The effects of these design parameters were calculated for a
range of Flight Mach numbers at sea level and 35,000 feet altitude.

The engine assumptions used in the calculations are:

Compressor pressure ratio at sea level and fiight Mach number
of zero (At other flight conditions the pressure ratio was

varied to meet the condition of constant rotative speed, that
is, constant work input per pound of air; for example, at sea

level and a Mach number of 2, the pressure ratio is 2.4.) . . . 4
Vi
192
logkﬁ—)
Compressor polytropic efficiency, 7-1 [f£_ 4 5 o (OtEE)
i
log\?L)
T
1og<—$>
. 2 A S % ~4
Turbine polytropic efficiency, ;ti ;f—7§;j o' (5 g d S EEES
Og\=—
\og,
Turbine-outlet temperature corresponding to turbine-
inlet temperature of 1960° R, R . . . . . . . « . . 1650
N Gembus BN ERRHCHCHENa T o 1 e erish B vt e il e et e o 0596
Primary ccmbustion-chamber pressure drop divided
by combustion-~chamber-inlet pressure . . . . . . . S eNES
Ixlaust-nozzle velocity.cdoefficient (normal engine) . 0.975
Engine inlet-diffuser polytropic efficiency,
e RN
| 162 {1}
-1 \Fo/
L = N
* log (1 o+ L=
Flight Mach number up to 1 (For flight Mach numbers
aboye 1, the diffuser efficiency was reduced 0.1 per
.+ unit increase in Mach number; for example;, at a Mach
number -bf &, the efficiency wes 0.78¢) « wtw « % o885



The addit ocnal symbols are:
M  Macl number
P total pressure

i total temperature

0 free stream

i compressor inlet
2  compressor outlet
4 turbine inlet

The foregoing assumptions are, for the meost part, fairly con-
servative and represent an average of the performance of various
present-day engines, - The inlet-diffuser efficiency values, which
are representative of the performance of convergent-divergent-type
diffusers, are conservative compared to values currently being
obtained experimentally with other types of supersonic diffuser.

The performance of the normal engine for the different flight
conditions was calculated by step-by-step methods and the per-
formance of the tail-pipe-burner configuration was calculated
from the normal engine performance by the methods of reference 1.
Dissociatica was taken into account in the calculations of fuel
consumption for the tail-pipe-burner configuration, and the com-
bustion efficiency was assumed 'to be 0.98 as for the primary engine
combustion chamber. The normal engine was assumed to have no tail-
pipe pressure losses; thdt is, the exhaust-nozzle-inlet total pres-
sure was taken equal to the turbine-outlet total pressure. Inasmuch
as the calculations were made for constant turbine-outlet tempera-
ture it is implicitly assumed that the exhaust-nozzilc area is
adjusted to the proper value at all operating conditions.

The data and calculations involved in the correlation-of tail-
pipe-burner hlow-ocut limits are based upon tlie results of experi-
mental investigations with a current turbojet engine and tail-pipe
burner. '




RESULTS AND DISCUSSION

The effects of design parameters on augmented and normal
engine performance are presented in figures 2 to 9 and the informa-
tion pertaining to blow-out limits is given in figures 10 and 11.

Augmented and Normal Engine Performance

Gas temperature and inlet ve1001ty - The ratio of augmerited
to normal thrust is plotted in figure "2 against tail-pipe-exit gas
temperature for a range of burner-inlet velocities from 200 to
750 feet per second. The results in figure 2(a) are for sea-level
altitude, flight Mach number of zeroc, turbine-outlet velocity of
750 feet per second, diffuser efficiency.of 80 percent, burner drag
coefficient of 1, and exhaust-nozzle velocity coefficient of 0.975,
which is the same as that assumed for the normal engine. The nor-
nmal thrust used as the basis of augmented ratio is that calculated
for the engine with a normal or conventional tail pipe. :

The asugmented thrust ratio increases with increase in tail-
pipe gas temperature as a result of the.accompanying increase in
jet ‘velocity and decreases with increase in burner-inlet velocity
‘because of increased friction and momentum pressure drop across
the burner. At a gas temperature of 3600° R and a burner- 1n1et
velocity of 400 feet per second, +he augmented thrust is 1.45 times
the normal thrust. At the same temperature but at an inlet veloc-
ity of 700 feet per second, the augmented thrust ratio is reduced
to 1.2. At high burner-inlet velocities (700 and 750 ft/sec), the
mazimun augmentation:is limited to the end points of the curves
because of thermal choking, which limits the maximum temperature
“that can be reallzed without affecting the engine operatﬂng con-
‘ditions.

‘The effect of the tail-pipe burner on engine performance for

the condition of no afterburning is shown by the results at tail-
ipe gas temperature equal to turbine-outlet temperature, that
is, 1650° R. At a burner-inlet velocity of 400 fect per second,
the augnmented thrust is about .57 percent of the normal engine
thrust, and at an inleﬁivelocity of 700 feet per second, the thrust
is reduced to 93 percent of the normal engine thrust. -These losses
are a result of the diffuser inefficiency and the friction drag of
the burner and corresﬁond'ﬁo total-pressure-loss ratios AP . of
. : O

0.04 and 0.085 at 400 and 70C feet per second; respectively. These
losses in normal thrust and those indicated in subsequent curves
are higher than would be obtained in practice for the same design
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conditions because they are based on zero pressure loss in the nor-
mal engine tail cone and taill pipe.

Thus low burner-inlet velocity is not only desirable for
obtaining high thrust augmentation but also for minimizing the
loss of normal or nonauvgmented thrust. In addition, low velocity
is required for satisfactory combustion efficiency and stability
as is discussed in the second and third papers of this series.

The effects of tail-pipe gas temperature and burner-inlet
velocity are illustrated in flgure 2(b) for altitude of 35,000 feet
and flight Mach number of 1.50. Again the ratio of augmented to
normal thrust is plotted against tail-pipe gas temperature for a
range of burner-inlet velocities. The values of the design param-
eters are the same. as in figure 2(a); but the normal engine thrust
used as the base for the augmented ratio is changed to the value
corresponding. to .the new flight conditions. Effects similar to
those illustrated in figure 2(a) are obtained, however change in
inlet velocity results in only about half as much percentage change
in the augmented thrust ratio as occurs at sea level and zero
flight Mach number. The smaller effects dre due to the fact that
at a higher pressure ratio across the exhaust nozzle (as exists at
the high Mach number condition) a given percentage change in pres-
sure loss produces a smaller change in thrust than at a lower pres-
sure ratio across the nozzle. The higher values. of augmentation
indicated are due to the higher flight Mach number and not the
higher altitude as is illustrated in a subsequent figure of this
paper.

Turbine-outlet velocity and diffuser efficiency. - In figure 3,
augmented-to-normal thrust ratio is plotted agalnst turbine-outlet
velocity for a tail-pipe gas temperature of 3800° R and diffuser
efficicrncies of 100, 80, and 60 percent. A similar:set of curves
is included for a gas temperature of 1650° R in order to illustrate
the performance at nonburniné'conditiona. These results are for
sea-level altitude, zero flight Mach number, burner-inlet, velocity
of 400 feet per second, drag coefficient of 1, and eAhaust nozzle
velocity coefficient of 0.975.

For a diffuser efficiency of 100 percent, both the augmented
and normal thrust remain constant with change in turbine-outlet
velocity; but for the more realistic values of diffuser efficiency,
the performance decreases progressively with increased turbine-
outlet velocity and decreased diffuser efficiency. For example,
at a diffuser efficiency of 80 percent, the augmented thrust ratio
decreases from about 1.48 at 800 feet per second to 1,43 at
1200 feet per second for the afterburning condition and from




0.97 to 0.95 Ffor the nomburning condition. With a diffuser effi-
ciency of 60 percent, the adverse effects of increased turbine-
outlet velocity are greater.

The curves of flgure 3 1llustrate the des1rab111ty of design-
ing the turbojet engine with a low turbine-ocutlet velocity in order
to realize high augmentation and to minimize penalties during non-
burning operation.: Alternatively, if the engine has a high
turbine-outlet velocity, the designer should make every effort to
obtain a high diffuser efficiency.

Burner drag coefficient. - In figure 4 the augmented-to-
normal thrust ratio is plotted against burner drag coefficient for
burner-inlet velocities of. 200, 400, and 600 feet per second, and
for ta11~p1pe gas temperdatures of 3800° (augmonted condltion) and
1650° R (nomburning condition). These curves aré for sea-level
altitude, zero flight Mach number, turbine-outlet velocity of
750 feet per second, diffuser efficiency of 80 percent, and exhaust—
nozzle VelOCltJ coefflclcnt Qi @S S%

As might be eypected the ratlo of augmented to normal thrust
is not appreciably affected by increabe in burner drag at low -
burner-inlet velocities. At the higher inlet velocities, however,
the adverse effects of high drag coeff1c1ent are of significant
magnitude; for example, at 600 feet per second an increase in drag
coefficient from 0.5 to 2 reduces the augmented to-normal thrust
ratio from 1.39 to 1:23 for the 3800° R: gas temperature condition
and from 0.98 to 0.89 for the nonburning condition. At 400 feet
per second, which may be considered a desirable design value for
burner- 1nlet VelOCLty, the loss in performance with increase in
drag coefficient is about 40 percent as much as at 600 feet per
second, Although low burner drag is advantageous for obtaining
maximum thrust, some drag is necessary for satisfactory combustion
as is discussed in the second and thHird papers of this series.

Nozzle velocity coefficient. - In flgure 5 the ratio of aug-
mented to normal thrust is plotted against nozzle velocity coeffi-
cient for sea-level dltitude, tail-pipe gas temperatures of 3800°
and 1650° R, and flight Mach numbers of 0, (.75, and 1.50. Tor
these calculatlons, the turbine-outlet ve1001ty was 750 feet per
second; diffuser efficiency, 80 percent; burner-inlet velocity,
400 feet per second; and drag coefficient, 1. The variaztion in
nozzle velocity coefficient applies only to the tail-pipe-burner
configuration, that is, the normal engine thrust used as the base
of the augmented ratio is calculated for a ¢onstant value of the
coelffilglicntiof 0975,




8 -

The augmented-to-normal thrust ratio decreases linearly with
decrease in nozzle velocity coefficient, the decrease being
greater at the high than at the low flight Mach numbers. For
exarple, decrease in nozzle coefficient from 0.875 to 0.850 for
the zugmented condition results in a 13 percent reduction in
thrust ratio at O Mach number and 23 percent reduction at 1.50 Mach
number. For the nonburning conditiom, the thrust reductions are
13 percent at O Mach number and 42 percent at 1:50 Mach number..
The percentage decrease in high-speed thrust accombanying decrease
in nozzle velocity coefficient is thrust of greater magnitude for
the nonaugmented thaﬂ for the augmented condition. This situation
is aggravated by the fact that variable-area exhaust nozzles are
more difficult to design for high .velocity coefficient in the closed
position corresponding to nonburning operation than in the open
position corresponding to tail-pipe-burning operation. '

Flight conditions. - The effect of flight Mach number on tail-
pipe-burning performance has already been partially indicated,
however, in crder to give a more complete and direct representa-
tion of the effects of flight operating conditions, figure 6 has
been prepared wherein the ratio of augmented to normal thrust is
Plotted against flight Mach number for altitudes of sea level and
35,000 feet. The tail-pipe design parameters are the reference
values used in preceeding figures. Included for references are
curves of the thrust of the normal engine configuration divided
by the thrust obtained“at sea-level altitude and zero Mach number;
a subscript O has been used to indicate that the base thrust is
for the sea-level, zero Mach number condition.

The somewhat wavy curve of sea-level normal thrust is the
result of the combined effects of changing air flow, pressure ratio,
propulsive efficiency, and inlet-diffuser efficiency that accompany
change in flight Mach number. If a higher inlet-diffuser efficiency
had been assumed, the decrease in thrust at high Mach number would
not have occurred until a higher flight speed. The 35,000-foot
curve is lower than the sea-level curve because of the decreased
air density at altitude. It does not fall off as rapidly as the
sea-level curve at the high Mach numbers because of the lower air
temperature and the consequently higher permissible heat addition
before the. turbine. '

The augmented-to-normal thrust ratio increases considerably
with increase in Mach number but is not appreciably affected by
altitude up to Mach numbers of about 1.0. At higher Mach numbers,
-the sea-level augmentation is greater than the high altitude aug-
mentation, attaining a value 4 times the normal thrust at a Mach
number of 2.0 compared with a value of 2.7 times the normal thrust



at 35,000 feet altitude. A large portion of this reduction is due
to the decrease in normal thrust for the sea-level high-speed
condition.

The corresponding specific fuel consumptions are shown in fig-
ure 7 plotted against Mach number for sea level and 35, 000 foot
altitudes. The normal fuel consumption increases rapldly with
increased flight Mach number, varying from 1.1 pounds per hour per
pound of thrust at sea level and O Mach number to 2. 6 pounds per
hour per pound of, thrust at 2.0 Mach number. The normal consump-~
tion is from 9 to 30 percent lower at the 35,000-foot- altitude
condition than at sea level because of the lower atmospherlc air
temperature. The total fuel consumption for the augmented condi-
tion at sea level varies from about 2.5 times the corresponding
normal fuel consumptlon at 0 Mach number to 1.25 times the normal
consumption at 2.0 Mach number. At an altitude of 35,000 feet, the
augmented consumption is about 17 percent lower than at sea level
and, at a Mach number of 2.0, is l 5 times the corresponding normal
consumption. e i

Pressure ratio. - The effect of change in engine compressor
pressure ratio is illustrated in figure 8 where the ratio of aug-
mented to normal thrust is plotted against flight Mach number at
the 35,000~foot-altitude qondltlonﬂfor design pressure ratios of
4 and 8. The engine with the design pressure ratio of 4 is the
reference engine used for all previous calculations. The other
engine 1is assumed to have the same component efficiencies and
design conditions as the reference engine except for the higher
pressure ratio. Similar to the reference engine, the deslgn pres-
sure ratio of 8 pertains to the sea-level, zero Mach number condi-
tion. At the 35,000-foot-altitude condition in figure 8 the
actual pressure ratlo varies from:5.3 at Mach number of’ 2 0 to
12.4 at Mach number of 0. .The:corresponding pressure ratlos for
the reference englne are between 3.0 and 5.6. The tail-pipe-
burner condltlons are the same as thOSe used in figure 7.

Included for reference is the normal thrust of each engine
divided by the normal thrust of the  engine with a pressure ratio
of 4 at the sea-level, zero Mach number condition, designated by
the subscripts O, 4. The high-pressure engine develops more
than 100-percent-higher normal thrust than'the low-pressure engine
at O Mach number and about 60 percent more at 2:0 Mach number.

The augmented-to-normal thrust ratio of-the high-pressure engine
is only between 6 and 1l percent higher than that of'the low-
pressure engine; however, the actual augmented thrust is much
greater because of the hlgher normal. thrust




10 e

The corresponding specific fuel consumptions of the two
engines are compared in figure 9. TFor the normal engine configu-
ration, the high-pressure.engine shows a 15-percent-lower fuel
consumption than the low-preSSure engine at 0 Mach number and =
few-percent-lower consumption at 2.0 Mach number. . For the aug-
mented condition the high-pressure engine prov1des about 8-percent-
lower fuel consumption than the  low-pressure engine .at 0 Mach num-
ber and slightly hlgher qonsumptlon at 2.0 Mach number. - Thus from
figures 8 and 9 it: appears ‘that higher pressure ratie engines than
those in current use-ére advantageous both for" normal*and tail-
pipe-burning operatlon‘for the range of flight Mach numbers
considered. . il SR hahn o s

w oo -..
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. Altitude Limits
Ry At

The discussion thus far has dealt wlth the thrust and fuel
consumption of tail- -pipe burners. Another: 1mportant performance
criterion is thé combustion stability or blow-out limits of the
burner, which’ determlne the maximum altitude at which the burner
will operate. ' Such information cannot be readily predlcted from
analysis but must be obtained experimentally in altitude test
chambers, altitude tunnels, or in flight. Analysis ean, however,
provide methods for genera1121ng ‘the blow-out data and thus ‘reduce
the amount of: testlng requlfed to establlsh the altltudeflimlts.

Experience w1th turbojet and ram-Jet engitie combustlon cham—
bers indicated: that,the oombus'lon blow-out of.a given conflgura-
tion and fuel- alr ratlo is affected by combustion-chamber-inlet .
velocity, inlet temperature, and inlet pressure. Tail-pipe- -burner
blow-out should be affected by the same parameters; accordingly,
figure 10 illustrates.the variation -of tall-plpe-burner inlet
temperature, velocity, and static pressure with fllght Mach number
and altitude for = current turbOJet englne operatlng at rated
engine speed. : Fid 3 LA

Over the range of‘fllght Mach number and a1t1tude, .the burner-
inlet or turbine-outlet temperature is held. constant at the maximum
rermissible value by varying either: .the exhaust nozzle area or the
burner fuel flow. The correspondlng burner inlet veloc1t1es are
substantially constant with flight Mach number but decrease with
increased altitude, the change being-: smaller at hrgh altitudes.

Between 20,000 and 40,000 feet, burner-inlet velocity decreases
about 6 to 10 percent. This varlatlon is characteristic of the

rarticular engine under consideration. Other englnes for which
data have been obtained at the Lewis .laboratory indicate an even
smaller change in burner-inlet velocity with flight conditions and
in some cases the change with altitude is in the opposite direc-
tion to that shown in figure 10,




The burner-inlet pressure increases with increase in flight
Mach number and decreases with increase in altitude. At a Mach
number -of 1.0, the pressure at 20,000 feet is. double that at
40,000 feet. Thus the variation of inlet pressure with flight
operating conditions is considerably greater than the variation
of the other inlet conditions. It might then be expected that
altitude blow-out data for constant engine. speed could be corre-
lated ulmply with burner-inlet pressure.

Such a ¢orrelation is illustrated in figure 11 for a typical
tail-pipe burner on the same engine used in figure 10, again
operating at rated engine speed and constant turbine-outlet ‘tem-
perature. Lines of constant burner- 1nlet pressure as obtained
from normal engine-performance characteristics are plotted on
coordinates of flight Mach number and altitude. Each line in
figure 11 represents the combinations of altitude and Mach number
at which the particular pressure is obtained in the tail pipe.
The data points represent experimentally determined blow-out
limits for the specific tail-pipe burner; for example, at a Mach
number of 0.3, blow-out occurred at 32,000 feet altitude, and at
a Mach number of 0.97, blow-out occurred at an altitude of
41,000 feet.

Higher altitude limits than these have been obtained with
other tail-pipe burners; however, the data for this particular
burner serve to illustrate general trends. Because blow-out is
sensitive to small differences in operational technique, the data
do not delineate a definite curve of altitude limit but indicate
a band of altitude (5000 to 8000 ft wide) in which blow-out may
occur. Similar bands of blow-out limits are generally obtained
in testing other burners.

The data tend to fall within a band of constant pressure
lines, in this case between 20 and 25 inches of mercury. It
thus appears that if the altitude blow-out limit for a tail-
pipe burner is obtained at one flight Mach number, the Limits
for other Mach numbers can be predicted from a knowledge of
flight operating characteristics of the engine. Tall-pipe fuel-
air ratio has considerable effect on altitude limits; in these
tests the fuel-air ratioc did not, however, have to be varied
appreciably to maintain constant turbine-outlet temperature over
the range of flight operating conditions. Similar data will have
to be obtained with other engines and other tail-pipe burners
before this method can be unreservedly accepted.

11
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SUMMARY OF RESULTS
This theoretical investigation indicated the desirability of
designing tail-pipe burners with low burner-inlet velocity, low
burner drag, high diffuser efficiency, and high exhaust-nozzle
velocity coefficient. These design criteria are considered
essential not only for obtaining high'augmentatidn, but also for
ninimizing the loss in normal engine performance during non-
burning operation. Low turbine-outlet velocity was shown as a
favorable engine design characteristic for tail-pipe-burning
application, and higher pressure ratios than those currently
used appeared to be advantageous for flight Mach numbers up to
at least 2.0. Thrust augmentation increased considerably with
increased flight Mach number but it was not appreciably affected
by altitude except at Mach numbers above 1 where augmentation
decreases with increased altitude. The total specific fuel con-
sumption éuring tail-pipe-burning cperation is about 2.5 times
the normal consumption at sea level and O flight Mach number
but was only 1.5 times the normal consumption at 35,000 feet
altitude and a Mach number of 2.0.
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EXPERIMENTAL INVESTIGATION OF TATL-PIPE-BURNER
DESIGN VARTABLES
By Alfred W. Young

Lewis Flight Propﬁlsion Laboratory

INTRODUCTION

Designers of tail-pipe burners for turbojet engines have been
handicapped by a lack of snecific information that would help in
the selection of suitable burner diameter and length, flame-holder
type and size, diffuser shape, exhaust nozzle, fuel system, and
ignition systewm. During the past 2% years, several experimental

investigations of tail-pipe burning have been conducted at the NACA
Lewils laboratory with three engine types and dozens of tail-pipe-
burner configurations. Many of these burner configurations demon-
strated the progressive effect of changing a single design variable.
Mogt of the configurations were investigated over a wide range of
simnlated altitudes and flight speeds. Data selected to show the
effect of several design variables on the operating characteristics
of tail-pipe burners are presented.

TATL-PIPE-BURNER REQUIREMENTS

The requirements that must be considered in designing a tail-
pipe burner for a given application are:

Maximum thrust

Maxiwum operable .range = .
High‘'combustion efficiency -
Minimum weight :

Minimum size

Low internal losses

Adequate shell cooling

Satisfactory control

@O U D

.

Hach of these requirements conflicts with some of the others.
Maximum thrust, operable range, and combustlon efficiency are obtained
when burning is made easy, that is, when the velocity of the gas
entering the combustion chamber is low, when there are sultable
sheltered regions where the flame can seat, and when the cowbustion
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chamber is long enough .that combustion can be completed before the
mixture leaves the exhaust nozzle., Minimum weight and size may be
obtained by reducing the diameter, which will increase the gas
velocity, or by reducing the length, which may not give all the gas
sufficient time to burn inside the combustion chamber. Low internal
losses may be obtained with optimum diffuser design, low gas veloc-
ities, and the smallest possible flame holder. Provision for cool-
ing requires additional weight and results in some performance loss.
Control, the last requirement, necessitates a satisfactory variable-
area exhaust nozzle, which will be heavier than the fixed-area
conical exhaust nozzle and possibly not quite as efficient,

DESIGN VARIABIES

The design variables considered in this paper are flame-holder
design, burner-inlet velocity, combustlon-chamber length, fuel
distribution, diffuser design, variable-area exhsust nozzles, and
ignition systems. Tail-pipe cooling is discussed in the fourth
paper of this series.

Flame Holders

The flame holder shown in figure 1 was used in early tail-
pipe-burning experiments at the NACA Lewis laboratory (refer-
ence 1). This design proved effective in ram jets, The flame
holder consists off V-shaped gutters srranged in horizontal and

vertical rows to form:-a grid. The gutters are l% inches wide

acroas the open downstream ends and are spaced 4 inches apart on
centers, This size and spacing of gutter elements proved more
satisfactory in ram Jjets than a size and spacing of twice this
gcale or one-half this scale. The flame holder blocked one-half
the cross-sectional area of the combustion chamber and caused a
pressure drop of 1.25 times the velocity head of the approaching
gas. Although the V-shaped gutter-grid flame holder was very
effective, too much pressure drop was produced, the flame propa-
gated near the combustion-chamber wall would aggravate the tadl-
pipe cooling problem, and the central portion would be burned out
if the rear of the diffuser inner cone were used as a pilot flame
seat.

The flame holder shown in figure 2 is one ring made of a closed
half-round section. This semitorodial flame holder blocks about
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19 percent of the combﬁstidn-chamber area and is reasonably satis-~
factory, except at high altitudes or with high gas velocities.

A two-ring V-gutter flame holder that blocks.about 23 percent
of the cowbustion-chamber area is shown in figure 3. .The two rings
provide adequate coverage of the combustion-chamber area and also
avoid flame seating on the wall. Flame from a large pilot at the
rear of the diffuser inner cone passes through the hole in the cen-

~ter of the flame holder. The two-ring V-gutter flame holder is
one of the better designs investigated and permits altitvde oper-
‘ation except at extremely high gas velocities.

The, "lockwasher-type" flame holder in figure 4 was constructed
of V-gutter elements and was designed to cover the samwe general
area as the two-ring V-gutter fleme holder, and to offer a maximum
verimeter from which the flames could start. The flame holder
blocked 28 .percent of the combustion-chamber area.” The lockwasher
flame -holder was not quite ag effective as a two-ring V-gulter flame
holder with the same blocled area.

The arrangement in figure 5 is most adventageous from the
standpoint of having low internal losses. The blunt end of the
inner cone serves ag the flame holder for a large pllot flame, which
is relied upon to spread throughout the combustion chamber. Such
an arrangement resulted in low combustion efficiencies.and was
unsuitable for high altitude operation, and it might be adequate
where thrust augmentation is needed only at take-off. This type of
burner is sometimes subJect to rough burning, which has been known
to shake the tail pipe hard enough to open its seans.

The flame holder in figure 6 is intended to produce burning in
five stages, with each ring after the first vartly submerged in
flame from the proceding ring. This flame holder requires cooling,
which is accomplished by fusl that is supplied through the mounting
tubes and distributed to the rings by the longitudinal tubes. The
fuel is sprayed through small holes in the front of each ring.

The five-stage flame holder operates only at very low fuel-air ratios.
It was belatedly realized that the blocking effect of the small
forward rings, augmented by.the pressure drop due to burning, forced
the air flow toward the outside of the combustion chamber and thus
increased the gas velocity in the region where it was already
highest. Flame would not seat on the outer rings.

In figure 7 is the five-stage flame holder rebuillt to place
the large ring forward, where its blocking effect tends to provide
a more uniform velocity distribution in the tail pive. Flawe
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holdors of this type provided reascnably satisfactory terformance,
but were subject to local overheating, coking of the fuel, and
cracking of the metal tubing.

The combustion eff1c1ency obtalned with three types of flame
holder is shown in ngure 8 as a function ef HEil~ -pipe fuel-air
ratio. The data shown Were obtained at rated engine speed with a
tall pipe having a burner-inlet velocity of approximately 420 feet
per second and a fixed-area exhaust nozzle. A higher combustion
efficiéncy was. reached with the two- ring V-gutter flame holder than
with either the tliree-stage flame holder or the large pllot alone
at altitudes of 25,000 and 45,000 feet. The peak combustion effi-
clency decreased, however, from 0.83 at 25,000 feet to 0.59 at
45,007 feet. The tlhiree -stage flame holder, which comprised only’
three ringg but was otherwise similar to the flame holder of. fig~-
ure 7, reached a peak combustion efficiency of 0.85 at 25,000 feet
and 0.49 at 40,000 feet. When no flame holder other than the
blunt end of. the dlfiuoer inner cone (that is, large pilot) was
used, the burner operated satisfactorily at 25,000 feet with a peak
combustion efficiency of 0.69, but at 45,000 feet the flame was
weak and the combustion efflclepcy dropped to 0.12. Flame holders
that provide little blockage are generally quite satisfactory under
most Tavorable conditions, but they are most sensitive to the adverse
effects of hlgh altltude or hlgh burner-inlet velocity.

of all the flame holders used in tail-pive burners at the Lewis
laberatory, those using V- butter sections proved to be the most gen-

erally satlsfactory Vi gutters measuring 1% to 2 1nches across the
legs of the V nermitted- somewhat wider operating ranges than those
made either smaller or larger. The e¢ffect of the shape of the V-

was investigatod by operating a tail-pipe burner with three two-ring
V-gutter flame holdérs that were identical except for the included
angle of the V. As shown in figure 9, included angles e 27, S5,
and. 50° were used, but the width acroes the legs of the V was kept
constant at 12 inches and each of the Ilame,holders blocked 30 percent
of tho combustion-chamber area. A fixed-area conical exhaust nozzle
vas used. At an altitude of 25,000 feet, the variation in gutter -
angle had little effect on combustlon eff1c1ency and the best angle
appeared tc be betwsen 30° and &%, &b 45,000 feet, the best angle
was about 300 the cowbustion efflClency dropped seriously with the
flawe holder having a 50° gutter angle. :
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'i Burner-Inlet Velocity

It is recognized that high burner-inlet velocities are detri-

mental, but some uncertainty has existed concerning what velocities
" might be called high-and how serious their effects are. In order
to investigats the effect of burner-inlet velocity, three tail-pipe
combustion chambers having different diameters were used on one
engine. Each of these combustion chambers was 4 feet long and was
fitted with a two-ring V-gutter flame holder providing 28-vercent
blockage. The same fixed-area conical exhaust nozzle was used on
each tail pipe.

In figure 10 the symbols indicate the maximum altitudes at
which stable operation was obtained with each combustion chamber.
The two larger combustion chambers with inlet velocities of 490 and
533 feet per second operated at an altitude of 50,000 feet at a
simulated flight Mach number of 0.2. The smallest combustion
chamber with an inlet velocity of 601 feet per second was limited
to an altitude of 35,000 feet at the same flight Mach number. Com-
bustion blow-out occurred at altitudes sglightly higher than
35,000 and 50,000 feet. Lines of constant turbine-outlet pressure
‘have been drawn through the data points of figure 10 to indicate
the maximum altitudes at which stable operation could be expected
at higher flight speeds.’

The cowbustion efficiency obtained with the same series of com-
bustion chambers is shown in figure 11 for three altitudes at rated
engine gpeed and limiting turbine-outlet temperature. At
25,000 feet, the burner-inlet velocities for the three combustion
chambers ranged from 470 to 605 feet per second, and the combustion
gfficiencles remained near 0.80. There is no apparsnt explanation
for the slight drop in combustion efficiency at the lower velocities,
vhich is inconsistent with the. other data. At 35,000 feet, the
cowbustion efficiency dropped from 0.76 at a burner-inlet velocity
of 463 feet per second to 0.68 at a velocity of 525 feet per second.
- At 45,000 feet, the combustion efficiency dropped from 0.55 at a
burner-inlet velocity of 490 feet per second to 0.40 at a velocity
of 550 feet per second. With the smwallest combustion chamber, which
had an inlet velocity of 605 feet per second at 25,000 feet, the
cowbustion efficiency dropped so much at 35,000 feet that limiting
turbine-outlet temperature could not be obtained.

~ Combustion-Chamber Length

The effect of combustion-chamber length (fig. 12) was investi-
gated by using lengths of 2, 4, and 6 feet in otherwise identical
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burncr configurations. A two-ring V-gutter flame holder that blocked
30 percent of the combustion-chamber area was used. At an altitude
of 25,000 feet, an increase in combustion-chember length from 2 %o
4 feet raised the peak combugtion- efficiency from 0.70 to 0.81, but
a further increase in length to 6 feet had only a negligible effect.
At 45,000 feet, the combustion efficiency was only 0.12 with the
¢-foot combustion chamber and each. successive increase in length
cuased e marked improvement, until with a length of 6 feet a peak
efficlency of 0.56 was reached. At 45,000 feet, the 6-foot combus-
tion chamber was the only one that would uermlt llmltjng turbine -
outlet temper auuros to be reached.

~ The effeot of & single variable, such as combustion-chamber
length, would be reduced if other variables were chosen to be more
favorable for combustion. That is, with a lower burner-inlet veloc-
ity, a. larger flame holder, and a better fuel distribution system,
the effect of changing the combustion-chomber length could be
expected to be less than that shown in figure 12.

Fuel Distribution

The importance of fuel distribution is shown in figure 13 with
two different fuel systems used in the same tail pipe (reference 2).
In the multinle-nozzle fucl system, 80 percent of the fuel was
sprayed downstream through 18 nozzles lccated in a circle Jjust
upstream of the flame holder and 20 percent was sprayed radially
outward through 12 nozzles mounted in the surface of the diffuser
inner cone. At an altitude of 25,000 feet, the peak combustion effi-
ciency was 0.76 at a tail-pipe luel-alr ratlo of 0.025 and was con-
giderably less at other fuel-air ratios.

In the ‘spray-bar fuel syotem, all the fuel was injected through
elght spray bars mounted in tho diffuser annulus 353 1nohes upstream
“of the flame holder. Four p11rs of 0.040-inch holes were drilled in
each spray bar. With this configuration a peak combustion efficiency
of 0.96 was reached at a tall-pipe fuel-air ratio of 0.025 and the
gfficiency dropped only to 0.80 at a fuel-air ratio of 0.06..

The superlor performance of the spray- bar fuel system is atiri-
buted to the better coverage of the air stream afforded by the spray
bars and to the distance between the spray bars and the flame holder,
which permitted sufficlent mixing of the fuel and alr. IExperilence
with other tail-pipe burners using similar fuel spray bars has shown
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that the holes should be located to take account of the velocity
distribution of the tail-pipe gas and that the central region should
be relatively rich to provide a strong stabilizing flame at the rear
of the diffuser inner cone. The high combustion efficiency obtained
with the spray-bar fuel system in figure 13 is attributed to the
combination of a good fuel system with other favorable desizn vari-
ables. It should be noted that the dburner-inlet velocity was low,
ranging from 420 to 460 fecet per second, and the flame holder provided
32-percent blockage.

Diffuser Design

. The hot gas leaving the turbine must be slowed down before it
enters the tail-pipe combustion chamber. The diffuser-design problem
is aggrevated by the uneven velocity profile at the turbine outlet.

A typical velocity vrofile, taken in a standard tall cone about

10 inches from.the turbine vheel, 1s shown in figure 14. A steep
velocity gradicnt exists and the highest velocity is near the out-
side wall.

In figure 15 are shown the lines of two diffusers that werc used
with the same tail-pipe burner as well as the lines of the standard
engine tail cone. In the tall-pipe-burner diffuscr with the long
inner cone, the rate of change of area was approximately uniform,

The short inner cone Qf.thé other diffuser followed the same contour
+to the point where the area ratio was l.4. After this point the
short cone gave a much more rapid area change than the long cone.

The differeunce in the losses produced by the two diffusers can
be determined from the curves of c¢ver-all tail-pipe total-pressure-
loss ratio given in figure 15. The ‘curves (fig. 15) are for the
nonburning condition, where the exhaust nozzle was small enough to
cproduce limiting turbinec-cutlet temperatures at rated engine speed.
The tail pipe having the short inner cone has a lcss that is greater
than that of the pipe with the long immer cone by about 0.5 percent
. of- theytotal pressure. '

The design of the diffuser with the short Iinner cone is shown
to be better than that of the stendard éngine tail cone by the fact
that the losses in the tail pipe with the ghort inner cone but no
flare holder were abeut the same as those in the standard tail cone.
That is, the losses incurred in slowing down the gas plus the fric-
tion losses in the long combustion chamber were no more than the
frictlon losses in the standard tall cone. These results indicate
that careful diffuser design is effective in minimizing tail-pipe
burner pressure losses and that Improvement in the dosign of the
standard engine tail cone is needed.



Variable-Area Exhaust Nozzles

One of tlie items needed for control of.a tail-pine burner is a
good. ‘variable-area exhaust nozzle. The clamshell type is probably
the most promising, and certainly the one on which the most effort
has been expended. The two most improtant consgiderations in designing
a clemshell nozzle are efficiency in producing thrust and durability.
High efficiency. can be obtalned by eliminating leakage and using the
best posgible shape.

Two clamshell nozzles of different shape are shown in fig-
ures 16 and 17, The fixed-area inner shell of nozzle A hag its exit
opening in one plane and would be a desirable nozzle. As the outer
‘shells nmove together, however, the shape of the opening is changed
until in the closed position the opening is no longer, even approx-
imately, in a single plane. Gases are dlscharged at the gides of
this opening with a large component normal to the wain thrust axis,
The movable shells of nozzle B have been shaped to keep the exit
opening approx1mately planar regardless of size.

Clamshell nozzles A and B and a series of fixed-area conical
exhaust nozzles were tested on the same engine to detcrmine their
comparative performance (reference 3). The results are presented in
figure 18 in which the variation of corrected jet thrust with corrected
fuel consumptioh is shown for a single .corrected engine speed (rated
value). Nozzle A in the closed position, where the corrected fuel
flow was 3340 pounds per hour, produced about 7 percent less thrust
then an equivalent conical nozzle at.the same fuel consumption.

Nozzle B produced within 1 percent of the thrust of thc conical
nozzles.

Clamshell nozzles on tail-pipe burners have shown a tendency
to overheat, warp, and jam. Some progress has been made in cooling
them and reasonably satigfactory results have been obtained. UNoz-
zle B withétood 40 minutes of tail-pipe burner operation without
demage. However, it is too early to say that any given design is
completely sultable for tall-pipe burners.

Ignition Systeus

Igniting the mixture in the tail pipe proved to be a trouble-
some problem. Many arrangements. of sgpark plugs and pilot fuel noz-
zles were used, two of which are shown in figure 19. One of the
schemes consisted of 2 small ram jJet located upstream of the main
flame holder. The ram jot has its own inlet diffuser, fuel nozzle,
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svark plug, flame holder, and jet nozzle, and was supposed to send
a jet of rlame downstream to the main flame holder. It was com-
pletely unreliable.

The second schemé congisted of a pilot fuel nozzle in the
center of a depression in the end of the diffuscr inner cone and a
spark plug near by. Except at nigh altitudes this pilot was effec-
tive when the spark plug would operate, but it was difficult to
maintain high voltage insulation inside the tail pipe. The pilot
fuel nozzles invariably melted, but this did not matter when the
main fuel was introduced upstream of the pilot.

The stand-by mcthod of starting the tall -pipe burner wag a

rapid acceleration of the engine, which sent flame back through

the tail pipe. This method is quite effective, but is not recommended
overating nractive because of the danger of overheating the turbine.
A modification of the pnractice of accelerating the engine proved to
be by far the most satisfactory scheme for lighting the tail-pipe
fuel. TIn this schewe (fig. 19), the tail-pipe fuel pump must first
be operating and producing a hlbhbr pregsure than that in the engine
fuel manifold. A line from the tail-pipe fuel pump is brought to

the line supplylng one of the engine combustion chambers. A solenoid
valve and two check valves are installed as shown in figure 19. The
tail-pipe.fuel is ignited by opening the solenoid valve for a frac-
~tion of a second. The momentary rich mixture produced in one com-
bustion chambér sends flsmwe downstream to the tail pipe. This scheme
is positilve 1n operation and produced over 200 svarts on one engine
with no sign of damage to the engine.

SUMMARY OF RESULTS

The results of research on tail-pipe-burner design variables are
briefly summarized as follows:

; i, Flame holders providing little blockage were found to be

‘adequate for low altitude operation, but at high altitudes a blocked
arca of about 30 percent of the combustion-chamber area was found to
be desirable.

2~ Rlng-thc V-gutter flame holders have proved satisfactory.
The best operating characteristics were obtained when the included
angle of the V-gutter elements was about 30° and the width across

- the-opening of the V was l* to 2 1ncheu.
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3. Burner-~inlet velocity is the variable that is most likely
to establish the value of a tail-pipe burner. Satisfactory oper-
ation up to an altitude of about 25,000 feet was obtained with
burners having inlet velocities as high as 600 feet per second, but
lower velocities were required at high altitudes; and every advan-
tage was found to lie with burners having inlet velocitiesg in the
range from 400 to 450 Teet per second.

4, In burners indentical except for combustion-chamber length,
a length of 4 feet was found to be sufficient to provide the best
performance at altitudes up to 25,000 Teet, whereas at an altitude
of 45,000 feet a combustion-chamber length of 8 feet was not enough
to develop the maximum combustion efficiency.

5. The highest combustion efficiencies were obtained when the
fuel was inJected as far as possible upstream of the flame holder and
when the fuel distribution was made to match the air-flow distri-
bution as closely as practicable.

6. Tail;pipe pressure logses have been reduced by careful
diffuser design, but the data are not sufficient to establish an
optimum diffuser design.

7. A variable-area exhaust nozzle can be designed to be nearly
ag efficiency as a fixed-area conical nozzle, but variable-area
nozzles have not yet been thoroughly proved in tail-pipe-burner
opveration.

8. Dependable methods for starting a tail-pipe burner wore
available,
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Figure 1. =~ V-shaped gutter-grid flame holder.
Figure 2. - Semitoroidal flame holder.
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Figure 3. - Two~ring V-gutter flame holder.

Figure 4. - Lockwasher flame holder.
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Figure 5. - Large pllot in blunt end of inner cone.

Figure 6. - Flve~stage flame holder.
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Figure 7. - Modified five-stage flame holder.
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Figure 8. - Tail-pipe combustion efficlency for three flame-
holder configurations. Exhaust-nozzle area constant;
rated engine speed.
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TAIL-PIPE COMBUSTION EFFICIENCY
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Figure 13, - Tall-pipe combustion efficlency for two fuel sys-
tems., Burner-lnlet velocity, 420 to 460 feet per second.
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OPEN CLOSED

Figure 16. - Clamshell nozzle A.
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Figure 17. - Clamshell nozzle B.
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PERFORMANCE CHARACTERISTICS OF SHVERAL TAIL-PIPE BURNERS
By William A, Fleming and Harry W. Dowman

Lewis Flight”Pfopulsion Laboratory

TNTRODUCTION

Performance theoretically calculated for tail-pipve burning and
experimental results indicating tle effect of the various design
considerations on burner characteristics at altitude arc discussed
in tho two prsceding papers of this series. Included in this paper
are experimental results that show the nerformance and the operable
range of several tall-pipe burners at altitude conditions.

A considerable amocunt of data was obtalned for a large number
of different tail-plipe-burner configurations with the J34 engine,
the J35:engine, -and an experimental version of the J47 engine.
Some of the more recent tall-pige burning results for four of these
burners are pregented. Thrust performance, burnsr-outlet tempera-
tures, speciilc fuel consvmptions, combustion efficiencies, the
orsrable ranges. of tail-pipe fuel-air ratio, and burner-inlet pres-
sure, teuperature, and velocity are shovn for a range of flight
conditiong. -

\

TAIL-PIPEjBURNER INSTALTATIONS

Four tail-pipe burners are considered. Burners A and B were
netalled on a J34 engine, burner C on a J35 englne, and burner D
on an experlmental version of the J47 engine.

Burner A. - Burner A (fig, 1), which was installed on a J34
engine, wvas attached to the standard engine taill cone and has an

over-all ength of -about Bl-fect The gos leaving the turbine is

diffused to a 23- 1ncq dlumcter section where the flame holder .is
ingtalled., The combustion chamber ig a 40-inch conical sectlion that

taﬁers from 23 inches in diamotcr at the fleme holder to 18{%—1nches
at the outlet.

The flame holder consists of two semicircular-gutter-type rings
joined with four radial struts of similar comsiruction. This flame
holder blocks approximately 25 percent of the cross-sectlonal area
of the tail nlpe. Both the rings and the radial struts of the flame
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holder are provided with small slots on the upstream face.. Fuel is
injected througli five circular tubes located immediately upstream of
the flauwe holder. Two of these tubes, which are alined with the

two [lawme-holder rings, inject the fuel tbrough several small orifices
in a dovnstream dlrbctlon:th“ough the slots of the flame holder. Fuel
ig Injected from the other three tubes through small orifices in an
upstreanm direction.

A two-pogition variable-arca exhaust nozzle was used on the
burner, which in the closed position has a projected elliptical arsa

equivalent to a circular diameter of 15% inches. During tail-pipe

burner operation, this nozzle was in the wide-open position and the
throat area wag provided by the outlet of the combustion chamber.

A shroud was installed around the burner through which air
flowed to cool the burner shell during operation.

Bulnur B. ‘= Rumnor B (flg 2) which was also ingtalled on a
J34 englpe, has an over-all length, 1nclud1ng the diffuser section,

of about 10 feet and a maximum diameter of 25— inches. The exhaust

gas wag diffused to the combustion chawber, whlch is ZSZ inches in

diameter and 6 fecet long. A flame holder was installed 18 inches
downstream of the front flange of the combustion chamber, thus giving

a burning length of 4l feet upstream of the fixed-area conical

exhaust nozzle, The exhauct nozzle is 19— inches in diameter at the
outlet.

Fuel i1s injected 4% inches downstream of the turbine through
oight streamlined spray tubes; this arrangement gives a mixing length

for the fuel of 35% inches between the fuel injector and the flame

holder. ZXach spray tube has four pairs of impinging jets through
which the fuel is sprayed into the diffuser., The downstream end of
the inner cone was cub off where it was 5 inches in diameter with the
blunt end covered by a disk, thereby profiding a turbulent region for
the purpose of seating a sta‘blllzlno flame in the center of the tail
ive.

A two-ring V-gutter flame holder that blocks 32 percent of the
burner cross-scctional area wasg installed. The mean diameters of
the outer and inner gutters are 17 and 10 inches, respectively; the
included angle of the gutters is 30°; and the distance across the

open end of the gutters is 1% inches.
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The burner shell was cocled only by the flow of low-velocity
a8lr over tlhe outside of tle burner.

Burier C. - Burner C (fig. 3), which was installed on a J35
engine , has an over-all length, including the diffuser section, of
about 9 feet and a maximum dismeter of 29 inches. The exhaust gas
was diffused to the combustion chawber, which is 29 inches in diameter
and 4 feet long. The flame holdexr was located at the upstream end
of the combustion chamber, giving a 4-foot. burning length between the
flame holder and the fixed-area conical exhaust nozzle. The outlet

dlameter of the exhaust nozzle is 20§ inches.

Fuel was Injected in the diffuser through 12 streamlined spray
tubes Installed 14 inches upstream of the flame holder. IZach tube
had four pairs of small orifices that injected fuel from opposite
sides of the tubes intc the gas stream normal to the direction of
flow. The dqwnstream end of the innex cone wag cut off where it was
8% inches in diameter and & concave dome was installed that provided
a turbulent region for the nurpose of seating a stablizing flame in
~ the center of the pipe.

A twa»ring V~gutter flame holder similar to the one used in
burner B blocked 29 vercent of the burner cross- seCulonal ares. The

mean diameters of’ the outer and inner flame-holder rings are dl~ and
9§ inches,. respectively; the included angle of the gutters is 350

and the distance across the open ends of the gutters is l§ inches.

A croling liner extended the full length of the combustion
chamber, and a %»inch radial gap was provided between the liner and

the esuter shell through which flowed part of the exhaust gas at approx-
imately turbine-outlet temperature.

Burner D. - Burner D (fig. 4) which was installed on the exper-
imentnl version of the J47 engine, has an over-all length, including
the diffuser section, of about 9 feet and a maximum diameter of

. 32 inches. The exhaust gas was diffused to the 32-inch-diameter

. combustion chamber, which is 4 feet in length. The flame holder was
installed at the forward end of the ccmbustion chamber, thereby
giving a 4-foot burning length upstream of the fixed-area conical
exhaust nozzle. The diameter at the cutlet of the exhaust nozzle is

25% inches.
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Fuel was injected in the diffuser 14 inches upstream of the flame
holder through 12 stream lined spray tubes similar to those used in
Lurner C. ZXach tube had four pairs of orifices thet injected fuel
from opposite sides of the tubes into the gas stream normal to the
directicn of flow. The downstream end of the inner cone was cut off
where it was 14 inches in diameter and a concave dome was installed
that provided a large turbulent region for the purpose of seating
a stabilizing flame in the center of the pipe.

The flame holder was a two-ring V-gutter flame holder, similar
to those used in burners B and C, and blocked 32 percent of the
burner cross-sectional area. The mean diameters of the outer and
imner flame-holder rings are.23 and 14 inches, respectively; the
included angle of the gutters is 35°; and the distance across the

open end of the gutters is l%% inches.

A cooling liner, similar to that used in burner C, extended the
full length of the combustion chamber and 12 inches into the exhaust

nozzle., A %-inch radilal air gan was provided between the liner and

the outer shell through which part of the exhaust gas flowed.

TATL~PIPE-BURNER PERFORMANCE

Burner A. - Performance data obtained with burner A over a
range of Tlight Mach numbers at an altitude of 20,000 feet are pre-
gented in figures 5 and 6. These data were obtained at maximum
engine speed with a turbine-ocutlet temperature of approximately
1600° R. The burner-inlet velocity varied from 440 to 480 feet per
gsecond for these conditions. The augmented thrust was obtained with
the tail-pipe burner installed and the normal thrust was obtained with
the stendard engine tail pipe.

With tail-pipe burning (fig. 5), the ratio of augmented thrust
to noxrmal thrust increased from a value of 1.27 at a flight Mach
nunber of 0.25 to 1.84 at a flight Mach nuwber of 0.85. When the
tail-nipe burner was inoperative, the thrust obtainable at limiting
turbine -outlet temperatures was 4 percent less than that available
with the standard engine tail pipe at the same operating conditions.

The gpecific fuel consumption with and without tail-pipe
burning is shown in figure 6. With tail-pipe burning the specific
fuel consumption decreased rapidly as the flight Mach number was
raised, varying from a value of about 3.25 at a flight Mach number
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of 0.25 to a yvalue of 2.10 at a flight Mach number of 0.85. The
specific fuel consumption with the standard engine tail pipe and
" exhenst npzzle was 1.40 at a flight Mach number of 0.85.

The" overable range of tail-pipe fuel-air ratios at an altitude
of 20,000 feet is shown in figure 7. Tail-pipe fuel-air ratio is
defined as the ratlo of tail-pipe fuel flow to the unburned air flow
enterlng the tail pipe. The maximum operadble tail-pire fuel-air
ratio was limited by turbine-cutlet temperature and the minimunm
fuel-air ratlo by lean combustion blow-out. At a flight Mach num-
ber of 0.85 at an altitude of 20 ,000 feet, it was possible to oper-
ate burner A between tail-pivpe fuel—air ratios of 0.0395 and 0.0486.
The maximunm operable fuel-air ratio is significant only for the

¥haust nozzle used with burner A. With a larger outlet area, the
burner could have been operated at higher tail-pipe fuel-air ratios.

The altitude limits of operation at maximum engine speed and
turbine -outlet tomperature of about 1625° R are shown in figure 8.
At each flight Mach number, a band of uncertain operation amounting
to about 8000 feet in altitude was encountered within which combus-
tion blow-out occurrcd. Altitudes at which the engine could be
onerated without encountering cowbustion blow-out varied from
24,600 feest at a& Mach number of 0.25 to 34,200 feet at a Mach num-
ber of 1.0. Over the entire range of flight conditions, this limit
of cowbustion blow-out occurred at an approximately constant burner-
inlet pressureé.

EE:EEEhB - Performance data obtained with burner B are pre-
sented in figures S and 10 for a range of flight Mach numbers at
an altitude of 25,000 feet (reference 1). These data were obtained
at maximm engine speed and the turbine-outlet temperature with
tail-pipe burning was 1650° R, whereas the turbine-outlet temper-
ature with the standard engine tail pipe varied from 1650°R at a
flight Mach number of 0.25 to'lGZOO R at a flight Mach number of
0.72. The burner-inlet veloc¢ty was approximately 455 feet eer
'second for these conditions.

The ratio of gugmented thrust to normel thrust (fig. 9)
increased from a value of 1.31 at a flight Mach number of 0.25 to
1.73 at a flight Mach number of O. 72. The burner-outlet temperature
increased slightly with flight Mach number, reaching a value of
3470° R at a flight Mach number of 0.72. This temperature corre-
sponds to .a burner temperature rise of 1820° R and to an over-all
Tuel-air ratic of 0.052, where the over-all fuel-air ratio is
defined as the engine fuel plus tail-pipe fuel divided by the total
Elatis aE IR
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The specific fuel consumption with and without tail-pipe
burning (fig. 10) varied only slightly over the flight conditions
iuvestigdted. At a flight Mach number of 0.72, the specific fuel
consumption was 2.55 with tall-nlpe burnlng compared with 1. 19 with
the standard ergine tail pipe. .

The tail- -pipe combustion elflcieqcy is presented in figure 11
.ag a functlon of tail-pive fuel-air ratio,  As mentioned previously,
'taﬂl-ﬂlpe fuel-air ratio is defined as the ratio of tail-pipe Tuel
’low to unburned air LlOW entering the tail pipe. Because the-tail-
pipe fuel-dir- ratlo vas varied by changing the tail-pipe fuel Fflow
with a ‘Tixed-area exhaust nozzle, the conditions at’ the burner inlet
also changed.

Variations 1n burner-inlet total temperature, total pressurb,
and veloclty with tall-plOb fuel-air ratio are also shown in figure 1l.
For the rainge of fuel-sir ratios investigated, ths total tewmperature,
the total pressure, and the burner-inlet velocity increased with
fuel-air ratio. "As the tail-pipe fuel-air ratio was raised, the
combustion GlflClCﬂcJ dropped from a peak value of 0.96 at a tail-
pipe fuel-air ratio of 0.025 to & value of 0.86 at limiting turbine-
outlet temperature of 1650° R and tail-pipe fuel-air ratio of 0.050,
the condition for which thrust and specific fuel consumption data
are presented in figures 9 and 10. The increase in burner-inlet
pressure accoupanying the change in flight Mach nuwber from 0.26 to
0.84 had no anparcnt effect on the tail-pipe combustion efficilency.
The nrimary factor affecting combustion efficiency is beliesved to
be the fuel distribution in the tail-nipe burrer, because at a given
_ fuel-air ratio changes in burner-inlet nressure had no apparent

bifnct on ‘combustion efficiency.

The operable range of tall-pipe fuel-air ratios at an altitude
of 25,000 feet is shown in figure 12 as a function of flight Mach
number. The maximum fuel-air ratio was limited by turbine-outlet
tomrerature and the minimum fuel-aiy ratio by lean combustion blow-
cut. At a, flight Mach number of 0.72, stable burner operation was
possible at tail-pipe Tuel-air ratios between 0.024 and 0.053. The
minimunm operable fuel-air ratio Tor burner B was somewhat. lower
than that for burner A, which was 0.041 at a Mach number of 0.72.
The maxirmum fuel-air ratlo ig significant only ifor the size exhaust
nozzle used.

Burner C C.'— Performance data for burner C at an altitude of

ZS’JOL feet over a range of flight Mach numbers are prescnted in
figures 13 and 14. These data wore obtained at maximum engine speed
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and at turbine-ocutlet temperature (both with and without tail-pipe
burning) of 16000 R. The burner-inlet velocity was about 415 febt
rer second for these Fliglt conditions.

Tne rﬂtlo of angmented thrust to normal thrust with tail-pirve
bu1n¢ﬂg (fig. 13) Increcased from 1.41 at a flight Mach number of
0.27 £8.1.74 at a Tlight Mach number of 0.92., The burner-outlet
tQEObTaUHTO increased slightly with flight Mach number, reaching a
- value of 3150° R at a flight Mach number of 0.92. This temperature
corresponds to a burner temperature rise of 1750° R with an over-
a}l fuel-air ratio of 0.475. The net thrust obtained at limiting
turbine~ocutlet temperature with the tail-pipe burner inoperative is
shown to be about 1 percent less than the thrust obtainable with
the standard engine tail pipe. This small loss in thrust results
from the fact that the ratio of total-pressure loss between the
turbine ocutlet and exhaust-nozzle outlet to the turbine-outlet total
pressure 1s only slightly higher for the tail-plpe burner (0.025)
than with the standard tail pipe (0.010) at the same turbine-outlet
conditions. WNeither value includes the pressure loss across the
gxhaust-nozzle outlet. :

The specific fuel eonsvmptions with and without taill-pipe
burning increased only slightly with flight Mach number (fig. 14).
At a flight Mach number of 0.92, the specific fuel consumption was
2,21 with tail-pine burning compared with 1.26 with the standard
+engine. The specific fuel consumption with tail-pipe burning was
slightly lower for burncr C than for burner B. However, burner B,
as shown subsequently, was operated at a higher tail—pipe fuel—air
ratio and thus a greater percentage of the total fuel flow was
being burned in the low-cificiency part of the engine plus tail-
pipe-burner cycle.

Tall-nipe combustion efficiency is presecuted as a function
of tail-pive fuei-air ratio for a range of flight Mach numbers at
an altitude of 25,000 feet (fig. 15) and for a range of altitudes
at a flight Mach number of 0.27 (fig. 16). These data were also
obtained with a fixed-arca cxhaust nozzle, and therefore, the

ariations in burner-inlet total temperaturce, total pressure, and
velocity are shown in the figures. The burner-inlet temperature
and vressure increased with tail-pipe fuel-air ratio, whereas the
burner-inlet velocity remained substantially congtant between 410
and 420 feet per sceond. At a given fuel-zir ratio, the burner-inlet
temperature remained approxiwately congtant with changes in alti-
tude and flight Mach number. Combustion efficiency increased
rapidly with tail-pipe fuel-air ratio, reaching a peak at a fuel-
alr ratio of about 0.030.  The combustion efficiency dropped off
slightly at higher fuel-air ratios.

. CONFIDENTTAL
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Over the range of flight Mach numbers investigated, changes
in tail-pipe pressure due to variations in flight Mach number
(fig. 15) "or in altitude up t0:35,000 feet (fig. 16) had no effect
on the cowbustion efficiency. Increasing the altitude from 35,000 to
45,000 feet at a flight Mach number of 0.27 did result in a decrease
in combustion efficiency amounting to'about 0.10 at a furbine-outlet
temmcrature of 1600° R. The trend of these ccwbustion efficiency
data with fuel-air ratio up to an altitude of 35,000 feet is again
attributed to the fuwel distribution in the tail-pipe burner because
changing the. pressure at a given fuel-air ratio within the range of
progstire investigated had no effect on the comwbustion efficiency.
With this particular burner-inlet velocity and fuel distributionm,
the critical burner-inlet pressure is reached between altitudes of
35,000 and 45,000 feet at a flight Mach number of 0.27, where the
nregsure then beccmes a principle variable affecting the combustion
efficiency.

The operable range of tail-pive fuel-air ratios is shown in .
figure 17 as a function of altitude at a flight Mach number. of 0.27.
The waximum operable fuel-a2ir .ratio was limited by turbine-outlet
temperature, whereas the miniwum fucl-air ratio was limited by lean
combugtion blow-out. At each altitude, combustion blow-out was
encountored within the range of fuel-air ratios shown in figure 17
a8 the region of uncertain operation. The region of uncertain oper-
ation occurred at higher tail-pipe fuel-air ratios as the altitude
was increased. At an altitude of 45,000 feect and a flight Mach
number of -0.27, operation was possible at tail-pipe fuel-air ratios
between 0,029 -and 0.040; however, the maximum fuel-air ratio is
gignificant only for the size exhaust nozzle used.

- Burner D. - Performance data obtained with burner D are pre-
gented in figures 18 and 19 for an altitude of 25,000 feet and a
range of Tlight Mach numbers. These data were obtained at maximum
engine specd and the turbine-outlet temperature was 1675° R both
with and without tail-pipe burning. -

The ratio of auvgmenbted to ncrmal thrust increased from 1.34 at
a f£light Mach numter of 0.22 to 1.78 at a flight Mach number of 0.82
-(fig. 18). Burner-outlet temperatures increased from 2975° to
35259 R with this increaseo in flight Mach nuwber. The large incrcase
in temperature is mainly attributed to an increase in engine com-
ponent efficiency as the flight Mach nunber wes raiged. The burner-
outlet temperature of 35259 R correspends to a burner tomperature
rige of 1850° R with an over-all fuel-air ratio of 0.053, The total-
nressure-loss ratio measured across the tail-pipe burner when it
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vag inoperative (0.050 to 0.055) was slightly more than that meas-
ured across the standard engine tail pipe (0.045) at.the same
turbing-cutlet conditions. As a result, the net thrust obtainable
at limiting turbine- outlet temperatures. with thu‘burnur Jinoperative
wag 0.5 to 1 nercent less than that obtainable with the standard
engine taill pioe.

Thé specific fuel consumption with tail-pipe burning (fig. 19)

" Increesed sliglitly up to a rlight Mach number of about 0.45 and
then . decreased slightly at higher Mach nuwbers. The increase in
.specific.fuel consumption at low flight Mach numbers is attributed
.to the COTTbDOOnU“ﬁ” increase in tail-pive fuel-air ratio with no
change ‘in tail-pipe combustion efficiency. The " decrcase in gpecific
Tuel consumption at flight Maeh numbers above 0.50 is attributed to
the fact that thb combustion efficiency is increased. This increase
in.combustion efficicncy had a greater effect than the further increase
in tail-pipe fuel-air ratio. AL a flight Mach number of O. Slgy bhe
specific fuel consumption was 2.49 with tajls -pipe burnlng comparod
wath 1,58 with the standurd engine taill pipe.

Tallunlpe combugtion ofL1c1enc3 is nresentba as ‘a function of
tail-pize fuel-alr ratio for a range of flight Mech numbers a2t an
altitude of 25,000 feet (fig. 20). and. for a range of altitudes at a
flight Mach number of 0.22 (fig. 21) The varlatlons in burner-
inlet total Urussure, total tomnbrature, and velocity as a functlon
of tail-pipe fuel-air ratio are also shown in these figures. At'a
given fuel-air ratio, changes in flight Mach number had no effect on
burner-inlet velocities, although increases in altitude r%¢sed the
burnor -inlet velocity. The combusbion efficiency Increased rapidly
w1tb fuel-air ratio and reached a maximum value at & fuel-air ratio
of about O. 035 with the exception of the data obtained at 45,000 feet
altitude where operation was erratic. For the range of fuel—alr
ratios ;nybstlgatod the combustion efficiehcy‘remained eggentially
constant above a fuel-air ratio of 0.035,

. lue data in flghrb 20 ghow that the varlatlons in burner-inlet
pressurb, accompanying changes in flight Mach number for the range
of . burner-inlet velocities from 460 to 515 feet per second, had a
definite effect on the tail-pipe coubustion efficicncy. P&lSLng the
flight Mach number fiaren) QR site: O 52,wh1ch renresents & change in
- tail-pipe pressurc ef 15 percent, had no apparent effect on the
' combugbion efficiency. A Purther increase in flight Mach number,
'hovov or, from 0,52 to 0.81, whicli corresponds to a rise in tail-

. pipe pressure of about 30 perrenb raiged the peak ccmbustion
ef11c1ency from 0. 80 to 0. 90 ; s



nereasing the altitude frow 15,000 to 35,000 feet resulted
in wnifuin reductione in peak combustion effﬂcﬁencv from 0.85 to
0.76 (ig. 21), which accompenied a decrezse in pressure and a
glight increage in velocity. Between 35,000 and 45,000 feet, a.
critical rcgion was encountered with the result that oneratlon was ‘
scmewiat erratic at 45,000 feet with considerably lcwer cowbustion
efficlency. At a given tail-pipe fuel-air ratio (fig. 21), oper-
ation was vpossible in two regions of tail-pipe combustion sfficiency
at 45,000 feet altitude. In the higher region'of. cowbustion effi-
ciency, it was observed through a periscope that the flame was
seated on the entire flame holder. When the lower cowbustivn effi-
ciencies were encountered, however, obgervation through a periscope
revealed that the flame on the outer ring of tho Tlame holder had
blown out. : -

The fuel distribution with burner D was gulte siwmilar to that.
of burner C and although the diffuser inner. cone was shorter and
wag laerger in dlameter at the downstream end, the 'primery differ-
ence between the two burners was an increase in burner-inlet veloc-
ity from about 415 feet per second with burner C to a range of 460 to-
515 feet per second with burner D.

The operable range of tail-pive fuel-air ratios 1s presented

a function of altitude at a flight Mach number of 0.20 in fig-
ure 22. The muxzmum operable tail-pive fuel-air ratlio was limited
by turbine-ocutlet temperature and the minimuwm . operable fuel-air
ratio was limited by lean ccmbustion dblow-out. As with dburner C,
cembustion blow-out occurred over a range of fuel-air ratios at
each altitude. This range of cowbustion blow-out is indicated as
the region of uncertain operastion. The region of uncertain oper-
ation occurred at higher tail-pine fuel-air ratics as the altitude
wag increased to 35,000 feet. The data obtained were insufficient
to completely deterwine the region of uncertain operation at -
45,000 feet. The rapid reduction in maximum tail-pipe fuel-air
ratio at altitudes up to 35,000 feet is attributed  to lowered engine
comnponent efficiency at the high altitudes. Operation at a scwme-
what higher fuel-air ratio at 45,000 feet than was possible at
35,000 feet ig attributed to the large drop in combustion efficiency
between these two altitudes, which, as a result, required a con-
siderably higher tail-pipe fuel-air retio at 45 000 feet in order to
obtain limiting turbine-outlet temperature. At 35,000 feet,operation
wag posgible between tail-pipe fuel-air ratios of 0.031 and 0.038.
The winimum fuel-air ratio was slightly higher than that with
burner C, 0.026 at 35,000 feet. The maxirum fuel-air ratis is sig-
nificant only for the size- expaust nozzle used.

—
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SUMMARY OF RESULTS

T.e data presented herein showed that at an altitude of
25,000 feet and a flight Mach nuwber of 0.85 it was possible to obtain
thrust gains with tail-pipe burning amounting to about 0.80 of the
normal thrust. The data also showed that up to 35,000 feet alti-
tude it was possible to maintain tle btall-pipe cowbustion effi-
ciencies in the region of 0.85 with burner-outlet temreratures of
ebout 35C0° R. Burner-inlet velocity was shown to be a principle
factor in wmaintaining the combustion efficiency approximately con-
stant over a wide range of flight conditions.

With a burner having an inlet velocity of 415 feet per second,
the combustion efficlency was unaffected by changes in flight Mach
number un to 0,92 at 25,000 feet altitude and changes in altitude
un to 35,00C feet at a flight Mach rumber 0.27. With a burner
having an inlet velocity of about 460 to 515 feet per second,
however, increasing the burncer-inlet »ressure by raising the flight
Mach number from 0.52 to 0.8l at 25,000 feet altitude increased the
peak combustion efficiency frcm C.80 to 0.20. Increases in burner-
inlet velocity were alsc slhown to raise the tail-nipe fuel-air
ratio at which lecan blow-out of the burner occurred at all altitudes.

REFERENCE
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Figure 5. - Thrust performance for burner A. J34 engine;
altitude, 20,000 feet; burner-inlet velocity, 440 to 480
feet per second; turbine-outlet temperature, 1600° R.
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Figure 6. - Comparison of specific fuel consumption for J34
engine with standard tail pipe and with burner A. Altitude,
20,000 feet; burner-inlet velocity, 440 to 480 feet per
second; turbine-outlet temperature, 1600° R.
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turbine-outlet temperature, 1625° R,
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turbine-c tlet temperature, approximately 1650° R.
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Plgure 14. -~ Comparlson of specific fuel consumption for J35
engine with standard tall pipe and with burner C. Altitude,
25,000 feet; burner-inlet velocity, 415 feet per second;
turbine-outlet temperature, 1600° R.
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Figure 19, - Comparison of specific fuel consumption for J47
engine with standard tail pipe and with burner D. Altitude,
25,000 feet; burner-inlet veloclty, 465 feet per second;
turbine-outlet temperature, 1675° R.
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 COOLING OF TATL-PIPE BURNERS

By William K. Koffel.
and Newell D. Sanders

: - Lewis Flight Propulsion Laboratory.

INTRODUCTION

Combustion temperatures of 3000° to 4000° R reached in tail-
pipe burners make cooling necessary to prevent destruction of the
burner shell and to avoid overheating the surrounding aircrafb
structure. The high-temperature alloys currently used in tail-pine-
burner construction have maximum allowable temperatures of about
2000° to 2200° R and airplene structures of aluminmum alloys are
limited to temperatures of about 6600 to 7600 R by strength consider-
ations.

This paper prescnts some preliminary results of an znalytical
and experimental investigation of several methods for tail-pipe-
burner cooling in progress at the NACA Lewis laboratory. A general
method for computing the maximum wall temperature of cooling systems
utilizing annular cooling passages is also given and applied to a
system in which some of the turbine-outlet gas ie used as the cooling
flunid.

- MZTHODS OF COOLING -

Tail-pipe burner .cooled by stratification of combustion. -
The simplest means of. tail-pipe-burner cooling ig by stratification
of combusticn in order to preserve a relatively cool layer of gas
between the hot combustion zone and the burner shell. This stratifi-
cation can be accomplished with.an ammular-type flame holder having
redial clezrance Ifrom the shell sufficient to prevent impingement
of the turbulent wake of burning gases on the shell.,  Cooling by
stratification is present in varying degrees in all tail-pipe
burners. Figure.l illustrates the cooling of ‘a thin shell com-
bustlon cherber by a combination of internal stratification and
external convection and radiation to the free stream.

An experimental tall—b¢ne burner utlllzlng stratification
plus external cooling by free convection and radiation to the
surroundings was tried on a J35 engine-in a sea-level static

MJ.
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test stand., The cylindrical shell of the experimental burner, which
iy censtructed of f%-inch—*hick Inconel, has an internal diameter of
25; inches. The annular flame holder used in this burner has a semi-

=
circular cross section 2 inches wide at the downstream side and a

nean dicmeter of 16 inches, leaving 3% inches of radial clearance to
the chell. (See fig. 2 of second paper in this series.) The com-
bustion zone extended 72 inches dovmstream of the flsme holder to
the exhaust-nozzle outlet; however, measurements of shell tempera-
tures 48 ond 72 inches downstream of the flame holder were nearly
equal and were the highest shell temperatures mezaured.

Temperature of the shell measured 48 inches downstream from
the flame holder and the average temperature of the turbine-outlet
ges are shown in figure 2 as a function of the final combustion temper-
ature. These data were obtained at rated engine speed and an average
nass velocity of 18.8 rpounds per second per square foot of burner
flov area. The turbine-outlet temperature increased as the combustion
temperature increased to 30000 R. t higher combustion temperatures,
the turbine-outlet temperature was held at about 1715° R by increasing
the flow area of the variable-area exhaust nozzle. The shell temper-
ature rfollowed the same trend as the turbine-outlet gases and the
hichest shell temperature meccured was about 16500 R at a final com-
bustion temperatire of 35C0° R. ' ! Wk 2 e

The same tail-pipe burner with a modified diffuser was oper-
ated on a J34 engine in the altitude wind tunnel wvhere external
cooling by free convection and radiation was approximately the same
as in the static test-stand installation. The downstrecam end of
the shell was stieaked with hot spots, which may have resulted .
from the lover velocity in the tail pipe for the smaller engine,
and consequently ‘the lower velocity gave sufficient time for the
flame to reach thé shell. '

Visual observations of the scme tail-pipe burner and original
diffuser on another J35 engine In the altitude wind tunnel Indicated
that cooling wds less eflcctive, combustion efficiency was lover,
and operaticnal characteristics were poorcr at altitude than at
sea-level static conditions. The combustion efficiency and: opera~
tional characteristics at altitude were improved by replacing the
original annular flame holder with a two-ring V-gutter flame holder
having a radial clearance of 4-1/16 inches and located 14 inches
upstream of the position of the amnular flame holder. The nozzle
end of the tail-pipe dburner was severely overheated and burned,
indicating inadequate stratification.



These experiences illustrate that the stratification method
of cooling is adversely alffected by the requircments for service at
hizh altitudes. The nced for greater burner length, low velccitles,
ond difTerent flame-holder design for the high-altitude condition
increases the difficulty of maintaining the cool layer of gas next
to the shell for operation at low altitude.

Toeil-pipe burner cooled by liguide. - Another method of cooling
is showm in Tigwre 5 in waich a helical coolﬂng coil encircles the
burner shell. The use of fuel ag a coolant was .tried 'in several exper-
imental teil-pipe burners and ram-Jjet burners.. Although preheating
and vaporizing the fuel asg it passed through the cooling coil improved
combustion efficiency, the quantity of fiel required for combustion
vas insufficicent to hold the shell temperature at values where fuel
cracking and coking do not occur. ' Fuel cooling wag also subject to
“vapor lock and to consequent hot spots that, together with the high-
tomperature grodients in the chell between coils, caused buckling
and rupturc of welds '

- The use of coolants other than fuel is more or less precluded
by the necegsity for the addition of pleblng, yumps, and a heat
exchanger. -

Teil-pipe burner cooled by turbine gases. - Another method

of cooling conveys a vortion or tho high-pressure gases from the
turbine outlet through en annular passage formed betwsen an internal
liner and the shell to insure a layer of relatively cool gascs next
to the shell (fig. 4). The internal liner agsumes a temperature
between the cooling gas temperaturc and the combustion-gas tempera-
turc. Although the liner may be hotter than a shell coolcd by
stratification of combustion, low stresses make high tempcrature
in the liner less scrious than high temperatures in the stressed
chell. The advantages of this system are the built-in supply of
. high-preccure cooling gases that provide cooling under take-off
“conditions and . the greater freedom in' selectlng flame holders for
improved performance at high alfitudes. One disadvantage is the

smn 1l difference between the allouable temperature of the liner and
the tomperature of the cooling gases. This emall difference limits
the length of liner that may be adequately cooled.

IAn uvninsulated teil-pipe burner with internal liner was used
extonsively in the investigations reported in the second and third
rapners of this seriez. A ew of the upstream end of an experimental
burner with an internnl liner is shown in figure 5. This burner
has a diameter of 32 inchee and a length of 4 Feet plus an exhaust
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nozzle. The lincr ig 0.040-inch-thiclk Inconel and forms an annular

possane z-Inch high. Many schemes for supporting the liner were

DOt

tried. The interlocking channels shown in figure 5 proved most
succeegsiul in permitting freedom for theoymol expansion and in
supporting the liner against the prescure difference across it.
Ldeguate cooling was provided over a wide range of operating condi-
tions. More than 20 hours of operation with tail-pipe burning have
been accurmleated on one liner of this type with only minor distor-
tions.

A tail-pipe burner similar to the one shﬁyn in figure 5 but
having a shell diemeter of 29 inches, a liner yg-inch thick, and a
twvo-ring V-gutter flamc helder with a radizl clearanceo of 52 inches
was tested on a J35 engines . Temperatures of the liner, the cooling
gos, and the chell measured 48 inches dovmstream of the flamc holder
are plotted against mass velocity in figure 6. 'The data were obtaincd
at approximately rated turbine speed for an average mass ratio .of
cooling gas to combustion gas of 0.066 and an average final combustion
temmerature of 2860° R. The mass veloclty was varied by changing the
altitude and flight Mach numbor. At a mass velocity of 15.5 vhich
corresponds to an altitude of 5000 feet and a flight Mach number of
0.27, the temperature of the liner and the shell were 2120° and
1430° R, respectively. This shell tomperature is 160° colder and
the lincr temperature is 530° hotter than the shell temperaturc of
1590° R (fig: 2), corresponding to a final combustion tomperature
of 2860° R and a mass velocity of 18.8, vhich vas obtaincd in sca-
level static tests of the -thin shell cooled by stratification of the
combustion gases,

As eltitude incroased, the temperatures (£ig. 6) of the lincr
and the chell deccreasced until an altitude of about 25,000 fect was
rcached. Between altitudes of 25,000 and 45,000 feet, the tompera-
turcs wore approximately constant with a liner tcmperature of 1730° R
and a shell temperature of 1250° R. '

Taill-nipe burner cooled by air. - Another mothod for btail-
pipe ceoling wtilizes an-external cooling passage through vhich
atmogphoric air flows. One possible arrangement. of such a system
is shovm in figurc 7. Boundary-layer air enters flush-type inlets
and flows through an annular poscage formed by a shrouvd enclosing
the shell. Air might also be rammed from the free stream. Neilther
of these conligurations cool under static conditions; however, an
ojector can be used at the exit to pump cooling air under static
conditions. '
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An experimental tail-pipe burner (fig. 1 of the third paper

in this sories) having a shrovded passage about 1 inch in height,
a burner ¢endth of about 40 inches, -and a two-ring semicircular
gutter-type flame holder was oporated on a J%4 engine at simulated
altitedes cf :OUO to 30,000 fecet and Mach numbers of ©.22 to 1.0.
The moximum shell tcmporz..'curou necasured about 12 inches upstream

of #he cxhaust-nozzle outlet ranged from 1410° to 163C° R over o
range of tail-pipe fuel-sir ratios from 0.05 to 0.04 with the highest
temperature occurring at the kign flight Mach numbers. The tempera-
ture of the turbinc-outlet gescs was epproximately constant at
1580° R. Cooling air without rom pressure was pumped throuzh the
ccoling shroud by the ejector action of the exhaust goses, but no
neasurements were mode of the mass flow of cooling air or the pres-
sure drop across the annvler cooling passage.

“One obstacle in applying the external shroud is the difficulty
of obtaining an unobstructed passage enclosing the shell boceuse
oif flanges, nozzle actuators, and burncr supports.

Tail-pipe burncr cooled by turbine gascs end by alr. -
Beeausc tne shell temperatiwes of the internel iincr are too high
Tor the adjacent aircraft gtructurce, the combination of internal
"liner and cxtornal shroud (fig. 8) appears very practicable. In
event of demage to the llner, the double ammlur passage may be
safer than thé ineulated shell with internal liner. It is difficult,
however, to decvign unobstructed internsl and external passages.

Both analytical and oxnorimonta"VOMP is being continued
torard the solution of problems conpcctod with the methods of cooling
that have been discus sod

MSTHOD OF COMPUTTNG TrMPILRATURES

A movhod of computing the moximum temperaturc of the well
soparating an annular cooling passage from the burner combustion
ZENE 1 pr nontbd.(roforonce 1). 'The mothod is @ppllcablo to con-
figurations using turbinc-outlet gases with an intermal lincr for
gosling, (Figs 4) or to cnnflguratlonu using atmospheric air with
an oxternal shroud (fig. 7).

The temperature ot any peint on tho wal¢ can be cflﬁula“ﬂd
by & simplec heat balance if the oonvoctﬂvo and radiant hecat-
transfor coefficients on both sides of the wall arc lmown ond if
v1e effective. combustion-gas and coollng»uir temperatures adjacent
to the point are knewm. The first step in the analysis is thercfore
the ce tvmatlon of thesc coefficients and temporatures.
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In the cooling-alr passage, the convective heat-transfer
coefTicients can be estimatod from the usual heat-transfer formulas
ap~licelle to flovw in long nassages. The magnitude of radiation
can be found from formulas for radiation betveen two infinite
¢crlinders. : -

The selection of convective heat-transfer coefficients betwesn
combuction gases and the wall is difficult because of large unknowm
velccity and temperature gradients and because of the unknown effects
resulting from turbulence introduced by the flame holder-and turbine.
Tor the purnose of analysis, heat-troansfer coefficients eqgual to those
obtained with fully developed turbulent flow in long pipes have been
used.

Radiation between combustion fases and the wall is also diffi-
cult to estimate because radiation from luminous flames may be ten
times greater than radiation from nonluminous gases and because of

he unlmown degree of luminocity of the flames. Under certain oper-
ating conditions, the combustion in some types of tail-pipe dburner
is practically nonluminous, wlhereas other burners or other flight
conditions give luminous flames. For the purpoce of thie analysis,
the radiant heat-transfer coefficlents were assumed to be double the
coefficients for nonluminous gases. ' '

In addition to the heat-trancfer coeflicients, the temperature
ol the combustion gases must be known. The experimental temperature
proriles have not been measured and instrumentation for their direct
measurerient is troublesome and uncertain. The longitudinal distri-
buticn of the bulk temnereoture can be determined from the static-
nrescure measurements along the burner and the usual one-dimensional
relations for momentum pressure loss. The varietion of bulk com-
bustion temperature rise with burner length for two length-dicmeter
ratios is shown in figure 8. These data were obtained from static-
prescure measurements on a ram-jet burner having a diameter of
20 inches. The rate of temperature rise is rapid in the first half
of the burner and decreases as combustion nears completion. Trial
calculations, made by the method being presented, of the maximum
rall temperature using the temperature distribution of Tigure 9
nd 2 linear rise in combustion temperature indicated small dif-
ferences in the meximum well temperature. In the remainder of the
anzlysis, the bulk temperature was assumed to rise linearly with
combustion-chember length.

et

4 0

The cooling-air temperature is a function of the initial gas
temerature and the galn in temperature vhile traveling through the
cooling nassage. This gain in temperature is unknown and must be

£ .
Pivancg.,
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calculated by integrating the heat tronsfer from the combustion

cases to the cooling eilr along the length of the passage. The dil-
Terontial equation relating cooling-air temperature rise to the
independent variables cannot be integrated to obtain en slgbraic
ecuation because the heat-trensfer coefficients vary with tempera-
ture along the length of the burner. Consecuently, numerical methods
mst be anxplied.. One numerical method is described in the next
gection of this paper.

Trocedure end assumptions. - The initial procedure is to solve
heat balances across the dividing wall step-by-step along the length
of the burner and cooling passage until the maximum temperatures of
the wall and of the cooling air are obtained. A recapitulation of
agssumptions previously given and statements of additional assumptions
ERE S

1. The convective heat-trensfer coefficient corresnonds to
ully developed turbulent flow in a long pipe.

2. The radient heat-transfer coefficient between the combustion
gas and the liner is twice the radiant heat-transfer coelficient Tor
nonluminous gases besed on complete conbustion of & stoichiometric
mixture of kerosene (CqoHog) ond air. (On the basis of assumptions
1l and 2, the convective and radiant heat-transfer coefficients are
found to be amproximately equal at the outlet.)

3. The bulk total temperature of the combustion gases increases
linearly with buwrner lengti. :

4, No heat flows through the outside wall of the annular nassage,
and the tcmpercture of the outside wall ecuals the local temmerature
of the cooling ges in the passage. (This assumption is conservative
and 1s equivalent to the insulated configuration of fig. 4.)

The step-by-step process 1s used in a systemavic study of
the efTects on the maximum temperature of the dividing wall of the
8 independent variables: passage height b, nassage length U,
‘burner dismeter D, mass velocity of combustion gas e V., ratio

. . . : . b b -
of masas velocity of cooling air to mass velocity of combustion gas

RN
a'a A : . ;
5 final combustion-gas teumperature Tﬁ)z, inlet combustion-
<
Py

£ 8 5 :
gas temnerature T and inlet cooling-air temperature T_ 1"
: )

8,1’



“Qp}ygggg;gggg§ﬁon for cooling-air temperature. - Because of
he lor. ¢ number of variables, many step-by-step solutions would be
voequired to cover all possible combinations. The labor of calculations
could be greatly reduced if an equation relating cooling-gas temper-
ature to the indenendent variables could be Tound. It was stated
earlicr that direct derivaeticn of such an equation is not pessible
becaure the differential cguation for cooling-air temperature cannot
be smolved except by numerical methods. An alternate approach is to
select an approximnte empirical equation that fits the results of
a2 number of stev-by-step solutions. The development of such an
approximate equation generalizing the recults of the utop~b3 step
procezs is discussed in succceding paragraphs.

The symbols ueed in thig analysis arc:
«. (7

b height of cooling passage, Tt

Cp : sjocific heat ot constant prossure, Btu/(1b)(CR)

D diametor, Tt

I heat-transfer coefficient, Btu/(hr) (sq £1)(°R)

X constant

I length, Tt

,Nn,P,q,r . cxponents

) total-temporéture, R

By . wall temperature, OR

U effective over-all heat-transfer coefficient,
Btu/(hr)(sq £t)(OR)

v velocity, ft/sec -

o density, 1b/cu 7't

Subgcripts:

a cooling air or gas

(7]

combustion gasg

VRS
L rj/ 1
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The Torm of the empirical equaticn should be similar to the
exact equation for the systems showvn in figures 4 and 7 with the
simnlifying assvmption that the over-all heat-transfer coefficient
U is constant and tho gas propérties are congtent. With the use
of this simplifyng asswmmtion, .a solution of the differential equa-
tion ig obtained, which shows that the performence of a narallel-
Tlow heat exchanger can be cxprensed in terms of Three dimensionless

retios:

\

_{:,'l.- I l Y Da\/acp,a. (l)

=

wher T indicates a functional relation. This Ffunction is not
given here hecause ot its compliexity but is plotted in figure 10.

. PV Coy ¢
Dimensicnal analysis showa that the parameter T-—~~*r=i—— is &
function of the Reynolds number of the combustion chamber, the

Reynolds number in the cooling pausage, and, becouse radiation is
imdortant, the temperature of the combustion gas. The resulis of
the dimensional enalysis leads to the empirical eguation

" D
b PgVacp,a .. bl = PaVa \, q T r
1 U = i (pévg) PV } Tg,Z L (2)

- & 8/

Tguantion (2) in combination with figure 10 gives a trial form

of the degired empirical relation. The next step ie to fit the
cumplrical relation to the results of the step-by-step calculations.
This fitting con be accomplished by selecting proper values of the

(=]

constant X, end the five exponents m, n, p, g, and .

The method for seleocting the values of the exponents is
11llustrated by the sgeclection of p. Trom the results of step-by-

step calewlations in which -z~ is varied and all other guantitics

arc held constant, values of are obtained. The value

.
il T a

of Egﬁi;w_iﬁi-- is found from the initial conditions. Figurc 10 is
e P gally .
LI 0



PaValy 4
then vced to find the valuves of” $-~9n%~£49. These values of
b PaVass o 3 PaV
2IZEE ahe then plotted against e logarithmic coor-
2 u P VD
dinates ag chom in figure 11. The data Toll on o straight l¢1e

and the slope of the line is the exponent. p.

IT the trial form of the egquation is correct, the value of
the .exponent D ,uhoqu be 1ndepeﬁdent ‘of the values of ®tae variables.

[VARRG
- o : b PaVac ’
the constency of p  is checked by plothing -~ 222 againgt
3 L, L U g
PaV:
E;V% Tor a wide range of the variables b, 1, Pgsr Ty, eand D.

(SIS
All curves are parallel and consecuently the velue of p is con-
ghant.

A gimilar vrocedure was employed in determining the values of
all the other exponents. Thesc exponents are also independent of
the values of* the variables. Tquation (2) can therefore be rewritten

1.25 .V g0
D N N LR yh.gg9g fTa'a OLOE2 e
7 U L e \ PV Tey (3)

Yguation (3] and figurce 10 give the desired cmpirical relation
between ontlet cooling-air temperature and the independent variables.

Calculation of wall temperature. - The maximum temperature

of thac dividing wall ty can be calculated from the equation

H ZTa 2
o2 F (£)

i

ﬂ+*t,:..

wvhich is derived from a heat balance at the outlet. The local

- . M

coefiicient H“,Z at the outlet I1s the sum of the local convective

and redilant hegt-tran fer coelficients from the combustion gases
to the w21l =nd H ., 1is the cum of the lecal convective and
rodiant heat-trensiéyr coefficients from the shell to the cooling
alr calculated by use of the initial assumptions.

Commarison of calculated and experimental temperatures. - Experi-

mentally dctermined terme 1ot urcs ere compared in Tigure 12 with theo-
reticel temperatures calculoted from equation (3) and figure 10.




Txperimental data in figures 12 and 6 were obtained Trom the same
tail-pine configuration. Bocause the cmpirical equation is for an
insulated burner and the cxperimental burneor was unineulated, the
cutlet cooling-gas teimperature computed from the cquation (3) end
Tigure 10 was reduced by an amount equivalont to the heat losses
through the uninsulated shell. Figurce 12 shows the cooling-gas teom-
verature and the maximum liner temperature plotted ac a function of
Tineld combustion temperaturce.

The theoretical coolinz-gas temporatures arc about 500 to 100° R
L I ) o
higher than the meowsured gos temperatures. The theoretical liner
tenporatures are about 20C0 to 270° R higher than the measured tempor-
aturcg. The annlyeis apresrs to give conservative temperaturcs for
the coocling goe and liner: hovever, the degrec of conzervatism can-

T ] o2 o
not be stated positively Tor other confizurations.

SUNMMARY

Expericnce witlh variocus methods of tall-nipe burner cooling
vere discussed. Scverel appcar promising end oxperimental and ana -
al work is continuing to evelusate which ig best.

A generolized analysis for determining the maxirmm wall temper-
ature of a burner cooled by air or gascs flowving throush a surrounding
annular pagsag g wregentod. Application of this analysis to a
full-scale tail-pipe burner having an internal liner cooled with
turbine-outlct gas anpcared to give censervative resulbds vhen con-
pared with cxworimental temperaturez. The generalized analysis
should prove uscful in correlating experimental data and, in spite
of the approrimations involved, will prove 2 valuable mesns of
comraring several methods of cooling with ennular passagec.

REFERENCE
1. ¥offol, Willian K.: Z4n onalytical Method for Determining the

Meximmm Shell Temperature of a Combustion Chamber Having a
Shrouvded Cooling Paszage. MNACA BM (to be pub.).
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FPigure 1. - Shell cooled internally by stratification of com-
bustion and externally by convection and radiation to free
stream.
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Figure 2. - Variation of maximum shell temperature and turbine-
outlet gas temperature with final combustion temperature.
Sea-level static tests of tail-pipe burning on J35 engine.
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Figure 3. - Tail-pipe burner cooled by liquids.
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Figure 6. - Variation of temperatures at burner outlet with

mass velocity of combustion gas.
investigation of tail-pipe burning on J35 engine,
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Figure 7. - Tail-pipe burner cooled by air flowing through an
eXternal shroud.
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Figure 8. - Tail-pipe burner cooled by air flowing through
external shroud and by turbine-outlet gas flowing through
internal liner.
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Flzure 9. - Variation of combustion-pas bulk total temperature
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ANALYSIS OF WATER-INJECTION METHODS
OF TERUST AUCGMENTATION
By E. Clinton Wilcox

Lewis Flight Propulsion Laboratory

INTRODUCTION

One of the simplest methods of augmenting the thrust of a
turbojet engine is the injection of a volatile:liquid into the
compressor inlet. ZEvagoration of this liquid extracts heat from
the inlet air, and it i1s theoretically possible to cool the inlet
air to the saturation temperature of the final mixture before it
enters the engine compressor. When liquid in excess of that required
to saturate the inlet air is injected at the compressor inlet, further
cooling is obtained by additional evaporation during the mechanical
compression process. The temperature of the fluid is therefore
reduced and for a constant work input per unit of air-liquid mixture
corresponding to a constant compressor speed, a higher compressor
pressure ratio is obtained. This increaséd pressure ratio is
reflected throughout the engine, and the engine mass flow and the
exhaust-jet velocity are increased, both factors increasing the
thrust produced by the engine. s

Altering a turbojet engine for thrust augmentation by the water-
injection method makes it necessary to provide an injection system
at the compressor inlet, additional tanks, and, if maximum gains in
thrust are to be realized, a variable-area exhaust nozzle. Thrust
augmentaticn by injecting a volatile liquid at the compressor inlet
is a method that can be readily apvlied to any engine already in use
and has the advantage of not introducing any thrust loss when the
avgmentation scheme is inoperative.

Experimental investigations of the effect of the injection of
water and water-alcohol mixtures on the performance of several
different turbojet engines are presented in references 1 to 3 and
are discussed in the next paper of this series. Water, because of
its favorable thermodynamic properties, widespread availability, and
ease of handling, is a desirable substance for inlet injection with
the addition of ‘alcohol for the prevention of freezing during low-
teuperature operation. ‘ )

Anpﬁher method for utiiizing water injection to provide. thrust
augmentation is injection in the engine combustion chambers.
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Injecting water in the engine combustion chambers tends to decrease
the air flow through the compressor because the total flow through
the engine is fixed for a given turbine-inlet temperature and pres-
sure. Fcr a constant compressor work input per pound of air, less
turbine work is required because of the decreased compressor air flow,
and this decrease results in a decreased pressure ratio across the
turbine. The decreased pressure ratio across the turbine increases
the pressure ratio across the exhaust nozzle and provides a greater
Jjet velocity and hence greater thrust. Depending on the character-
istics of the particular compressor under consideration, the decreased
air flow may result in an increased engine pressure ratio. The change
in thermodynamic properties cf the working fluid due to the addition
of water also tends to increase thc engine thrust to some extent.

In the present paper, the results of a theoretical investigation
of the effect on turbojet-engine performance of the injection of water
at the compressor inlet of the engine are presented. Compressor-inlet
injection is considered in two parts: (1) the case where sufficient
water is injected to saturate the compressor-inlet air and (2) the
cass where sufficient water is injected at the compressor inlet to
saturate the air at some point during the mechanical compression
process. '

The performance of a turbojet engins utilizing combustion-chamber
injection is also considered and compared with the performance of
compressor-inlet and -outlet saturation. For the present analysis
the change in compressor pressure ratio resulting from change in air
flow was not considered for the case of augmentation by injection of
water into the combustion chamber.

RESULTS AND DISCUSSION
Saturation at Compressor Inlet

In order to determine the thrust augmentation resulting from
compressor-inlet saturation, it is necessary to calculate saturation
temperaturesg resulting from various initial temperatures, pressures,
and water ccntents. A psychrometric chart was therefore developed
to enable calculation of these saturation temperatures., A simplified
version of this chart ié,presented in figure 1. ZEnthalpy in Btu per
pound of air is plotted against temperature in degrees Fahrenheit
for various values of the ratio of relative humidity to &, where 5
ig the ratio < static pressure at the point of interest to standard
sea-level static pressure. From theoretical considerations it was
found that the introduction of the factor o 1in this manner would
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generalize the values of relative humidity appearing on the familiar
psychirometric chart for any pressure. Lines of constant water-air
ratio are also included. Inasmuch as the temperatures encountered
at the compressor inlet of a turbojet engine at high flight Mach
numbers are congiderably higher than those appearing on the usual
-psyohrometrlc'ohar _which are generally limited to about 120° F

‘the temperature range covered by the present chart has been extended
to 700° F by mezns of the thermodynamic data for a1r and water
contalned in referenoes 4 and 5. :

In order to 1llustrate the use of th1s chart the follow1ng
eXample is presented ~ Alr at an initial temverature of 600° F with
" a pressure of twicé standard sea-level static pressure and with an
initial water content corrssponding to a water-alr ratio of 0.005
1s assumed. Saturation always occurs, by definition, at a value of
relative humidity of 100 percent and the ratio of relative humidity
divided by © at saturation for these particular conditions is
therefore 0.5. Enter figure 1 at the original temperature, for this
cage 600° F, follow this temperature line to the water-air-ratio line
representing thé original water-air ratio of 0.005, go across a
constant-enthalpy line to the value of relative humidity divided by
for saturation, which is 0.5. This value determines the saturation
temperature, which for this example is 156° F. Thus, for this
particular example, the air can be cooled 444° F by saturation.

The amount of water that must be evaporated to saturate the air
can also be determined directly from the chart. For the saturated
condition (fig. 1), the water-air ratio is 0.105 and for the initial
condition, 0.005. In order to saturate the air, the difference or
0.100 pound of water per pound of alr must therefore he evaporated
o th1s particular example.

For a given pressure, the ratio of relative humidity to & for
saturation remains constant, and as can be seen from figure 1 these
curves of constant ratio of relative humidity to ©, over a wide
range 1n the vicinity of 1, are approximately vertical, indicating
a constant saturation temperature Therefore as the startlng tem-
perature 1s increased, the amount of cooling posslble increases.

Inoreasing the pressure decreases the ratio of relative humidity
to 8 for saturation. From figure 1 it can be seen that decreasing
the value of relative humidity divided by © results in an increased
saturation teuperature; thus, for a glven initial temperature
increasing the pressure reduoes gomewhat the cooling possible from
saturation.

In figure 2 the effect of. flight conditions on the amount of
cooling that can be obtained by saturating the compressor-inlet alr
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to a turbojet engine is presented. The dafa shown in this figure

are for an inlet-diffuser efficiency of 0.80 and an atmospheric
relative humidity of 50 percent. Compressor-inlet stagnation pres-
sure and temperature are shown as functionsg of flight Mach number
for altitudes of sea level and 35,000 feet. Alsc shown as dashed
lines are the temperatures resulting after constant-pressure satura-
tion. The water-alr ratios necessary to produce saturation are shown
in the uppermost curves. As the flight Mach number is increased,

the amount of cooling possible increases as indicated by the increasing
difference between the solid and dashed curves. For sea-level alti-
tude the cooling possible increases from 10° at a Mach number of O

to 155° at a Mach number of 1.5. The increased cooling at the higher
Mach numbers -1s a result of the increased temperature prior to
saturation; the increased pressure encountered at the higher Mach
numbers would tend to decreage the cooling possible as was pointed
out in the discussion of figure 1. The cooling obtained for a given
Mach number at an altitude of 35,000 feet is less than that obtained
at sea level because of the decreased temperatures at high altitude.
The water-alr ratio required to produce saturation increases as the
Mach number increases and decreases with increased altitude.

With the use of data presented in figure 1, the thrust
augmentation resulting from compressor-inlet saturation was determined
for a representative turbojet engine. The following values for
efficiencies and design,constants wers assumed: coupressor
efficiency, -0.80; turbine efficiency, ©0.85; exhaust-nozzle effi-
ciency, 0.951 inlet-diffuser efficiencies of 1.00, 0.85, 0.80,
and 0.75 for flight Mach numbers of O, 1.0, 1.5, and 2.0, respectively;
a loss in total pressure in the engine combustion chambers of 3 per-
cent of the combustion-chamber-irilet total pressure; and a tail-pipe
gas temperature of 1650° R. The compressor was assumed to have a
sea-level gtatic-pressure ratio of 4.32; at other flight conditions
the pressure ratio was varied to meet the conditions of constant work
input (constant rotative speed).

These assumed design variables were maintained constant for all
conditions except where it was desired to show the effect of inlet-
diffuser efficiency and compressor pressure ratio. For these cases
the inlet-diffuser efficiency and compressor pressure ratio were
varied systematically.

In figure 3 the ratio of augmented to normal thrust is shown
as a function of flight Mach number for inlet-diffuser efficiencies
of 0.80, 0.80, and 1.00 and for altitudes of sea level and
35,000 feet. The relative humidity of the ambient air is assumed
to be 50 percent. For each point on the curve sufficlent water has
been injected in the compressor inlet to saturate the air. The ratio
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. of augmented to normal thrust increases rapidly with increased Mach
_number. For sea-level altitude and an inlet-diffuser efficiency

of 0.80, the ratio of-augmented to normal thrust incrcases from 1.03
at a flight Mach number of O to 2.18 at a flight Mach number of 2.0.
At a flight Mach number of 2.0, the ratic of augmented to normal
thrust is decreased to 1.48 with increase in altitude to 25,000 feet.
This decrease- in thrust augmentation is due to the lower temperatures
associated with high-altitude operation. For a given flight Mach
number, the ratio of augmented to normal thrust increases as the
inlet-diffuser efficiency decreases.. This effect occurs because

of the Increased cooling possible at the decreased pressure attending
lower diffuser efficiency. Although the ratio of augmented to normal
thrust is increased, a low inlet-diffuser efficiency s not a virtue
since it reduces the entire performance level of the engine.

The .cooling possible from inlet saturation and hence the
augmentation is influenced by atmospheric relative humidity. In
figure 4, the ratio of augmented to normal thrust is shown as a
functicn of flight Mach number for atmospheric relative humidities
of 0, 50, and 100 percent. These curves are for sea-level altitude
and an inlet-diffuser efficiency of 0.80. For each point on the
curves sufficient water has been injected to saturate the compressor-
inlet air. The relative humidity of the atmosphere has a comparatively
glight effect on the ratio of augmented to normal thrust, with the
maximvm change in performance occurring at low Mach numbers and the
effect decreasing as the Mach number is increased.

Saturation at Some Point during Mechanical Compression

The previous discussion has been concerned with cases where
only sufficient water to satufate the compressor-inlet air has been
injected; the problem where sufficient. water is injected to saturate
the air at some point during the mechanical compression process is
now considered. In order to calculate compressor performance when
water is evaporating during the compression process, a Mollier
diagram was prepared specifically for this application. A simplified
verslon of this diagram is presented in figure S.

Every point on the diagram pertains to a saturated mixture of
air and water wvapor and was determined from the thermodynamic
properties of air and water contained in references 4 and 5. Enthalpy
in Btu per pound of air is shown as a function of entropy in Btu per
pound of air per degree Rankine for various temperatures much as in
the familiar Mollier diagram for steam. Constant-pressure lines
appear as approximately straight lines having a positive slope and
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lines of constant water-air ratio appecar as negatively sloping straight
lines. The zero of enthalpy and entropy heve been arbitrarily chosen
at a temperature of 59° F and a pressure of 14.7 pounds per square
Ineh,

In order to utilize this chart to calculate compressor perform-
ance it 1s necegsary to know the actual and isentropic works of
compression.  The actual work can be found as the product of the
Compressor tip speed squared and the compressor slip factor, and the
isentropic work can be calculated as the product of the actual work
of compression and the compressor efficiency.

The following cxample ig prescnted to illustrate the use of
this chart: Initially saturated air at a temperature of 59° F having
a pressure of 14.7 pounds per square inch is assumed. It is further
assumed that sufficient water is injected to saturate the air at the
compressor outlet and that the compressor has an efficiency of 0.80
and imparts a work of 80 Btu per pound of air passing through it.
This actual work and compressor efficiency correspond to an
igentropic work input of 64 Btu per pound of air. Enter the chart
at a temperature of 59° F and a pressure of 14.7 pounds per sgquare
inch as indicated by point 1 on figure 5. Increase the enthalpy at
constant entropy by an amount.egual to the ideal work of compression,
for this particular example 64 Btu per pound of air as indicated
by point 2 (fig. 5). The pressure at point 2 is the actual pressure
at the compressor outlet.. Follow along the constant-pressure line
(point 2 to poing 3) until the enthalpy is equal to the enthalpy
at point 1 plus the actual cowpressor work, for this case 80 Btu
per pound of air as dindicated by point 3. The conditions at point 3
represent the actual conditions at the compressor outlet and for the
present example the” temperature is 170° I and the pressure 70 pounds
per square inch. Thé value of water-air ratio can also be read from
the chart, and for this example is C.058. The water-air ratio at
the compressor-inlet conditions is 0.011 so that for the present
example the difference or 0.047 pound of water per pound of air are
evaporated in passing through the compressor.

The chart only applied for saturated mixtures and if there is
insufficient water to saturate the air at the compressor outlet, the
compressor performance is calculated by assuming the process to
consist of the following two steps:

1. Compression‘as previously described to the point where satura-
tion occurs RS

2. Adiasbatic dompression:of a gas mixture consisting of air and
water vapor, which can be calculated using familiar thermodynamic

relations



In order to illustrate a case of this type, the compressor
Jrev1ously descrlbed was again assumed: a compressor eff1c1ency of

.0.80, and an actual comnressor work input of 80 Btu per pound of

air pass1ng through it. For this case it is assumed that water is
evaporatlng only during cne-half of the actual compressor .work 1nput
The preasure and temperature after all the water is evaporated can
be determined from the Mollier diagram (fig. S) as previously
‘described but uslng 40 and 32 instead of 80 and 64 Btu per pound of
air for the actual and isentropic work 1npuu respectlvely For this
case, the’ pressure is 33.5 pounds per., square inch and the tempera—
ture 18 120° F. The’ rema*nlné work input of 40 Btu per pound of air
ig done on a mixture of air and water vapor.. The temperature rise
for this part of ths process’ can Do determlned from. the specific

heat of the mixture and the remaining worh input. For the remaining
compression process the ‘temperature rise is calculated to be 161° F.
‘The temperature after compression is’ the sum of the temperature after
the initial SUage and the temperature rise during the second stage

or 281° F.- From4the COmpressor e flClenCJ, The preesure after the
first stage, the temperatures before and after the second stage of
compression, and the ratio of specific heats for the air-water
mixture, the final pressure can be found. For this particular
‘exainple the compressor-outlst pressure is found to be 68 pounds per
square inch.

CIf it is desired to calcéulate the compressor performance fiow o
given water-air ratlo the procedure is similar to that previously
"described except a trlal and - -error solution is involved.

To date it has been 1mposs1ble to obtain close agreement
between theorstical and experlmental results for saturation at some
point during the mechanical compression process because the effect
of water injection on the performance of each comnonent particularly
the compressor of the turbojet engine, is not understood Also it
is not known to what extent the actual processJ both before and
durlng the compression process, follows the thermodymamic equilibrium
for air and water. Correction factors must therefore be introduced
to reconcile theoretical and experimental data Thege correction
factors seem to vary with different engines and because of the
limited amount of data available no general corrections are
recommended at the preSent time.

For the investigation of the thrust augmentation resulting
when water evaporates during the compression process, the Mollier
dlagraml(flg 5) was used to calculate compressor performance for
the turbojet engine having the assumed design characteristics
previously glvcn ~In calculating tle followlng results, the compressor
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efficiency was altered with varying water-air ratio to bring agree-
ment between calculated sea-level static performance and experimental
sea-level static performance for one particular engine. These values
of compressor efficiency were then used in calculating performance

at other flight conditions.

In figure 6 the ratio of augmented to normal thrust is shown as
a function of water-air ratio for sea-level Mach numbers of 0, 0.85,
and 1.50, and for Mach numbers of 0.85 and 1.50 at an altitude
of 35,000 feet. The ratio of augmented to normal thrust increases
as the water-air ratio and the flight Mach number are increased and
decreases as the altitude is increased. The condition of compressor-
outlet saturation is indicated by the circles, and the condition of
compressor-inlet saturation is indicated by the crosses (fig. 6).
At sea level and a flight Mach number of 1.50, the ratio of augmented
to normal thrust is 1.56 for compressor-inlet saturation and 2.01 for
compressor-outlet saturation. At sea level and a flight Mach number
of 0, the ratio of augmented to normal thrust for compressor-outlet
saturation decreases to 1.33. For a flight Mach number of 1.5,
increasing the altitude from sea level to 35,000 feet decreases the
ratio of augmented to normal thrust for compressor-outlet saturation
from 201 tol 163k

The effect of atmospheric temperature and relative humidity on
thrust augmentation resulting from compréssor-outlet saturation are
shown in figure 7. The ratio of augmented to normal thrust is shown
as a function of atmospheric temperature for values of atmospheric
relative humidity of O and 100 percent. The curves presented are for
sea level and for flight Mach numbers of O and 0.85, and for each
point on the curves sufficient water has been injected to saturate
the compressor-outlet air. .The augmentation for an atmospheric
relative humidity of .0 percent is always greater than that for an
atmospheric relative humidity of 100 percent. For a rslative
hunidity of 'O percent, the augmentation increases as the atmospheric
temperature increases; whereas for an atmospheric relative humidity
of 100 percent, the thrust augmentation is approximately constant
for a Mach number of zero, and for a flight Mach number of 0.85
augmentation increases slightly and then decreases as the atmospheric
temperature increases. The conditions of 100-percent atmospheric
relative humidity and high atmospheric temperatures are not ones
that would usually be encountered under actual atmospheric conditions.

The effect of normal engine compressor pressure ratio on thrust
augmentation is shown in figure 8 at sea level and zero flight Mach
number. In this particular figure, the turbine-inlet temperature
rather than the turbine-outlet temperaturc has been maintained constant



because if the turbine-outlet temperature were maintained constant,
the turbine-inlet temperature at the higher compressor pressure
ratios would have been considerably higher than current turbine
materials allow. For each point on the curve sufficient water has
been injected to saturate the compressor-outlet air. It can be seen
that the thrust augmentation increases approximately linearly with

" incrsased compressor pressurs ratio. An augmented thrust of 1.31
times the normal thrust 1s obtained for a compressor pressure ratio
of 4, and thils ratio increases to 1.7 at a compressor pressure

ratio of '10. .

‘Algo shown 1in figure 8 i1s the ratio of total liquid (water plus
fiiel) to normal fuel as a function of normal compressor pressure
‘ratio. This ratic also increases as the compressor pressure ratio
is increased and thus the higher thrust augmentation obtained at
the higher compressor pressure ratios are obtained at the expanse of
increased ratio of total liquid to normal fuel. The increased liquid
consumptions at the high compressor pressure ratios are a result of
the high water-air ratios required to saturate the air.

- .Injection 1n Engine Combustion Chambers

For the augmentation method consisting of water injection in

* the engdine combustion chambers, performance was calculated for the
same turbojet engine as previously described and is shown in fig-
ure 9. The ratio of augmented to normal thrust and the ratio of
total liquid to normal fuel are shown as functions of sea-level Mach
nunmber for water-air ratios of 0.08 and 0.2. Both the ratio of
“augmented to normal thrust and the ratio of total liquid to normal
fuel increase as the flight Mach number and the water-air ratio are
increased. For a water-air ratio of 0.20, increasing the flight
Mach number from O to 2.0 increases the ratio of augmented to

normal thrust from 1.18 to 2.25. The ratio of total liquid to normal
fuel increases from about 1l at a Mach number of O to 15 at a flight
Mach number of 2.0. .

Compariéoﬁ of Water-Injection Methods

In figuré 10 the ratio of augmented to normal thrust and the
ratio of total liquid (water plus fuel) to normal fuel as functions
of flight Mach number for compressor-inlet and compressor-outlet
gaturation are superimposed on the curves of figure 9 to obtain a
comparison. Compressor-outlet saturation provides the greatest thrust
increase at all flight Mach numbers. At & Mach number of O, compressor-
outlet saturation provides a ratio of augmented to normal thrust twice



that produced by combustion-chamber injection for a water-air ratio
of 0.20. At a Mach number of 2.0, the ratio of augmented to normal
thrust produced by outlet saturation is approximately 35 percent
greater than that for combustion-chamber injection.:‘For all flight
Mach numbers, the ratio of total liquid to normal fuel for compressor-
outlet saturation is less than or equal to that for combustion-
chamber injection (water-air ratio 0.20). This difference in ratio
of total liguid to normal fuel decreases as the flight Mach number
increases. The ratio of augmented to normal thrust for compressor-
inlet saturation 1s less than that for combustion-chamber injection
(water-air ratio 0.20) at low Mach numbers and the ratios are
approximately equal ‘at high Mach numbers. For all flight Mach
numbers, the ratio of total liquid to normal fuel for compressor-
inlet saturation is considerably lower than that for combustion-
chamber injection (water-air rétio 0.20).

SUMMARY COF RESULTS

8  The theoretical investigation of water-injection methods for
thrust augmentation has shown that the injection of sufficient water
at the compressor inlet to saturate the compressor-outlet air
provided up to approximately I0-percent increase in thrust for sea-
level static conditions and up to 100-percent increase at sea level
and a Mach number of 1.50. -At gea level and a Mach number of 1.50,
compressor-inlet saturation provided approximately 60-percent
increase in thrust. For all flight Mach numbers, compressor-outlet
saturation provided greater thrust increase than combustion-chamber
injection (water-air ratio 0.20) at equal or lower liquid consump-
tions. Increasing altitude decreages the thrust increase produced
by water injection.
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EXPERIMENTAT, INVESTIGATION OF THRUST AUGMENTATION BY
WATER-ATCCHOL INJECTION

By Bruce T, Lundin

Lewis Flight Propulsion Laboratory

INTRODUCTION

" Experimental investigatione of thrust augmentation by water-

. alcohol injection were first conducted at the NACA Cleveland labor-
atory in 1943 and subsequent Investigations of various applications
of this method of augmentation on different types of burbojet engine
have been continued to the present. The material presented in this
paper congtitutes a brief summary of the salient features of these
experimental investigations, all of which were conducted at zero-
ram, sea-level-pregsure conditions.

RESULTS AND DISCUSSION
Compresscr-Inlet Injection with Centrifugal-Flow-Type Engine

Among the first of these expevimental research programs wasg an
investigation of the injection of water and water-alcohol mixtures
at the compresscr inlets of a centrifugal-flow-type turbojet engine
(references 1 and 2). A schematic diagram of a turbojet engine
equipred for injection at the compressor inlets is shown in figure 1.
In addition to the tanks and numps necesgary for an .alrcraft installa-
~tion, the auvgmentation equipment consists of a water-alcohol mani-
fold connected to several commercial spray nozzles eguelly spaced
eround the circumference of each ccmpressor inlet. The thrust increase
attendant with the injecticn of the water and alcohol is due primarily
to cooling of the inlet air by evapcoration of the injected liquids,
both before reaching the ccompressor and during the compression pro-
cess.  This cooling effect results in an increase iIn compressor pres-
sure ratlio that, in turn, increases the total mass flow through the
engine and the jet velocity, both of which contribute to increaged
englne thrust.

_ Noygg}_alr temperature. - The thrust augmentatlon obualned by

injecticn at tlhie compressor inlets at normal Inlet-air temperatures
with a 4000 -pound-thrust centrifugal-flow-type engine is summarized
in figure 2, in which the ratio of augmented to normal thrust is

plotted against the total liquid consumption for various mixtures

_mmisismm,



of water and alcohol. These data are based on the results of over

10U runs and summarize the performance obtained at maximum rated
engihe egpeed. The engine was equipped with a standard fixed-area
exhaust nczzle and the inlet-air temperatures for these tests ranged
from 45° to 70° F. The total ligquid consumption, used as the abscissa
gcale, includes the fuel flow to the engine combustion chambers and
the flow of injected water and alcohol.

Ooeratloq of the englne with pure- water inJectlon at rates of
total liguid consumﬁtlon over 4 pounds per second was not possible
because the engine fuel system had insufficient capacity-to main-
tain rated engine speed.at these injection rates. Operation with
injected mixtures comtaining €0-percent (by weight) alcohol was
limited to rates of total ligquid consumption of about S pounds per
second because of excesgsive tail-pive gas tewperatures and large
glowing hot spots in the vicinity of the turbine. For all the
water-alcohol mixtures used, the thrust augmerntation increased almost
linearly with total liguid consumption up to a ligquid consumption of

5% to 6 pounds per second and tended to level off at high rates of

.1liquid consumntion. A maximum thrust ratio of 1.26 was obtained at

a total liquid consumption of slightly over 7 pounds per second for
an injected mixture containing 40-percent zlcohol by weight. At this
point, the injected flow of water and alcohol was about 6 pounds per
gecond. DBecauge of the leveling of the thrust curves at high injec=-
tion rates, thrust augmentation only slightly less than the maximum
posgible aungmenbation can be obtained at considerably reduced injec-
tion rates. TFor example, a thrust ratio of 1.22 was obtained at a
total liquid consumption of about 5.5 pounds per second, which corres-
ponds to a rate of waterralcohol injection of slightly over 4 pounds
rer second.

A comrarison of the curves Ior various water-alcohol mlxtures
showe that for the same total liquid consumption the thrust. angmen-
tation ig increased slightly.as the alcohol content of the injected
mixture is increased. This improvement in engine performance with
increased alcoliol injection is a result of a replacement of the engine
primary fuel by the injected alcochol, as is illustrated later. One
advantage of including alcohcl in tlie ‘injected mixture, therefore, is
that the alcohol décreases the primary fuel requirements of the engine
and thus permits operation at higher injection rates than are possible
with water alone and slightly reduces the .total liquid consumption for
a given thrust augpmsntation. An additional advantage is the low
freezing temperature of water~alcohol mixtures; the freezing point of
a 40-vercent-aiconol mixture is about  ~22° F.



The variation ,of compressor pressure ratio, air flow, and total
gas flow with 1njection rate for various water-alcohol mixtures is
shown in figure 3.. .The compressor pressure ratio increases fairly
rapidly with liquid Injection up to a.flow of about 4 pounds per
gsecond. and levels off for higher injection .rates. A maximum pressure -
ratio . of slightly over 4.5 was obtained: for an injection rate of
about & pounds per second, compared with the normal pressure ratio of
slightly -over 4.0 The eerct of the amount of alcohol in the injected
mixtures:is relatlvely slight. The total mass flow through the engine,
which is-limited by the capacity of the turbine nozzles, is shown
by the dashed line in figure 3. This increase; in total mass flow with
in¢reased: ‘injection rate is approximately proportioal to the increase
in compressor- outlet pressure ‘becauss the turbine-inlet temperature
was nearly. constant over the range of injection rates used (the flow
rate being controlled by conditions at the turbine nozzle). The total
mass flow increased from a ‘normal valile of slightly less than
82 pounds perAsecond to a max1mum of over 91 pounds per gecond at an
injection 'rate of 5 pounds ner "second,::which represents an increase
of about 1z percent. “Thus, about half ‘of ‘the maximum thirust augmen-
tation ‘of'26: percent which ‘wes shovmr in.figure. 2, is a result ‘of the
incréase in: total mass Tlow tlirough the. ‘engine and the remaining half
is due . to the: 1ncrea°ed jet velocity provided by the higher Pressure’
ratio.~ ‘The engine air flow 1ncreased from -a : normal value of slightly
over 80 pounds per. second t0 s maximum of iabout . 85 3 pounds per gec=
ond"for an 1njection rate of & pounds per:gecond.  Because the total
mass flow remained nearly constant: ifi- the region of high injection :
rates, ‘gn: increase in liguid 1njection beyond 4 pounds per second: wWas
accompanied by a. decrease in englne air flow from 1ts max1mum value.

i 1

The effect of water-alcohol 1njection on the engine primary fuel
flow i8 shown in figure 4 in which the fuel flow is plotted againgt
the injection rate for the various water-alcohol mixtures.  Because
OF“the extra fuel necessary to vaporize and:heat the injected water,
the fuel required to maintain rated engina: speed increases with injec-
tion ‘rate for;the mixtures containing O~ and ZO-percent alcohol. How=
ever, because the alcohol burns in-the- combustion chambers and thus
serves as a fuel itself, “the engine primary fuel requirements are
decreased as the 1njection of mixtures containing 40- and 60-percent
alcohol is increased. An evaluation of the amount of this fuel replace-
ment by increased alcohol content in the injected mixtures showed
that about 40 percent of the heat of combustion of the alcohol is
liberated in the combustion chambers. " The horizontal dashed line
drawvn through the point of normal engine fuel flow indicates the mix-
tures of water and alcohecl that may be injected without a change in
fuel flow and hence without a change in the throttle setting. These
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constant-throttle mixtures.vary from about 40-percent alcohol at
the lowest injection rates to about 32-percent alcohol at the
highest injection rates.

“Elevated air temperature. - As previously'stated, all these
" 'results are restricted to inlet-air temperatures (between 45% and 70° F)
. that prevailed durlng the time of the tests. ‘Many appllcatlons of
thrugt- augmentatlon are, however, -those of high-speed fllght at
moderate altltudes, where the ram temperature rise of the 1nlet air
is appre01able.' ‘Because variations in the temperature of the inlet
air may “be expected to have an important part in the evaporation
process’ of the 1nJected liguids and hence in the thrust augmentation
‘produced; an 1nvest1gatlod has been conducted to determine experi-
mentally the effect of inlet-air temperature on the thrust augmen-
tation produced by injection of water-alcohol mixtures at the cecm-
pressor inlets. Thig investigation also served the- secondary pur-
‘pose of providing ‘data for an experimental evaluation of the appli-
cability of the analys1s presented in the preceding paper over a
range of both llquid 1n3ectlon rates and inlet—alr temperatures,

The hlgh inlet-air temperatures required for this’ 1nvestlgatlon
were obtalned by. an exhaust—gas bleedback ‘system in which part of
‘the englne exhaust gases were ducted:to the-enging inlet and suit-
ably mixed with the cooler air from:the. normal™ inlet-air system.

' The maximum inlet—alr temDeratures used in this 1nvestlgat10n were
about 200° F, which required an exhaust-gas bleedback of about
10 percent and resulted in a. reductlon of *the: oxygen: .content of

- the engine=-inlet air from the niormal value of 23.2 perCent to’

22 .6 percent by Welght y Satlsfactory correlation of ‘data” from
scveral standard engine tests without injection showed that this
reduction in oxygen content of the engine-inlet 4&ir did not alter
. the engine “performance. This investigation was also conducted on
a 4000-pound-thrust centrifugal-flow-type:-engine ‘with a standard
flxed-area exhaust nozzle and with a- varlable -area exhaust nozzle.

The results of the 1nvest1gatlon with:the f1xed-area exhaust

- nozzle are summarized in flgure 5, in which the engine thrust is
plotted agédinst the inlet-air temperature for the normal (unaugmented)
performance and for the augmented. operation with total liquid con-
sumptionsg’ from 2,25 to 4.25 pounds per second. These tests were
restricted to thé injection of water-alone and the engine was #
operated at eltner the meximum rated -speed  or at the maximum opers
able speed as limited by allowable tail-pipe gas temperatures. The
specific humidity of the 1nlet air was very mearly constant at a
value of about SO gralns per pound of air.

e
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For completc ranges of normal engine porformance and of aug-
mented oreration at high inlet-air temperatures, it was necessary
to continually reduce the engine speed as the inlet-air temperature
was increased to order to prevent exceeding the maximum ratéd tail-
pive gas temperature. In fact, operation of the ergine without
wvater injection was limited to an inlet—air‘témpérature of '180° B
becanse further reductions in tail-pipe gas temperature by rcducing
the engine speed were not pousible. This necessary reduction of
engire speed, together with the decrease in odmpressor.Maoh number
attendant with the increascd air temperature, is rceponsible for
the large .reduction in thrust with increased inlet-air temperature.
This decrease in thrust with increased.air temperature is much
greater for normal engine operation and at low rates of water injec-
tion than for the high rates of inJection, because for these condi-
tions the necessary reduction in engine speed is greatest. The
increase in thrust obtained by water injection is therefore wmuch
greater at high Inlet-air tempcxatures than it - is at low inlet-air
temperatures. For cxsmple, with a total liguid consumption of
4.25 pounds per second a thrust increase of about 700 pounds was
obtained at 80° F as compared with a thrust increasc of about twice
this amount, cr 1400 pounds, at an inlet-air temperature of 140° F.

The data of figufe's arc replotted in figure 6, where the ratio
ef augmwented to normal engine thrust is shown as a function of inlet-
air tenmperaturs for the various values of total liguid consumption.
The thrust augmentation increasecs very. rapidly with increesed inlet-
air temperature, particularly for high values of total liquid consump-
tion. For the total liguid consumption of 4.25 pounds per second,
which results from the injection.of about 2,7 pounds per second of
vater, the angmented thrust ratio increases from about 1.25 at an
inlet-air temperature of 80° F to over 1,70 at.an inlet-air temper-
aturc of about 140° F; !

The results obtained with the variable-arcae exhaust nozzle on
the engine are summarized in figure 7, in which the engine thrust is
plotted against the inlet-air temperature for -various rates of total
liquid consumption., "For thesc runs, the engine was operated at
maximum rated speed and the tail-nipe gao temperatures were mailntained
constant at the maximum rated value by ad1uotmunt of the exhaust-
nozzle area., As-for the previcus rins, the specific humidity of the
inlet air was fairly congtant, varying betwoen 40 end 60 grains per
pound. These runs included the injection of mixtures of water and
alcohol varying from pure water to 60-p¢roent alcohol but because.
no systcmatic trend with alcohol misture could be .detected in the
data, the data points are ccded for various. total liguid consumptions




only. The two 'dashed lincs show, for cowparison,; the performance
with the fixed-area exlhaust nozzle cn the engine at zero injection
and at a total liquid consumption of 4.25 pounds per second, as
obtained from the data of figure 5.

The thrust of the engine with the variable-area nozzle is about
the same as that obtained with the fixed-areca nozzle for inlet-air
tewncratures varying from about 60° F for unsaugmented opcration to
about 140° F'at a total liquid consumption of 4.25 pounds per second.
The thrust with the two types of exhaust nozzle is the samc because
the variabls-area nozzle, which was controlled to maintain limiting
tail-»nipe gas temperatures, had about the same arca as the standard
fixed-arca nozzle at these operating conditions. The thrust with
the variable-area nozzlc at both higher and lower inlet-air tewmpera=
tures, however, was greatcr than that obtained with the fixcd-area
nozzle because, at thc high inlet-air temperatures, the exhaust-
nozzle aree could be increased to maintain limiting tall—nlpe gas
temperature instead of reducing the engine speed and, at low inlet-
‘air temperature, slight reductions in the exhaust-nozzle area below
‘the standerd size were poSsible. With the variablc-area nozzle,
therefore, the decrease in engine thrust with increased inlet-air
temnbrature is loss than for the fixed-area nczzle and, moreover,
satlsxactory operation is posgiblc at higher inlct-air temperatures.
The thrust increase obtalned by the water-alcohol injection is greacter
at higher 1n1et-a1r ‘temberatures than it is at normal inlet-air
tempcrntures. For example, at a total liquid consumption of
5,25 pourids per second, which resulted from the injection of' 4.0 pounds
per second of water and alcohol, the thrust augmentation was about
‘800 "pounds 2t normal inlct-air’ t@mperaturus and increased to about
1300 mounds at an inlct-air temperature of 200° F. '

The data of figure 7 are replotted in figure 8 to show the
ratio of sugmonted to normal thrust for the same range of inlet-air
temperatures and total liquid consumptions. The experimental thrust
augmentetion inecreases fairly rapidly with both increased inlet-air
“temperature and increascd total liguid consumption: and reaches a
value of ebout 1.65 for a total liquid consumption of 5.25 pounds per
second at an 1nlut-a1r temnpraturc of ‘ZOOO F. Although the thrust
augmentation obtained Wlth the fixed-area nozzle was greater than
these values fcr the vaxlable-area nczzle, cspe01ally at high inlct-
air tbmtcraturcs, it is recalled that the actual augmented thrust
prcdaced was slightly higher with thc variablc-area nozzle.

Also included in figure 8 is a series of dashed lines that

represent the results of a theoretical analysis of the wet-compression
procesgs. The calculationg of the theoretical thrust augmentation
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arc, as in.the method of the proceding paper, based on the assump-
ticns tuat the &air is comoletely saturated before entering the com-
presscr andlls.ln equ11¢b’1um with the water throughout the com-
pression process. For:these calqulatlons, however, the values of
compressor efficiency and.slip factor used were the same as the
values obtalned without 1nJect101 dt the varicus inlet-air temper-
atures. . Aawuotments to the compreseor ‘efficiency such as were
mentioned in. the preceding paper 'were not attempted for thece
calculations because the effects of liquid: injection on compressor
performance of.. this -engine are 5t1ll under study. The theoretical
volues of the, augmeated thrust ratio are from S to 25 percent higher
than the exnerlmental values, the difference 1ncreas1qg with increasing
inlet-air. temoerathre, -and, moreover, the lines are of somewlat
“different shape.  This difference between the theoretlcal calculations
“and. bXerlmOntul performance therefore. indicates the degree to which
“the actyal vaporization process departs from the Ydealized one and

the influence of possible changes tn compressor berform nce affected
by the water injection. - b '

1 Compresoornlnlbt Injectlon with Axial—Wlﬂw-Type anlne

gl addltlon to the Drev1ously discussed.. 1nvest1gatlons on
Cuntrtfuual flow-type engines, &n investig ation hias been conducted
to’ determine the performance . of an axial- flowutype erigine .with
water- ulCOhOl 1ngeotmon‘at the - compressor. inlets (reference o) A
-4000% nound~thruet enigine equlpbed with = variable-area exhaust nezzle
was used., leferent angectlon systems were. tried "in an: e?fort to
obtain the best” atomlzatlon and distribution of the - 1n3ected liguids.
- The reosults obtained with the different systoms were. all about the
“same, however, ‘and, for brevity, the results of a typical run with
: only cne . of the systems is Dresenued. :

In flgure 9 the ratio of augmented to normal engine thrust is
shown for various total 110u1d consuwptions. For the highest total
- Yiquid consumpt:on shown (6.0 1b/sec), the injectfon.rate was about
4.5 pounds per second ' The use of ‘this injection rate, however,
“resulted in damage- to the engine in the. form of compressor-blade
~rubbing, and cracklng and warplng cf the. blawes ‘of the turbine
nozzle .box. Swtls*actors -engine opere tlon accordingly limited the
injection rate to! about o oounds nEY: . second, rosulting in.a total
 liguié consumption” of about 4.5 noundu.per second ‘and. a thrust ratio
of 1.15. This ‘1imit to the poss1ble thrust augmentation is consider-
ably lower than the. valuo of 1.z26 obtalned, w1th the centrifugal-flow-
type engine and was ‘found to be the result of centrlfugal separation
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of the injected liquid and air in the compressor and the attendent
failure of a large portion of the injected liquid to evaporate in the
Compressor.

~ Evidence of this separation of the inJected liquid and air is
obtained from temperature surveys at the compressor outlet as shown
in figure 10 in which the compressor-outlet temperature is plotted
ageinst the radial distance across the compressor-outlet annulus for
various rates of water injection., Without injection, the temperature
profile was.falrly even, whereas for all injected flows the air
remained relatively uncooled in the reglon of the blade roots, and
decreased to & lower temperature only in the region between the center
of the outlet annulus and the blade tips. The maximum temperature
difference across the compressor outlet was about 150° F, which
indicates considerable. centrifugal separation of the injected liquid
and air. It is therofore likely that water-alcochol injection at the
compressor inlets of an axial-flow-type engine can be used to best
advantage only wlhen the engine inlet-air temperature is high enough
and the initial relative humidity low enough to provide for evapor-
ation of the largest part of the injected liquid before compression.

Interstage Injection with Axial-Flow-Type Engine

In order to obtain maximum usefulness of water-alcohol injec-
tion in an axial-flow engine, some mcans must be found to avoid the
centrifugal separation of the injected ligquids and air in the com~-
pressor. One method of injection that would avoid the centrifugal
separation would be to inject only enough liquid to saturate the air
at varlous stages of the compression process. An experimental inves-
tigation is now in progress to detsrmine the performance of an axial-’
flow engine with interstage Injection of water and alcohol.

Before the engine testing phase was started, the characteristics
of many different types of injection nozzle were studled in a chamber
in which the compressor air-flow conditions were simulated. The
principal problem of nozzle design and selection was to obtain an
injection nozzle that, with reasonable injection pressures, would
give sufficient’ penetration for the injected liquids to reach the
region of the blade roots. Thig placing of the injected liquid in
the region of the blade roots was considered desirable to offset, as
much ag poggible, the centrifugal effects of the rotating compressor
blades. It was feund that a jet of high penetration could only be
obtained with injection nozzles of fairly large dlameter, which was
incompatable with the requirement of a large number of nozzles to
provide even stagewise and circumferential distribution of the injec-

ted liquids.
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The type of injection nozzle finally clhiosen and the general
arrangement of thelr installation in the compressor is shown in
figuare 1l. The inJjecticn noziles, which are shown in detail in
the insert, were installed in the end.of 1/8-inch steel tubes that
extended approx1mately halfway across the compressor anaulus. These
extension tubcs were necessary to enable the injected liguide to
reach the rogion of the blade roots. These tubes were located
between the stator blades, near the leading .cdge, of the third,
sixth, and ninth stages, and 20 tubes were installed .at each stage.
In addition to these 60 interstage tubes arranged at three stages of
compression, conventional spray nozzles were installed at the com-
pressor inlet to provide injection for the first three stages of
compression. - The presence of these dnjection tubes caused a decrease
in normal engine thrust of about 1.5 percent; this disadvantage
could, however, conceivebly be overcome by 1ncorporat1ng the water
passages in the stator blaaos.

At the present'tlme, the 1nvest1gaﬁlon of  interstage injec-
tion is in progrees on.a 4000-pound- ~turust axial-flow-type engine
equipred with a varlable—area exhaust nozzle. - The progrem isg not.
yet complete, but sufficient data have been obtained to 1llustrate
the principal features and. the usefulnecss of this system of water-
alcohol injection. A summary of sowme 'of the results is given in
figure 12, in which the ratio of .augmented to normal engine thrust
at maximum rated enginc speed and tail-pipe gas temperatures is
plotted against the total ligquid consumption for tne various water-
alcohol mixtures used. Because these daba were obtained for inlet-
alr tcmperatures that varied coqslderably betwepn runsg; all results.
have becn corrected to constant inlet-air temperature of 88° F
which was a good average of the temperature of the various runs and
is the temperaturc that prevailed for' the compressor-inlet injection
runs. For all these data the total flow of injected liguids was
equally divided among the four injection stationsi

As previously noted for the centrifugal- flow-type engine, the
thrust augwentation for an axial-flow engine at a given total liguid
consumpticn increases slightly as the alcohol content of the injected
mixtures is increased (fig. 12). .The thrist auguentation also
increases continuously with increased total liguid consumption and
reaches a value of abcut 1.24 for a total ligquid consumption of 6
to 7 pounds per second. This. amount of thrust augmentation is in
close agreement with the performance obtained with the centrifugal-
flow engine previcusly ‘discussged, which indicates satisfactory
mixing of the air and the 11qu1cs throughout the compressicn process.
To date no compressor-blade rubbing or other harmful effects have
occurred such as were experienced with compresscr-inlet injection

R



at high injection rates. For compariscn, the performance obtained by
injection at the compressor inlet is reproduced in figure 12 as the
lower dashed line. Although the thrust auvgmentation of the inlet-
injection system appears higher than that of inberstage injection for
low injection rates, the difference ig largely the result of a
shifting of the curve for inlet injecticn to the left because of a
lover unaugmented liguid consumption, or normal engine fuel flow,

for the inlet-injection engine, Therefore, for total liquid con-
sumptions from normal to about 3 pounds per second, the performance
with inlet injection is about the ssme as with interstage injection,
whereas for higher rates of liguid consumption the interstage injec-
tion system gives higher thrust augmwentations.

The results of theoretical calculations of thrust augmentation,
based on the same compressor efficiency and slip factor for both
norwal and augmented operation, is shown by the upper dashed line
in figure 12. Although the maximum calculated thrust augmentation
is only slightly greater than tlat obstained experimentally, the theo-
retical liguid consumptions are only about half as great as actually
reguired. At a total liguid consumption of 4 pounds per second, the
theoretical augmented thrust ratio is 8 percent greater than the
experimental, which illustrates the degree of departure of the actual
vaporization process from the idealized one and possibly changes in
compressor nerfcrmance caused by the water injection.

Some typical temperature surveys at the. compressor outlet are
shown in figure 13, where the ccmpressor-outlet temperature is plotted
against the radial distance across the coupressor-outlet annulus.

The solid lines roprecsent the normal engine performance without injec-
tion and with interstage injection at two flow rates., It is apparent
thet the air was evenly cooled by the evaporation of the injected
liquids with, in fact, an even flatter temperature distribution
with injection than for normal operation. The typical teuperature
distribution obtained with cempressor-~inlet injection (fig. TR
also included for comperison. In addition to the runsg with the
extended interstage nozzles, a set of runs was conducted with the
interstage inJjection nozzles flush with the outer wall of the com-
pressor caging. The use of injection nozzles at this location
would be obviously desirable in oxrder to avoid the 1.5 percent
ecrease in vnaugmented engine performance. The thrust was con-
siderably reduced for these runs, however, and the compressor-outlet
teunperature distribution was similar to that -obtained with inlet
injection, as shown by the upper dashed line in figure 12. This
tyne of teuwperature distribution, together with reduced thrust
augmentation, las also been obtalned in several recent tests with
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the extended nozzles when the injection pressure was below

200 pounds per square inch. The neceassity of placlng thie injected
liquids in the’ region of the blade roots for thﬂs type of 1nstallatlon
is therefore ev1dent

CombustiOn-Chamber Injection with AxialFFlomeype anine

The appl catlon of 1nterstage injection to an axial-flow ergine,
while providing satisfactory augmentation performance, has the
dlsadvantage of comnlexity of 1nstallatlon, at least for engines
already in the production stage. Accordingly, an experimental inves-
tigation of injection into the combustion chamber has been conducted
in an effort to obtain reasonable thrust increase with a system that
retalns t1e advantabe of swmpliclty of 1nstallatlon,~

The 1nJectlon of water into the combustion chambers of a turbojet
engine tends to decrease ‘the air flow tnrough the turbine nozzles
because the total mass flow cannot increage unless the turbine-inlet
nressure is increased. A reduction in the engine air flow, however,
shif'ts the compregsor orerating point to.a _higher pressure ratio
which, in turn, permits an increase in the mags flow through the
engine. A new equlllbrlum operating p01nt of the engine, having a
lower compressdr air flow, a higher compressor pressure ratio, and a
higher total tass flow, is obtaJned. The thrust avgmentation pro-
duced, therefore, depends on the’ operat ng chardcteristics of the
Compressor ‘and is a result of both the 1ncreused mags flow and higher
Jet veloclty nrovlded by “the 1ncreased pressure’ ratio. In addition
to these effects, the increased gas cons tant and gpecific heat of
the water-air mlxture alSO contribute, to a smaller degree, to an
1ncrease 1n the turblne outleu pressure and hence 1n the jet velocity.

Thls 1nvestlﬂatlon of thrust augmentatlon By ‘combustion-chamber
injection was conducted ‘with a 4000-pound~thrust axial- -flow~type
engine, equlpped with a varlable-area exhaust ‘nozzle and operated at’
maximum rated rotor speed and tall -pipe gas’ temnerature, On the
basis of results obtained from’ prellmlnary investigations conducted
on a single combustion chamber, the liguids were introduced at approx-
imately the midpoint of the combustion chamber as shown in the upper
part of figure 14. Separate nozzles were uged for the water and
alcohol injecticn and were installed through holes in the inner liner
to spray into the prlmary ccmblistion zons. Four different injection
systems were uged and the brlnclpal cnaracterlstlcs of" each system
are sumparized in the table ©if flgure 14 " These four injection systems,
which are deslgnated as systems A, B, C ‘and D, differed in the type
of spray (for example,’ hollow~cone or SOlld Jet), the number of nozzles
per combustion chamber, and the size of the nozzle orifice.



In the lower part of figure 14 is plotted the ratic of aug-
mented to normal engine thrust over a range of tobtal liguid consump-
tiong for all the injection systems and for various combinations of
water and alcohol injection. All the data obtained for combustion-
chamber injection fall on a single line indicating that, at least
for the range of this investigation, the engine perfdrmance is not
affected by the venetration of the type of the spray used or the
mixture of water-alcohol injected. The temperature distributions
at the turbine outlet for all the data were also generally similar
to that for increased engine operation. The augmenved thrust
_ ratlo increases almost linearly with increased total liguid con-
sunmption and reaches a value of about 1.18 for a total liguid con-
sumption of 6.25 -pounds per second. The performance with interstage
injection and compressor-~inlet injection ig stovm by tlhe two dashed
lines for comparison. The augmentation provided by combustion-
chamber injection with this engine is only about three-fourths of that
provided by interstage injection throughout the range of injected
flows and is slightly higher than that obtained by inlet injection
at the highest total liquid consumption.

The effect of combustion-chamber injection rate on the compressor
pressure ratio; the total gas flow rate, and the compressor air flow
is shown in figure 15. Because of the steep characteristics of the
compregsor of-.the engine used, the increase in pressure ratio with
increased combustion-chamber injection was accompanied by only a
glight decrease in the air flow. With the injection of about
S pounds per seccnd of water and alcohol into the combustion chambers,
the pressure ratio was increased from a normal value of about 3.75
to nearly. 4.1, which resulted in a linear increase in the total gas
flow from 72 pounds per second to about 77 pounds per second. An
analysis of this auvguentation cycle, using the measured compressor
pressure ratio and air flow and constant values of compressor and
turbine efficiency, showed that about 40 percent of the augmentation
produced is due to the increased mass flow rate, slightly over
40 percent due-to the increased jet velocity ariging from the higher
coupressor pressure ratio, and the remalning 15 to 20 percent due to
the change in thermodynamic properties of the turbine and exhaust-
nozzle working fluids.

SUMMARY OF RESULTS

The regults of the experimental investigations of thrust aug-
mentation by water-alcohol injection, all of which were conducted
at zero-ram; sea-level-pressure conditions, show that for the
centrifugal-flow-type turbojet engine, the injection of water-alcohol
mixtures at the compressor inlets provides a simple and satisfactory
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form of thrust avgmentation. For norwmal inlet-air tewperatures,
angmented thrust ratios of the order of 1.26 are possible for total
liquid consumptions of about 7 pounds per second for a 4000 -pound-
thrust engine. At high inlet-air temveratures, the thrust auguen-
tation produced increases considerably.

For an axial-flow-type engine, the injection of water at the
compressor inlets was satisfactory only for low injection rates,
nroducing thrust augmentation raticg of less than 1.15, because of
centrifugal separation of the injected liquid and air by the rotating
compressor blades. By the use of interstage injection, however, this
centrifugal. separation was avolded vrovided the injected liquid was
placed in the region of the blade roobts. The augmented thrust ratio
nroduced by this method was very nearly the same as provided by
compreasor-inlet injection in a centrifugal-flow engine, being for a
4000 -pound.~thrust engine about 1.24 for a total liguid consumption
of about 6 to 7 pounds ner: second. With combustion-chamber injection
in the axial-flow engine, the thrust augmentation produced was only
about three-fourths of that obtained with interstage injection but
this system has the advantage of greater wmechanical simplicity.
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INVESTIGATION OF BLEEDOFF METHOD OF THRUST AUGMENTATION
By David S. Gabriel and William L. Jones

Tewis Tlight Propulsion Laboratory

INTRODUCTION

Among the several methods of thrust augmencatlon of turbojet
engines conuldered in this series of papers, the method that pro-
vides the greateot take-off thrust increase is the air bleedoff
cycle. The permissible turbine~inlet temperature of present
turbojet engines limits the amount of fuel that may be. burned in
the engine combustion chambers. As a result of this temperature
limit, the gases passing through the turblne contain a large quan-
tity of dilution air -or unburned oxygen. The air bleedoff cycle
takes advantage of this excess.air by removing it before it passes
through the turbine and by using this high-pressure air supply,
after burning it in a combustion chamber, for an auxiliary jet.
The air that is removed frcm the normal. engine is replaced with
water which vaporizes. in the. englne combustlon chamber and passes
through the turbine as steam. It is, of course, necessary to
increase the fuel flow to the combustion chamber to vaporize this
water. Water is used for the replacement fluid primarily because
of the low pumping work required. Thus in essence the dilution
air is replaced with steam without greatly altering the perform-
ance of the engine and at the same time a high-pressure air supply
for an auxiliary jet is mede available., Compressor-inlet injection
is 1ncorporated to take advantage of the additional augmentation
that is obtained by the 1ncreased compressor outlet pressures and
mass flow.

RESULTS AND DISCUSSION

Figure 1 schematically illustrates a turbojet engine equipped
for air bleedoff.:  The air-bleedoff engine consists of two main
components, the ordinary turbojet engine and the auxiliary com-
bustion chamber, which are hereinafter referred to as the primary
and sccondary engines, respectively. The primary engine is pro-
vided with water- and alcohol- -injection nozzles at the compressor
inlets. A.manifold is installed at the inlet of the primary-engine
combustion chambers through which compressor-outlet air may be bled
to the secondary-engine combustion chamber. Water-injection nozzles
are installed in the primary combustion chamber through which water
may be inJjected into the prlmary combustlon zone to replace the

bleedoff air. £,
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The bleedoff air is burned at fuel-air ratios up to stoichio-
metric in the secondary-engine combustion chamber and is ejected
through a nozzle. A shutoff valve is installed at the secondary-
combustion-chanber inlet. The shutoff valve was necessary to
return the engine to normal operating condition but was always in
the wide-open position during bleedoff operation.

The original work on air bleedoff, which was reported in
reference. 1, consisted of" a brief 1nvest1gatlon on a J31 engine,
the results of which are summarized in figure 2. The results were
obtaired at sea-level, zero flight Mach number conditions. The
ratio of auvgmented thrust to normal thrust- is plotted against the
ratio of total liguid: flow to normal-engine fuel flow. The total
liguid flow includes fuel flow to both the primary and secondary
engines and all injected water and alcohol flows. The experi-
mental results are sliowd by the circles and the line is the result
of a cycle analysis in which component efficiencies typical of
present engines were used. A maximum thrust ratio of 1.65 was
obtained etperlmentallv at a llquld flow ratio of about 11.8.

This result is about 10 percent lower than the thrust increase
\redictea by the analy51s.

Because'of the promising results shown in the preliminary -
runs, a more complete investigation was conducted on a J33 engine
in which an effort was made to establish the. effects of some of
the operating variables on engine performance. ' The runs were all
made at sea-level,. zero flightu Mz.ch number conditions. The cor-
rected englne speed was,. nearly constant at 11,600 rpm and the data
were adj justed to:a.constant speed of 11,600 rpm (military rated :
speed, ll 500 rpm) The primary- engine nozzle diameter was con-
stant at 19. B 1nches and the tail-pipe temperature was held as
close as pogslble to 1225° T by regulation of the amount of water
injected into the primary combustion chambers. After a study of
water- and alcohol-injection results at the compressor inlet of
e J33 engine, the. inlet injection rates of water and alcohol were
fixed at 2.0 and. 2.2 pounds per second, respectively, corresponding
to the,cqnd1t1on tnat produced the best combination of thrust aug-
mentation and liguid consumption.

The water flow to the primary combustion chambers varied
from O to 9 pounds per second corresponding to a range of bleedoff
gas flows from O to 24 pounds per second. The bleedoff flow varied
with the secondary-engine nozzle diameter and secondary-combustion-
chamber fuel-air ratio. The secondary-engine nozzle diameter was
variqd from 4.5 to 7.0 inches and the fuel-air ratio in the second-
ary combustion chamber was varied from 0.03 to 0.08.



Because the primary-engine tail-pipe temperature was fixed,
the amount of water injected into the primary combustion chambers
was a function of the bleedoff flow. Figure 3 shows the wvariation
of water flow to the primary combustion chambers with bleedoff gas
flow. There is a linear: relation between these wvariables but only
about 0.37 pound of water is required to replace each pound of
bleedoff gas flow and to maintain the constant tall-pipe tempera-
ture. With a bleedoff flow of 24 pounds per second, about 9 pounds
per second O water must be inJected.

In order to vaporlze and superheat the injected water, addi-
tional fuel must be burned in the primary combustion chamber. A
part of this fuel is supplied by the alcohol injected into the
compressor inlet but additional kerosene must be supplied through
the primary-combustion~chamber fuel nozzles. Figure 4 shows the
relation of fuel flow into the primary combustion chambers to the
bleedoff gas flow. The fuel flow does not include the alcohol flow
injected at the compressor inlet. The fuel flow increases from
about 0.8 pound per second to 2.25 pounds per second as the bleedoff
flow increases from O to 24 pounds per second. -

Further increases in bleedoff flow above the maximum of
24 pounds per second shown on the curve resulted in combustion
failure in the primary combustion chambers. At this bleedoff flow,
the over-all fuel-air ratio in the primary combustion chambers,
including the alcchol, was about 0.043. Although this over-all
fuel-air ratio is considerably below over-all stoichiometric fuel-
alr ratio, the fuel-zsir ratio in the primary burning zone was of
course, much richer and the combustion failure was probably the
result of rich blow-out. Further increases in bleedoff flow,
therefore will depend on des1gn changes in the primary combustion
chambers

Figure 5 shows the individual liquid flows to the primary
engine as a function of bleedoff flow. As bleedoff flow is
increased, water flow to the primary combustion chamber increases,
fuel flow to the primary combustion chamber increases and the
water and alcohol flow to the compressor inlet.is constant. The
net result is an increase in total liquid flow as shown by the top
curve. The total liquid flow to the primary engine increases from
5 to 15 pounds per second as the bleedoff flow increases from O to
24 pounds per second. Because the increase in total liquid flow
to the primary. engine is less than the increase in bleedoff flow,
the net result is a docrease in total flow through the turbine
and primary jet and consequently a reduction in augmented primary-
engine thrust shown by the curve at the top of the figure. The
ratio of augmented primary-engine thrust to normal-engine thrust
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decreases from about 1.26 for the engine with inlet injection but
no bleedoff to about 1.12 for bleedoff flow of 24 pounds per second.

The pérformance of the secondary englne may be analyzed 1n
two parts, the thrust and the air flow. 1In order to provide &’
betier understanding of the effects of ‘the operating variables on
performgnce, the air flow and thrust have been plotted 1n the form
of parameters derived rrom the fundamental flow equations. DBecause
the combus tlon-chamber«lnlet pressure was sufficlently close to the
combustion-chamber-outlet pressure, it wae considered reasonable to
use the inlet pressure in the correlation. It is a well known .
relation that for a convergent nozzle operating at greater than
critical pressure ratio ‘the mass flow is equal to a constant times
. the product’ of the nozzle area and inlet pressure divided by the
square root of thﬂ 1nlet temperdture.

M, ‘mass flow of gas through secondary engine
Ki.. constant

A érea of nozzle outlet

P, = pressure at secondary-combustlon~chamber outlet or nozzle
1nlet '

Tb' temperature at secondary-combustion-chamber outlet or nozzle
inlet

When equation’ (1) is divided through by PyA,

K
Do B (2)

T
When 1/,/T, is replaced by a function of the fuel-air ratio
My
Tt Ky, T(£/a) (3)

This factor is also a function of compressor-outlet temperature
which was eliminated from consideration because it is constant for
this investigation.
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The factor Mb/(PbA) is plotted against fuel-alr ratio in

figure 6. The mass flow ratio-decreases rapidly from a fuel-air
ratio of 0.03 to a fuel-air ratio of 0.05 and then becomes nearly
constant with further increase in fuel-air ratio. A curve derived
Trom fluid-flow theory has been plotted in the figure as a dashed
line. ¥Yor this calculation a combustion efficiency of 100 percent
and a flow coefficient of 1 was assumed. A greater mass flow was
obtained experimentally for a given fuel-air ratio than the theo-
retical curve predicts because of the lower combustion-chamber
temperatures due to the combustion inefficiency; lower nozzle-
inlet temperatures, of course, permit the passage of a larger mass
flow of gas through a given-size nozzle. The bleedoff flow can be
found from this correlation curve for any bleedoff pressure, nozzle
area, and secondary fuel-air ratio.

The following additional symbols are used in the analysis of
the secondary-engine thrust: Pb’ the nozzle-outlet pressure, '

P, the ambient pressure, and T, the thrust.

The thrust of a convergent nozzle operating at supercritical
pressure ratio may be expressed as the product of the mass flow
and the critical Jet velocity plus the difference between nozzle-
outlgt pressure and ambient pressure times the nozzle area.

Dividing through by -Pb'A and rearranging yields'

Bp oy o T
ST

cl
~—

1
B _ (
For a convergent nozzle operating at supercritical pressure ratio,
the nozzle-inlet pressure 1s equal to a constant times the outlet
pressure

- 4 i .‘ P i "
where K, 1s a constant. Replacing Pyp' with EE yields
: 2

but from equation (2)




also

/“_—'7

where V5 is the critiéal.velocity at the nozzle throat; therefore

i Tl Ky -

. = L
= — 2g —— BTy, + =— (8)
=3 T 7#¢L TR T K
b b ~/Tb | 2
Consequently
r R
~j1.+ . constant (9)
PbA Pb e

The values of the parameter of equation-(9) as calculated from the
experimental data are plotted against secondary-engine nozzle area
in figure 7. The thrust factor is constant at a value of 1.1 for
secondary nozzle sizes from 4.5 to 7.0 inches. With the constant
value of this factor, the thrust of the secondary engine may be
calculated for any value of inlet pressure and nozzle area.

The dashed lines at the bottom of figure 8 are the ratio of
secondary-engine thrust to normal-engine thrust calculated from the
correlation curves shown in figures 6 and 7. These curves are
rlotted against bleedoff flow for values of secondary-engine fuel-
air ratio of 0.03, 0.045,and 0.08. The experimental data are shown
by the symbels. The secondary nozzle diameter for these experi-
mental points varied from 4.5 to 7.0 inches.

The calculations from the correlation curves resulted in
separate lines for different fuel-air ratios and the test data
fall upon those lines (fig. 8). If the analysis had not been
made, a single curve probably would have been drawn through the
test data and would have cobscured the effect of fuel-air ratio.

Alsc plotted in figure € is the ratic of primary-engine thrust
to normal-engine thrust previously presented in figure 5. The
thrust of the primary and secondary engines combine to produce a
maxirum total augmented thrust ratio of about 1.7 shown by the
data points at the top of the figure. Here again the data points

o



represen+ the experimental data and the llnes are calculated from
the curves of experimental primery-engine thrust and calculated
secondgry—englne thrust showvm at the bottom of figure 8. Without
bleedoff, a thrust ratio of 1.26 is obtained because of. inlet
injection. - With maximum bleedoff a secondary-engine~thrust ratio
of 1.54 is obtained but the primary-engine - ~thrust- ratio. is reduced
to 1.16, as previously discussed, resulting in a net thrust ratio
of aboat 1K 7 for the bleedoff englne. : 3

In figure 9 the thrust ratio of the bleedoff engine is
replotted against the ratioc of total liquid flow to normal-engine
fuel flow. Lines calculated frcm the correlation curves are
dravn for fuel-air ratios of 0.03, 0.045, and 0.08. Points are
plotted from the measured thrust data for fuel-air ratios of 0.03,
0.045,and 0.08. The eyperlmental results agree within 4 percent
with the vdlues calculated from the correlation. .For a -given
thrust ratio it is déslrable to operate near stoichiometric fuel-
air ratio to give the minimum liquid flow ratioc . and bleedoff flow,
although there is little ‘difference between operation at fuel-air
ratics of 0.045 and 0.08. Operation at low bleedoff flows is
desirable because of better performance of the primary combustion
chambers. Operation at the secondary-engine fuel-air ratio of
0.03 in the higher range of the ‘curves with the same secondary-
nozzle size as in the low range ‘would probably be impossible
because. of the high bleedoff flows that would be required.

The dashed line on figure 9 is calculated from the correlation
curve for 100 percent combustion efficiency and stoichiometric mix-
ture in the secondary combustion chamber. TFor equal thrust ratios,
the thecretical curve gives 10 percent less liquid flow than the
experimental results. The maximum thrust ratio obtained experi-
mentally was about 1.7 at a liquid flow ratio of 12.9. If this
thrust ratic is applied to a normal 4000-pound-thrust engine, the
augnmented take-off thrust would be 6800 pounds with a liquid con-
sumption of about 16.1 pounds per second.

Further increases in thrust augmentation by air bleedoff may
be obtained by continued improvement in the secondary combustion-
chamber efficiency and by development of a primary-engine combustion
chamber that will permit operation at higher bleedoff flocws. Tor
most production engines, higher fuel-air ratios in the primary com-
bustion chamber than those shown will require increased fuel-
handling capacity for the fuel system.

Particular attention must be paid in the design of the bleed-
off system and the water-injection system for the primary combustion
chamber in order to minimize changes: in the turbine-inlet tempera-
ture gradients. The adverse effects of bleedoff and

bete .



combustion-chamber injection on the turbine-cutlet temperature
gradient are shown in figure 10.in which representative radial tem-
perature dlstrlbutlons across the turbine-outlet annulus are
plotted for normal’ operatlon and for bleedoff operation with

11 pounds per second of bleedoff flow and 4 pounds per second of
water flow to the primary combustion chambers. The radial tem-
perature gradient is about 200O F in normal operation with the
lowest temperatures occurrlng at the roots but it increases with
bleedoff operat:on to 500° F with the highest temperatures occur-
ring at the blade roots. These distributions are representative
of the gradients with the latest injection and bleedoff configura-
tions and are.a considerable improvement over the earlier designs.

SUMMARY

A thrust ratio of 1.7 was obtained at the condition of sea-
level take—off-in an experimentsl investigation on a turbojet
engine with a bleedoff augmentation system incorporating liquid
injection into the compressor inlet. This perf01mance was obtained
at the eXpense of high llquld consumption.
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COMPARISON OF VARIOUS METHODS OF THRUST AUGMENTATTION
By Eldon W, Ball

Lewis Flight Propulsion Laboratory

INTRODUCTION

The previous papers covered both thecretical and experimental
results on the performancs of verious thrust-augmentation methods
Computations, guided by the experimental results, are used to com~
pare the relative efficlency, additional welght, and applicability
of each thrust-augmsntation wethod over a range of flight condi-
tions. The wethceds considered are tail-pipe burning, water injec-
tion at the ccmprsescr inle®, a combination of tail-pipe burning
plus water injection,; and bleedoff with water injection. The tail-
pipe-~burning plus water-injection method; although not previously
discussed, 1s also consldered to be of interest and is included to
show vhat might be expected of this method. Because rocket-assist
units have been used to a large extent in assisting the take-off of
conventicnal aircraft, their performance 1s cowpared with that of
the other methods on the basis of ligquid consumption, A more com-
plete description of the systems, methods of analysis, and results
are presented in reference 1.

THRUST ~-AUGMENTATION ANALYSTS

The comparison of augmentation methods was made for altitudes
of sea level and 35,000 feet and for flight Mach numbers of O, 0,85,
1.50, and 2.50. The thrust augmentation of the engine was determined
from step-by-step calculaticns of the performance of both the normal
and the augmented engine. The efficiencies chosen were polytropic
and are for the compressor, 0.80; for the turbine, 0.85; for the
exhaust nozzle; 0.95; and for the inlet diffuser, 1.00, 0.85, 0.80,
and 0.70 for flight Mach numbers of 0, 0.85, 1.50, and 2.50; respec-
tively, The primery combustion-chamber total-pressure logs was
assumed to be 3 percent of the combustion-chamber-inlet toual pres-
sure. The drag coefficient of the tail-nipe burner (ratio of total-
pressure loss to inlet velocity head) was assumed to be 0.5. Two
fixed engines, -one having a constant ccmpressor work input of
85 Btu per pound of air and the other having twice the work input
or 170 Btu per pound of air, were assumed to operate over the entire
range of altitudes and flight speeds. These values of work input
give compressor pressure ratios at sea-level static conditions of
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about 4 and 11 and correspond to one- and two-stage centrifugal com-
pressors, respectively.. The exhaust-nozzle area was assumed to be
adjusted for all cages to give tail-pipe temperatures of 1650° R for
the engine with the low-pressure-ratio ‘compressor and 1500° R for the
engine with the high-pressure-ratio compressor. These values give
turbine-inlet temperatures of about 1960 and 2100° R, respectlvely°

With tail-pipe burning, the tall-pipe area was assumed to be
double the normal tail-pipe area in order to establish a reasonable
burner-inlet velocity; charts, which account for the effects of
dissociation, were used to calculate the temperatures for various
tail-pipe fuel-air ratios. Calculations were made for fuel-air
ratios up to stoichiometric.

For the water-injection calculations, the component efficlencies
were altered to bring agreement between theoretical and experimental
regults by the  same methods as previously discussed in- the fifth paper
on the analysis of water injection, For each flight condition, cal-
culations were made with varying amounts of water injected at the
compresscr inlet to the point where the compressor-outlet air was
saturated.

With bleedoff the amount of augmentation for a given liguid
injection increases rapidly with an increase in the amount of air
bled off. Bleeding off large quantities, however, increases the
mass flow of air through the comnressor and also the pressure ratio
across the turbine and nay result in large decreases in the effi-
ciencies of these cowponents. It was found from theoretical con-
giderations that by maintaining the-areca of the primary-engine exhaust
nozzle the same as for normel engine operation at gea-level static
conditions the change in the operating conditions of these components
was very small (less than the change with only water injection at the
compressor inlet., For each flight condition, bleedoff was considered
for the case whers just sufficient watecr was injected at the com-.
pressor inlet to saturate the air at the compressor outlet.. In all
cases, the turbine-cutlet temperature was maintained at the assumed
value by adjusting the amount of air bled off for each amount of water
injected in the combustion chamwber. The. ratios of water flow injected
in the primary combustion chamber to bleedoff flow were calculated
theoretically. The values obtained gave lower values of the bleedoff
flow for a given liguid flow than were obtained experimentally. The
bleedoff or auxiliary burner was assumed to onerate w1th a stoichio-
metric fuel-air ratic in all cases.

The rockets were assuwed to have a specific impulse of 190 pounds-
geconds per pound for all conditions of altitude and flight speed.




" Based upon these assumptions, the values of augmentation to be
pres ented are somewhat higher than. the values obtained experimentally
at the present tlme fromw the various methods. The relative values
of the maximums are, however believed to be 1ndlcat ive of wnat may
bg eypeoted in actual Draotloe.'

RESULTS AND DISCUSSION
Thrust Augmentation

.On the basis of the glven assumptions and methods of analysis,

figure 1 sliows & comparison of the thrust-augmentation methods.
The ratio of augmwented thrust to normal thrust is plotted agzinst
“the ratio of total liguid consumption of the augmented engine to fuel
‘consumption of the ncrmal engine. The vesults are for the engine
with the low-pressure-ratio compressor. Because the engine was
assumed to operate at & constart rotor speed, the compressor pres-
sure ratio changes with ohﬁnge in flight conditions and with the

injection of water. The range of pressure ratios obtained with
the-lcow-pressure-ratio compressor (fig. 1l(a)) is from 4.3 to 5.0 at
sea-level static.conditions. The pressure ratio of 4.3 is obtained
with the normal engine and the pressure ratlo of 5.0 is obtained
w¢th water ingeotlon.

With water injeotion, a thrnst ratio of 1.32 can be obtained
at a Liguid ratio of 5.0 when .injecting sufficient water to saturate
the air at the compressor ‘outlet. The condition for which just
sufficient water is 1ngeoted to saturate the air at the conmpressor
inlet 1s represented ty the lowest cross (fig. l(a)) The most
eoonomlcal method is. tail- plpb burning, which can provlde a meximum
thrust ratio'of 1.55 at a liguid ratio of 4.0; this thrust ratio is
romparaole Hel A4 32 w1th.vater injection at this ligquid ratio., The circle
(on the tail-pipe-burning curve fig.l{a) represents a stoichicmetric
fuel-air ratio and is the meximum thrust ratio that can be obtained
with tail-pipe burnlng. Large increases in thrust can be obtained
by adding water injection to the tail-pipe-burning method when the
over-all fuel-air ratio remains at stoichiometric. A thrust ratio
of 2.05 at a ligquid ratio of 8.0 can be obtained by thls method
vhen saturating the air at the compressor outlet. The cross cn the
water-injection curve (fig.l{(n)) represents the condition for which
Just sufficient water is injected to saturate the air at the com-
pressor 1nlet

Bleedoff is less efficilent than tail-pipe burning or the com-
bination of tail-pipé burning and water injection, inasmuch as a
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higher liquid ratic is required for the same thrist ratio. A higher
retio is possible, however, with bleedoff. For exeample, a thrust
25 SO il £0 can be obtained with bleedoff as cumpared .to a maximum
of "23 05 for the cowbination of tail-pipe burning and water injection.
ngher values of the thrust ratio are not possible with bleedoff
because stoichiometric fuel-air ratioc was reached in the primary com-
bustion chamber. If the amount of water injected at the compressor
inlet is limited to that amount required to saturate the air at the
compressor inlet instead of the outlet, the maximum thrust ratio of
2.20 1g revresented by the cross below the curve for bleedoff

(fig. 1(a)).

The. ro_cket--assistmethod is the least efficient inasmuch as it
requires the highest liquid ratio for a given thrust ratio... The
rocket-assiet method, however, has no theoretical limit. .The specific
“impulse of 190 assumed for the rockets is an average value for current
rockets. Values as high as 220 are obtained on some Commerclally
avallable units -and values of 350 can be obtalned theoretically with
liquid . oxygen and hydrogen. .The: specific fuel consumption is inversely
proportioral to the specific impulse, For a thrust ratio of [2L08;,
which can be obtained:by the combination of tall—plpe burning and water
1nuectlon, the ‘bleedoff and rocket-assist methods requlre from 2 to.

2.5 times the llquld sratilo. i

The results for the same conditions, except at a flight Mach
nurber of 0.85, are shown in figure l(b) The compressor pressure
ratio was reduced to, 3.7.at a £light Mach number of 0.85 as compared
to 4.3 a8t a fllght Mach number of O because of the hlgher air tem~ .
perature at the compressor-.inlet. *The curves obtained are similar
to those for a flight Mach number of zero except that greater values

of the thrust ratio are -obtained for the saime values of the llquld
ratio. For example, at. a. liguid ratio of 8.0, a thrust ratio of 2.90
can be obtained with the combination of tall-plne burning plus water
' '1ngect10n as compared to 2.05 at a fllgh1 ‘Mach number of zero.. Water
injection with saturabion at the compressor inlet is more effective.
because of the higher compressor-inlet temperature at the higher
flight Mach number. -A maximum thrust ratioc of 3.70 at a liquid ratio
of 31.5 can be obtained w1th bleedofr. :

In order to -show the comparison of the various methods at .high
altitudes, Tigure 1(c) presents the results for an altitude .of
35,000 feet. The flight Mach number for this case is 0.85. The
treuds are similar to those for sea level. Both the maximum thrust
ratio and the thrust ratio for a given liquid ratio are, however,
less for each-method., A maximim thrust ratio of 1.32 can be obtained-
with water injection at a liquid ratio of 4.5, Water injection with
only sufficient water to saturate the air at the compressor inlet is



81

wuch less effective at the higher altitudes because of the lower
inlet-air temperaturé. With tail-pipe burning, the maximum thrust
“ratio 1g 1.92 at = liguid ratio of'3.5. Adding water 'injection to
tail-pipe burning 1qcreases the maximum thxust ratlio to 2.6 at a
llquld ratio of 7407 Bleeaoff can prov1de ) max1mum thrust ratio
of” 2 .88 at a 11qu1d Iatlo of 26.:0. : g0

‘The results for a fl:ght Mach number of 2 50 at 35,000 feet
are ‘given in figure 1(d). "With an increase in flight Mach rwmber
from 0,85 to 2.50, the meximum thrust augmentation obteined from
each method is increased about five times. The effectiveness of water
injection is more rapidly 1ncreased than the effectiveness of the
other methods; by an increase ‘in flight Mach number.’ Saturating the
air at the’ comnressor inlet gives a thrust ratio of 2.4 with water
injection at a liquid ratio of 9.6,  The maximum thrust ratio obtained
w1th water injection is 3.5 at a llquld ratio of 18.6. With tail-
pipe bu“nlﬁg, the waximum thrust’ ratio is 5.5 at'a iiguid ratio of 6.0.
Adding water 1nject10n to tail- pire burning until the compressor-
inlet alr 1s saturated results in a thrust ratio of 8.2 at a llquld
ratio of 15.0 and increasing tlie water-injection rate results in a
moeximum thrust ratio of 9.3 at a llquld ratio of 22. The maximum
thrust ratio with bleedoff is 10.4 at a liguid ratio of 358. It should
be noted thdt the high thrust ratios at a flight Mach number of 2.50
are primarily due to the low thrust of the normal engine. The high
liquid ratios for the methods involving the injection of water are
due to the large quantities of water that can be evaporated at the
high Mach numbers because of the high inlet-air tnmperature

The effect of altitude on the waximum thrust ratio 1s woxre clearly
shown in figure 2. The maximum thrust ratio of each method is plotted
against altitude for a flight Mach number of 0.85. All methods show
a wmoderate decrease in maximum thrust ratio as the altitude is increased
to 35,000 feet, Because of the constant air temperature above the
tropopause (approximately 35,000 feet), the auguwentation remains about con-
gtant. The maximuw thrust ratlo vith water injection decreases from
* 1,59 to 1.32 as the altitude is increased for sea level to 35,000 feet.
Tall-plpe burning is affected to a smaller extent by altitude than
any of ‘thie other methods; the maximum thrust ratio decreases from
"2l Yo 1.9, " The combination tail-pipe burning plus water injection
decreases Trom 2,90 to 2.36 and bleedcff decreases from 3.70 to 2,88
as the altltude 1ncreases from sea level to 35,000 feet.

_ In order to show the effect of flight Mach number on the augmen-
tation mwore clearly, the maximum thrust ratio of each method is
plotted against flight Mach nuwber in flgu:e 3 for an altitude of
35,000 feet. The flight Mach number ranges from 0,85 to 2,50. All
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methods show an increase in the maximum thrust ratio as the flight
Mach nuwber 1s ircreased; although, as shown in figure 1, the increased
thrust ratios are obtained at the' expense of large increases in the
liquid ratios. TIncreasing the flight Mach number from 0.85 to 2.50
increases the thrust ratio with bleedoff from.2.88 to 10.4 and with

the combinatlon of tail-pipe burning plus water injection from 2.34

to 9.3. At a.flight Mach number of 2. 50, the liquid ratio with
bleedoff is about ten times that for tall-plpe burning, and with
tail-pive burning plus water injection, the liquid ratio is about

four times that for tail-pipe burning. ¢

The preceeding results are all for an engine having the low-
pressure—ratﬂo compressor. The performance of the high-pressure-
ratlo-compressor engine is presented in figure 4 along with the
performance of the low- pressure-ratlo-compressor engine for compar-
ison. The thrust ratio is plotted against the liquid ratio for sea
level and a flight Mach number of 0.85. For these flight conditions
the high-pressure-ratio compressor has a normal pressure ratio of 9.9,
which is increased to 14.3 with water injection. In the range of
liquid'ratios:coveréd by the low-pressure-ratio-compressor engine,
there is little difference between values of the thrust ratio for a
given liquid ratio for the low- and high-pressure-ratio-compressor
engines. Higher values of the thrust ratios are possible with the
high-bressu%e—ratio—compressor engine, but at higher values of the
liquid ratio. The greatest increase in thrust ratio is obtained
with the methods involving water injection. For example, the
maximum thrust ratio with the combination of tail-pipe burning plus
" water injection increases from 2.90 to 4.36, whereas with tail-pipe
burning alone the maximum increases from 2.12 to 2.26. The mwaximum
thrust ratio with bleedoff increases from 3.70 to 4,98,

Weight Analysis

In addition to the weight of the liquid consumed by each method,
the weight of the: added: equipment required by each method is also
of importance. Figure 5 shows a comparison of the additional weight
of equipment required by the thrust-augwentation methods. The addi-
tional weight of equipment divided by the additional thrust or the
specific weight of augmentation equipment is plotted against the
thrust ratio. The values of the additional thrust and the thrust
ratio are for sea-level static conditions. The increased weight is
the weight of equipment only and does not include any additional
liquids. The equipment weight was estimated from the weight of
existing experimental equipment by taking into account any modifi-
cations required for airplane installation. For all the methods,

i
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the specific weight decreases as the thrust ratio increases. The
minimm specific weight is approximately the same for all methodls
(0.05 to 0.07) at the maximum values of thrust ratio. When all the
methods are considered at a constant thrust ratio, the water-
injection method entails tlie least additional weight followed by the
tail-pipe burning method. The specific weights of bleedoff and of
the combination of tail-pipe burning plus water injection are about
equal and have the highest values. The specific weight of an average
normal engine is included for reference. It is apparent, however,
that adding the additional augmentation equipment to an engine is

equivalent to adding an additional engine having a very low specific
welght, except for the additiocnal liguid consumed.

Both the weight of the liquids consumed and the weight of
equipment of the various methods have been compared. Neither of these
compariscns 1s adequate 1nasmuch as the weignt of the liquids con-
sumed is a function of the time of operation and the equipment weight
is fixed. Calculations were therefore made of the total propulsive
weight (weight of engine, liquid consumed, and auxiliary equipment)
for each method. ZFigurc 6 sghows the ratio of the total propulsive
weight of an augmented engine to the total propulsive weight of a
larger unaugmented or normal engine (both engines producing the same
thrust) plotted against the thrust ratio of the augmented engine.

The ratio shown is for 5 minutes of operation of each engine at an
altitude of 35,000 feet and a flight Mach number of 0.85. The normal
engine total propulesive welght is 1. Values less than 1 Indicate a
reducticn in the weight of the augmented engine, equipment, and
liquids from that of a normal engine for the same value of thrust.
For the tail-pipe-burning methed the total weight of the augumented
engine decreases as the thrust ratio increases and reaches a value

of less than sevenwtenths;the norwal engine total weight. For the
water-injection and the tail-pipe-burning plus water-injection
methods, the total weight first dscreases to a minimum and then
increases as the thrust ratio increages. With bleedoff for S minutes
of operation the least total weight occurs at the lowest thrust ratio
and is approximately equal to the total weight of a normal engine.
For shorter periods of cperation with bleedoff, 3 minutes for example,
the lowest total weight occurs at the maximum thrust ratioc and is
about 0.85 times the normal engine total welght.

Load -Range Characteristics
Because of the high thruste for a given engine size and weight,

engines equipped with the thrust-augmentation meshods may be desir-
able for high-speed flight in spite of their high liguid consumption.



84

A study was therefore made of the performance of the complete air-

nlune for a f£light Mach number of 1.50 at which the engine was.
seumed to be operating in the augmented configuration for the entire

time of flight. ‘The detalls of this study and method of analysis

are similar to those in reference 2 in which various engine types

are compared in terms of airplane lo@d-range characterlstlcsa

In Tigure 7 the aﬂfplane alsposable load per pound of gross
weight is plotted agalnst the liguid rate per mile per ton of gross
-weight. This comparison is for en altitude of 35,000 feet and a
"flight Mach Tumbér of 1. 50.- The verfoirmance is ca]culated For
level flight only and does not include the  take-off and climb
regquirenments. The disposable load is equal to the gross weight less
the weight of the airplane structure and the engine and may consist
_of liguid welgnt or liguid 'and cargo weight. A wing lift=-drag ratio
of 7 was .assumed and the airplane.structure weight was assuwed to
be 30 percent of the gross weight. The normal engine specific weight
at sea-level static conditions wag assumed to be 0,45 and the weight
of the additional equipwent was the same as that presented in fig-
ure 5. The engines were assuwmed to be installed in nacelles. The
nacelle and fuselage -drag and the drag of the additional equipment
were deducted from the engine thirust in calculating the gross weilght
. from the 1vft-drag ratio.  All calculations were based on an engine
having a normal thrust at sea-level static conditions of 10,000 pounds
and weighing 4500 pounds. ‘The engine frontal area was taken as

lZ%-square feet. ZXach point ‘on the curves in figure 7, therefore;

represents a different airplane, because the .airplane becomes larger
as the augmentation and the thrust increase.

Operation with the normal engine is shown by the cross in the
lower left cornér. The various lines represent the differetit methods
with varying amounts of augmentation. The numbers on the curves are
values of-the thrust ratio. The ratio of ordinate to abscissa and,
therefore, the slope of the slanting lines connecting the points on
the curves with the origin represent the maximum range of the airplane
when all the disposable load is fuel. These slopes have been labeled
directly in terms of range on the outer scale. The normal engine, for
example, has a maximum range of 233 miles. The initial point for tail-
pipe burning at a thrust ratio of 1 is at a lower disposable load and
range than the normal engine because of the loss in thrust and the
increase in drag when the engine is equipved for tail-pipe burning.
Ag the augmentation by tail-pipe burning is increased to stoichiometric,
the ratio of disposable load to gross weight and the range are increased
without much increase in liguid rate per unit gross weight. The liquid
rate ner ton mile remains nearly constant with augmentation by tail-pipe



burning in spite of the increase in specific fuel consumption for the
following redson: .One of the iwportant factors that affects this
gquantity is the liguid rate per hour per pound of net thrust where
the net thrust is defined as the difference between the engine thrust
and the engine nacelle drag. By augmentation the engine thrust is
increased without an increase in nacelles drag and hence the percentage
increase in net thrust is greater than the percentage increase in
engine thrust. Thois effect tends to offset the increase in fuel rate
per pound of engine thrust to give an approximately constant liquid
rate per pound of net thrust (and hence gross weight) with increase
in augmentation by tail-pipe burning.

At the point of waximum augmeatation by tail-pipe burning the
gross weight is approximately 3.5 times the gross weight for normal
operation. The decrease in range that is obtained with tail-pipe
burning by decreasing the gross weight to the same value ag for
normal cperaticn is alsoc shown (fig. 7). Although the range is
decreased about 100 miles by decreasing the gross weight, the range
is StlJl congiderably greater tuan-with the normal engine. The max1-
mum range vwith tail-pipe burning is 590 miles. Adding water injec-
tion to tail- plpe hurning increages the disposable load but the
increase in liguid rate per vnit gross weight results in a slightly

shorter weximum range than with tail-pipe burning alone. Water injec-
tion alone results in about the same maximum range as the normal
engine. The principal effect of bloedoff is to increase the dis-
posable load ver unit gross weight with an increase in liquid rate

per unit gross weight and some decrcase in maximum range. From

these curves, it may be concluded that for a flight Mach number of
1.50, tail-pipe burning ig tle only method when used for the entire
fll”ht that will increase the ?ange over that of s norm<1 engine.

These results are based on rather conservaulve-estlmates of
engine verformance. In order to determine whether the tail-pipe-
burning or the tall-pipe-burning plus water~injection method
increases the range of a normal engine when' the engine is much more
efficient, these methods are compared for two different engines in
figure 8. The results for engine A are the same as those presented
in figure 7. For engine B both the compresscor and turbine efficiencies
were Increased 5 percent and the inlet-diffucer efficiency was
increased from 0.80 to 0.965. Somewhat lower values for the engine
welght and frontal area were also assumed, The maximum range of the
engine B without tail-pipe burning is 750 miles. As the augmentation
increases, the maximum range increases to 1000 miles. Maintaining
the same gross weight for the augmented engine as for the normal
engine gives amaximum range of 940 miles for engine B with augmentation.
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Although this increase in range with the addition of tail-pipe
burning is not as greau as for engine A, it appears safe to con-
clude that even'with a hlghly efficilent engine the addition of tail-
pipe burning increases the maximum range.

SUMMARY OF RESULTS

From 2 theoretical comparison of various methods -of thrust aug-
mentation, it may be stated that either bleedoff or rocket assist
offers the possidbility of large thirust increases at the expense of
high values of specific ligquid consumption. For small increases in
thrust, water injectlion offers the adventage of exftreme simplicity
and light weight. Tail-pipe burning offers the advantages of light
welght with thrust increases intermediate betwecn those for water
injection and bleedoff and of the lowest values of specific liguid
congumpticn. Tall-pipe burning may, however, involve some loss of
thrust during unaugnmented cperation. The combination of tail-pipe
burning plus water injection permits a flexible system, either
providing large amounts of augmentation with a moderate specific
liguid consumption or smwaller amounts with a low specific liquid
consumption, For continued operation at supersenic speedu, tail=-
plpe burning appecars to be the only augmentation;method of those
considered that increases the maximum range over that obtalned with
the ncrmal englne.
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